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The  Symposium  was  organised  at  this  time  because  of  the  continuing  need  for  design 
data  and  principles  relevant  to  the  flight  of  aircraft  and  missiles  at  high  angles  of  attack  and 
because  of  the  substantial  effort  that  had  been  devoted  over  recent  years  to  the  development 
of  aircraft  and  missiles  capable  r controlled  flight  at  high  angles  of  attack. 

Aerodynamics  spans  the  behaviour  of  air  vehicles  and  the  behaviour  of  fluids.  At  high 
angles  of  attack,  we  need  dynamic  stability  parameters  to  describe  the  behaviour  of  air 
vehicles  and  we  need  an  understanding  of  separated  flow,  usually  highly  3-dimensional  and 
often  unsteady,  to  describe  the  behaviour  of  the  air.  The  Symposium  made  it  clear  that  the 
present  state  of  knowledge  in  the  area  of  high  angle-of-attack  aerodynamics  is  descriptive  of 
the  dynamics  of  the  vehicle  and  of  the  fluid,  despite  the  needs  of  the  designer  for  rational 
methods  of  prediction. 

The  Round  Table  Discussion  included  pleas  for  attention  to  a large  number  of  problems 
and  principles,  some  of  which  are  mentioned  below. 

(a)  Well-designed  experiments,  in  which  theoretical  ideas  are  taken  into  account;  and 
a willingness  to  repeat  them. 

(b)  Further  development  of  methods,  leading  in  particular  to  the  prediction  of 
maximum  lift  coefficient  and  the  occurrence  of  vortex  breakdown. 

(c)  Closer  collaboration  between  practical  aerodynamicists  and  experts  in  fundamental 
fluid  mechanics. 

(d)  Attention  to  controllability,  rather  than  stability;  this  to  include  attention  to  the 
aerodynamics  of  control  surfaces. 

(e)  Acceptance,  by  the  designer,  of  the  largest  available  measurements  of  out-of-plane 
forces  where  asymmetric  separation  is  possible  on  configurations  at  high  angle  of 
attack. 

(0  Avoiding  prejudicing  the  low  incidence  behaviour  of  mi'itary  aircraft  in  the  pursuit 
of  carefree  manoeuvring. 

(g)  Attention  to  the  end  product,  which  is  an  air  vehicie  to  be  designed  and 
manufactured  in  a limited  time  scale. 

The  diversity  and  difficulty  of  the  problems  addressed  prevented  the  emergence  of  well- 
defined  technical  conclusions;  but  it  is  clear  that  many  of  the  topics  discussed  will  continue  to 
present  challenges  to  designers  and  research  woikers  for  many  years  to  come,  and  will  reappear 
in  future  Symposia  of  the  FDP. 
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EFFECT  OF  HIGH  ANGLES  OF  ATTACK  ON  DYNAMIC  STABILITY  PAR..METERS 


by 

K.J.  Or lik-Ruckemann 
Unsteady  Aerodynamics  Laboratory, 
National  Aeronautical  Establishment, 
National  Research  Council  of  Canada, 
Ottawa,  Ontario,  K1A  0R6 , 
Canada 


SUMMARY 

A review  is  presented  of  the  effects  of  flight  at  high  angles  of  attack  on 
dynamic  stability  parameters  and  their  significance  for  the  analysis  of  aircraft 
motion  at  those  flight  conditions.  The  review  is  based  primarily,  but  not  exclusively, 
on  the  material  presented  at  the  Spring  1978  FDP  Symposium  on  Dynamic  Stability  Para- 
meters. The  topics  discussed  include  (a)  the  strong  non-linear  variations  of  many 
stability  parameters  with  angle  of  attack,  (b)  the  emergence  of  new  categories  of 
parameters  such  as  cross-coupling  derivatives  that  are  only  of  interest  for  high 
angle-of -attack  or  other  asymmetrical  flight  conditions,  (c)  the  significance  of  time- 
dependent  parameters,  such  as  represented  by  derivatives  due  to  time  rates  of  change 
of  angles  of  attack  and  sideslip,  (d)  the  strong  configuration  dependence  of  aerodynamic 
characteristics,  as  illustrated  by  large  effects  of  strakes  and  of  various  shapes  of 
aircraft  forebody,  and  (e)  the  need  for  establishing  and  verifying  a mathematical  model 
that  would  satisfactorily  describe  the  motion  of  an  aircraft  in  the  presence  of  all 
these  high  anglv-of-attack  effects. 


0.  INTRODUCTION 

As  is  certainly  well-known  to  this  audience,  there  has  been  in  recent  years  a 
considerable  revival  in  our  interest  in  dynamic  stability  of  aircraft.  The  most  import- 
ant reason  for  this  revival  is  the  fact  that  flight  at  high  angles  of  attack  has  been 
found  to  have  dramatic  effects  on  the  various  dynamic  stability  parameters  and  this, 
in  turn,  often  has  significant, influence  on  the  flight  history  of  the  aircraft.  In 
recognition  of  this  renewed  interest,  the  Fluid  Dynamics  Panel  of  AGARD  has  recently 
held  a well  attended  and  very  successful  symposium  on  Dynamic  Stability  Parameters 
(Ref.  1) . Since  high  angle  of  attack  is  obviously  a key  element  in  that  field,  I have 
been  asked  to  review  some  of  the  material  presented  at  that  meeting  with  particular 
emphasis,  of  course,  on  the  problems  involving  high  angla-of-attack  aerodynamics. 

The  fact  that  this  presentation  has  been  selected  as  the  opening  paper  of  the  present 
symposium  does  not  necessarily  indicate  that  dynamic  stability  provides  the  most  import- 
ant manifestation  of  high-a  effects.  It  is  rather  the  result  of  an  obvious  effort  on 
the  part  of  the  Programme  Committee  to  provide  a continuity  and  a direct  link  between 
two  consecutive  meetings  of  the  Panel.  There  is,  however,  an  additional  arid  probably 
unintended  meaning  to  this  honorable  first-place  location.  And  this  has  to  do  with  the 
fact  that,  although  dynamic  stability  problems  probably  are  not  among  the  most  important 
worries  of  an  aircraft  designer,  high-a  aerodynamics  is  likely  to  have  much  more 
pronounced  effects  on  dynamic  or  unsteady  parameters  than  on  their  static  counterparts. 

So  from  this  point  of  view,  maybe  that  first  location  is,  after  all,  not  entirely 
undeserved . 

What  are  now  the  aerodynamic  phenomena  that  cause  that  kind  of  erfects  in  oscillat- 
ory flight  at  high  angles  of  attack?  Some  of  the  more  important  ones  are  listed  in 
Figure  1.  As  the  angle  of  attack  goes  from  small  to  moderate,  we  observe  flow  separation 
over  various  components  of  the  aircraft,  such  as  wings,  forebody  and  tail  surfaces.  As 
the  angle  of  attack  increases  further,  the  cross  flow  around  the  fuselage  becomes  more 
and  more  important  and  begins  to  sweep  the  boundary  layer  to  the  leeward  side  of  the 
body,  gradually  rolling  it  up  into  a pair  of  vortices.  As  the  angle  of  attack  increases 
even  more,  these  vortices  become  asymmetric.  At  about  tne  same  time  wing  leading-edge 
vortices  are  formed  (especially  on  delta  w>ings) , become  unstable  and  finally  break  down. 
This  vortex  burst  arrives  over  the  wing  at  the  trailing  edge  and  moves  forward  with 
increasing  angle  of  attack.  Furthermore,  the  body  vortices  and  the  flow  over  the  leeside 
of  the  wing  may  sometimes  strongly  interact  with  each  other. 

The  phenomena  listed  so  far  are,  of  course,  not  necessarily  associated  with  dynamic 
flight  conditions  but  occur  in  both  steady  and  oscillatory  flows.  What  makes  the 
oscillatory  flows  particularly  involved  is  the  introduction  of  the  time  element  into  this 
already  rather  complex  picture.  The  various  vortices  change  t-hoir  lateral  positions  as 
functions  of  angle  of  attack,  which  itselt  is  a function  of  time.  So  does  the  longitud- 
inal location  of  "fully  developed"  vortex  bursts.  The  various  components  of  the  aircraft, 
such  as  the  fin  and  the  horizontal  stabilizer,  move  in  and  out  of  local  flow  regions  in 
which  they  are  embedded.  To  make  matters  even  more  complex,  all  these  motions  take  place 
not  in  a manner  simultaneous  with  the  motion  of  the  aircraft,  but  with  a certain  delay, 
mainly  due  to  the  convective  time  lag,  which  in  turn  is  a function  of  the  distance 


of  the  station  under  consideration  from  the  station  at  which  a particular  flow  phenomenon, 
such  as  a vortex,  leaves  the  surface  of  the  aircraft.  Thus  aerodynamic  reactions  that 
are  both  in-phase  and  out-of-phase  with  the  motion  of  the  aircraft  can  be  expected  to 
materialize. 

It  should  be  noted,  that  although  for  an  aircraft  flying  at  high  angle  of  attack 
asymmetric  flow  may  occur  even  at  zero  nominal  sideslip  (as  discussed  above) , such  an 
asymmetric  flow  will  also  occur,  of  course,  at  lower  angles  of  attack  when  the  aircraft 
is  exposed  to  finite  angles  of  sideslip.  Since  such  a flight  condition  is  encountered 
quite  frequently,  the  remarks  in  this  paper  that  deal  with  the  effects  of  flow  asymmetries 
have  a rather  general  application.  It  should  also  be  mentioned,  that  the  phenomenon  of 
vortex  burst  is  quite  sensitive  to  the  sweep  angle  of  the  wing  and  therefore  in  also 
strongly  dependent  on  the  angle  of  sideslip.  For  instance,  even  if  an  aircraft  flies  at 
an  angle  of  attack  below  vortex  burst,  an  oscillatory  variation  in  the  instantaneous 
angle  of  sideslip  may,  under  some  circumstances,  cause  periodic  vortex  bursts  on  the 
wings.  High  angle  of  attack,  therefore,  is  to  some  extent  equivalent  to  a combination 
of  a somewhat  lower  angle  of  attack  and  a finite  angle  of  sideslip,  and  these  two  flight 
conditions  will  be  considered  together  in  the  remaining  part  of  this  paper. 

1.  NON-LINEARITIES 

Let  us  examine  the  effects  that  the  aforementioned  aerodynamic  phenomena  have  on 
dynamic  stability  parameters.  The  most  important  such  effects  are  (Figure  2) : (a)  very 
large  non-linear  variations  of  stability  parameters  with  the  angle  of  attack,  (b)  signif- 
icant static  and  dynamic  aerodynamic  cross-coupling  between  the  lateral  and  the  longitud- 
inal degrees  of  freedom,  (c)  various  time-dependent  and  hysteresis  effects,  (d)  strong 
conf iguration  dependence  of  some  stability  parameters,  and  (e)  need  for  more  sophisticated 
mathematical  modelling,  which  now  has  to  include  all  the  above  effects  and  may  even 
introduce  additional  stability  parameters. 

Soma  examples  of  the  non-linear  variations  of  dynamic  stability  derivatives  with 
angle  of  attack  and  the  rate  of  spin  are  given  in  the  next  two  figures.  In  Figure  3 
the  subf.onio  pitch  damping  and  yaw  damping  of  a wing-body  configuration  is  shown  as 
measured  at  NAE  (Ref.  2).  The  curves  amply  illustrate  both  the  magnitude  and  the  sud- 
dennesu  of  the  variations  with  angle  of  attack.  It  can  be  appreciated  that  if  the  angle 
of  attack  about  which  the  oscillation  takes  place  happens  to  be  in  the  region  where  a 
sudden  change  in  a derivative  occurs,  large  effects  of  the  amplitude  of  oscillation  may 
be  expected.  In  cases  like  this  the  derivative  concept  can  only  give  an  equivalent 
linearized  description  of  the  dependence  of  the  aerodynamic  reaction  on  the  variable  of 
motion  and  a better  mathematical  formulation  is  definitely  needed. 

Similar  non-lir.earities  in  damping  derivatives  were  measured  at  NASA  Langley 
(Ref.  3)  for  a fiyhter  aircraft  at  low  subsonic  speeds  and  are  shown  at  the  top  of 
Figure  4.  Tne  yaw  damping  derivative  exhibits  a very  sudden  and  very  large  unstable 
peak  at  angles  of  attack  around  60°.  This  is  usually  the  result  of  the  vortex  pattern 
that  is  associated  with  long,  pointed  forebodies.  The  roll  damping  derivative  shows 
marked  irregularities  and  a large  dependence  on  the  amplitude  of  oscillation  at  angles 
of  attack  between  25°  and  45°.  The  smaller  the  amplitude  of  oscillation,  the  more 
pronounced  is  the  local  instability  in  roil.  It  has  also  been  observed  (although  not 
shown  here)  that  a decreasing  oscillation  frequency  has  a similar  destabilizing  effect, 
indicating  that  the  governing  factor  for  this  phenomenon  is  the  maximum  angular 
velocity  in  roll  experienced  by  the  aircraft.  This  effect,  which  is  usually  the  result 
of  flow  separation  and  loss  of  lift  on  the  downward  wing,  is  often  responsible  for 
the  occurrence  of  wing  rock.  Finally  at  the  top  right  of  Figure  4,  the  non-linear 
variation  of  the  yawing  moment  with  the  rate  of  rotation  in  a riyht  spin  is  shown. 

Positive  values  of  Cn  contribute  to  the  driving  moment  in  the  spin  and  correspond  to 

positive  (destabilizing)  values  of  the  yaw  damping  derivative.  It  is  this  type  of 
dependence  of  the  stability  derivatives  on  i;.e  spin  rate  that  may  necessitate  the  intro- 
duction of  more  sophisticated  mathematical  models,  to  be  discussed  later'. 

Equally  dramatic  non-linearities  with  angle  of  attack  occur  alto  in  other  dynamic 
derivatives,  such  as  the  familiar  cross  derivatives  between  the  rolling  and  yawing 
degrees  of  freedom  shown  at  the  bottom  of  Figure  4.  It  is  interesting  to  note  from 
Ref.  4 that  the  angle  of  attack  at  which  these  peaks  occur  is  largely  independent  of 
both  the  wing  sweep  angle  and  the  presence  of  vertical  tails.  [The  height  of  the  peak, 
however,  is  decreased  when  the  vertical  tails  are  off  and  when  the  reduced  frequency  is 
increased.!  This  suggests  that  the  primary  mechanism  for  these  effects  is  associated 
with  the  existence  and  motion  of  the  forebody  vortices. 

A set  of  yawing  and  rolling  moment  derivatives  obtained  from  rotary-balance  experi- 
ments for  a current  combat  aircraft  (Ref.  5)  is  shown  in  Figure  5.  The  measured  roll 
damping  compares  favourably  with  flight  test  data  (up  to  20°),  but  shows  a non-linear 
behaviour  at  higher  angles  of  attack  which  is  different  from  estimates  based  on  static 
wing  pressure  measurements.  The  measured  yawing  moment  derivative,  on  the  other  hand, 
snows  a much  smoother  variation  with  angle  of  attack  than  the  predicted  one,  but 
exhibits  a well  pronounced  peak  totally  absent  in  the  estimates.  In  both  cases  the  non- 
linearities  are  oignif leant  and,  on  the  whole,  not  satisfactorily  predicted. 


2 , AERODYNAMIC  CROSS -COUPLING 

The  second  important  effect  of  high  angle  of  attack  on  dynamic  stability  consider- 
ations is  the  presence  of  aerodynamic  cross-coupling  (Figure  6)  caused  by  asymmetric 
flow  conditions,  .ws  already  mentioned,  asymmetric  flow  occurs  not  only  when  an  air- 
craft flies  at  non-zero  sideslip  but  also  when  it  flies  at  zero  sideslip  but  at  high 
angles  of  attack,  as  the  result  of  the  asymmetric  shedding  of  forebody  vortices.  In 
both  cases  we  may  expect  the  occurrence  of  secondary  lateral  aerodynamic  forces  and 
moments  in  response  to  a primary  pitching  maneuver  and  vice-versa,  the  onset  of  second- 
ary longitudinal  reactions  in  response  to  a primary  lateral  maneuver.  Due  to  various 
time  lags,  these  secondary  reactions  will  consist  of  components  that  are  both  in-phase 
and  out-of-phase  with  the  primary  motion,  and  will  give  rise,  therefore,  to  both  static 
and  dynamic  cross-coupling  effects.  In  the  first  approximation  such  effects  can  be 
described  by  introducing  the  concept  of  static  and  dynamic  croBB-aoupling  derivatives , 
These  quantities,  which  at  the  present  time  may  be  difficult  to  determine  theoretically 
or  from  flight  tests,  can  now  be  obtained  from  special  dynamic  experiments  in  a wind 
tunnel.  It  should  be  mentioned  also,  that  in  the  presence  of  significant  cross-coupling 
it  becomes  necessary  to  consider  the  lateral  and  the  longitudinal  equations  of  motion 
of  an  aircraft  simultaneously , and  not  in  two  separate  groups  as  often  done  in  the  past. 

To  gain  some  understanding  of  the  fluid  dynamics  phenomena  that  may  be  responsible 
for  aerodynamic  cross-coupling,  oil  visualization  of  the  surface  flow  is  often  found 
very  helpful.  In  Figure  7 (from  Ref.  2)  such  surface  flow  is  shown  for  an  aircraft- 
like configuration  at  an  angle  of  sideslip  of  10°  and  at  a Mach  number  of  0.7.  One 

can  see  one  of  the  primary  separation  lines  moving  from  one  side  of  the  model  to  the 
other  as  the  angle  of  attack  increases  from  12.5°  to  14°  and  then  to  17.5°.  This,  of 
course,  indicates  a corresponding  movement  of  one  of  the  forebody  vortices,  which  is 
located  just  above  and  a little  to  the  side  of  the  separation  line.  It  can  easily  be 
appreciated  that,  if  the  same  model  were  performing  an  oscillation  in  pitch  around  a 
mean  angle  of  attack  of  15°  and  with  an  amplitude  of  ±2.5°,  the  vortex  would  be  oscill- 
ating laterally  to  and  fro,  thereby  causing  lateral  aerodynamic  reactions  as  functions 
of  the  angle  of  attack.  Due  to  convective  time  lags  involved,  these  lateral  reactions 
are  both  in  phase  and  out  of  phase  with  the  model  motion,  giving  rise  to  both  static 
and  dynamic  derivatives  of  the  yawing  and  rolling  moments  and  the  side  force,  with 
respect  to  pitching.  An  additional,  and  at  least  as  important,  contribution  to  these 
derivatives  is  provided  by  the  highly  dissimilar  flow  over  the  two  wings  (and  highly 

dissimilar  changes  in  this  flow  with  angle  of  attack)  as  also  shown  in  Fig.  7.  And, 

of  course,  once  the  flow  becomes  basically  asymmetric,  there  is  no  longer  any  reason 
why  significant  derivatives  should  not  also  exist  in  the  opposite  direction,  i.e., 
derivatives  of  the  longitudinal  forces  and  moments  due  to  a lateral  motion,  such  as 
static  and  dynamic  pitching  moment  derivatives  due  to  yawing.  All  such  derivatives 
provide  aerodynamic  cross-coupling  between  the  lateral  and  the  longitudinal  degrees  of 
freedom  of  an  aircraft  and  are  called  therefore  aroee-ooupling  derivatives  (reserving 
the  name  of  cross  derivatives  for  the  traditional  derivatives  relating  the  two  lateral 
degrees  of  freedom,  such  as  the  rolling  moment  derivative  due  to  yawing  or  vice  versa) . 

In  most  cases,  the  determination  of  cross-coupling  derivatives  requires  access 
to  special-purpose  experimental  equipment.  Since  the  interest  in  this  type  of  derivatives 
is  of  a relatively  recent  date,  the  necessary  equipment  is  not  yet  generally  available 
and,  therefore,  very  little  experimental  data  have  so  far  been  accumulated.  One  set 
of  data,  on  the  same  aircraft-like  configuration  as  shown  on  the  flow-visualization 
pictures,  has  been  obtained  at  NAE  (Ref.  6),  and  some  examples  are  presented  in  Figure  8. 
At  the  top,  the  dynamic  yawing  and  rolling  moment  derivatives  due  to  pitching  are 
shown,  and  at  the  bottom,  the  pitching  moment  derivative  due  to  yawing.  In  all  cases 
the  derivatives  are  relatively  small  for  low  angles  of  attack  but  attain  large  values 
and  display  sudden  variations  at  angles  of  attack  of  16°  to  19°,  which  coincides  quite 
well  with  the  angle  of  attack  at  which,  according  to  the  flow  visualization  studies, 
one  of  the  separated  forebody  vortices  moves  over  the  fin.  Another  series  of  rapid  and 
large  variations  occur  for  angle  of  attack  of  31°  to  34°.  In  all  cas<is  both  the  level 
attained  and  the  suddonness  of  variations  is  much  larger  for  the  derivatives  of  the 
lateral  moments  due  to  pitching  than  for  the  pitching  moment  derivative  due  to  yawing. 

The  inclusion  of  dynamic  cross-coupling  terms  in  the  equations  of  motion  may  have 
large  effects  on  the  predicted  motion  time  history  as  shown  in  Figure  9,  where  the 
angular  rates  following  a sudden  perturbance  in  a of  0.05  rad.  are  presented  for  a hypo- 
thetical military  aircraft  in  a turning  flight  (Ref.  7).  Had  the  dynamic  cross-coupling 
terms  not  been  included,  the  rates  p,  r and  i would  have  remained  essentially  constant. 

It  was  shown  in  the  sensitivity  study  of  Ref.  7 that  among  the  dynamic  cross-derivatives 
considered,  the  derivatives  of  the  lateral  moments  due  to  pitching  were  particularly 
significant  and  in  some  cases  could  have  an  effect  on  the  predicted  motion  as  large  as 
that  of  some  of  the  well-known  damping  and  cross  derivatives.  Similar  results  were 
independently  obtained  in  Ref.  8. 

3.  TIME-DEPENDENT  AND  HYSTERESIS  EFFECTS 

In  addition  to  quasi-steady  effects,  such  as  represented  by  derivatives  of  various 
aerodynamic  reactions  due  to  angular  velocities,  we  have  to  consider  the  existence  of 
purely  unsteady  effects,  such  as  those  represented  by  derivatives  due  to  the  time  rate 
of  change  of  angular  deflections,  a or  6 (Fig.  10).  These  derivatives  have  been  known 
for  many  years,  since  they  constitute  part  of  the  dynamic  results  obtained  with  standard 


wind-tunnel  techniques  of  oscillation  around  a fixed  axis,  which  always  give  composite  > 

derivative  expressions  such  as  (C  + C^) • Up  to  now,  however,  it  was  standard  j 

practice  to  ignore  the  a and  B effects  (or  to  introduce  a simple  correction  for  them)  | 

and  to  use  the  composite  derivatives  in  place  of  the  purely  rotary  ones.  At  low 

angles  of  attack  the  error  introduced  by  such  a procedure  was  often  small  and  the  i 

simplification  large  enough  to  be  justifiable.  < 

At  higher  angles  of  attach,  however,  the  a and  B effects  unfortunately  become  j 

quite  substantial  and  can  no  longer  be  ignored  or  corrected  for  in  a simple  fashion. 

This  is  illustrated  in  Figure  11,  where  the  composite  derivatives  obtained  from  ] 

oscillatory  experiments  around  a fixed  axis  are  compared  with  purely  rotary  derivatives 
obtained  from  experiments  in  a curved  or  rotating  flow  for  two  fighter  aircraft  (Refs. 

9 and  10) . The  difference  between  each  set  of  results  represents  the  unsteady  effects 
due  to  the  time  rate  of  change  of  the  angular  deflection  (in  this  case  the  angle  of 
sideslip)  and  becomes  quite  significant  for  higher  angles  of  attack. 

Derivatives  due  to  the  time  rate  of  change  of  angular  deflections  are  aerodynamic- 
ally  equivalent  (in  the  first  approximation)  to  derivatives  due  to  translational 
acceleration  in  the  same  plane  of  motion.  This  fact  renders  them  of  high  interest  for 
aircraft  designs  using  direct-lift  or  direct-sideforce  controls  and  also  makes  it 
possible  to  determine  them  experimentally  using  a translational  oscillatory  motion  in 
the  vertical  or  lateral  direction  (Ref.  11). 

High  angle-of-attack  flow  phenomena  such  as  asymmetric  vortex  shedding  and  vortex 
breakdown  (burst)  are  very  sensitive  to  small  variations  in  both  a and  B.  This  is 
frequently  responsible  for  aerodynamic  hysteresis  effects.  Figure  12  shows  an  a-hyster- 
esis  in  the  variation  of  location  of  the  vortex  burst  on  a delta  wing  (Ref.  12)  and 
an  example  of  B-hysteresis  in  the  variation  of  lateral  aerodynamic  coefficients  for 
an  aircraft  configuration  (Ref.  10) . In  the  presence  of  such  hysteresis  effects  the 
dynamic  characteristics  of  an  aircraft  can  be  expected  to  be  strongly  dependent  on 
both  the  amplitude  and  the  frequency  of  oscillation.  When  conducting  experiments  in 
the  critical  range  of,  say,  25a<a<40l>,  it  is  advisable  to  obtain  data  (both  static 
and  dynamic)  in  very  small  increments  of  angle  of  attack. 

4.  CONFIGURATION  DEPENDENCE 

The  vortex  pattern  that  exists  around  an  aircraft  configuration  at  high  angles  of 
attack  is  very  sensitive  to  even  small  change*  in  aircraft  geometry.  A particularly 
critical  part  of  the  aircraft  is  the  forebody,  and  especially  the  nose  itself,  which  is 
the  area  where  the  body  vortices  are  formed.  An  example  is  presented  in  Fig.  13,  where 
the  effect  of  a flat,  broad  nose  {called  the  "Shark  Nose")  developed  by  Northrop  (Ref. 

10) , on  the  variation  with  angle  of  attack  of  the  dynamic  directional  stability  parameter, 

C a , is  shown.  The  Shark  Nose  geometry  attenuates  the  unfavourable  local  reduction  in 
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that  parameter  and  at  the  same  time  extends  this  favourable  influence  on  stability  to 
somewhat  lower  angles  of  attack.  It  has  also  been  demonstrated  in  Reference  10  (but  is 
not  shown  here)  that  the  presence  of  Shark  Nose  enhances  greatly  the  directional 
stability  at  small  non-zero  angles  of  sideslip  (|B|<5#). 

The  most  common  method  of  ensuring  a symmetrical  shedding  of  forebody  vortices  at 
zero  sideslip  is,  of  course,  the  use  of  forebody  strakes.  Although,  when  used  alone, 
these  strakes  often  prevent  the  formation  of  a Unique  vortex  pattern  at  non-zero  sideslip, 
thereby  seriously  reducing  the  directional  stability  of  the  configuration,  they  can  be 
amazingly  effective  when  used  in  combination  with  a suitable  nose  geometry.  Figure  13 
presents  the  effect  of  the  Shark  Nose  used  together  with  a particular  leading  edge 
extension  (LEX) , which  can  be  considered  to  be  a form  of  atrake.  It  can  be  seen  that 
the  negative  peak  in  C is  almost  totally  eliminated  and  that  the  favourable  influence 
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on  stability  now  extends  to  both  lower  and  higher  values  of  angle  o£  attack. 

The  effect  of  strakes  (or  leading  edge  extensions)  on  various  dynamic  stability 
derivatives  is  presented  in  Figure  14.  In  all  cases  the  addition  of  strakes  reduces  the 
magnitude  of  derivatives,  practically  eliminates  non-linearities  with  angle  of  attack  in 
the  range  investigated  (except  for  pitch  damping  derivative) , and  makes  the  derivatives 
independent  of  reduced  frequency  (Ref.  13).  The  dynamic  yawing  derivative  due  to  rolling 
becomes  essentially  zero.  The  negative  damping  in  roll  (for  a>13°) , in  pitch  (for 
12°<a<23#)  and  in  yaw  (for  o>ll*)  completely  disappear. 

As  is  well-known,  however,  strakes  do  have  certain  disadvantages.  Their  successful 
development  for  a particular  application  may  require  much  trial  and  error.  They  often 
adversely  affect  the  directional  stability.  If  mounted  near  the  tip  of  the  nose  radome, 
they  may  disturb  the  radar  operations.  The  strake  vortices  may  adversely  interact  with 
aircraft  components  further  downstream,  such  as  air  intakes  or  control  surfaces.  There- 
fore, alternative  approaches  continue  to  be  of  high  interest. 

One  such  recent  approach  makes  use  of  "helical  trips"  on  the  forebody,  as  illustrated 
in  F'g.  15.  According  to  Ref.  14,  the  concept  of  such  a device  is  based  on  the  idea  of 
distributing  the  shed  vorticity  along  the  forebody,  thereby  preventing  its  concentration 
into  discrete  vortices.  The  trip  must  be  located  relative  to  the  boundary  layer  flow  in 
such  a way  as  to  maximize  the  chances  of  flow  separation  at  angles  of  attack  of  interest 
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(that  is  at  angles  of  attack  at  and  above  the  value  where  the  onset  of  flow  asymmetry 
would  otherwise  occur  on  the  basic  configuration) . It  can  be  seen  from  Figure  15  that 
the  helical  trip  is  quite  successful  in  alleviating  the  onset  of  asymmetry  on  both  body 
alone  and  wing-  body  configurations;  in  addition,  it  maintains  lateral  stability  of  a 
■ wing-body-tail  configuration  in  the  entire  range  of  angle  of  attack  investigated  (while 

t-he  basic  configuration  displays  a sudden  decline  in  lateral  stability  for  a>30°) . 

It  should  be  noted  that  both  strakes  and  helical  trips,  if  used  in  single  pairs, 
rapidly  lose  efficiency  as  the  banking  angle  increases;  such  devices  would  therefore 
be  of  little  use  on  bodies  which  have  to  rotate  in  roll  at  high  angles  of  attack,  such 
' as  certain  missiles  and  projectiles. 

5.  MATHEMATICAL  MODELLING 

The  mathematical  modelling  used  in  most  countries  at  the  present  time  to  describe 
the  aircraft  flight  history  applies  strictly  to  flight  at  small  to  moderate  angles  of 
: attack,  where  non-linearities  are  small,  time-dependent  effects  insignificant  and  aero- 

> dynamic  cross-coupling  non-existent.  A much  more  sophisticated  modelling,  which  would 

include  all  the  above  effects,  is  obviously  required  for  a satisfactory  description  of 
flight  at  high  angles  of  attack.  In  addition,  at  very  nigh  angles  of  attack,  a satis- 
factory representation  of  spinning  or  coning  is  also  required. 

Substantial  progress  has  already  been  made  in  some  of  these  areas.  A generalized 

formulation  which  includes  the  non-linear  pitch-yaw -roll  coupling  and  non-linear  coning 
rates  is  now  available  (P.ef.  15).  Time-history  effects  have  recently  been  included  in 

that  formulation  (Ref.  16) . Among  things  r.till  to  be  done  is  an  adequate  modelling  of 

sudden  variations  of  aerodynamic  reactions  with  angle  of  attack  and  other  variables,  and 
a satisfactory  verification  of  some  of  the  more  advanced  mathematical  models.  The 
verification  should  be  conducted  by  determining  a complete  set  of  stability  parameters 
for  a particular  configuration,  by  predicting  a series  of  rather  extreme  maneuvers, 
and  by  comparing  them  with  the  actual  flight  histories.  Although  the  verification 
should  be  sought  at  the  lowest  necessary  level  of  sophistication  of  the  mathematical 
model,  it  is  almost  certain  that  at  high  angles  of  attack  such  a model  must  include 
non-linear  and  time-dependent  terms.  One  of  the  principal  difficulties  in  conducting 
such  a verification  at  the  present  time  is  the  lack  of  complete  static  and  dynamic  aero- 
dynamic data  for  the  required  test  cases. 

For  low  to  moderate  angles  of  attack  stability  criteria  in  general  use  include 
parameters  such  as  C „ and  LCDP  (Lateral  Control  Departure  Parameter) . Recently 
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these  criteria  have  been  extended  (Ref.  17)  to  include  non-linear  aerodynamics  and  non- 
zero moments  at  zero  sideslip.  However,  only  static  aerodynamic  cross-coupling  has  so 
far  been  considered,  although  plans  exist  to  expand  the  analysis  to  also  include  the 
dynamic  cross-coupling. 

6.  SOME  IMPORTANT  DIRECTIONS  FOR  FUTURE  WORK 

Although  the  manifestations  of  the  high-angle-of -attack  or  asymmetrical  flows  in 
terms  of  their  effects  on  dynamic  stability  parameters  are  slowly  becoming  known,  the 
nature  of  these  flows  - especially  in  oscillatory  or  unsteady  situations  - is  still 
largely  undefined.  A satisfactory  understanding  of  the  one-to-one  relation  between  the 
causative  fluid  dynamics  phenomenon  and  the  resulting  effect  on  dynamic  stability  para- 
meters is  in  most  cases  lacking.  More  research  into  the  basic  fluid  dynamics  aspects  of 
dynamic  stability  problems,  especially  at  high  angles  of  attack,  is  therefore  needed. 

Much  of  such  research  will  have  to  be  based  on  experimental  work  in  wind  tunnels. 

Our  understanding  of  the  wind-tunnel  and  support  interference  effects  on  oscillatory 
experiments  is  sadly  inadequate  and  at  high  angles  of  attack  is  simply  non-existent. 

Much  work  is  needed  in  this  area  and  there  should  be  very  good  possibilities  for 
cooperative  programmes  involving  several  organizations  or  countries. 

Sets  of  aerodynamic  data,  as  complete  as  possible,  on  stability  parameters  at  high 
angles  of  attack  are  urgently  needed  to  provide  input  for  verification  of  some  of  the 
existing  mathematical  models  as  well  as  sufficient  material  for  development  of  more 
advanced  models,  if  required. 

Pending  satisfactory  development  and  verification  of  these  models,  preference  should 
be  given  in  dynamic  stability  testing  at  high  angles  of  attack  to  direct  methods.  In 
such  methods  the  measurement  is  based  on  an  assumed  relation  (which  may  be  non-linear 
or  of  higher  order)  between  the  aerodynamic  reaction  to  be  determined  and  the  causative 
primary  motion  and  is  totally  independent  on  the  remaining  parts  of  the  equations  of 
motion.  The  results  of  such  measurements  may  be  expected  to  be  valid  for  any  formulation 
of  these  equations  as  long,  of  course,  as  the  principle  of  superposition  is  still 
applicable,  that  is  as  long  as  the  concept  of  stability  derivatives  can  be  used. 
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OSCILLATORY  STEADY  AND  OSCILLATORY 

PHENOMENA  PHENOMENA 


SOME  AERODYNAMIC  PHENOMENA  ASSOCIATED  WITH 
OSCILLATORY  FLIGHT  AT  HIGH  ANGLES  OF  ATTACK 

• SEPARATED  FLOWS  OVER  WINGS  AND  TAIL  SURFACES 
•SEPARATED  FLOW  OVER  FOREBODY 

l* CROSS- FLOW  EFFECTS 

/•FORMATION  AND  SHEDDING  OF  FOREBODY  VORTICES 

• ASYMMETRIC  VORTEX  SHEDDING 

• INTERACTION  OF  FOREBODY  VORTICES  WITH  SEPARATED 
WING  FLOW 

•LEADING  EDGE  VORTICES  AND  VORTEX  BURSTS 

(•OSCILLATORY  MOTION  OF  VORTICES 

LONGITUDINAL  OSCILLATION  OF  VORTEX  BURST  LOCATION 

\*  RELATIVE  OSCILLATORY  MOTION  OF  A/C  COMPONENTS 
f AND  EMBEDDED  FLOW  REGIONS 

l • CONVECTIVE  TIME  LAGS 

FKL.l 


EFFECTS  OF  HIGH  ANGLES  OF  ATTACK 
ON  DYNAMIC  STABILITY  PARAMETERS 

• NON-LINEARITIES 

• AERODYNAMIC  CROSS  COUPLING 

• TIME-DEPENDENT  AND  HYSTERESIS  EFFECTS 

• STRONG  CONFIGURATION  DEPENDENCE 

• NEED  FOR  ADVANCED  MATHEMATICAL  MODELS 


EJLLJi 


NON- LINEARITIES 


• DYNAMIC  STABILITY  PARAMETERS  ARE  FUNCTIONS  OF  a,  A & 

• AMPLITUDE  EFFECTS  MAY  BE  IMPORTANT 

• DERIVATIVE  CONCEPT  MAY  BE  INADECUATE 

EXAMPLES 


SUBSONIC  DAMPING  DERIVATIVES  FOR  A WING" BODY 
CONFIGURATION;  M*0.7 

NAE  (REF.  2) 

FIG.  5 


NON-LINEARITIES 
EXAMPLES  (CONT.) 


LOW-SUBSONIC  DAMPING  DERIVATIVES  AND  YAWING  MOMENT 
FOR  A FIGHTER  AIRCRAFT 

NASA  LANGLEY  (REF  3) 


LOW-SUBSONIC  CROSS  DERIVATIVES  FOR  A SWEPT-WIN6  FIGHTER 
AIRCRAFT.  NASA  LANGLEY  (REF.  4) 


FIG,  4 


NON-LINEARITIES 


EXAMPLES  (CONCL.) 


— - ROTARY  DERIVATIVE  RIG  DATA 

AERODYNAMIC  DEPT.  ESTIMATES 

(0< a <20°  FLIGHT  TEST  DATA,  M<0.5 

a >20°  WING  PRESSURE  DATA) 

ROLLING  AND  YAWING  MOMENT  DERIVATIVES  DUE  TO  ROLLING 
FOR  A CURRENT  COMBAT  AIRCRAFT  (ALL  DERIVATIVES  IN 

WIND  AXES)  - BAC  (REF.  5) 

EIL  5 


AERODYNAMIC  CROSS-COUPLING 

• ASYMMETRIC  FLOW  CAN  RESULT  FROM  * 

• FLIGHT  AT  NONZERO  SIDESLIP 

• FLIGHT  AT  ZERO  SIDESLIP  BUT  HIGH  ANGLE  OF  ATTACK 

• IN  ASYMMETRIC  FLOW  LATERAL  AERODYNAMIC  REACTIONS  MAY 
MATERIALIZE  AS  RESULT  OF  A PITCHING  MANEUVER  AND  VICE 
VERSA,  LONGITUDINAL  REACTIONS  AS  RESULT  OF  A LATERAL 
MANEUVER 

• DUE  TO  VARIOUS  PHASE  LAGS,  REACTIONS  BOTH  IN- PHASE  AND 
OUT-OF-  PHASE  WITH  THE  PRIMARY  MOTION  CAN  BE  EXPECTED. 
THIS  CAUSES  STATIC  AND  DYNAMIC  CROSS-COUPLING  EFFECTS. 

• IN  THE  PRESENCE  OF  CROSS  - COUPLING , THE  LATERAL  AND 
LONGITUDINAL  GROUPS  OF  EQUATIONS  OF  MOTION  HAVE  TO  BE 
CONSIDERED  SIMULTANEOUSLY 


E1G.  St 


AERODYNAMIC  CROSS- COUPLING 


SURFACE  FLOW  ON  A SCHEMATIC  AIRCRAFT  CONFIGURATION.  M«0.7 

NAE  (REF  2) 

EHL--Z 


AERODYNAMIC  CROSS-COUPLING 


*2  2.or 
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DYNAMIC  CROSS-COUPLING  MOMENT  DERIVATIVES  DUE  TO  PITCHING 
AND  YAWING  FOR  AN  AIRCRAFT-LIKE  CONFIGURATION.  M»0.7;  £»5* 

NAE  (REF.  6)  ' 


fig,  a 


ANGULAR  RATE 


AERODYNAMIC  CROSS-COUPLING 


NOTE  1:  ANGULAR  RATES  FOR  THE  UNPERTURBED  CASE  REMAIN  CONSTANT 
AND  ARE  DENOTED  BY  p0.  q0,  rQ. 


NOTE  2:  WITH  ALL  AERODYNAMIC  CROSS  COUPLING  DERIVATIVES  EQUAL 

TO  ZERO,  THE  RATES  p,  r,  AND  (t  REMAIN  ESSENTIALLY  CONSTANT  WHEN 
PERTURBED  IN  a 


EFFECT  OF  DYNAMIC  CROSS  "COUPLING  TERMS 
FOR  A MILITARY  AIRCRAFT  IN  2g  TURNING  FLIGHT; 
LOCALLY  LINEARIZED  COEFFICIENTS;  a.  = 33° 
SANDIA/NAE  (REF.  7) 


TIME -DEPENDENT  DERIVATIVES 


• NEEDED  TO  SEPARATE  EFFECTS  DUE  TO  PURE  ROTATION  (such 
as  q)  AND  TIME  RATE  OF  CHANGE  OF  ANGULAR  DEFLECTION 
(such  as  d)  IN  THE  SAME  PLANE  OF  MOTION,  WHICH  IN  STANDARD 
OSCILLATORY  EXPERIMENTS  APPEAR  TOGETHER 


• TIME  RATE  OF  CHANGE  OF  ANGULAR  DEFLECTION  IS  AERO- 
DYNAMICALLY  EQUIVALENT  TO  TRANSLATIONAL  ACCELERATION 
IN  THE  SAME  PLANE  OF  MOTION  (d  = wV) 


• TRANSLATIONAL  ACCELERATION  DERIVATIVES  OF  INTEREST  FOR 
AIRCRAFT  USING  DIRECT-LIFT  OR  DIRECT-SIDEFORCE  CONTROLS 


FIG.  IQ 


ft'- DERIVATIVES 
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REFERENCE  10 


DIFFERENCE  BETWEEN  PURELY  ROTARY  AND  OSCILLATORY 
DERIVATIVES  REPRESENTING  DERIVATIVES  DUE  TO  TIME  RATE 
OF  CHANGE  OF  ANGLE  OF  ATTACK  OR  SIDESLIP. 


FiiL.Il 


POSITION  OF  VORTEX,  >A 


HYSTERESIS  EFFECTS 


LATERAL  AERODYNAMIC  COEFFICIENTS  AS 
FUNCTION  OF  ANGLE  OF  SIDESLIP  (REE  10) 


VORTEX  BURST  LOCATION  ON 
A DELTA  WING  (REF.  12) 


AERODYNAMIC  HYSTERESIS  IN  A REGION  OF  VORTEX 

BREAKDOWN 

F.HLJ2 


CONFIGURATION  DEPENDENCE 

SHARK  NOSE  AND  LEADING  EDGE  EXTENSION  (LEX) 

NORTHROP  (REF.  10) 
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SHARK  NOSE  GEOMETRY  Wg  LEX  GEOMETRY 
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CONFIGURATION  DEPENDENCE 


EFFECT  OF  STRAKES  (M8B/ONERA  - REF  13) 
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ROLLING  PITCHING  YAWING 
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CONFIGURATION  DEPENDENCE 

HELICAL  TRIPS  (OLD  DOMINION  UNIV.,  VIRGINIA  “ REF  14) 
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HIGH  ANGLE  OF  ATTACK  CHARACTERISTICS  OF  DIFFERENT  FIGHTER  CONFIGURATIONS 


by 


H.  John  and  W.  Kraus 

Me3serschmitt-Bttlkow-Blohm  GmbH,  Munich,  Germany 


SUMMARY 

Increased  manoeuverability  at  the  lower  end  of  the  flight  envelope  offers  new  and 
attractive  possibilities  for  fighter  aircraft.  To  extend  the  flight  regime  at  low  speed3 
up  to  high  angles  of  attack  beyond  maximum  lift  requires  the  ability  to  trim  and  control 
the  aircraft  and  by  this  avoid  departure  and  spin  susceptibility  at  those  conditions. 

The  paper  reviews  basic  aerodynamic  characteristics  of  different  fighter  conf igurr.'cions 
at  separated  flow  beyond  maximum  lift  where  the  resultant  derivatives  ars  completely 
different  from  those  associated  with  attached  flow.  The  change  in  trim  conditions  is 
primarily  dependant  on  wing  planform  and  overall  aircraft  configuration.  Results  ere 
shown  about  the  aerodynamic  development  of  aircraft  configuration  which  meet  these  re- 
quirements and,  at  the  same  time,  minimize  the  resulting  drag  penalties  in  the  conven- 
tional angle  of  attack  regime. 

Furthermore  problem  areas  and  deficiencies  must  be  identi " led  to  allow  the  definition 
of  concepts  for  stabilizing  such  configurations  artificially  by  aid  of  the  flight  con- 
trol system.  It  will  be  shown  that  an  auxiliary  momentum  generating  system  will  be  ne- 
cessary for  controlling  the  aircraft  at  flight  conditions  where  aerodynamic  control  power 
is  not  sufficient. 
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mean  aerodyn.  chord 
lift  coefficient 
rolling  moment  coefficient 
roll  stability 

coupled  rolling  moment  due  to  rudder  deflection 
roll  control  power  due  to  aileron  deflection 
yawing  moment  coefficient 
directional  stability 

yaw  control  power  due  to  rudder  deflection 

coupled  yawing  moment  due  to  aileron  deflection 

gravitational  conotant 

load  factor 

dynamic  pressure 

coordinates 

Mach  number 

Reynolds  number 

angle  of  attack 

side  slip  angle 

upwash  angle  at  canard  position 

downwash  angle  at  tail  position 

rudder  deflection 

canard  deflection 

tail  deflection 

wingeron  deflection 

dihedral  angle 

aileron  deflection 

angular  velocities 

angular  acceleration 
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Indices 

L.E.  leading  edge 

T.E.  trailing  edge 


Abbreviations 


ACT 

CCV 

FCS 

PST 

LCDP 

cnPDyn 


Active  Control  Technic 
Configuration  Controlled  Vehicle 
Flight  Control  System 
Poststall 

Lateral  Control  Departure  Parameter 
Directional  Departure  Parameter 


All  derivatives  shown  are  given  in  the  body  axis  system. 
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1 . INTRODUCTION 

1 . 1 Design  goal 

During  the  last  few  years  new  fighter  airplanes  have  been  introduced  into  service  and 
have  been  extensively  flight  tested  at  high  angles  of  attack  and  low  speeds.  Pilots  have 
found,  that  by  flying  above  a ■ 30°,  they  effectively  convert  the  aircraft  into  a fly- 
ing speed  brake.  This  effect  permitted  pilots  to  quickly  discover  the  advantages  of 
high  a flight  in  the  dog  fight  arena. 

Consequently  it  will  be  highly  desirable  for  the  next  generation  of  fighter  airplanes 
to  abandon  any  angle  of  attack  limitation  at  low  speeds.  The  design  goal  will  be  not  only 
to  fly  the  aircraft  beyond  the  conventional  stall  limits,  but  also  to  provide  a fully 
manoeuverable  aircraft  in  the  "Poststall"  region.  This  new  capability  will  be  called  PST- 
capability  in  the  following  context. 

Figure  1 shows  the  PST  area  in  an  altitude-Machnumber  diagram.  At  the  high  Machnumber  end 
the  PST  boundary  is  given  by  the  9g  structural  limit  corresponding  to  cLmax.  At  the 

lower  Machnumber  end,  the  limit  shown  is  set  up  by  manoeuver  boundaries,  which  result 
from  the  requirements  for  coordinated  flight  at  PST.  Outside  this  area  the  aircraft  can 
still  be  flown  but  at  reduced  control  rates  only. 

The  control  requirements,  in  terms  of  angular  accelerations  about  all  three  axes,  have 
been  defined  as  follows: 


| constant  for  all 
[ angles  of  attack 


o roll  acceleration  varies  with  angle  of  attack,  dependent  on  control  law 
designed  into  flight  control  system,  <i>  - til  • ctg  a , which  allows  co- 

ordinated turns  at  high  angles  of  attack. 

The  requirements  for  pitch  and  yaw  control  acceleration  are  of  such  magnitude,  that  for 
low  dynamic  pressures  an  additional  momentum  system  will  be  needed.  Trade  studies  have 
shown  that  a gimbaled  nozzle,  which  provides  vectored  thrust  control  about  all  3 axes,  is 
the  best  solution  to  the  problem.  There  will  be  no  detailed  discussion  about  the  vectored 
nozzle  design  in  this  context. 

At  medium  and  higher  dynamic  pressures,  aerodynamic  forces  and  moments  have  a large  con- 
tribution to  the  overall  six  degree  of  freedom  behavior  at  Poststall.  All  requirements 
for  the  controllability  are  always  set  up  out  of  a trimmed  condition.  Therefore  an 
additional  requirement'*for  the  aerodynamic  design  iB,  that  the  aircraft  must  be  trimmable 
aerodynaraically  uj^Jto  a - 70°  angle  of  attack. 

Requirements  in  terms  of  stability  about  all  three  axes  do  not  exist;  but  stability  would 
be  helpful  about  the  roll  and  yaw  axes. 

Due  to  the  application  of  "Active  Control  Technic"  (ACT/CCV)  by  use  of  the  "Flight  Control 
System"  (FCS)  artificial  stability  can  be  provided  as  long  as  sufficient  controllability 
is  available. 


pitch  acceleration 
rad 


1.5 


■*  sec' 

yaw  acceleration 
rad 


to  „ * 0.5 
z 


sec4 
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Selection  criteria 


Since  it  can  be  expected,  that  different  configurations  will  have  advantages  and  disad- 
vantages with  respect  to  different  problem  areas,  a priority  list  of  criteria  has  to  be 
defined  to  assist  1$,  the  final  decision  process.  The  following  ranking  was  set  up: 

1.  Optini^  conventional  performance. 

This  means  the  configuration  has  to  have  the  most  favorable  drag  standard  by 
applying  optimum  instability  margin  to  obtain  best  Induced  drag  polars  and  mini- 
mum surface  distribution. 

2.  Controllability. 

The  configuration  must  be  trimmable  and  controllable  up  to  a = 70°.  The  additional 
momentum  system  shall  be  used  for  control  purposes  only. 

3.  Stability. 

Deficiencies  in  roll  and  yaw  stability  shall  be  as  small  as  possible.  To  assist 
in  judging  the  lateral  stability,  criteria  developed  by  R.  Weissmann  (1),  the 
so-called  "Directional  Departure  Parameter"  |c  pD  ) and  the  "Lateral  Control  De- 
parture Parameter"  (LCDP)  have  been  used.  ^ ” 

1.3  Approach  for  Solution. 

Since  a theoretical  prediction  of  derivatives  in  the  range  between  30°<  ot  <90°  is  nearly 
impossible,  a selection  of  a suitable  configuration  according  to  the  above  given  criteria 
can  only  be  done  on  the  basis  of  windtunnel  test  results.  For  this  purpose  in  1977  an  ex- 
perimental program  has  been  defined  by  use  of  a modular  windtunnel  model  (compare  figure 
2).  For  the  definition  of  model  parameters,  literature  studies  and  results  of  pilot  models 
(2,  3,  4)  have  been  used. 


Those  results  lead  to  a delta  wing  with  ipLE  «=  59°  leading  edge  sweep  and  a trapezoidal 
wing  with  ip._  » 32°  sweep  angle.  Further  configuration  elements  are: 

For  the  delta  wings  see  figure  2 and  3 top. 

o Nose-  and  trailing  edge  flaps 

o Canard,  all  movable  from  +30  to  -90° 

differential  deflection  possible 
2 z-positions,  variable  dihedral  angle 
4 planforms 


o wingerons  (part  of  wing  movable;  see  figure  3 top) 


o underwing  fins  with  rudder, 

at  the  same  time  end  plats 
and  fixing  device  for  wingeron 


can  be  used 
combined  only 


For  the  trapezoidal  wing:  see  figure  2 and  3 bottom 


o Nose-  and  trailing  edge  flaps 

o t.aileron,  all  movable  from  +30°  to  -90° 

2 z-positions,  3 dihedral  angleB 

3 planforms 

differential  deflection  possible 

o Different  strakes 

o vented  fins  (see  figure  3 bottom) 

mounted  on  a strut,  which  connects  wing  and  taileron 


Elements  for  both  wings: 


o Fin  variation 

Single  fin  mounted  on  fuselage  center  line 

double  fins  mounted  on  fuselage  edges 
ventral  fins  mounted  on  fuselage  edges 
and  appropriate  variation  in  x-position 
and  dihedral  angle. 

o Spoilers  on  and  below  wing 

o Cockpit  variation 

o Intake  modifications 


1 
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< 
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A. 


Most  of  the  additional  model  parts  were  selected  and  defined  for  improvement  of  con- 
trollability at  high  angles  of  attack. 


These  model  parts  allow  establishment  of  5 basic  configurations: 

o a delta  wing  see  also  Foto  1 

o a delta  wing  with  wingerons 

and  fins  below  the  wing  Foto  2 

o a delta  wing  with  canard  Foto  3 

o a trapezoidal  wing  with  tail  Foto  4 


a trapezoidal  wing  with  tail 
and  vented  fins 


Foto  5 


Due  to  the  additional  model  parts  a wide  variation  of  interesting  parameters  could  be  in- 
vestigated to  provide  a complete  survey  about  the  aerodynamic  characteristics  at  high 
angles  of  attack.  Tests  were, performed  in  the  5 m x 7 m Low  Speed  Windtunnel  in  Emmen 
Switzerland  at  Rn  « 3.0  • 10°  for  the  delta  wing  and  Rfi  = 1.6  * 10°  for  the  trapezoidal 

wing  respectively.  Derivatives  are  given  in  the  body  axis  system. 


2.  LONGITUDINAL  CHARACTERISTICS 

2.1  Tail  Configuration 

Of  basic  influence  in  the  total  a -regime  on  the  trim  and  controlpower  at  various  sta- 
bility margins  is  the  downwash  angle  eH  versus  a as  shown  in  top  of  figure  4.  Up  to 

amax  t*le  characteristic  is  as  expected.  Right  at  the  downwash  angle  drops  accord- 

ing to  the  loss  in  circulation.  But  after  this  drop  a second  smaller  rise  can  be  seen, 
which  is  due  to  the  displacement  effect  of  the  separated  flow  running  off  the  wing.  This 
displacement  of  the  wake  of  the  wing  produces  a downwash  angle  at  the  position  of  a short 
coupled  tail. 

The  maximum  respectively  minimum  usable  tailangle  Ti  „ by  use  of  the  downwash  angle  e„,  can 
be  written 

^ Hmax  - EH>  + aeff  max 

^ Hmin  "<a  “ eh>  - aef f max' 

wherein  ae£f  max  is  defined  as  the  planform  dependent  maximum  angle  of  attack  at  free 
flow  conditions.  Outside  of  11  Hminal,H  ‘^Hmax  no  trim  or  c°ntto1  power  in  pitch  is  avail- 
able for  the  respective  configuration. 

Starting  from  the  c„  -characteristic  of  the  trapezoidal  wing,  the  trim  and  control  power 
not 

margin  can  be  seen,  after  plotting  the  11  llm^n  and  Hjtoax  boundaries  on  top  of  it.  Comparing 

the  pitching  characteristic  of  a 5 % stable  and  a 5 % unstable  center  of  gravity  location, 
as  shown  in  figure  4,  it  can  be  seen,  that  at  medium  angles  of  attack  there  exists  a gap 

for  the  unstable  configuration,  where  no  trim  condition  can  be  obtained  and  no  control 

power  will  be  available.  For  the  stable  configuration  there  is  no  problem  area  in  terms 
of  trim  and  control  power.  , 

»« 

Unfortunately  establishment  of  a minimum  induced  drag  polar  requires  a 5 % unstable  con- 
figuration. This  means  that  for  the  trapezoidal  wing  configuration  as  tested  criterion  1 
and  2 are  contradicting;  in  other  words:  when  high  angles  of  attack  have  to  be  trimmed  an 

optimum  induced  polar  cannot  be  reached  for  this  configuration. 


2.2  Canard  Configuration 

For  a canard  configuration  the  corresponding  problem  area  is  the  wing  upwash  at  the  canard 
position  as  shown  in  top  of  figure  5.  The  upwash  eE  increases  up  to  amax  w*ng 

and  remains  constant  for  the  rest  of  the  a -regime.  Transforming  this  information  into  a 
trimchart,  as  can  be  seen  from  the  bottom  of  figure  5,  there  is  for  the  stable  canard 
configuration,  comparable  to  the  unstable  tail  configuration,  no  trim  and  control  power 
available  from  medium  angles  of  attack  on.  The  unstable  configuration  has  good  trim  and 
control  power  margins  throughout  the  total  angle  of  attack  range. 

Furthermore  there  is  an  advantage  for  a canard  configuration,  when  using  a trailing  edge 
flaps.  Because  there  is  no  tail  behind  the  wing,  which  is  collecting  the  total  downwash 
change  and  wake  effects  when  flaps  are  utilized,  trailing  edge  flaps  can  also  be  used  for 
trim  and  control  purposes.  Combined  effects  of  trailing  edge  flaps  and  canard  allow 
establishment  of  an  optimum  polar  throughout  the  conventional  angle  of  attack  range.  This 
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means  that  criterion  1 and  2 are  not  contradicting,  which  results  in  a big  advantage 
for  the  unstable  canard  configuration.  A complete  trim  diagram  including  flaps  for  an 
unstable  delta  canard  configuration  can  be  seen  from  figure  6.  The  dark,  full  line  gives 
a possible  trim-schedule,  where  the  first  part  up  to  a*»17°  would  represent  an  optimum 
(L/D)  flap  schedule.  From  there  on,  an  optimum  control  schedule  has  to  be  defined,  which 
allows  to  trim  and  control  the  aircraft  up  to  a = 70°. 


3.  YAW  CONTROL  POWER  AND  DIRECTIONAL  STABILITY 

3.1  General  Remarks 

The  classical  instrument  of  producing  directional  stability  and  yaw  control  power  is  a 
central  fin  combined  with  a rudder,  double  fins  and  rudders  or  all  moving  fins. 

When  flow  separation  occurs  a conventionally  arranged  fin  and  rudder  combination  gets 
with  increasing  angle  of  attack  continously  more  and  more  merged  in  seperated  flow 
running  off  the  wing  fuselage  combination.  This  results  in  a loss  of  dynamic  pressure  at 
the  position  of  the  fin  and  thus  means  a loss  in  effectiveness. 

One  of  the  main  targets  of  the  windtunnel  tests  was  to  find  means,  which  allow  extension 
of  fin  and  rudder  effectiveness  up  to  high  angles  of  attack,  or  to  find  new  devices 
which  provide  effectiveness,  when  conventional  one's  end. 


3.2  Conventional  Arrangement  of  Fins  and  Rudders 

All  movable  fins  have  been  investigated,  but  they  are  triggering  an  early  vortex  bursting 
when  deflected,  and  by  this  effect  cause  large  asymetries.  Therefore  they  have  been 
abandoned  from  further  testing. 

Tests  with  variation  in  x-position,  dihedral  angle,  central  and  double  fins  and  rudders 
did  not  produce  a remarkable  extension  of  the  yaw  control  power,  as  can  be  seen  from 
figure  7 nor  in  directional  stability,  as  can  be  seen  from  figure  8,  versus  angle  of 
attack. 


3 . 3 Underwing  Location  of  Fin  and  Rudder 

A very  effective  location  of  a fin  and  rudder  for  a delta  wing  is  below  the  wing  at  about 
half  span.  In  this  position  a nearly  constant  dynamic  pressure  can  be  achieved,  which  re- 
sults in  good  yaw  control  power,  see  figure  9,  and  a provers  rolling  moment  due  to  a 
rudder  deflection.  The  contribution  to  directional  stability  can  be  taken  from  figure  8. 
The  difference  in  effectiveness  compared  to  a conventional  fin  at  low  angles  of  attack 
is  due  to  differences  in  fin  and  rudder  volume.  The  problem  which  arises  with  such  a 
configuration  lies  in  the  realization  of  a feasable  design  taking  into  account  take  off 
and  landing  ground  clearances. 


3.4  Vented  Fin  and  Rudder 

For  the  trapezoidal  wing  a vented  fin  and  rudder  mounted  on  a strut,  see  figure  3 + 10, 
connecting  wing  and  horizontal  tail  was  tested.  At  the  same  time  the  fir.  was  acting  as  an 
end  plate  for  the  tail.  Since  the  tail  is  rotated  downwards  at  high  angles  of  attack  to 
obtain  trim  conditions,  fin  and  rudder  are  always  exposed  to  attached  flow  with  no  reduc- 
tion of  dynamic  pressure.  A loss  of  effectiveness  with  increasing  a occurs  due  to  the  in- 
creasing sweep  angle  of  rudder  hinge  line  with  increasing  angle  of  attack.  Therefore  a 
second  rudder  was  installed  on  top  of  the  fin,  which  started  to  work  at  angles  of  attack 
above  a « 30°.  The  effect  of  each  rudder  and  the  combined  effectiveness  can  be  seen  from 
figure  11.  The  contribution  of  the  vented  fin  to  the  directional  stability  is  shown  in 
figure  12.  The  comparison  gives  a fin  off  curve,  a conventional  fin,  a vented  fin  with 
trailing  edge  flaps  not  extended  and  a configuration  where  trailing  edge  flaps  are  extended 
into  a manoeuver  position. 

In  terms  of  stability  and  control  power  this  configuration  is  the  most  promising  one,  which 
is  capable  to  fly  in  the  PST  region  without  problems . 


3.5  Differential  Canard  Deflection  and  Variable  Canard  Dihedral 

A further  possibility  to  obtain  good  yaw  control  power  for  a delta  wing  is  the  differen- 
tial deflection  of  the  canard.  This  produces  induced  pressures  at  the  canopy  side  wall, 
but  the  attainable  values  are  small.  A promising  configuration  was  found  for  a positive 
dihedral  angle  of  attack  of  v = 45°  for  tl.a  canard.  By  rotating  the  total  nose  cone  out  of 
a trim  condition,  relatively  large  side  forces  and  yawing  moments  can  be  generated  above 
an  angle  of  attack  of  a* 35°.  Combined  with  a conventional  rudder,  as  shown  in  figure  13, 
a very  good  effectiveness  throughout  the  total  angle  of  attack  range  can  be  achieved.  The 
problem  for  this  arrangement  is  a viable  design  solution. 
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3.6  Influence  of  Leading  Edge  Flap  on  Directional  Stability 

Figure  14  gives  the  effect  of  leading  edge  flap  on  directional  stability  for  a cen- 
tral fxn  arrangement.  There  is  an  improvement  of  Aa=  10°,  which  is  an  increment  higher 
than  could  be  expected. 

The  effect  on  yaw  control  power  is  very  small. 


4.  ROLL  CONTROL  POWER  AND  ROLL  STABILITY 

4.1  Roll  Control  Power 

For  a conventional  design  roll  control  is  either  provided  by  ailerons  or  by  a rolling 
rail. 

4.1.1  Ailerons 

Results  are  shown  for  a full  span  flap  deflection  on  the  delta  wing. 

Ailerons  loose  their  effectiveness  as  soon  as  the  wing  starts  to  stall  and  the  induced 
effect  of  the  ailerons  on  the  main  wing  is  lost,  as  can  be  seen  from  figure  15.  Beyond 
stall  roll  effectivenss  drops  to  about  30  % of  that  value  attained  for  attached  flow. 

Roll  effectiveness  beyond  stall  is  produced  by  the  upgoing  aileron  only  and  is  pro- 
portional to  aileron  volume  times  drag  coefficient. 

By  deflecting  the  effective  aileron  part  only  the  adverse  yawing  moment  can  be  avoided,  as 
is  shown  in  figure  15  also. 

In  total  it  can  be  stated,  that  the  roll  power  from  ailerons  in  the  PST  region  is  small. 


4.1.2  Differential  Tail  Deflection 

The  effectiveness  of  a differential  tail  is  very  good  throughout  the  total  angle  of  attack 
range,  as  can  be  seen  from  figure  16,  because  for  trim  conditions,  out  of  which  roll  input 
is  commanded,  the  tail  has  to  be  always  at  tail  angles,  such  that  well  attached  flow  is 
attained.  At  the  same  time  a proverse  yawing  moment  is  obtained,  when  a roll  input  is  ge- 
nerated. 


4.1.3  Differential  Canard  Deflection 

A differential  canard  deflection  has  no  usable  contribution  for  roll  control,  because 
due  to  the  downwash  change  in  the  main  wing  behind  the  canard  will  cancel  any  rolling 
moment  produced  be  the  canard  alone. 


4.1.4  Differential  Wingeron  Deflection 

A differential  deflection  of  wingerons  produces  large  rolling  moments  throughout  the  to- 
tal angle  of  attack  range.  This  can  be  a very  powerful  mean  for  roll  control,  if  it  is 
possible  to  adjust  the  longitudinal  trim  conditions.  Roll  control  power  and  coupled 
yawing  moment  are  shown  in  figure  17. 


4.2  Roll  Stability 

4.2.1  General  Remarks 

In  the  conventional  angle  of  attack  range  roll  stability  can  be  obtained  classically  by 
two  means 

o positive  wing  dihedral  angle 

o high  wing  arrangement 

At  sideslip  angles  in  both  cases  additional  lift  is  generated  on  the  wing  part  going  to 
the  wind,  while  a loss  in  lift  is  produced  on  the  other  side. 

Evidently  such  linear  properties  are  lost  at  angles  of  attack  during  stall  and  beyond 
stall.  For  highly  swept  wings  and  strake-wing  combinations,  both  of  which  produce  strong 
leading  edge  vortices,  roll  stability  largely  depends  on  vortex  break  down  characterist- 
ics. Since  vortex  bursting  depends  on  leading  edge  sweep  angle,  both  categories  of  wings 
experience,  at  and  slighty  beyond  maximum  lift  a gap  where  roll  instability  occurs,  as  is 
schematically  shown  in  figure  18. 

Proper  means  to  avoid  this  gap  are  all  kinds  of  devices  which  either  produce  an  early 
symmetrical  vertex  bursting,  a simultaneous  vortex  bursting,  delay  vortex  bursting  on  the 
foregoing  wing  part  or  rotate  part  of  the  wing  back  into  attached  flow  with  increasing 
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angle  of  attack. 


4.2-2  Means  for  an  Early  Vortex  Bursting 

A.  forced  early  vortex  bursting  can  be  generated  by  use  of  spoilers  in  front  of  the 
trailing  edge  flap.  Close  to  a max  both  spoilers  can  be  rotated  to  an  angle  of  70°. 

As  can  be  seen  from  figure  1 9 an  improvement  in  roll  stability  can  be  obtained.  From 
this  angle  of  attack  onwards  a distinct  drag  increment  is  spoiling  the  drag  to  lift 
characteristic.  A similar  effect  can  be  obtained  by  rotating  trailing  edge  flaps  up.  In 
this  case  a distinct  lift  loss  haS  to  be  taker1  into  account. 


4.2.3.  Nose  Flaps 

A mean  to  delay  vortex  bursting  is  to  rotate  nose  flaps  down  to  about  40  degrees. 

As  can  be  seen  from  figure  20  roll  stability  is  attained  throughout ' the  total  angle  of 
attack  range.  But  nose  flaps  arc  not  curing  the  problem  completely,  because  as  soon  as 
trailing  edge  flaps  are  used  at  the  same  time,  due  to  the  increase  in',  circulation , part 
of  the  effect  of  nose  flaps  is  neutralized. 


4.2.4.  Wingerons 

A further  possibility  to  attain  roll  stability  for  the  delta  wing  was,  to  rotate  part  of 
the  wing,  which  was  possible  for  the  wingeron  concept,  back  into  attached  flow  with  in- 
creasing angle  of  attack.  As  can  be  seen  from  figure  21,  a wingeron  deflection  of 
T|w  = -20°  provides  roll  stability  up  to  an  angle  of  attack  a = 50°. 


4.2.5  ‘ Vented  Fin  Arrangement 

As  could  be  seen  from  figure  12  already,  the  vented  fin  arrangement  has  also  a very  good 
roll  stability  behavior  throughout  the  angle  of  attack  range. 


5.  CONCLUSIONS 

The  main  results  for  5 different  configurations,  which  were  obtained  from  windtunnel 
tests,  have  been  illustrated  in  previous  chapters.  The  characteristics  at  high  angles  of 
attack  and  low  speeds  together  with  the  selection  criteria  listed  in  chapter  1.2  lead  to 
the  following  final  judgement: 


5.1  A pure  delta  wing  is  not  trimniable  and  controllable  throughout  the  complete  angle 
of  attack  range. 

5.2  A delta  wing  with  wingerons  has  a relatively  poor  pitch  control  power  at  PST-con- 
ditions.  Lateral  control  power  versus  angle  of  attack  is  good.  In  spite  of  a very  small 
directional  stability  a positive  cnpDyn_value  can  be  obtained  throughout  the  total  angle 

of  attack  range  which  allows  penetration  into  PST. 

The  problem  for  this  configuration  is  to  be  seen  in  the  realization  of  a feasible  design, 
where  fins  below  the  wing,  acting  as  end  plats  for  the  wingeron,  will  not  provide 
sufficient  ground  clearance  for  take  off  and  landing.  Furthermore  the  housing  of  the 
wingeron  pivot  bearing  in  a relatively  thin  delta  wing  is  a big  problem. 

5.3  The  trapezoidal  wing  has  problems  in  achieving  an  optimum  instability  margi  , for 
minimum  induced  drag  polars  when  at  the  same  time  adequate  trim  and  control  power  is  a 
requirement  for  high  angles  of  attack.  Thus  in  terms  of  conventional  performance  the 
trapezoidal  wing  is  inferior  to  a delta  wing  with  canard.  Furthermore  this  configuration 
has  problems  at  high  angles  of  attack  for  directional  stability  and  for  yaw  control  power. 

5.4  The  trapezoidal  wing  with  vented  fins  has  a positive  cnpDyn  throughout  the  total 

angle  of  attack  range  and  good  yaw  and  roll  control  power  is  available  at  PST.  In  total 
this  configuration  has  superior  PST-properties. 

For  the  conventional  angle  of  attack  regime  relatively  high  interference  drag  coefficients 
have  been  measured  and  for  transonic  speeds  even  higher  values  can  be  expected. 

The  area  distribution  shows  relatively  high  rear  end  gradients,  which  indicates  rather 
high  wave  drag  increments.  Furthermore  the  optimum  instability  margin  with  adequate  trim 
and  control  power,  comparable  to  the  pure  trapezoidal  wing  (see  paragraph  5.3)  can 
also  not  be  verified.  Therefore  it  can  be  concluded,  that  this  configuration  does  not 
meet  the  first  selection  criterion,  because  poor  conventional  performance  characteristics 
are  to  be  expected  throughout  the  Machnumber  range. 

5.5  The  best  compromise  between  good  conventional  performance  and  good  behavior  at 
high  angles  of  attack  can  be  stated  for  the  delta-canard  configuration.  The  selection  of 


2-8 


this  configuration  can  be  justified  due  to  the  following  reasons: 

1.  Drag  standard  at  conventional  angles  of  attack  throughout  the  total  Machnumber 
range  is  superior  to  all  configurations  tested. 

The  optimum  instability  margin  for  minimum  induced  drag  polars  can  be  obtained 
without  any  difficulty.  This  requirement  is  also  not  contradicting  to  trim  and 
control  requirements  at  high  angles  of  attack. 

2.  Pitch-,  Roll-  and  Yaw  control  power  is  available  up  to  high  angles  of  attack  and 
still  can  be  increased  by  further  development  work,  if  required. 

3.  The  problem  area  of  a weak  cnpDyn  behavior  at  medium  angles  of  attack  can  be  over- 
come by  further  development  work  as  discussed  in  paragraph  4.2.  Sufficient  yaw  and 
roll  control  power  will  allow  to  apply  "Active  Control  Technic"  by  use  of  the  Flight 
Control  System  and  artificially  stabilize  the  configuration. 


i 


6 . REFERENCES 

1.  Weissmann,  R.  Status  of  Design  Criteria  for  Predicting  Departure  Character 

istics  and  Spin  Susceptibility 

AIAA-Paper  No.  74-791 


2.  John,  H.  Die  Eignung  von  Delta-Flilgeln  fUr  hohe  Anstellwinkel 

MBB-Bericht  Nr.  UFE  1375 
Kapitel  3,  M3rz  1978 

3.  Kraus,  W.  Analyse  der  GBttinger  Windkanalversuche  und  Vergleich  der 

Konf igurationen  1 bis  4 des  AFT  80. 

MBB  interner  Bericht 
Aero.  MT.  280,  Januar  1977 


4.  Staudacher,  W.  FlUgel  mit  und  ohne  Strakes  im  Poststallbereich 

l 

Teil  2:  Analyse  der  Ergebnisse 
MBB-Bericht  Nr.  UFE  1300,  Januar  1977 

I 


i 


for  37 V.  c 


!Q  JO  .. 


FIG.  6 CANARD  - CONFIGURATION 
Trimdiagrcim 


NO  OF  FINS 

dihedral 

x-position 

NO 

1, 

0° 

_ 

1 

control 

2 

20° 

contoi 

2 

2 

20° 

front 

5 

2 

20° 

nor 

6 

2 

10° 

ctnltr 

3 

2 

30° 

conit  r 

4 

-W- 

JbdU  ^3 


FIG.7  FIN  VARIATIONS  FOR  YAW  CONTROL 
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SUMMARY 


This  paper  quotes  from  seleoted  items  of  experimental  research  of  interest  to  design  engineers 


incorporating  strakes  in  oombat-airoraft  configurations . It  is  likely  to  be  many  years  before  a 

satisfactory  mathematical  model  is  aohieved  for  the 

detailed  flow  about  suoh  configurations  and  there  is 

thus  an  urgent 

need  to  e- plore  the  various  aerodynamio  features 

of  these  devices  experimentally  both  to 

obtain  satisfactory  solutions  to  ourrent  problems  and  to  guide 

theoretioal  work  whioh  will  form  the  basis 

of  future  design  methods. 

NOMENCLATURE 

a 

angle  of  inoidenoe  or  attaok 

C1 

rolling-moment  ooeffioient 

P 

angle  of  sideslip 

CB 

wing-root  bending  moment  ooeffioient 

M 

Maoh  number 

q 

dynamio  head  (-J  PV^) 

V,  U 

wind  speed 

H-H0 

nT 

tail  setting  angle 

ip"? 

total  head  deficit 

15 

geometric  mean  chord 

streumwieo  vorticity 

b 

wing  span 

u0 

1 

see  Fig  2 

"v 

yawing  moment  due  to  Bideslip  derivative 

Cp 

statio-presBure  ooeffioient 

rolling  moment  » " " " 

CN 

normal-foroe  ooeffioient 

nT 

yawing  moment  duo  to  rate  of  yaw  (r) 

lift  ooeffioient 

derivative 

Cm 

pitching-moment  ooeffioient 

lr 

rolling  moment  " " " " roll  (p) 

CD 

drag  ooeffioient 

r 

derivative 

1 INTRODUCTION 

■ 

Over  the  last  few  years,  the  potential  of  sharp-edged  strakes  in  the  junction  of  the  Body  with  the 
leading-edge  of  the  wing  on  combat  airoraft  configurations  haB  been  investigated  in  the  United  Kingdom, 
as  in  many  places  elsewhere.  Previous  acquaintance  with  the  vortex  flows  over  Blender  wings  1 has  been 
of  value,  including  the  considerable  in-house  work  which  first  led  to  several  researoh  airoraft 
(including  the  HPII52  and  BAG  221^)  and  then  to  Conoorde,  but  the  combination  of  such  flows  inboard  with 
classic,  attaohed  flows  outboard  into  one  interactive  flow  field  has  raised  many  new  matters  of 
importance,  particularly  at  high  incidences  at  high  subsonic  speeds.  This  paper  seeks  to  high-light 
some  of  these  matters,  drawing  on  the  more  reoent  experimental  evidence  whioh  has  been  accumulated  during 
roBoaroh  and  project  studies.  To  make  the  presentation  of  more  use  to  those  interested  in  the  detail, 
the  data  quoted  is  limited,  apart  from  one  exoeption,  to  that  so  far  not  released  in  outside  publications  . 
The  variety  of  the  work  referred  to  emphasizes  the  range  of  new  problems  raised  by  the  use  of  strakes  for 
the  design  engineer.  Sinoe  it  is  likely  to  be  many  years  before  satisfactory  mathematical  models  oan  be 
formulated  and  used  to  derive  reliable  design  methods,  it  is  important  to  oarry  out  experimental  studios 
suoh  as  those  quoted  in  this  paper  to  oover  all  aspeots  of  importance. 

2 EFFECT  ON  LIFT  AND  DRAG 

The  general  pattern  of  behaviour  as  regards  lift  coefficient  at  high  inoidenoe  when  strakes  are 
added  to  c configuration  is  by  now  very  familiar  to  most  people.  At  low  speed,  aa  in  the  ourves  Bhown 
in  Fig  1 for  RAE  Model  494*t  there  is  usually  a dramatio  extension  of  the  lift  curve  through  the  stall, 
and  indeed  often  the  wind-tunnel  engineer  runs  out  of  inoidenoe-angle  range  before  any  sign  of  a turn-over 
appe*.„,  There  is  little  change  in  lift-curve  Blope  up  to  the  inoidenoe  for  the  stall,  no  strakes,  but 
normally  some  ohange  in  linearity  occurs  above  this.  Thus  the  effect  overall  is  not  that  obtained  by 
Bimply  adding  the  non-linear  lift  from  the  additional  ’slender  wing'  of  the  strake  surfaces  there  is 
obviously  considerable  interaction  taking  place  between  the  two  lifting  surfaoes. 


’’The  planf ormo  of  Models  494  and  589/ 1 are  very  similar.  A sketoh  of  the  former  is  given  in 
Fig  12  and  a photograph  in  Fig  11. 


At  higher  speeds,  trut  before  strong  shocks  appear  in  the  flow,  the  effect  is  generally  less  marked 
but  very  similar  in  character  as  shown  for  the  data  from  Model  589/1  at  M = 0.6,  but  at  still  higher 
speeds  wh9n  the  performance  of  the  main  swept  wing  becomes  completely  dominated  by  compressibility 
effects,  a quite  different  and  often  disappointing  effect  occurs.  As  may  be  seen  from  the  curves  for 
M «•  0.8,  the  addition  of  the  strake  can  reduce  the  non-linear  lift  generated  over  the  main  wing  surface 
before  the  main  lift  break  (at  A)  and  also  give  a poorer  lift  increment  at  higher  incidences  as  stalled 
conditions  are  penetrated.  Overall,  however,  the  lift  curve  is  Bomewhat  smoother,  encouraging  the  hope 
for  a higher  value  of  usable-lift  in  flight.  The  other  type  of  somewhat  disappointing  performance  at 
high  speeds  is  demonstrated  in  Pig  I at  M 0.9-  Here  there  i3  no  change  to  the  first  lift  break, 
eg  at  point  B,  and  virtually  no  relief  at  all  at  the  crucial  kink  at  a higher  inoidence,  at  point  C. 

It  is  thus  very  doubtful  whether  the  benefits  in  lift  at  incidences  beyond  this  point,  which  still  occur 
as  at  lower  speeds,  could  ever  actually  be  enjoyed  in  flight.  An  understanding  of  these  typical  effects 
is  obviously  essential  if  progress  is  to  be  made  in  the  future  with  the  use  of  strokes.  It  must  be 
emphasized  that  the  basic  wing-body  configuration  of  this  Model  589/1  was  a fairly  successful  one,  as 
"mildly-advanced"  wing  designs  go,  and  of  course  the  use  of  strokes  was  not  taken  into  account  during  the 
design  procedure  of  the  wing  since  there  was  no  means  of  doing  so. 

One  of  the  earliest  experiences  we  had  in  the  UK  arose  during  the  design  of  the  inboard  fairing 
or  'nib’  over  the  wing  pivot  mechanism  of  the  Tornado  aircraft.  The  original  shape  of  this  nib  was 
rather  bluff  and  caused  unwanted  penalties  to  the  lift-drag  performance  of  the  wing.  To  reduce  this 
bluffness  the  leading-edge  was  extended  forward  at  one  stage  in  some  RAE  research  investigations^  to  see 
whether  an  improvement  oould  be'  obtained  (Pig  2).  By  acoident  it  was  discovered  that  a dramatic 
improvement  oould  indeed  be  obtained  if  the  extended  loading-edge  of  the  nib  was  increased  in  sweep  and 
sharpened  as  shown  at  B.  This  change  apparently  had  a direot  beneficial  interference  effect  on  the 
inward  spanwise  progression  of  the  leading-edge  separation  on  the  main  wing,  as  may  be  seen  in  Pig  2,  and 
nigni f leant! y improved  the  lift  and  lift-drag  performance.  However  other  engineering  considerations 
intervened  and  in  faot  the  idea  was  never  put  into  practice.  This  was  our  first  insight  into  the  aero- 
dynamic benefits  which  con  occur  when  a vortex  is  generated  locally  over  the  wing  root  in  this  manner. 

3 STHAKK  PROFILE 


That  the  benefits  in  lift  performanoo  need  to  be  balanced  with  disadvantages  from  any  increases  in 
drag  will  be  self-evident.  The  high  lift-depandent  drag  of  slender  wings  and  other  configurations  with 
similar  energetic  vortex  flows  ie  well  known  and  strokes  are  no  exception.  Thus  the  planform,  camber, 
sharpness  and  other  local  details  of  the  stroke  surfaoe  are  important.  What  is  required  is  a vigorous 
and  tidy  vortex  shed  across  the  upper  surface  of  the  wing  root  and  this  must  grow  with  increasing  angle 
of  attack  to  be  strong  enough  to  do  some  good  by  the  time  it  is  needed,  ie  at  the  point  at  which  the  flow 
on  the  main  swept-wing  is  starting  to  break  down.  Prom  this  point  onwards  at  higher  incidences  the  lift 
benefit  should  outweigh  the  drag  penalty,  but  up  to  this  point  positive  harm  can  be  done  to  performance. 

Fig  3 shows  plots  of  lift-drag  ratio  at  high  subsonic  speeds  for  a number  of  strake  designs.  In  each  case 
tlie  full  line  refers  to  the  configuration  before  the  strake  is  addod.  At  the  top,  the  effect  of  sharpening 
a 75°  swept  strake  (ie  one  swept  enough  to  be  effectively  sharp  even  with  a round  leading-edge)  is  shown 
to  increase  drag  at  low  and  moderate  lift  ooeffioients  by  strengthening  the  shed  vortex  (eg  at  point  A) 
and  yet  to  have  no  beneficial  effeot  on  performance  at  high  incidence  (point  B).  This  oan  obviously 
sometimes  be  the  wrong  thing  to  do.  The  next  sketch  shows  the  effeot  of  oamber  on  the  same  75°  swept 
strake  planform  for  a Maoh  number  of  0.7  and  clearly  demonstrates  an  exohange  between  the  drag  at  low 
and  moderate  lift  ooeffioients  and  the  usable-lift  achieved  at  high  inoidenoe.  Lastly,  the  lowest  sketoh 
shows  a good-compromise  design  for  a 'Gothic*  planform  of  stroke  (stroke  8)  ooinpared  with  the  poorer 
performance  for  a similar  type  of  planform  with  20$  less  span  (strake  6).  The  nose-up  oamber  included  in 
the  latter  design  has  only  been  marginally  beneficial  at  high  inoidenoe  and  has  osrtainly  contributed  to 
the  marked  reduction  in  lift/drag  ratio  at  lower  angles  of  attack. 

4 WING  DESIGN 


The  intersection  point  of  the  leading-edge  of  the  strake  with  that  of  the  main  wing  is  important 
beoause  this  fixes  tho  spanwise  position  of  the  flow  field  of  the  Btrake  with  respect  of  that  of  the  wing. 

The  sweep  of  the  stroke  leading-edge  locally  at  this  point  and  the  detail  of  how  the  two  leading-edges  are 
faired  together  geometrically  are  also  important  laotors.  At  high  subsonio  speeds  an  interseoting  shook 
system  occurs  on  tho  wing  upper  surface  at  high  inoidenoes  which  is  cruoial  as  regards  the  onset  and 
subsequent  development  of  flow  separation  on  which  the  value  of  maximum  usable  lift  ultimately  depends. 

Pig  5 shows  (full  lines)  how  the  comparatively  weak,  swept  forward  shook  and  the  almost  unswept  rear  shook 
intersect  at  some  point  (A)  to  form  a strong  shook  further  outboard  (double  line)  which  often  is  the  trigger 
poin-tj  for  flow  separation  to  begin  (shaded  area).  In  many  cases  this  strong  shook  oan  sweep  forward  and 
intersect  the  leading  edge  at  the  tip  and  oause  a major  collapse  of  the  flow  (not  shown  here).  With  the 
strake  added,  thti  point  from  which  the  forward  shook  springs  is  moved  outboard  and  the  position  and  strenth 
of  the  rear  shook  can  be  modified.  As  a result  the  shook  intersection  point  moves  outward  from  A to  B 
and  tho  severity  of  the  induced  onset  of  flow  separation  oan  be  affeoted.  Nominally  the  extent  and  strength 
of  the  shock  outboard  will  be  reduoed,  to  the  benefit  of  the  value  of  usable  lift,  but  this  will  not  always 
be  the  oases  unfortunately  it  is  quite  possible  to  trigger  a more  violent  tip  stall  and  thus  make  things 
worse  rather  than  better  at  some  point  in  the  high  subBonic  range. 

The  stalling  characteristics  of  the  basio  wing  design  can  thus  be  a faotor  in  the  sucoeBsful  use  of 
strokes  at  high  inoidenoe,  but  this  is  only  one  facet  of  the  more  general  problem  associated  with  the 
standard  of  aorodynamio  performance  of  the  original  design.  Prom  our  experience  it  is  evident  that 
usually  a poorer  design  of  wing  is  easier  to  improve  with  tho  addition  of  strakes  than  a wing  of  better 
design.  One  problem  for  the  wing  designer,  equipped  as  he  is  now  with  now  sophisticated  wing-body  design 
methods,  iB  to  know  what  allowances  to  make  for  the  important  influenoe  of  the  separated  flow  fieli  of  the 
strake  on  the  attached  flows  over  the  inner  wing.  At  present  there  are  no  satisfactory  methods  of 
mathematically  modelling  this.  In  Pig  6 the  effect  is  shown  of  adding  strakes  of  very  similar  shape  to 
two  quite  different  designs  of  swept  wing,  each  oonoeived  without  ths  effects  of  strakes.  A photograph 
of  a model  of  one  of  these  is  shown  in  Pig  4.  The  B89/3A  wing,  some  sample  results  for  whioh  are  shown 
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in  the  top  two  sketches  of  Fig  5,  was  designed  as  a research  project  to  carry  a larger  proportion  than  usual 
of  the  lift  at  high  incidence  over  the  inner  half  of  the  span.  The  design  had  shortcomings  in  other  ways 
however,  and  did  not  perform  well.  In  the  event  the  addition  of  oven  a modest  size  of  strake  (strake  4) 
improved  the  lift  break  and  the  lift/drag  ratio  over  the  whole  incidence  range  even  at  moderate  angles  of 
attaok.  This  is  compared  in  the  figure  with  the  addition  of  a similar  design  of  strake  (strake  6)  to  the 
589/2  wing  which  had  a much  better  basic  performance  to  start  with.  Only  marginal  improvements  to  the 
lift  curve  are  apparent  in  this  latter  case  and  certainly  there  is  a large  reduction  in  lift/drag  at 
moderate  incidence. 

The  most  important  singlo  problem  in  wing  design  is  perhaps  the  improvement  of  maximum  usable-lift  ■ ' 

at  high  speeds.  Unfortunately,  at  such  limiting  conditions  the  flows  are  always  complex  and  muck  of  the 
wind-tunnel  evidence  as  regards  the  use  of  strokes  can  be  oonfusing  and  inconsistent.  We  are  now 
dealing  with  flight  conditions  well  beyond  the  separation-onset  boundary  when  a large  area  of  the  wing 
surface  is  oarrying  unsteady  separated  flows  under  the  influence  of  strong  shook  waves.  Fig  6 shows  a 
oomparison  of  the  upper  surfaoe  flow  patterns  for  an  advanced  condition  with  and  without  strakes  present 
as  drawn  from  visualization  studies.  The  remains  of  the  basio  intersecting  shook  system  which  triggered 
the  separation  of  the  flow  initially  is  visible  in  both  oases  and  one  important  effeot  of  the  addition  of 
the  strake  is  to  reduoe  the  area  subject  to  high  suotion  ahead  of  this  shook  system.  The  Iobb  of  lift 
from  this  effect  is  more  than  offset,  however,  by  the  increase  of  area  under  attached  flow  elsewhere, 
and  of  oourse  the  vortex  shed  from  the  strake  across  the  inner  wing  intensifies  the  suctions  locally 
under  its  path.  Generally  the  important  effeots  to  note  are  the  overall  reduction  of  area  subject 
to  flow  separation  and  the  beneficial  effeot  on  the  aft  shook  inboard.  The  length  of  wing  trailing-edge 
subjeot  to  separation  is  very  muoh  less,  although  the  extreme  tip  region  of  the  wing  seems  to  be 
completely  separated  to  the  leading-edge  as  muoh  with  as, without  the  strake.  .Hopefully  it  will  not  be 

too  long  before  we  oan  model  mathematioally  suoh  complex  situations  as  this,  because  there  is  nc  doubt  that  ' 

this  way  real  progress  lies. 

5.  USE  OF  WING  CONTROL 


It  will  not  have  gone  unnoticed  from  the  sketohes  in  Fig  6 that  the  addition  of  strakes  regularizes 
and  improves  the  upper  surfaoe  flows  inboard,  particularly  at  and  near  the  trailing  edge.  This  is 
important  because  of  the  use  of  trailing-edge  oontrols  to  improve  manoeuvre  performance.  Some  data  for 
a wing  whioh  had  a drooped  variable-camber  leading-edge  oontrol  used  in  conjunction  with  a simple  flap 
at  the  trailing-edge  is  given  in  Fig  7*  The  wing  in  its  •clean*  condition  (left— hand  sketoh)  had  a 
penalty  in  lift-drag  ratio  at  low  and  moderate  lift  ooeffioients  due  to  the  addition  of  strakes  and  a 
benefit  at  high  values,  both  as  expected.  Included  in  this  sketoh  are  the  drag  polars*  for  reference. 
However,  with  the  oontrols  deflected  for  a "manoeuvre  configuration"  (right-hand  sketoh)  suitable  for  a 
Maoh  number  of  0.6,  there  was  a muoh  broader,  but  lower,  peak  in  tho  L/d  plot  for  the  wing  without  strakes 
and  muoh  higher  values  were  achieved  at  high  lift  ooeffioient.  Adding  tho  strakes  had  the  result  of 
improving  L/D  at  lift  ooeffioient  up  to  - 0*5  by  a substantial  amount  and  above  this  there  wan  a 
penalty  followed  by  a marked  improvement  at  very  high  lift. 

I 

Unfortunately,  no  flow  visualization  studies  are  available  for  this  particular  oose,  tut  at  the  bottom  of 
Fig  7 some  oil-flow  studies  are  shown  for  the  same  manoeuvre  wing  configuration  at  the  higher  speed  of 
M »•  0.8,  and  these  give  a olue  as  to  the  reason  for  these  effeots.  The  addition  of  strakes  moves  the 
outboard  strong  shook,  and  the  flow  separation  behind  it,  further  out  towards  tho  tip  as  shown  previously 
in  Fig  5,  thus  improving  the  flow  over  the  trailing-edge  flap  in  this  region.  Also  the  flow  is 
improved  over  the  flap  at  its  extreme  inboard  end  whioh  lies  under  the  path  of  the  strake  vortex. 

Between  these  two  regions  at  raid-span  the  initial  tendenoy  for  the  flow  to  separate  over  tho  flap  is 

apparently  made  worse  by  the  addition  of  the  strake,  although  the  precise  reason  for  this  is  not  clear. 
However,  the  total  result  of  adding  the  strake  is  olearly  the  sum  of 'a  number  of  separate  effeots,  some 

good  and  some  bad.  At  M - 0.6,  as  oomparison  between  the  two  sets  of  ourvea  in  Fig  7 Bhows,  although  the 

use  of  manoeuvre  flaps  is  almost  as  effeotive  on  L/B  at  high  lift  ooeffioients  with  strokes  present  as 
without,  the  penalty  in  drag  inourred  at  lower  lift  ooeffioients  1b  very  muoh  Iobb. 

If  we  turn  our  attention  now  to  the  use  of  slotted  devioes  at  low  speeds  the  sample  results  for  the 
RAE  Model  494  quoted  in  Fig  Q are  of  interest.  The  fully  developed  slats  and  40°  double-slotted  flaps 
wore  separately  or  together  very  effeotive  on  this  wing  design  and  particular  oare  was  taken  to  avoid 
gross  interference  on  the  upper— surfaoe  flows  from  the  braokets  used  to  hold  these  devioes  in  plaoe. 

The  left-hand  sketch  at  the  top  of  Fig  8 shows  that  the  addition  of  strakes***  was  equally  effeotive  in 
broad  terms  for  the  wing  'clean*  or  with  the  trailing-edge  flaps  deployed.  The  plot  of  lift  increment 
due  to  flaps,  AC^,  with  and  without  strakes  present  shows  the  beneficial  interaction  of  these  with  the 
flaps  at  high  inoidenoes,  the  flaps  giving  apparently  up  to  30$  more  lift  with  the  strakes  present  at  some 
high  inoidencer.  The  reasons  for  this  are  not  clear,  apart  from  the  rather  obvious  one  that, as  we  have 
c seen  in  Fig  6 for  a wing  at  high  subsonio  speed,  the  strake  generally  improves  the  flow  over  the  inner 

wing  right  baok  to  the  trailing  edge.  Tho  flow  above  the  deployed  flaps  is  thus  more  onergetic  and 
regular  and  the  increased  ouotions  under  the  strake  vortex  could  be  making  the  flap  slots  more  effeotive. 
The  photographs  at  the  bottom  of  Fig  8 demonstrate  this  at  an  inoidenoe  angle  of  22°  (point  ’A*  on  the  plot 
of  AOl),  although  there  is  no  visible  change  in  the  flow  over  the  two  flap  surfaoes  themselves. 


•Aotually  for  convenience  Cp  - C^/*A  has  been  plotted.  This  allows  small  changes  at  high  lift 
to  be  seen  more  clearly. 

"♦These  are  shown  in  the  sketoh  of  Fig  12  and  the  photograph  of  Fig  11. 
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'•  The  right-hand  diagram  at  the  top  of  Figure  8 has  'oeen  included  to  demonstrate  that  complex 
interactions  between  the  high-lift  system  of  a wing  and  strokes  oan  occur  when  efficient  leading-edge 
devices  such  as  slats  are  involved.  This  particular  wing  develops  better  lift  at  high  incidences  with 
full  span  slats  than  when  both  slats  and  strokes  are  used.  In  this  latter  oase  the  span  of  the  Blat  had 
to  be  reduced  in  order  to  fit  the  stroke, ■ and  the  benefits  of  adding  the  stroke  did  not  offset  this  loss 
of  slat  span. 

6 EFFECTS  AT  THE  TAILPLANE 


The  vortices  shed  by  the  strokes  as  they  convect  downstream  oan  have  a marked  effect  at  the 
position  if  the  t&ilplane  as  might  be  expeoted  and  B'ig  9 show3  the  ohange  in  mean  downwash  for  the 
typical  configuration  shown  in  Fig  6,  the  tailplane  being  arranged  below  the  plane  of  the  wing,  which 
itself  was  mounted  in  a high  position  on  the  body  (see  Fig  4)*  The  mean  downwash  is  shown  to  be 
greater  over  the  whole  incidence  range,  but,  which  is  important,  rather  more  sc  at  the  higher  incidences. 

The  tailplane  angle  to  trim,  ^ij,  can  thus  be  oontrived  to  be  less  variable  with  incidence  and  this  effoot 
can  be  used  to  advantage  xn  project  designs,  enabling  control  power  to  be  maintained  up  to  high 
incidences.  From  the  lift/drr  - ratio  for  this  tail-on  configuration,  plotted  for  tiimmed  conditions, 
the  effeot  of  adding  the  strokes  is  shown  to  be  rather  different  from  the  tail-off  (untrimmed)  case. 

There  is  apparently  a penalty  at  low  incidences  and  the  maximum  value  achieved  is  reduoed,  although 
happily  there  seems  to  be  little  effeot  at  high  incidence.  , '■ 

Some  pitot-static  measurements  made  just  aft  of  the  tailplane  of  a straked  configuration  in  a. 
high  speed  manoeuvre  condition  are  shown  in  Fig  10.  The  incidence  wan  high  (21  ) for  the  Maoh  number 
of  0.84,  so  this  may  be  regarded  as  an  extreme  flight  oase  at  high  altitude  for  the  range  of  wing 
loading  currently  in  fashion  for  combat,  ail  raft  configurations.  Three  oases  are  Bhown  to  demonstrate 
the  effeot  of  4°  sideslip  and  of  inoluding  the  fin,  and  the  plots  take  the  form  of  contours  of  apparent 
q or  ipr . The  probes  used  could  not  be  lined  up  along  the  local  streamlines  so  it  is  doubtful  what 
the  absolute  numbers  mean,  but  it  is  interesting  to  see  the  way  the  field  becomes  distorted  with 
sideslip  and  the  effect  the  fin  has  on  the  symmetry  of  the  flow  above  the  tailplane.  The  shaded  area  in 
eaoh  case  has  nominally  aero  'q*,  which  is  porhaps  a little  surprising  in  a position  as  far  aft  of  the 
trailing  edge  of  the  wing  (two  wing  mean-ohords) . 

In  a more  elegant  experiment,  some  data  from  whioh  are  shown  in  Fig  12,  a detailed  survey  with  a 
five-tube  yawmeter  was  carried  out,  this  time  at  low  speed,  in  a plane  through  the  quarter-ohord  line  of 
the  tailplane  position  of  a research  model.  The  traverse  equipment  is  seen  behind  the  model  in  the  , 
photograph  of  Fig  11  and  was  part  of  a sophisticated  ocmputer-oontrolled  system  with  a comprehensive  on- 
line data  processing  capability.  The  probe  normally  would  be  automatically  kept" in  line  with  the  looal 
stream,  but  in  this  case  only  the  pitoh  motion  of  the  probe  oould  be  kept  aotive  because  of  the  proximity 
of  the  body  and  fin. 

However,  the  downwash  angles  quoted  here  are  not  compromised  in  any  way  and  are  plotted  for  four 
heights  with  respect  to  the  nominal  tailplane  position,  with  sold  without  the  strakeB  present.  The  oore 
of  the  vortex  from  the  strake  evidently  passes  not  very  far  above  the  t&ilplans  position,  somewhere  very 
near  point  P on  traverse  B.  The  mesh  of  the  measurement  grid  was  fine  enough  to  enable  downwash  angles 
up  to  about  + 50°  near  the  vortex  centre  to  bo  established  and  Bignifioant  changes  in  downwash  over  a 
diameter  of  about  half  the  tailplane  semi-span  are  apparent.  It  is  an  open  question  whether  thiB 
vortex  has  ’burnt'  by  the  time  it  has  reached  this  position  so  far  aft  of  the  wit:g.  The  wing 
incidence  for  this  particular  survey  was  14°,  ie  just  beyond  the  point  at  whioh  the  flow  over  the  main  wing 
has  started  to  break  down  (see  flaps  0°  oase  in  the  lift  curve  of  Fig  8).  Certainly  the  data  in  both 
Figs  10  and  12  demonstrate  how  careful  the  design  and  positioning  of  the  tailplane  need  to  be  when  strakes 
are  included  in  a configuration.  Very  similar  remarks  could  be  made  about  the  fin,  particularly  at  very 
high  incidences,  although  there  is  somewhat  Ibbs  freedom  here  unless  twin  fins  are  used,  when  the  spacing 
and  oant  angle  of  these  provide  some  options. 

It  is  also  of  some  interest  to  oonsider  the  flow  field  further  forward  just  behind  the  wing  with 
the  strake  et  this  same  incidence  of  14°.  This  time  the  measurements  were  made  with  the  fully  aotive  self- 
aligning probe  system  so  it  is  possible  to  plot  oontours  of  true  total-head  defioit  and  looal  vortiolty. 
These  are  shown  in  the  top  two  sketches  in  Fig  13-  The  model  had,  strut  supports  on  the  lower  surface  of 
the  wing  and  the. wake  of  thses  may  be  seen  at  about  X « 5^0  mm  but  foi'tunately  the  main  features  of  the 
flow  field  are  not  unduly  affected.  The  oore  of  the  strake  vortex  is  clearly  seen,  and  at  this  forward 
position  this  seems  to  be  a little  further  inboard  than-  os  shown  in  Fig  12  at  the  tailplane  position,  as 
might  be  expeoted.  The  total  head  defeot  at  the  oentre  of  the  much  larger  wing-wake  'vortex'  outboard 
is  1.2q,  The  plot  of  looal  vorticity,  given  in  the  seoond  sketch  clearly  shows  the  strong  primary  vortex 
shed  from  the  strake  and  the  weaker  wing-wake  'vortex'  outboard,  both  of  positive  sign.  The  secondary 
vortex  from  the  strake  at  this  position  just  downstream  from  the  wing  trailing  edge  appears  as  an 
elongated  tongue  of  negativs  vortioity  partially  wrapped  arour.'l  the  outside  of  the  primary  and  is  joined 
to  a thin  layer  of  negative  vortioity  lying  across  the  wholo  span  beneath  these  two  centres  of  positive 
vortioity.  This  layer  has  a comparatively  strong  looal  region  beneath  the  strake  primary  vortex, 
presumably  caused  by  the  confluence  of  the  boundary  layers  from  the  two  wing  surfaces  whioh  must  have 
very  different  spanrtse  components  of  velooity  at  this  point.  As  may  be  seen  in  the  diagram  of  Fig  12, 
there  is  little  or  no  sign  of  this  subsidiary  negativs  vortex  at  the  position  of  the  tailplane  further  aft. 

At  a higher  incidenoe  of  25°,  as  the  lowest  diagram  in  Fig  13  shows,  the  strake  vortex  must  have 
previously  'burst*  at  some  point  ahead  over  the  wing  and  the  diffuse  oore  has  virtually  become  amalgamated 
with  the  equally  diffuse  'vortex'  3hed  from  the  wing  leading  edge  to  form  am  unexpectedly  thiok  oombinod 
area  of  positive  vortioity  over  the  whole  spcn  of  the  exposed  wing.  Underneath  this  large  area  of  positive 
vortioity  there  is  t-h*  thinner  layer  of  negative  vortioity  across  the  whole  semi-span  of  the  exposed  wing 
arising  from  the  wing  boundary  layers  whioh  by  now  is  more  uniform  and  comparatively  strong.  This  will, 
be  of  special  interest  to  fluid  dynamioists,  particularly  since  the  gradients  through  this  layer  are  so 
steep.  The  one  general  comment  that  oan  safely  be  made  about  the  data  from  this  experiment,  is  that, 
the  complexities  of  the  flow  field  being  what  they  are  due  in  part  to  viscous  effeots,  the  development 
of  adequate  design  methods  for  wings  with  strakes  is  going  to  be  a difficult  task.  It  urust  be  stressed 
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that  by  ’adequate'  methods  it  is  implied  that  the  mathematical  modelling  of  the  real  flow  fields  must  be 
reasonably  representative. 


UNSTEADY  STRUCTURAL  RESPONSE 


It  is  a matter  of  fairly  common  experienoe  that  the  addition  of  strokes  to  a wird— tunnel  model 
apparently  reduces  buffet  amplitudes  at  high  incidence.  Models  with  wings  of  advanoed  aerodynamic 
design  without  strakes  have  often  been  found  to  be  unusually  violent  in  the  way  unsteadiness  develops, 
particularly  immediately  after  the  stall  at  high  subsonic  speeds,  and  in  some  cases  this  has  made  meaningful 
measurements  of  any  kind  impossible  at  this  important  point  in  the  incidence  angle  range  (even  when  it  is 
safe  to  attempt  these).  Often  at  higher  inoidenoes  oalmer  conditions  of  buffeting  are  regained.  To  read 
across  to  the  buffet  behaviour  of  the  corresponding  aircraft  in  flight  from  such  wind-tunnel  tests  raises 
difficulties,  although  new  techniques  are  no:/  available  for  this  purpoBe5,  Some  test  results  are  quoted 
in  Pig  14  for  a model  fitted  with  a special  flexible  wing^(  aeroelaatioally  moie  representative  of  full- 
soale  than  a ’rigid'  metal  model  in  some  respects,  in  which  the  effeot  of  adding  strakes  to  the  wing 
buffet  response  was  investigated.  A oommonly  used  criterion  in  model  tests  for  the  onset  of  buffeting 
in  flight  is  the  break  in  the  lift/axial-fovce  curve,  and  if  one  aooopts  as  fair  the  pointB  marked  ’A’  and 
'B'  on  the  curves  for  this  model  shown  at  the  top  of  Pig  14a,  the  strakes  can  be  seen  to  be  adverse  at  the 
Maoh  number  in  question,  H - 0.8,  However,  a plot  of  such  ’break'  points  over  the  speed  range  as  given 
in  the  centre  sketch  of  Pig  14a  shows  that  this  adverse  effeot  only  occurs  for  a limited  range  of  Maoh 
number  near  M - O.8/0.85.  There  are  plausible  fluid-dynamics  reasons  for  behaviour  suoh  as  this  in  this 

particular  limited  speed  range,  but  these  considerations  are  somewhat  aoadomio  in  view  of  the  more 
important  problem  of  the  limitation  of  usable-lift  at  inoidenoes  well  beyond  this  ’onset'  point.  At  the 

bottom  of  Pig  14a  some  frequency  speotra  for  the  RM3  pressure  at  a oritioal  uppoi^surfaoo  point  P.  are  Bhown 
at  three  inoidenoes  whioh  straddle  the  onset  points  A and  B at  M * 0.8.  At  6.3°,  ie  befcre  any  signs 
of  flow  separation  on  the  wing,  xhe  strakeB  appear  to  reduoe  the  level  of  unsteadiness  in  the  local 
pressure  at  P, , but  hy®10^^0  the  reverse  is  true  and  this  trend  oontinues  up  to  a's'10.6°  at  whioh  angle 
the  flow  has  separated  from  the  leading  edge  over  most  of  the  wing  span. 


The  response  of  the  model  oan  be  seen  in  pig  14b  in  the  corresponding  speotra  from  an  aooelerometer  at 
a point  A.  which  was  close  to  xhe  pressure  point  P^.  Paradoxically  the  addition  of  the  stroke  appears  to 

inorease  xhe  response  in  both  the  primary  bending  mode  (at  40  Hz)  and  the  primary  torsion  mode  (at  275  Hz) 

at  the  first  inoidenoe  of®*tt6.3°.  However  ato<»i8.7  tha  tendency  for  the  primary  torsion  mode  to  be 
excited  is  reduoed  with  the  stroke,  but  at«(e10.6°  the  reverse  is  true,  the  presence  of  the  stroke  induoing 
a high  response  in  this  mode.  Referenoe  back  to  the  speotra  for  the  pressure  at  the  point  P1  given  in 
Fig  14a  suggests  that  there  could  be  some  small  degree  of  coupling  between  the  oxoitation  and  response 

in  this  mode  both  for  the  basic  wing  at«C“6.7°  and  the  configuration  with  strake  atcf^lO.G  . The  plot  of 

total  apparent  damping  in  this  torsion  mode  (as  a percentage  of  oritioal)  is  given  in  the  lower  sketoh  in 
Pig  14b  and  shows  that  in  both  those  instanoes  the  total  damping  is  low,  lower  in  fact  than  the  structural 
damping  alone,  and  thus  it  is  evident  that  the  addition  of  the  Btrake  oan  ohange  signifioantly  the 
aerodynamio  damping  of  a wing.  The  inorease  caused  in  the  aerodynamic  damping  immediately  post  stall, 
in  this  oase  between  7-J-0  and  10°  of  inoidenoe,  ie  fairly  typioal  and  is  consistent  with  observations  made 
of  model  buffeting  in  many  other  tunnel  experiments. 


8 STABILITY  CHARACTERISTICS 

Pig  16  Bhows  the  effeot  of  adding  strakes  to  a model  of  the  Hariier  airoraft  at  two  Maoh  numbers, 

M - 0.5  and  0,8.  The  model  carried  external  stores,  as  indioated  in  the  sketoh  of  the  airoraft  at  the 
bottom  of  the  figure,  this  particular  configuration  having  been  found  to  be  an  unusually  unsteady  one  in 
flight  at  high  inoidenoe.  'The  strokes  were  designed  to  be  compatible  with  the  airoraft  struoturc  and 
baaio  stability  requirements  i:.  flight  so  that  full-soale  trials  could  be  made  at  a later  date.  The  tunnel 
data  shown  in  the  figure  demonstrate  a dramatic  improvement  to  lift,  to  rolling-moment  at  aero  sideslip  and 
to  the  steadiness  of  the  wing-root  bending-moment  at  high  inoidenoe,  all  01  whioh  1b  in  lino  with  experience 
from  researoh  models  suoh  as  those  referred  to  in  previous  sections.  However,  particular  note  Bhould  be 
taken  of  the  rolling-momenx  plots.  In  these  diagrams  the  plotted  points  are  shown  in  addition  to 
lines  whioh  give  the  upper  and  lower  bounds  of  the  instantaneous  signal  observed  during  the  inoidenoe 
sweep.  A useful  correlation  of  this  'soatter'  in  rolling-moment  at  zero  sideslip  in  wind-tunnel 
experiments  has  previously  been  found  with  'wing  rook'  characteristics  in  flight  for  this  particular 
aircraft;  also  the  oocurrenoe  of  large  statio  values  of  rolling-moment  in  the  tunnel  has  been  found  to 
correlate  fairly  well  with  wing-dropping  in  flight.  Thus  the  considerable  improvement  found  in  the  tunnel 
tests  in  these  rolling-moment  characteristics  when  the  strakes  were  added  promises  well  for  the  flight  tests. 
At  the  time  of  writing  the  test  airoraft  had  just  made  its  first  flight.  A photograph  taken  from  the 
airfield  oontrol  tower  is  shown  in  Pig  15* 

Some  oscillatory  derivative  measurements  carried  out  as  a researoh  investigation  with  another  airoraft 
configuration  with  and  without  strakes  are  shown  in  Elg  17*  The  wind  tunnel  teohnique,  whioh  is  a 
sophisticated  one,  is  adequately  desoribed  elsewhere*3.  The  model  was  osoillated  at  high  subsonio  wind  spends 
over  small  ranges  of  yaw,  roll  and  sideslip  in  turn,  the  mean  pitching  moment  being  kept  zero  by  a 
remotely  controlled  tailplane.  The  samples  of  the  data  quoted  in  this  figure  demonstrate  the  beneficial 
effeot  of  strakes  at  high  inoidenoe  on  directional  and  lateral  stability  (derivatives  n and  1^  respectively) 
at  high  subsonio  speeds,  and  it  should  be  noted  that  without  strakes  present  the  model  on  this  flexible  rig 
beoame  too  unsteady  to  test  safely  at  a comparatively  early  inoidenoe,  but  that  with  strakes  present  no  suoh 
limitation  ocourred.  The  yaw  damping  derivative  (n  — n.  cosa  ) was  reduoed  by  the  strokes  at  low  inoidenoe 
but  was  apparently  not  affooted  at  high  inoidenoe.  rThe  roll  damping  derivative  (l  +1.  sin  a ) on  the  other 
hand  was  falling-off  sharply  at  the  point  at  whioh  the  test  had  to  be  curtailed  without  strokes  prosent, 
and  the  addition  of  strakes  had  an  important  bensfioial  effeot  in  this  oase  as  may  be  seen  in  the  lowest 
sketch  of  this  figure. 

Borne  continuous— rolling  values  of  tho  roll-damping  derivatives,  1 , are  shown  in  Pig  18  for  yet 
another  airoraft  model  oonficuratlon,  tested  at  low  speed  this  tins,  bottrin  a high-speed  manoeuvre 
configuration  and  with  slate  and  flaps  deployed  as  for  landing  purposes.  The  results  speak  for  thensolves t 
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the  addition  of  strokes  to  both  wing  configurations  gives  c significant  improvement  in  1 at  high  incidence 
and  at  no  point  in  the  range  does  the  derivative  ever  drop  below  acceptable  levels.  ^ 

9 VARIABLE  GEOMETKY 

To  end  this  presentation  a brief  mention  may  perhaps  ba  made  of  the  potential  of  variable-geometry 
strakes.  As  discussed  earlier  in  this  paper  any  fixed  geometry’  of  stroke  has  to  balance  the  benefits  in 
usable-lift  at  high  incidence  with  the  drag-due-to-lift  penalties  at  lower  angles.  A strake  with 
variable  inoi donee  or  camber  could  be  used  to  reduce  the  need  for  such  a compromise,  either  by  means  of 
flaps  along  the  leading  edge  of  the  strake  or  by  a direct  oontrol  on  the  inoidenoe  of  the  whole  devioe. 

In  Pig  19  some  data  at  low  speeds  is  shown  for  a research  model  which  used  the  defleotion  of  a wing  leading- 
edge  flap  in  a sohedule  to  keep  the  drag  as  low  as  possible  over  the  inoidenoe  range.  The  model  had 
strakes  whioh  oould  themselves  also  be  defleoted,  so  pitohirg-moment  could  in  effeot  be  controlled  by  both 
these  means.  The  total  range  of  pitchirg-moment  available  is  shown  in  the  diagram  between  the  upper  and 
lower  broken  lines  and  the  range  from  ICf  defleotion  of  the  strakes  alone  is  shown  by  the  full  lines  for 
a low-drag  schedule  of  the  wing  flaps.  As  may  be  seen  the  result  oan  be  a smooth  contribution  to  pitch 
oontrol  within  a total  system  that  oould  be  used  in  a variety  of  ways. 

Pig  20  shows  two  configurations  of  another  model  whioh  has  a remotely  controlled  variable-camber 
flexible  strake  to  investigate  possible  pitch-oontrol  functions  as  well  as  the  optimisation  of  drag. 

Suoh  studies  oould  well  lead  to  somewhat  different  ideas  on  the  use  of  strakeB  on  future  aircraft. 

10  CONCLUDING  REMARKS 

The  complexity  oaused  in  the  flow  field  by  the  use  of  strokes  on  wing-body  configurations  adds 
considerably  to  the  difficulties  in  mathematical  modelling  techniques  whioh  are  used  as  a basis  of 
engineering  daaign  methods.  The  design  engineer,  therefore,  is  likely  to  have  to  rely  on  empirioal 
rules  from  experimental  studies  for  many  years  yet  until  adequate  theoretical  methods  are  available. 

This  paper  highlights  some  of  the  experimental  researoh  in  the  UK  whioh  is  generally  investigating 
various  aspects  of  the  use  of  strakes,  but  it  mist  be  stressed  that,  in  the  UK  as  elsewhere,  no  logioal 
and  totally  consistent  technical  framework  has  yet  emerged  whioh  oan  ba  used  with  oonfidenoe,  for  example 
at  the  'drawing-board*  stage  of  a new  design.  For  ovary  trend  emerging  from  a set  of  experimental  data, 
credible  inconsistencies  oan  usually  be  quoted  with  the  use  of  strakes  in  some  particular  way  or  other,  and 
such  is  the  incomplete  nature  of  our  understanding  of  the  overall  flow  muohaniems  involved  these 
inconsistencies  aimply  oonnot  be  ignored.  This  is  particularly  so  as  regards  aerodynamic  effeots  at 
high  npoods  when  flow  separations  have  started  to  ooour  on  the  wing  and  tne  achievement  of  high  value o of 
usable  lift  is  at  a premium,  limited  by  suoh  phenomena  as  struotural  buffeting,  wing  rook,  pitoh-up  or 
other  symptoms  of  'departure'.  There  oontinueo  to  be  an  urgent  need  to  explore  all  the  various  aerodynamio 
features  of  strakes  experimentally  in  order  to  enlarge  our  understanding  and  to  guide  the  theoretical  work 
whioh  will  form  tho  basis  of  future  design  methods.  This  is  in  addition  to  the  routine  work  on  an  'ad  hoo' 
bhsis  to  obtain  satisfactory  solutions  to  ourrent  design  problems, 
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DESIGN  GUIDELINES  FOR  THE  APPLICATION  OF 
FOREBODY  AND  NOSE  STRAKES  TO  A FIGHTER 
AIRCRAFT  BASED  ON  F-16  WIND 
TUNNEL  TESTING  EXPERIENCE1 2 3 


by 

C.  W.  Smith^  and  C.  A.  Anderson^ 
General  Dynamics  Fort  Worth  Division 
P.  0.  Box  748 

Fort  Worth,  Texas  76101,  U.S.A. 


SUMMARY 

During  the  YF-16  and  F-16  developmental  wind  tunnel  test  program,  numerous  variations 
in- nose  and  forebody  strakes  were  investigated.  These  data  have  been  reviewed,  and  the 
strake  aerodynamic  characteristics  coalesced  into  design  guidelines  for  the  application 
of  strakes  to  fighter  aircraft.  The  design  guides  take  the  form  of  general  equations  gov- 
erning the  modification  of  forebody  strakes  to  obtain  a linear  pitching  moment  curve  and 
the  calculation  of  the  resulting  lift  and  drag  increments.  Additionally,  qualitative 
comments  are  made  concerning  the  effects  of  strake  geometry  on  lateral/directional  stability. 

It  is  concluded  that  the  generation  of  incremental  strake  lift  is  primarily  dependent 
upon  the  area  affected  by  the  strake-induced  vortex  and  that  strake  planform  is  of  secondary 
importance.  Forebody  strakes  have  small  beneficial  effects  on  lateral/directional  stability 
if  properly  designed;  however,  significant  gains  are  easily  attained  with  nose  strakes. 

Area  affected  by  strake-induced  vortex 

Aerodynamic  center  increment  due  to  the  strake  in  the  linear  region 
Aerodynamic  center  increment  due  to  the  strake  in  the  non-linear  region 
Drag  coefficient,  DAiSref 
Strake  incremental  drag  coefficient 
Lift  coefficient,  L/qSKEF 
Strake  incremental  lift  coefficient 
Lift  curve  slope  of  the  inboard  panel 

Rolling  moment  coefficient 

Pitching  moment  coefficient  relative  to  .25  c 
Yawing  moment  coefficient  relative  to  .25  c,  unless  noted 
Yawing  moment  slope  with  sideslip 

Mean  aerodynamic  chord  of  the  theoretical  wing  planform 
Horizontal-tail  deflection  angle 
Strake  incidence  relative  to  the  wing  chord  plane 
Leading-edge-flap  deflection  angle 

Length  from  the  aerodynamic  center  of  the  effective  strake  area  to  the 
wing-alone  aerodynamic  center 
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M Mach  number 

2 2 

SREF  Reference  area  for  aerodynamic  coefficients,  26m  (280  ft*),  unless  noted 

TEF  Trailing-edge-flap  deflection  angle 

a Angle  of  attack  of  the  wing  chord  plane 

/ 3 Angle  of  sideslip 


1.  INTRODUCTION 

The  vortex  lift  generated  by  delta  planform  wings  at  moderate-to-high  angles  of  attack 
has  been  utilized  in  aircraft  design  for  many  years.  Recently,  designs  have  taken  advantage 
of  this  vortex-lift  characteristic  by  employing  auxiliary  surfaces,  e.g.,  canards  and  fore- 
body strakes,  to  generate  vortices  in  conjunction  with  moderately  swept  primary  wing  plan- 
forms.  In  this  manner  it  is  possible  to  couple  the  desirable  subsonic  and  transonic  charac- 
teristics of  the  moderate -sweep  wing  with  the  good  high-angle-of-attack  vortex  characteris- 
tics of  the  high-sweep  surface. 

The  latest  generation  of  American  fighter  aircraft,  the  F-16  and  F-18,  are  prime  exam- 
ples of  the  utilization  of  forebody  and  nose  strakes  to  provide  significant  increases  in 
usable  maneuver  lift.  These  aircraft  are  the  culmination  of  long  design  evolutions,  which 
relied  extensively  on  wind  tunnel  testing,  As  s consequence,  an  extensive  body  of  experi- 
mental aerodynamic  data  exists.  An  experimental  approach  was  required  because  no  reliable 
aerodynamic  prediction  methods  are  available  that  address  the  highly  complex  flow  field 
present  at  the  moderate-to-high  angles  of  attack  under  .onslderation. 

In  particular,  during  the  course  of  configuration  development  of  the  YF-16  Lightweight 
Fighter  Prototype  and  the  F-16  Air  Combat  Fighter,  General  Dynamics  wind-tunnel-tested  many 
strake  variations  at  low  and/or  transonic  speeds.  Both  conventional  and  highly  blended  con- 
figurations were  investigated  early  in  the  YF-16  development  program.  The  effects  of  vari- 
ations in  strake  size,  strake  planform,  strake  location  relative  to  the  span  of  the  wing, 
and  leading-edge-flap  deflection  received  considerable  interest.  Several  types  of  strakes 
were  Investigated.  These  consisted  of  strakes  that  extended  from  the  forebody  to  the  wing 
leading  edge  (forebody  strakes),  strakes  that  started  at  the  nose  and  extended  only  a short 
way  back  on  the  forebody  (nose  strakes),  and  relatively  short  strakes  that  were  placed  aft 
of  the  nose  but  did  not  extend  to  the  wing  leading  edge  (canard  strakes).  The  findings 
are  summarized  from  an  extensive  review  of  these  data  and  the  initial  efforts  presented 
toward  the  development  of  design  guidelines  for  the  application  of  forebody  strakes  to 
future  aircraft. 

A few  comments  concerning  the  aerodynamic  characteristics  of  forebody  and  nose  strakes 
are  helpful.  The  primary  benefit  attributed  to  forebody  strakes  is  a significant  increase 
in  usable  lift  at  transonic  speeds  compared  to  that  from  a conventional  wing  configuration. 
However,  significant  interactions  occur  between  the  vortex  flows  generated  by  strakes,  the 
wing  flow  field,  and  the  empennage  flow  field,  and  these  interactions  can  be  favorable  or 
unfavorable.  While  it  is  relatively  simple  to  achieve  a high  maneuvering  lift  capability 
with  forebody  strakes,  it  is  necessary  to  tailor  the  strake -wing-empennage  combination  to 
enhance  the  moderate-to-high-angle-of-attack  lateral/directional  stability  characteristics 
and  thus  make  the  additional  lift  usable.  Some  strake-wing  configurations  create  an  adverse 
stall  situation  at  angles  of  attack  in  the  range  from  35  to  60  degrees;  therefore,  it  is 
also  necessary  to  evaluate  low-speed  pitch-control  effectiveness  in  this  angle -of -attack 
range . 

Finally,  forebody  nose  Bhape  plays  an  important  role  in  the  high-angle-of-attack 
iateral/directional  stability  characteristics.  The  effects  of  nose  shape  can  be  minimized 
by  employing  nose  Btrakes  but,  again,  it  is  necessary  to  limit  the  nose-strake  size  to  pre- 
vent adverse  effects  in  pitch  at  high  angles  of  attack. 

2.  CONFIGURATION  EVOLUTION 

The  F-16  design  evolution  is  briefly  discussed  here  to  lay  the  groundwork  for  evalua- 
tion of  the  impact  of  strake -effects  comparisons  from  the  multitude  of  configurations  tested 
A study  of  the  YF-16  aerodynamic  features  began  in  1968.  After  intensified  analysis  in  1970 
-71,  detailed  designs  were  finalized  in  1972-73.  Configuration  refinement  and  growth  modi- 
fications continued  through  wind-tunnel  testing  until  the  full-scale  development  aircraft, 
F-16A  and  F-16B,  were  finalized  in  1975. 
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Early  design  studies  set  the  basic  features  of  two  very  different  design  approaches. 

One  was  a simple  wing-body-empennage  design  with  a single  vertical  tail  (Configuration  785, 
shown  in  Figure  1).  The  other  approach  was  a highly  blended  wing-body  with  a wide  lifting 
forebody  and  twin  tails  mounted  on  booms  extending  aft  on  either  side  of  the  engine  exhaust 
nozzle  (early  configurations  in  the  401F  series).  The  best  features  of  the  two  separate 
initial  models  were  combined  into  one  model,  and  the  resulting  configuration  refined  through 
several  tunnel  entries  to  produce  the  final  design.  Significant  intermediate  steps  includ- 
ed the  combination  of  the  Configuration  785  afterbody  with  the  early  401F  configuration 
forebody  to  obtain  Configuration  401F-5,  Figure  2,  and  the  addition  of  afterbody  shelves  to 
which  the  horizontal  tails  were  mated,  Configuration  401F-10A,  Figure  3.  Minor  modifica- 
tions continued  leading  to  the  YF-16  prototype  lines. 

After  Configuration  401F-10A  it  became  apparent  to  the  design  team  that  a forebody 
strake  would  be  part  of  the  final  configuration.  As  a consequence,  forebody  strake-off  con- 
figurations were  no  longer  tested;  however,  variations  in  the  size  and  shape  of  strakes  on 
the  blended  configuration  continued. 

3.  LIFT  AND  DRAG 

The  effects  of  nose  strakes  on  lift  and  drag  are  negligible  for  the  size  of  strakes 
tested  during  the  F-16  program.  However,  the  addition  of  forebody  strakes  significantly 
increases  high-angle-of-attack  lift  and  decreases  high-angle-of-attack  drag.  General  obser- 
vations as  to  the  character  and  extent  of  these  effects  with  respect  to  the  strake  geometry 
are  presented,  and  empirical  correlations  of  the  strake  lift  and  drag  increments  with  approp- 
riate geometrical  parameters  are  made.  These  correlations  load  to  the  development  of  design 
guides  that  relate  these  areodynamic  effects  to  strake  geometry. 

Of  primary  importance  is  the  effect  of  forebody  strake  size  and  shape  on  lift  and  drag 
and  the  associated  interaction  of  the  strake  and  leading-edge  flap.  Typical  examples  of  the 
lift  and  drag  benefits  attributed  to  forebody  strakes  are  shown  in  Figures  4a  and  4b.  The 
data  of  Figure  4 are  for  a family  of  delta  planfonn  strakes,  shown  in  Figure  5,  tested  on 
the  simple  wing-body  configuration,  785  (Figure  1).  Lift  and  drag  benefits  are  apparent  be- 
ginning at  approximately  a 10-degree  angle  of  attack.  The  most  significant  geometric  para- 
meter appears  to  be  the  area:  the  bigger  the  strake,  the  more  the  lift. 

The  data  of  Figure  4 show  significant  beneficial  effects  of  forebody  strakes  on  the 
lift  and  drag  of  a wing  with  no  leading-edge  flap.  Deflection  of  the  wing  leading-edge  flap 
has  a most  significant  effect  on  the  magnitude  of  the  strake  increments.  It  improves  the 
aerodynamics  of  the  strake-off  configurations  more  than  it  improves  the  strake-on  configura- 
tions. The  result  is  that  the  effects  of  forebody  strakes  on  the  envelope  lift  and  drag 
curves  representative  of  aircraft,  such  as  the  F-16,  that  have  scheduled  leading-edge-flap 
deflections  are  significantly  reduced  from  the  no-leading-edge-flap  case.  Envelope  curves, 
shown  in  Figures  6a  and  6b,  that  result  from  e minimum-drag  leading-edge-flap  schedule 
illustrate  this  point.  This  effect  is  logical  when  the  effect  on  the  wing  upper  surface 
flow  is  considered.  Without  a leading-edge  flap  or  a strake,  the  flow  over  the  F-16  wing, 
which  is  rather  thin  (t/c  « .04),  begins  to  separate  at  approximately  a 10-degree  angle-of- 
attack  (Figure  4a).  A leading-edge  flap  delays  this  separation  considerably  and  thus 
improves  the  lift  and  drag  characteristics.  A forebody  strake  accomplishes  much  the  same 
effect  at  high  angles  of  attack  by  passing  high-energy  vortex  flow  over  the  region  of  the 
wing  that  has  separated  airflow.  These  effects  are  not  entirely  additive,  thus  the  strake 
benefit  in  the  presence  of  leading-edge  flaps  is  reduced  from  the  no-flap  case. 

The  comparisons  of  Figure*:  6a  and  6b  are  with  a zero  horizontal -tail  deflection,  i.e., 
untrimmed.  Trim  effects  arc  generally  favorable  to  the  forebody  strake  configurations  be- 
cause of  the  linearization  of  the  pitching  moment  curves,  as  discussed  in  Section  4. 

Initial  observations  noted  above  indicate  a strong  effect  of  strake  area  on  the  incre- 
mental lift.  It  is  helpful,  therefore,  to  remove  this  effect  from  the  data  so  that  effects 
that  are  perhaps  secondary  can  be  identified.  A first  attempt  at  this  consisted  of  refer- 
encing the  strake  incremental  lift  to  the  exposed  area  of  the  strake,  thereby  obtaining  a 
pure  strake  lift  coefficient.  Results  showed  that  the  exposed  area  was  much  too  small  to 
collapse  the  data. 

At  thio  point  it  was  hypothesized  that  the  strake  incremental  lift  would  be  a direct 
function  of  the  total  area  affected,  or  energized,  by  the  strake  vortex.  This  is  similar  in 
concept  to  the  augmented  vortex  method  employed  by  Lamar  at  NASA/Langley,  Reference  1.  Due 
to  the  lack  of  diagnostic  data  to  determine  the  area  being  Influenced  by  the  strakes,  a 
geometrical  definition  of  an  area  considered  to  be  representative  was  necessary.  The  defi- 
nition of  such  an  area  is  illustrated  in  Figures  7 and  8.  For  a conventional  strake-wing- 
body-combination,  the  definition  is  simply  the  exposed  strake  area  plus  the  wing  planform 
area  that  falls  within  the  projected  strake  exposed  area,  as  shown  in  Figure  7.  For  a 
highly  blended  configuration,  which  does  not  have  a well-defined  strake  planform,  the 
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definition  was  not  as  straightforward.  For  these  configurations,  the  blended  area  between 
the  strake  and  body  was  included  with  the  strake  exposed  area  as  illustrated  in  Figure  8. 
This  definition  yields  a much  improved  correlation  between  strakes  within  a family,  as  the 
subsequent  comparisons  will  show. 

Three  families  of  strakes  were  tested  for  which  a definite  strake-off  baseline  exists. 
Strake  geometry  is  shown  in  Figures  5,  9,  and  10,  The  lift  increments  referenced  to  the 
strake-wing  effective  area,  as  defined  in  Figures  7 and  8,  are  shown  in  Figures  11  through 
14.  The  strake  lift  increments  by  family  tend  to  collapse  to  a single  curve  for  a fixed 
value  of  wing  leading-edge -flap  deflection. 

This  is  an  important  fact.  It  says  that  for  a given  configuration  the  overriding  fac- 
tor in  determining  the  strake  lift  is  the  area  affected  by  the  strake- generated  vortex.  An 
exception  is  the  ogee  family  of  data,  Figure  13,  at  angles  of  attack  greater  than  18  degrees 
Strakes  Z16,  Z18,  and  Z17  intersect  the  wing  at  increasing  butt  lines.  It  irf  probable  that 
for  the  larger  span  strakes  (Z17  for  example)  the  effective  area  needs  to  be  redefined  to 
include  less  of  the  inboard  part  of  the  wing,  as  shown  in  Figure  15.  This  would  tend  to 
further  collapse  the  data  of  Z16,  Z17,  and  Z18  in  Figure  13  at  high  angles  of  attack.  Strake 
Z14  is  the  least  effective  of  those  shown  in  Figure  13,  which  indicates  that  it  is  too 
narrow  to  generate  as  strong  a vortex  as,  say,  Z18  (which  has  the  same  span). 

Average  fairings  representing  the  collapsed  data  of  Figures  11  through  14  are  shown  in 
Figure  16  for  each  family.  Variations  in  strake  shape  are  of  only  secondary  importance  in 
the  generation  of  lift,  as  shown  by  the  10-degree  flap  data  on  Configuration  401F-5  for 
delta  (Z4),  ogee  (Z14,  Z16-Z18),  and  gothic  (Z5)  planforms.  Also,  incremental  lift  decreas- 
es for  the  more  highly  blended  configuration;  Configuration  401F-10A  is  the  most  highly 
blended  configuration  shown  in  Figure  16  and  has  the  lowest  incremental  strake  lift.  Con- 
figurations 785  (simple  wing  body)  and  401F-5  (blended)  show  approximately  the  same  level  of 
strake  lift.  This  is  fortuitous,  however,  because  the  strobes  of  Configuration  785  have  a 
nominal  negative  2 degrees  of  incidence  at  the  leading  edge  relative  to  those  of  Configura- 
tion 401F-5.  The  strakes  on  the  simple  wing  body  would  be  more  effective  at  high  angle  of 
attack  if  they  had  the  same  incidence  as  those  of  Configuration  401F-5.  The  dependence  of 
the  lift  increments  on  wing  leading-edge-flap  deflection  is  also  apparent  in  Figure  16. 

Since  forebody  strakes  are  generally  of  high  sweep  with  sharp  leading  edges,  it  is  ex- 
pected that  the  drag,  A Cq,  due  to  the  strake  lift,  ACl,  would  be  close  to  the  no-suction 
value,  A Cl  tana  . This  concept  is  evaluated  in  Figure  17  for  several  strakes  with  seero 
leading-edge-flap  deflection.  Since  strakes  27  through  Z10  have  leading-edge  incidences, i, 
of  nominally  2 degrees,  the  angle  of  attack  has  been  appropriately  modified.  The  data  are 
reasonably  approximated  by  an  adaptation  of  the  Reference  2 methodology  for  double  delta 
wings s 


ACD  - .95  ACl  tan  (a  + i)  (1) 

The  incremental  lift  effects  of  forebody  strakes  have  been  shown  to  be  primarily  a 
function  of  the  affected  area,  as  defined  in  Figures  7 and  8.  Thus,  given  a particular 
strake,  leading-edge  flap,  and  body  configuration,  the  lift  increments  that  can  be  obtained 
by  modifying  the  strake  (e.g.,  to  the  strake  area  required  for  a linear  pitching  moment 
curve)  are  easily  estimated: 

(AClSTRAK£  ) 2 “ (AClSTRAKE  ) , ~ (2> 

' ' 2 ' 1 ("EFF)i 

Furthermore,  incremental  lift  due  to  adding  a strake  to  a simple  wing-body  configuration 
or  a blended  configuration  can  be  estimated  to  the  first  order  with  the  curves  of  Figure  16 
by  simply  selecting  a similar  configuration.  The  incremental  drag  resulting  from  the  strake 
lift  can  also  be  obtained  by  use  of  the  relation  given  in  Eq,  (1). 

4.  LONGITUDINAL  STABILITY 

Proper  strake  design  and  location  can  result  in  a beneficial  influence  on  directional 
stability  and/or  longitudinal  stability  as  well  as  maneuver  lift  at  high  angles  of  attack. 

In  the  longitudinal  case,  strakes  can  yield  improved  linearity  of  pitching  moment  charac- 
teristics, particularly  in  the  transonic  regime  where  wing  stall  usually  results  in  a large 
stable  break  of  the  pitching  moment  curve.  Although  nose  strakes  tested  during  the  F-16 
program  have  little  effect  on  the  longitudinal  characteristics  (presumably  because  of  their 
relatively  small  exposed  area  with  respect  to  wing  area),  forebody  strakes  affect  longitudi- 
nal characteristics  and,  in  some  cases,  introduce  nonlinearities. 
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It  la  apparent  that  the  major  Influences  on  the  forward  shift  of  aerodynamic  center 
due  to  the  strake  are  the  strake' s exposed  area  and  Its  location  ahead  of  the  wing.  The 
family  of  ogee-shaped  strakes  of  Figure  18  provide  Information  as  to  trends  due  to  certain 
geometrical  variations.  Strakes  Z63  and  Z64,  which  have  similar  planforms,  except  that 
Z64  extends  approximately  102  centimeters  further  forward  on  the  nose,  have  essentially  the 
same  aerodynamic  center  location  at  .20  Mach  number  (Figure  19).  Strakes  Z65  and  266,  both 
of  which  retain  the  extension  forward  and  the  basic  shape  of  Z64  but  increase  area  in  the 
region  in  front  of  the  wing,  yield  proportional  decreases  in  pitch  stability.  These  data 
indicate  that  either  the  more  powerful  vortex  produced  by  the  larger  area  in  front  of  the 
wing  or  the  effect  of  the  basic  wing  upwash,  or  both,  tend  to  make  this  portion  of  the 
strake  highly  effective  in  influencing  the  overall  aerodynamic  center  location  in  the  linear 
region  of  lift. 

The  region  above  the  linear  Cl  is  crucial  from  a strake  design  standpoint,  primarily 
because  of  the  effect  of  the  strake  on  the  airplane  stall.  The  addition  of  a strake  of  the 
type  of  Figure  18  enables  the  wing-strake  combination  to  continue  lifting  to  angles  of 
attack  of  30  to  40  degrees,  whereupon  the  combination  stalls.  The  pitching  moment  curve, 
linear  up  to  stall  in  most  cases,  tends  to  break  erratically  stable  or  unstable  after  stall, 
depending  on  the  configuration  (see  Figure  19).  As  in  the  lower-angle-of-attack  region, 
strake  area  has  a major  influence,  the  larger  strakes  (Z66)  being  more  susceptible  to  an 
unstable  break.  Stall  characteristics  are  also  degraded  by  a forward  extension  of  the 
strake  and  forward  extension  of  the  forebody  (fuselage  stretch).  Similarly,  the  control 
effectiveness  of  the  horizontal  tail  beyond  stall  is  degraded  with  increasing  strake  size, 
strake  forward  extension,  and  forebody  lengthening. 

Transonically , the  aerodynamic  center  shift  has  been  correlated  with  pertinent  strake 
parameters.  On  the  basis  of  the  results  of  the  lift  increment  analysis  described  in  Section 
3,  the  strake  is  assumed  to  be  a low-aspect-ratio-wing,  spanning  from  the  body/strake  Junc- 
ture to  the  wing-leading-edge/strake  intersection  and  inclusive  of  the  portion  of  the  wing 
directly  aft  of  the  strake  (the  shaded  areas  in  Figures  7 and  8).  The  strake  lift  curve 
slope,  CLag,  and  the  distance  from  the  aerodynamic  center  of  the  constructed  strake  area  to 
the  aerodynamic  center  of  the  basic  wing  alone,  is/e,  are  predicted  by  the  methods  of  Refer- 
ences 3 and  4,  respectively.  The  change  in  the  aerodynamic  center  in  the  linear  Cl  region 
due  to  the  strake  ( AAC^)  is  plotted  as  a function  of  the  parameter  Z8Aee]?cL™  /ssREE  ^or 
the  various  strake  families  in  Figure  20.  For  all  of  the  strakes  investigated, 8regardless 
of  shape,  flap  deflection,  or  fuselage  configuration  (785  and  401F-5),  a linear  relationship 
of  aerodynamic  center  with  iflAES'pCL a a/cSRgp  is  essentially  obtained.  Only  strake  Z17 
falls. considerably  off  the  correlating  line.  This  is  believed  to  be  a result  of  the  affect- 
ed-area definition  for  large  span  strakes,  as  discussed  in  Section  3.  A similar  linear 
relationship  is  shown  in  Figure  21  for  the  strakes  tested  at  Mach  1.2. 

The  relationship  of  aerodynamic  center  with  /sAEFF^Eas/^REF  indicates  that  the  sta- 
bility change  in  the  linear  lift  region  due  to  the  addition  of  the  forebody  strake  is  a 
function  of  the  lift  produced  by  the  strake  and'  its  influenced  area  on  the  wing.  This  re- 
lationship shows  promise  for  the  development  of  a semi-empirical  prediction  method  for 
strakes  similar  to  the  Panlszczyn  aerodynamic-center  prediction  method  for  cranked  wings 
(Reference  2).  At  this  time,  estimation  of  the  strake  effect  on  aerodynamic  center  in  the 
linear  lift  region  can  be  estimated  by  use  of  the  relationships  established  in  Figures  20 
and  21. 

AAC^  - 0.483  ^sAEFFcL  ttg/°sREF  at  °'80  Mach  number  (3) 

AACj  “ 0,296  ^ sAEFFGL  « g/n^REF  at  Mach  number  (4) 

The  change  in  aerodynamic  center  due  to  strakes  in  the  nonlinear  lift  region  beyond 
wing  stall  (AACo)  is  plotted  as  a function  of  the  parameter  /sAEFF/esREF  in  Figure  22. 

The  lift-curve  slope  term  is  omitted  because  of  the  characteristic  nonlinear  lift  variation 
of  low-aspect -ratio  wings  (constructed  strake  "wing")  at  high  angles  of  attack.  All  strake 
configurations  exhibit  essentially  the  same  linear  variation  of  aerodynamic  center  with  the 
parameter  ZeAEFF^SREF  ^or  8*ven  leading-edge-flap  deflections.  Deflecting  the  leading- 
edge  flap  in  the  nonlinear  lift  region  reduces  the  shift  due  to  the  strake  (as  expected, 

based  on  the  reduced  lift,  Figure  16).  For  strake  Z4  and  a flap  deflection  of  25  degrees, 

there  is  a noticable  change  in  stability  over  the  strake-off  configuration,  although  for 
this  flap  deflection  the  incroment  in  lift  due  to  the  strake  is  small.  Thus,  strakes  can 
provide  beneficial  linearization  of  the  pitching  moment  even  when  the  flap  effects  reduce 
the  increment  in  lift  due  to  the  strakes. 
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A translation  between  Configurations  785  and  401F-5  is  shown  In  Figure  22.  This  Is 
due  to  the  fuselage  blending  of  401F-5,  which  results  In  a further  forward  strake-off  aero- 
dynamic center  location  and  a smaller  overall  shift  In  aerodynamic  center  due  to  the  strake. 

Since  all  configuration  leading-edge -flap  combinations  have  the  same  slope  for  AAC2 
versus  /s^EFf/cSreF  e^^acta  of  variations  in  strake  size  can  easily  be  estimated  for  a 
particular  configuration.  Thus,  Figure  22  in  conjunction  with  Figure  20,  can  be  used  to 
size  a forebody  strake  to  provide  a linear  pitching  moment  curve  at  .80  Mach  number. 

5.  LATERAL/DIRECTIONAL  STABILITY 

Maintaining  directional  stability  to  maximum  usable  lift  is  of  major  importance  in  the 
design  of  high-performance  maneuvering  aircraft.  Generally  progressive  deterioration  in 
static  directional  stability  begins  at  moderate-to-high  angles  of  attack  for  most  conven- 
tional configurations  and,  consequently,  limits  the  maximum  usable  lift.  Strakes,  both  nose 
and  forebody,  have  proven  effective  in  extending  the  usable  lift  range. 

The  nature  of  the  strake' s effectiveness,  its  vortex  generation,  and  effects  on  the 
wing  and  forebody  is  highly  dependent  on  the  general  configuration  of  the  aircraft.  Isola- 
tion and  correlation  of  these  effects  (particularly  in  regard  to  lateral/directional  sta- 
bility characteristics)  are  difficult  considering  that  in  the  F-16  program  most  families  of 
strakes  were  tested  on  different  forebody  configurations.  However,  there  are  sufficient 
variations  within  the  families  of  strakes  tested  on  given  forebodies  to  allow  several  comm- 
ents to  be  made  concerning  the  relative  importance  of  several  strake  geometric  parameters. 

Especially  at  low  speed  and  high-  and  very  high-angle-of-attack  ranges,  nose  strakes 
have  a pronounced  effect  on  lateral/directional  stability  characteristics . Improvement  in 
lateral/directional  stability  is  influenced  by  the  size  (length  and  width)  of  the  nose 
strake.  All  nose  strakes  were  tested  on  cai figurations  that  have  an  integrated  forebody 
strake.  In  all  cases,  the  improvement  in  lateral/directional  stability  due  to  the  nose 
strake  over  the  baseline  forebody  strake  is  significant.  Typical  results  are  displayed  in 
Figure  23  for  representative  nose  strake  Z124  at  .20  Mach  number.  The  strake  width  and  ex- 
tension aft  are  the  most  significant  design  parameters.  A typical  example  of  the  effect  of 
nose-strake  extension  is  shown  in  Figure  24.  The  wider  nose  strakes  also  result  in  better 
lateral/directional  characteristics  (Z112  vs  Z114  in  Figure  25).  Strake  leading-edge  shape 
is  of  little  consequence;  however,  truncation  of  the  strake  (e.g.,  Z112  and  Z114)  improves 
stability,  especially  laterally,  over  the  same  strakes  faired  back  into  the  fuselage  (Z110 
and  Z113  in  Figure  25) . 

The  significant  difference  in  effectiveness  between  the  nose  and  forebody  strakes 
emphasizes  the  importance  of  the  nose  flow  characteristics  on  lateral/directional  stability. 
Without  nose  strakes,  the  shed  vortices  from  the  forebody  emanate  from  variable  locations 
along  the  nose  depending  on  the  angle  of  attack,  sideslip,  configuration,  etc.  With  nose 
strakes  applied,  especially  the  truncated  nose  strakes,  the  location  of  vortex  initiation 
is  fixed,  and  the  vortex  is  directed  along  the  fuselage  in  a symmetrical  manner  resulting 
in  improved  lateral/directional  behavior.  In  the  case  of  the  forebody  strakes,  their 
effects  on  directional  stability  are  not  as  significant  as  the  nose  strakes  since  most  are 
located  behind  the  actual  initiation  of  forebody  vortices,  plus  the  probability  that  their 
vortices  are  affected  by  the  flow  field  surrounding  the  wing. 

Examination  of  the  forebody-strake  transonic  data  (mostly  .80  Mach  number)  supports 
several  general  conclusions.  Although  the  impact  of  forebody  strakes  on  lateral/directional 
stability  is  significantly  less  than  that  of  nose  strakes,  proper  design  can  result  in  sta- 
bility improvements.  Adjustment  of  the  forebody-strake  shape  has  definite  effects  on  the 
performance  of  the  strake,  both  with  and  without  leading-edge-flap  deflection.  The  most 
obvious  area  of  influence  is  the  extension  of  the  strake  forward  on  the  nose  and  the  width 
of  the  strake  at  this  point. 

This  conclusion  is  supported  by  the  relative  stability  within  the  family  of  strakes 
shown  in  Figure  10.  The  forebody  strake  that  extends  all  the  way  to  the  nose  (Z25)  shows 
the  greatest  improvement  over  the  strake-off  case  (Figure  26).  The  least  effective  strake 
(Z27)  has  most  of  its  area  aft  on  the  nose.  It  does,  however,  produce  a relatively  small 
improvement  in  stability.  This  is  the  result  of  the  formation  of  a vortex  along  the  strake. 
This  strake  vortex,  when  sufficiently  strong,  provides  a stabilizing  influence  on  the  wing 
flow  field  and  in  the  afterbody  region.  The  strength  of  this  vortex  is  dependent  on  strake 
shape  and  the  interaction  with  the  wing  flow  field.  Improvements  associated  with  leading- 
edge  deflection  suggest  the  importance  of  the  wing  flow  field  on  stability.  With  no  flap 
deflection,  the  separated  flow  over  the  wing  interferes  with  the  vortex  effects  on  the  fuse- 
lage afterbody.  As  flap  deflection  increases,  the  improved  flow-yields  a reduction  in 
interference  and  results  in  an  improvement  in  lateral/directional  stability. 
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6.  CONCLUDING  REMARKS 

Nose  strakes  offer  significantly  improved  lateral/directional  performance  with  a mini- 
mum increase  in  wetted  area  and  little  effect  on  longitudinal  characteristics.  Forebody 
strakes  provide  beneficial  linearization  of  the  pitching  moment  curve  and  improved  maneuver 
lift.  Although  application  of  the  strakes  is  highly  configuration-dependent  and  optimiza- 
tion undoubtedly  requires  tunnel  testing,  initial  design  guidelines  have  been  developed  and 
several  recommendations  can  be  forwarded. 

Design  guidelines  have  been  developed  that  allow  forebody  strakes  to  be  sized  to  obtain 
a linear  pitching  moment  curve  and  the  resulting  lift  and  drag  increments  to  be  estimated. 
The  incremental  lift  effects  have  been  shown  to  be  primarily  a function  of  the  area  affected 
by  the  strake- induced  vortex.  Forebody-strake-planform  shape  is  of  secondary  importance  to 
lift  generation  but  has  a significant  effect  on  lateral/directional  characteristics  . 

The  nose  strake  leading-edge  shape  is  of  minor  importance  for  lateral/directional  sta- 
bility. The  major  positive  influences  are  found  to  be  the  width  and  length  of  the  strake 
and  the  truncation  of  the  surface.  The  nose  strakes  tested  have  little  effect  on  longitud- 
inal stability;  however,  increasing  surface  widths  or  lengths,  and  consequently  area,  may 
lead  to  possible  adverse  effects  in  the  subsonic  high-angle-of-attack  region. 

Forebody  strakes  have  (relative  to  nose  strakes)  limited  effectiveness  lateral- 
directionally  unless  the  strake  is  extended  quite  far  forward  on  the  nose.  The  extension 
forward  on  the  nose,  however,  can  become  undesirable  from  the  point  of  view  of  longitudinal 
stability  at  high  subsonic  angles  of  attack. 

A need  has  been  identified  for  further  well-structured  testing  designed  to  isolate  the 
effects  of  strake  geometry  on,  in  particular,  the  lateral /directional-stability  and  low- 
speed-stall  characteristics.  It  is  recommended  that  systematic  families  of  forebody  strakes 
be  designed  for  a simple  wing-body  configuration  and  these  definitive  tests  conducted. 

These  data  will  also  serve  to  verify  and/or  expand  the  initial  design  guidelines  that  have 
been  developed  for  longitudinal  effects. 
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SUMMARY 


In  recent  years  It  has  been  3hown  that  vortical  flows  emanating  from  the  forebody  and  from  hybrid  wings  can 
have  a strong  Influence  on  the  high  angle-of-attack  handling  qualities  and  the  departure  and  spin  resistance  of 
fighter  alroraft.  Depending  on  the  strengths,  orientation,  and  breakdown  characteristics  of  these  vortices,  an 
aircraft  may  be  departure  prone  or  departure  resistant. 

Northrop  has  conducted  ln-depth  studies  to  determine  the  effects  of  these  shed  vortices  and  to  isolate  param- 
eters which  strongly  Influence  them.  Arising  from  these  studies,  methodologies  were  developed  which  can  be 
used  as  general  guidelines  In  the  design  of  both  aircraft  forebody  shapes  and  hybrld-wlng  planform  shapes  such 
that  the  Interactions  between  these  vortex  systems  will  enhance  aircraft  stability. 


I.  INTRODUCTION 

Aerodynamic  effects  associated  with  alroraft  forebodies  can  have  a dominating  effeot  on  stability  at  post- 
stall  angles  of  attack.  In  this  ang!e-of-ettock  region,  the  vertical  tail  effectiveness  Is  usually  severely  degraded 
as  the  tall  Is  Immersed  In  the  low  energy  wing  wake.  The  vortices  which  emanate  from  the  forebody  can  be  very 
strong  and  depending  on  their  orientation,  can  produce  large  yawlDg  moments  at  zero  sideslip.  These  vortices 
can  aloo  determine  the  degree  of  dlreotlonal  stability  which  the  configuration  will  oxhlblt.  Several  geometric 
parameters  Influence  the  formation  of  the  forebody  vortices.  These  Include  nose  fineness  ratio,  bluntness,  and 
cross-sectional  shape. 

Vortices  generated  by  a hybrld-wlng  planform  contribute  significantly  to  the  lift  capability  of  the  aircraft  at 
high  angles  of  attack.  These  vortices  also  contribute  strongly  to  the  stability  characteristics,  especially  In  the 
vicinity  of  the  stall  angle  of  attack.  When  the  aircraft  is  sideslipped,  these  vortices  can  burst  asymmetrically 
over  the  main  wing  panels,  degrading  the  lateral-directional  stability.  Studies  have  been  conducted  at  Northrop 
to  determine  methods  whereby  the  lift  Inorement  generated  by  these  vortices  could  be  maintained  while  minimizing 
tire  adverse  lateral-directional  effect.  Reaultu  from  the  studies  show  the  location  of  the  vortex  burst  points  over 
the  wing  panels  are  a strong  function  of  the  LEX  (w!nc  leading-edge  extension)  planform  shape,  wing  leading-edge 
sweep  angle,  and  deflection  of  the  Inboard  tralling-edge  flap.  Delaying  the  vortex  breakdown  to  higher  angles  of 
attack  Is  found  to  delay  wing  stall  and  improve  the  adverse  effect  on  lateral-directional  stability. 

For  some  configurations,  there  can  be  a significant  interaction  between  the  forebody  and  wing  vortices. 
These  Interactions  appear  to  be  highly  configuration  depeialent.  However,  for  configurations  which  have  hybrid 
wings  with  leading-edge  extensions  la  close  proximity  to  the  forebody,  there  is  a higher  degree  of  vortex  Inter- 
action. Due  to  the  high  degree  of  configuration  dependence,  a uniform  methodology  can  not  be  developed  from 
the  existing  data  base  which  will  predict  the  effect  of  these  vortex  Interactions.  Designers  must,  however,  be 
aware  of  the  potential  magnitude  of  the  Interactions  and  their  effect  on  alroraft  stabll'*” 


This  paper  will  discuss  the  methodologies  developed  to  predict  forebody  and  wtng/LEX  vortex  effects  on  air- 
craft stability.  Examples  will  be  presented  of  configurations  that  exhibit  strong  forebody  and  wtng/LEX  vortex 
Interactions  and  also  configurations  which  have  minimal  interactions.  The  paper  will  conclude  by  presenting  de- 
tails of  the  development  of  a ne>v  forebody  shape  and  LEX  planform  for  the  F-5  configuration  whloh  were  designed 
using  the  methodologies  presented. 
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IL  FOREBODY  EFFECTS 


AERODYNAMIC  ASYMMETRIES 


A significant  Interest  las  developed  in  recent  years  in  the  s^dy  of  aerodynamic  asymmetries  at  high 
angles  of  attack.  Historically  the  phenomenon  has  been  primarily  concentrated  in  missile  aerodynamics,  due 
to  the  characteristically  long  and  slender  bodies  of  most  missiles.  Reference  1 presents  a good  survey  and 
bibliography  of  the  missile  problem.  Recent  trends,  however,  in  lighter  aircraft  design  have  lei  to  aircraft 
fuselages  which  have  forebody  fineness  ratios  in  the  same  range  as  some  missiles,  thus  forcing  aircraft  de- 
signers to  deal  with  the  problem  of  asymmetries.  Figure  1 Illustrates  the  forebody  lengths  of  three  Northrop 
aircraft  Qoadlmenslona.il zed  to  the  mean  aerodynamic  chord  of  the  wing  in  each  case. 


FIGURE  X.  TYPICAL  FIGHTER  FOREBODY  LENGTHS 


It  has  been  convincingly  shown  in  small-scale  wind  tunnel  and  water  tunnel  experiments  that  the  aero- 
dynamic phsnoi  tenon  which  Is  responsible  for  these  asymmetric  forces  and  momenta  is  the  growth  of  a strong 
vortex  system  from  the  aircraft  forcbody.  For  sufficiently  slender  forebodies,  this  vortex  system  becomes 
asymmetric  at  high  angles  of  attack  and  can  exert  a significant  effect  on  the  Giber  components  of  the  airframe. 
Figure  2 Illustrates  these  vortices.  Figure  3 shows  dye  patterns  emanating  from  an  aircraft  forebody  at  a 
high  angle  of  attack  taken  during  a water  tunnel  test,  iui  asymmetric  vortex  pattern  Is  clearly  shown. 


LOW  ANGLE  OF  ATTACK 
(SYMMETRIC) 


HIGH  ANGLE  OF  ATTACK 
(ASYMMETRIC) 


FIGURE  2.  FOREBODY  VORTEX  PATTERNS 


An  understanding  of  details  of  the  vortex  systems  generated  by  forebodies  at  high  angles-of-attack  can  be 
developed  from  results  of  teats  made  in  the  water  tunnel.  Numerous  water  tunnel  investigations  on  several  fore- 
hodiea  have  shown  the  existence  of  similar  vortex  patterns  which  characteristically  include  a pair  of  apex  vortices 
emanating  from  the  tip  c.  the  nose,  plus  a secondary  vortex  pair  arising  from  the  separated  flow  along  the  fuselage 
aide.  A typical  example  of  a forebody  vortex  system  is  shown  la  Figure  4. 
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| FIGURE  3.  ASYMMETRIC  FOREBODY  VORTEX  PATTERNS  AT  HIGH  ANGLES  OF  ATTACK 
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FIGURE  4.  FOUEBODY  VORTEX  SYSTEM 


The  voriex  arrangement  on  the  forebody  ean  be  represented  by  a simplified  cross-sectional  view  of  the  nose, 
as  shown  In  Figure  0.  This  figure  Illustrates  the  effects  of  both  a symmetric  and  an  asymmetric  vortex  pattern 
around  the  nose  at  zero  angle  of  sideslip.  The  asymmetric  vortex  pattern  generates  a resultant  forebody  force 
which  has  a large  component  in  the  side-force  direction.  This  side  force,  acting  on  the  forebody  and  coupled  with 
a long  moment  arm  to  the  aircraft  center  of  gravity,  can  produce  large  yawing  moments  at  zero  sideslip  at  high 
angles  of  attack. 


FIGURE  6.  FOREBODY  VORTEX  PATTERNS 


Until  recently,  It  had  not  been  convincingly  shown  that  asymmetric  vortex  shedding  and  the  resulting  asym- 
metric forces  which  have  been  measured  onwlud  tunnel  models  and  observed  In  water  tunnels  actually  exist  on  the 
full  scale  aircraft  at  flight  Reynolds  numbers.  Figure  fi  shows  a comparison  of  yawing  moment  coefficient  at  zero 
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FIGURE  6.  WIND  TUNNEL/FUGHT  TEST  CORRELATION 


sldesl  p for  a small-scale  wind  tunnel  model  and  full-soale  aircraft.  The  wind  tunnel  data  were  gathered  at 
Reynolds  numbers  of  0 x 10  and  the  flight-test  data  were  extracted  at  Reynolds  numbers  of  between  5.  6 and 
6.  6 x 10 I . The  asymmetric  vortex  shedding  can  greatly  Impaot  the  departure  and  spin  resistance  of  fighter  alr- 
craf ..  Figure  7 presents  the  effect  of  the  aerodynamic  asymmetries  on  the  analytical  spln-entrv  boundary.  When 
the  asymmetries  are  Ignored,  the  calculated  boundary  Is  symmetric  and  Indicates  a false  level  of  spin  resistance. 
When  the  asymmetries  are  Included,  a strong  bias  Is  evidenced.  Flight  test  results  of  two  spins  are  shown.  Indl- 
asy^1etr^eement  W ***  **  aaymmetrl°  sPl“  boundary,  ttus  further  substantiating  the  existence  of  the  aerodynamic 


FIGURE  7.  EFFECT  OF  AERODYNAMIC  ASYMMETRIES 


Any  analysts,  therefore,  conducted  on  the  departure  and  spin  characteristics  of  a fighter  aircraft  must 
consider  aerodynamic  asymmetries  and  the  forebody  contribution  to  stability. 


EFFECT  OF  FOREBODY  FINENESS  RATIO 

One  of  the  primary  geometric  parameters  which  Influences  forcbody  aerodynamics  is  the  forebody  fineness 
ratio  (examples  shown  In  Figure  l). 

The  definition  of  forebody  length  used  in  the  calculation  of  fineness  ratio  depends  on  the  aircraft  geometry. 
For  aircraft  with  fairly  long  forebodies,  a reference  line  Is  drawn  four  body  diameters  forward  of  the  wing  trall- 
ing-edge.  The  forebody  length  Is  defined  as  the  length  forward  of  that  reference  line.  This  convention  is  taken 
from  Reference  2 and  is  Illustrated  la  Figure  8(a).  For  aircraft  with  large  wing-body  strokes  (LEX's)  or  large 
inlets  which  extend  fairly  far  forward,  a modified  definition  for  forebody  length  is  used  as  shown  In  Figure  8(b). 
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F igure  9 shows  the  variation  In  absolute  magnitude  of  yawing  moment  coefficient  at  zero  sideslip  developed 
from  toe  analysis  of  data  oa  several  aircraft  whose  fineness  ratios  varied  from  approximately  3.  5 to  6,0.  Also 
shown  Is  the  variation  of  onset  angle  of  attack  with  fineness  ratio  taken  from  Reference  3.  As  can  be  seen,  in- 
creasing the  forebody  fineness  ratio  tends  to  produce  large  asymmetric  yawing  moments  and  lower  the  onset 
angle-of-aitask  at  which  the  asymmetries  occur. 
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FIGURE  9.  EFFECT  OF  FINENESS  RATIO 
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NOSE  EFFECT  ON  STABILITY  ] 


In  addition  to  the  effect  of  the  forebody  vortices  on  aerodynamic  asymmetries,  properly  shaped  aircraft  fore- 
bodies  can  provide  a favorable  contribution  to  aircraft  stability  at  high  angles  of  attack.  Researchers  at  NASA  In- 
vestigated the  F-5A  nose  shape  and  found  It  to  be  the  major  contributor  to  the  directional  stability  of  the  aircraft 
above  the  stall  angle  of  attack  as  shown  In  Figure  10,  The  primary  cause  of  this  stabilizing  effect  was  found  to  be 
the  unique  orientation  which  the  forebody  vortex  system  assumes  when  the  aircraft  Is  sideslipped, 


EFFECT  OF  NOSE  CROSS-SECTIONAL  SHAPE 


Nose  cross-sectional  shape  has  a dominant  effect  on  directional  stability  at  high  angles-of-attack.  Figure  11, 
taken  from  Reference  4,  shows  the  effect  of  nose  cross-sectional  shape  on  directional  stability  for  vertical  tall-off 
configurations  of  the  F-5E/F,  P530,  YF-17,  and  P630  for  an  angle-of- attack  range  up  to  60°.  These  configurations 
represent  a full  range  of  nose  cross-sectional  shapes  Including  an  ellipse  with  the  major  axis  vertical  to  an  ellipse 
with  the  major  axis  horizontal.  s expected,  all  configurations  are  unstable  at  low  angles-of-attack,  and  remain 
unstable  until  approximately  25’  angle  of  attaok.  Above  25*  angle  of  attack,  cross-sectional  effects  are  evident; 
the  horizontal  ellipse  cross-sectional  shape  becomes  stable  while  the  vertical  ellipse  shape  becomes  even  more 
unstable. 


To  further  Illustrate  the  effects  of  nose  cross-section  on  directional  stability  In  the  post-stall  angle-of-attack 
range,  Figure  12,  extracted  from  Reference  4,  Is  presented.  The  directional  stability  is  shown  as  a function  of 
nose  elllptlclfy  ratio  at  35*  angle-of-attack,  Although  some  scatter  Is  present,  a reasonable  correlation  Is  shown 
which  conforms  to  the  previous  conclusion  that  a flat  elliptic  nose  section  is  required  to  produce  positive  directional 
stability  at  high  angles-of-attack. 

The  directional  stability  obtained  at  high  angles-of-attack  with  the  flat  elliptic  nose  shapes  is  Influenced  by 
Mach  number,  and  eventually  Is  eliminated  when  the  Mach  number  exceeds  a certain  value.  This  effect  is  Illustrated 
in  Figure  13  which  presents  directional  stability  data  for  both  low  and  t wsonlc  Mach  number  cases. 

Any  geometric  changes  to  the  aircraft  forebody  which  affect  lateral-directional  stability  would  also  be  expected 
to  affect  the  aircraft  longitudinal  stability,  particularly  since  the  forces  on  the  forebody  act  at  a considerable  distance 
from  the  moment  center.  Figure  14  shows  pitching  moment  due  to  sideslip  for  two  different  types  of  elliptic  nose 
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shapes.  Data  indicate  that  nose  shapes  which  have  a stabilizing  directional  stability  force  component  also  have  an 
unstable,  nose  up  pitching  moment  contribution  ^ | 


FIGURE  10.  NOSE  EFFECT  ON  STABILITY 


FIGURE  11.  EFFECT  OF  NOSE  SHAPE  ON  STABILITY 

The  converse  is  true  for  noses  that  have  a destabilizing  directional  force  component.  To  further  substantiate  this 
trend.  Figure  15  presents  data  lor  an  F-5F  at  40"  angle-of-attaclc.  As  shown,  the  stabilizing  nose  effect  in  yaw  is 
accompanied  by  a nose  up  pitching  moment. 


EFFECT  OF  STRAKES 

The  most  common  means  of  ensuring  that  the  forebody  vortices  will  shed  symmetrically  at  zero  sideslip 
has  been  the  use  of  thin  strakes  placed  on  the  maximum  half-breadth  of  the  forebody.  Unfortunately,  however, 
in  many  cases  these  nose  strakes  prevent  the  formation  of  the  unique  forebody  vortex  orientation  at  nonzero 
sideslip,  which  is  responsible  for  the  positive  directional  stability  contribution  of  the  forebody  at  high  angles- 
of-attack.  This  is  illustrated  on  the  F-5E/F  configurations  in  Figures  16  and  17. 
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i)  YAWING  MOMENTS  b>  PITCHING  MOMENTS 

FIGURE  15.  F-5F  NOSE  EFFECTS  AT  40*  ANGLE  OF  ATTACK 


FIGURE  16.  STRAKE  EFFECT  ON  ASYMMETRIES  AT  ZERO  SIDESLIP 


ANGLE  OF  ATTACK  - DEG 

FIGURE  17.  STRAKE  EFFECT  AT  NONZERO  SIDESLIP 


An  example  of  an  aircraft  where  direction?.'  stability  v/as  Improved  by  the  addition  of  nose  strakes  Is  the 
YF-17.  The  addition  of  a flight-teat  nose  boom  destabilized  the  aircraft  In  yaw.  Nose  strakes  were  added  to  the 
configuration,  seen  in  Figure  18,  and  directional  stability  was  Improved  as  shown  In  Figure  19. 
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FIGURE  19.  EFFECT  OS'  N03E  BOOM  AND  STRAKE 

The  difference  In  the  strake  effectiveness  Illustrated  here  between  the  F-5E/F  and  YF-17  configurations  Indi- 
cates the  effect  of  strikes  on  directional  stability  at  nonzero  sideslip  Is  configuration  dependent  while  the  applica- 
tion of  strakes  to  reduce  nonzero  yawing  moments  at  zero  sideslip  Is  not. 


EFFECT  OF  BLUNTNESS 

Studies  performed  at  Northrop  have  shown  the  forebody  nose  radius  has  an  effect  on  high  angle-of-attaok 
aerodynamics  and  the  results  of  these  studies  agree  with  the  trends  found  by  researchers  at  NASA.  The  data  of 
Figures  20  and  21  are  extracted  from  data  presented  In  Reference  5 and  show  that  nose  bluntness  affects  both  the 
magnitude  and  the  onset  angle-of-attack  at  which  directional  asymmetries  at  zero  sideslip  occur.  As  the  nose 
bluntness  angle  Is  Increased,  the  onset  angle-of-attack  is  delayed  and  for  Increased  nose  bluntness,  the  magnitude 
of  the  aerodynamic  asymmetry  Is  reduced.  Northrop  results,  Figures  22  and  23,  also  show  that  nose  bluntness 
raises  the  onset  angle-cf-attack  and  also  has  an  Important  effect  on  the  peak  asymmetrio  yawing  moment  at  zero 
sideslip. 


EFFECT  OF  FLIGHT  TEST  NOSE  BOOMS 

Flight  testing  requirements  often  result  In  the  addition  of  a large  Instrumentation  boom  to  the  nose  of  the 
aircraft  to  mount  an  angle-of-attack  and  sideslip  vane  and  pltot-statlc  system.  Figure  24  shows  a typical  con- 
figuration. This  boom,  over  seven  feet  long  and  with  a four-inch  base  dlamoter,  modifies  both  the  nose  shape 
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BASE  RADIUS 


FIGUEJE  20.  EFFECT  OF  NOSE  BLUNTNESS  OF  SIDE  FORCE 
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FIGURE  21.  EFFECT  OF  NOSE  RADIUS  ON  ONSET  ANGLE  OF  ATTACK 


and  the  effective  fineness  ratio,  altering  the  nose  vortex  system.  In  addition,  a vortex  pattern  is  shed  by  the 
boom  itself.  This  modification  to  a test  aircraft  can  significantly  affect  the  lateral-directional  stability  of  the  con- 
figuration at  high  angles-of- attack  and  could,  potentially,  alter  the  departure  susceptibility  and  recover  charac- 
teristics which  would  be  determined. 

Figure  25  illustrates  an  example  of  the  variation  in  lateral-directional  stability  which  can  be  caused  by  the 
installation  of  a large  (4-lnch  diameter)  flight-test  nose  boom  on  a fighter  aircraft.  A significant  change  to  the 
forebody  vortex  system  is  produced  by  the  nose  boom. 


WING/LEX  VORTEX  CHARACTERISTICS 


Many  fighter  aircraft  configurations  have  been  designed  such  that  a fully  attached  flow  would  be  maintained  over 
the  lifting  surfaces  in  order  to  maximize  both  the  performance  and  the  maneuvering  capability  of  the  design.  Experi- 
mental studies  and  flight  tests  on  a variety  of  configurations  have  shown  that  significant  increases  in  maximum  lift 
coefficient  and  reductions  in  drag  at  high  lift  can  also  be  obtained  by  careful  generation  and  control  of  concentrated 
vortices  which  favorably  interoot  with  the  flow  over  a low  aspect  ratio  main  wing  surface.  These  vortices  have  been 
generated  by  such  devices  as  close-coupled  canards,  wing  leading-edge  discontinuities  or  sawteeth  and  wing-body 
strokes  or  leading-edge  extensions  (LEX's).  The  discussions  of  wing  flow  field  effects  in  the  present  paper  will  be 
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FIGURE  25.  EFFECT  OF  FLIGHT  TEST  NOSE  BOOM 

limited  to  hybrid  wing  geometries  designed  to  maximize  vortex  induced  lift.  These  geometries  will  be  highly  Bwept 
delta  wings  or  wing/LEX  or  wing/strake  combinations.  Figure  26  illustrates  an  example  of  the  induced  lift  incre- 
ments which  can  be  generated  by  LEX  vortices. 


ANGLE  OF  ATTACK  - DEG 
FIGURE  26.  LEX  EFFECT  ON  LIFT 

WiNG/LEX  VORTEX  BREAKDOWN 

Several  factors  con  singly,  or  in  oomhi  nation,  limit  the  amount  of  maneuver  performance  improvement  which 
can  be  obtained  with  a wing/LEX  combination.  Such  factors  as  an  unstable  break  in  the  pitching  moment  curve  or  an 
abrupt  lose  of  directional  stability  at  the  stall  angle-of-attack,  or  a loss  of  lateral  stability  at  high  sideslip  angles 
can  Impose  a limit  to  the  geometry  of  a wing/LEX  configuration.  For  each  of  these  flight  mechanics  problems,  the 
cause  can  be  attributed  to  the  same  fluid  mechanic  phenomenon:  a breakdown  of  the  LEX  vortex  system.  This  break- 
down can  occur  In  either  a symmetric  or  an  asymmetric  manner,  depending  on  the  sideslip  angle. 
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For  a basic  discussion  of  the  geometric  factors  which  affect  vbrtex  breakdown,  reference  is  made  to  Figure  27 , 
taken  from  Reference  6,  which  illustrates  the  forward  progression  of  the  vortex  burst  point  on  a sharp-edged  delta 
wing  with  increased  angle-of-attack.  Planforms  with  leading-edge  sweep  angles  of  from  55*  to  82*  are  presented. 

Two  main  points  can  be  made  from  a review  of  these  data.  First,  for  a given  leading-edge  sweep  angle,  vortex  burst 
point  progresses  forward  with  increasing  angle-of- attack.  The  progression  is  more  rapid  when  the  burst  point  is  in 
the  region  of  the  trailing  edge  (large  adverse  pressure  gradients)  and  less  rapid  near  the  apex  of  the  wing.  Secondly, 
for  vortex  burst  at  a constant  value  of  x/c0,  a higher  breakdown  angle  of  attack  is  observed  with  increasing  leading- 
edge  sweep  angle. 


FIGURE  27.  EFFECT  OF  ANGLE  OF  ATTACK  AND  SWEEP  ANGLE  ON 
VORTEX  BREAKDOWN  LOCATION 


Similar  effects  are  present  on  hybrid  wings  (wing/ LEX  combinations).  When  the  vortex  burst  point  begins  to 
move  forward  of  the  trailing  edge  of  thr  wing,  a reduction  in  induced  lift  is  observed.  Also  at  a constant  value  of 
' sideslip,  vortex  bursting  becomes  asymmetric  due  to  an  effective  increase  in  the  sweep  angles  of  the  leeward  LEX 
and  wing  and  a similar  reduction  in  the  windward  LEX  and  wing  sweep  angles  as  Illustrated  in  Figure  28,  This  can 
lead  to  lateral  instabilities  and  when  the  vortex  burst  points  are  In  close  proximity  to  the  vertical  or  horizontal  tails, 
abrupt  loss  of  directional  or  longitudinal  stability  is  often  experienced.  An  oxamplo  of  abrupt  lateral-directional 
stability  loss  due  to  asymmetric  LEX  vortex  breakdown  Is  presented  In  Figure  29. 


FIGURE  28.  SCHEMATIC  OF  LEX  EFFECT 
IN  SIDESLIP 
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FIGURE  29.  EFFECT  OF  ASYMMETRIC  LEX 
VORTEX  BREAKDOWN 

Tho  data  presented  In  the  previous  two  figures  are  for  triangular  wings  or  for  triangular  LEX's  on  trapezoidal 
wings.  Careful  shaping  of  the  wing  or  LEX  planform  can  greatly  alter  the  vortex  breakdown  characteristics  ob- 
served. For  instance,  Figures  30  and  31  Illustrate  the  effect  of  planform  geometry  variations  on  vortex  breakdown 
characteristics  for  constant  as[ieot  ratio  delta  wings.  A high  degree  of  sensitivity  1b  noted. 


FIGURE  30.  EFFECT  OF  LEADING-EDGE  CURVATURE  ON  VORTEX  BREAKDOWN  LOCATION 


WING  LEADING-EDGE  DISCONTINUITIES 


For  a given  wing/ LEX  geometry,  an  additional  Improvement  In  Induced  lift  or  lateral-directional  stability  may 
be  aohteved  by  the  Incorporation  into  the  design  of  certain  features.  One  such  feature,  whig  leading-edge  discon- 
tinuities, or  sawteeth,  has  the  effect  of  promoting  an  earlier  breakdown  of  the  primary  wing  leading-edge  vortex,  as 
shown  in  Figures  32  and  33.  The  sawtooth  creates  two  vortices  which  rotate  in  opposite  sense.  The  vertex  whloh 
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FIGURE  31.  EFFECT  OF  LEADING-EDGE  CURVATURE  ON  VORTEX  BREAKDOWN 

CHARACTERISTICS 


x/c0 


FIGURE  32.  EFFECT  OF  SAWTOOTH  ON  VORTEX  BREAKDOWN 
CHARACTERISTICS  OF  70”  DELTA  WING 


forms  at  the  notch  has  a sense  of  rotation  which  tends  to  Inhibit  outboard  spanwlse  flow,  oausing  a premature  break- 
down on  tile  wing  leading-edge  vortex.  The  second  vortex  forms  from  the  leading  edge  and  Is  In  the  same  sense  as  the 
primary  wing  vortex  ar.d  the  LEX  vortex.  This  secondary  leading-edge  vortex  Improves  the  flow  over  the  outboard 
wing  panol  and  can  piovide  an  improvement  to  the  induced  lift  and  the  lateral  stability  contribution  (C ig)  of  the  wing. 
Figure  34,  taken  from  Reference  7,  illustrates  the  effect  of  a sawtooth  on  a fighter  with  a hybrid  wing/LEX  geometry. 


WING  FENCES 


Wing  upper-surface  fences  produce  an  aerodynamic  effect  very  similar  to  wing  leading-edge  discontinuities. 
Like  the  notch  vortex,  the  fence  inhibits  outboard  spanwiso  flow  and  promotes  an  early  wing  leading-edge  vortex 
breakdown.  This  effeot  la  illustrated  in  Figure  36.  The  fence  promotes  a more  symmetric  vortex  breakdown  whon 
the  wing  is  at  a non-zero  value  of  sideslip,  thereby  resulting  in  an  improvement  in  lateral  stability  as  shown  in 
Figure  36.  In  contrast  to  the  sawtooth,  however,  which  creates  a secondary  wing  leading-edge  vortex,  the  fence 
causes  a reduction  in  vortex  induced  lift  on  the  wing.  This  effect  is  illustrated  in  Figure  37.  Above  the  stall  angle- 
of-attack,  the  effect  of  the  fenoe  becomes  diminished  as  it  is  Immersed  in  the  separated  flow  over  the  wing. 
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FIGURE  33.  EXAMPLE  OF  SAWTOOTH  EFFECT  ON  VORTEX  BREAKDOWN 
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FIGURE  34.  EFFECT  OF  SAWTOOTH 


WING  THAI  LING-EDGE  FLAPS 

The  effect  of  deflecting  plain  flaps  located  at  the  wing  trailing-edge  ig  to  increase  the  aft  camber  of  the  wing 
resulting  in  some  improvement  in  CLmaX’  W'hen  trail  ing-edt,  Gaps  are  deflected  at  high  angles  of  attack  In  the 
presence  of  a strong  wing  or  LEX  vortex,  a detrimental  effect  on  vortex  breakdown  is  produced  as  shown  in  Figures 
38  and  39  for  a 65*  delta  wing.  This  premature  vortex  breakdown  can  cause  a reduction  in  directional  stability,  as 
shown  in  Figure  40.  These  data  are  for  the  YF-17  configuration,  which  has  a plain,  unslotted,  hinged  trailing-edge 
Cap.  For  this  geometry,  the  flow  field  above  the  Gap  at  an  angle  of  attack  of  20  degrees  or  greater  has  been  ob- 
served to  be  totally  separated,  producing  a strong  adverse  pressure  gradient  on  the  wing  upper  surface.  This 
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FIGURE  35.  EFFECT  OF  FENCES  ON  VORTEX  BREAKDOWN 
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FIGURE  36.  EFFECT  OF  WING  FENCES  ON  STABILITY 

adverse  pressure  gradient  acta  to  Induce  a premature  bursting  of  the  LEX  vortex,  adversely  affecting  the  flow  field 
around  'he  twin  vertical  tails.  For  configurations  with  single  vertical  tails  and/or  smaller  LEX's  which  produce 
weaker  vortex  systems,  typified  by  the  y-5  series,  this  adverse  interaction  has  been  observed  to  be  less  pronounced 


IV.  FOREBOD  Y/WINO  VORTEX  INTERACTIONS 


Having  discussed  the  fundamentals  of  ib rebody  and  wing  vortex  formation  and  breakdown,  the  more  subtle,  but 
sometimes  more  r„onoumed,  effects  of  fbrebody  and  wing  vortex  interactions  will  be  addressed.  Examples  can  be 
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FIGURE  40.  EFFECT  OF  THAI  LING- EDGE  FLAP  DEFLECTION 

cited  of  aircraft  configurations  which  have  minimal  forebody  Influences.  The  high  angle-of-attack  behavior  of  these 
aircraft  tends  to  be  dominated  by  the  wing  vortex  system.  The  F-4  is  such  an  aircraft.  Fairly  extensive  changes  to 
the  forobody  goomotry  of  the  F-4  have  been  shown  to  have  a very  small  effeet  on  Its  stall  and  post-stall  characteris- 
tics, whereas  changes  to  the  wing  geometry,  such  as  with  the  addition  of  wing  leading-edge  slats,  have  produced' 
large  changes.  Examples  can  also  be  cited  of  aircraft  configurations  whi  :h  have  strong  forebody  arid  wing  influences 
which  do  not  interact  and  can,  therefore,  be  separated.  The  F-5A  Is  an  example  of  such  an  aircraft.  At  angles  of 
attack  bolow  approximately  30  degrees,  tho  wing  contribution  to  lateral -dirootlonal  stability  1b  pronounced  and  the 
influence  of  the  forobody  is  quite  small.  Above  this  anglo-of-attack,  tho  wing  Influence  diminishes  rapidly  and  the 
forcbody  provides  essentially  oil  of  the  directional  stability  to  the  aircraft. 

Current  generation,  highly  maneuverable  aircraft  with  hybrid  wing  planforms  and  slender  forebodies  are 
characterized  by  strong  Interactions  between  the  forobody  and  the  wing/LEX  vortex  systems.  As  an  example  of  those 
strong  interactions.  Figure  41  Is  presented.  This  figure  illustrates  the  vortex  pattern  for  a configuration  which  was 
developed  to  maximize  the  favorable  Interactions  between  the  forobody  and  <ippor  LEX  vortices  and  between  the  upper 
and  lower  LEX  vortices.  At  the  conditions  illustrated  (cr-  24*,  p = 10*),  t!  i leeward  secondary  vortex  formed  by 
the  long  forobody  coalesces  completely  with  the  upper  LEX  voriax,  greatly  improving  the  breakdown  characteristics 
when  compared  to  those  In  the  presence  of  the  non-optimum  forebody  shape.  Tho  upper  LEX  vortex,  In  turn,  acts  to 
improve  tho  Lower  LEX  vortex  breakdown  characteristics,  thus  enhancing  the  induced  vortex  lift  on  the  wing.  The 
upper  and  lower  LEX  modifications  illustrated  represent  a total  increase  In  wing  ares  of  3.6'*  but  produce  an  incre- 
ment In  trimmed  lift  coefficient  of  03%.  The  lateral -directional  stability  of  this  configuration  was  significantly  en- 
hanced by  the  favorable  vortex  Interactions,  as  well. 


The  design  methodology  utilized  to  develop  these  enhancements  to  maneuver  performance  and  high  anglo-of- 
attack  flying  qualities  Is  Illustrated  in  Figures  42,  43  and  44.  These  figures  present  a typical  variation  of  directional 
stability  with  angle-of-attack.  The  characteristic  loss  of  directional  stability  la  due  to  the  progressive  forward  move- 
ment of  the  LEX  vortex  breakdown  point  as  angle-of-attack  Is  Increased.  Tilts  effect  was  discussed  In  detail  In  Section 
III  ol  this  paper.  The  objective  of  the  design  methodology  Is  to  maximize  the  LEX  vortex  strength  to  produce  large 
Induced  lift  Increments  while  at  the  same  time  delaying  the  breakdown  of  the  vortex  to  as  high  an  angie-of-uttack 
as  possible. 

As  was  discussed  in  Section  U of  this  paper,  at  angles -of- attack  beyond  the  stall,  the  forebody  of  an  aircraft 
can  airongly  Influence  the  directional  stability  characteristics  which  are  present.  Figure  43  Illustrates  a typical 
Improvement  In  high  angle-of-attack  directional  stability  which  can  be  achieved  by  proper  shaping  of  the  forobody. 


An  otherwise  unstable  aircraft  can  be  made  stable  or  a stable  configuration  can  be  enhanced  by  this  shaping.  When  a 
forobody  and  wing/LEX  geometry  are  optimized,  as  illustrated  In  Figures  42  and  43,  and  are  then  combined  on  the 
same  configuration,  It  Is  possible  for  a favorable  Interaction  to  be  generated.  This  synergistic  effect  is  illustrated, 
conceptually,  In  Figure  44. 

As  a part  of  Northrop's  ongoing  research  into  forebody  /wing  vortex  interactions,  an  optimum  forebody  geometry 
and  LEX  planform  shape  were  developed  using  the  methodologies  discussed  in  the  preceding  paragraphs.  The  nose 
pLanform  and  cross-sectional  shape  were  designed  to  attenuate  the  asymmetric  vortex  formations  which  are  charac- 
teristic of  forebodies  of  this  high  fineness  ratio  ( ;/d  =»  6. 0)  while  enhancing  the  favorable  directional  stability  effects 
at  non-zero  sideslip.  The  LEX  geometry  was  developed  to  delay  vortex  breakdown  In  the  region  of  the  stall  angle-of- 
attack.  The  forebody  geometry  is  referred  to  as  the  "Shark  Nose"  due  to  Its  flat,  broad  nose,  resembling  the  nose 
of  a shark.  Tho  LEX  planform  is  denoted  by  its  wind  tunnel  model  part  number  "Wfi . " The  Shark  Nose  geometry  is 
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FIGURE  44.  VORTEX  INTERACTIONS/DESIGN  OPTIMIZATION 

depicted  la  Figure  45.  Tire  Shark  Nose  Is  shown  alongside  of  the  basic  unmodified  nose  l’i  Figure  46.  The  Wg  LEX 
geometry  Is  shown  In  Figure  47. 

Figure  48  Illustrates  the  effect  of  the  Shark  Nose  on  the  magnitude  of  yawing  moment  at  zero  sideslip  at  high 
angles -of-attack,  An  order-of-magnitude  reduction  ts  obtained.  Figure  49  presents  the  effect  of  the  Shark  Nose  on 
dlreotlonal  stability  at  a - 46*.  Figure  50  presents  the  effect  of  the  Shark  Nose  on  directional  stability  as  a function 
of  angle-of-attack. 
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FIGURE  48.  SHARK  NOSE  EFFECT  ON  AERODYNAMIC  ASYMMETRIES 


FIGURE  49.  SHARK  NOSE  EFFECT  ON  STABILITY 

Figure  51  Illustrates  the  effect  of  the  Wg  LEX  plsnfbrm  on  vortex  breakdown  as  observed  In  the  Northrop  water 
tunnel.  The  forward  progression  of  the  vortex  burst  with  Increasing  angle-of-attack  Is  delayed  when  compared  to  the 
production  LEX. 

Figure  52  presents  the  effect  of  the  Wg  LEX  on  the  directional  stability  of  the  configuration.  The  characteristic 
loss  of  stability  associated  with  vortex  breakdown  is  seen  to  be  delayed  in  the  stall  angle-of-attack  region. 
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ANGIE  OF  ATTACK  - DEG 

FIGURE  SO.  EFFECT  OF  SHARK  NOSE  ON  STABILITY 
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FIGURE  51.  EFFECT  OF  We  LEX  ON  VORTEX  BREAKDOWN 
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FIGURE  52.  EFFECT  OF  W6  LEX  ON  STABILITY 


Figure  53  presents  the  effect  of  the  Shark  Nose  in  combination  with  ihe  We  LEX  on  directional  stability.  The 
loss  in  stability  near  the  stall  cngle-of-attaok  is  completely  eliminated.  This  represents  a very  significant  improve 
mcnt  in  directional  stability  and  was  achieved  through  very  minor,  but  Important,  modifications  to  the  forebody  and 
LEX  geometries. 
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FIGURE  53.  EFFECT  OF  SHARK  NOSE/Wg  LEX  ON  STABILITY 

As  an  example  of  the  predieted  Improvement  In  departure  resistance  which  results  from  Shark  Nose/Wg  LEX 
combination,  Figure  54  lo  presented.  This  figure  presents  one  selected  time  history  from  an.  extensive  open-loop  6 
DOF  analysis  of  the  Shark  Nose/Wg  LEX.  The  maneuver  simulated  was  the  abrupt  application  of  full  nose-up  horizon- 
tal stabilizer  at  time  t - 0 from  a trim  condition  at  150  knots  at  35,000  feet  altitude.  No  lateral-directional  control 
inputs  were  applied.  Full-up  stabilizer  was  maintained  throughout  the  maneuver.  Only  yaw  rate  and  angle  of  attack 
are  presented  here.  The  aerodynamic  data  package  for  this  simulation  consisted  of  small  soale,  low  speed,  static 
wind  tunnel  data  with  estimated  rotary  derivatives  (strip  theory  method).  As  can  be  oloarly  seen  in  the  figure,  the 
base  configuration  experiences  a large,  unoo  mm  ended  increase  in  yaw  rate  at  t » 2.3  seconds,  as  an  angle-of-attaok 
of  approximately  45  degrees  is  attained.  This  yaw  rate  couples  lnertially  with  roll  rate  (not  shown)  to  produce  a 
further  Increase  in  angle-of-attaok,  producing  a spin  condition.  The  same  control  inputs  to  the  Shark  Nose/Wg  LEX 
configuration  produces  a higher  initial  angle-of-attack,  but  no  uncommanded  yaw  depart1  ire,  and  the  angle-of-attack 
begins  to  converge  to  a full-aft-stick  trim  value  of  approximately  30  degrees.  The  rosults  of  this  maneuver  and  many 
others  Indicated  a dramatic  Increase  in  departure  resistance  could  he  expected  from  the  Shark  Nose/Wg  LEX  config- 
uration when  compared  to  the  baseline. 
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FIGURE  54.  DIGITAL  5 DOF  SIMULATED  MANEUVER  - EFFECT  OF  SHARK  NOSE 
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Based  on  the  small  scale  experimental  tests  and  analytical  predictions,  a full  scale  Shark  Nose  and  Wg  LEX 
were  constructed  and  a flight  test  investigation  of  their  effects  was  made  using  a specially  modified  spin  test  aircraft. 
Figure  55  presents  a photograph  of  the  test  aircraft.  The  results  of  this  flight  program  verified  the  analytical  pre- 
dictions and  confirmed  that  the  nose  vortex  system  had  been  stabilized  and  the  asymmetric  yawing  moments  previously 
experienced  were  eliminated. 
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FIGURE  55.  FLIGHT  TEST  VEHICLE  WITH  SHARK  NOSE  AND  W6  LEX  INSTALLED 


Figures  56  and  57  present  a comparison  of  full  scale  flight  test  results  with  6 DOF  simulation  for  two  maneuvers. 
Figure  56  shows  a longitudinal  stiok  snap  similar  to  that  described  in  Figure  54  but  with  slightly  different  initial  con- 
ditions. The  exact  flight  test  control  inputs  and  initial  condition  were  used  in  the  digital  simulation.  The  agreement 
shown  is.  excellent.  Figure  57  shows  a one-g  stall,  and  again,  except  for  a slight  phase  discrepancy  in  roll  angle,  the 
agreement  Is  excellent. 
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FIGURE  56.  DIGITAL/FLIGHT  TEST  CORRELATION  STICK  SNAP  MANEUVER 
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FIGURE  67.  DIGITAL/FLIGHT  TEST  CORRELATION  1.  Og  STALL  MANEUVER 


V.  CONCLUSION 


Vortloal  flows  shed  from  the  forebody  and  wings  can  have  a dominant  Influence  on  the  stability  of  fighter  air- 
craft at  high  angles  of  attack.  Through  careful  configuration  design,  the  induced  effects  of  these  vortices  can  be  made  . j 

to  enhance  stability.  Methodologies  have  been  developed  to  provide  guidelines  for  the  design  of  fbrebody  and  hybrid  j 

wing  geometries  which  will  Improve  stability  at  high  angles  of  attack.  Proper  forebody  shaping  can  attenuate  asym-  j 

metric  vortex  shedding  and  reduce  the  magnitude  of  yawing  moments  at  zero  sideslip  while  enhancing  lateral- 

dlreotlonal  stability.  Selection  of  hybrid  wing  planform  shapes  which  delay  the  breakdown  of  the  wing/ LEX  vortices  i 

can  Increase  both  the  stall  angle  of  attack  and  aircraft  lateral  stability  In  the  stall  region.  For  some  configurations, 

especially  those  having  hybrid  wings  which  are  In  cIobc  proximity  to  the  forebody,  there  oan  be  Interactions  between 

the  fbrebody  and  wlng/LEX  vortices  which  can  either  Improve  or  degrade  stability.  These  interactions  are  highly 

configuration  dependent;  however,  the  aircraft  designer  can  make  use  of  these  Interactions  to  maximize  departure 

and  spin  resistance  of  a specific  configuration. 
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STRAKE- INDUCED  SEPARATION  FROM  THE  LEADING  EDGES  OF  WINGS  OF  MODERATE  SWEEP 


by 

S.  P.  Fiddes 
J.  H.  B.  Smith 

Royal  Aircraft  Establishment 
Farnborough,  Hampshire,  England 


SUMMARY 


Mechanisms  are  proposed  to  account  for  the  observation  that,  on  a wing  of  moderate  sweep  and  aspect 
ratio,  leading-edge  separation  occurs  at  a lower  incidence  when  strakes  (ie  highly  swept,  forward  exten- 
sions to  the  wing  root)  are  attached  ahead  of  it.  The  effect  on  the  main  wing  of  the  vortices  resulting 
from  the  leading-edge  separation  on  the  strake  is  considered,  and  a simplified  approach  to  modelling  the 
flow  over  strake-wing  combinations  is  introduced. 


LIST  OF  SYMBOLS 


c(y) 

G(y) 

h(x) 

K 

A(x,y) 

L 

n 

N 

s 

s(x) 

U 

v 

w 

W(x) 

X 

y 

z 

a 

y 

r 

C 

* 

* 

Subscript 

s 


coefficients,  equation  (3) 
local  chord 

coefficient  of  leading-edge  singularity,  equation  (1) 
camber 

tangent  of  semi-apex-angle 
loading  (■  AC^) 
see  equation  (A-3) 

coordinate  measured  normal  to  leading  edge 

sec  equation  (Al) 

semi-span  of  main  wing 

local  semi-span 

fr ^e-stream  speed 

sidewash  due  to  vortex  pair 

upwash  due  to  vortex  pair 

cross-flow  speed 

chordwise  coordinate 

spanwise  coordinate 

coordinate  normal  to  planform 

incidence 

semi-apex-angle;  distributed  bound  circulation  (spanwise) 
circulation 

chordwise  coordinate,  see  aquation  (A-  I ) 
angular  chordwise  coordinate,  see  equation  (A-5) 
velocity  potential 

spanwise 


1 INTRODUCTION 

In  1971,  Kiichemann  proposed  combining  vortex  and  classical  aerofoil  flows  by  placing  a slender  wing 
in  front  of  a wing  of  high  aspect  ratio  and  moderate  sweep.  The  resulting  wing,  when  at  incidence,  produces 
the  slender-wing  type  of  separated  flow  over  the  highly  swept  inner  part,  and  was  envisaged  as  having 
attached  flow  over  the  outboard  sections,  except  perhaps  at  the  tips.  The  combination  was  intended  to  remove 
the  central  kink  effect  in  the  loading  of  the  basic,  moderately  swept  wing;  in  particular,  to  avoid  the 
formation  of  a forward  leg  to  the  shock  system  at  transonic  speeds.  At  about  the  same  time,  research  was  in 
progress  in  the  USA  for  the  light-weight  fighter  progransae.  The  two  aircraft  that  reached  prototype  stage, 
the  General  Dynamics  YF-16  and  the  Northrop  YF-17  (see  Refs  2 and  3),  both  featured  highly-swept  leading- 
edge  extensions  at  the  wing  root,  or  'strokes' . These  strakes  appear  to  have  been  first  introduced  to  fix 
the  unsteady  or  asymmetrical  forebody  separations  on  the  aircraft,  which  could  have  caused  problems  of 
stability  and  control  at  high  incidence.  Further  research  (see,  eg  Staudacher^)  has  shown  that  the  strakes 
may  have  beneficial  effects  at  low  speeds  in  delaying  the  conventional  stall  and  reducing  drag  at  high  lift, 
at  transonic  speeds  in  reducing  buffet  intensity,  and  at  supersonic  speeds  in  reducing  wave  drag. 

These  prospects  have  encouraged  further  investigation  of  wing-strake  combinations,  and,  in 
of  a series  of  wind-tunnel  tests  at  KAE,  surface  oil-flow  photographs  have  been  obtained.  Fig  1 
compariaon  between  the  flow  patterns  at  low  speed  on  a wing  of  40°  leading-edge  3weep  and  aspect 


the  course 
shows  a 
ratio  3, 
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at  14°  incidence,  with  and  without  a strake  of  75°  leading-edge  sweep.  It  can  be  seen  that,  even  for  this 
moderate  sweep  of  the  outboard  section,  a separation  near  the  leading  edge  is  induced  by  the  strake,  at  an 
incidence  for  which  the  flow  over  the  same  wing  without  the  strake  is  attached.  This  Paper  is  concerned 
with  possible  mechanisms  for  this  premature  separation. 

For  a wing  of  given  planform  and  thickness  distribution,  it  is  likely  that  the  tendency  of  the  flow 
to  separate  at  the  leading  edge  is  dependent  upon  the  magnitude  of  the  leading-edge  suction  force,  which 
is  related  to  the  coefficient  of  the  inverse  square-root  singularity  in  the  loading  there,  as  given  by  the 
linearised  theory  of  attached  flow^.  If,  for  instance,  it  is  intended  to  avoid  leading-edge  separation  on 
a sharp-edged  wing,  Lite  mean  surface  of  the  wing  is  warped  so  that  this  coefficient  vanishes.  It  might 
therefore  be  hoped  that  an  indication  of  the  effect,  of  the  strake  could  be  obtained  by  calculating  the 
attached  flow  over  the  planform,  with  and  without  the  strake,  and  comparing  values  of  this  coefficient  on 
the  main  wing  • utboard  of  its  intersection  with  the  strake  leading  edge.  From  the  results  of  such  a 
calculation  it  appears  that  the  increase  in  leading-edge  suction  produced  by  the  strake  in  wholly  attached 
flow  would  probably  be  insufficient  to  explain  the  early  separation  on  the  outboard  section  of  the  wing. 

In  any  case,  it  is  clear  that  the  vortex  shea  from  the  highly  swept  leading  edge  of  the  strake  will 
modify  the  distribution  of  leading-edge  suction,  reducing  it  to  zero  along  the  strake  itself.  Accordingly, 
a simple  representation  of  the  flow  with  separation  from  the  strake  was  devised,  and  the  corresponding 
distribution  of  leading-edge  suction  over  the  main  wing  was  calculated.  This  showed,  as  expected,  that  the 
suction  near  the  kink  in  the  leading  edge  is  very  small,  though  further  outboard  the  increased  upwash 
induced  by  the  strake  vortices  produces  an  increase  in  leading-edge  suction.  It  also  emerged  that  the 
vortices  induce  a large  sidewash  in  the  neighbourhood  of  the  kink  in  the  leading  edge.  This  outward 
component  of  velocity  changes  the  direction  of  the  flow  approaching  the  leading  edge  of  the  main  wing, 
increasing  its  effective  angle  of  sweep  and  so  encouraging  separation  there. 

The  appearance  of  leading-edge  separation  on  the  straked  wing  at  a lower  angle  of  incidence  than  on 
the  basic  wing  is  therefore  attributed  to: 

(a)  an  increase  in  the  effective  sweep  of  the  leading  edge  of  the  main  wing  near  the  kink  section,  and 

(b)  an  increase  in  the  effective  incidence  of  the  outboard  sections  of  the  main  wing. 

Both  of  these  effects  are  caused  by  the  strake  vortices.  It  also  seems  likely  that 

(c)  a leading-edge  vortex,  formed  on  the  outer  wing  near  the  kink,  itself  induces  an  outboard  flow  which 

tends  to  sustain  the  separation. 

2 CALCULATION  METHODS 

2.1  Attached  flow 

Two  methods,  both  lifting-surface  treatments  based  on  the  linearised  theory  of  subsonic  flow,  were 
used  for  the  attached-flow  calculations.  One,  due  to  Hewitt  and  Kellaway6,  uses  a global  mode  represent- 
ation of  the  loading,  with  modes  specially  chosen  to  reflect  the  singular  behaviour  of  the  loading  at  the 
apex  of  the  wing7'**.  The  computer  program  was  modified  to  calculate  the  coefficient  of  the  singularity  in 
the  loading  at  the  leading  edge.  This  coefficient  is  defined  as 

C.(y)  » lim  n^i(y,n)  , (I) 

n-»Q 

where  K is  the  loading,  y is  a spanwise  coordinate  and  n is  the  distance  from  the  leading  edge, 
measured  normal  to  it.  As  C(y)  is  dimensional,  the  convention  is  introduced  that  all  lengths  are  scaled 
on  the  semi-span  of  the  planform.  The  second  method  used  is  an  iterative  technique  based  on  vortex  lattice 
theory,  developed  by  Sells  at  RAE  and  briefly  described  in  the  Appendix.  In  this  program  a term  closely 
related  to  C(y)  is  calculated  as  part  of  the  standard  output. 

The  planform  selected  for  this  study  is  one  for  which  a lifting-surface  theory  calculation  had  already 
been  performed  by  Kellaway^,  using  the  method  of  Ref  6.  It  is  shown  as  A in  Fig  2,  with  an  outline  of  the 
planform  of  the  wind-tunnel  model  (which  included  a fuselage  and  a faired  intake)  shown  as  B for  comparison. 
The  basic  wing,  without  strake,  is  obtained  by  extending  the  leading  edge  of  the  outboard  section  to  the 
root  in  each  case.  Despite  the  differences  between  the  plaoforms  A and  B,  the  qualitative  results  of  the 
study  are  expected  to  be  applicable  to  the  experimental  situation. 

The  two  calculation  methods  were  applied  to  the  basic  wing  as  a check  of  consistency:  they  predicted 
the  same  distribution  of  G(y)  , except  for  a small  discrepancy  at  the  wing  tip,  introduced  by  rounding  the 

planform  corner  in  the  method  of  Ref  6.  It  was  concluded  that  the  two  methods  could  be  used  interchangeably 

on  wings  of  this  type. 

When  tha  strake  is  added  ahead  of  the  basic  wing,  a kink  is  introduced  in  the  leading  edge  of  the 
planform.  It  can  be  shown,  from  exact  local  solutions' >8  to  the  linearised,  thin-wing  problem  in  subsonic 
flow,  that  G(y)  should  become  infinite  at  such  a concave  corner  in  the  leading  edge.  This  singularity 
will  not  appear,  unless  specially  incorporated,  in  results  obtained  by  numerical  methods.  However,  by 
selecting  a vortex  lattice  that  concentrated  elements  in  the  vicinity  of  the  kink,  the  failure  could 
apparently  be  localised  to  its  immediate  neighbourhood.  The  use  of  global  modes  in  the  method  of  Hewitt  and 
Kellaway^  produced  a much  smoother  variation  of  G(y)  , which  appeared  unlikely  to  represent  the  effects  of 
the  change  in  sweep  correctly.  For  this  reason,  the  iterative  method  based  on  the  vortex  lattice  and 
described  in  the  Appendix  was  preferred  for  the  determination  of  G(y)  on  the  straked  planform. 

2.2  Strake  separation 

The  only  methods  available  for  calculating  the  flow  over  the  strake  with  leading-edge  ceparation  rely 

on  slander-body  assumptions.  In  particular,  they  do  not  allow  for  the  upstream  influence  of  the  main  wing. 

This  means  that,  for  a plane  stroke  of  delta  planform,  they  predict  a conical  flow  in  which  the  loading  on 
the  stroke  is  uniform  along  conical  rays  through  the  apex.  Calculations  by  Kcllaway?  using  the  method  of 


7-3 


Ref  6 on  planform  A of  Fig  2 show  that  the  attached  flow  i9  far  from  conical  over  the  strake.  The  curves 
labelled  LST  (lifting  surface  theory)  in  Fig  3 show  the  variation  in  the  attached  flow  loading  along  the 
conical  rays  on  the  strake.  The  abscissa,  x/s  , is  the  downstream  distance  measured  in  terms  of  the 
overall  semi-span,  so  that  the  kink  in  the  leading  edge  occurs  at  x/s  = 0.94  . It  is  apparent  that  the 

loading  approximately  doubles  over  the  length  of  the  strake.  A straightforward  use  of  slender-body  methods 

would  therefore  be  inadequate  and  some  adaptation  is  needed. 

The  increase  in  loading  shown  in  Fig  3 must  be  due  to  the  upwash  induced  by  the  bound  vortices  of  the 

main  wing.  It  is  plausible  that: 

(a)  although  this  upwash  falls  off  rapidly  ahead  of  the  wing,  it  varies  little  across  the  span  of 
the  strake;  and 

(b)  the  induced  upwash  in  the  real  flow  is  close  to  that  calculated  for  the  same  geometric  incidence 
by  lifting  surface  theory  for  attached  flow.  This  suggests  that  the  lifting  surface  theory  can  be  used  to 
generate  an  'equivalent  lengthwise  camber'  of  the  strake,  the  amount  of  this  camber  being  proportional  to 
the  geometric  incidence  of  the  wing.  The  limitation  to  purely  lengthwise  camberi  in  which  croas-sections 

of  the  strake  are  plane,  is  necessary  because  this  is  the  only  case  for  which  a general  calculation  method 
for  leading-edge  separation  is  available.  The  equivalent  lengthwise  camber  is  constructed  by  matching  the 
loadings  on  the  strake  calculated  for  attached  flow, 

(a)  by  lifting  surface  theory^*?  for  the  actual  plane  wing,  and 

(b)  by  3lender-body  theory  for  the  strake  with  equivalent  lengthwise  camber. 

The  loading  according  to  slender-body  theory  can  be  obtained  readily  from  the  well-known  expression 
for  the  velocity  potential  on  a plane  slit  of  semi-span  s(t)  in  an  upward  cross-flow  W(x)  : 

4 ” ± W(x)(s2(x)  - y2)  ^ 

where  the  upper  and  lower  signs  refer  to  the  upper  and  lower  surfaces  of  the  slit.  The  loading  i(x,y)  is 
then  given  by: 

4 ’ acp  " '§A!i  ’ ££(w<x)<.2<*)  -y2)1), 

where  U is  the  free-stream  speed.  For  a delta  wing  of  apex  angle  2y  , s(x)  ■ Kx  , where  K » tan  y . 

For  a lengthwise  camber  h(x)  , measured  downwards,  superposed  on  a uniform  incidence  a i 


Hence 

f(x,n)  - 

where  n " y/Kx  is  a conical  coordinate  running  from  zero  at  the  centre  line  to  I at  the  leading  edge. 

The  problem  is  now  to  choose  a function  h(x)  so  that  the  loading  given  by  (2)  matches  the  loading  from 
the  lifting  surface  theory  shown  in  Fig  3. 

A very  simple  approach  was  found  to  give  adequate  result  The  camber  was  represented  by  a quart ic 
polynomial 

h(x)  “ hj  4 sx  + bx2  + ex'*  + dxA  , (3) 

where  h„  is  a vertical  displacement  which  does  not  affect  the  loading  (2).  The  loading  as  given  by  (2) 
and  (3)  was  then  equated  to  the  loading  given  by  the  lifting  surface  theory?  at  four  points  along  the  conical 
ray  n " 0.7  . This  yields  four  linear  equations  for  the  four  constants  a,b,c,d.  The  fitted,  tilender-body 
theory,  loading  which  results  is  shown  by  the  broken  curves  in  Fig  3.  The  discrepancies  are  mainly  due  to 
the  variation  in  the  induced  upwash  across  the  strake  semi-span;  they  are  not  large  enough  to  discredit  the 
approach  adopted. 

We  note  that  the  coefficients  a,b,c,d  are  proportional  to  the  incidence,  u , of  the  wing-  The  camber 
line  obtained  is  shown  in  the  lower  part  of  Fig  4.  The  camber  is  reflex,  the  local  incidence  falling  from 
its  value  at  the  apex  over  the  first  part  of  the  chord,  though  this  is  not  obvious  in  the  figure. 

It  is  now  assumed  that  the  development  of  the  leading-edge  separation  on  the  atrake  of  the  actual  wing 
is  approximated  by  the  development  of  the  leading-edge  separation,  as  calculated  by  slender-body  theory,  on 
the  strake  with  the  equivalent  lengthwise  camber.  The  separated  flow  on  the  strake  with  lengthwise  camber 
was  calculated  first  using  the  method  of  Clark'O,  which  uses  a vortex-sheet  representation  of  the  leading- 
edge  vortex.  Convergence  difficulties  were  experienced  at  low  angle*  of  incidenca,  probably  because  the 
local  incidence  initially  decreases  downstream  of  the  apex.  Further  calculation*  at  low  angle*  of  incidence 
Were  made  ueing  the  isolated  vortex  representation  of  the  leading-edge  vortex,  by  an  extension  of  Smith's 
technique*’.  The  two  methods  gave  similar  results  for  the  overall  circulation  of  the  vortex,  aa  shown  in 
Fig  4 for  an  incidence  of  0.13  radians.  It  is  well  known  that  the  isolated  vortex  model  predicts  a vortex 
position  too  far  outboard.  This  ia  relatively  unimportant  ii  the  present  context,  since  an  error  significant 
on  the  scale  of  the  strake  span  is  much  less  so  on  the  scale  of  the  overall  wing  span.  The  use  of  the 
inferior  model  therefore  seems  acceptable. 

Each  calculation  method  needs  a conical  starting  solution:  for  the  vortex  sheet  model  this  is  taken 
from  the  solutions  of  Smith1^,  for  the  Isolated  vortex  model  it  coaxes  from  the  solutions  of  Brown  and 
Michael*-*.  The  conical  starting  solution  must  approximate  to  the  exact  solution  for  the  non-conical  wing 
at  an  initial  station  which  is  a small  distance  downstream  of  the  apex-  The  conical  solution  chosen  is  the 
one  determined  by  the  local  incidence  and  local  leading-edge  sweep  at  this  initial  station.  Tha  calculations 
then  proceed  by  integration  of  ordinary  differential  equations  in  tha  downstream  direction.  An  example  of 


W(x)  - U(u  + h'  (x) ) 
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the  results  obtained  from  Clark's  method  is  sho\m  in  Fig  5,  for  a « 0,25  radians.  The  departure  from 
conicality  is  indicated  in  Fig  5 by  the  departure  of  the  circles,  which  represent  the  positions  of  the 
vortex  core  in  successive  cross-sectional  planes,  from  the  crosses,  which  lie  where  the  straight  line  drawn 
through  the  apex  and  the  first  of  the  circles  meets  the  cross-sectional  planes.  Fig  4 shows  the  corres- 
ponding effects  on  the  overall  circulation.  For  a conical  flow  this  grows  linearly  with  distance  downstream; 
the  non-linear  growth  is  particularly  marked  near  the  rear  of  the  strake,  where  the  influence  of  the  main 
wing  is  strongest. 

2.3  Overall  flow 

The  calculation  of  the  development  of  the  strake  vortex  as  far  back  as  the  kink  in  the  leading  edge 
has  been  described.  It  is  assumed  that  this  vortex  is  no  longer  fed  by  separation  from  the  wing  aft  of 
this  point,  so  that  its  overall  circulation  remains  constant.  This  assumption  is  based  on  the  interpret- 
ation of  oil-flow  patterns  like  that  in  Fig  I.  It  would  not  be  appropriate  if  the  outboard  panel  of  the 
wing  were  highly  swept  and  the  kink  in  the  leading  edge  were  less  pronounced.  When  Clark's  method*®  is 
used,  the  position  of  the  vortex  in  the  cross-flow  plane  through  the  kink  is  defined  as  the  centroid  of  the 
circulation  in  the  sheet  and  the  core  in  that  plane,  as  though  an  instantaneous  rolling-up  process  occurred 
there,  Finally,  in  order  to  calculate  the  upwash  field  induced  over  the  wing  by  the  pair  of  vortices  shed 
from  the  strake  leading  edges  as  simply  as  possible,  these  vortices  are  replaced  by  a pair  of  infinite  line 
vortices  of  this  constant  strength,  parallel  to  the  free-stream  direction  (and  consequently  parallel  to  the 
plane  on  which  the  wing  boundary  condition  is  satisfied),  passing  through  the  calculated  position  in  the 
cross-flow  plane  containing  the  kink. 

This  pair  of  infinite  line  vortices  induces  an  upwash  which  is  equivalent  to  a simple  twist  of  the 
wing.  This  twist  was  evaluated  for  an  incidence  of  0.25  radians,  and  the  coefficient  G(y)  of  the  leading- 
edge  suction  on  this  twisted  wing  was  evaluated  using  the  lifting-surface  method  of  the  Appendix.  We  note 
that  in  order  to  evaluate  the  loading  over  the  wing  we  should  have  needed  to  consider  the  contribution  to 
the  Bernoulli  relation  made  by  the  product  of  the  mean  sidewash  induced  by  the  line  vortices  and  the  jump 
in  sidewash  across  the  wing.  We  note  also  that  the  wake  in  this  simple  model  is  no  longer  force-free, 
because  of  the  sidewash  induced  by  the  line  vortices.  We  do  not  expect  this  to  invalidate  the  conclusions 
drawn  in  the  next  section. 

The  distribution  across  the  wing  span  of  the  downwash  and  sidewash  induced  by  the  pair  of  line 
vortices  was  also  calculated  for  other  angles  of  incidence,  since  these  distributions  depend  on  incidence 
in  a highly  nonlinear  fashion;  but  no  further  lifting-surface  theory  calculations  were  made. 

3 DISCUSSION 

3.1  Results  and  their  interpretation 

As  explained  in  the  Introduction,  the  magnitude  of  the  leading-edge  suction,  or  the  coefficient  C(y) 

of  the  singularity  in  the  loading  at  the  leading  edge,  provides  a measure  of  the  tendency  of  the  flow  to 

separate  on  a wing  of  given  planform  and  thickness.  Fig  6 shows  the  variation  of  G(y)  across  the  span  for 
throe  cases.  For  the  basic  wing  without  a strake,  the  plain  curve  shows  a fairly  uniform  level  across  most 

of  the  span,  falling  to  zero  at  the  centre  section  and  the  tip,  as  would  be  expected  from  the  local 

solutions7’®  for  convex  leading-edge  corners.  Adding  the  strake,  but  still  assuming  the  flow  remains 
attached  everywhere,  gives  the  curve  labelled  with  circles.  As  would  be  expected,  this  lies  close  to  the 
previous  curve  outboard.  It  rises  above  the  previous  curve  as  the  kink  is  approached,  but  remains  within 
I0Z  of  the  basic  wing  value.  The  exact  local  behaviour  involves  an  infinite  peak  at  the  kink  which  the 
numerical  method  does  not  reproduce.  Inboard  of  the  kink  the  level  is  much  lower,  because  the  sweep  is 
higher;  this  portion  of  the  curve  is  not  of  present  interest.  Under  the  assumption  of  attached  flow, 
therefore,  adding  the  strake  produces  some  increase  in  leading-edge  suction  just  outboard  of  the  kink, 
though  the  increase  looks  to  be  too  small  to  be  responsible  for  the  earlier  separation  there. 

The  third,  broken,  curve  in  Fig  6 is  based  on  the  more  realistic  model  described  in  the  previous 
section,  in  which  the  strake  vortices  are  represented  for  an  incidence  of  0.25  radians.  Over  almost  all  of 
the  strake,  the  values  of  C(y)  are  negative,  because  the  infinite  vortex  introduced  to  represent  the  effect 
of  the  strake  vortex  drives  the  flow  downwards  round  the  leading  edge  of  the  strake.  The  real  flow 
separates  at  the  leading  edge  of  the  strake  and  the  suction  vanishes  there.  Near  the  kink  G(y)  does 
vanish,  indicating  that  the  vortex  is  in  the  right  place  and  has  the  right  strength  at  that  streamwise 
station.  Just  outboard  of  the  kink  G(y)  lies  below  the  curve  for  the  basic  wing,  so  that  in  this  vital 
area  this  mechanism  is  not  the  cause  of  the  early  separation.  Further  outboard  the  level  of  G(y)  is 
raised  by  some  20 Z. 

Fig  7 shows  the  upwash,  w , induced  in  the  plane  of  the  wing  by  the  pair  of  infinite  vortices 

introduced  to  represent  the  strake  vortices  at  a * 0.25  radians.  Immediately  outboard  of  the  kink  this 

exceeds  the  level  due  to  the  basic  geometric  incidence,  aU  , and  even  at  the  tip  is  about  20Z  of  aU  . 

This  explains  the  increased  level  of  leading-edge  suction  on  the  outboard  part  of  the  main  wing  which  appears 
in  Fig  0.  The  variation  of  the  induced  upwash  field  with  incidence  is  illustrated  in  Fig  8.  We  see  that 
the  induced  upwash  is  nearly  proportional  to  the  geometric  incidence  on  the  centre  line  and  near  the  tip, 
but  varies  little  with  incidence  near  the  kink  section. 

Fig  7 also  shows  the  sidewash,  v , induced  in  the  plane  of  the  wing  by  the  same  vortex  pair.  This 

falls  off  very  rapidly  towards  the  tip,  but  under  the  starboard  vortex,  near  the  kink  in  the  leading  edge, 

it  is  very  large,  of  the  order  of  the  free-stream  speed,  This  sidewash  represents  a significant  outboard 
deflection  of  the  flow  approaching  the  main  wing  immediately  outboard  of  the  kink,  that  is  to  say,  a 
significant  increase  in  the  effective  angle  of  sweep  of  the  main  wing  in  this  region.  Fig  9 shows  that  this 
increase  in  effective  sweep  persists  at  lower  angles  of  incidence,  though  its  lateral  extent  shrinks.  The 
maintenance  of  the  large  sidewash  at  ‘he  lower  incidences  is  due  to  the  decrease  in  height  of  the  vortex  pair 
above  the  wing  compensating  for  the  reduction  in  circulation. 

This  increase  in  the  effective  sweep  of  the  leading  edge  of  the  main  wing  inuediately  outboard  of  the 
kink  is  a mechanism  by  which  leading-edge  separation  on  the  outboard  wing  is  encouraged  by  the  presence  of 
a strake.  Not  only  is  separation  provoked  at  a lower  angle  of  incidence,  but  the  separation  which  occurs 
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can  be  expected  to  be  o the  steady  type  associated  with  vortex  formation  at  highly  swept  leading  edges. 

The  rapid  reduction  in  the  induced  sidewash  further  outboard  limits  the  spanwise  extent  over  which  this 
mechanism  can  operate.  A second  mechanism  brought  out  by  the  present  calculations  is  the  increase  in 
leading-edge  suction  over  the  outboard  part  of  the  main  wing.  This  is  expected  to  encourage  leading-edge 
separation  further  outboard.  Finally,  we  expect  that  a leading-edge  vortex  initiated  immediately  outboard 
of  the  kink  generates  an  outflow  beneath  itself,  spreading  the  reduction  in  effective  sweep  further  out- 
board, so  that  the  leading-edge  separation  is,  in  a sense,  self-sustaining. 

Whether,  at  a given  incidence,  the  vortex  ini  ti'ated  at  the  kink  in  the  leading  edge  extends  along  the 
leading  edge  to  the  tip,  giving  a unified  flow  pattern,  or  whether  it  streams  back  across  the  wing  as  a 
par.t-span  vortex,  leaving  a variable  extent  of  quasi-two-dimensional  flow  at  the  tip,  clearly  depends  on: 

(a)  the  strengtn  of  the  strake  vortex  and  its  height  above  the  wing; 

(b)  the  lateral  position  of  the  strake  vortex  in  relation  to  the  overall  semi-span; 

(c)  the  geometric  sweep  of  the  leading  edge  of  the  outboard  wing,  including  the  tip  shape;  and, 
to  a lesser  extent, 

(d)  the  leading-edge  profile,  the  thickness,  and  the  warp  of  the  outer  wing. 

3.2  Further  remarks 

The  present  study  was  aimed  at  explaining  early  separation  at  low  speeds  and  at  nn  incidence  well 
below  the  stall  of  the  straked  wing,  since  these  conditions  lay  within  the  scope  of  existing  modelling 
techniques.  However,  it  is  worth  speculating  how  far  the  large  predicted  outflows  may  go  towards  explaining 
more  relevant  features  of  the  behaviour  of  straked  wings.  First  let  us  consider  the  behaviour  of  the  flow 
at  low  speeds  and  larger  angles  of  incidence.  If  a unified  flow  pattern  is  set  up  with  a separation  of 
vortex  type  along  the  whole  of  the  leading  edge,  then,  on  the  analogy  of  the  slender  wing,  we  can  expect 
this  to  persist  in  a steady  and  stable  form  up  to  large  angles  of  incidence.  Even  without  the  achievement 
of  a unified  flow,  the  outflow  is  likely  to  reduce  the  unsteadiness  associated  with  separations  of  the  two- 
dimensional,  bubble  type  and  to  delay  the  stall  over  as  much  of  the  wing  as  it  affects,  its  action 
resembling  that  of  lateral  jet  blowing.  At  higher  speeds,  any  explanation  of  reduced  buffet  intensity  is 
necessarily  more  speculative.  However,  the  strake  separation  will  take  the  same  form  at  transonic  speeds, 
so  large  local  outflows  will  still  arise.  If  we  consider  the  strength  of  the  outboard  shock  wave  on  a swept 
wing  to  be  governed  by  the  Mach  number  of  the  flow  component  normal  to  wing  sweep,  then  it  is  clear  that 
the  superposition  of  an  outboard  lateral  velocity  reduces  the  shock  strength  through  a reduction  in  the 
velocity  component  normal  to  the  sweep  direction.  Moreover,  if  we  associate  buffet  with  flow  separations 
of  a basically  two-dimensional  character,  then  we  can  expect  a reduction  in  buffet  intensity  from  an  outflow 
which  introduces,  or  augments,  an  element  of  three-dimensionality  in  the  separated  flow. 

« CONCLUSIONS 

The  influence  of  a strake  in  reducing  the  angle  of  incidence  at  which  leading-edge  separation  occurs 
on  a swept  wing  is  attributed  to: 

(a)  an  increase  in  the  effective  angle  of  sweep  of  the  leading  edge  of  the  main  wing  near  the  kink 
section,  and 

(b)  an  increase  in  the  effective  incidence  of  the  outboard  sections  of  the  main  wing. 

Both  of  these  effects  are  caused  by  the  velocity  field  induced  by  the  strake  vortices.  It  also  seems  likely 
that 

(c)  a leading-edge  vortex  formed  on  the  outer  wing  near  the  kink  will  itself  induce  an  outboard  flow 
which  tends  to  sustain  the  separation. 

It  is  suggested  that  the  outflows  induced  by  the  strake  vortices  may  be  instrumental  in  delaying  the 
low-speed  stall  of  the  wing  and  in  reducing  the  intensity  of  buffet  at  high  subsonic  speeds. 
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Appendix 

THE  VORTEX  LATTICE  ITERATIVE  METHOD 

For  a wing  with  given  camber  and  twist,  at  a given  incidence,  the  method  is  designed  to  produce 
a load  distribution  which  varies  smoothly  over  the  planform,  with  appropriate  behaviour  at  the  edges,  such 
that  the  downwash  induced  by  the  load  distribution  at  a set  of  collocation  points  satisfies  the  boundary 
condition  of  zero  velocity  normal  to  the  camber  surface,  this  velocity  being  calculated  in  the  mean  plane 
of  the  wing.  It  exploits  the  flexibility  and  speed  of  the  classical  vortex-lattice  method,  and  the 

accuracy  of  an  existing  method  due  to  Sellsl^  for  the  calculation  of  the  downwash  field  due  to  a wing  with 

a given  load  distribution.  The  vortex-lattice  method  used  was  developed  at  RAE  by  G.A.  Carr-Hill.  Using 
these  two  methods  in  conjunction,  the  loading  on  the  given  wing  can  be  determined  by  iteration.  The  present 
method  was  developed  by  C.C.L.  Sells. 

The  vortex  lattice  method  follows  a standard  pattern.  The  spanwiae  extent  of  the  planform  is  divided 
into  a series  of  chordwise  strips,  the  distribution  of  which  is  governed  by  the  limitations  that  no  strip 
should  cover  the  planform  centreline,  and  that  the  farthest  outboard  strip  should  not  extend  to  the  tip, 
its  distance  from  the  tip  being  one  quarter  of  it?  width.  A further  constraint,  imposed  by  the  downwash 

calculation  and  discussed  later,  is  that  any  planform  kink  (excluding  the  apex)  must  lie  on  the  centreline 

of  a chordwise  strip.  At  each  strip,  the  loading  system  is  represented  by  a set  of  N swept  horseshoe 
vortices,  whose  pivotal  points  (the  centres  of  the  bound  portions  of  the  vortices)  lie  on  the  centreline 
of  the  strip  at  proportions  of  the  loca’  chord  which  follow  a Multhopp  distribution: 
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The  bound  segments  of  the  vortices  lie  along  lines  of  local  sweep  and  extern,  over  the  width  of  the  strip. 
The  trailing  segments  are  continued  rearwards  in  the  mean  plane  of  the  wing,  parallel  to  the  centreline. 
An  associated  set  of  N downwash  sensing  stations  ia  placed  along  the  centreline  of  each  strip  with  a 
distribution  given  by 
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Each  horseshoe  vortex  is  regarded  as  a discretised  representation  of  the  continuously  distributed  bound 
vorticity  over  a section  of  the  chordwise  strip,  A Multhopp  distribution  of  the  vortex  pivotal  points  and 
downwash  sensing  stations  is  chosen  because  this  concentrates  points  near  the  leading  and  trailing  edges  of 
the  planform,  where  most  detail  is  required  in  the  representation  of  the  load  distribution,  while  avoiding 
the  edges  themselves,  With  the  planform  and  vortex  geometry  so  defined,  the  velocity  induced  at  each 
sensing  station  by  the  three  segments  of  each  horseshoe  vertex  is  calculated  from  the  Biot-Savart  law.  As 
this  calculation  is  linear  in  the  vortex  circulations,  ar.  ; nf  i matrix  relating  the  induced  velocities 

at  the  sensing  stations  to  the  strengths  of  tr.c  bound  vortices  can  be  set  up.  This  matrix  is  then  inverted 
and  stored.  Given  the  wing  twist  and  camber  distribution,  and  its  incidence,  the  inverted  matrix  is  used  to 
determine  the  vortex  strengths  required  to  satisfy  the  normal  velocity  condition  at  the  downwash  sensing 
stations.  It  is  here  that  a conventional  vortex-lattice  method  would  stop.  Sells'  modification  proceeds 
to  improve  this  solution,  first  calculating  the  downwash  which  the  vortex-lattice  load  distribution  induces 
in  the  mean  plane  of  the  wing  at  another  set  of  points. 


For  the  downwash  calculation,  it  is  first  necessary  to  recover  the  values  of  the  bound  vorticity, 
Y(x,y)  , from  the  pointwise  concentrated  circulations  of  the  horseshoe  vortices,  !({;,, y)  , at  the -L  + 1 
points  on  the  centreline  of  each  strip  corresponding  to  the  Weber  distribution:  J 
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This  is  carried  out  in  two  stages, 
two  forms  Cor  the  circulation: 


First,  the  value  of  y at  a vortex  pivotal  point  is  found  by  equating 


r «.,y)  = y(?.,y)6x 

a J J 


where  !’g  is  the  spanwise  component  of  the  circulation  of  the  bound  vortex  at  the  pivotal  point  and  fix 
the  length  over  which  the  bound  vorticity  is  distribu  ^d.  Then 


fix 


c(y)«5  t c(y) 


where  c(y)  is  the  local  chord,  and  the  non-dimensional  chordwise  coordinate  t is  related  to  the 
parameter  $ by: 

£ “ J(1  - cos  <|r ) , 0 4>  < TT  . (A-4) 


Then,  by  (A-l),  6 d>  “ 2tr/(2N  + 1)  , so  that 
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where  ; corresponds  to  £•  through  (A-4).  This  expressinu  is  exact  in  the  case  of  a Multhopp  distributed 
vortex  lattice  system  on  a two-dimensional  flat  plate^,  when  values  of  y as  calculated  by  linear  theory  are 
compared  at  the  pivotal  points.  The  corresponding' values  at  the  Weber  points  are  then  obtained  by  a chord- 
wise  cubic-spline  interpolation  method.  The  loading,  £(x,y)  , is  simply  related  to  y by: 

_ 2y (x,y) 
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The  downwash  calculation  also  requites  that  the  chordwise  lines  on  which  the  loading  is  defined 
(strip  centrelines)  must  include  planform  cranks.  This  imposes  the  condition  on  the  panelling  system 
mentioned  earlier.  With  the  loading  now  defined  at  suitable  stations,  the  integration  technique  of  Ref  14 
is  followed.  The  downwash  is  calculated  at  the  Weber  points  along  each  strip  centreline,  and  these  values 
are  compared  with  those  required  by  the  wing  twist,  camber  and  incidence  to  satisfy  the  normal  velocity 
condition  at  those  points.  The  residual  errors  are  evaluated  and  then  interpolated  back  to  the  vortex 
lattice  sensing  stations,  xj  . These  error  values  are  then  inserted  into  the  influence  matrix  equation, 
and  a set  of  corrections  to  the  circulations  of  the  vortex-lattice  system  is  calculated.  The  corrections 
are  added  to  the  previous  circulation  values  for  re-submission  to  the  downwash  calculation  routine,  so 
continuing  the  iteration  cycle.  The  sequence  is  terminated  when  sufficiently  small  error  levels  have  been 
achieved,  or  the  variables  of  interest  (here  the  coefficient  of  the  leading-edge  singularity)  have  ceased 
to  change  significantly.  Convergence  difficulties  have  been  experienced  in  two  circumstances:  the  attempt 
to  calculate  the  properties  of  very  highly  swept  wir.gs  and  the  use  of  vortex-lattice  panels  of  very  low 
aspect  ratio.  No  difficulties  were  encountered  in  the  applications  reported  here. 


I 
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AERODYNAMIC  CHARACTERISTICS  OF  A FIGHTER-TYPE 
CONFIGURATION  DURING  AND  BEYOND  STALL 
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SUMMARY 

In  a German/French  cooperation  between  MBB  and  ONERA  an  experimental  investigation 
was  conducted  in  order  to  study  stability  and  control  characteristics  of  a fighter- 
-type  configuration  at  extreme  incidences. 

Low  speed  wind  tunnel  tests  were  conducted  with  a MBB  pilot  model  in  the  tunnel  SI/ 
ONERA  Modane  («5  8m).  Angle  of  attack  regime  investigated  comprised  a = 0 «■  90°.  Em- 
phasis of  the  study  was  directed  towards  the  stability  and/or  control  contributions 
of  configurational  items  such  as  strakes,  canards,  tails,  rudders  and  controls  and 
maneuver  flap  systems  as  well  as  the  technique  of  "concentrated,  spanwise  blowing". 

Isolated  and  combined  effects  of  those  devices  and  systems  are  demonstrated,  some  un- 
conventional control  devices  are  introduced. 
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1.  INTRODUCTION 

Since  1969  MBB  is  conducting  an  experimental  investigation  which  is  concerned  with  the 
development  of  "wings  with  controlled  separation",  i.e.  hybrid  wing  planforms  and 
strake  wings.  The  scope  of  this  programme,  sponsored  by  the  German  Ministry  of  Defence 
within  the  socalled  ZTL-Programm,  is  sketched  in  Fig.  1 . 
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SCOPE  OF  EXPERIMENTAL  PROGRAMME 
AND  PRESENT  INVESTIGATIONS 


Part  of  these  investigations  was  carried  out  in  a working  group  named  after  the  above 
mentioned  objective  "Wings  with  Controlled  Separation",  with  members  from  research  in- 
stitutes (DFVLR)  and  industry  (MBB,  VFW-F).  Based  on  different  wing  shapes  (see  Fig.l, 
basic  wings  (T)  ♦ (3)  ) effects  of  planform  modifications  and  profile  variations  were 
systematically  Investigated  in  the  M-number  reciime  0.1*M*2.0  in  such  a way,  that 
from  any  status  of  the  programme  effects  could  be  traced  back  and  compared  to  the  ba- 
sic data  in  incremental  form  (this  means  that  from  step  to  step  only  one  parameter 
was  changed  for  sake  of  clarity).  So  all  the  modifications  were  done  in  strict  analogy 
for  the  different  planforrns  (strakes,  canards,  maneuver  flap  systems  etc.). 

Basic  wing  (T)  came  out  to  have  outstanding  maneuver  performances  in  combination  with  a 
slender  strake  <9  strake  planforms  were  investigated),  which  extended  the  conventional 
maneuver  boundaries  to  highly  increased  angles  of  attack.  Hence  it  was  decided  to  find 
out  the  performances  of  this  configuration  in  the  complete  a.o.a.  regime  a = 0 *■  90°. 

This  latter  investigation  was  performed  in  the  course  of  a French/German  cooperation 
between  O.N.E.R.A.  and  MBB,  starting  in  1976  and  being  concerned  with  the  themes  de- 
noted in  Fig.  1 as  "Present  Investigation". 


2. 


MODELS  AND  APPARATUS 
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The  investigation  reported  herein  is  based  on  static  and  dynamic  tests  with  analogous 
models  in  various  wind  tunnels.  Previous  data  were  derived  from  extensive  tests  in 
the  3 x 3m  Low  Speed  and  1 x lm  Transonic  Wind  Tunnel  of  DFVLR-AVA  Gottingen.  The  mo- 
dels used  are  the  MBB  low  speed  or  high  speed  pilot  model  respectively. 


The  configuration  dealt  with  in  the 
present  investigation  up  to  extreme 
a.o.a.  is  shown  in  Flg„  2.  The  origi- 
nal configuration  with  basic  wing© 

( AR  » 3.2  / jIlE  - 32°  / X - 0.3)  is 
modified  by  detachable  strakes  (here: 
strake©with  a straight  L.E.  75° 
swept  back)  the  exposed  area  of  which 
is  11%  of  the  reference  area  of  the 
basic  wing. 

The  strakes  can  be  replaced  by  ca- 
nards of  the  same  area.  The  wing  it- 
self is  equipped  with  a maneuver/ 
high  lift  system,  consisting  of  L.E. 
slats  and  single  slotted  T.E.  flaps 
of  Fowler-type,  extending  over  2/3  of 
the  exposed  span.  Roll  control  is 
provided  by  tip  ailerons  and  the  all 
moving  horizontal  tail  (taileron). 
Directional  control  is  achieved  by  a 
conventional  full  span  rudder.  Fore- 
body fins  (some  times  denoted  as 
"nose  strakes"  or  "planning  fins") 
are  used  to  trigger  symmetric  vortex 
shedding  from  the  pointed  nose.  All 
controls  and  rudders  have  an  exten- 
ded range  of  deflection  up  to  ±90° 

(see  Fig.  2). 

The  model  further  incorporates  a system 
for  spanwise  blowing  from  a position 
10%  behind  the  strake  L.E.,  blowing 
parallel  to  it. 


FIG.  2 PILOT  MODEL 


Convergent,  usually  supercritical  driven  nozzles  were  used.  The  blowing  system  itself 
was  sting  fixed  thus  providing  reaction-force  free,  mere  aerodynamic  effects.  All  low 
speed  static  tests  in  the  a.o.a.  regime  a - 0 ♦ 90°  were  run  in  the  tunnel  SI  of 
O.N.E.R.A.  Modane.  Fig.  3 gives  a photo  of  the  model  at  a » 90°  mounted  on  a special 
rear  sting  support  system  in  the  8m  *5  test  section  of  SI. 


Dynamic  tests  were  carried  out 
using  forced  oscillation  techniques 
up  to  a =■  50°  with  the  weight  re- 
duced (50%)  high  speed  pilot  model 
in  S2  Modane  and  later  in  the  very 
new  FAUGA  FI  tunnel,  Toulouse, 


FIG.  3 pilot  model  in  tunnel  si, 

ONERA,  MODANE 
(TEST  SECTION  8m  0) 


RESULTS 


3.1  Previous  Investigations 

From  extensive  preceding  tests  the  positive  effects  of  an  additional  strake  on  perfor 
mances  and  flying  qualities  are  well  known  and  will  be  summarized  briefly  here,  as 
they  are  documented  elsewhere  (References  [1]  «■  [If]). 

Proper  combination  of  a slender  strake  with  a moderately  swept  basic  wing  will  result 
in  drastic  improvements.  The  most  important  ones  are  found  for  subsonic/transonic  per 
formances  as  increased  maximum  usable  lift  and  reduced  lift  dependent  drag  at  high  in 
cidences.  Buffet  characteristics  are  strongly  affected  in  a positive  sense  for  lift 
level  and  buffet  intensity  (penetration)  as  well.  In  tHe  supersonic  speed  regime  re- 
ductions of  wave  drag  and  trimmed  induced  drag  are  found  simultaneously. 


St-— SI 


LE.B 

HIGH  WING 
LOW  SPEED 


..SI— WB 
'"-St  — AB 


FIG.  4 INTERFERENCE  LIFT 
OF  THE  STRAKE 

These  overall  effects  being  well  understood, Fig.  4 wants  to  give  a measure  for  the  de- 
gree and  loc  a ti  o n of  positive  interaction  between  the  strake  and  the  rest  of  the 
configuration.  Interference  lift  increments  <3Cl  due  to  the  strake  are  compared  for 
different  parts  of  the  configuration,  data  were  derived  with  the  VFW  sectional  load 
technique  (Ref. [6]),  subdividing  the  wing-body  combination  in  segments  as  denoted  in 
Fig.  4 by  riose-, fore-,  wing-  and  _afterbody  and  by  segments  of  the  exposed  wing  (strake 
and  basic  wing),-each  equipped  with  its  own  balance.  Results  obtained  with  this  tech- 
nique were  found  to  be  in  good  agreement  with  pressure  distrioution  data  (Ref. [7])  ta- 
ken from  an  analogous  model. 

Lift  carry-over  due  to  the  strake  is  positive  for  the  nose-body  (NB)  and  fore-body 
section  (FB),  but  is  negative  for  the  part  designated  wing-body  (WB),  lift  of  afterbo- 
dy remains  nearly  unchanged.  Interference  of  strake  on  wing  is  negative  for  low  to  mo- 
derate a.o. a, , but  when  maximum  angle  of  attack  of  the  basic  wing  is  approached  posi- 
tive interference  lift  is  developing  rapidly  (St  — ^W),  reaching  a peak  value  near 
maximum  lift  of  the  strake  configuration.  To  give  some  figures,  aoout  40%  of  the  addi- 
tional maximum  lift  are  acting  on  the  strake  itself,  the  same  is  true  for  the  inter- 
ference of  the  strake  on  the  basic  wing. 

The  leaving  20%  of  Incremental  lift  are  positioned  on  the  body  besides  and  in  front 
of  the  strake,  i.e.  forebody  and  nose  body. 
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3.2  Present  Investigation 

The  present  investigation  may  be  divided  in  three  major  points  of  interest,  concerning 
the  characteristics  of  the  configuration  at  extreme  angles  of  attack  in  respect  of 

• static  stability  and  control  including 

• effect  of  spanwise  blowing 

• dynamic  stability  derivatives 


3.2.1  Longitudinal  static  data 

Analysis  is  concentrated  here  on  the  effects  of  planform  modifications  such  as  strake 
or  canards  and  the  influence  of  spanwise  blowing  on  the  strake  wing.  It  shall  be  poin- 
ted out  again  that  all  these  modifications  used  here  are  devices  to  generate  or  stabi- 
lize and  control  concentrated  stable  vortex  systems. 

In  Fig.  5a  the  effect  of  strake  and/or  spanwise  blowing  on  lift  and  pitching  moment  is 
given  and  is  compared  to  the  data  of  the  unmodified  basic  wing.  There  is  an  increase 
of  about  60%  in  maximum  lift  due  to  the  additional  strake  (^cLstr  (1)  ).  simultaneously 
applying  spanwise  blowing  gives  a further  increment  ^ClCu»o.1  of  aqout  the  same  magni- 
tude for  a blowing  coefficient  c^  ■ 0.1.  ^ 

There  is  a "quasi-camber  effect"  induced  by  spanwise  blowing  at  low. lift  coefficients, 
shifting  the  lift  curves  with  increasing  cp,  like  positive  flap  deflections  tend  to  do. 
This  effect  is  not  found  for  the  pitching  moment  characteristics.  Spanwise  blowing 
neither  altering  zero  pitching  moment  nor  basic  stability,  center  of  pressure  and 
neutral  point  locations  remain  roughly  constant.  But  the  pitch-up  tendency  of  the  un- 
blown strake  configuration  is  favorably  reduced  linearizing  the  pitching  moment  curves 
up  to  extended  range  of  incidences. 


FIG.  5a  EFFECT  OF  STRAKE 
AND/OR  SPANWISE 
BLOWING  ON  LIFT  AND 
PITCHING  MOMENT 

(TAIL  OFF  ) 


FIG.  5b  EFFECT  OF  STRAKE 
AND/OR  SPANWISE 
BLOWING  ON  DRAG -DATA 

(TAIL  OFF) 


Fig.  5b  compares  the  drag  characteristics,  induced  either  by  the  strake  and/or  span- 
wise  blowing.  A more  detailed  analysis  at  low  incidences  would  again  show  the  above 
mentioned  camber  effect  due  to  spanwise  blowing,  manifested  in  a cross-over  of  the 
drag  polars  and  a shift  of  minimum  drag  to  increased  lift  coefficients  with  increasing 
blowing  intensity  C|X  (see  References  [19],[23j).  The  reduction  of  lift  dependent  drag 
at  high  angles  of  attack  is  directly  related  to  the  development  of  additional  non-li- 
near lift  either  by  the  strake  and/or  spanwise  blowing,  not  restoring  L.E.  suction  but 
reducing  a.o.a.  for  a given  lift  coefficient. 


mm 
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FIG.  6 TRIMMED  LIFT  POLARS  FOR 
DIFFERENT  BLOWING 
INTENSITIES  cp 


Trimmed  lift  data  are  given  in  Fig.  6.  again  demonstrating  the  excess  lift  produced 
by  spanwise  blowing  up  to  angles  of  attack  a *80°.  The  all  moving  low  horizontal  tail 
provides  sufficient  trim  power  for  all  incidences,  see  Fig,  7 . For  an  assumed  static 
stability  margin  of  5*  the  horizontal  tail  trim  settings  ltrim  are  plotted  versus  the 
trimmed  angle  of  attack  for  the  unblown  configuration  and  with  spanwise  blowing  (c^  - 
0.1/0. 2).  Trim  characteristics  are  almost  linear,  spanwise  blowing  alleviating  trim- 
ming as  indicated  by  the  reduced  elevator  deflections  for  constant  angle  of  attack. 


20  30 


HORIZONTAL  TAIL  TRIM  ANGLES 
AS  AFFECTED  BY  ANGLE  OF  ATTACK 
AND  SPANWISE  BLOWING 


The  strake  can  be  replaced  either 
by  the  slender  canard  (~C1)  (Ale  » 

70°)  or  the  moderately  swept  canard 
CC2)  (Ale  * 45°)  of  identical  wet- 
ted area  (11%  of  the  basic  wing  re- 
ference area).  Comparison  of  the 
lift  produced  by  the  different  con- 
figurations is  given  in  Fig.  8a, 
demonstrating  the  superiority  of 
the  strake  design. 

This  is  further  high-lighted  by  the 
corresponding  drag  curves  plotted 
in  Fig.  8b.  Nevertheless  the  ca- 
nards are  helpful  as  trim  and  con- 
trol devices  for  longitudinal  and  la- 
teral/directional motions  and  can 
be  favorably  used  for  CCV-modes 
like  direct  lift  control,  sideforce 
control  and  maneuver  enhancement 
etc,  thus  introducing  a certain 
amount  of  flexibility  for  the  de- 
sign process. 


FIG.  8a  EFFECT  OF  STRAKE  OR 
CANARDS  ON  LIFT 


BBSSb 


o,2  0.2,  0,6  o.e  to  i.*  i# 


1 “ ‘"UQ‘2 


FIG. 8b  EFFECT  OF  STRAKE  OR  CANARDS  ON  DRAG 


3.2.2  Buffet  tracking 

Buffet  characteristics  were  traced  with  strain  gauges  to  determine  the  RMS  data  of 
wing  root  bending  and  torsional  moments.  Additional  information  was  supplied  by  two 
tip  accelerometers  positioned  at  25%  and  65%  tip  chord.  Results  obtained  with  the  dif- 
ferent sensors  all  give  the  same  message  presented  in  Fig. _9  for  the  wing  root  bending 
moment  RMS  data. 
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FIG  9 EFFECT  OF  SPANWISE  BLOWING  ON 
BUFFET  INTENSITY 
(RMS-DATA  OF  WING  ROOT  BENDING 
MOMENT  OSCILLATION  ) 


Comparison  of  the  strake  wing  with/without  spanwise  blowing  indicates: 

• some  additional  slight  disturbances  are  induced  by  spanwise  blowing  at  low 
incidences 

• divergence  a.o.a.  is  shifted  to  higher  values  thU3  an  Increase  of  buffet 

onset  lift  (Clc^«o  » 1.2  / ■ 1.68)  of  40%  is  found  for  cp  ■ 0.1 

• peak  loads  develop  at  angles  of  attack  slightly  above  maximum  lift 

• peak  intensities  are  reduced  by  spanwise  blowing,  despite  of  the  higher  sta- 
tic max.  lift  of  the  blown  wing 

• with  further  increased  incidences  buffet  intensities  vary  approximately  with 
the  corresponding  static  lift  and  tend  to  level  out  at  the  niveau  of  the  ba- 
sic low  angle  of  attack  data. 


3.2.3  Lateral/directionsl  static  data 

Longitudinal  motion  came  out  to  be  the  less  problematic  case  for  the  poststall  a.o.a. 
regime  from  an  aerodynamic  point  of  view.  Stability  and  control  was  simply  achieved  by 
conventional  devices  with  extended  range  of  deflection  (elevator,  canards,  flaps  etc.). 
Main  problems  to  be  solved  arose  from  lateral/directional  stability  for  this  configu- 
ration. 


FIG.  10  EFFECTS  OF  ASYMMETRIC  VORTEX  SHEDDING  ON 
LATERAL/ DIRECTIONAL  CHARACTERISTICS  FOR 
ZERO-SIDESLIP,  INFLUENCE  OF  FOREBODY  FINS 
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Even  for  symmetric  flow  (P  - 0°)  large  excursions  were  found  for  Bideforce  and  yawing 
moment,  Fig.  10.  which  are  traced  back  on  asymmetric  vortex  shedding  from  the  pointed 
nose  of  the  body  at  angles  of  attack  near  50°  (positive  sideforces  inducing  positive 
yawing  moments).  Slender  forebody  fins  were  placed  in  the  nose  region  of  the  configu- 
ration, immediately  curing  this  deficiency.  Fig.  11  is  showing  the  answer  on  where 
the  "nose  strakes"  should  be  placed  longitudinally.  Devidlng  the  resulting  moment  by 
the  acting  force  is  giving  the  position  of  the  resultant  force.  It  is  evident  that 

a.  the  disturbances  have  their  origin  in  the  nose/forebody  region  of  the  con- 
figuration 

b.  the  "nose  strakes"  should  extend  longitudinally  roughly  up  to  the  cockpit, 
thus  triggering  symmetric  vortex  shedding  in  a most  efficient  way. 


FIG.  11  LONGITUDINAL  LOCATION  OF  RESULTANT 
SIDEFORCE,  INDUCING  YAW  DIVERGENCE 
FOR  ZERO  SIDESLIP  (p -<>■>> 


From  the  simultaneous  oscillations  of  sideforce  and  yawing  moment  data  (depicted  in 
Fig.  10)  Fig.  11  can  be  divided  in  regions  of  aero  sideforce  (0°  *33°),  positive 

sideforce  (33°  < a.  * 62°),  negative  sideforce  (62°  ■*  ot  * 72°)  and  so  on,  demonstrating 
that  there  is  a certain  amount  of  instability  in  the  formation  of  those  body  vortices 
with  increasing  angle  of  attack,  producing  abrupt  changes  within  about  2 degrees  of 
incidence. 

Another  problem  now  related  to  asymmetric  flow  conditions  (P  4 0)  at  high  a.o.a.  is 
the  loss  and  divergence  of  effective  dihedral  clp , which  is  regarded  to  be  a vital 
problem  for  any  high  maneuverable  fighter  configuration.  When  establishing  the  stabi- 
lity parameter  CnPdynamiCf  which  is  accepted  as  a criterion  for  lateral/directional 
divergence,  clp  is  multiplied  by  the  inertia  ratio  Ig/I*,  thus  growing  in  importance 
for  slender  (fighter-type)  aircraft. 

The  next  two  Figs.  12a,  12b  serve  as  an  visual  aid  to  explain  how  the  divergence  of 
clp  is  developing  for  this  specific  configuration  with  the  straight  strake  (1)  . 

In  Flg«  12a  flow  patterns  on  the  windward  and  leeward  half  of  the  configuration  are 
presented  for  an  angle  of  attack  of  a.  - 20°,  just  near  the  point  of  lateral  divergence 
as  shown  in  the  lower  part  of  the  figure.  As  can  be  seen  from  the  cilflow  graphs  flow 
patterns  of  both  wing  halves  are  characterized  by  the  presence  of  a strong  strake  vor- 
tex. Beginning  disorientation  is  indicated  on  the  windward  wing  tips  (p  - +5°). 

Now  turning  over  to  Fig.  12b  it  is  evident  that  at  a - 30°  the  strake  vortex  has 
burst  over  the  windward  wing  half  and  separation  has  progressed  inboard  from  the  tip. 
On  the  leeward  wing  there  is  still  a stable  strake  vortex,  interfering  much  further 
outboard.  It  is  obvious  from  this  comparison  that  there  must  be  a lateral  instability, 
which  is  indicated  by  the  development  of  the  rolling  moment  Cx  on  the  bottom  of  Fig. 
12b. 

This  is  directly  caused  by  the  reduction  of  effective  sweep  on  the  protruding  strake 
L.E.  and  is  more  pronounced  for  straight  leading  edges.  This  deficiency  can  be  cured 
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by  different  means  like  tailoring  the  strake  (planform  and  curvature  of  L.E.,  L.E. 
flaps  on  the  strake),  use  of  L.E.  slats  on  the  basic  wing  and  wing-body  modifications. 

This  is  shown  in  the  paper  by  H.  JOHN  and  W.  KRAUS,  the  primary  task  of  the  present 
Investigations  was  to  define  the  problems  when  encountering  extreme  angles  of  attack. 


FIG.120  DIVERGENCE  OF  EFFECTIVE  DIHEDRAL  Qn 
FOR  STRAKE-WING  CONFIGURATION,  OL-20° 


FIG. 12b  DIVERGENCE  OF  EFFECTIVE  DIHEDRAL  C[n 
FOR  STRAKE-WING  CONFIGURATION,  0L- 30° 


An  additional  possibility  to  stabilize  *-13  at  near  stall  incidences  is  shown  in 
Fig,  13.  Use  of  symmetric  spanwise  blowing  is  stabilizing  the  vortex  system  restoring 
controlled  separation  and  is  increasing  maximum  lift  and  angle  of  attack  of  max.  lift 
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FIG.  13 
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EFFECT  OF  SPANWISE  BLOWING 
ON  EFFECTIVE  DIHEDRAL 
(STRAKE  ON,  BLOWING  ON  STRAKE  ) 


On  the  other  hand  application  of 
nonsymmetric  blowing  (either  on 
the  strake  wing  or  on  the  basic 
wing)  is  a means  of  roll  control 
as  presented  in  Fig.  14. 

The  effect  is  compared  with  the 
power  of  the  conventional  tip  ai- 
lerons in  an  unblown  case.  A 
small  amount  of  concentrated  blow- 
ing on  one  wing-half  induces  con- 
siderable, non-linear  increasing 
rolling  moments  especially  in  that 
a.o.a.  regime, where  conventional 
ailerons  or  spoilers  have  reduced 
efficiencies.  On  the  bottom  of 
Fig.  14  it  is  demonstrated  that 
this  technique  has  an  efficiency 
factor  of  6 for  the  basic  wing,  or 
3.5  for  the  strake  wing,  when  com- 
pared to  the  roll-efficiency  of  1 
for  a hovering  jet  on  the  wing 
tip.  This  technique  will  become 
highly  valuable,  when  the  induced 
adverse  yawing  moments  are  avoi- 
ded. 
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FIG.  14  ASYMMETRIC  BLOWING  FOR 

ROLL  CONTROL  AS  COMPARED 
TO  AILERON  EFFECTS  AND 
VECTORED  THRUST 
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The  effect  of  the  conventional  roll 
controls  aileron,  asymmetric  flap  set- 
ting and  rolling  tail  (taileron)  is 
sketched  in  Figs.  15.  16 , and  _17  re- 
spectively. 

Conventional  ailerons  (Fig.  15)  are 
loosing  roll  power  near  a ■»  10°  then 
stabilizing  up  to  a ° 60°  at  about 
half  the  basic  efficiency.  Adverse 
yawing  moments  are  found  when  exceed- 
ing maximum  lift  (a  a 30°).  This  should 
be  cured  up  to  a certain  extent  by  use 
of  other  combinations  of  differential 
deflections. 

Asymmetric  deflected  high  lift  flaps 
(slat  + T.E.  flaps)  produce  a conside- 
rable increment  of  rolling  moment  all 
over  the  a.o.a.  regime  investigated 
(Fig,  16) . Extreme  flap  deflections 
should  be  avoided,  the  defined  (and 
optimized)  high  lift  configurations 
(6S  = -25°,  6f  = 30°)  came  out  to  be 
the  overall  optimum.  Again  adverse 
yawing  moments  are  found  near  maximum 
lift  conditions.  The  best  conventional 
device  investigated  for  roll  control 
is  the  taileron  ( Fig . 17 ) . Differen- 
tial deflections  of  the  all  moving 
tail  resulted  In  constant  efficiency 
for  all  trim  conditions.  In  Fig.  17 
only  two  are  shown  for  sake  of  clari- 
ty, including  the  negligible  effects 
of  spanwise  blowing.  Proverse  yaw  is 
favorably  induced  on  the  vertical  tail, 
additionally  qualifying  the  taileron 
as  the  most  effective  control  surface. 
But  care  must  be  taken  not  to  overload 
the  tail  running  into  conditions  on 
the  "back"  of  its  polar.  Hence  its 
applicability  is  also  depending  on  the 
chosen  stability  margin. 
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FIG.  16  EFFECT  OF  ASYMMETRIC 

DEFLECTED  HIGH  LIFT  FLAP 
SYSTEM  ON  ROLLING-  AND 
YAWING  MOMENT 
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FIG  17  EFFECT  OF  ROLLING  TAIL 

(TAILERON)  AS  ROLL-  AND 
YAW  CONTROL 
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A fall-out  effect  of  spanwise  blowing 
is  presented  in  Fig.  18  for  the  confi- 
guration without  strake.  Rudder  effi- 
ciency cn6r  is  breaking  for  the  un- 
blown configuration  early,  whilst  for 
blowing  cases  the  dynamic  pressure  is 
restored  on  the  vertical  tail  via  an 
improvement  of  the  flow  around  the 
wing  at  high  incidences,  generating  a 
stable,  separated  vortex  system, simi- 
lar to  the  conditions  on  the  strake 
wing  without  blowing. 


F!G  18  EFFECT  OF  SPANWISE  BLOWING 
ON  RUDDER  EFFICIENCY 
I BASIC  WING  , STRAKE  OFF  ) 


3.2.4  Dynamic  results 


Forced  oscillation  tests  were  carried  out  in  two  test  periods  in  two  different  wind 
tunnels.  Basic  data  were  derived  in  tunnel  S2  of  O.N.E.R.A.,  Modane  for  the  conventio- 
nal a.o.a.  regime  0°  * a *-  25°,  reported  in  [22].  A second  test  period  was  performed 
in  the  new  FAUGA  FI  tunnel,  O.N.E.R.A.,  Toulouse  with  extended  range  of  incidences 
0°  s a s 50°.  Test  data  are  just  going  to  be  analyzed,  so  only  some  preliminary  re- 
sults for  pitching  motion  are  presented  in  Fig.  19.  to  demonstrate  3ome  effects  of  the 
strake.  It  should  be  pointed  out,  that  part  of  the  loss  of  derivatives  and  Cm^  is 

associated  with  the  fact,  that  horizontal  tail  deflection  was  kept  constant  (-►it  ■ 0) 
so  that  the  tail  contribution  is  vanishing  when  amax  of  the  H.T.  is  exceeded.  Negative 
settings, as  required  for  trim  conditions, will  help  here. 


M - 0.25 
Pi  - 2.Sb 
f - 5.0  Hi 

CLEAN  CONFIGURATION 
TAIL  ON 
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CONCLUSIONS 


From  the  pilot  tests  it  was  learned,  that  when  approaching  and  exceeding  the  conven- 
tional angxe-of-attack  limits, key  problems  are  lateral/directional  stability  and  con- 
trol. Effective  dihedral  cl^j  is  regarded  to  be  the  most  deliccte  stability 
derivative,  playing  a dominant  role  in  departure  characteristics 

Cn"  “ Kl  Ci*  ...  J ” 


(C"Pdyn  and 


L.C.D.P. 


-np  “ ^1^157=  Kl  C16 

^Lateral  Control  departure  Parameter,  K-j 


control 


problem 


f ) 

6a 

are  found  to  be  decisive  for 


On  the  other  side 
the  yaw  axis. 

Further  it  is  felt,  that  small  configurational  modifications  can  trigger  rather  drama- 
tic aerodynamic  effects  for  stall  and  post  stall  conditions. 
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THE  APPLICATION  OF  SPANWISE  BLOWING  FOR  HIGH  ANGLE  OF  ATTACK  SPIN  RECOVERY 

Dr.  J.  J.  Cornish,  lll  + and  H.  W.  H.  Jenkins^ 
Lockhepd-Georgia  Company 


SUMMARY 

A unique  autorotation  tunnel  test  has  been  performed  on  a 1 /30th  scaled  model  of  an  F-4  fighter 
configuration.  Ourlng  this  test,  air  was  blown  spanwise  over  the  wing  from  various  nozzle  locations  and 
the  Influence  of  this  blowing  on  the  spinning  mode  was  recorded.  Over  50  test  conditions  were  evaluated 
for  both  flat  (a_^5°)  and  steep  (a  “80°)  spin  modes.  The  wing  blowing  was  very  effective  in  arresting 
the  spin  for  the  steep  spin  mode  and  not  very  effective  in  stopping  the  flat  spin.  Nose  blowing  was  also 
evaluated  with  only  marginal  success.  By  using  2.25  turns  to  stop  as  a criteria,  an  optimum  wing  nozzle 
location  and  blowing  level  was  Identified.  These  data,  when  scaled  to  full-scale  values  showed  that  the 
required  nozzle  diameter  was  1.92",  located  close  to  the  wing  root  1/k-chord  point  and  18  lb/sec.  of  air 
was  required  to  affect  recovery.  More  efficient  and  effective  recovery  is  possible  In  the  tunnel  with  an 
additional  degree  of  freedom  and  with  empennage  blowing.  Further,  larger  scale  testing  is  urged. 

NOTATION 


b wing  span 

C.G.  center  of  gravity 

Cy  blowing  coefficient 

Cl  lift  coeff iclent 

Cg  drag  coefficient 

C|  roll  moment  coefficient  due  to 

spanwise  blowing 

Cr  root  chord 

F fuselage  length 

q dynamic  pressure  - pounds  per 

square  foot,  psf,  PSF 

RPM  revolutions  per  minute 

ps I pressure',  pounds  per  square  inch 

V/STOL  vertical  or  short  takeoff  and  landing 

mass  flow 


a angle  of  attack  - degrees 

A incremental  change 

L left 

R right 

Sw  wing  area 

TTS  turns  to  stop 

g acceleration  due  to  gravity 

Mj  jet  exit  Mach  number 

T'FOT  total  temperature  of  jet 

T ambient  temperature 

Subscripts 

o freestream  - or  - Initial  average 

D "down-going"  wing  in  spin  or  stall 

U "up-moving"  wing  In  spin  or  stall 


1.  INTRODUCTION 

One  of  the  most  promisin'!  applications  of  spanwise  blowing  is  in  the  area  of  stall  and  spin  prevention 
and  recovery.  Conceptual  tests  performed  at  Lockheed  in  1976  showed  that  symmetric  spanwise  blowing  on  an 
unswept  wing  could  stop  its  autorotation  In  the  angle-of-attack  range  of  30  to  60  degrees.  Subsequent 
testing  on  a l/k8th  scale  model  of  an  F-k  aircraft  showed  that  spanwise  blowing  will  also  stop  spinning  on 
swept  wings  In  the  angle-of-attack  region  of  30°.  These  simple  concept  demonstration  tests  led  to  the  test 
reported  on  herein. 


The  mechanism  of  autorotation  and  spin  entry  has  been  known  for  many  years  . Spin  entry  conditions 
are  usually  set  by  the  "near-wlng-stal I"  flight  regimes;  and  wing  drop,  caused  by  local  separation,  Induces 
rolling  moments,  which  precipitate  autorotation.  The  aerodynamic  forces  occurring  during  this  event  are 
depicted  In  Figure  1.  On  approaching  stall,  point  A,  slight  atmospheric  disturbances  can  cause  one  wing 
to  drop.  This  drop  induces  an  Increased  angle  of  attack  on  that  wing-side  causing  it  to  stall  and  to 
experience  reduced  lift,  CLg,  and  increased  drag.  The  up-going  wing  Is  subjected  to  a reduction  in  angle 
of,  attack,  which  Induces  a smaller  lift-loss  (C  Lg ) than  that  of  the  downgoing  wing  with  the  net  result  that 
the  up-going  wing  has  a higher  lift  than  the  down-going  wing  and  a destabilizing  rolling  moment  develops. 
Because  the  up-going  wing  also  experiences  a drag  reduction,  a yawing  moment  is  also  Induced.  The  rolling 
moment  causes  autorotation,  and  coupled  with  the  yawing  moment  a spin  develops. 


Spanwise  blowing  the  wing  causes  the  lift  curve  slope  to  change  (Figure  2).  Because  of  this 

characteristic,  a spin  can  be  prevented,  or  a fully  developed  autorotation  without  spanwise  blowing  can  be 
arrested,  when  spanwise  blowing  is  activated,  in  a flat  spin,  the  air  flow  Impinging  on  the  front  fuse- 
lage separates  behind  It,  causing  a resulting  force  In  the  direction  of  the  spin  (Figure  3)-  The 

force  Is  "self-feeding"  and  will  cause  rotation  to  continue  unless  some  corrective  action  Is  taken.  Nose 
blowing  In  a streamwise  direction  Is  intended  to  reattach  this  flow  and  thereby  stop  the  spin. 


^Director  of  Engineering,  Lookheed-Georgia  Co. 

^Reeearah  and  Development  Engineer  - Staff.  Flight  Sciences  Division,  Lookheed-Georgia  Co. 
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The  purpose  of  the  present  test  was  therefore  to  establish,  in  measurable  terms,  the  effectiveness  of 
spanwise  blowing  as  a spin  inhibitor,  or  spin-recovery  device.  To  do  this,  it  was  necessary  to  measure 
spin  rate,  blowing  levels,  turns-to-stop  and  then  to  reduce  and  analyze  this  data  for  optimum  nozzle  loca- 
tion. Optimum,  in  this  instance,  means  the  use  of  the  minimum  amount  of  blowing  to  effectively  arrest  the 
spinning  motion  in  a given  time.  Therefore,  several  nozzle  locations  were  chosen  for  evaluation  ori  an  F-4 
modei.  This  model  was  a l/30th  scale  spin-tunnel  model  obtained  on  loan  from  NASA-Langley.  The  model 
exhibited,  in  NASA's  spin  tunnel,  the  two  characteristic  spin  modes  of  the  F-4;  the  flat  spin  a ”80°,  and 
the  steep  spin  a » 45° , and  was  therefore  ideally  suited  to  our  needs. 

2.  EXPERIMENTAL  EQUIPMENT 

2. 1 Test  faci 1 I ty 

Testing  was  conducted  at  the  Lockneed-Georgla  Low  Speed  Wind  Tunnel  (LSWT)  facility.  This  tunnel  is 
a horizontal,  atmospheric  static  pressure,  single  return,  closed  throat  system.  It  incorporates  tandem 
test  sections  that  provide  for  testing  of  V/STOL  configurations  In  the  upstream  section  and  testing  of 
low-speed  models  in  the  downstream  section.  The  low-speed  test  section,  which  was  used  for  this  test,  is 
23.25  feet  wide,  16.25  feet  high,  and  43  feet  long  with  observation  windows  installed  to  permit  filming  and 
supervision  of  the  test. 

2.2  Model 


The  test  model  was  a l/30t.h  aerodyriam  ica  1 1 y and  inertial  ly  scaled  model  of  an  F-4  fighter.  This 
particular  model  has  been  used  in  numerous  NASA-Langley  spinning  tests,  and  a three  view  of  the  model  Is 
presented  in  Figure  4 (see  also  Table  I).  It  was  modified  to  accept  blowing  on  the  nose  and  on  the  wing 
(Figure  5),  and  although  only  the  left  wing  nozzles  are  shown  In  this  figure,  provisions  were  made  for 
blowing  both  wings.  (Nozzle  details  are  given  in  Table  I.) 

2.3  Model  mount  system 

A model  mount  system  was  fabricated  to  allow  the  model  to  spin  freely  and  to  accept  pressurized  air. 
This  system  was  bolted  to  the  wall  of  the  wind  tunnel,  Figure  6,  at  a heloht  of  approximately  seven  feet 
above  the  tunnel  floor,  with  a model  wing-tip  clearance  of  approximately  li  semispans  from  the  tunnel  wall. 
The  plenum  also  served  as  a sting  support  and  as  the  housing  for  the  spin  rate  measuring  device.  The 
hollow  sting  which  allowed  the  passage  of  high  pressure  air  (approximately  60  psl)  was  attached  to  the 
model  C.G.  through  the  top  of  the  fuselage.  A two-position  bracket  permitted  the  selection  of  the 
appropriate  angle  for  either  a steep  (a -45°)  or  flat  (a“80°)  spin.  Compressed  air  Is  fed  to  the  plenum 
and  Is  transferred  via  the  sting  to  the  preselected  nozzle  on  the  model.  A deflector  plate  was  installed 
to  prevent  air  leakage  at  the  bearing  from  Impinging  on  the  model. 

3.  TEST  PROCEDURES  AND  RESULTS 

3. 1 Procedures 


Test  conditions  were  determined  by  scaling  the  spin  conditions  for  the  steep  and  flat  spin  modes 
of  the  full-scale  F-4  aircraft.  The  full-scale  steep  spin  mode  a range  Is  from  45  to  50  degrees  and  the 
flat  spin  range  Is  from  80  to  85  degrees.  The  full-scale  aircraft  descent  velocities  In  a spin  are  450 
feet  per  second  (fps)  In  a steep  spin,  and  300  feet  per  second  In  a flit  spin.  These,  for  a 1 /30th  scale 
model,  correspond  to  87.2  and  54.8  fps,  respectively.  However,  with  the  modei  at  a -45°,  a tunnel  velocity 
of  82,2  fps  produced  flow  separation  and  excessive  vibration  on  both  the  model  and  mount.  At  66.8  fps  this 
vibration  was  not  present  and  this  was  therefore  chosen  as  the  maximum  test  velocity  (q“5.3  psf).  In  the 
flat  spin  mode,  similar  vibration  problems  limited  the  test  velocity  to  a maximum  of  41  feet  per  second 
(q  -2.0  psf ) , 

In  most  conditions  tested,  tunnel  start-up  was  sufficient  to  cause  the  model  to  autorotate.  In  those 
few  instances  when  this  did  not  occur,  rotation  was  Initiated  by  hand.  In  all  cases,  autorotation  was 
allowed  to  develop  and  to  settle  into  a steady  state  condition  before  the  spanwise  blowing  was  activated. 
For  this  test,  nozzles  on  the  "downward"  going  wing  In  the  spin  were  activated  since  it  was  found  that 
these  locations  were  more  effective  In  arresting  the  spin. 

A complete  run  log  for  the  test  (Table  II)  shows  that  53  test  conditions  were  examined,  47  of  which 
were  run  for  the  steep  spin.  The  first  runs  (1-27)  were  in  the  steep  spin  mode  using  nozzles  2 and  3- 
The  flat  spin  testing  consisted  of  runs  28  through  33  where  nozzles  1 and  7.  were  tested  and  where  spinning 
ceased  on  runs  30  and  31  only.  The  last  portion  of  the  test,  runs  34  through  53,  was  conducted  with  the 
model  In  the  steep  spin  mode  using  nozzles  3,  4,  and  5.  In  all  Instances,  Cp  was  varied  by  changing  both 
the  tunnel  q and  plenum  pressure.  In  addition  to  the  data  shown  In  Table  II,  a spin  time  history  was 
recorded  during  each  run. 

3 . 2 Resul ts  - steep  spl n 

Typical  tunnel  measured  time  histories,  In  terms  of  rate  of  rotation  versus  time,  are  shown  in 
Figures  7 (nozzle  2),  8 (nozzle  3),  end  9 (nozzle  4),  where  time  t“0  corresponds  to  the  time  that  spanwise 
blowing  was  activated.  These  data  exhibit  a characteristic  oscillatory  component  that  persists  even  over 
the  period  where  the  RPM  decays  to  zero  (Figure  10).  In  most  cases  tested,  the  nominal  spin  rate  of  the 
model  showed  an  Immediate  reduction  with  the  application  of  spanwise  blowing.  This  immediate  decay  Is 
Indicative  of  the  effectiveness  of  wing  spanwise  blowing  because  the  mechanization  of  this  particular  test 
did  not  permit  full  Cp  effectiveness  to  occur  until  about  1 second  (tm  on  Figure  10)  after  the  Initiation 
of  the  blowing.  Should  tm  approach  tQ  in  a practical  application  then  It  Is  clear  that  a significant 
Improvement  will  occur  In  the  effectiveness  of  spanwise  blowing  as  applied  here. 

As  anticipated,  Increasing  at  a given  nozzle  location,  reduces  the  time  required  to  stop.  This  is 
shown  by  comparing  Figures  11  and  12  with  7.  At  this  nozzle  location  (nozzle  #2),  It  Is  seen  that  the 
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time  required  to  stop  rotation  decreases  from  9 seconds,  at  a Cy  ”0.0275,  to  about  3 seconds  at  a 
Cy  ”0.0392. 

One  universal  problem  in  spin  mode!  testing  is  repeatability  of  results  and  therefore  particular 
attention  was  paid  to  this  during  the  testing.  Most  test  conditions  were  repeated  at  least  once  and  an 
overall  assessment  of  the  excellent  repeatability  achieved  can  be  seen  by  comparing  the  successive  runs 
shown  on  Figures  7,  8,  9,  and  12.  Even  when  t0  occurred  at  a different  part  of  the  cycle  (Figure  8),  the 
stopping  time  difference  was  only  of  the  order  of  0.5  seconds.  For  nozzle  2 (Figure  7)  a difference  in 
stopping  time  of  1.0  second  results  in  only  0.15  of  a revolution  difference  in  turns-to-stop. 

Blowing  from  nozzle  5 did  not  cause  a cessation  of  spin  even  at  the  highest  obtainable  Cy.  A typical 
time  history  for  nozzle  5 is  shown  in  Figure  13  where  a reduction  in  spin  velocity  is  apparent  for  the 
first  seven  seconds,  but  after  this  the  rotation  stabilized  at  a finite  value.  Clearly,  the  wing  area 
being  influenced  by  this  spanwi se-d i rected  jet  is  insufficient  to  produce  a large  enough  anti-spin 
moment  to  cause  the  spinning  motion  to  stop. 

A comparison  of  "nozzle  location"  effects  is  shown  In  figure  lA  for  the  three  most  effective  nozzle 
positions  (10,  25  and  50$  of  the  root  chord).  As  the  nozzle  moves  forward,  the  wing  area  influenced  by  the 
expanding  spanwise  jet  is  increasing  and  therefore  Its  effectiveness  in  stopping  the  spin  is  Increased. 
Spanwise  blowing  from  the  10$  or  25$  root  chord  nozzle  location  causes  the  spin  to  stop  in  about  3 to  3.5 
seconds,  whereas  with  a nozzle  at  50$  and  blowing  at  a slightly  higher  level,  the  time  to  stop  is  about 
3.5  seconds  longer. 

Flat  spin 

A typical  time  history  of  the  flat  spin  mode  is  given  in  Figure  15.  In  this  case,  nose  blowing  is 
used  to  attempt  recovery  but  as  can  be  seen  the  spin  rate  increased  following  the  application  of  blowing. 
(This  result  was  not  unanticipated  since  the  sustaining  moment  in  the  flat  spin  mode  of  the  F-A  appears  to 
be  the  empennage.)  However,  the  flat  spin  was  stopped  with  blowing  from  nozzle  2 (Figure  16),  but  a very 
high  blowing  level  of  0.2  was  required.  Even  at  this  level,  almost  20  seconds  were  required  to  stop 
rotation  - a time  which  clearly  indicates  the  Ineffectiveness  of  this  nozzle  to  affect  a flat  spin 
recovery. 

Optimum  nozzle  location 


One  objective  of  this  research  was  to  establish  the  optimum  nozzle  location  for  spin  recovery.  A 
measure  of  the  nozzle  effectiveness,  in  this  instance,  is  the  number  of  turns  to  stop  from  a given  rotation 
in  terms  of  the  expended  momentum  (Cy).  Using  2.25  turns-to-stop  as  a criterion  , the  Cy 

required  to  meet  this  as  a function  of  nozzle  position  was  derived  from  the  test  data  and  is  shown  in 
Figure  17  for  the  steep  spin  only.  At  the  lower  tunnel  speed  of  5A.8  fps  (q-3.5  psf ) , the  optimum  loca- 
tion of  25$  requires  a Cy  of  O.OAtS.  At  the  higher  tunnel  speed  of  66.8  fps,  a Cy  of  0.032  Is  required  at 
the  most  forward  location  tested.  It  is  evident  from  this  data  that  for  this  configuration  the  optimum 
nozzle  location  should  be  at  or  forward  of  25$  chord  location. 

A.  ANALYSIS  - INDUCED  ANTI -SPIN  ROILING  MOMENTS 

In  assessing  the  effectiveness  of  spanwise  blowing  as  a means  of  arresting  the  spin,  knowledge  of  the 
applied  anti-spin  moment  is  important  from  both  an  aerodynamic  and  structural  viewpoint.  Although  struc- 
tural analyses  based  on  these  data  were  considered  outside  the  scope  of  this  initial  Investigation,  a 
determination  of  the  anti-spin  moments  was  considered  necessary  from  an  aerodynamic  viewpoint.  A comparison 
could  then  be  made  of  the  effectiveness  of  spanwise  blowing  in  a dynamic  environment  (wing  spinning)  with 
that  of  a static  environment  (conventional  tunnel  test).  Therefore,  a single  degree  of  freedom  roll 
analysis  was  performed  on  some  of  the  time  history  data  to  extract  implied  values  of  spanwi se-blowl ng- 
induced  rolling  moment.  Only  those  data  gathered  during  the  steep  spin  mode  testing  were  evaluated  since 
it  was  in  this  mode  that  the  greater  success  in  the  application  of  spanwise  blowing  was  achieved.  The 
results  are  shown  in  Figure  18  as  model  scale  rolling  moments  in  lb.  ft.  plotted  against  turns-to-stop  (TTS) 
as  a function  of  initial  rate  of  rotation  Ro.  The  ratio  TTS/Ro  Is  used  because  for  a given  level  of  applied 
anti-spin  rolling  moment , TTS  wi 1 ! I ncrease  with  higher  values  of  Ro.  Figure  18  clearly  shows  that  at  the 
lower  values  of  applied  anti-spin  rolling  moment,  more  turns  are  required  to  stop  for  a given  rotational 
rate.  A similar  analysis  parameter  is  the  rate  of  change  of  RPM  with  time  d(RPM)/dt  as  a function  of 
applied  anti-spin  rolling  moment  coefficient  Cj  (Figure  19).  It  is  reasonable  to  assume  that  high  values 
of  C|  will  result  in  Increased  values  of  d{RPM;/dt,  and  hence  shorter  stopping  times  for  a given  level  of 
initial  spin  rate.  Figure  19  demonstrates  this  quite  clearly  and  shows  that  for  an  applied  value  of  C|  of 
0.08,  the  model  RPM  will  reduce  at  the  rate  of  about  10  RPM  per  second.  This  means  that  If  the  initial 
rotational  rate  is  A0  RPM,  the  model  rotation  will  stop  In  about  A seconds  after  a C)  of  0.08  has  been 
applied.  The  rolling  moment  coefficients  deduced  from  the  single  degree  of  freedom  analysis  were  compared 
with  measured  static  data.  It  was  found  that  NASA  had  performed  static  tests  on  a similar  wing  planform 
to  that  used  in  the  current  tests  and  a comparison  with  these  data  are  shown  In  Fiqure  20.  It  can  be  seen 
that  the  mean  values  derived  from  the  single  degree  of  freedom  analysis  compare  Favorably,  in  magnitude  oi: 

C| , with  reasonable  extrapolation  of  the  NASA  data. 

5.  PRACTICAL  CONSIDERATIONS 

5. 1 Spanwise  blowing  for  steep  spin  recovery 

This  application  of  spanwise  blowing  for  spin  recovery  is  unique  In  that  the  spanwise  blowing  air 
would  be  used  Infrequently  (only  In  emergency  conditions)  and  only  for  limited  periods.  Based  on  these 
study  results,  the  air  supply  for  anti-spin  should  have  the  following  characteristics: 
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(1)  Sufficient  pressure  to  provide  the  nozzles  with  an  operating  pressure  Ip  the  2 to  4 
atmosphere  range. 

(2)  A combination  of  pressure  and  flow  rate  sufficient  to  provide  blowing  momentum 
coefficients  on  the  order  of  0.035  to  0.045. 

(3)  An  air  supply  to  allow  operation  of  the  blowing  sufficiently  long  to  effect  recovery 
from  the  spin. 

(4)  Rapid  application  of  the  blowing  when  demanded. 

There  are  several  means  of  obtaining  the  air  on  current  aircraft,  these  are: 

(1)  Engine  bleed  air  (jet  aircraft). 

(2)  Diversion  of  primary  or  fan  exhaust  (jet  aircraft). 

(3)  Engine-driven  compressor  charging  an  accumulator. 

(4)  Auxiliary-powered  compressors  charging  an  accumulator. 

(5)  "Bottled"  gas. 

The  type  of  aircraft  would  govern  the  most  practical  installation. 

Based  on  these  tunnel  test  results,  a tentative  assessment  of  the  most  optimum  application  to  the  F-4 
can  be  made.  The  following  were  derived  by  using  the  appropriate  scaling  laws  and  are  applicable  to  the 
fu 1 1 -scale  a i rcraf t : 


k 


Nozzle  Diameter 

Nozzle  Location 

Nozzle  Centerline  Orientation 

Operation  Pressure 

Flow  Rate,  at  about  40,000  ft. 


1.92  Inches 
0.25  Root  Chord  (Cr) 
61 0 Sweep  Back 
35  psl 
18  lb/sec. 


The  above  Information  shows  the  requirements  well  within  the  bounds  of  practical  design  concepts  and 
enforces  the  desirability  for  developing  the  application.  The  results  from  the  recommended  larger-scale 
tunnel  tests  may  well  significantly  reduce  the  optimum  air  quantity  required  as  similar  trends  have  been 
shown  In  other  spanwlse  blowing  tests. 


Furthe'-  reductions  in  the  demanded  air  quantity  are  likely  when  multi-degree  of  freedom  tunnel  testing 
can  be  accomplished.  Vhe  present  test  restricted  the  model  degrees  of  freedom  to  the  roll  mode,  a condi- 
tion which  was  necessary  for  the  effective  Initial  evaluation  of  this  new  control  method.  However,  It  Is 
clear  that  with  the  additional  degree  of  freedom  in  pitch  (and  probably  yaw)  a significant  Improvement  In 
the  effectiveness, of  anti-spin  spanwlse  blowing  Is  possible  since  this  additional  mode  Is  an  accepted 
desirable  spin  recovery  motion. 

5.2  Spanwise  blowing  to  promote  recovery  from  the  flat  spin 

Rear  fuselage  blowing  is  considered  an  ideal  technique  to  recover  from  a flat  spin  on  the  F-4  vehicle. 
In  this  instance,  rear  fuselage  blowi ng  .Includes  single  or  combinations  of  the  potential  locations  shown  in 
Figure  21.  These  include  symmetric  blowing  up  the  fin,  and  symmetric  upper  surface  blowing  on  the  hori- 
zontal tail.  It  Is  anticipated  that  horizontal  tall  blowing  will  be  the  more  effective  recovery  device 
since  It  has  been  shown  that  horizontal  tall  separation  on  the  F-4  Is  the  prime  factor  In  permitting 
the  flat  spin  to  persist  (Figure  22). 

Figure  23(a)  Interprets  Figure  22  Into  streamline  patterns.  Figure  23(b)  shows  the  anticipated  effect 
on  these  separated  flows  when  symmetric  soanwise  blowing  Is  applied  to  the  horizontal  tall.  In  this  In- 
stance, tall  reattachment  occurs,  vertical  tall  pro-spin  force  Is  removed,  and  the  flat  spin  should  cease. 
Significantly  reduced  blowing  air  requirements  are  anticipated  for  these  locations  compared  to  the  wing 
values  shown  earlier.  It  is  proposed  that  these  locations  be  explored  In  future  tunnel  testing. 

It  Is  reemphasized  that  the  demonstrated  effectiveness  of  spanwlse  blowing  In  halting  the  spin 
rotation  was  achieved  without  deployment  of  any  other  control.  Recognizing  that  the  effect  of  spanwlse 
blowing  Is  primarily  to  unstall  the  down-going  wing,  It  would  be  expected  to  also  restore  a measure  of 
aileron  effectlvlty  which  could  also  be  used  to  arrest  the  roll/spin  rate.  Hence,  the  herein  presented 
"turns-to-stop"  the  spin  rate  are  undoubtedly  quite  conservative.  Evaluation  of  the  effectlvlty  of 
ailerons  for  spin  control  In  the  presence  of  spanwise  blowing  could  well  be  the  subject  of  future 
Investigations. 


6.  CONCLUSIONS  AND  RECOMMENDATIONS 


6. I Cone lus I ons 


Wing  root  spanwlse  blowing  will  arrest  a steep  spin  on  the  1 /30th  scale  model  F-4  configuration.  The 
optimum  nozzle  location  (l.e.  for  minimum  C^,)  Is  close  to  the  1/4  wing-root  chord  station,  and  at  this 
location  a Cy  “0.045  will  terminate  rotation  In  2.25  turns.  At  present  there  Is  every  reason  to  assume 
that  a similar  anti-spin  potential  exists  when  these  results  are  scaled  to  a full-scale  F-4.  At  full-scale 
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a noitle  of  1.92"  diameter  delivering  Id  ib/sec.  of  air  will  cause  rotation  to  cease.  Wing  spanwise  blown 
was  not  conclusively  effective  in  reducing  the  flat  spin  (c«»80o)  rotation  rate.  Nose  streamwise  blowing 
s-emed  similarly  ineffective.  However,  selective  empennage  blowing  is  considered  appropriate  to  cause 
recovery  from  the  flat  spin  mode  for  the  F-*i. 

Because  these  results  were  constrained  to  a single  rotational  mode  (i.e.  rotation  about  the  sting), 
then  it  is  concluded  that  In  free-air  recovery  will  be  more  positive.  In  this  Instance  where  a pitching 
degree  of  freedom  is  permitted,  then  recovery  at  the  above  Cg  will  be  quicker;  or  a lower  value  of  Cg  will 
be  required  to  recover  In  the  same  time  (I.e.  2.2$  turns  to  stop). 

A limited  theoretical  analysis  performed  on  the  test  results  showed  that  the  Implied  values  of  C|  are 
comparable  with  statically  derived  data  on  a similar  configuration.  The  trend  of  Implied  C]  with  selected 
spin  data,  and  with  Cg  values  Is  also  correct. 

It  is  also  concluded  that  any  advanced  configuration  that  exhibits  an  unacceptable  spin  mode  can  be 
improved  through  the  specific  application  of  spanwise  blowing. 

6.2  Recommendations 


The  positive  results  obtained  clearly  demonstrate  the  effectiveness  of  spanwise  blowing  as  a spin 
inhibitor  and  as  a spin  recovery  device.  Therefore,  further  testing  on  a small-scale  model  is  not 
recommended.  However,  it  Is  very  appropriate  to  pursue  larger-scale  testing  on  an  F-6  (say,  1 /5th)  if  a 
pitching  degree  of  freedom  can  be  added  to  the  model  mount  system.  Such  an  additional  degree  of  freedom 
will  significantly  reduce  the  magnitude  of  r.g  required  to  stop  the  spin.  With  this  larger  scale  model, 
empennage  blowing  Is  also  recommended  as  this  will  demonstrate  a most  effective  means  of  arresting  the 
flat  spin  motion.  Such  testing  Is  strongly  urged. 
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Figure  9 Time  History  - Steep  Spin 


Figure  10  Characteristics  of  System 
Performance 
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Figure  11  Time  History  - Steep  Spin 
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Figure  12  Time  History  - Steep  Spin 
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Time  History  - Steep  Spin 
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COMPORTEMENT  A HAUTE  INCIDENCE 
D'  UN  AVION  DE  TRANSPORT 
A AILE  A GRAND  ELANCEMENT 

par 

D.  COLLARD,  Ingknieur, 
Direction  des  Etudes  Toulouse 
AEROSPATIALE 
316,  route  de  Bayonne 
31053  - TOULOUSE 
FRANCE 


SOMMAIRE 


Sur  l'avion  de  transport  supersonlque  CONCORDE  la  portanoe  continue  k croltre  d'une  faqon 
k peu  prks  unlforme  jusqu'k  une  Incidence  de  35*.  Cependant  11  oxlste,  k une  Incidence  d'envlron 
oi  = 22°,  un  changement  de  la  forme  d'kcoulement  sur  la  vollure.  Ce  changement  provoque  un  auto- 
cabrage  et  un  avancement  du  foyer,  et  en  dkrapage  un  enfoncement  de  l'aile  qui  avance.  En  mflme 
temps  11  signale  le  dkbut  d'une  degradation  progressive  de  l'efficacitk  des  klevons  et  d'une  diminu- 
tion de  la  stabilit6  latkrale. 

La  plupart  des  rksultats  prksentks  sont  issus  des  essals  en  soufflerie  sur  des  maquettes  de 
l'avion  de  skrie.  En  partlculler  sont  prksentkes  des  visualisations  pariktales  de  l'kcoulement  k 
l'extrados  de  la  vollure.  A partir  de  ces  visualisations  oc  des  mesures  de  pression  11  est  possible 
de  dkduire  approximatlvement  Involution  des  diffkrents  tourbillons  en  fonction  de  l'lncldence. 

Plus  loin  sont  donnkes  quelques  remarques  sur  la  diffkrence  de  oomportement  k haute  inciden- 
ce de  l'avion  prototype  par  rapport  k l'avion  de  skrie,  ainsi  qu'une  comparaison  partielle  entre  des 
rksultats  d'eseais  en  soufflerie  et  en  vol. 


1.  INTRODUCTION 

L 'utilisation  de  la  portance  tourblllonnaire  k haute  incidence  fait  partie  de  la  conception  akro- 
dynamlque  de  base  de  l'avion  de  transport  supersonique  CONCORDE.  Sa  vollure  klancke,  de  forme 
en  plan  oglvale,  planche  I,  est  cambrke  et  vrlllke  pour  maxlmiser  les  performances  globules  de  la 
mission. 

Sa  diffkrence  de  configuration  par  rapport  aux  avions  de  transport  subsoniquec  est  telle  qu'un 
travail  partlculler  a ktk  nkcessaire  pour  s'assurer  d'un  comportement  en  qualltks  de  vol  au  moins 
kgal  k ceux  de  ses  prkdkcesseurs.  Ses  vltesses  de  rkfkrcnce  au  dkcollage  et  pendant  l'approche 
sont  likes  k ses  qualltks  de  vol  k haute  incidence. 

Son  domalne  en  Incidence  et  en  dkrapage,  dkmontrk  en  vol,  est  indlquk  sur  la  planche  2.  Dans 
ce  domalne  on  n'accepte  aucune  anomalle  de  pilotage,  et  11  est  nkccssulre  de  s'assurer  que  toutes 
les  dkrlvkos  akrodynamlques  restent,  continues  en  incidence  et  en  dkrapage. 


2.  AVION  DE  SERIE  - RESULTATS  DE  SOUFFLERIE 

A partir  deB  mesures  de  la  portance  ( (ok)  ) et  des  moments  de  tangage  (Cnt(Ci))  de  la 
planche  3 on  remarque  : 

- une  contribution  de  portance  tourolllonnaire  qui  commence  k civ  7°  mais  qui  ne  modlfie  pas  le 
foyer, 

- un  autocabrage  k oL  «=■  22°  avec  un  changement  du  gradient  de  portance  et  une  modification  du 
foyer  aux  Incidences  plus  klevkos. 

Des  visualisations  de  l'kcoulement  pariktal  k l'extrados  de  la  vollure  et  des  mesures  de  pres- 
sion k la  parol  sur  sa  partie  arrikre  permettent  une  analyse  du  systkme  tourbillonnalre. 

Sur  la  planche  4 so  trouve  une  skrie  de  croquis  basks  sur  des  visualisations  k l'huile  qui 
dkmontre  comment  varie  l'kcoulement  en  fonction  de  l'incidence. 

A cL  = 8°  l'kcoulement  autour  du  bord  d'attaque  au  voislnage  du  fuselage  reste  attachk,  le 
bord  d'attaque  ktant  k la  fois  arrondl  et  oambrk.  En  quittant  le  fuselage  le  rayon  du  bee  dimlnue, 
l'kcoulement  se  d6tache  et  un  tourblllon  sc  forme  tout  le  long  du  bord  d'attaque  jusqu'k  la  jonction 
entre  la  partie  centrale  de  la  vollure  et  le  bout  d'aile,  ok  la  flkche  diminue  brusquement  k 56°. 
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En  ce  point  un  tourbillon  secondaire  prend  naissance  mais  lea  deux  s'unissent  pour  quitter  le 
bord  de  fuite  entre  le  fuseau  rdacteur  et  l'extr^mitd  do  la  voilure. 

A c3t<5  du  fuselage  on  note  que  la  recompression  en  aval  du  bord  d'attaque  provoque  un  d£col- 
lement  et  la  formation  d'un  tourbillon  d'intenslty  faible. 

A ot  = 17°  l'ficoulement  autour  du  bord  d'attaque  est  complbtement  d6coll6.  Le  tourbillon 
principal  n'assimile  plus  le  secondaire  qui  A cette  incidence  prend  comme  origine  un  point  16g6re- 
ment  en  amont  de  la  jonction  du  bout  d'aile. 

Avec  une  augmentation  d'incldence  le  tourbillon  principal  croft  en  intensity  et  en  largeur  aux 
d6pens  du  secondaire  de  sorte  qu'fl.  cL  = 21°  ce  dernier  a pratlquement  disparu.  A l'incldence 
d'autocabrage  l'6couiement  est  constltud  d'un  seul  tourbillon  d'intenslty  filevde  relativement  loin  du 
bord  d'attaque  avec  un  deuxl&me  tourbillon  contra-rotatif  entre  le  premier  et  l'extrfimitfi. 

L'analyse  des  repartitions  de  pressions  prfisentde  plus  loin  fait  penser  que  l'intenslty  du  tour- 
billon principal  continue  ii  croftre  m6me  au-desaus  de  l'incldence  d'autocabrage.  II  semble  qu'il 
s'dloigne  de  la  voilure  .nals  que  l'autocabrage  est  associS  4 une  reduction  locale  de  la  portance  du 
tourbillon  contrarotatif.  A ct  = 23°  , juste  aprfes  autocabrage,  les  lignes  de  oourant  a l'extrados  sous 
ce  tourbillon  devlennent  prrtiquement  parall&les  it  1'axe  de  l'avion. 

Au-dessus  de  oL  - 22°  l'6coulement  se  caractiSrise  par  un  seul  tourbillon  qui  se  rfipand  pro- 
gresslvement  sur  toute  la  voilure  pour  le  couvrir  compl&tement  ft  oC  = 31°, 

Ces  visualisations  nous  am&nement  & penser  : 

(1)  Qu'il  l'autocabrage,  it  la  disparltion  du  tourbillon  secondaire  et  it  la  perte  de  portance  locale  it 
I'extr6mit6  de  voilure,  l'efficaoitd  des  filevons  est  diminu£e. 

Cette  diminution  existe.  Sur  la  planche  5 est  prfisentfie  la  variation  de  portance  avec  un  brnqua- 
ge  des  61evons  ( C z ( &)  ) en  fonction  de  l'incldence.  II  semble  qu'au  voislnage  de  edautooabra- 
ge  l'augmentatlon  de  portance  due  au  braquage  solt  compensfie  en  partte  par  une  reduction  loca- 
le de  la  portance  tourblllonnulre,  Cette  diminution  se  manlfeste  ygalement  par  une  r6duction  de 

Cm(i)  et  des  moments  de  ehnrniSre  des  yievons.  Un  braquage  positif  des  yievons  semble 
dimlnuer  lygSrement  la  valour  de  dL  autocabrage. 

(2)  Qu'il  partlr  de  ol  autocabrage  l'yiargissement  du  tourbillon  principal  vers  l'axe  de  l'avion  entraf- 
ne  une  diminution  de  l'efficaclty  de  la  derive.  On  remarque,  en  effet,  planohe  6,  une  diminu- 
tion trfss  importante  des  moments  de  laeet  dds  it  la  derive  ( ACn(ft)  ) entre  aL  »=  22°  et 

Oi  - 26°.  ' 

(3)  Qu'aux  incidences  lyghrement  inf6rieures  it  autocabrage  la  mise  en  dfirapage  de  l'avion  provo- 
que une  augmentation  de  portance  puls  un  autocabrage  sur  l'aile  qui  avance,  de  sorto  que  l'ap- 
pareil  sublt  brusquement  un  autocabrage,  un  moment  de  roulls  et  une  16g6re  perte  de  portance. 

Cet  effet  est  pr£sent£  sur  la  planche  7. 

A od  * 17°  on  ne  remarque  pus  de  discontinuity  des  coefficients  afirodynamlques  en  dyrapage. 

A od  « 20°  la  voilure  qui  avance  perd  brusquement  ii  |5  » 3°  , de  la  portance  pr6s  de  l'extry- 
mlty,  ce  qui  entrafne  un  moment  oabreur  et  un  moment  de  roulis  qui  provoque  l'enfoncement 
de  l'aile  en  question. 

A une  Incidence  au-desaus  de  od  autocabrage  le  changement  de  l'gcoulement  est  inversy. 

A od  ■ 23°,  par  exeraple,  l'aile  sous  le  vent  rycupSre  de  la  portanee  pour  donner  un  moment 
plqueur  et  un  moment  de  roulls  dans  le  m£me  sens  que  dans  le  cas  pr6c4dent. 

II  est  lntyressant  d'examiner  la  rypartltlon  en  envergure  des  pressions  statlques  pariytales  en 
amont  du  bord  de  fuite  en  fonotion  de  l'incldence.  Sur  la  planche  8 on  prysente  de  telles  ^parti- 
tions mesuryes  it  l'axe  de  charnihre  des  41evons  avant  et  aprfes  l'autocabrage.  Bien  qu'elles  solent 
donn^es  pour  une  version  dyveloppye  du  CONCORDE  d'envergure  augmentye  le  mycani^me  de  l'ycou- 
lement  reste  semblable  & oelui  de  l’avion  de  syrie. 

La  variation  en  envergure  des  pressions,  Idjjfa)  entre  le  fuselage  et  l'axe  du  tourbillon  princi- 
pal a la  m6 me  forme  que  celle  provenant  d'un  tourbillon  bidimenslonnel  ayant  son  axe  par allfele  A 
l'axe  de  l'avion. 


Done  on  peut  penser  que  l'intenslty  du  tourbillon  principal  et  la  hauteur  de  son  oxn  au-dessus 
de  la  voilure  sont  dyfinies  par  des  yquations  semblablee  it  celles  d'un  tourbillon  bidimenslonnel, 
e'est-h-dire  „ . 

r = *,  5 iw4 


oh  P est  l'intenslty  du  tourbillon  et  ^ 
locale,  et 


la  hauteur  de  son  axe  divisye  par  la  demi  envergure 
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■[-(‘fir 

de  aorte  que 

r » i li  1 $2  ,0,5  ^max 

On  remarque  planche  9 que  $ croft  plus  ou  molns  llndalrement  avec  cL  , et  qu'll  exlste 
mime  une  ldgdre  augmentation  de  % au  moment  de  l'autocabrage.  Par  contre,  4 od  autocabrage 
^ augmente  brusquement. 

II  semble  que  sur  la  voilure  du  CONCORDE  l'autocabrage  solt  le  rdsultat  d'une  perte  de  por- 
tance  associde  0 un  dolatement  ou  & un  changement  de  position  du  tourblllon  contrarotatlf. 


3.  RESULTATS  DE  SOUFFLERIE  - COMPARAISON  DES  AVIONS  PROTOTYPE  ET  DE  SER1E 

En  ce  qul  concerne  le  vol  4 haute  incidence  la  difference  principals  entre  lcs  avlons  prototype 
et  do  sdrle  rdslde  dans  la  forme  en  plan  du  bout  d'aile  (planche  10),  La  difference  de  son  angle  de 
fldche  du  bord  d'attaque,  60,3°  et  55°  pour  les  deux  voilures,  a un  effet  important  sur  lea  carac- 
t6rlstlques  adrodynamiques. 

Par  rapport  au  prototype  la  modification  du  bout  d'aile  de  l'avlon  de  sdrle  a apporte  un  gain 
de  performances  dans  toutes  les  diffdrentes  phases  de  la  mission,  au  prtx  d'une  certalne  degrada- 
tion des  qualites  de  vol  & haute  Incidence. 

Le  foyer  du  prototype,  senslblement  4 la  mfime  position  que  celui  de  l'avlon  de  sdrle  4 falble 
inoldence,  avanoe  progressivement  avec  le  developpement  du  systdme  tourblllonnalre.  11  en  rdsulte 
que  l'autocabrage,  qul  se  trouve  4 oL  = 24°,  est  d'une  intensitd  molns  importante  que  sur  l'avlon 
de  sdrle. 

Une  comparaison  4 oC  *=  19,6°  des  repartitions  en  envergure  des  presslons  sur  la  partie 
arrifcro  de  la  voilure  (planche  11)  montre  que  la  portance  due  au  Bystfeme  de  tourblllons  secondai- 
res  est  plus  falble  sur  le  prototype.  II  est  probable  que  son  tourblllon  principal  est  plus  dloignd  de 
l'extrados.  Le  systems  tourblllonnalre  est  semblable  4 celui  de  l'avlon  de  sdrle  aprds  l'autocabrage 
toutefols  avec  un  tourblllon  contrarotatlf  plus  Intense. 

L'acoldent  "autooabrage/enfonoement  do  la  voilure"  en  ddrapage  sur  le  prototype  est  molns 
prononcd  et  arrive  & un  angle  de  ddrapage  plus  dlevd. 


4.  RESULTATS  DES  ESSAIS  EN  VOL 

Les  rdsultats  des  essals  en  vol  obtenus  sur  l'avion  de  sdrle  reooupent  ceux  de  la  soufflorio. 
Cependant  une  comparaison  quantitative  est  rendue  difficile  par  des  effets  de  souplesse  de  l'avion. 
L'incldence  en  vol  est  mesurde  sur  le  nez  de  l'avlon  et  des  hypotheses  sont  ndcessaires  pour  esti- 
mer  l'incldence  effective  de  la  voilure. 

Des  mesures  de  la  portance  et  des  moments  de  tangage  ont  dtd  obtenus  par  ddodldration  on 
paller  aux  dlffdrents  centrages.  Pour  effectuer  une  comparaison  avec  la  soufflerie  11  est  ndcessalre 
de  corrlger  les  rdsultats  on  vol  pour  les  dlffdrenoes  de  poussde  brute  et  de  ddbtt  des  entrdes  d'alr 
alnsl  que  pour  l'effet  de  braquage  des  dlevons. 

Dans  la  comparaison  prdsentde  sur  la  planche  12  on  note  une  bonne  concordance  & braquage 
nul  des  dlevons  ( b = 0).  Elle  est  molns  satlsi’alsante  avec  les  dlevons  braquds. 

Une  comparaison  de  la  variation  avec  l'lncidew"  de  l'angle  de  ddrapage  oil  apparalssent  les 
accidents  d'autocabrage  et  de  roulis  est  donnde  sur  la  planche  13.  Malgrd  la  dispersion  dans  les 
mesures  en  vol  le  phdnoradne  renconttd  en  soufflerie  est  bien  reproduit  en  vol. 

Sur  le  prototype,  en  vol  comme  en  soufflorle,  les  possibilitds  de  ddrapage  ii  haute  incidence 
sont  plus  grandes  que  sur  l'avlon  de  sdrle  et  l'autocabr.  go  se  trouve  4 une  incidence  plus  dlevde 
d'environ  2°. 


5.  CONCLUSIONS 

D'aprds  les  rdsultats  prdsentds  11  semble  que  sur  des  avlons  "semi  dlancds"  de  type  Blmilalre 
au  CONCORDE,  la  portance  continueralt  4 croltre  jusqu'aux  incidences  d'environ  oC  *=  35°. 

Sur  l'avlon  CONCORDE  do  sdrie  les  intdractions  entro  les  tourblllons  principal  et  secondalres 
sont  telles  que  le  foyer  rente  constant  en  incidence  Jusqu'4  od  = 22°  , oh  une  perte  de  portance  4 


l'extrdmitd  du  bout  d’aile  provoquo  un  ldger  autocabrage,  un  avancement  du  foyex’  et  une  diminution 
progressive  de  l'efficacitd  des  dlevons. 

L'intensitd  du  tourbillon  principal  ne  parait  pas  diminuer  it  1 'autocabrage . La  perte  de  por- 
tance  semble  fitre  lide  plutdt  4 un  changement  brutal  dans  le  systdme  de  tourbillons  secondaires. 
Get  autocabrage,  antlsymdtrique  en  ddrapage,  entralne  l'enfoncement  de  l'aile  qui  avance. 

Au-dessus  de  oi  autocabrage  le  tourbillon  principal  se  rdpand  vers  l'axe  de  l'avion  do  sorte 
qu'en  ddrapage  des  intdractions  avec  la  ddrive  entrafnent  une  rdduction  trds  itnportante  de  stabllitd 
latdrale  de  l'appareil. 

Une  comparalson  entre  lea  avions  prototype  et  de  sdrle  montre  la  grande  difference  de  oom- 
portement  4 haute  incidence  qui  peut  rdsulter  d'un  changement  relatlvement  mineur  de  la  forme  en 
plan  de  la  voilure. 

Les  variations  et  les  grandeurs  des  caractdriatiques  adrodynamiques  4 haute  incidence  ddter- 
minde.s  en  soufflerie  sont  retrouvees  sur  l'avion  en  vol. 


^ali-sation  a.  l’hulle  de  l'gcoulement  i l'extrados  de  la  voilure  en  fonction  de  1’incidence 
on  de  sdrie  - Essais  en  soufflerie  4 faible  vitesse. 


Planche  5 : Portance  due  au  braquage  des  dlovons  en  fonction  de  I'incidence. 
Avion  de  sfirie  - Essais  en  soufflerie  4 faible  vltesse. 


Planche  H : Moment  de  lacet  dfl  4 la  derive  en  fonetion  de  l'incidence  et  du  dfirapage. 
Avion  de  s6rie  - Essais  en  soufflerie  4 faible  vltesse. 


Avanl  autocdbragg 


A^ras  auVocabr^gg 


Platiche  8 : Repartition  en  envergure  des  presslons  4 1‘extrados  sur  la  partle  arrlfire  do 
la  vollure  & dfirapage  nul  - 

Avion  d6velopp4  - Essals  en  eoufflerle  4 falble  vltesse 
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Planche  9 : Variation  en  Incidence  de  l'intensite  et  de  la  position  au-dessus  de  l'extrados 
du  tourbillon  principal. 

Avion  d6volopp6  - Essals  en  soufflerle  il  falble  vltesse 
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Plgnche  12  : Avion  de  sdrie  - Portance  et  moments  de  tangage  ft  haute  incidence. 

Essais  en  soufflerio  (faible  vitease)  

Essals  en  vol  : o ramends  ft  i = 0 - • mesur6s  ft  S = 0 


Planohe  13  : Avion  de  sdrie  - Possibility  de  ddrapage  ft  haute  inoidence, 

Essais  en  soufflerle  (faible  vitesse)  accident  en  Cm  , Ct  Cj 

Essais  en  vol  : O accident  en  Cm  Q C % . -f  ddrapage  atteint  sane  accident 
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SUMMARY 

The  Space  Shuttle  Vehicle  Is  being  developed  by  the  NASA  to  provide  capability  for  lower  cost  space 
operations  in  the  1 980 ’ s and  beyond.  This  paper  describes  Shuttle  Orbiter  aerodynamic  design  conducted  by 
Rockwell  International  under  contract  to  NASA.  Aerodynamic  criteria  key  to  establishing  the  external 
configuration  are  discussed  together  with  evolution  of  the  design  Including  effects  of  wing-body  blending 
on  high  angle  of  attack  aerodynamics.  , 

An  overview  of  the  wind  tunnel  program  is  given  and  aerodynamic  characteristics  of  the  final  config- 
uration are  described.  Aerodynamic  parameters  critical  to  definition  of  Orbiter  entry  control  and 
performance  are  Identified.  During  entry,  the  Orbiter  flies  over  an  angle  of  attack  range  from  50  to  zero 
degrees.  Trim  capability  and  stability  and  control  characteristics  are  discussed  at  critical  regions  In 
the  entry  trajectory.  Methods  are  described  to  define  reaction  control  rocket  effectiveness  and  aero- 
dynamic interactions  during  the  initial  portion  of  entry.  At  hypersonic  speeds,  wind  tunnel  results  of 
viscous  Interaction  effects  at  high  angles  of  attack  are  discussed.  In  the  supersonic  region  where  transf 
tlon  from  high  to  low  angle  of  attack  occurs,  critical  stability  and  control  parameters  and  wind  tunnel 
results  are  described.  At  subsonic  speeds,  comparisons  are  shown  between  predicted  aerodynamic  character- 
istics and  data  from  the  approach  and  landing  flight  test  program. 


NOMENCLATURE 

Acronyms 

AEDC  Arnold  Engineering  Development  Center 

ALT  Approach  and  Landing  Test 

ARC  NASA  Ames  Research  Center 

ATP  Authority  to  Proceed 

CDR  Critical  Design  Review 

EAFB  Edwards  Air  Force  Base 

ET  External  Tank 

ETR  Eastern  Test  Range 

FCF  First  Captive  Flight 

FMOF  First  Manned  Orbital  Flight 

JSC  NASA  Johnson  Space  Center 

KSC  NASA  Kennedy  Space  Center 

LaRC  NASA  Langley  Research  Center  (also  LRC) 

OMS  Orbital  Maneuvering  System 

OV  Orbital  Vehicle 

PDR  Preliminary  Design  Review 

PRR  Program  Requirements  Review 

RCS  Reaction  Control  System 

SRB  Solid  Rocket  Booster 

SSME  Space  Shuttle  Main  Engine 

TAEM  Terminal  Area  Energy  Management 

WTR  Western  Test  Range 

Symbols 

b Span 

Ca  Axial  force  coefficient 

Cd  Drag  force  coefficient 

Cl  Lift  coefficient 

Cj,  Rolling  moment  coefficient 

Cje  Rolling  moment  coefficient  due  to  sideslip 

p (per  degree) 

Cis  Rolling  moment  coefficient  per  degree 

a aileron  deflection 

Cju  Rolling  moment  coefficient  per  degree 

°r  rudder  deflection 

0^  Pitching  moment  coefficient 

Cn  Normal  force  coefficient 

Cn  Yawing  moment  coefficient 

Cn„  Yawing  moment  coefficient  due  to  sideslip 

Cn?  Yawing  moment  coefficient  per  degree 

a aileron  deflection 


Symbol s (continued) 

cn{-  Yawing  moment  coefficient  per  degree 

r rudder  deflection 

Ca  Factor  of  proportionality  In  linear 

viscosity-temperature  relation,  equation  (5) 
CG  Center  of  gravity 

h Altitude 

L/D  Llft-to-drag  ratio 

M Mach  number 

M.A.C.  Mean  aerodynamic  chord,  also  c 

^ RCS  jet' mass  flow  ratio,  equation  (4) 

_ 2 
q Dynamic  pressure  * l/2pV 

RE  Reynolds  number,  also  Re 

S Reference  area 

Se  Standard  error  of  estimate 

Vq  Design  touchdown  speed 

Viscous  parameter,  equation  (2) 

X.  Viscous  Interaction  parameter,  equation  (1) 
a Angle  of  attack 

3 Angle  of  sideslip  (positive  nose-up) 

6a  aileron  deflection  (positive  for  positive 
rolling  moment) 

6qf  Body  flap  deflection  (positive  for  nose- 

down  pitching  moment) 

6e  Elevator  deflection  (positive  for  nose- 

left  yawing  moment) 
a Standard  deviation 

*j  RCS  jet  momentum  ratio,  equation  (3) 

4*00 

A Sweep  angle 

X Taper  ratio 

p Mass  density  of  air 

Subscripts 

LB  Body  length 

* Freestream 


INTRODUCTION 

The  Space  Shuttle  Vehicle  Is  being  developed  by  the  NASA  to  provide  capability  for  lower  cost  space 
operations  In  the  1 980 ‘ s and  beyond.  The  flight  vehicle  consists  of  a reusable  orblter,  an  expendable 
external  propellant  tank,  and  two  reusable  solid  rocket  boosters.  Space  Shuttle  will  be  capable  of 
launching  a variety  of  payloads  Into  earth-orbit  from  either  the  Eastern  Test  Range  (ETR)  at  Kennedy  Space 
Center  or  the  Western  Test  Range  (WTR)  at  Vandenberg  Air  Force  Base.  Maximum  payload  capabilities  will  be 
29,480  kg  for  an  easterly  launch  from  ETR  and  14,515  kg  for  launch  into  polar  orbit  from  WTR. 

The  orblter  development  contract,  under  the  direction  of  NASA's  Johnson  Space  Center,  was  awarded  to 
Rockwell  International  In  August  1972.  Under  this  contract,  two  orblter  vehicles  are  being  built-OVlOl 
was  delivered  to  the  flight  test  center  In  February  1977,  and  approach  and  landing  flight  testing  completed 
in  October  1977.  0V102,  the  first  orbital  flight  vehicle,  is  In  assembly  and  Is  scheduled  for  roll-out 
In  late  1978.  Orbital  flight  testing  will  begin  In  1979. 

Aerodynamic  considerations  have  played  a significant  role  in  the  vehicle  design  process.  The  Shuttle 
must  fly  satisfactorily  with  predicted  aerodynamic  characteristics;  It  is  not  feasible  to  approach  flight 
testing  by  Incremental  expansion  of  the  altitude  and  velocity  envelope.  Consequently,  the  NASA  and 
Rockwell  have  given  careful  attention  to  the  development  of  an  extensive  data  base  derived  largely  from 
wind  tunnel  tests,  with  detailed  attention  being  given  to  defining  uncertainties  through  statistical 
analysis  of  wind  tunnel  data  and  by  comparisons  of  wind  tunnel  predictions  with  flight  data  from  previous 
programs.  In  addition,  the  flight  control  system  Is  being  designed  to  minimize  its  sensitivity  to 
uncertainties  In  aerodynamic  parameters. 

The  objectives  of  this  paper  are  to:  (1)  briefly  describe  the  Shuttle  mission  in  order  to  Identify 
key  aerodynamic  design  criteria;  (2)  summarize  aerodynamic  development  of  the  orblter;  (3)  describe  the 
key  aerodynamic  parameters  and  their  relationship  to  design  and  performance  of  the  entry  flight  system; 
and  (4)  summarize  recent  flight  results  which  verify  the  aerodynamic  estimates  for  the  approach  and 
landing  phase  of  the  Shuttle  mission. 


VEHICLE/MISSION  DESCRIPTION 

The  Shuttle  Vehicle  consists  of  four  major  elements:  the  orblter;  main  engines  (SSME) ; external 
tank  (ET);  and  two  solid  rocket  boosters  (SRB) . Overall  vehicle  configuration  Is  Illustrated  In  Figure  1. 
The  external  tank  contains  the  liquid  oxygen/1 iquld  hydrogen  propellants  used  by  the  main  engines  during 
ascent.  Liquid  oxygen  Is  located  In  the  forward  tank  to  maintain  an  acceptable  center  of  gravity  for  the 
combined  vehicle.  Nozzles  on  each  booster  are  glmballed  to  augment  control  during  ascent. 

The  orblter.  Figure  2,  Is  a double-delta  wing  configuration  comparable  In  size  to  a modern  transport 
aircraft.  Normally,  the  orblter  carries  a crew  of  four— commander,  pilot,  mission  specialist,  and  payload 
specialist— with  provision  for  as  many  as  seven  persons.  The  orblter  can  remain  In  orbit  nominally  for 
seven  days  (up  to  30  with  special  payloads),  return  to  earth  with  personnel  and  payload,  land  like  an 
airplane,  and  be  refurbished  for  a subsequent  flight  In  14  days.  Three  main  rocket  engines  mounted  In  the 
aft  section  of  the  orblter  provide  propulsive  thrust  during  ascent.  These  two  million  Newton  thrust 
liquid  oxygen/liquid  hydrogen  engines  are  glmballed  In  pitch  and  yaw  to  provide  thrust  vector  control. 
Smaller  orbital  maneuvering  system  (OMS)  rocket  engines  are  also  located  In  the  aft  section  to  provide  final 
Impulse  for  orbit  Insertion,  orbital  maneuvers,  ana  deorbit.  Reaction  control  rockets  (RCS)  are  located 
In  both  the  forward  and  aft  section  of  the  orblter  to  provide  attitude  control  and  three-axis  translation 
during  orbit  Insertion  and  on-orbit  operations:  The  aft  reaction  control  rockets  are  used  in  combination 
with  aerodynamic  surfaces  for  control  during  entry.  Aerodynamic  surface  controls  Include  split  elevons 
along  the  wing  trailing  edge;  a split  rudder  In  the  vertical  fin  which  can  also  be  flared  open  to  serve 
as  a speed  brake  during  descent;  and  a hinged  body  flap  located  at  the  lower  aft  end  of  the  fuselage  to 
augment  control  during  descent  and  landing  approach.  The  body  flap  also  shields  the  exposed  main  engine 
nozzles  from  aerodynamic  heating  during  entry. 

The  entire  external  surface  of  the  orblter,  except  the  windows.  Is  protected  by  reusable  Insulation 
to  maintain  acceptable  structural  temperatures  under  entry  heating  environment.  Figure  3 Illustrates  the 
application  areas  for  the  materials  used  In  the  thermal  protection  subsystem.  Application  Is  as  follows: 

1.  Coated  Nomex  felt  Is  used  In  areas  where  temperatures  are  less  than  672°K  for  entry  and  716°K  for 
ascent;  l.e.,  upper  cargo  bay  door,  mid-  and  aft-fuselage  sides,  upper  wing,  and  OMS  pod. 

2.  Low- temperature  reusable  surface  Insulation  Is  used  In  those  areas  where  temperatures  are  below 
922*^  and  above  6728K  under  design  heating  conditions. 

3.  High-temperature  reusable  surface  Insulation  Is  used  In  those  areas  exposed  to  temperatures 
below  1533®K  and  above  922°K  under  design  heating  conditions. 

4.  Reinforced  carbon-carbon  Is  used  on  areas  such  as  wing  leading  edge  and  nose  cap  where  predicted 
temperatures  exceed  1533°K  under  design  heating  conditions. 

5.  Thermal  window  panes  are  used  In  the  crew  compartment  and  high  temperature  metal  Is  used  for 
forward  reaction  control  system  fairings  and  elevon  upper  surface  rub  seal  panels. 

6.  Thermal  barriers  are  Installed  around  operable  penetrations  (main  egress  hatch,  landing  gear  doors, 
etc.)  to  protect  against  aerothermal  heating. 

The  thermal  protection  system  Is  a passive  system.  It  has  been  designed  for  ease  of  maintenance  and 
for  flexibility  of  ground  and  flight  operations  while  satisfying  Its  primary  function  of  maintaining’ 
acceptable  airframe  outer  skin  temperatures. 


Mission  Profile 


Mission  performance  capability  Is  summarized  In  Table  1.  A typical  mission  profile  Is  shown  In 
Figure  4.  The  Shuttle  Is  launched  with  the  main  engines  and  solid  rocket  boosters  burning  In  parallel.  A 
maximum  dynamic  pressure  of  31,100  N/m2  Is  experienced  approximately  62  seconds  after  launch  at  11,280 
meters  altitude.  Booster  separation  occurs  at  122  seconds  at  an  altitude  of  43,280  meters,  46.3  kilo- 
meters downrange  from  the  launch  site.  The  solid  rocket  boosters  descend  on  parachutes,  are  recovered 
after  water  Impact,  and  are  refurbished  for  subsequent  reuse. 

After  booster  separation,  the  orblter  continues  to  ascend  with  main  engine  cut-off  and  external  tank 
separation  occurring  479  seconds  after  lift-off  when  the  orblter  has  reached  an  altitude  of  115,700  meters. 
The  orbital  maneuvering  system  engines,  which  provide  the  additional  velocity  needed  for  orbital  Insertion 
are  cut-off  approximately  600  seconds  after  launch. 

After  completion  of  the  orbital  operations  phase,  deorbit  Is  accomplished  by  retro-fire  of  the 
orbital  maneuvering  engines,  and  the  orblter  descends  to  the  atmospheric  entry  Interface  (nominally,  an 
altitude  of  121,920  meters).  A typical  entry  trajectory  Is  shown  In  Figure  5.  The  Initial  entry  phase 
extends  to  a dynamic  pressure  level  of  957.6  N/m2  (approximately  76,200  meters  altitude)  during  which 
attitude  control  from  two  aft  pods  Is  blended  with  aerodynamic  surface  controls,  the  latter  gaining  In 
effectiveness  as  dynamic  pressure  Increases.  Entry,  from  a dynamic  pressure  level  of  957.6  N/m2  to  a 
Mach  number  of  less  than  five,  Is  accomplished  at  a high  angle  of  attack  (Initially  38  degrees)  during 
which  the  blanketing  effect  of  the  wing  essentially  precludes  any  rudder  control.  Coordinated  lateral- 
directional  control  Is  provided  by  combined  yaw  reaction  control  jets  and  aileron  control.  The  terminal 
phase  occurs  as  angle  of  attack  Is  reduced  below  18  degrees.  As  the  orblter  descends  to  altitudes  where 
winds  can  result  In  relatively  large  errors  In  Inertially  derived  air  data,  probes  are  extended  (M«3.5) 
to  provide  air  data  relative  to  the  vehicle.  During  a typical  normal  entry,  range  control  Is  achieved  by 
bank  angle  while  angle  of  attack  follows  a predetermined  schedule  to  achieve  (at  approximately  M ■ 1.5)  an 
angle  somewhat  smaller  than  that  corresponding  to  maximum  L/D.  A downrange  capability  of  up  to  7,960  kilo- 
meters with  a cross  range  capability  of  1,815  kilometers  may  be  realized.  Subsonic  flight  Is  achieved  at 
an  altitude  of  approximately  12,190  meters.  Range  control  during  the  gliding  descent  Is  obtained  by  angle 
of  attack  modulation  with  velocity  control  maintained  by  the  speed  brake.  The  approach  and  landing  Inter- 
face occurs  at  3,048  meters  above  ground  level  and  a preflare  Is  Initiated  at  an  appropriate  altitude, 
followed  by  a deceleration  float  and  touchdown.  The  initial  approach  target  and  flare  altitude  will  be 
scheduled  to  provide  a minimum  of  25  seconds  between  flare  initiate  and  touchdown.  Touchdown  occurs  at  an 
angle  of  attack  of  about  15  degrees.  The  nominal  touchdown  velocity  Is  88  meters/sec,  and  maximum  landing 
speed  with  a 14,515-kilogram  payload  Is  about  106  meters/sec  Including  dispersions  for  hot-day  effects  and 
tailwinds. 


Orblter  Aerodynamic  Criteria 

Aerodynamic  criteria,  Reference  1,  for  the  orblter  vehicle  require  the  configuration  to  perform  as 
both  a spacecraft  and  an  aircraft.  Because  of  this,  the  external  features  must  be  carefully  configured  to 
provide  the  protection  and  versatility  required  for  orbital  and  atmospheric  flight,  and  the  aerodynamic 
performance  and  control  necessary  for  unpowered  descent  and  landing.  The  ae-odynamlc  lines  must  ensure 
performance  that  Is  acceptable  over  the  hypersonic  to  subsonic  speed  range,  and  provide  the  required  cross 
range  capability  and  touchdown  velocity.  Aerodynamic  requirements,  Table  2,  were  developed  from  analysis 
of  the  entry  phase  of  the  mission.  Landing  requirements  are  shown  In  Figure  6.  Static  stability  was  not 
required  since  the  design  criteria  allowed  reliance  on  the  flight  control  system  to  meet  flying  qualities 
criteria.  Early  simulations  Identified  a flight  control  requirement  for  static  longitudinal  stability  to 
be  no  more  than  two  percent  body  length  (5.45  percent  mean  aerodynamic  chord)  unstable  so  the  pitching 
moment  curve  established  the  aft  center  of  gravity  limit  at  67.5  percent  of  body  length.  Payload  criteria 
established  a center  of  gravity  range  of  2.5  percent,  thus  establishing  the  forward  limit. 

The  selected  configuration,  Figure  2,  evolved  from  a series  of  program  and  technical  refinements 
directed  to  achieve  the  vehicle  yielding  the  best  combination  of  performance  and  cost.  This  evolution  Is 
discussed  further  In  a later  section.  The  double-delta  planform  combined  with  a moderately  low  fineness 
ratio  (approximately  five)  body  minimizes  interference  heating  effects,  provides  the  required  cross  range 
requirements,  and  possesses  an  acceptable  trim  and  stability  range,  Figure  7,  over  the  flight  Mach  number 
range. 

The  orblter  wing  was  sized  to  provide  a 88  meters/second  touchdown  speed  (Vo)  at  a 15-degree  angle 
of  attack  (tall  scrape  attitude  for  main  gear  strut  compressed,  tire  flat)  with  body  flap  retracted  and 
the  center  of  gravity  at  the  forward  limit.  The  leading  edge  sweep  (45  degrees)  and  aspect  ratio  (2.265) 
were  selected  on  the  basis  of  aerothermodynamic  trade  studies  to  provide  the  design  touchdown  speed  for 
a center  of  gravity  at  the  forward  limit  with  minimum  wing  size  and  to  optimize  the  wing  leading  edge 
thermal  protection  system  for  a reuse  cycle  of  100  flights  prior  to  major  rework. 

The  fuselage  was  designed  to  accommodate  a variety  of  payloads  and  house  the  crew  and  maneuvering 
control  systems.  Nose  camber,  cross  section,  and  upward  sloping  forebody  sides  were  selected  to  Improve 
hypersonic  pitch  trim  and  directional  stability  and  In  conjunction  with  wind-body  blending,  to  reduce 
entry  heating  on  the  body  sides.  Propulsion  units  for  entry  attitude  control  and  orbital  maneuvering 
have  been  Incorporated  In  pods  located  In  the  aft  body  fairings.  The  body  flap  Is  used  to  protect  the 
Shuttle  main  engine  during  entry  and  to  provide  trim  capability  to  relieve  elevon  loads. 

The  vertical  tall  has  been  sized  to  provide  a low-speed  Cn8  of  0.0013  at  an  angle  of  attack  of 
13  degrees  about  a center  of  gravity  located  at  the  aft  limit.  It  has  a reference  area  of  38.39  m2 
Including  the  rudder/speed  brake.  The  rudder  Is  split  along  the  orblter  buttock  plane  to  provide 
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directional  stability  augmentation  in  the  hypersonic/supersonic  flight  regimes  and  to  apply  drag  modula- 
tion for  the  subsonic  flight  phases,  approach  and  landing.  The  section  profile  Is  a five-degree,  half- 
angle, 60-40  double-wedge  airfoil. 

Aerodynamic  and  aerothermodynamlc  criteria,.  Reference  2,  regarding  surface  discontinuities,  thermal 
protection  system  tile  steps  and  gaps,  and  waviness  are  shown  In  Figure  8.  These  criteria  are  based  on 
aerodynamic  efficiency  requirements  of  lifting  surfaces  and  the  prevention  of  premature  transition  from 
laminar  to  turbulent  boundary  layers  In  the  high  heating  portion  of  entry.  Aerodynamic  efficiency  Is 
affected  to  a much  greater  extent  by  surface  conditions  of  the  forward  rather  than  aft  regions  of  com- 
ponents. Hence,  tolerance  criteria  are  generally  more  restrictive  for  forward  regions  of  the  vehicle 
surfaces  and  somewhat  relaxed  at  aft  portions. 


DEVELOPMENT  APPROACH 
Development  Schedule 


Major  program  milestones  are  Illustrated  In  Figure  9,  starting  with  authority  to  proceed  (ATP)  In 
1972  and  culminating  with  initial  operational  capability  in  1980.  The  orblter  concept  at  ATP  was  a 
blended  delta  wing  vehicle  based  on  precontract  studies  and  configured  to  meet  Initial  Shuttle  Program 
requirements.  As  a result  of  a continuing  assessment  of  system  requirements  and  technical  refinements, 
early  In  the  extract  the  orblter  concept  was  modified  to  reduce  weight  and  decrease  program  and  operating 
costs  (Reference  3).  As  discussed  In  more  detail  later,  refinements  In  the  aerodynamic  configuration  led 
to  a double-delta  planform  Incorporating  a more  efficient  lifting  surface  than  the  blended  delta.  The 
System  Requirements  Review  In  August  1973  finalized  technical  requirements  for  the  Space  Shuttle  systems 
(l.e.,  the  total  vehicle,  Its  elements,  and  their  ground  systems)  and  approved  the  design  approach  of  the 
vehicle  and  associated  support  equipment.  Preliminary  Design  Review  (PDR)  of  the  first  orblter  (Orblter 
101)  vehicle  and  subsystems  for  the  approach  and  landing  flight  test  program  was  completed  In  February 
1974,  followed  by  the  Preliminary  Design  Review  of  the  second  orblter  (102)  In  March  1975.  Orblter  101 
roll-out  from  final  assembly  In  Palmdale,  California,  took  place  In  September  1976.  The  vehicle  was  mated 
to  the  Boeing  747  carrier  aircraft  at  the  Dryden  Flight  Research  Center,  Edwards  Air  Force  Base,  and  the 
first  captive  flight  was  completed  In  February  1977.  The  first  alrlaunch  of  Orblter  101  for  the  approach 
and  landing  flight  tost  (ALT)  took  place  on  August  12,  1977,  and  the  final  flight  was  completed  on 
October  26,  1977.  Delivery  of  0V101  to  the  Marshall  Space  Flight  Center,  Alabama,  for  ground  vibration 
testing  took  place  In  March  1978.  Fabrication  and  assembly  of  Orblter  102,  the  first  orbital  vehicle, 
began  In  1975.  Rollout  Is  scheduled  for  late  1978,  followed  by  delivery  to  Kennedy  Space  Center,  Florida, 
and  first  manned  orbital  flight  In  1979.  The  first  six  orbital  flights  of  the  Shuttle  are  development 
test  flights,  and  the  seventh  flight  In  1980  Is  considered  the  Initial  operational  capability  flight. 


Aerodynamic  Design  Approach 

It  Is  conventional  In  an  aircraft  proyram  to  approach  flight  demonstration  by  Incremental  expansion  of 
the  flight  envelope.  This  Is  not  feasible  with  the  Shuttle  vehicle.  Once  Shuttle  Is  launched.  It  Is 
coirmltted  to  flight  over  the  complete  mission  profile  from  ascent  to  orblter  Insertion,  deorbit,  entry,  and 
landing.  Flight  characteristics  must  be  based  on  aerodynamic  data  derived  from  ground  testing  and  analysis. 
Careful  attention  has  been  given  to  the  Interactions  between  flight  control  systems  design  and  aerodynamic 
characteristics,  and  allowance  has  been  made  for  uncertainties  In  basic  aero  data  In  flight  control  design. 
Predicted  aerodynamic  characteristics  have  been  derived  from  extensive  wind  tunnel  tests  which  have 
Included  a systematic  Investigation  of  data  uncertainties,  nonlinear  effects,  and  effects  of  wind  tunnel 
Installation,  blockage,  and  shock  wave  reflections.  The  Langley  Research  Center  conducted  detailed  wind 
tunnel  Investigations  of  control  surface  characteristics  and  nonlinear  aerodynamic  effects,  (l.e.,  Refer- 
ence 4)  to  support  development  of  the  data  base. 


Wind  Tunnel  Program 

Key  to  S|&ce  Shuttle  development  has  been  the  acquisition  of  wind  tunnel  test  data  to  support  design 
and  evaluation  by  providing  a continuously  maturing  data  base  reflecting  configuration  and  subsystem 
updates.  By  first  orbital  flight  In  1979,  approximately  40,100  total  wind  tunnel  test  hours  will  have  been 
conducted  for  aerodynamics,  heat  transfer,  and  structural  dynamics,  consisting  of  approximately  20,200  for 
the  orblter  vehicle,  16,100  for  the  mated  launch  configuration,  and  3,800  for  the  carrier  aircraft  program, 
Table  3.  A total  of  94  models  have  been  built— 38  aerodyamlc,  36  heat  transfer,  and  20  structural  dynamic. 
Table  4.  All  wind  tunnel  testing  Is  coordinated  with  and  approved  by  NASA  management  at  JSC. 

In  order  to  accurately  simulate  flight  conditions  In  a wind  tunnel,  Reynolds  number  and  Mach  number 
must  be  matched.  Problems  In  flow  simulation  (Reference  5,  NASA  CP-2009)  occur  when  the  geometric  scaling 
of  viscous  flow  Is  Important,  or  when  coupling  between  the  viscous  surface  flow  and  the  external  flow  field 
Is  strong.  In  the  first  case,  the  boundary  layer  can  be  considered  separately  from  the  Invlscld  flow  field, 
and  viscous  effects  can  be  scaled.  This  holds  for  Mach  numbers  up  to  about  10.  It  Is  well  known,  for 
example,  that  skin  friction  varies  with  Reynolds  number  in  a predictable  manner  and  can  be  scaled  to  flight 
conditions  from  suitable  wind  tunnel  results. 

For  Mach  numbers  greater  than  about  10,  a pressure  interaction  results  from  the  outward  streamline 
deflection  Induced  by  a thick  boundary  layer,  and  the  viscous-lnvlscld  Interaction  can  no  longer  be 
neglected.  For  this  case,  there  are  two  classical  simulation  parameters  commonly  considered: 


(1)  -t^,  the  viscous  Interaction  parameter  Introduced  by  Hayes  and  Probsteln  (Reference  6) 
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(2)  V^,  the  viscous  parameter  Introduced  by  Whitfield  and  Griffith  (Reference  7) 
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where  M Is  the  freestream  Mach  number,  Is  the  factor  of  proportionality  In  the  linear 
viscosity-temperature  relation  (Referenced),  and  R^  Is  the  freestream  Reynolds  number 

based  or  x.  The  parameter  Is  the  relevant  parameter  for  the  "pressure"  In  both  the 
strong  and  weak  Interaction  cases;  whereas  V'  Is  the  relevant  parameter  In  terms  of 
"pressure  coefficient"  (l.e.,  x^qj.  For  Shuttle,  It  has  been  observed  that  correlates 
total  aerodynamic  coefficients  better  than  xtt,  and  consequently,  7^  has  been  used  as  the 
hypersonic  simulation  parameter. 


Figure  10  shows  a comparison  between  flight  Re  and  and  the  simulation  capability  of  typical  wind 
tunnels  used  to  develop  the  Orblter  aerodynamic  data  base.  It  Is  seen  that  the  tunnel  capabilities 
closely  match  flight  simulation  requirements. 


Orblter  aerodynamic  test  hours  are  summarized  In  Figure  11  which  Illustrates  the  phasing  and  relation- 
ship to  program  milestones,  and  the  distribution  by  speed  range.  Approximately  38  percent  of  the  hours 
were  utilized  In  subsonic  test,  44  percent  In  the  transonlt/’supersonlc  range,  and  18  percent  In  the  hyper- 
sonic testing.  Four  test  phases  will  be  completed  by  first  orbital  flight.  The  first  was  a configuration 
definition  phase  to  develop  wing  airfoil  section  and  planform  geometry  in  support  of  design  trades  to 
reduce  orblter  weight  which  led  to  selection  of  the  double-delta  arrangement.  This  phase  was  completed 
by  System  Requirements  Review  In  August  1973.  The  second  phase  extending  essentially  to  0V102  Preliminary 
Design  Review  In  March  1975  was  dedicated  to  refinement  of  the  orblter  vehicle  and  development  of  the 
ferry  flight  configuration.  A tailcone  configuration  was  developed  to  Improve  ferry  performance  and  pro- 
vide longer  duration  orblter  flights  during  the  approach  and  landing  test  program.  Orblter  tests  were 
conducted  to  determine  basic  stability  and  control  capability  over  the  complete  entry  speed  range.  Control 
surface  effectiveness  and  hinge  moments  were  measured  to  support  preliminary  design  and  sizing  of  actuators 
Initial  RC5  Interaction  tests  were  conducted  to  support  entry  control  analysis.  Tests  were  also  performed 
to  measure  Reynolds  number  and  viscous  Interaction  effects  and  to  Identify  wind  tunnel  sting  tare  correc- 
tions to  test  data.  In  addition,  the  Langley  Research  Center  conducted  testing  to  measure  orblter  damping 
derivatives. 


The  third  phase  of  the  test  program  was  implemented  following  0V102  Preliminary  Design  Review  In 
March  1975  to  provide  more  detailed  0V102  design  data  and  to  verify  the  aerodynamic  characteristics  of 
0V101  prior  to  first  captive  flight  In  February  1977.  The  Langley  Research  Center  program  to  Investigate 
nonlinear  aerodynamic  and  control  surface  Interaction  characteristics  was  continued  during  this  phase.  In 
addition,  extensive  testing  was  conducted  to  develop  the  orblter  air  data  system  and  provide  sensor  cali- 
brations for  both  0V101  and  102.  0V101  verification  testing  was  also  completed  during  this  period  utiliz- 
ing a 0.36-srale  model  In  the  Ames  Research  Center  40x80-ft  (12.2x24.4  m)  wind  tunnel.  This  model  was  an 
accurate  replica  of  the  actual  0V101  flight  vehicle  and  Incorporated  simulated  thermal  protection  system 
tiles,  outer  moldline  protuberances,  and  main  engine  and  reaction  control  system  exhaust  nozzles. 

The  final  phase,  Initiated  In  early  1978,  Is  still  in  progress  and  Is  directed  toward  verification 
of  0V102  characteristics  prior  to  first  orbital  flight.  Two  models  are  employed  (0.05  and  0.02  scale)  to 
cover  the  speed  range  from  Mach  16  to  0.2.  Figure  12,  Illustrates  the  details  of  protuberances,  cavities, 
and  thermal  seals  simulated  on  the  models. 


Aerodynamic  Uncertainties 

Allowance  has  been  made  for  uncertainties  In  basic  aerodynamic  data  used  in  design  of  the  Shuttle 
Vehicle,  subsystems,  and  early  mission  profiles,  Reference  9.  Two  categories  of  uncertainties  have  been 
defined:  1)  Tolerances,  which  account  for  wind  tunnel  data  accuracy  and  manufacturing  tolerances;  and 
2)  Variations,  which  account  for  unknowns  In  extrapolation  of  model  data  to  free-fllght.  "Tolerances"  are 
used  In  subsystem  design,  and  were  derived  from  a statistical  analysis  of  wind  tunnel  data  In  which  tests 
were  conducted  using  the  same  models  In  several  different  wind  tunmls  and  using  different  scale  models  In 
the  same  wind  tunnel.  "Variations"  are  used  in  establishing  flight  test  plans  and  constraints,  and  were 
determined  from  comparisons  between  predicted  aerodynamics  and  flight  test  results  from  lifting  entry 
vehicles  and  selected  high-speed  aircraft.  The  flight  data  will  allow  reductions  of  the  variations  and 
removal  of  corresponding  flight  placards  to  achieve  operational  capability. 

A multiple  regression  analysis  computer  program,  Reference  10,  was  used  to  determine  the  "tolerances" 
on  the  derivatives  Cj. » Co,  Cm  versus  a;  Cn,  Cjt  versus  8,  and  4r*  Utilization  of  the  program  Involved 
Inputting  available  sets  of  wind  tunnel  data  for  a specified  coefficient  versus  a,  8,  5a  or  4r  at  given 
conditions  of  Mach  number,  control  surface  setting,  etc,,  with  a proposed  form  of  curve-fit;  e.g.,  Cl  ■ Ko 
+ Ka  + K2a*  - ...  Ksa5.  The  regression  program  statistically  determines  which  terms  of  the  proposed 


curve-fit  equation  are  significant  and  eliminates  those  which  are  not  significant  by  performing  a 
least-square  curve-fit  of  the  test  data.  Subsequent  to  selecting  a "best"  curve-fit,  the  deviation  of 
each  test  point  from  the  curve  Is  computed  and  the  Standard  Error  of  estimate,  Se,  (which  Is  a measure  of 
the  standard  deviation,  a)  Is  multiplied  by  three  to  estimate  the  three-sigma  (3o)  tolerance  of  the  aero- 
dynamic coefficient,  C,  being  analyzed.  The  three-sigma  tolerance  Is  an  increment  or  band  about  a nominal 
value  of  the  aerodynamic  coefficient,  C,  for  any  given  Mach  number,  body  flap  deflection,  etc.,  where  the 
probability  that  a measured  coefficient  at  the  specified  condition  lies  within  C ±3a  is  99.73  percent.  An 
example  of  the  procedure  for  determining  the  tolerance  on  lift  coefficient  Is  shown  In  Figure  13.  The 
regression  program  yields  a polynomial  expression  for  lift  coefficient  in  terms  of  angle  of  attack: 

CL  « -0.0546  + 0.0178  a + 0.0003  a2  - 2 x 10'9  as 

The  standard  error- of  estimate  becomes  Se  * 0,0146  and  the  corresponding  three-sigma  tolerance  on  lift 
coefficient  at  Mach  5.0  becomes  0.0438. 

"Variations"  were  developed  for  three  speed  regimes  from  comparisons  of  flight  and  predicted  values 
based  on  wind  tunnel  test  data  for  representative  vehicles,  constructing  the  bounds  of  the  data  points  and 
applying  the  larger  bound  as  a plus  or  minus  value.  An  example  of  the  procedure  used  to  develop  variation 
uncertainties  is  displayed  In  Figure  14.  The  figure  presents  a comparison  between  predictions  based  on 
wind  tunnel  results  and  flight  measured  values  of  normal  force  for  selected  aircraft  and  space  vehicles. 
The  data  bands  were  selected  on  the  basis  of  engineering  judgment  and  weighting  "Shuttle-like"  configura- 
tions more  heavily  than  the  lifting  bodies.  The  speed  regime  groups  were  M < 0.8,  0.8  <.  M <.1.2  and 
M > 1.2.  The  ratio  of  variation  to  tolerance  at  Mach  10.0  was  assumed  to  apply  throughout  the  viscous 
Interaction  speed  region. 

Later  In  this  report  where  Orblter  flight  data  from  the  approach  and  landing  test  program  are  dis- 
cussed, comparisons  are  shown  between  estimated  tolerances  and  variations  for  several  aerodynamic  param- 
eters. The  measured  flight  test  data  points  are  seen  to  be  distributed  about  the  nominal  value  and  to 
fall  within  the  predicted  tolerance  band,  and  well  within  the  estimated  variations.  It  is  anticipated 
that  further  correlation  with  flight  data  will  permit  reduction  of  the  variations  and  removal  of  corre- 
sponding flight  placards  to  achieve  full  operational  capability. 


CONFIGURATION  EVOLUTION 

Stability,  control,  and  performance  requirements  for  aerodynamic  configuration  design  of  the  orblter 
vehicle  are,  for  the  most  part,  established  by  the  entry  and  recovery  phases  of  flight.  Consequently,  It 
Is  these  phases  of  flight  which  were  key  In  determining  aerodynamic  requirements  for  the  orbiter  external 
arrangement.  On  the  other  hand,  design  airload  conditions  are  primarily  determined  from  the  ascent  phase. 

Design  Issues  key  to  achieving  the  proper  aerodynamic  balance  to  provide  stability,  control,  and 
center  of  gravity  range  capability  across  the  entry/recovery  flight  regime  are  wing  design,  wing-body 
Integration,  and  Integration  of  aerodynamic  and  flight  control  requirements.  Wing  design  was  key  because 
of  Its  Influence  on  vehicle  weight,  thermal  environment,  aerodynamic  stability,  buffet  characteristics, 
and  gliding  and  landing  performance  capability.  Wing-body  Integration  was  important  In  obtaining  a 
balanced  aerodynamic  configuration  capable  of  trim  and  control  over  the  entire  speed  range,  and  In  mini- 
mizing thermal  environment  due  to  Interference  flow  effects.  Fuselage  dimensions  were  largely  fixed  by 
payload  size  and  packaging  efficiency  while  aerodynamic  and  aerothermodynamlc  considerations  established 
forebody  shape  and  local  contours.  Integration  of  aerodynamic  control  requirements  was  of  major  Importance 
In  meeting  flying  quality  goals  In  all  flight  regimes,  and  minimizing  vehicle  weight  as  affected  by  control 
surface  arrangement,  size,  and  actuator  requirements. 

Prior  to  Shuttle  Program  go-ahead  In  August  1972,  Rockwell  International  participated  In  extensive 
NASA-funded  Shuttle  System  studies  during  which  numerous  trades  (Reference  1)  were  conducted  to  determine 
Shuttle  operational  cost  effectiveness,  desired  configuration  and  geometry,  major  subsystem  definition, 
and  Identification  of  major  design  drivers  for  the  orblter  configuration.  Design  requirements  found  t 
be  key  configuration  drivers  are  landing  speed;  payload  size,  weight,  and  center  of  gravity  envelope;  „u y 
cross  range  and  aerodynamic  heating;  stability  and  control  requirements;  and  flying  qualities.  From  these 
studies  emerged  a basepolnt  configuration  at  Shuttle  Program  authority  to  proceed  (ATP).  Following  ATP, 
further  trade  studies  were  conducted  at  NASA/JSC  and  Rockwell  to  refine  the  basepolnt  design.  Essentially 
four  aerodynamic  basepolnts  were  evaluated  In  arriving  at  the  final  selected  design,  as  summarized  In 
Figure  15. 


ATP  Configuration 

For  the  ATP  orblter  aerodynamic  configuration,  Rockwell  selected  a blended  delta  wing-body  design  to 
meet  NASA  mission  requirements.  Selection  of  the  external  arrangement  was  based  on  results  of  previous 
Investigations  at  the  NASA  centers,  and  Rockwell  design  studies,  supported  by  4300  hours  of  wind  tunnel 
testing.  The  orblter  aerodynamic  shape  Incorporated  a 50-degree  swept  delta  wing  planform  sized  to  provide 
77.2  m/sac  design  touchdown  speed  with  18,100  kilograms  return  payload.  Hypersonic  L/D  was  1.3  at 
34-degree  angle  of  attack,  and  maximum  subsonic  L/D  was  5.7.  Elevons  were  sized  to  provide  trim  at  hyper- 
sonic speeds  over  an  angle  of  attack  range  from  20  to  50  degrees  with  an  operational  center  of  gravity 
range  of  three  percent  body  length.  The  cargo  bay  provided  a 4.57  meter  diameter  by  18.2  meter  long 
volume  for  a wide  variety  of  payloads.  Cargo  deployment/retrieval  manipulators  were  stowed  In  a dorsal 
fairing  along  the  top  of  the  payload  bay  doors.  Provision  was  made  for  installing  four  airbreathing 
engines  In  the  aft  portion  of  the  payload  bay  for  early  development  flights.  Three  main  propulsion  system 
rocket  engines  were  located  at  the  base  of  the  aft  fuselage,  and  on-orbit  propulsion  engines  were  Installed 


in  two  removable  pod  modules  alongside  the  aft  fuselage.  Reaction  control  rocket  engines  wore  located  In 
the  aft  pods  and  in  the  forward  fuselage  compartment. 


PRR  - PDR  Configuration 

Upon  Initiation  of  Shuttle  go-ahead,  the  deveTopment  aerodynamic  wind  tunnel  program  was  implemented, 
and  further  trade  studies  were  conducted  at  NASA/JSC  and  Rockwell  to  refine  the  ATP  basepoint.  The  ATP  and 
PRR  orbiters  (Figure  15)  were  both  blended  delta  wing  configurations  which  were  externally  similar.  The 
most  obvious  changes  were:  (1)  a redesigned  forebody  to  accommodate  internal  packaging  revisions;  (2)  the 
movement  of  the  OHS/RCS  pod  from  the  side  of  the  aft  fuselage  to  the  shoulder  location;  and  (3)  deletion 
of  airbreathing  propulsion  for  landing  assist  following  orbital  flights. 

A series  of  wind  tunnel  tests  conducted  over  the  Mach  number  range  from  0.26  to  7.4,  indicated 
revised  wing  twist,  camber,  and  fuselage  blending  would  Improve  low-speed  lift  capability.  Results  showed 
that  reducing  the  wing-body  fillet  radius  and  changing  from  a faired  to  a straight  fillet  (wing-glove) 
Increased  the  trim  Ci  significantly.  In  addition,  significant  system  requirement  changes  were  made  by 
NASA  to  reduce  vehicle  weight  and  cost.  Orblter  down  payload  weight  was  reduced  from  18,100  to  11,300 
kilograms,  and  the  vehicle  resized  from  a design  dry  weight  of  77,100  kilograms  to  68,000  kilograms.  The 
minimum  subsonic  stability  requirements  were  reduced  from  three  percent  to  0.5  percent  body  length  static 
margin  at  the  forward  center  of  gravity.  For  the  PDR  configuration,  Reference  3,  direction  was  received 
from  NASA  to  modify  the  wing  planform  to  a double-delta  design,  and  the  wing  was  resized  to  meet  the 
reduced  dry  weight  and  payload  requirements.  A 45/79  degree  wing  planform  with  reduced  glove  leading  edge 
radius  was  Incorporated  for  improved  subsonic  performance.  Figures  16  and  17.  Improved  low-speed  perform- 
ance and  the  reduced  static  margin  requirement  permitted  a reduction  In  wing  size  from  299  to  250  square 
meters  and  resulted  In  rebalancing  the  orblter  vehicle  to  meet  stability  and  control  requirements. 


CDR  Configuration 

Wind  tunnel  Investigations  of  the  PDR  configuration  revealed  a need  for  further  configuration 
refinement.  Aerodynamic  tests  showed  a difficulty  in  providing  trim  capability  at  the  forward  center  of 
gravity  In  the  supersonic  flight  regime.  Aeroheatlng  tests  Indicated  the  blunt  fuselage  nose  resulted  in 
early  transitional  flow  and  high  temperatures  along  the  lower  body  surface.  Also,  wing  incidence,  camber, 
and  thickness  distributions  designed  for  maximum  subsonic  performance  led  to  local  fairings  on  the  lower 
wing  arid  fuselage  surfaces  which  caused  high  local  heating. 

Changes  Incorporated  In  the  fuselage  nose  section  are  Illustrated  in  Figure  18.  The  blunt  nose  shape 
was  modified  to  a cross  section  which  was  basically  parabolic  In  plan  and  side-view.  Wlng/fuselage 
fairings  along  the  bottom  of  the  orblter  were  modified  to  provide  a thermodynamically  aceptable  smooth 
lower  surface  with  minimum  reverse  curvature.  Figure  19.  Leading  edge  sweep  of  the  glove  was  slightly 
changed  (from  78  to  81  degrees)  as  a result  of  refairing  Into  the  modified  fuselage  nose. 

To  achieve  the  best  combination  of  performance  and  cost,  further  configuration  refinements  were  made. 
The  down  payload  requirement  was  Increased  to  14,500  kilograms  and  the  design  center  cf  gravity  range 
established  at  2.5  percent  body  length.  The  QMS  pod  forebody  fairing  which  extended  onto  the  cargo  bay 
door  was  shortened  to  reduce  weight  and  simplify  the  door-to-fuselage  seal  design.  In  addition,  the 
manipulator  arm  dorsal  fairing  along  the  top  of  the  payload  bay  doors  was  deleted,  and  the  manipulator  was 
stowed  Inside  the  payload  bay.  Figure  20.  Aerodynamic  criteria  for  the  final  configuration  are  listed 
previously  In  Table  2. 


0RBITER  AERODYNAMIC  CHARACTERISTICS 

Aerodynamics  characteristics  of  the  final  orblter  vehicle,  Reference  2,  are  summarized  In  this  section. 
These  characteristics  were  derived  from  wind  tunnel  test  results  adjusted  to  account  for  scale  effects  or 
differences  between  model  configurations  and  the  final  orblter  vehicle.  Aeroelastlc  corrections  have 
been  estimated  by  standard  methods.  Wind  tunnel  skin  friction  drag  and  reaction  control  rocket  plume 
Interaction  data  have  been  corrected  to  free-fllght  conditions  using  Reynolds  number  scaling  for  skin 
friction,  and  jet-to-freestream-momentum  ratio  for  plume  effects. 

Criteria  for  aerodynamic  design  of  the  Orblter  have  been  determined  from  analyses  of  the  entry  flight 
phase,  considering  requirements  for  vehicle  trim,  control,  performance,  and  aerodynamic  heating.  A typical 
entry  profile  is  Illustrated  In  Figure  21.  Trajectory  guidance  is  accomplished  by  flying  an  angle  of 
attack/velocity  profile  preselected  to  meet  thermal  design  criteria,  and  using  roll  conmands  for  range 
control.  Flight  control  Is  accomplished  In  two  modes  termined  spacecraft  and  aircraft.  The  spacecraft 
mode  applies  from  initial  through  mid-entry  phases  where  the  Orblter  is  at  high  angle  of  attack  making  the 
vertical  fin  and  rudder  Inef;  '.tive.  The  aircraft  mode  Includes  mid-entry  through  approach  and  landing. 
Switching  from  spacecraft  to  an  -craft  modes  Is  performed  as  a function  of  angle  of  attack  and  velocity. 
Transition  begins  at  approximately  Mach  5 and  Is  completed  at  about  Mach  1.5.  In  the  spacecraft  mode, 
control  In  all  three  axes  Is  Initially  provided  by  the  aft  reaction  control  system  jets  mounted  at  the 
base  of  the  Orblter  on  either  side  of  the  vertical  tall.  As  control  authority  of  the  aerodynamic  surfaces 
becomes  sufficient,  the  jets  are  deactivated.  Utilization  of  the  control  surfaces  and  jets  during  entry  is 
Illustrated  in  Figure  22.  At  a dynamic  pressure  of  95.8  N/m2,  the  elevons  are  used  to  supplement  the  jets 
In  pitch  and  roll.  The  roll  jets  are  turned  off  at  a dynamic  pressure  of  478.8  N/m2  at  which  point  the 
yaw  jets  are  used  to  initiate  roll  maneuvers  (as  well  as  yaw  control)  with  the  ailerons  providing  turn 
coordination  until  switchover  to  the  aircraft  mode.  At  a dynamic  pressure  of  957.6  N/m2,  the  pitch  jets 
are  turned  off  and  the  elevons  provide  pitch  control.  Transition  to  the  aircraft  mode  Is  initiated  at 
approximately  Mach  5 when  the  rudder  is  activated.  The  yaw  jets  are  turned  off  at  about  Mach  1,  and  the 
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rudder  provides  control  until  landing  The  speed  brake  is  programed  to  assist  pitch  trim  and  augment 
lateral  stability  during  transition  from  spacecraft  to  aircraft  control.  During  approach  and  landing,  the 
speed  brake  setting  Is  modulated  for  speed  control.  Additional  pitch  trim  Is  provided  by  the  body  flap 
which  is  programmed  as  a function  of  velocity. 

Significance  of  the  aerodynamic  parameters  rests  In  their  effects  on  vehicle  performance,  control, 
and  airloads.  Those  parameters  most  sensitive  to  meeting  entry  mission  requirements  are  listed  In  Table  5. 
Lift,  drag,  and  pitching  moment  are  the  primary  aerodynamic  parameters  governing  the  entry  trajectory, 
range  capability,  and  thermal  system  design  requirements  In  terms  of  heat  rate  and  load.  Heating  rate 
Influences  maximum  surface  temperature  and  affects  material  reuse  capability.  Heat  load  establishes 
material  thickness  to  maintain  structural  temperatures  and,  therefore,  affects  thermal  protection  system 
weight.  Pitching  moment  determines  the  elevon  setting  required  for  trim.  Design  areas  sensitive  to  trim 
setting  are  elevon  heating  during  Initial  entry,  and  control  surface  actuator  stall  limits  at  transonic 
speeds.  In  addition,  there  Is  an  Interaction  between  elevon  setting  and  lateral -directional  control 
capability  because  of  the  change  In  roll  and  yaw  effectiveness  of  the  ailerons  with  elevon  position. 

Lateral -directional  trim  and  control  capability  Is  governed  by  the  aileron  and  rudder  control  derivatives. 
Above  Mach  5 the  aileron  Is  used  for  both  roll  and  yaw  trim  before  the  rudder  become  effective.  Between 
Mach  5.0  and  1.5,  the  rudder  provides  both  yaw  and  roll  trim  with  the  aileron  providing  turn  coordination. 
Below  Mach  1.5,  roll  trim  Is  provided  by  the  rudder.  The  derivatives  Cng,  C*g,  Cn^,  Cg,fi  , Cn6r»  are 

key  to  establishing  control  capability,  reaction  control  system  propellant  usage,  and  the  switch-over  point 
from  spacecraft  to  aircraft  control  modes. 


High  Altitude  Aerodynamics 

The  entry  Interface,  defined  as  the  upper  limit  of  the  sensible  atmosphere,  begins  at  approximately 
120,000  meters  altitude.  In  this  high  altitude  region,  say  70,000  to  120,000  meters,  rarefied  gas  flows 
are  encountered  by  the  orbiter  as  it  enters  the  atmosphere.  Aerodynamic  design  Issues  In  this  region 
Involve  determining  the  effectiveness  of  the  control  jets  and  their  Influence  on  the  Orbiter  flow  field. 
In  addition  to  defining  viscous  Interaction  effects  associated  with  low  Reynolds  number/high  Mach  number 
flows. 

Initial  entry  aerodynamic  characteristics,  Figure  23..  are  highly  influenced  by  Interactions  between 
the  reaction  control  system  jet  plumes  and  the  local  flow  field  over  the  Orbiter.  The  total  jet  effects 
are  comprised  of  three  factors': 


• Jet  thrust 

• Surface  impingement 

• Flow  field  interaction 

Impingement  and  Interaction  effects  are  Inter-related  and  have  been  obtained  from  wind  tunnel  testing. 
Coupling  Is  present  between  the  plume  effects  and  aero  surfaces,  and  between  the  jets  themselves. 

A series  of  model  nozzles  with  different  expansion  ratios  were  employed  during  the  wind  tunnel  test 
program.  General  Dynamlcs/Convalr,  under  contract  to  the  NASA  (NAS9-I4095),  Reference  11,  developed  a 
method  whereby  the  experimentally  measured  Induced  plume  effect  (surface  Impingement  plus  flow  field 
Interaction)  could  be  separated  Into  two  component  parts  and  tne  Impingement  term  extrapolated  to  flight 
conditions.  To  obtain  a correct  modeling  of  the  reaction  control  system  plume  effects  in  the  wind  tunnel. 
It  was  necessary  to  observe  certain  scaling  criteria.  The  primary  factors  for  consideration,  aside  from 
dimensional  scaling,  are  plume  shape  and  Jet-to-freestream  momentum  ratio,  In  some  Instances, 

namely,  yaw  thruster  firings,  mass  flow  rate  ratio,  mj/rn^,  scaling  was  found0 to  be  a slightly  better 
modeling  parameter  than  momentum  ratio.  The  scaling  parameters  are  defined  as: 


and 
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riij  - Jet  mass  flow  rate 
m,  *»  Frees tream  mass  flow  rate 
Vj  » Exit  velocity  - meters/sec 
^ » Dynamic  pressure  ~ N/m5 
6j  * Nozzle  half-angle  at  exit 
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n ■ Number  of  thrusters 

Sref  “ Referencc  area  (24.9  m2) 

In  scaling  from  wind  tunnel  to  flight,  certain  adjustments  to  the  data  base  are  required  to  account  for 
real  exhaust  plume  effects  since  cold  air  was  used  as  the  jet  media  In  the  tunnel.  Model  plume  Impinge- 
ment effects  were  theoretically  extracted  from  the  measured  tunnel  data  and  the  remaining  jet  plume  Inter- 
action effects  correlated  against  4>j /<t>»  or  liy/m^.  Prototype  Impingement  effects  were  then  theoretically 
generated.  Examples  of  the  data  correlation  for  pitching  moment  are  presented  In  Figure  24. 

The  application  of  the  reaction  control  system  data  to  a typical  entry  flight  condition  of  q*,  ■ 

478.8  N/m2  at  an  altitude  of  79,250  meters  are  presented  In  Figure  25  for  three  aft  left  downfiring 
reaction  control  system  thrusters.  It  Is  to  be  noted  that  adverse  effects  to  control  authority  result  from 
the  Impingement  and  flow  Interaction  terms  for  roll  and  pitch;  whereas.  In  yaw  these  terms  tend  to  Increase 
the  jet  moment. 

Viscous  Interaction  effects  are  scaled  from  wind  tunnel  test  data  to  flight  conditions  by  means  of 
the  hypersonic  viscous  parameter  9^  discussed  ear’ier: 


where 


M„ 

VB 


Freestream  Mach  number 

Freestream  Reynolds  number  (based  on  body  length,  Lg) 

Proportionality  factor  for  the  linear  viscosity-temperature  relationship  (Reference  8) 
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with  Monahan's  empirical  relationship  given  by 


- 0.468  + 0.532  -p  + 0.195  Hj 

00  oo 

where 

T*  * Reference  temperature,  degrees  Kelvin 
Tm  « Freestream  static  temperature,  degrees  Kelvin 
Tw  * Wall  temperature,  degrees  Kelvin 
y * Specific  heat  ratio 
K * Empirical  constant  ■ 0.5  for  air 
j » Empirical  constant  » 1.0  for  air 


(6) 


NOTE:  A constant  wall  temperature  of  1367°K  and  specific  heat  ratio  of  1.15  have  been  assumed  for  the 
flight  conditions  analyzed. 

The  primary  viscous  Interaction  effects  are  In  shear  forces  with  essentially  no  effect  oh  normal 
force.  Variation  of  Vj,  along  the  nominal  entry  trajectory  Is  Illustrated  In  Figure  26.  High  values  of  V^ 
correspond  to  low  values  of  Reynolds  number  which  Is  associated  with  the  thickening  of  the  hypersonic 
laminar  boundary  layer  causing  Increased  shear  on  the  lower  surface  of  the  Orblter.  Evidence  of  this  Is 
seen  as  an  Increase  in  axial  force  coefficient  with  Increasing  with  no  change  In  normal  force,  Fig- 
ure 27.  Pitching  moment  at  zero  degree  control  deflection,  Figure  28,  becomes  slightly  more  negative  with 
increasing  due  to  Increased  shear  forces  on  the  lower  surface  of  the  Orblter.  At  negative  (trailing 
edge-up)  control  deflections,  the  movement  of  the  control  surface  has.llttle  effect  on  the  boundary  layer 
on  the  lower  surface  of  the  Orblter,  and  consequently,  the  effect  of  V^  on  pitching  moment  Is  similar  to 
the  zero  degree  deflection  case.  For  positive  (trailing  edge-down)  deflections,  however,  the  pitching 
moment  effectiveness  of  the  control  surface  decreases  with  Increasing  9^.  At  high  V^  (corresponding  to  low 
Reynolds  number)  a thickening  of  the  boundary  layer  results  with  a separation  point  which  moves  forward 
with  Increasing  control  deflection.  This  causes  a net  forward  movement  of  the  center  of  pressure,  result- 
ing in  reduced  pitching  moment  effectiveness  with  increasing  V^,  Figure  28. 
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Effects  of  Vi  on  aerodynamic  performance  characteristics  are  Indicated  In  Figures  29  and  30  for  a 
nominal  entry  trajectory.  The  decrease  In  llft-to-drag  ratio  caused  by  the  Increase  In  axial  force  Is 
accounted  for  In  design  of  the  entry  trajectory.  Reduced  elevon  effectiveness  Increases  the  control  sur 
face  deflection  required  to  trim,  Figure  30. 


Longitudinal  Characteristics 

Longitudinal  stability  and  control  characteristics  for  hypersonic  to  low  speed  Mach  numbers  are 
Illustrated  In  Figures  31  and  32.  These  data  have  been  determined  as  a result  of  extensive  wind  tunnel 
tests  (representative  data  are  shown  on  the  curves)  with  hypersonic  theory  being  used  to  bridge  the  gap 
between  high  supersonic  data  and  the  hypersonic  wind  tunnel  data.  Low-speed  longitudinal  characteristics 
shown  In  Figure  32  demonstrate  stall -free  characteristics  over  the  operating  angle  of  attack  range.  The 
predicted  characteristics  are  compared  with  test  data  obtained  with  a 0.36-scale  model  In  the  Ames  Research 
Center  40x80-ft  (12.19x24.38  m)  wind  tunnel.  The  changes  In  stability  evidenced  In  Figure  32  by  the  large 
changes  In  pitching  moment  at  high  angles  of  attack  are  due  to  leeslde  separation  on  the  orblter  wing 
Induced  by  vortices  from  the  wing/fuselage  Junction. 

The  leeslde  flow  separation  Influences  the  supersonic  stability  characteristics  also.  Referring  to 
Figure  31,  It  can  be  seen  that  for  M • 10  and  5,  the  variation  of  pitching  moment  with  normal  force 
coefficient  for  zero  and  positive  elevon  deflection  follows  the  classical  Newtonian  "sine  squared"  relation- 
ship. This  relationship  between  pitching  moment  and  normal  force  coefficient  does  not  follow  the  "sine- 
square"  variation  for  negative  elevon  deflections.  The  change  In  characteristics  Is  due  to  the  change  In 
flow  pattern  on  the  leeslde  of  the  Orblter  wing  as  Influenced  by  negative  elevon  deflections. 

The  surface  flow  patterns  on  the  leeslde  of  the  Orblter  wing  consist  of  three  distinct  flows.  At  low 
angles  of  attack,  the  flow  which  Is  Initially  perpendicular  to  the  leading  edge  Is  turned  parallel  to  the 
freestream  by  the  presence  of  the  fuselage  (Figure  33A).  When  the  angle  of  attack  Is  great  enough  to  cause 
the  wing  leading  edge  shock  to  detach,  the  trailing  edge  shock  will  become  strong  enough  to  separate  the 
boundary  layer  (Figure  33B).  This  separation  Is  the  result  of  subsonic  flow  aft  of  the  detached  shock 
expanding  around  the  leading  edge  and  reattaching  at  supersonic  speeds.  The  flow  must  still  be  turned 
Into  the  freestream  direction  as  before.  The  turning  Is  accomplished  by  a strong  shock  that  causes  the 
boundary  layer  to  separate.  The  wake  begins  to  affect  the  flow  pattern  at  higher  angles  of  attack  causing 
a secondary  type  of  separation  (Figure  33C).  Leeslde  flow  boundaries  for  M ■ 6.0  are  shown  In  Figure  34. 

The  relationship  between  spanwlse  location  of  the  shock  Induced  separation  bs,  and  Mach  number  was  obtained 

T 

from  a correlation  of  delta  wing  data.  The  shock  detach  boundary  was  obtained  from  oil  flow  photographs. 

The  effect  of  leeslde  separation  on  wing  pitching  moment  Is  shown  In  Figure  35.  The  subsonic  leading 
edge  suction  that  occurs  when  the  bow  shock  detaches  results  In  a more  stable  pitching  moment  slope.  The 
change  to  a more  stable  slope  Is  the  result  of  leading  edge  suction  when  the  wing  bow  wave  detaches  and  a 
reduction  of  lift  over  the  wing  area  aft  of  separation  line  (Figure  35).  The  center  of  pressure  Is  more 
aft  for  the  lift  gain  (due  to  leading  edge  suction)  than  for  the  lift  loss  due  to  shock-induced  pressure 
aft  of  the  separation  line.  The  wing  pitching  moment  becomes  more  stable,  thus  accounting  for  the 
Increased  stability  shown  In  Figure  31  for  +10-degrees  elevon  deflection. 

Elevon  effectiveness  Is  also  Influenced  by  leeslde  separation.  Loss  In  elevon  effectiveness  at  high 
negative  (trailing  edge  up)  deflection  can  be  attributed  to  the  effect  of  back-pressure  on  the  leeslde 
flow  field,  Flap  type  controls  will  often  cause  boundary  layer  separation,  especially  In  hypersonic  low- 
density  flows.  Such  back-pressure  effects  are  of  practical  concern  since  It  Is  desirable  to  control  the 
Orblter  with  leeward  control  deflection  (trailing  edge  up)  In  order  to  minimize  control  surface  heating. 
Figure  36  shows  elevon  effectiveness  data  obtained  from  the  AEDC  Tunnel  A at  K ■ 5 for  an  elevon  deflec- 
tion -35  degrees.  The  measured  elevon  effectiveness  Is  seen  to  be  less  than  shown  by  shock  expansion 
theory.  This  Is  probably  due  to  shock-induced  separation.  The  separation  extent  Increases  with  angle  of 
attack.  After  the  angle  of  attack  for  shock  detachment  Is  reached,  the  back-pressure  effect  from  the 
elevon  will  affect  the  wing  flow.  At  high  angles  of  attack,  the  positive  lift  produced  by  the  wing 
vortices  outweighs  the  negative  lift  generated  by  the  elevon-lnduced  flow  separation  over  the  Inner  wing 
surface.  The  result  Is  a loss  of  elevon  effectiveness  below  the  shock  expansion  value.  Adjusting  the 
theory  for  leeslde  separation  results  In  reasonable  agreement  between  theory  and  experiment. 

Static  trim  capability  for  the  elevon  and  body  flap  positioned  for  trl.i  to  the  forward  and  aft  center 
of  gravity  positions  Is  displayed  In  Figure  37.  The  control  schedules  presented  on  the  figure  are  for 
determining  maximum  obtainable  center  of  gravity  trim  limits.  A reserve  for  maneuvering,  trimming  span- 
wise  center  of  gravity  offset,  manufacturing  misalignments,  and  aerodynamic  uncertainties  has  been  added 
to  the  limits  of  the  elevon  effectiveness  data  to  establish  the  limits  shown  on  the  figure.  The  aft  center 
of  gravity  limits  are  based  on  a positive  elevon  deflection  of  15  degrees  for  Mach  numbers  less  than  or 
equal  to  ten.  A positive  elevon  deflection  of  ton  degrees  was  used  for  Mach  numbers  greater  than  ten  due 
to  thermal  protection  system  design  limits  during  maximum  heating  conditions.  Forward  center  of  gravity 
trim  limits  are  based  on  an  Incremental  pitching  moment  coefficient  reserve  of  0.015  for  Mach  numbers  less 
than  or  equal  to  ton  and  0.02  for  Mach  numbers  greater  than  ten.  Figure  37  Indicates  a slightly  reduced 
forward  center  of  gravity  trim  margin  at  Mach  5,0  In  the  angle  of  attack  range  from  20  to  45  degrees.  This 
Is  attributed  to  the  loss  In  elevon  effectiveness  due  to  leeslde  separation.  Center  of  gravity  trim  limits 
for  the  entry  angle  of  attack  schedule  have  been  shown  earlier  In  Figure  7.  Both  Figures  7 and  37  Indicate 
that  a wide  trim  margin  exists  across  the  Mach  number  range. 

Elevon  control  power  In  conjunction  with  the  body  flap  and  speed  brake  provide  trim  capblllty  between 
the  design  center  of  gravity  limits.  The  elevon  schedule,  shown  In  Figure  35,  Illustrates  the  nominal  and 
the  most  positive  and  negative  settings  for  trim  at  forward  and  aft  center  of  gravity  positions.  The 
extreme  settings  account  for  control  margin  and  uncertainties  In  aerodynamic  characteristics.  The  speed 
brake  Is  Initially  opened  during  entry  at  Mach  IQ,  and  Is  programed  as  a function  of  velocity  to 


11-11 


approximately  Mach  1.  Opening  the  speed  brake  at  Mach  10  assists  In  longitudinal  trim  during  the  transi- 
tion from  high  to  low  angle  of  attack.  Below  Mach  1 , the  speed  brake  setting  Is  modulated  to  provide 
speed  control  during  approach  and  landing.  The  body  flap  Is  used  as  a trim  device  to  keep  the  elevons 
operating  In  an  effective  range,  and,  during  the  high  heating  portion  of  entry,  to  keep  the  elevons  from 
overheating.  Body  flap  deflection  varies  during  entry.  For  entry  at  the  forward  center  of  gravity,  the 
Initial  body  flap  position  Is  normally  full-up.  For  the  aft  center  of  gravity  case,  the  Initial  position 
Is  approximately  16  degrees  down. 


Lateral -Directional  Characteristics 


Lateral -directional  stability  and  control  characteristics  along  the  nominal  entry  trajectory  are 
Illustrated  In  Figures  39,  40,  and  41.  As  shown  In  Figure  39,  the  Orblter  exhibits  positive  dihedral 
effect  (negative  C^g)  across  the  complete  Mach  range  during  both  the  spacecraft  and  aircraft  control  modes. 

During  the  spacecraft  mode,  and  during  transition  to  the  aircraft  mode,  the  directional  stability  deriva- 
tive Cng  Is  negative.  Cn^  becomes  positive  Indicating  static  stability  In  yaw  at  approximately  Mach  1.7,  • 

and  retains  positive  values  throughout  the  aircraft  mode  (Mach  numbers  below  approximately  1.5).  Aileron 
and  rudder  control  effectiveness  characteristics  are  Illustrated  In  Figures  40  and  41.  Because  the  ailerons 
provide  control  authority  across  the  complete  Mach  range,  and  the  rudder  Is  essentially  ineffective  above 
Mach  8.  the  ailerons  are  used  In  conjunction  with  the  yaw  jets  to  provide  for  roll  control  In  the  space- 
craft control  mode. 

Early  analytical  studies  predicted  an  elevon  deflection  Interaction  effect  on  the  lateral-directional 
characteristics.  Studies  showed  that  the  relatively  large  sized  elevon  in  the  presence  of  the  deep,  flat- 
sided fuselage  could  Induce  a change  In  the  pressure  distribution  In  the  aft  region  of  the  fuselage.  The 
resulting  change  In  pressure  distribution  resulted  In  an  Incremental  change  In  side  force,  yaw,  and  roll- 
ing moment  when  the  vehicle  was  yawed.  The  effect  of  elevon  Interaction  Is  Illustrated  for  the  yawing  and 
rolling  moment  derivatives  In  Figures  42  and  43.  The  control  derivatives  Cju  and  Cnfi  are  also  affected 

by  elevon  position.  The  Influence  of  elevon  position  on  the  control  derivatives  Is  shown  In  Figures  44 
and  45.  The  sensitivity  of  the  derivatives  to  elevon  position  Influences  vehicle  control  boundaries. 

The  nature  of  the  control  derivatives  define  the  Mach  regions  where  aileron  and/or  rudder  Is  used  for 
lateral  trim.  Aileron-alone  Is  used  for  Ycg  trim  above  Mach  number  4.5  and  rudder-alone  Is  used  for  Ycg 
trim  below  Mach  number  3.5.  A combination  of  aileron  and  rudder  control  Is  used  for  trim  In  the  Mach 
number  region  between  4.5  and  3.5.  The  yaw  reaction  control  system  (RCS)  jets  are  used  to  augment  the 
aerodynamic  controls  where  required. 

The  Interrelation  between  the  control  derivatives  and  the  method  used  to  trim  Ycg  offset  during  the 
spacecraft  mode  Is  best  Illustrated  by  examining  the  relations  for  aileron  and  rudder  required  to  trim. 

Using  aileron-alone: 
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and  for  rudder-alone: 
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The  critical  boundary  exists  when  the  denominator  goes  to  zero;  l.e.,  the  condition  where  aileron  or 
rudder  cannot  produce  a trim  condition. 

For  aileron-alone,  the  boundary  Is  defined  by 
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Using  rudder-alone: 
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Aileron  and  rudder  cross  coupling  ratios  are  shown  In  Figure  46  for  the  nominal  entry  trajectory  and 
nominal  aerodynamics.  For  the  spacecraft  control  mode,  the  boundary  for  Ycg  trim  8y  aileron  control  Is  not 
violated  for  Mach  numbers  greater  than  about  1.9.  Trim  of  a Ycg  offset  by  rudder-alone  can  be  accomplished 
over  the  region  from  Mach  8 to  approximately  1.1,  resulting  In  an  overlap  from  Mach  8 to  1.9  for  nominal 
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aerodynamics.  To  allow  for  trajectory  dispersions  and  uncertainties  In  aerodynamics,  transition  to  the 
aircraft  control  mode;  l.e.,  conventional  alleron/rudder  control,  is  Initiated  at  approximately  Mach  5 and 
Is  complete  by  Mach  1.5. 

Low-speed  directional  stability  characteristics  exhibit  a strong  Reynolds  nunber/angle  of  attack 
effect,  Figure  47.  The  figure  Illustrates  the  Importance  of  full-scale  Reynolds  number  testing  on  high 
angle  of  attack  aerodynamics.  Test  data  obtained  from  models  tested  at  low  Reynolds  numbers  (<  5 x 106 
based  on  mean  aerodynamic  chord)  show  essentially  no  change  of  directional  stability  with  angle  of  attack. 
The  early  work  of  Polhamus  (Reference  12)  and  Jorgensen  and  Brownson  (Reference  13)  Indicated  that  Reynolds 
number  and  body  corner  radius  could  have  a significant  effect  on  the  high  angle  of  attack  characteristics 
of  the  Orblter.  These  predictions  were  borne  out  when  the  Orbiter  model  was  tested  at  near  full-scale 
Reynolds  number  In  the  Ames  Research  Center  40x80-foot  (12.2x24.4  m)  wind  tunnel.  Referring  to  Figure  47, 
It  can  be  seen  that  the  high  Reynolds  number  test  data  shows  a decrease  In  directional  stability  with 
angle  of  attack  which  Is  In  contrast  to  the  low  Reynolds  number  data  which  shows  essentially  no  change  in 
stability  with  angle  of  attack.  At  Mach  numbers  above  0.7,  data  representative  of  flight  Reynolds  numbers 
can  be  obtained  In  wind  tunnel  tests  at  low  Reynolds  numbers  provided  proper  attention  Is  paid  to  close 
matching  of  body  corner  rounding  on  the  wind  tunnel  models  and  flight  vehicles  (Reference  13). 

The  early  work  of  E.C.  Polhamus  (Reference  12)  was  used  to  predict  the  variation  of  directional  sta- 
bility with  angle  of  attack.  Based  on  Polhamus'  work,  it  was  determined  that  the  low-speed/high  angle  of 
attack  directional  stability  determined  by  wind  tunnel  tests  would  be  erroneous  unless  the  Reynolds  number 
were  sufficiently  high  to  permit  proper  simulation  of  the  cross  flow  on  the  forward  fuselage.  It  was 
predicted  that  a close  similarity  in  both  magnitude  and  change  with  Reynolds  number,  existed  between  the 
cross  flow  drag  coefficient  for  the  Orblter  fuselage  at  high  angles  of  attack  (greater  than  15  degrees) 
and  a two-dimensional  square  cylinder  at  90  degrees  angle  of  attack.  From  this  similarity,  It  was  con- 
cluded that  most  of  the  low-speed  Orblter  test  data  would  be  within  the  critical  Reynolds  number  range, 
the  range  In  which  cross  flow  drag  coefficient  decreases  from  high  to  low  values  as  the  Reynolds  number 
Increases  from  subcrltlcal  to  critical.  Polhamus  presented  data  from  tests  made  on  noncircular  cylinders 
with  the  air  flow  directed  normal  to  the  cylinder  axis.  As  Illustrated  In  Figure  48  for  a square-shaped 
cylinder  with  rounded  corners,  the  air  flow  will  separate  on  the  leeslde  at  subcrltlcal  Reynolds  number 
but  will  remain  attached  at  supercritical  Reynolds  number,  when  the  flow  Is  directed  at  an  angle  not 
aligned  with  one  of  the  major  cross  sectional  axes.  For  the  subcrltlcal  Reynolds  number  case,  the  result- 
ant body  axis  side  force,  Cy,  Is  positive  while  for  the  supercritical  Reynolds  number  case,  the  side  force 
Is  negative,  since  the  center  of  gravity  Is  behind  the  nose,  positive  side  force  translates  to  positive 
yawing  moment  and  negative  side  force  translates  to  negative  yawing  moment.  Consequently,  the  effect  of 
going  from  subcrltlcal  to  supercritical  Reynolds  number  is  to  reduce  the  directional  stability  of  the 
vehicle. 

Presented  In  Figure  49  Is  the  measured  directional  stability  variation  with  cross  flow  Reynolds 
number  from  several  wind  tunnel  tests  at  approximately  20  degrees  angle  of  attack.  As  can  be  seen,  there 
appears  to  be  a trend  for  the  Orblter  directional  stability  to  decrease  as  the  cross  flow  Reynolds  number 
Is  Increased.  The  reason  for  the  reduction  of  directional  stability  with  Increased  cross  flow  Reynolds 
number  Is  the  elimination  of  the  flow  separation  at  the  nose  with  Increased  cross  flow  Reynolds  number. 

At  angles  of  attack  of  15  degrees  and  below  (Figure  47),  there  appears  to  be  no  change  of  directional  sta- 
bility for  the  different  tests. 


FLIGHT  TEST  RESULTS 

The  Approach  and  Landing  Test  (ALT)  Program,  Table  6,  was  conducted  during  the  last  half  of  1977  as 
part  of  the  Shuttle  Development  Program.  The  Orblter  Enterprise  (OViOl)  was  launched  from  the  Boeing  747 
Shuttle  Carrier  Aircraft  over  Edwards  Air  Force  Base,  California,  and  glided  to  either  a landing  on 
Rodgers  Dry  Lake,  or  on  the  last  flight,  a landing  on  the  Edwards  Air  Force  B»se  runway.  The  program  con- 
consisted  of  eight  captive  flights  followed  by  three  orblter  freefllghts  with  the  tailcone  Installed,  and 
finally  two  freefllghts  In  which  the  tailcone  was  removed,  testing  the  orbital  return  configuration. 

The  captive  flights  verified  the  airworthiness  of  the  mated  configuration,  accomplished  Orblter  sys- 
tems checkout  and  developed  the  separation  procedures,  and  verified  aerodynamic  forces  at  separation.  The 
separation  of  the  Orblter  from  the  747  was  achieved  through  the  aerodynamic  forces  on  the  vehicles,  so  one 
of  the  Important  objectives  of  the  Captive  Flight  Program  was  to  verify  the  predicted  separation  forces, 
and  adjust  the  Orblter  elevon  settings  for  separation.  If  required.  Special  load  cells  were  Installed  on 
the  Orblter/747  struts  In  order  to  measure  the  separation  forces  to  the  required  accuracy. 

The  orblter  lift  and  pitching  moments  In  the  presence  of  the  747  were  the  key  parameters  for  safe 
separation.  Figure  50  shows  these  coefficients  as  determined  during  the  captive  flights  using  load  cell 
measurements,  compared  to  estimates  based  on  wind  tunnel  tests.  The  flight  measured  coefficients  were  well 
within  the  uncertainties  In  the  Dredlctlon.  Since  dynamic  analyses  had  shown  acceptable  separations  If 
the  key  aero  coefficients  were  within  the  uncertainty  band,  the  flight  measurements  confirmed  that  separa- 
tion would  be  acceptable,  and  the  program  proceeded  to  an  Orblter  freefllght.  The  first  separation 
occurred  on  August  12,  1977,  and  was  as  predicted. 

The  first  three  Orblter  freefllghts  were  conducted  with  a tailcone  installed  to  fair  the  Orbiter's 
blunt  base.  The  tailcone  provided  Increased  glide  range  by  Increasing  the  Orblter  L/D  from  a maximum  of 
4.5  to  7.5.  It  also  allowed  Increased  launch  altitude,  from  6400  m to  7620  m.  The  tailcone  also  was 
Intended  to  reduce  buffet  levels  at  the  747  empennage,  since  there  was  some  concern  that  with  the  Orbiter 
tailcone-off,  the  Orbiter  wake  may  induce  excessive  buffeting  and  reduce  the  747  fatigue  life.  (Flight 
nwasuraments  of  fluctuating  structural  loads  In  the  747  tail  later  relieved  this  concern.) 
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After  three  tailcone-on  freefllghts,  the  tailcone  was  removed  and  the  test  program  completed  with  the 
orbital  configuration  simulated.  Two  Orbiter  freefllghts  were  accomplished  with  the  tailcone  removed. 

These  flights  obtained  the  data  used  to  verify  the  subsonic  aerodynamic  characteristics  of  the  Orbiter  In 
Its  orbital  return  configuration.  Separation  of  the  orblter/747  during  the  first  tailcone-off  freefllght 
Is  Illustrated  In  Figure  50.  In  Figure  51,  the  orbiter  Is  shown  just  prior  to  touchdown  on  the  runway 
at  Edwards  Air  Force  Base  during  the  final  freefllght  on  October  26,  1977. 

The  significant  Orbiter  aerodynamic  characteristics  are  compared  with  predictions  based  on  wind  tunnel 
tests.  Figures  52  through  56.  Key  Instrumentation  used  to  derive  these  data  were  an  "Aerodynamic  Coeffi- 
cient Identification  Package"  provided  by  the  NASA/Dryden  Flight  Research  Center,  consisting  of  three 
accelerometers  and  three  rate  gyros,  and  a flight  test  noseboom  which  provided  angles  of  attack  and  side- 
slip, and  pitot  and  static  pressures.  A data  extraction  program  was  developed  by  the  NASA  to  determine 
the  flight-derived  aerodynamic  characteristics  (Reference  14).  The  figures  show  that  the  flight  measure- 
ments were  In  good  agreement  with  wind  tunnel  predictions,  with  the  lone  exception  of  landing  gear  drag 
which  was  overpredicted  by  approximately  27  percent.  Examination  of  the  wind  tunnel  data  revealed  that 
the  estimated  Reynolds  number  correction  to  gear  drag  was  Inadequate.  Thus,  the  aerodynamics  objective 
of  the  Approach  and  Landing  Test  Program;  to  verify  the  low-speed  aerodynamic  characteristics,  was 
achieved  and  provided  increased  confidence  for  the  next  phase  of  the  Shuttle  Program,  the  Orbital  Flight 
Test. 


CONCLUSIONS 

Aerodynamic  development  of  the  Space  Shuttle  orbiter  has  been  described.  Extensive  wind  tunnel 
testing  has  provided  a high  confidence  level  In  the  estimated  aerodynamic  characteristics.  Results  from 
the  approach  and  landing  flight  test  program  verify  predicted  aerodynamic  characteristics  In  the  subsonic 
speed  regime.  Accounting  for  uncertainties  In  aerodynamic  data  will  allow  Incremental  extension  of  flight 
envelopes  to  achieve  predicted  operational  capability. 
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Table  1 BASELINE  REFERENCE  MISSIONS 
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Fig.  14  NORMAL  FORCE  COEFFICIENT  COMPARISON 
OF  WIND  TUNNEL  TO  FLIGHT  DATA 


Fig.  13  LIFT  COEFFICIENT  TOLERANCES 
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EFFECT  ON  LONGITUDINAL  CHARACTERISTICS 
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Fig.  32  LOW-SPEED  LONGITUDINAL 
CHARACTERISTICS 


Fig.  31  LONGITUDINAL  CHARACTERISTICS  SUMMARY 
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Fig.  47  EFFECT  OF  REYNOLDS  NUMBER  ON 
LOW-SPEED  DIRECTIONAL  STABILITY 
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SYSTEMS  TOURBILLONNAIRE  PRESENT  A L'EXTRADOS 
D'UNE  AILE  EN  FLECHE  A GRANDE  INCIDENCE 

par  Jean  MIRANDE,  Volker  SCHMITT  et  Henri  WERLE 

Office  National  d’ttudes  et  de  Rechtrches  Mrospatlales  (ONER A) 
92320  Chitlllon  (France) 


RAtumA 

Etant  donnA  I'intArAt  qua  tuicita  da  plut  en  plui  le  vol  k grande  incidence,  II  Imports 
tfapprofondir  lea  conntitaencea  relative*  aux  Acoulement*  dAcollAt  mala  organliAs  en  nappe*  tour- 
billonnairea  ttablu  qui  conditlonnent  la  quelitA  de  vol  et  let  performance*  de*  avion*  de  combat. 
Une  Atude  experimental  ayant  pour  lupport  une  alia  en  flAche  a done  AtA  entrepriae  au  tunnel 
hydrodynamiqu*  et  en  toufflcrie  aux  baaae*  viteaae*  (V„  < 80  m/a)  afin  d'amAllorer  la  comprA- 
henaion  de*  phAnomAncs  mi*  en  jeu  et  de  faciliter  leur  modAliaetion. 

La*  effets  de  I'Acoulement  tourblllonnaire  tur  cette  alle  *ont  d'abord  illuttrAs  k partir  de* 
mature*  da  effort*  globaux  et  da  repartition*  de  pratalon  (tatique.  On  en  dAduit  le  domaine 
(fexittence  de  ce  type  d'Acouiement  an  fonction  de  ia  flAche  et  de  ('incidence.  Par  une  Atude 
phinomAnoiogique  au  tunnel  hydrodynsmiqua  on  a'attache  entulte  k dAcrire  ie  tchAma  phytlque 
de  TAcoulement  tourblllonnaire  depuit  ta  formation  prA*  de  I'apex  jutqu'A  ton  Aclatement  prAa 
du  bord  de  fuite.  Enfln,  on  pr Anita  par  da*  tondaget  offectuA*  au  moyen  d'une  tonde  clinomA- 
trique,  dan*  une  configuration  particuliAre,  ie  champ  d'Acoulament  autour  de  I'aile. 


VORTEX  PATTERN  DEVELOPING  ON  THE  UPPER  SURFACE 
OF  A SWEPT  WING  AT  HIGH  ANGLE  OF  ATTACK 


Summary 

In  view  of  the  ever  greater  irrterett  ihown  for  flying  at  high  angle  of  attack,  It  deem* 
neceaaary  to  further  inveatigata  the  flow*  that,  though  teparatad  from  the  wing,  remain  orga- 
nized a*  atabla  vortex  sheeta,  thut  conditioning  handling  qualities  and  performance  of  combat 
aircraft.  To  thi*  end,  an  experimental  atudy,  baaed  on  a iwept  wing,  ha*  been  undertaken 
in  the  water  tunnel  and  the  wind  tunnel  at  low  *peed*  { Vt  < 90  m/»>,  with  a view  to  improve 
our  underatanding  of  the  Intervening  phenomena  and  to  make  eaaier  their  modelling. 

The  vortex  flow  effect*  on  thi*  wing  ere  first  iliuttrated  from  global  effort  maaaure- 
mentx  and  ttatic  preature  dlrtrlbution*.  We  deduce  the  domain  of  vortex  flow  appearance, 
a*  a function  of  both  twaep  angle  and  angle  of  attack.  By  a phenomenological  atudy 
in  the  water  tunnel,  we  titan  attempt  to  deacrlbe  the  physical  pattern  of  the  vortex  flow, 
from  its  formation  near  the  apex  to  its  breakdown  at  tha  trailing  odge.  Lastly,  we  determine, 
by  mean*  of  e directional  probe,  the  flow  field  over  the  wing. 


1 - tNTHODUCTION  - 

Ijos  performances  et  lea  qualitAs  de  vol  dea 
avion*  do  combat  Avoluant  k grande  Incidence 
dependent  forte raent  du  degrA  d’ organisation 
dee  dAoollements  apparalssant  aur  de  telles 
configuration*.  Dea  vloualisatlone  rAalieAes  au 
tunnel  hydrodynamlque  aur  la  maquette  d'un  avion 
k gAomAtrle  variable  (flg.l)  montrent,  k tltre 
d' example a,  un  dAcolleawnt  lnorganleA  aur  I'aile 
extern*  (fig.  1 abb' ) ou  un  Aclatement  dea 
tourbillons  d'extrados  (fig,  1 odd')  auaceptiblee 
de  provoquer  des  effete  IndAsirablee  au  niveau 
des  performanoea  et  dea  qualltAa  de  vol. 


XI  eat  dono  essentiel  de  connattre  la  structure 
des  Aooulements  dAcollAs  autour  des  ailes  de  oe 
type  ainsi  que  lea  facteura  qui  rCgissant  les 
phAnomknes  de  formation  et  de  destruction  des 
Aooulements  tourbiilonnaires  oohArents,  Cc  aont 
lk  les  motivations  et  les  objectifs  de  la 
prAsente  Atude  k caractfere  fondamental  menAe  k 
l'ONERA  simultanAment  en  soufflerie  et  au  tunnel 
hydrodynamlque.  Elle  a pour  support  i'aile  k 
flkohe  variable  AFV-D  dont  1 'expArimentation 
B'insorlt  dans  le  cadre  plus  gAnAral  des 
recherohes  relatives  aux  Acoulemants  tridimen- 
sionnels  Jusqu'aux  vitesses  transsoniquee  [l]. 
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Fig.  / - Ecoulentent  autour  d'une  maquette  d'avlon  d ftiche  variable 


(tunnel  hydrodynomlque  Rej  se  0,3. 104 ) 

a,  c ; vues  de  I' ex  tt  ados  (visualisation  par  colorant) 

b,  b\  d,  d'  : tranches  transversales  (visualisation  par  bulles  d’alr) 

en  haut  p - 25 i | jnQjdence  a «.  ;g°  (a  7,  c d)  et  750  (l>‘  d‘). 
- en  bas  p = 60  \ 


1 


2 - EOOUIEMENTS  T0URBILL0NNAIRE3  SUR  L'MLE  A 
FIECHE  VARtABI£  - ' 


2 1 - Conditions  et  techniques  d’essai  - 


L’aile  k flkche  variable  AFV-D  est  une  aile 
rectungulaire  dquipde  du  profil  symdtrique 
ONERA1 (e/c  = 0,105)k  caractkre  "peaky"  1.2] 
dont  la  mise  en  flkche  est  obtenue  par  rotation 
autour  d’un  axe  situd  au  voisinage  de  l’emplan- 
ture  (fig ,2).  De  par  sa  ooneeptlon  l’ aile  subit 
une  variation  importante  d’allongeraent  en 
fonction  de  la  flkche  qui  peut  tteindre  « 60°. 


Les  prinoipales  oaractdristiques  gdomdtriques 
de  la  maquette  utilisde  lors  des  essais  en  souf- 
flerie  sont  consigndes  dans  le  tableau  1 tandis 
que  les  coordonndes  du  profil  ’D1  3ont  prdcisdes 
par  le  tableau  2 . 

Lea  essais  ont  dtd  effectuds  dan3  la  soufflerie 
S2Ch  de  l’ONERA.  II  s’agit  d’une  soufflerie  du 
type  Eiffel  k veins  elroulaire  guldde  (diamktre 
0 ■ Jm)  dont  la  vltooae  maximale  est  de  Vo-110m/ 3 
et  le  taux  de  turbulence  est  meddl'd  ( C - 0,00 3). 
La  soufflerie  n’dtant  paa  pressurisde ,le  domains 
du  nonib  re  de  Reynolds  couvert  par  variation  de 
la  vitesae  (40  m/s  x y0  < 90nv/s)  est  reiative- 
ment  modeste  0,8  x 10"<dVtx  1,9  x 10^,  c reprd- 
sentant  la  corde  de  rdfdrence  de  l’ailo. 

La  maquette  eot  montde  sur  le  plancher  de  la 
soufflerie  par  1* intermddiaire  d’une  tourelle 
assurant  la  miBe  en  incidence . Une  plaque  de 
garde  circulaire  qui  est  solidaire  de  la  tourelle 
soustrait  l’aile  aux  effets  de  la  couohe  limite 
presente  sur  la  paroi  de  la  soufflerie. 

Los  mesures  effectudes  concement  d’abord  les 
efforts  globaux  ddterminds  au  moyen  d’une 
balance  k la  paroi  k 6 composantes.  L’dquipement 
de  mesure  de  la  maquette  comporte  Jkl  prises  de 
pression  statique  qui  sont  rdparties  en  deux 
fois  11  sections.  Par  suite  du  princlpe  de 
conception  de  oet  dquipement  1’ acquisition  s’ef- 
fectue  au  rythme  de  deux  sections  seulement  par 
essai  k l’aide  de  scanivalves. 

La  technique  de  visualisation  des  lignes  de 
courant  paridtales  est  basde  sur  l’emploi  d’un 
enduit  visqueux  de  fluiditd  quasi-permanente . 

Cet  enduit  est  un  mdlange  d’huile  de  paraffine 
et  d’oxyde  de  titane.  Trfco  utiles  pour  compldter 
les  informations  issues  des  mesures  effectudes 
et  pour  en  faciliter  l1 analyse  ces  visualisations 
ne  sont  pas  reversibles  k cause  de  la  viscositd 
de  l’ enduit  ; il  faut  done  prendre  des  prdcau- 


1 

1 


X 


a 
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tions  lors  de  leur  interpretation  . 

En  outre,  un  dispositif  de  sondage  a fetfe  mi a au 
point  en  vue  d'une  exploration  de  l'fecouleraent 
autour  de  I'aile,  plus  partlculiferement  au  niveau 
des  structures  tourbillonnaires . 

Tableau  / - Caractdrktlques  gtomdtriques  de  la  maquette 
AFV-D  (a  » 0, 150  m tt  d - 0,060  m - fig.  2) 

<p  : angle  de  fliche  ; l : corde  d'emplanture  ; 
b : deml-envergure  ; \ : allongement  ; 

So  : surface  moulllte. 


1 (m) 

b(m) 

X 

0 

0,300 

1,200 

8,00 

0,3600 

30 

0,346 

1, 107 

6,86 

0,3573 

40 

0,392 

1,002 

5,66 

0,3546 

50 

0,467 

0,865 

4,28 

0,3500 

60 

0,600 

0,700 

2,87 

0,3420 

Tableau  II  - Cotes  du  prof II  ONER  A " D " 


VC  Z/|/C 

Vc  zi/° 

,000000  ,000000 

,000050  . 001 54? 

,000200  , 002610 

,000500  ,004245 

.001000  .006002 

.001700  .007920 

. 002600  ,009655 

.005700  .011494 

.005000  .013510 

.006500  .013091 

.009300  .016913 

.010300  .019639 

.012500  ,020239 

.015000  .021S’1 

.017500  .023144 

.020000  .024277 

,022300  ,023254 

.025000  *026106 

.027500  .026957 

.030000  .027529 

.032500  .029136 

.033000  .029696 

.037500  .029221 

.040000  .029719 

.042500  .030194 

,045000  .030663 

.047500  .031119  * 

,052500  .032003 

.057500  .032950 

,062500  .033663 

.067500  .034444 

.072500  .035193 

.077300  ,033912 

.092500  .03*604 

.097500  . .037269 

.092500  .037909 

. .103000  .039405 

,120000  ,0*1029 

.135000  .0*2496 

.155000  .0**213 

.193000  .0*7017 

.235000  .0*9242 

.275000  .050953 

.315000  .031902 

,355000  .052369 

.395000  .032230 

.435000  .031476 

.475000  .050123 

.520000  .0*7942 

.590000  .0**120 

.640000  1039309 

.690000  .035239 

,730000  .031*01 

,770000  .027763 

.910000  .023691 

,950000  .019335 

.990000  .014659 

.930000  .009699 

,970000  ,004*21 

.990000  .002090 

1.000000  ,000790 

La  figure  raontre  la  maquette  et  le  dispositif 
d ' exploration  permettant  de  ddplaoer  une  sonde 
dans  des  plans  perpendioulalres  k la  oorde 
d'emplanture.  II  oomporte  un  rail  parallfele  k 
la  oorde  qui  permet  le  positionnement  en  x et 
supports  une  glissifere  vertioale  aasurant  le 
ddplacement  suivant  y d'un  ooulias eau  oomportant 
une  glissifere  horizontale  ddfinissant  les  dfepla- 
cements  d'axe  z nomaux  au  plan  de  l'&lle. 

La  sonde,  du  type  conique  k 5 prises,  perroet  la 
dfe termination  du  veoteur  Vitesse  en  module  et 
direction  aveo  une  precision  variant  de  1,5  k 
5 $ dans  une  plage  d 1 angle  comprise  entre  0°  et 
30°.  Au-delk,  juaqu'k  environ  50“  les- indications 
sont  enoore  exploi+.ables  qualitativement  [3] . 

Outre  les  5 pressions  indiqudos  par  la  sonde, 
deux  repartitions  de  presslon  paridtales  (fig.3) 
ont  dtfe  mesurfees  pendant  les  explorations  pour 
contr81er  la  stability  de  la  configuration  et 
1' importance  des  effete  d 1 interactions  possibles 
du  dispositif  d 1 exploration . 

Sections 


2 .2  - Formation  ot  ei'fets  des  dooulements 
tourbillonnaires  - 

Lors  des  essals  en  soufflerle  1' apparition  des 
dcoulements  tourbillonnaires  est  observfee  dans 
un  domains  d' incidence  et  de  flfeohe  blen 
ddlimitd . 

En  effet,  pour  les  angles  de  flfeohe  supdrieurs 
ou  fegaux  k - 40°  les  oourbes  de  portanoe 
indiquent  une  Evolution  non  lindaire  trfes 
caraotdristique  (voir  fig. 4). 


Fig.  4 - Portance  et  moment  dt  tangoge. 
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Ce  comportement  est  la  consequence  de  la 
prdsence,  k l'extrados  de  1 ' alls , d'un  dcoule- 
raent  qui  est  ddoolld  depuis  le  bord  d'attaqua, 
mais  qui  s' organise  an  formant  un  tourbillon  en 
comet  gdndrateur  d'un  gain  appreciable  en 
portance . L1 etude  fine  de  oe  type  d'dooulement 
soit  au  tunnel  hydro dynainique  soit  en  soufflerie 
au  moyen  des  sondages  a dtd  effectude  k la 
flkche  - 60°  qui  constitue  un  example  typique . 

Nous  p I'd  sen  tons  done  quelques  rdsultats  oarac- 
tdriutiques  relatifs  k cette  configuration  de 
I'alle  et  en  premier  lieu  nous  analyserons  les 
courbes  de  la  portance  et  du  momont  de  tangage 
(fig. 4)  obtenues  au  nombre  de  Reynolds 
Pe.c  = 1,9  x lo6.  Tandis  que  1'dvolutlon  de  la 
portance  pi’dsente  bien  les  caraoteristiques 
indlqudes  plus  haut  nous  relevons,  en  examinant 
le  moment  de  tangage,  une  tendance  & piquer  lors 
de  1* apparition  de  l'dcoulement  tourbillonnaire 
( i x ex  9°)  suivie  d'un  engagement  a cabrer  j 
ceci  traduit  dvidemment  l'dvolution  du  centre  de 
poussde  sous  l'effet  du  tourbillon  en  comet  dont 
la  position  et  l'intensitd  varient  en  fonctlon 
de  1* incidence.  Des  polaires  rdalisdes  en 
incidence  croissante  puis  ddcroisaante  condui- 
sent  gdndralement  k des  courbes  exemptee  d'un 
effet  d' hystdrdsis , 


Une  dtude  plus  ddtaillde  est  possible  par 
1* analyse  du  champ  de  pression  statique  mesurd 
a l'extrados  de  l'aile.  Afin  de  mettre  en 
dvidence  l'dvolution  des  phdnomdnes  en  fonotion 
de  1* incidence,  nous  examinons  les  rd partitions 
de  pression  en  2 sections  u^/bo  m 0,4  et  0,8 
(fig. 5).  Le  rdgime  tourbillonnaire  indult  des 
rdpartitions  en  forme  de  oloohe  de  fagon  plus 
prononede  dans  la  section  interne  que  dans  la 
section  exteme.  Les  ddpressions  maximales 
( kpm»r\  tourbillonnaire)  situdes  au  niveau  de 
la  projection  de  l'axe  du  tourbillon  dans  le  plan 
de  l'aile  (voir  aussi  4.1  ) se  ddplaoent  vers 
le  bord  de  fuite  lorsque  1' incidence  augmente. 

A « = 12°  la  repartition  de  pression  dans  la 
section  y, (bg*  0,4,  caractdrisde  par  un  pic  de 
survitesse  au  bord  d'attaque  suivi  d'une  recom- 
pression  continue  Jusqu'au  bord  de  fuite, cor- 
respond k un  dcoulement  encore  non  ddcolld  ; 
l'origine  du  tourbillon  qui,  d'aprks  la  courbe 
de  portance,  existe  pourtant,  doit  done  se 
situer  k l'extdrieur  de  la  section  U</ b0~  0,4. 
L'aplatissement  des  courbes  du  coefficient!  de 
pression  k forte  incidence  voire  la  disparitlon 
du  kpm/n  tourbillonnaire  (par  example  pc  » 52° 
k y.,  > b o “ 0,8)  indique  l'dclatemont  du  tour- 
billon  dont  1* intensity  se  rdduit  de  plus  en 
plus  k mesuro  que  1* Incidence  augmente.  L'examen 
conjoint  des  rdpartitions  de  pression  dans  toutes 
les  sections  et  des  visualisations  paridtales 
discutdes  en  ddtail  plus  loin  permc c alors  de 
oonstater  que  la  position  de  l1 orlgine  du  tour- 
billon lors  de  son  apparition  est  loin  de  se 
situer  k 1'apex  de  l'aile  (fig.  6 a)  mais  olio 
y tend  lorsque  l' incidence  orolt.  Toutefois, 
faute  de  moyens  de  mesure  mieux  adaptds  oette 
origine  ne  peut  otro  ddtorminde  aveo  prdolsion. 
Comme  il  a dtd  ddjk  dit  les  rolevds  du  coeffi- 
oient  de  pression  Mp  tourbillonnaire 
oonduisent  k la  ddtermination  approximative  de 
l'axe  tourbillonnaire  projetd  dans  lo  plan  de 
l'aile.  Alnsi  est-il  possible  de  ddcrire  sahd- 
matiquement  l'dvolution  de  oet  axe  qui  pivots 
ldgkreraent  autour  de  l'origine  du  tourbillon  vers 
l'emplanture  (fig.  6 b)  lorsque  I'inoldence 
augmente , 


Fig.  6 - CaracMrlstlques  de  I'icoulement  tourbillonnaire 

a)  (volution  de  l'origine  du  tourbillon  en  fonctlon 
de  /’ Incidence  ; 

b)  positions  approximative  de  l'axe  tourbillonnaire 
en  fonctlon  de  I' Incidence . 
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2 .5  - Influence  du  nombre  de  Reynolds  - 

Ces  essals  ont  Egalement  fouml  quelques  indi- 
cations relatives  a l' effet  du  nombre  de  Reynolda 
Une  augmentation  du  nombre  de  Reynolds  obtenue 
par  une  variation  de  la  vitesse  se  traduit  par 
une  reduction  sensible  du  domaine  d'existenoe  des 
ecoulements  tourbillonnalres  sur  l'aile  (fig .7). 
Lour  apparition  en  fonction  de  1' incidence  est 
dEteiminEe  sur  cette  figure  par  une  valeur 
tourbillonnaire  de  *>  0,02  oompte  tenu  de  la 
precision  des  meaures.  Notons  au  passage  que 
cette  apparition  tend  aux  fortes  flfeches  vers 
une  valeur  dEjfe  observes  [4]  pour  les  aile3 
ElancEes  ( oc  a 6°).  La  limite  supErieure  du 
domaine  est  dEfinie  par  les  valours  Otcim** 
dEcrochage  qui  correspond  a l'eclatement  prema- 
ture du  tourbillon.  Enfiu,  la  limite  latErale 
du  domaine  indiquant  la  flfeche  minimale  pour’ 
laquelle  cette  alle  prE sente  des  Eooulements 
tourbillonnalres  n'eat  pas  oonnue  aveo  une 
grande  prEciaion  oar  1' Etude  de  la  flfeohe  a EtE 
effectuEe  par  pas  de  5° . 


*«• 
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Fig.  7 - Domaine  d'exlstence  des  dcoulements  tourbillonnalres. 


Fig.  8 - Influence  du  nombre  de  Reynolds  sur  la  portance. 

L'  influence  du  nombre  de  Reynolds  est  encore 
illustrEe  par  les  oourbes  de  portanoe  relatives 
k la  fife che  - 50*  (fig. 8),  On  remarqua  que 
l'inoldenoe  d' apparition  de  l'Eooulement  tour- 
billonnaire augiiiente  senalblement  lorsquo  lc 
nombre  de  Reynolds  orolt  alors  que  la  portanoe 
maximum  cInxm_ v et  l'inoldenoe  eorrespcndante 
diminuent. 

Pour  mettre  davuntage  en  luraifere  la  transfcr- 
tuation  profonde  da  l'Eooulement  fe  l'extrados  de 
l'aile  en  fonotion  du  nombre  de  Reynolds 
examlnons  en  dEtall  oe  qui  so  passe  fe  l'inoldenoe 
ot  - 12°,  D'aprfes  les  oourbee  de  portance  l'Eoou- 
lement tourbillonnaire  est  installE  aux  nombres 
de  Reynolds  2?ec  - 0,8  x I06  ot  1,5  x 10°,  malB 
un  effet  tourbillonnaire  n'est  pas  dEoelable  fe 
Qcc.  - 1,9  x I06,  Cecl  est  oonfirmE  par  les 
champs  de  pression  de  l'extrados  (fig. 9).  En 
effet,  les  rEpartitions  do  pression  correspon- 
dent au  plus  faible  nombre  de  Reynolds 
( E?»c  - 1,5  x 106)  montrent  la  prEsence  d'un 
tourbillon  qui  est  toutefois  peu  intense.  En 
revanche,  au  nombi'e  de  Reynolds  plus  ElovE,  les 
rEpartitions  de  pression  indiquont  un  Eooulement 
essentiellement  non  dEcollE  aveo  un  fort  pio 
de  survitesse  au  bord  d'attaque  et  une  recom- 
prossion  oontinua  Juaqu'au  bord  de  fulte.  Les 
visualisations  parlEtales  (fig.10)  relatives  fe 
la  meme  configuration  de  l'aile  oorroborent 
encore  ce  rEsultat.  Au  oas  du  faible  ncmbru  de 
Reynolda  ( /?ec  - 0,8  x 106)  nous  obaervons  des 
lignes  de  oourant  pariEtales  rEvElatrioes  du 
tourbillon  en  oomet  par  une  inversion  de  oour- 
bure  ot  des  lignes  singullferes  caractEristiques . 
Par  contre,  au  oas  du  nombre  d©  Reynolds  plus 
ElevE  ( 4VC  “ 1,9  x 10°),  on  remarque,  k part 
un  bulbe  de  dEcollemant  laminaire  au  bord  d'at- 
taquo,  surtout  un  Ecoulement  secondaire  trfes 
prononoE  dans  la  rEgion  du  bord  de  fuite, 

f .50  a.12‘ 
eusit!  S2Ch 
V0(m/s)R»culG6 
- 60  1,3 

90  1.9 


0,8 


r/v  0.2 


0 


Fig.  9 - Champs  da  pression  statique  sur  l’extrados.  Effet  du  nombre  de  Reynolds. 
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Fig.  10  - Visualisations  des  llgnes  de  courant  par  States. 
Effet  du  nombre  de  Reynolds  - essal  S2Ch,  <p  = 50 
« - 12°  ; 

a)  |/„  = 40  m/s  ; Rec  - . 10s 

b)  V„  = 90  m/s  ; Kec  - 1,9  . 10s. 


3 - ETUDE  PHENOMENOLOGIQ'JE  DE  L'ECOUIliMENT 

TOURBILLONNAIRE  AU  TUNNEL  HYDRODYNAMIQUE  A 
FAIBDE  NOMBRE  DE  REYNOLDS  - 

?.l  - Conditions  expdrimentales  - 

Cette  dtude  a eu  polar  aadre  le  tunnel  vertical 
de  l'ONERA  [5]  dont  de  nombreuseo  publications 
ont  fait  eonnaltre  lea  procddds  de  visualisation 
par  traceur3  liquides  ou  gazeux,  et  notamment 
leur  application  A de  telles  dtudes  d'dcoulements 
ddcollds  [6]. 

Le  lecteur  intdressd  trouvera  dans  ces  documents 
l'exposd  complet  de  la  technique  expdriroentale 
utillsde,  dont  on  se  contente  icl  de  rappeler 
succlnctement  quelques  details  ndces3aires  A la  ■ 
comprehension  des  rdsultats. 

Les  colorants  de  mome  density  que  l'eau  ont  etd 
Amis  A partir  de  la  surface  des  modules  sous 
forme  de  filets  Isolds  (par  exemple  fig.  1 a et  c) 
ou  de  nappes  par id tales  (par  exemple  fig.  18  a-f) 
visualisant  en  rdgime  stationnaire  des  llgnes  ou 
surfaces  de  courant  plus  ou  moins  extdrieures 
ou  pari A tales  suivant  le  rdglage  du  ddbit  du 
colorant.  Dans  les  zones  A oaractAre  instation- 
naire  ou  turbulent,  il  se  produit  une  rd partition 
aldatoire  et  une  diffusion  rapide  du  colorant 
dmis,  qui  ne  rdvAle  alors  plus  que  l' allure 
moyenne  des  phdnomAnes. 

II  en  eat  de  me me  pour  les  traceurs  gazeux, 
minuscules  bulles  d'air  obtenues  au  cours  du 
rempllesage  du  tunnel,  dont  on  observe  les 
trajectolres  dans  des  plans  tranaversaux  (par 
exemple  fig.  1 bb'  dd')  ou  longitudinaux(fig .17a). 


Notons  ici  que  ces  coupes  ne  donnent  que  1 'allure 
du  pseudo-dcoulement  transversal  rdvdlde  par  les 
dldment3  de  trajectoire  des  bulles  d'air  traver- 
sant  la  tranche  dolairde  dont  l'dpalsseur  non 
ndgligeable  ne  peut  et  ne  doit  pas  Atre  trap 
rdduite  (lumiAi'e  ndcessaire  A l1  exposition  des 
clichds,  longueur  des  dldments  de  trajectoire). 
Mais  oette  allure  ddpend  surtout  de  l‘ orientation 
de  l’axe  de  visde  (voir  fig.14).  II  est  done 
toujours  ndcessaire  d1 interprdter  soigneusement 
les  diffdrentes  visualisations  par  bulles  d'air 
en  les  recoupant  notamment  avec  oelles  obtenues 
plus  directement  gr&ce  aux  colorants. 

Pour  effectuer  une  analyse  aussi  fine  que  pos- 
sible de  la  structure  tourbillonnaire  du  ddcol- 
lement  d'extrados  prAs  de  l'apex  et  examiner 
notamment  les  effete  d1 interaction  susceptibles 
de  se  produire  le  long  du  panneau  de  garde  qui 
sert  de  support  A la  voilure,  nous  avons  fait 
appel  A la  technique  du  modAle  agrandi  qui  reprd- 
sente  A plus  grande  dchelle  le  domaine  dont  on 
souhaite  entreprendre  une  dtude  plus  fine . Bien 
entendu,  ce  proeddd  exige  une  comparaison  avec 
une  maquette  complAte. 

Tous  les  modAles  essayds  au  tunnel  sont  reprd- 
sentds  sur  la  figure  11,  qui  indique  par  ail- 
leurs  la  position  des  tranches  d'dcoulement 
transversales  visualisdes. par  bulles  d'air.  Les 
caractdristiques  gdomdtriques  des  maquettes 
(flfeche  «■  60°,  profil  ONERA'D1)  et  le  domaine 
de  Reynolds  simuld  sont  donnds  sur  le  tableau  3. 


Tableau  III  - Caractdristiques  des  mobiles  dtudlds 
au  tunnel  hydrodynamlque. 


Ref.  fig.'ll 

Modele 

c (mm) 

b(mm) 

A 

-4 

Rec  x 10 

1 

oile  complete 

50 

109,5 

B 

0,25-1,0 

2 

aile  agrandie 

100 

120 

1,2d 

0,5  “2,0 

3 

apex  agrandi 

100 

100 

1,33 

0,5  - 5,0 

3.2  - Structure  de  l'dcoulement  [12]  - 

Les  visualisations  obtenues  avec  le  modelo 
complet  (fig, 12)  fournissent  les  indispensables 
vues  d'ensemble  de  l'dcoulement  sur  lesquelles 
on  distingue  la  structure  tourbillonnaire  stable 
du  ddcollement  d'extrados  et  son  dvolution  en 
fonotion  de  1' Incidence. 

A 20°  d'incidence  (fig.  12  abb'),  la  nappe  qui 
ddferle  le  long  du  bord  d' at tuque  en  flAche 
s'enroule  en  "cornet"  [7,  8]  autour  du  tourbil- 
lon  principal  d'extrados  issu  prAs  de  l'apex. 

Ce  tourbillon  se  plaoe  en  diagonals  au-dessus 
de  cette  aile  non.conique  et  tend  A dclater 
cotd  aval  devant  le  flux  d'intrados  qui 
contoume  l'extrdmitd  libre  du  modAle.  Entre  le 
bord  d'attaque  et  ce  tourbillon  bien  structurd 
se  ddveloppe  une  zone  marginale  enfemide  sous 
le  cornet  et  qui  se  ddsorgaaiiae  c6td  aval . Cette 
structure  du  ddcoilewent  d'extrados  est  confirmde 
par  1' allure  du  pseudo-dcoulement  transversal 
rdvdlde  par  les  bulles  d'air  (fig. 12b). 

Quand  1' incidence  croit  (fig. 12  acd),  on  observe 
la  progression  vers  l'amont  des  remous  marginaux, 
le  ddveloppement  du  tourbillon  principal  et  la 
nette  remontde  vers  l'ape/.  de  son  point  d'dcla- 
tement,  phdnomAne  classique  [9]  affoctant  toutes 
les  structures  tourbillonnaires  aux  incidences 
dievdes , 
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La  fig.  12 f precise  la  position  de  l'axe  du  Enfin  pour  completer  cette  description,  notona 

: tourbillon  principal  d'extrados  sur  le  plan  de  la  presence  aur  l'intrados  (fig.  12  e)  d'une 

^ la  voilure  pour  dlffSrentes  incidences.  Get  axe,  ligne  de  partage  qui  s^paro  la  partie  du  flux 

relev^  sur  lea  cliches  obtenus  au  oours  des  dfintrados  qui  ae  diverse  aur  l'extrados  le 

essaia  ne  concerns  quo  la  partie  organisde  du  long  du  bord  d'attaque  de  celle  qui  rejoint  le 

noyau  comprise  entre  son  origins  approximative  bord  de  fuite  du  module.  La  nappe  tourbillonnaire 

plus  ou  moins  proche  de  1 apex  et  son  point  qui  se  ditache  le  long  de  ce  bond  en  flkche 

: d^eclatement  moyen  situd  c8t^  aval.  Dan3  les  accentuoe  sfenroule  aussl  en  ,,oomet,,  pour  venir 

memes  conditions,  la  fig, 12  g r^vfele  d'autre  part  former  un  tourbillon  concentre  dit  de  bord  de 

’ due  la  position  erf  ebsolsse  de  l'dolatement  fuite,  mais  fortement  interaction^  par  le 

depend  sui'tout  de  1 ' incidence . tourbillon  principal  d'extrados. 

Une  variation  du  nombre  de  Reynolds,  telle 
qu'elle  peut  §tre  r^alisdo  au  tunnel  (voir 
tableau  3),  ne  provoque  aucun  changement  fonda- 
j mental  dans  l' allure  du  pseudo -4 ooulement  tvana- 

j versal  (comparer  fig.  12b  et  b' ) , nl  dans  celle 

de  1'ii elate ment  (comparer  fig.  12  o et  o').  Par 
contre,  k dgalitd  d' incidence,  on  enreglstre  des 
differences  d'origine  et  de  position  du  tourbil- 
lon principal  avoc  oelles  observes  en  soufflerie 
k Reynolds  ^levk  (comparer  fig,12f  aveo  fig. 6b  et 
21b). 


Fig.  / 7 - Sr.htmas  des  modiles  (<p  - 60°)  essayts  au  tunnel  hydrodynamlque. 
A : tranches  transversales  visualises  par  bulks  d'alr, 

B ; axe  de  prise  de  vues  correspondent, 

C : mlrolr  d 45°, 

D : parol  de  la  velne  (normak  ou  ridulte), 

E : panneau  de  garde  du  modile. 
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- en  bas  a = 30°. 


- positions  de  I'axe  du  tourblllon  principal  (f) 

- displacement  do  point  d’dclatement  du  tourblllon  principal  (g) 


en  fonctlon  de  I 'Incidence  a 


Les  essals  effeetuds  & 20°et  254  d' incidence  avea 

l'alle  agrandie  ont  pertaia  d'approfondir  le 
schdma  physique  de  l'dcoulement,  notamment  grSce 
aux  nombreux  dmetteurs  de  colorant,  qui  dqulpent 
ce  modfele  (fig, 15),  ainsl  qu'aux  diffdrentes 
coupes  transveraales  visualisdes  par  bulles  d'air 
(fig. 1*0,  qu'll  est  possible  de  rdaliser  avec  une 
telle  maquette . 

Dans  ces  conditions,  le  schdma  d'dcoulement  qui 
peut  §bre  ddgagd  do  ces  essals  & grande  incidence 
et  b faible  Reynolds  ( /9£c*1Cf)  eat  le  suivant  : 

- la  ligne  de  partage  P d'intrados  (fig. 15  a) 
est  issue  d'un  point  d'arrSt  unique  non 
Isotrope  sltud  prfes  de  l'apex  arrondl  du 


meddle.  D'amont  en  aval,  cette  ligne  frontidre, 
d'abord  orientde  suivant  la  bissectrice  de 
l' angle  & l'apex,  s' incurve  ensuite  pour 
devenir  rapidemont  paralldle  au  bord  d'attaque. 
Du  point  d' arret  qui  se  prdsente  commo  un 
point  de  rebroussement  se  ddtache  une  deuxidme 
ligne  de  partage  ineurvde  dans  le  sens  opposd 
et  qui  adpare  le  flux  d'intrados  qui  rejoint 
le  bord  de  fuite  de  oelui  qui  se  diverse  sur 
le  panneau  de  garde  sous  l'effet  d'un  tourbll- 

. Ion  qui  se  foroie  le  long  de  1'emplanture 
(fig.  15a  et  17  b)  ; 

- la  ligne  de  ddcollemont  S sur  l'extrados 
(fig.  15c)  se  place  aussi  sur  une  gdndratrice 
du  raoddle,  roais  d proximitd  immddiate  du  bord 


i 


j 


— a.. 


d' attaque , sauf  au  volsinage  do  l'apex  oil  elle 
s’ incurve  vers  1 1 emplanture  (fig.  13d).  Cette 
incurvation  des  lignas  de  partago  et  de  ddeol- 
lement  k l'apex  indique  une  diminution  de 
1' incidence  locale  acoentude  par  lea  effeta  de 
la  couche  iimite  du  panneau  de  garde  ; 

- en  e f fe t , la  oouche  Iimite  qui  se  forme  sur  ce 
panneau  ddcolle  devant  l1 obstacle  constitud 
par  le  moddle,  Ce  ddcollement  trldlmensionnel 
devient  le  siege  de  tourbillons  en  "fer  k 
cheval",  mais  dans  le  cas  dissymdtrique  cons- 
titud par  un  modkle  en  incidence  [10,  11), 


c'est  surtout  la  branche  intrados  de  ces  tour- 
billons  qui  se  ddveloppe  (fig.  15b  et  A),  et 
la  ligne  de  ddcollement  sur  le  panneau  qui  ne 
cesse  de  s'dloigner  du  modkle  c6td  Intrados, 
se  rabat  trds  vite  vers  1' emplanture  cStd 
extradoa  (fig. 17  c)  ; 

- enfin,  corane  oela  a dtd  malntes  fois  observd  sur 
les  ailes  en  fldche  avec  dpaisseur  la  partie 
organ!  sde  c8td  ainont  du  secteur  marginal  enfermd 
sous  le  comet  principal  est  le  sidge  de  deux 
tourbillons  secondaires  dont  le  premier  (T^) 


Fig  13  - Ecoulcment  autour  d'unc  maquette  d'alle  agrandle  d 20"  d'lncldence 
(tunnel  liydrodynamlque  - Rec  ns  10*).  Vues  de  I'extrados  (b,  c,  d)  et  de 
I'lntrudos  (a). 


Fig.  14  - Ecoulemcnt  autour  d'unc 
maquette  d’alle  agrandle  a 20°  d'ln- 
cldence (tunnel  hydrodymmlque  ■ 
Rec  a 10*)  - 

Tranches  transversales  sltuees  pris 
de  l'apex  (a,  a’),  au  volsinage  de  la 
ml-corde  (b,  b‘)  et  en  aval  du  bord 
de  fulte  (c,  c‘)  du  prof II  d'emptan- 
ture  selon  figure  11-2  (pour  c‘  voir 
nota ) ■ 

Vls4e  sulvant  un  axe  parallile  d h 
tangente  locale  d I'lntrudos  (a)  ou  d 
I'extrados  (o’),  a I'axc  du  tour  billon 
(b,  c)  ou  au  plan  de  la  vollure  (b\  c'J 
Nota  : la  tranche  c'  est  situie  en  aval 
du  point  d'dclatement  du  tourblllon 
principal. 
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Fig.  15  - Schdma  de  I’dcoulement  autour  d'une  alle  cyllndrlque  en  fliche  accentude  placet  d Incidence  He  vie. 
a,  b,  c,  schemas  relatlfs  d I'lntrados,  d I'emplanture  et  d I'extrados. 

A,  B-B\  C,  schemas  du  pseudo-dcoulemcnt  transversal  d la  hauteur  de  I'apex,  de  la  mi-corde  et  en  aval  du  bord 
de  fulte  du  profit  d’emplanture. 

Ldgende  : 1 point  d’arrit  unique  non  Isotrope. 

P)llgnes  de  portage  entre  les  flux  f les  bords  d'attaque  et  de  fulte 
2fd’lntrados  qul  se  dlrlgent  vers  \ le  bord  de  fulte  et  le  panneau  de  garde. 

3 & 4 surfaces  de  courant  qul  aboutlssent  le  long  des  llgnes  P et  2. 

5 llgnes  de  courant  parldtales. 

5 llgne  de  ddcollement  pr Inc  I pale  sur  I'extrados. 

6 nappe  en  cornet  s'enroulant  autour  du  tourblllon  principal  T qul  delate  en  E. 

7 & 8 nappes  seconda/res  s'enroulant  autour  des  tourblllons  Tf  de  mime  sens  et  T3  de  sens 

i opposd  d T. 

9  noyaux  ddsorganlsds  des  tourblllons  T,  Tt  et  T}. 

10  nappe  s'enroulant  autour  du  tourblllon  de  bord  de  fulte  V. 

1 1 llgne  de  ddcollement  sur  le  panneau  de  garde  Incurvde  de  part  et  d'autre  d'un  point  de  portage. 

i 12  nappe  s'enroulant  autour  du  tourblllon  principal  / Incurvd  en  fer  d cheval  et  coractdrlsont  le 

> ddcollement  sur  le  panneau. 

r 13  zones  ddcolldes  de  falble  Importance  observdes  sur  le  panneau  de  garde. 

14  surfaces  de  courant,  front  tires  des  couches  de  courant  allmentant  les  d/ffdrents  tourblllons 
d’extrados  et  aboutlssant  le  tong  des  llgnes  de  recollement  R et  R'. 

P’  llgne  de  portage  au  seln  du  flulde. 

St  llgne  de  ddcollement  secondalre. 

R u llgne  de  recollement  secondalre. 


se  ddveloppe  le  long  de  la  llgne  de  ddcollement 
prds  du  bord  d'attaque  et  toume  dans  le  me  me 
sons  que  le  tourblllon  principal  T,  tandis  que 
le  second  (Tg)  de  sens  opposd  s'lntercale  entre 
ces  deux  tourblllons  (fig.  15c,  B et  C) . Dans 
ces  conditions,  la  couohe  de  courant  qul  ddferle 
le  long  du  bord  d'attaque  (fig.  13c),  se  scinde 
en  deux  sous-couches  qul  alimentent  respective- 
mont  le  tourblllon  principal  et  le  tourblllon 
secondalre  de  mgiae  sens. 


- d'une  part,  la  surluce  qul  se  rattaohe  ii 
i'extrados  le  long  de  la  llgne  de  recollement 

sdparant  les  tourblllons  seoondalres 
Tx  et  •, 

- d'autre  part,  la  nappe  qul  s’enroule  autour 
du  tourblllon  principal  T. 

3.3-  Influence  de  1 ' incidence  - 


Un  sohdraa  plus  complet  de  l'dooulement  observd 
k la  mi-oorda  eat  donnd  par  la  fig.15  B1  traede 
k plus  grande  dehelle , II  precise  notaianent  les 
surfaces  do  courant  qul  aboutlssent  le  long  de 
la  llgne  de  part age  P'  situda  au  seln  du  flulde, 
et  d'oii  se  ddtachent. 


Les  dlffd rentes  vues  groupdes  sur  la  figure  16 
permettent  de  suivre  Involution  de  l'dooulement 
en  fonction  d'une  incidence  0:  oroissante  k 
Ac  tu  IQ2*  oonstant.  A falble  incidence  (fig.  16a') 
les  llgnes  da  oourant  parldtales  o3td  extrados 


V 


IMI 


derapent  dans  la  direction  des  generatrices  de 
l'aile  et  ne  deeollent  qu'au  volsinage  de  l'extre- 
"iite  llbre  du  raod&le . 

A 15"  d' incidence (fig .16  b'  b"),le  decolleraent 
s'effectue  le  long  d'une  g^neratrice  proche  du 
bord  d'attaque  et  11  en  r^sulte  la  fomatlon 
de  la  structure  tourblllonnalre  decrite  plus  haut. 
avec  un  tourbillon  principal  bien  organise  depuis 
l'ar...  au  voisinage  duquel  se  situe  son  origlne 
jt  .'a  l'extrdmite  du  raodele. 


A 20°  (fig.  16  c')  et  a fortiori  A 25°  d' incidence 
(fig.  l6d'd"),  la  structure  tourbillonnaire  se 
developpe,  1 'eelatement  iu  tourbillon  principal 
se  produit  c6t6  aval  et  remonte  vers  1'amont, 
tandis  que  la  desorganis  ' ion  du  secteur  marg<r.-»i 
progresse  dans  le  m§me  seiis . 

"lors  que  la  ligne  de  decollement  sur  l'extrados 
tend  a venir  se  placer  de  plus  en  plus  pres  du 
bord  d'attaque,  xa  ligne  de  partage  sur  l'intra- 
dos  s'en  eioxgne  au  fur  et  a mesure  que  crolt 
1' incidence  (fig.  16  a b c d ) . 


Fig.  lb  - Influence  de  /’ incidence  u sur  I'ecoukment  autuur  d'une  maquette  d'aile  agrandie  (tunnel  hydro- 
dynamiqu * - Rec  =:  10*)  - 

Vues  de  I'intrado . (a,  b,  c,  d)  et  de  i'extrados  ( o’,  b\  c\  !’). 

Tranches  transversaies  (b",  d")  en  aval  du  bord  de  fulte  du  profit  d'emplanture. 
a = S'  (a,  a'),  a --  /5°  (b,  b\  b"),  a = 20°  (c,  c ')  et  q = 25°  (d,  d\  d"). 
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A 25°  d' incidence,  tous  ces  phdnomfenes  sont  par- 
ticulierement  bien  developpds  : les  visualisations 
revklent  alors  la  structure  spirale  de  l'dclate- 
ment  du  tourbillon  principal  (fig.  17  d),  et  la 
forme  incurvee  en  fer  k cheval  des  tourbillons 
coiffant  l'apex  et  caracterisant  le  decollement 
de  la  couche  limite  sur  le  panneau  de  garde 
(fig. 17a  b c) . Grkce  a une  fente  disposee  au  bord 
d'attaque  du  modkle  d'apex  agrandi  mis  en  Jeu 
dans  ces  essais,  il  a dtd  possible  d'dmettre  un 
ruban  de  colorant  qui  visualise  directement  une 
tranche  de  la  nappe  tourbillonnaire  qui  s'enroule 
autour  du  tourbillon  principal  (fig.  17c  d) . De 
mSme,  pour  permettre  une  analyse  plus  fine  du 
ddcollement  tridirr.ensionnel  sur  le  panneau  ae 
garde  et  de  son  Evolution  en  fonction  de  l' inci- 
dence (fig.  18),  le  colorant  a dtd  dmis  le  long 


ie  cette  paroi  plane  k la  fois  sous  la  forme 
d’une  nappe  paridtale  qui.  contoume  la  zone 
deeollee  et  de  filers  Isolds  d' altitude  variable, 
c'est-a-dire  plus  <_  "cins  proches  de  cette 
paroi  suivant  1-  odi,-  ge  do  leur  debit,  et  qui 
ailmentem.  les  to  .'■til  ons  en  fer  a cheval 
(fig.  17  b c)  oi  > se  dd  \ument  devant  la  plage 
ddcollde . 

La  figure  18  .e  1'dvolution  en  fonction  d'une 
incidence  croisscite,  de  la  foime  do  cette  plage 
au  voisinage  de  l'apex  en  rdgime  laminaire  (fig. 
18  a - e ) et  confirme  par  ailleurs  qua  l' allure 
des  phdnomknes  ne  change  pas  en  regime  turbulent, 
tel  qu'il  se  ddclenche  k fe  sto, 5 xlC>5(  comparer 
fig.  18  e e'  e"  et  f f'f"). 


fig.  17  - Ecoulrment  au,<-ir  dune  maquette  d'apex  agrandi  d 25 ° d'incldence  ( tunnel  hydrodynamique 
Rec  a 0,5  . 104). 

Vues  de  I'extrados  (d),  de  profit  (c)  et  de  Intrados  (b)  tranche  longltudlnale  passant  par  l'apex  (a) 
visualise  par  bulles  d'alr. 
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Fig  18  - Influence  de  /'Incidence  a et  du  nombre  dt  Reynolds  Rec  sur  I'dcoulement  le  long  du  ponneau 
de  garde  et  autour  d'une  maquette  d'optx  agrandl  (tunnel  hydrodyramlque  - Rtc  - 0,5  . I04)  sauf 
contre-indicatlon. 

ft  - CT  (a)  ; a - Uf  (b)  ; c - 15°  (c)  ; a = 20°  (d)  ; a * 25°  (e,  e\  e")  ; a = 75°  ew 
A!ec  = 2 . /O4  (f,  (“)  (regime  turbulent). 

Vues  de  profit  (a,  b,  c,  d,  e,  f)  ■ tranches  transversoles  si  lutes  pris  de  I'apex  (e\  V)  et  de  la  nU-corde 
(e",  f")  du  prof II  d'emplanture. 
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It  - ANALYSE  EN  30UPFLERIE  DU  rpCOLIEMENT 
TOUHBILIlOHNAIRE  - 

Pour  completer  les  Informations  obtenues  a des 
no.nbreo  de  Reynolds  faibles,  une  dtude  & 
caractdre  exploratoire  du  champ  de  .t'dcoulement 
A l'extrados  de  l'aile  a dtd  effectude  en  souf- 
flerie  sur  la  configuration  suivante  : 
flfeche  tf  = 60°,  incidence  tf  « 19°  correspondent 
& un  Cz  cgal  a 8C#  du  Cz  max.  Cette  configuration 
prdscnte  un  ddeollement  tou»-bi}  lonnaire 
intSressant  la  presque  totalled  de  l'envergure 
de  l'aile  et  structurd  sur  -a  raajeure  partie  de 
3on  dtendue  transversale . 

Ia  vltcsse  d'essai  retenue  de  90  iq/s 
( fiec  = 1,9  x 106)  a sure  un  ddclenchement 
raplde  de  la  transition  not  aliment  lorsque  l'dcou- 


lement  ddcolle . 

4.1  - Caractdristiques  gdndrales  de  l'dcoulement- 

Les  rdsultats  des  Bondages  effectuds  nonaalement 
k 1 ' emplanture  de  la  maquette  dans  6 sections, 
ddl'inies  par  las  valeurs  de  l'abscisse  x/c  , 
sor.t  regroupds  figure  19  Cette  representation  de 
i'dooulement.  pseudo -transversal  met  en  relief 
1* extension  et  l'dvolution  do  l'dcoulement 
tourbillonnaire  & l'extrados  de  l'aile. 

Prds  de  i'apex  (x/c  « 0,24)  la  sonde  ne  peut 
atteindre  que  la  partie  extdrieure  du  bulbe  de 
ddeollement  dont  l'dpaisseur  est  trds  faible.  On 
notera  par  ailleurs  l'effet  de  contoumement 
mai'qud  au  voisinage  du  bord  d'attaque. 
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Fig.  19  - Projection  du  vecttur  Vitesse  sur  Its  plans  d‘ exploration. 


Fig.  20  - Visualisation  dt  I’icoultment  pariitai. 

a)  Positions  dt  I 'axe  de  tour  billon  par  sondage  ' > 

b)  Positions  du  minimum  de  pression  par Ic  tale  u 


Pour  x/C  = 0,91.  une  structure  tourbillonnaire 
est  mise  en  evidence.  A la  formation 
de  cette  structuiv  est  associd  un  redressement 
rnarqud  de  la  direction  de  l'dcoujement  au 
niveau  du  bord  d'attaque.  lie  domains  occupd  par 
1 'dcouleraent  tourblllonnaire  d'extrados,  dej& 
important  k partir  de  x/c  •>  1,58,  crott  ensuite 
rapidoment  en  dtendue  lorsquo  xt/c  augmente  en 
meme  temps  que  l'axe  du  tourblllon  s'dloigne  de 
la  surface  de  l'aile.  Is.  position  de  cet  axe 
dddulte  dea  sondages  e3t  donnde  figure  21a  en 
projection  sur  le  plan  d 1 emplanture  Oxxet, 
figure  21b,  en  projection  sur  le  plan  des  cordes 
Ox/.  Ce  dernier  tracd  est  reportd  figure  20  sur 
la  photographie  de  la  visualisation  do  l'deoule- 
ment  paridtal  ainsi  que  la  position  du  minimum  de 
ia  pression  raeaurde  k la  parol  dans  diffdrentes 
tranches  de  l'aile  (voir  2.2). 


Ia  comparaison  de  ces  rdsultats  montre  quo  le 
minimum  de  pression  coincide  avec  la  projection 
sur  le  plan  des  cordes  de  l'axe  du  tourblllon 
principal  et  correspond  sensiblement  au  point 
d' inflexion  des  lignes  de  courant  paridtales . 

L'dvolution  de  la  distance  fi  la  parol  de  l'axe 
du  tourblllon  reprdsentde  figure  21a  peiiaet 
de  distinguer  nettement  une  zone  inJtiale 
qui  dpaissit  lentement  et  qui  correspond  2i  xlc  H 
d'une  zone  centrale  ou  l'axe  du  tourblllon, 
sensiblement  rectiligne,  est  beauooup  plus  incline 
sur  la  paroi  ( or  9"). 

On  r.otera  enfin  que  vers  1 1 extrdmitd  de  l'aile 
l v/c  >,  3,58)  l'axe  du  tourblllon  s'dcarte  de 
plus  on  plus  nettement  de  la  paroi  et  s' incline 
vers  l'emplanture  (fig.  21  b)  pour  tendre  vers 
une  direction  parallfele  k celle  de  l'ccoulement 
general . 
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Fig.  21  - Position  de  I ’axe  du  tourblllon  par  sondage 

a)  en  projection  sur  le  plan  d'emplanture  Oxz, 

b)  en  projection  sur  le  plan  de  I'aile  Oxy. 


.2  - Pbrmation  du  tourblllon  principal  . Etude 
de  la  zone  initiale  - 

Les  sondages  obtenus  avec  les  mu/ens  ddfinisen  2.1 
ne  donnent  qu'une  information  limitde  dans  les 
sections  initiates  (x/c  .#  1)  ou  les  couches 
dissipatives  ont  une  dpaisseur  faible . Una  etude 
ddtaillde  des  visualisations  parietales  a done 
dtd  tentde  pour  prdciser  1 ' organisation  de  ce 
domaine  de  l'dcoulament  proche  de  l'apex  , Malgrd 
la  part  inevitable  d' interpretation  qua  - rmpor+e 
ce  proeddd  , eette  etude  complete,  pour  une  valeur 
du  nombre  de  Reynolds  nettement  plus  dlevde, 
les  observations  ddtnillees  obtenues  au  tunnel 
hydrodynamique  ( 5.2). 

II  convient  tout  d'abord  de  souligner  que  les 
effets  d<  s si pat its  plus  marquds  qui  caractdrisent 
les  ecoulements  turbulerts  tendent  h.  desag reger 
rapidement  les  st-Mctures  tourbillonnaires  de 
faibles  dimensions  ce  qui  peut  entralner  une  modi- 
fication dans  I'o  -ganJcation  dcs  deculements 
secondalres  ml.  - ^"idence  en  rdgime  laminaire. 
La  figure  22  dor  .110  ddtaillde  de  la  visua- 
lisation parid'  <nue  sur  l'extrado3  de 

i'aile  au  volc  . ••  l'apex  et  le  schdma  d'dcou- 

lament  qu'elli  .re  dans  lequel  on  peut  distin- 

guor  trois  dom.  l s : 

- de  0 & D (schdma  1)  l'dooulement  venant  de 

1 ' intradoc  contoume  le  bord  d'attique  et  ddool- 
le  en  S sous  1' influence  du  gradient  de  pression 
ddfavorablo  qui  ,'uit  les  survitesses  de  bord 
d'attaque.  Dans  e processus,  le  ddcollement 
rdsulte  d'une  forte  dd stabilisation  de  la  couche 
limite  et  le  nappe  ddcollde  peu  inclinde  sur 
la  parol  emprisonne  une  couche  d'dcoulement 
trfes  ralenti.  1 > recollement  s'effeotue  suivant 
une  ligne  ft  sensibloment  parallfele  au  bord 
d'attaque  sdparant  le  fluids  qui  reflue  de 
celui  qui  s'dooule  vers  I'aval.  L'dcoulement 
dans  le  bulbe  ainsi  forme  est  aussi  alimentd  le 
long  da  l'emplanture  par  du  fluide  provenant 
de  la  plaque  de  garde,  et  s'dcoule  transversale- 
ment  selon  une  direction  d'abord  dvolutive  qui 
tend  en3Uite  k devenir  puralldle  au  bord 
d ' attaque . 
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- au  point  D,  la  visualisation  montre  une 
remontke  rapide  de  la  ligne  de  dkcollement 
vers  le  bord  d'attaque  (schema  2,  fig.  22). 

Le:  phknomkne  de  non  oontoumement  du  bord 
d'attaque,  dd  principalemer.t  k l'accroissement 
progressif  en  envergure  de  le  pseudo -incidence 
locale  de  l'kcoulement  Jusqu'k  une  situation 
du  type  dkcrochage,  entralne  un  redressement 
brutal  de  la  nappe  flulde  qui  d6 colie  errant 
alnsi  une  circonstance  propice  k 1 ' araorgage 
de  1 'enroulement  caractdristlque  d'un  tourbll- 
lon  en  comet. 

Les  llgnes  de  courant  parletales  comportent  en 
aval  immediat  du  point  D une  inflexion  trks 
localises  qui  s'^tale  ensuite  en  s' integrant 
aux  traces  de  1'^coulement  provenant  du  bulbe 
initial  pour  former  la  trace  pariktale  carac- 
tSristique  d'une  structure  tourbillonnaire  en 
comet  (T) . 

On  notera  que  la  ligne  de  recollement  R prend 
une  direction  plus  inclinke  vers  l'aval, 
direction  imposke  par  le  ddve.1  oppei;.  at  du 
tourbillon  (T) . L'kcoulement  confine  entre  le 
tourblllon  T et  le  bond  d'attaque  est  happd 
par  la  nappe  fluide  a vitesse  acc6l6r6e  qui 
dkcolle  du  bord  d'attaque. II  s '6 coule  en  sui- 
vant  une  direction  qui  devlent  sensibleinent 
perpendiculaire  a ce  dernier.  Cette  configura- 
tion s'6tend  our  la  partie  du  bord  d'attaque 
comprise  entre  les  points  D et  . 

- au-delk  de  P2,  l'accroissement  des  dimensions 
transversales  du  tourbillon  T entralne  une 
modification  de  la  zone  continue.  Un  dkool- 
lement  secondaire  S2  s'6tablit,  11  est  suivi 
d'un  recollement  Rp  delimit ant  un  petit  contre- 
tourbillon  T2  (schdrna  ]5,  fig.  22),  qui  progresse 
le  long  du  hol’d  d'attaque  aveo  le  tourbillon  T. 

Cette  description  est  conforme  pour  1'essentiel 
aux  result at 3 obtenus  au  tunnel  hydrodynamique . 
Elle  permet  toutefois  de  prdclser,  lorsque  la 
transition  laminaire-turbulent  se  prodult  trks 
prfes  du  ddcollement,  les  consequences  que  cette 
circonstance  entralne  sur  1 1 organisation  de 
1 ' dcoulement  au  volsinage  de  l'apex. 

4 ,3  - Etude  du  tourbillon  principal  T - 


r 


Fig.  23  - hi.  . -<e  la  cotnposanU  dt  vitesse  vr(.z0). 

Pour  caractkriser  revolution  de  1 '6couloment 
tourbillonnaire  k son  passage  dans  chaoun  des 
plans  d' exploration,  il  est  commode  d'examiner 
la  variation  de  certaines  grandeurs  du  champ 
dynamique  sulvant  1'axe  x0  , perpendiculaii'e  k 
l1 alls  eh  passant  par  le  centre  du  tourbillon  T. 
I*  figure  23  schematise  l1 evolution  de  la 
composante  u-r  de  la  vitesse  de  l’ecoulement 
tranaversal  definie  dans  un  trikdre  Oxr  vr  jr 
lie  k,  l'axe  du  tourbillon  (voir  figure  21).  Cette 


representation  permet  de  distinguer  le  noyau  du 
tourbillon  oonstitue  par  un  rouleau  a rotationnel 
sensiblemer.t  constant  de  l'ecoulement  exterieur 
a rotationnel  nul  et  de  definir  le  centre  du 
tourbillon  uinsi  qu'une  dimension  z^caractkris- 
tique  de  son  etendue  transversale . 

Cette  structure  du  pseudo-ecoulement  transversal 
est  trks  eioignee  de  celle  d'un  tourbillon  au 
sens  de  la  mecanlque  des  fluides  theorique. 

L' appellation  "tourbillon",  consaerea  par  1' usage, 
doit  §tre  prise  dans  un  sens  klargi. 

Ia  figure  24a  donne  Involution  en  envergure, 
pour  sept  plans  de  sondage,  des  profils  de  la 
composante  vr  de  la  vitesse . On  notera  1 ' impor- 
tance croissante  du  noyau  avec  l'abscisse  xvc  . 

La  figure  24b  presente  de  la  me me  faqon  les 
profils  sulvant  z„  du  module  de  la  vitesse  V/Vo 
qui  mettent  en  Evidence  un  creux  caractkristique 
a la  cote  z m coincidant  sensiblement  avec 
l'axe  du  tourbillon  (fig.  21a). 

L' altitude  du  maximum  de  vitesse  permet  egale- 
ment  de  caractk riser  l'ktendue  transversale  du 
tourbillon.  Elle  est  d'ailleurs  peu  different-e  de 
la  valeur  z ^ dei'inie  prkekdemment  (voir  fig. 25a). 


On  notera  en  outre  une  dispersion  lmportante  des 
mesures  dans  oertaines  sections,  dispersion  qui 
ne  peut  etre  lmputke  entieremont  k un  fonotion- 
nement  incorrect  de  la  sonde  soumise  k des  angles 
d'attaque  trop  importants.  L' instability  de  la 
structure  tourbillonnaire,  qui  apparalt  dks 
x/c  cf  2,2k  et  qui  est,  partioulikrement 
marquke  pour  x/c  - 2,58,  n'est  pas  k kcartcr. 

Elle  coincide  d'ailleurs  avec  un  changement  de 
regime  dans  Involution  de  l'kooulement  tourbil- 
lonnaire que  nous  allons  examiner  maintenant. 

L' Evolution  longitudinale  du  tourbillon  d'extrados 
est  aaraotkriske,  en  premiere  analyse, pur 
les  trois  donnkes  typiques  de  son  dkveloppement 
que  Bont  la  dimension  transversale  z„ou  ZM  , 

1 ' intensity  du  rotationnel  du  noyau 


et  la  vitesse  miniinale  sur  l'axe.  I.' Evolution 

suivant  x/c  de  ces  diverses  grandeurs  est  re pre- 
sentee figure  25.  Deux  domaines  d' evolution 
distincts  apparaissent  : 

- pour  x/c.  4 2,24,  une  zone  de  dkveloppement  ok 
la  vitesse  minimale  sur  l'axe  augjnente  pendant 
que  la  dimension  transversale  du  tourbillon 
s'acorolt  d'une  manikre  progressive  avec  une 
diminution  correlative  modkrke  du  rotationnel 
du  noyau, 

- en  aval  de  X/c  « 2,24,  une  zone  ok  l'on  note 
une  brusque  augmentation  de  la  dimension  trans- 
versale du  tourbillon  accompagnke  d'une  ohute 
rapide  du  rotationnel  et  de  la  vitesse  sur  l'axe. 
L'orlglne  de  cette  zone  coincide  aveo  une  insta- 
bility marquee  de  la  structure  tourbillonnaire. 
Cette  Evolution  rapide,  provoquke  par  Is  ralen- 
tisseraent  de  l'keoulement  genkral  que  traduit  la 
diminution  de  3a  vitesse  maximale  Vmax  mesurke 

k la  frontifere  du  tourbillon,  dkfinit  1* appari- 
tion du  processus  d'kclatement  du  tourbillon 
d'extrados  qui  semble  attelnt  pour  x/c  >3. 


Fig.  24  - Evolution  en  envergure. 

a)  profit  de  la  composante  de  vltesse  vT(za) 

b)  profit  de  la  vltesse  V(z<,). 
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Fig.  25  - Evolution  longitudlnale  du  tourbillon 

a)  dimension  transversal*, 

b)  rotatlonnel  sur  I ’axe, 

c)  vltesses  mlnlmale  et  maximal*  dans  !e  tourbillon. 
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5 - CONCLUSIONS  - 

L'dcoulement  tourbillonnaire  sur  l'extrados  d'une 
aile  k flkche  variable  placde  k forte  incidence 
a fait  l'objet  d'une  etude  expdrlmentaie  appro- 
fondie  en  soufflerie  et  au  tunnel  hydrodynamique. 
II  a dtd  possible,  k partir  des  mesures  d' efforts 
globaux,  de  determiner,  en  fonction  de  l' incidence 
et  de  la  flkche,  un  domaine  d'existence  de  ce  type 
d'deoulement  qui  a dtd  analyse  ensuite  plus 
finenient  a l1  aide  du  champ  de  pression  statique 
et  des  visualisations  paridtales.  Un  effet  du 
nombre  de  Reynolds,  en  particulier  sur  1' incidence 
d1 apparition  de  l'dcoulement  tourbillonnaire  sur 
cette  aile,  a pu  etre  observe , 

L'examen  au  tunnel  hydrodynamique  k faible 
nombre  de  Reynolds  de  la  structure  mk'mo  des  ddcol- 
lements  qui  s'organisent  aut.our  d'un  tourbillon 
en  comet  conduit  k la  description  d'un  schema 
trfes  precis  de  l'ecoulement  tourbillonnaire 
incluant  sa  fc-mation  k proximltd  de  I'apex 
et  son  dclatemont  dans  la  riglon  du  bord  de  fuite. 

Ce  schema  s'avire  globalement  assez- proche  de 
celui  qui  rd  suite  d'une  analyse  ef  fectude  en  souf- 
flerie k nombre  de  Reynolds  beaucoup  plus  dlevd, 
comportant  1' exploration  ddtaillde  du  champ  de 
l'ecoulement  k l'extrados  de  l'aile  ainsi  que 
la  visualisation  par id tale  pour  une  configuration 
parti cullkre . 

Ces  explorations  ont  en  outre  pemis  une  dturte 
ddtaillde  de  Involution  du  tourbillon  principal 
et  constituent  ainsi  un  dldment  trks  prdoieux 
en  vue  d'une  moddlisation  de  tels  dcoulements. 
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STABLE  AND  UNSTABLE  VORTEX  SEPARATION 
by 

Erich  H.  Wedemeyer 
Institut  ftlr  StrOmungamechanik,  DPVLR 
3400  Gottingen,  Germany 


SUMMARY 

A theoretical  study  of  the  stability  of  leading  edge  separation  on  delta  wings  is  presented.  The  theory 
explains  the  change  from  steady  vortex  type  separation  which  is  observed  for  highly  swept  wings  to  flow 
with  unsteady  "separation  bubble"  which  is  typical  for  wings  of  small  sweepback.  Calculations  show, 
that  solutions  of  the  vortex-shoet  model  of  leading  edge  separation  can  become  unstable  if  the  angle  of 
attack  is  sufficiently  high.  The  critical  angle  of  attack  beyond  which  no  stable  solutions  exist,  decreases 
with  decreasing  sweepback  angle.  The  calculated  stability  boundary  is  in  good  agreement  with  the 
boundary  for  observed  leading  edge  vortices.  These  findings  suggest,  that  the  change  from  "vortex  type" 
to  "bubble  type"  separation  is  due  to  the  change  from  stable  to  unstable  leading  edge  vorticeB.  Finally, 
tiie  tneory  explains  the  effect  of  a strake  on  a wing  of  moderate  sweep  and  aspect  ratio:  The  strong 
leading  edge  vortices  generated  by  the  strake  induce  an  outboard  flow  on  the  main  wing  and  thereby  in- 
crease the  effective  sweep  of  the  leading  edge.  The  higher  effoctive  sweep  stabilizes  the  leading  edge 
separation  on  the  main  wing. 
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constant  defined  by  equation  (2) 
constants  defined  by  equation  (1) 

non-dimensional  velocity  gradients  defined  by  equation  (8) 

constant  defined  by  equation  (2) 

midchord  of  delta  wing 

raaial  coordinate  (figure  1) 

radius  of  vortex  cose 

semispan  of  delta  wing 

velocity  components  in  axial,  circumferential  and  radial  directions 

axial  and  circumferential  velocity  components  at  the  outer  edge  of  the  vortex  core 

free  stream  velocity 

axial  coordinate  (fijure  1) 

angle  of  incidence 

circulation  of  line  vortex 

aspect  ratio  of  delta  wing  = 4 s/l 

circumferential  coordinate  (figure  1) 

conical  coordinate  - r/z 

' r /z 
o 

subscript  denoting  conditions  at  the  outer  edge  of  the  vortex  core 


1.  INTRODUCTION 


On  highly  swept  back  wings  at  incidence  the  flow  separates  from  the  leading  edge  generally  through 
formation  of  the  well-known  rolled-up  vortex  sheets  over  the  wing.  On  the  other  hand,  on  wings  with 
moderate  sweep,  leading  edge  separation  takes  the  form  of  an  unsteady  "separation  bubble".  While  the 
steady  vortex  separation  cn  highly  swept  wings  generates  large  nonlinear  lift  increments,  the  unsteady 
bubble  type  separation  provides  undesired  effects  such  as  lift  decay  and  force  fluctuations. 

For  the  case  of  large  or  intermediate  sweepback  the  type  of  leading  edge  separation  may  change 
with  changing  angle  of  incidence.  Observations  show  that  the  initial  leading  edge  vortex  may  suddenly 
break  down  and  form  - downstream  of  the  breakdown  point  - a diffuse  and  turbulent  structure  resembling 
the  separation  bubble  which  is  observed  for  wings  of  moderate  sweep.  The  position  at  which  the  vortex 
breaks  down  moves  upstream  with  increasing  angle  of  incidence,  until  it  finally  - for  a critical  angle  of 
incidence  - reaches  the  apex  of  the  wing.  We  can,  thus,  distinguish  two  regions:  one  in  which  leading 
edge  vortices  exist  at  least  over  part  of  the  wing  and  a region  in  which  separation  is  completely  unsteady 
and  takes  the  form  of  a separation  bubble  over  the  total  wing. 

In  the  following  investigation  it  is  supposed  that  the  two  distinct  types  of  leading  edge  separation  can 
be  attributed  to  the  existence  or  non-existence  of  a stable  separated  vortex.  The  theoretical  study  outlined 
in  the  following  is  an  extension  of  a theory  of  vortex  breakdown  by  Ludwieg  [1,  2],  In  the  course  of  in- 
vestigations on  the  stability  of  helical  flows  Ludwieg  has  shown,  that  a stable  leading  edge  vortex, 
entering  a region  of  increasing  pressure,  eventually  transforms  into  a highly  unstable  vortex.  This 
finding  was  offered  by  Ludwieg  as  an  explanation  for  the  vortex  breakdown  phenomenon  At  the  same 
time  other  explanations  were  given  [3,  4,  5]  and  so  far  no  final  decision  is  reached  in  favor  of  only  one 
of  the  competing  theories.  One  of  the  reasons,  why  a decision  between  the  different  theories  of  vortex 
breakdown  is  so  difficult  to  obtain,  is  that  none  of  the  theories  can  predict  the  onset  or  even  the  location 
of  breakdown.  The  present  theory  gives  for  delta  wings  a prediction  of  the  stability  boundary  beyond 
which  no  stable  vortex  separation  can  exist.  The  theoretical  stability  boundary  iB  not  expected  to  coincide 
exactly  with  the  boundary  for  observed  lending  edge  vortices  - since  a Blight  instability  does  not  lead  at 
once  to  vortex  breakdown  - but  the  theoretical  data  are  consistent  with  experimental  findings.  It  is  be- 
lieved, therefore,  that  the  present  study  gives  additional  support  to  the  stability  theory  of  vortex  breakdown. 


2.  PROBLEM  DEFINITION 

As  mentioned  above,  there  are  several  explanations  for  the  phenomenon  of  leading  edge  vortex 
breakdown.  The  different  theories  presume,  that  stable  vortices  are  formed  at  the  leading  edges  of  the 
front  part  of  the  wing  and  that  the  vortices  are  suddenly  transformed  when  they  are  subjected  to  the 
pressure  rise  at  the  rear  part  of  the  wing. 

There  is  a strong  interaction  between  the  bursting  vortex  and  the  external  flow  - very  similar  to  the  . 
interaction  between  a separating  boundary  layer  and  the  external  flow.  It  is,  therefore,  difficult  to 
predict  the  location  of  vortex  breakdown,  and  the  various  theories  can  hardly  be  compared  on  a basis  of 
quantitative  agreement  with  experimental  data  on  breakdown  locationa. 

The  present,  study  assumes  a slightly  different  point  of  view:  The  question  is  not,  what  happens  to  an 
originally  stable  vortex  when  it -enters  a field  of  pressure  rise,  but  under  which  conditions  can  a stable 
vortex  exist  near  the  apex  of  the  wing.  When  a leading  edge  vortex  in  observed  over  sufficiently  large 
part  of  the  wing,  one  can  assume  that  it  is  stable.  When,  on  the  other  hand,  the  vortex  disappears  after 
reaching  a critical  angle  of  incidence,  one  can  conclude  that  a stable  leading  edge  vortex  is  no  longer 
possible.  It  is,  thus,  reaoonable,  to  investigate  the  conditions  i.e.  the  angle  of  attack  range,  for  which 
stable  leading  edge  vortices  can  subsist  near  the  apex  of  a delta  wing. 


3.  THE  STRUCTURE  OF  LEADING  EDGE  VORTICES 

Figure  1 shows  a sketch  of  the  separated  flow  over  a slender  delta  wing.  A shear  layer  separates 
from  each  of  the  leading  edges  and  forms  a tightly  rolled  vortex  core  in  which  the  velocity  and  pressure 
fields  are  nearly  axially  symmetric. 

Whether  a leading  edge  vortex  is  stable,  depends  on  its  internal  structure,  i.e.  on  the  distribution 
of  axial-  and  circumferential  velocities  In  the  vortex  core.  A theory  for  the  core  of  a leading  edge  vortex 
was  developed  by  Hall  [6]  and  independently  by  Ludwieg  [2] . The  theory  is  restricted  to  conical  flow, 
i.e.  to  the  leading  edge  vortices  near  the  apex  of  slender  delta  wings.  It  is  assumed  that  the  flow  field 
within  the  vortex  core  is  axially  symmetric  and  that  the  vorticity  is  continuously  distributed,  i.e.  the 
shear  layer  is  diffuse.  Both  these  assumptions  are  very  good  approximations  to  a realistic  vortex. 

Assuming  further,  that  the  vortex  core  is  slender  i.  e.  its  radius  is  small  compared  to  the  distance 
from  the  apex  of  the  wing,  the  equations  of  motion  {Euler  equations)  are  approximately  solved  for  conical 
flow.  The  following  general  solution  for  the  velocity  components  in  radial  (W)  circumferential  (V)  and 
axial  (U)  direction  is  found: 
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£ is  the  conical  coordinate,  £ = r/x,  and  0^,  are  two  constants  of  integration.  The  solution  is  valid 
for  0 < £ £ £0  where  £0  - r0/x  is  a constant  which  is  small  against  1.  The  subscript  o denotes  quanti- 
ties at  the  outer  edge  of  the  vortex  core.  Thus  r0  is  the  local  core  radius. 

Using  the  normalized  radius  r/rQ  rather  than  £ , the  main  components  U,  V can  be  written: 


U = C (K  - lnr/rQ) 

(2-a) 

V = C Vk  + ~ - Inr/r 

2 ' 0 

(2-b) 

with:  C - C,  and  K = C „ - In  £ . 
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The  constant  C gives  the  magnitude  of  the  velocities  while  the  constant  K is  a profit  parameter. 

C and  K can  be  chosen  so  that  the  velocity  components  assume  prescribed  values  UQ,  VQ  at  the  outer 
edge  of  the  core.  It  is: 


U = C K 
o 


V = C 
o 


(3-a) 


(3-b) 


The  ratio  V /U  , which  is  a measure  of  the  hetix  angle  of  the  streamlines  at  the  outer  edge  of  the  core, 
is:  ° ° 


K 


(4) 


The  velocity  profiles  for  U and  V according  to  equations  (2)  are  shown  in  figure  2 and  figure  3 for 
various  values  of  the  profile  parameter  K.  The  profiles  have  a singularity  at  r « 0.  Since  the  gradients 
of  the  velocity  components  are  very  large  near  the  axis  r = 0 , viscous  diffusion  becomes  appreciable 
and  changes  the  velocity  profiles  within  a small  "sub-core"  near  the  axis.  For  the  case  of  laminar  flow, 
Hall  (6)  has  derived  a "boundary  layer"  solution  for  the  sub-core  which  is  shown  qualitatively  by  the 
dotted  lines  in  figures  2 and  3.  The  solution  for  the  sub-core  will,  however,  not  be  needed  in  the  following. 


4.  CONSTRUCTION  OF  THE  OVERALL  FLOW  FIELD 

A determination  of  the  constants  C and  K of  the  velocity  profiles  (equations  2-a  and  2-b)  requires 
a knowledge  of  the  flowfield  outside  of  the  vortex  core.  In  the  course  of  investigating  the  separated  flow 
past  slender  delta  wings  as  a whole,  approximate  solutions  of  the  outer  flow  were  obtained  by  Mangier  & 
Smith  [7]  and  to  a much  higher  accuracy  more  recently  by  Smith  [8J. 

In  the  calculations  by  Smith  [8]  an  approximate  model  is  used  where  one  or  several  outer  turns  of 
the  spiral  vortex  sheet  arc  computed  properly,  while  the  inner  part  of  the  vortex  is  represented  by  a 
concentrated  line  vortex  at  the  centre.  The  line  vortex  was  introduced  in  order  to  avoid  the  difficulty  of 
numerically  handling  an  infinite  number  of  turns. 

The  effect  of  the  line  vortex  on  the  outer  parts  of  the  flow  field  is  the  same  as  that  of  an  axially 
symmetric  vortex  core  with  distributed  vorticity.  A construction  is  made  now,  where  the  line  vortex  is 
replaced  by  Hall'6  solution  for  the  vortex  core  i.e.  by  a vortex  core  with  velocity  components  according 
to  equations  (2).  The  constants  C and  K must  be  adjusted  so  that  the  solution  for  the  vortex  core  can  be 
fitted  continuously  to  the  outer  part  of  the  flow  field.  Obviously,  the  circumferential  velocity  at  the  outer 
edge  of  the  vortex  core,  VQ,  must  fulfill  the  following  condition. 

V « 17  2 ir  (5) 

o o 


where  T is  the  strength  of  the  concentrated  line  vortex  representing  the  vortex  core.  The  radius  rQ  of 
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the  vortex  core  is  equal  to  the  distance  from  the  vortex  centre  to  the  free  end  of  the  outer  winding. 

The  axial  velocity  at  the  outer  edge  of  the  vortex  core,  U0,  is  approximately  equal  to  the  free 
stream  velocity: 


U 

o 


= U 

CD 


(6) 


Equation  (6)  is  correct  within  the  accuracy  of  slender  body  theory,  where  indeed  the  assumption  is 
made  that  the  axial  velocity  component  deviates  only  very  little  from  the  free  stream  velocity.  It  should 
be  noted  that  the  requirement  of  nearly  constant  axial  velocity  is  not  fulfilled  within  the  vortex  core.  It 
is  for  this  reason  that  the  application  of  slender  body  theory,  which  is  correct  for  the  outer  part  of  the 
flowfield,  can  not  be  extended  to  the  inner  parts  of  the  vortex  core. 


From  equations  (4), 

(5)  and  (6)  it  follows 
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Equation  (7)  relates  the  profile  parameter  K to  quantities  T and  r of  Smith's  outer  solution.  The  value 
of  the  constant  C (which  will  not  bi  needed)  follows  from  equations°(3-a)  and  (6):  C = U^/K. 

The  evaluation  of  equation  (7)  contains  a certain  amount  of  arbitrariness  since  r/rQ  depends  on  the 
arbitrary  choice  of  the  radius  rQ  , at  which  the  cut  is  made  between  the  outer  winding  and  the  inner  core. 
It  can  be  shown,  however,  that  this  dependence  is  very  weak.  Equation  (2-b)  and  figure  3 show,  that  the 
value  of  V (=  T /2ir  r)  varies  only  very  little  near  the  outer  edge  of  the  vortex  core.  Also  from  Smith's 
solution  it  is  obvious  that  V is  nearly  constant  within  the  outer  part  of  the  vortex.  Table  1 shows  the 
variation  of  the  normalized  values  of  I]  rQ  , and  r/r0  with  the  number  of  turns  of  the  outer  winding,  as 
obtained  from  Smith's  calculations.  The  numbers  show,  that  the  constancy  of  r/rD  is  better  than  ex- 
pected from  Hall's  solution.  This,  certainly,  is  a consequence  of  the  slender  body  approximation  for  the 
outer  flow. 

The  above  construction  of  the  overall  flow  field,  which  joins  the  vortex  core  solution  with  the  outer 
potential  flow  solution,  has  led  to  a simple  relation  between  the  profile  parameter  K and  the  value  of 
F /r  according  to  equation  (7).  The  value  of  r/rQ,  as  obtained  from  Smith's  calculation, depends  on 
aspect  ratio  A and  angle  of  incidence  a of  the  wing.  Tablq  2 shows  some  of  the  data  from  Smith's  cal- 
culations. Thus,  for  any  pair  of  values  (A , a)  the  profile  parameter  K can  uniquely  be  determined. 

It  will  be  shown  in  the  following  sections,  that  the  vortex  core  is  unstable  if  the  value  of  the  profile  para- 
meter K is  less  than  1.  16.  Such  profile  parameters  are  found  for  high  aspect  ratio  wings  or  for  high 
angles  of  incidence. 


5.  THE  STABILITY  OF  THE  VORTEX  CORE 

There  are  several  types  of  instability  to  which  a leading  edge  vortex  is  subjected.  One  is  the  well- 
known  shear  layer  instability,  which  makes  an  initially  laminar  shear  layer  wavy  and  finally  turbulent. 
Figure  4 shows  a shear  layer  instability  on  a leading  edge  vortex  which  was  observed  by  Anpoix  [9].  The 
vortex  is  visualized  with  the  aid  of  smoke  and  illuminated  by  a thin  plane  beam  of  light  perpendicular  to 
the  flow  direction.  The  photograph  shows  clearly  the  wavy  structure  of  the  outer  winding  of  the  shear 
layer.  This  instability  is  relatively  harmless  and  does  not  lead  to  the  destruction  of  the  vortex.  Its  effect 
on  the  vortex  is,  to  smooth  out  the  radial  distribution  of  vorticity  by  making  the  shear  layer  turbulent 
and  enhancing  its  diffusion. 

Another  mild  instability  is  always  present  within  the  viscous  sub-core.  Figures  2 and  3 show,  that  the 
distributions  of  both  the  axial  and  the  circumferential  velocity  have  an  inflection  point  within  the  sub-core 
region,  which  gives  rise  to  a generalized  inflection  point  instability  according  to  a theory  of  Michalke 
and  Timme  (10).  The  sub-core  can  also  Income  unstable  due  to  the  helical  instability  of  Ludwieg  which 
is  discussed  later  in  this  section.  In  any  case  is  an  instability  of  the  sub-core  restricted  to  a relatively 
small  part  of  the  vortex.  It  has  the  effect  of  producing  turbulence  in  the  unstable  zone  near  the  axis  and 
enhancing  the  diffusion  of  vorticity. 

Much  more  serious  is  an  instability  of  the  outer  parts  of  the  vortex  core  which  was  proposed  by 
Ludwieg  as  an  explanation  for  the  vortex  breakdown  phenomenon. 

Ludwieg's  stability  theory  [11|  for  helical  flows  is  an  extension  of  Rayleigh's  well  known  stability 
criterion  for  rotating  flows,  to  allow  for  an  additional  axial  velocity  component.  It  was  shown  by  Ludwieg, 
that  a radial  gradient  of  the  axial  velocity  component  has  a destabilizing  effect,  so  that  an  otherwise 
stable  rotating  flow  can  become  highly  unstable.  Defining  the  non-dimensional  velocity  gradients: 
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Ludwieg's  stability  criterion  states,  that  a helical  flow  is  locally  unstable  if: 

(1  - C ) ( 1 - C 2)  - (5/3  - C ) C 2 < 0 
ip  tp  1 ip  z 


(9) 


In  the  limit  - 0 equation  (9)  reduces  to  Rayleigh's  criterion  for  instability.  A graphical  representa- 
tion of  the  stability  criterion  is  given  in  figure  5,  which  shows  the  stable  and  unstable  regions  in  a 
(C^,  Cz) -plane. 

It  should  be  mentioned,  that  Ludwieg's  stability  criterion  was  derived  (and  experimentally  verified  [1  2]) 
for  nelical  flows  in  the  small  annular  gap  between  two  coaxial  cylinders.  The  radial  gradients  (C^,  Cz) 
are  assumed  to  be  constant  throughout  the  gap.  It  was,  however,  conjectured  by  Ludwieg,  that  his 
criterion  is  approximately  valid  as  a local  stability  criterion  for  any  helical  flow,  i.e.  that  a helical 
flow  becomes  locally  unstable,  if  at  any  point  in  the  flowfield  the  criterion  for  instability  (equation  9)  is 
fulfilled. 

The  stability  theory  of  Ludwieg  was  extended  by  Wedemeyer  (13)  to  include  more  general  velocity 
distributions.  It  was  shown  in  [13]  that  the  curvature  of  the  velocity  profiles  has  only  little  influence  on 
the  stability,  so  that  Ludwieg's  criterion  is  a good  approximation  in  most  practical  cases. 

The  stability  criterion  (equation  9)  was  applied  by  Ludwieg  (1,  2J,  to  the  vortex  core,  i.e.  to  a 
velocity  field  given  by  equations  (2).  The  vortex  core  is  not  strictly  cylindrical,  it  is  assumed,  however, 
that  the  gradients  in  axial  direction  are  so  small  that  - for  the  stability  problem  - the  radius  rQ  of  the 
vortex  core  can  be  considered  as  constant.  A simple  calculation  shows  that  the  C , Cz  values  encountered 
in  the  vortex  core  lie  always  on  the  lower  half  of  the  parabola  s - C^/2  which  is  shown  in  figure  5. 

The  inner  endpoint  (C^,  = Cz  =0)  corresponds  to  the  vortex  axis  r = 0 , the  outer  endpoint,  which  is  a 
function  of  the  profile  parameter  K,  corresponds  to  the  outer  edge  of  the  vortex  core  r * rQ.  In  figure  5 
various  endpoints  are  denoted  by  the  corresponding  value  of  K . The  figure  shows,  that  for  profile  para- 
meters larger  than  a critical  value  of  1.  16,  all  the  points  lie  within  the  stable  region,  while  for  K < 1.  16 
the  outer  points  fall  into  the  unstable  region.  This  means  that  for  K < 1.16  the  outer  parts  of  the  vortex 
core  are  unstable. 

In  [2]  Ludwieg  has  shown  that  a vortex  core  is  transformed  by  an  adverse  pressure  gradient  so  that 
the  resulting  vortex  core  belongs  again  to  the  same  class  of  floWB,  given  by  equation  (2),  but  with  a 
decreased  value  of  K . Thus,  an  originatty  stable  vortex  core  can  become  unstable  when  subjected  to  an 
adverse  preasure  gradient.  After  the  onset  of  instability,  disturbance  waves  are  amplified  in  such  a way 
that  the  vortex  becomes  asymmetric.  Ludwieg  conjectures,  that  the  asymmetry  leads  finally  to  the  break- 
down of  the  vortex. 

The  present  investigation  is  not  concerned  with  the  phenomenon  of  vortex  breakdown  but  with  the 
question,  it'  a leading  edge  vortex  is  stable  from  the  beginning.  This  question  can  now  easily  be  answered: 
Any  given  values  of  the  aspect  ratio  A and  angle  of  incidence  a determine  uniquely  a profile  parameter 
K ,as  shown  in  the  preceding  section.  If  K > 1.  16  the  configuration  is  stable  and  vice  versa  it  is  unstable 
for  K < 1. 16  . In  ngure  6 is  shown  the  stability  boundary  K = 1.16,  which  divides  stable  and  unstable 
regions  in  the  (A  . <*  ) - plane.  The  diagram  shows  that  the  angle  of  incidence,  above  which  no  stable 
vortex  exists,  decreases  with  increasing  aspect  ratio.  For  aspect  ratios  larger  than  about  2 no  stable 
vortices  exist  for  any  angle  of  incidence.  Also  shown  in  figure  6 is  the  boundary  corresponding  to  K = 0.8. 
For  this  K - value,  the  part  of  the  vortex  core  within  70  per  cent  of  the  radius  or  about  50  per  cent  of  the 
cross  section  has  become  unstable. 


6.  COMPARISON  WITH  EXPERIMENTAL  RESULTS 

In  the  course  of  wind-tunnel  experiments  Earnshaw  & Lawford  (14)  have  observed  the  separated  flow 
on  a series  of  delta  wings  of  varying  aspect  ratio.  In  particular,  the  positions  of  vortex  breakdown  on  the 
wings  were  noted.  The  observed  ranges  of  vortex  breakdown  are  shown  in  the  diagram  of  figure  6 as  solid 
vertical  lines.  The  lower  endpoints  of  the  lines  correspond  to  breakdown  positions  at  the  trailing  edge. 

The  upper  endpoints  indicate  the  angles  of  incidence,  at  which  vortex  breakdown  has  reached  the  apex  of 
the  wing.  For  larger  angles  of  incidence,  no  leading  edge  vortices  were  observed.  The  figure  shows, 
that  vortex  breakdown  is  restricted  to  the  unstable  region  and  that  the  ranges  of  vortex  breakdown  follow 
in  general  the  stability  boundary  except  for  large  aspect  ratios.  For  the  wings  of  low  aspect  rptio,  the 
observations  are  fully  consistent  with  theoretical  predictions:  breakdown  begins  at  the  trailing  edge  when 
the  initial  vortex  is  just  unstnble.  With  increasing  instability,  the  breakdown  position  moves  towards  the 
apex  of  the  wing  and  reaches  the  apex,  when  about  50  per  cent  of  the  vortex  have  become  unstable  (corres- 
ponding to  a value  of  K - 0.8)  , Naturally,  the  stability  boundary  does  not  coincide  with  the  boundary  for 
observed  leading  edge  vortices,  i.e.  with  the  upper  endpoints  of  the  breakdown  ranges.  This  is  expected. 
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since  a mildly  unstable  vortex  can  subsist  for  a short  distance  from  the  apex,  before  it  is  transformed  by 
the  growing  disturbence  waves  sufficiently  to  burst. 

With  increasing  aspect  ratio,  observations  and  theoretical  predictions  diverge.  No  explanation  for 
this  behavior  can  be  given  so  far,  but  it  should  be  noted  that  calculations  of  the  separated  vortex  flow 
are  based  on  slender  body  theory  which  becomes  inadequate  for  higher  aspect  ratios.  On  the  other  hand, 
at  the  higher  aspect  ratios,  the  vortex  core  was  less  steady,  as  reported  in  [14]  , and  the  breakdown 
point  could  not  be  so  clearly  identified.  Thus,  theoretical  and  experimental  results  become  increasingly 
unreliable  for  higher  aspect  ratios. 


7.  THE  EFFECT  OF  STRAKES  ON  WINGS  OF  MODERATE  SWEEP 

The  theoretical  study  described  in  the  preceding  sections  was  initiated  by  considerations  regarding 
the  effect  of  strakes  on  wings  with  moderate  sweep.  It  is  well  known  that  the  aerodynamic  characteristics, 
especially  the  maximum  lift  and  the  buffeting  behavior,  of  a moderately  swept  wing  can  be  improved  when 
a strake,  i.e.  a highly  swept  forward  extension,  is  attached  to  the  wing.  Force  measurements  show  that, 
while  a strake  has  little  effect  in  the  regime  of  linear  lift,  it  can  shift  the  point  of  lift  decay  to  much 
higher  angles  of  incidence  and  thus  increase  the  maximum  lift.  It  was  conjectured,  that  a strake  is  capable 
of  stabilizing  the  leading  edge  separation  but  the  underlying  flow  mechanism  is  not  well  understood.  In 
the  following  a flow  model  is  proposed,  which  accounts  for  the  observation  of  a stable  separated  flow. 

Figure  7 shows  schematically  the  effect  of  the  strake  on  the  main  wing.  The  strong  leading  edge 
vortices  generated  by  the  strake  induce  ar.  outboard  flow  on  the  main  wing,  particularly  near  the  kink  of 
the  leading  edge.  The  induced  flow  velocity  changes  the  initial  flow  direction  and  thereby  increases  the 
effective  sweep  of  the  leading  edge.  This  effect  of  a strake  was  also  noted  by  Fiddes  & Smith  [15]. 

If  at  large  incidence  the  flow  separates  from  the  leading  edge  of  the  main  wing,  the  separation  on 
the  inboard  sections  of  the  main  wing  is  stabilized  as  a result  of  the  higher  effective  sweep  there.  A 
stable  separation  now  generates  large  lift  increments  while  an  unstable  separation,  which  would  occur  on 
the  wing  without  strake,  leads  to  lift  dacay  and  force  fluctuations. 

As  a partial  check  of  the  above  flow  model,  experiments  were  performed  to  demonstrate  the 
existence  of  a stable  vortex  over  the  main  wing  in  a case  where  no  stable  separation  would  occur  for  the 
wing  without  strake.  A test  in  the  water  towing  tank  of  the  AVA  Gttttingen  was  performed  on  a wing  of 
32°  leading  edge  sweep  with  a strake  of  75°  leading  edge  sweep.  !■  igure  8 shows  a pl.o'ograph  of  the  flow 
over  the  wing  at  an  angle  of  incidence  a * 30°. 

The  separated  flow  on  the  main  wing  is  visualized  by  means  of  the  hydrogen  bubble  method.  The 
photograph  shows  clearly  a stable  vortex  originating  at  the  kink  of  the  leading  edge.  At  the  outboard 
sections  of  the  wing,  the  cloud  of  hydrogen  bubbles  becomes  diffuse  indicating  vortex  breakdown. 

Figure  3 shows  a spanwise  distribution  of  pressure  measured  in  the  AVA  transonic  wind  tunnel  on  a 
wing  with  cylindrical  fuselage  and  strake.  The  distribution  has  two  suction  peaks  on  a half  wing, 
corresponding  to  separated  vortices  from  the  strake  and  the  main  wing.  In  Figure  10  the  locations  of 
measured  suction  peaks  on  the  wing  are  plotted.  The  plot  confirms,  that  separated  vortices  are  formed 
on  the  leading  edges  of  both  the  strake  and  the  main  wing,  This  is  considered  as  a strong  support  for  the 
assumed  flow  model,  according  to  which  the  separation  on  the  main  wing  is  stabilized  by  an  increase  of 
the  effective  sweep  of  the  leading  edge. 
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Fig.  3:  Circumferential  velocity  profile 
of  the  core  flow. 


M a =0,50 


i x/l  =0,10 


02  04  0,6  0,8  w/c  1 


Fig.  9:  Pressure  distribution  across  semi-  Fig.  10: 

span  of  wing  with  strake.  a - 1 5° 


. Measured  locations  of  suction  peaks 
on  wing  with  strake.  a - 15° 


14-1 


CALCUL  INSTATIONNAIRE  DE  NAPPES  TOURBILLONNAIRES 
EMISES  PAR  OES  SURFACES  PORTANTES  FORTEMENT  INCLINEES 

par  Colmar  REHBACH 

Office  National  d'Etudes  et  de  Recfwrches  Atrospatia/es  (ONERA) 

92320  ChStillon  ( France i 

♦ 

RESUME 

Les  nappes  tourbillonnaires  qui  se  forrnent  k partir  du  bord  de  fuite,  des  extrdmitds  et,  pour  des 
incidences  plus  importantes,  k partir  du  bord  d'attaque  de  surfaces  portantes  inclines  ne  tendent  vers 
des  formes  bien  organises  et  stables  que  pour  des  configurations  gdomdtriques  particulikres  (forte 
fleche  par  exemple)  et  dans  des  limites  d'incidences  bien  dkterminees.  Evaluation  de  leur  forme  par 
le  caicul  ne  peut  etre  abordke,  avec  une  certaine  gdnkralite,  que  si  Ton  dispose  d'une  mdthode  de  calcul 
instationnaire. 

La  mdthode  que  nous  utilisons  ici  est  destinde  aux  dcoulements  tridimensionnels  incompressibles. 
Elle  est  basde  sur  une  application  des  variables  de  Lagrange  au  systeme  int6gro-d iff6rentiel  constitud  de 
I'identitd  de  Green  et  de  Liquation  de  Helmholtz  que  nous  discrdtisons  sous  lorme  de  singularity  tour- 
billonnaires ponctuelles. 

Au  cours  de  cetto  dtude  numdrique  de  I’influence  de  la  gdomdtrie  de  I'obstacle  et  de  son  incidence 
sur  Involution  dans  le  temps  et  la  stability  de  sa  nappe  tourbillonnaire,  nous  traitons  la  mise  en  motive- 
rnent  subite  de  deux  configurations  gdomdtriques  simples  : une  aile  rectangulaire  et  une  aile  delta  planes, 
d'allongement  1.  Nous  nous  intdressons  tout  particulierement  k deux  probldmes,  celui  de  la  formation 
du  noyau  tourbillonnaire  et  celui  soulevd  par  1’apparition  progressive,  et  fortement  influencde  par  la 
gdomdtrie  et  par  I'incidence,  d'instabilitds  do  naDoe. 


UNSTEADY  CALCULATION  OF  VORTEX  SHEETS  EMITTED  BY  HIGHLY  LOADED  LIFTING  SURFACES 

SUMMARY 

The  vortex  sheets  that  form  at  the  trailing  edge  and  tips  and,  for  higher  angles  of  attack,  from 
the  leading  edge  of  lifting  surfaces,  tend  towards  well  organized  and  stable  shapes  only  for  specific 
configurations  (e.g.  high  sweep  angles)  and  within  a well-defined  range  of  angles  of  attack.  The  eva- 
luation of  their  shape  can  be  undertaken  with  some  degree  of  generality  only  if  an  unsteady  method 
of  calculation  is  used. 

The  method  used  here  Is  intended  for  three-dimensional  incompressible  flows.  It  is  based  on  an 
application  of  the  Lagrartgian  variables  to  the  Integra-differential  system  made  of  the  Green  identity 
and  the  Helmholtz  equation,  discretized  in  the  form  of  point  vortex  singularities. 

During  this  numerical  study  of  the  influence  of  the  obstacle  geometry  and  incidence  on  the 
time  evolution  and  stability  of  the  vortex  sheet,  we  deal  with  the  sudden  setting  in  motion  of  two 
simple  configurations  : a plane  rectangular  wing  and  a plane  delta  wing,  both  of  unity  aspect  ratio. 

We  deal  especially  with  two  problems  : that  of  the  vortex  core  formation  and  that  of  the  gradual 
appearance,  highly  Influenced  by  geometry  and  angle  of  attack,  of  the  sheet  instabilities. 

1 - INTROPUCTION  - 

Lea  nappes  tourbillonnaires  qui  se  foment  & 
partir  du  bord  de  fuite,  des  oxtrdmitds  et,  pour 
des  incidences  plus  importantes,  k partir  du  bord 
d'attaque  de  surfaces  portantes  ne  tendent  vers 
des  formes  gdomdtriques  bien  organisdes  et 
stablea  que  pour  des  configurations  particulikres 
de  i'obstacle  et  dans  des  limites  d'incidence  bien 
ddtermindes.  Le  fait,  confirmd  par  des  nombreuse3 
experiences  en  soufflerie  et  en  tunnel  hydrodyna- 
mique,  que  des  nappes  bien  organisdes  pendant  une 
pdriode  limitde  suivant  le  ddmarrage  de  1'dcoule- 
ment  se  ddsorganisent  ensuite  rapidement,  montre 
k l'dvidence  que  1' Evaluation  de  leur  forme  par 
le  calcul  ne  peut  §tre  abordde,  avec  une  certaine 
gdndralitd,  que  si  l'on  dispose  d'une  mdthode  de 
calcul  instationnaire. 


Les  principales  causes  des  instabilitds  de 
nappe  sont,  d’une  part  la  tendance  k 1' amplifica- 
tion de  la  moindre  perturbation  (instabilite  de 
Helmholtz)  qui  est  inhdrente  a toute  surface  de 
discontinuitd  de  Vitesse  et,  d'autre  part  certains 
effets  de  la  viscooite  qui  cependant,  comme  ros 
rdsultats,  obtenus  pour  un  dcoulement  non  vj.squeux, 
semblent  l'indiquer,  joue  dans  la  plu3  grande 
partie  de  1' dcoulement,  un  r8ie  plus  limitd  qu'on 
pourrait  le  penser  au  premier  abord.  Comme  la 
forme  des  nappes,  1' apparition  des  instabilitds 
est  fortement  influenode  par  la  gdomdtrie  de 
I'obstacle  et  par  I'incidence. 


2 - RAPPEL  DES  BASES  THEORIQ.UES  - 

Les  bases  thdoriques  de  la  mdthode  de  calcul 
que  nous  allons  utiliser  sont  exposdes  en  ddtail 


L 
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dans  les  references  [l  ] ou  [2].  Pour  situer  le 
problems  nous  en  reprenons  ici  1'easentiel. 

Nous  considerons  l'eeoulement  d'un  fluide 
incompressible  non  visqueux  que  noun  dccrivons  a 
l'aidc  du  champ  des  vecteurs  tourbillon  to 
definia  par  la  relation  : 

00  * rot  V , Cl) 

V etunt  lc  vocteur  vitesse. 

L'eeoulement  concidere  oat  instationnaire  et 
noun  suivono  son  evolution  en  fonction  du  temps 
a l'aidc  den  variables  de  Lagrange.  L'interC-t 
d'une  lelli.  description  de  l'eeoulement  vient  du 
fait  qu'un  tourbillon  nc;  pout  Gtre  ni  crec  ni 
oetrujt  a l'interieur  d'un  fluide  non  visqueux 
honingem;  (>t  nnt  exclusivcment  produit  sur  lea 
froritioros . Pour  le  calcul  de  Involution  du 
domnino  tourbillonnaire,  il  nuffit  done  do 
suivre  Ion  particulos  tourbillonnuires  emises 
sur  lu  frnntiorc,  la  variation  dans  lc  temp3  du 
vecteur  so  attache  a chacune  d1  olios  slant, 
gou vernco  par  1‘ equation  do  Helmholtz  : 

Ja=(3,v)V.  (2) 

Lc  I)  majuscule  designo  la  deriveo  particulaire 
par  rnpp'  "1.  mi  temps  t..  Pour  simplifier,  nous  ne 
ooiis.id crons  quo  le  car.  d' obstacles  animes  de 
innuvomcnts  dc  translatron  ; 1' equation  (2)  pout 
filers  Giro  considersio  comrae  ecritc  dans  le  repero 
i'1  latlf  lie  ;i  l'obstaclc,  V etunt  la  vitesse 
dans  ce  repero. 

La  vitesse  due  an  chain])  ties  voc tours  tourbil- 
lon  00  el.  a la  presence  d'un  obstacle  de  surface 
!J  dans  l'eeoulement  uriiformo  csf  : 

\7«v.  + (t-)*  + 

45  S gra4  (|)x(n* 'J)d6l  (S) 

avec  n , norn.alc  oxteriouro  a S,  ot  r«  I ?|  , 
valour  absolue  du  rayon  vocteur  separunt  la  parti- 
culo  du  point  de  calcul,  V«,  etunt  en  general  une 
fonction  du  temps.  L1  expression  (3)  pout  $tro 
obtonuo  k partir  de  1' identity  do  Green.  , 

La  methodo  dc  calcul  consists  a suivre  dans 
leur  dcpiacomont  un  nombre  find  de  particulos 
fluidec  emises  a intorvalle:  de  temps  reguliers 
sur  l'obstaclc.  Ceo  particules  ont  chacune  un 
volume  determine  et  peuvent  8tre  caract£ris<5es , 
si  necessaire,  par  leur  point  d' Emission.  A 
chacune  do  cos  particulos  eat  en  outre  attach^ 
un  vocteur  tourbillon  dent  les  valeurs  initialeo 
d ' intonuil e e*  d' orientation  3ont  determines 
par  des  conditions  propres  an  type  de  decollement 
consider^.  Cotume  dd,]a  indiqud,  1' evolution 
ulterieure  des  vecteurs  Co  sera  gouvernee  par 
l'dquation  de  Helmholtz  (2),  discretisee  ici 
sous  forme  d'un  schema  aux  differences.  Dana  les 
premieres  applications  effeetude3  avec  cette 
mdthode  [ 1 ] , [2],  nous  avona  utilise  un  schdma 
precis  au  ler  ordre  en  temps.  Nous  montrons  ici 
de  nouveaux  resultats  obtenus  avec  un  schema  de 
type  prddicteur-correcteur  precis  au  second, 
ordre.  Le  thdorSme  de  Kelvin  qui  exige  qua  la 
circulation  autour  de  chaque  ligne  tourbillon 
reste  inddpendante  du  temps,  thdorSme  respects 
explicitement  dans  les  ra^thodes  de  rdsoau  de 
t,ourbillon3  (par  exemple  [3]),  e3t  respecte  ici 
implicitement  grfice  a la  modification  que  cette 
Equation  fait  subir  a l'intenoite  et  h l'orien- 
tation  du  vecteur  Co  en  fonction  des  disti.rsions 
du  champ  des  vitesses,  qui  lui,  est  donn4  h chaque 
instant  par  l'expresaion  (3)  diserdtisde  sous 
forme  d'une  aomme  sur  toutea  les  intensities  vecto- 


riellos  discretea  £3  emises  dopuis  1' instant 
initial  sur  1' obstacle. 

Hotons  encore  que  toutes  ]os  particules 
emises  par  une  mSmo  source  sont  a chaque 
instant  situeos  sur  unc  l:gne  d' emission  qui, 
aussi  longtompc  quo  l'eeoulement  est  instation- 
naire,  ne  doit  pas  Gtrc  confondue  avec  une  ligne 
tourbillon  ou  une  ligno  do  couranl.  L'intivSt 
do  la  description  d'un  ecouloment  instationnuire 
sous  forme  do  Xignos  d' emission  reside  dar.a  son 
analogic  etroite  avec  les  methodea  couranteo  de 
visualisation  par  emission  de  traceurs. 

La  methodo  de  calcul  utilisee  ne  necesnite 
aucune  hypothese  sur  le  curactere  des  zones  tour- 
billonnaircs  ot  le  fait  qu'il  n'agit  dans  lc  cas 
den  obstacles  traitea  ici  de  surfaces  tourbillon- 
nairco  const! tue  un  resultat  de  calcul. 


3 - ECOULEMENT  INSTATIONNAIRE  AUTOUR  DE  PLAQUES 

MINCES  FORTEMEHT  INCLINEES  - 

Si  nous  nous  bornons  ici  a 1' etude  do 
surfaces  por Unites  minces,  e'est  que  pour  ce  type 
d'obotuclo,  les  lignos  a partir  desquellos  unc 
nappe  tourbillonnaire  se  formora,  sont  cormuos. 

En  of'fot,  not.ro  mode'll  de  calcul  non  visqueux  rio 
nous  poriuot  pas  do  determiner  la  ligno  dc  decolln- 
ment  dans  lo  cas  general.  Dans  le  cas  de  1* obsta- 
cle infinimerit  mince  traite  ici,  cette  ligne  eat 
constitute  par  la  totality  ou  partie  du  bowl 
la  surface  portantc. 


3.1  - Aj.lo  plane  sans 

decollement  au  hard  d'attnquo  -• 

L’nile  rcotnngulaire  plane  constitue  une 
forme  pnrticulieromont  simjile  de  surface  portunte. 
Ha  simplicite  geoinetrique  ot  lc  fait  qu'en  la 
choisissant  do  faible  allongomont  (ici  -/V=  1) 
it  est  possible  do  bion  fairo  rossortir  les 
effets  tridimcnsj.onnclc  et  non  lwtairos  ainsi 
que  d'accelorcr  [5]  la  convergence  do  certains 
cniculs  instationnaires  (si  par  exemple  l’etnt 
stationnairo  est  recherche  en  tant  que  limito 
d'un  calcul  instationnaire) , i'ontfait  choisir 
coiomo  exemple  pur  d'autros  auteurs  [4].  [5],  [6] 
et  nous  permettent  ainsi  de  disposer  de  valeurs 
de  rtftrence. 

Lc  mouvement  de  base  de  nos  oalculs  instation- 
naii’03  est  la  mice  on  mouvement  inotantanee  do 
1'aile  inclinde  dc  1' incidence  0 ( par  rapport 
uu  plan  horizontal. 

C'  mme  deja  precise  plus  haut,  le  modele  de 
calcul  utilise  ntcessite  la  connaissance  de  la 
ligne  de  decollement.  Ncus  avons  besoin  au3Si 
d'un  px-ocede  de  creation  des  vecteurs  toui  illon 
le  long  de  cette  ligne.  Dans  un  premier  temps, 
nous  allons,  arbitrairement,  limiter  la  formation 
de  la  nappe  au  bord  de  fuite  et  aux  exirtmites 
de  It.  plaque.  II  s'agit  lk  d'un  cas  thtorique  k 
signification  physique  limitee,  les  experiences 
en  soufflerie  indiquant  un  dtcollomont  sur  un 
bord  d'attaque  sans  flfeche  m8me  pour  dos  incidences 
moderees.  Ce  schema  simplify e d'tcoulement  nou3 
permet  cependant  de  mieux  preciscr  certains 
effets  de  1' incidence  sur  1' evolution  dans  le 
temps  deo  nappes  to'  rbillonnaires . 

Pour  la  production  des  vecteurs  tourbillon 
nous  avons  choisi  la  condition  de  Joukovskii  : 
on  erfo  des  tourbillons  dits  libres,  c'e3t-a- 
dire,  pouvant  se  deplacer  libroment  avec  l'ecou- 
lement  de  fagon  a empScher  le  contournement  a 
vitesse  infinie  des  bords  infiniment  minces  de  la 
plaque.  Le  ddroulement  satisl’aisant  des  calculs 


apportcra  une  justification  a posteriori  de  la 
validity  do  ce  choix. 

La  nappe  qui  oe-  forme  & partir  du  bord  do 
fuite  ot  cos  oxtremiteo  dc  l'ailc  roctungulairc 
apren  une  miso  en  mouvement  subito  tend  pour 
don  incidences  petiteo  et  moderees  ver3  une 
fornie  statiennaire  bien  organise  dans  tout  le 
domaine  proche  de  l'aile.  Nous  montrons  enbas 
do  la  figure  1,  pour  un  tel  type  d'ecoulement  li 
1' incidence  = 14,5°,  la  projection  dans  un 
plan  vertical  de  quelques  lignes  d' Emission 
calculee3,  a 1' instant  X = 2,8  apres  la  mise 
en  mouvement  ou,  prds  de  l'aile,  l'etat  station- 
naire  est  pratiquement  attaint . Une  visualisation 
au  tunnel  hydrodynamique  do  1 ' ONERA  du  m§me 
phenomene  est  jointe.  Les  grandeurs  de  reference 
pour  le  temps  adiraensionnd  X sont  choisies  telles 
que  pour  t = 1 , l'aile  a paroouru  une  distance 
egale  a sa  corde.  On  constate  que,  comme  dans 
l'experience,  aucune  instability  n'affecte  le3 
lignes  d' emission  sur  lesquelles  les  positions, 
a X =2,8,  des  particules  emises  dopuis  1' ins- 
tant initial  3ont  materialisdes  par  des  points. 

En  donnant  une  mgrae  couleur  aux  particules 
emises  par  un  mSme  point  d'dmission  et  en  variant 
la  tc-inte  d'un  point  d’ emission  a 1' autre,  on 
aurait  1' image  familiere  des  emissions  colorees 
obtenues  au  tunnel  hydrodynamique. 


Les  experiences  executees  en  soufflerie  et 
au  tunnel  hydrodynamique,  montrent  que,  au-dela 
d'une  incidence  limits  dependant  du  nombro  de 
Reynolus,  une  nappe  stationnaire  et  bien  organi- 
ooe  n'exiote  plu/j.  En  effet,  la  nappe  bien  orga- 
nisee  pendant  un  bref  delai  suivant  le  demarrage 
3e  de3organise  er.3uite  ct  le  noyau  tourbillor- 
naire  conotituc  a partir  des  parties  latdrales 
fortomont  enroulees  de  la  nappe  "delate"  h la 
suite  d'effets  visqueux.  Quelques  lignes  d'emis- 
sion  calculdes  correspondant  A un  tel  ca3  d'ccou 
lenient  (incidence  ot.  = 30°)  sont  reprdsentdes 
en  haut  de  la  figure  1 accompagnees,  pour  une 
comparaison  ici  purement  qualitative,  par  une 
visualisation  au  tunnel  hydrodynamique.  Nous 
rolevons  sur  le  rdsultat  de  calcul  une  instabi- 
lity sur  la  ligne  d Emission  issue  du  bord  de 
fuite  et  d'autres  instabilites  sur  les  lignes 
d'ymi33ion  faisant  partie  des  zones  tourbillon- 
naireo  laterale3  de  l'aile. 

La  pr6cision  du  schema  aux  diffdrences  uti- 
lise pour  la  discretisation  de  l'dquation  de 
Helmholtz  peut  avoir  une  influence  sur  1' appari- 
tion ct  la  forme  de  ces  instabilitys . L'examen 
decetoffet  est  abordd  sur  la  figure  suivante 
(fig.  2).  II  s'agit  des  lignes  demission  de  la 
plaque  a l'incidence  CX  = 30°,  a l'instant 
T = 2,8  apres  la  mise  en  mouvement  subito, 


Fig.  1 - Alle  rectangulaire  plane  d'allongement  1.  Effet  de  i" Incidence  sur  Failure  des 
lignes  demission. 


On  oboorvo  qut  , pour  un  schema  precis  h 0 (At)  in 
taiu  ci ' enrou]  omen  l do  la  deuxiemo  ligne  d'ciuiasion 
uini'i  quo  celui  do  la  partie  aval  (tourbillon  do 
demurrage)  do  la  ligne  famine  nu  bord  do  fuite  sont 
faibles.  L' allure  dr;  cos  courbes  rossemble  aux 
rosultatn  obtenUB  par  los  methodcs  do  rdseau  do 
t.ourbillons  [3],  [4].  ^''utilisation  d'un  schema 
precis  a 0 ( it1  ) augmente  oonsiderablemont  lo 
tuux  d ' onroulcment  ot  on  so  rap’,; rooho  aveo  cos 
rdsultats  des  images  obsorveea  en  tunnel  hydrody- 
namique.  Nolona  ccpcndant  quo  lo  passage  d'un 
schema  nuinerique  h 1* autre  n'a  l’ieri  change  d'essen- 
ticl  a x' ecoulcmont  calcule.  On  retrouvo  los 
mGmos  instabililds  t oparaissant  dans  lea  mfimes 
domaine:;  do  l'ecoulement,  Dana  lo  can  du  schdnia 
0 ( AT4),  la  disorganisation  du  domaine  lateral 
:’.o  nmduit,  sane,  signe  annonciatour,  oubitement 
u environ  line  cordo  dorriere  l'n.ilo.  Dans  le  can 
du  schema  0 ( At),  la  disorganisation  oat  progrea— 
uivo,  mirtout  pour  la  ligno  d' emission  issue  du 
vouainago  du  coin  ament,  main  duns  la  m6mo  zone 
quo  pour  1' example  precedent,  l'ecoulement  est 
do  nouvoau  totalement  desorganiai.  A notcr  egale- 
mont  quo  mime  l'instabiliti  so  produisant  aur 
la  ligno  emiae  au  bord  de  fuite  apparalt,  ldge- 
remont  decalee  dans  l'espaco,  pour  lea  deux 
schemas.  On  en  conclut  quo  1 ' influence  de  la 


precision  du  schema  aux  differences  so  limite  aux 
details  giomitr’iquos  dos  lignes  d' emission  main 
n'affecte  par;  l'offot  global  do  la  forte  inci- 
dence qui  est  la  disorganisation  de  la  nappe. 

Quant  au  phenomfeno  de  la  formation  d'un 
noyau  tourbilionnairo  ot  do  1' eclut  ;mcnt  de 
celui-ci,  des  quo  1' incidence  atteint  une 
certaine  importance,  nous  l'abordons  sur  la 
figure  3-  On  y observe  1' evolution  do  la  contrac- 
tion do  la  zone  tourbilionnairo  luterale  en 
fonction  du  temps  ( T = 2,4  et  T = 2,8).  Cette 
zone  tourbilionnairo,  loin  encore  do  conntituer  un 
noyau  tourbillonnaire  compact  avec  predominance 
dea  of feta  vioqueux,  se  prisente  ici  commo  un 
domaine  fluide  a intensiti  tourbilionnairo  forte 
main  bien  organisie  et  done  parfaitoment  acceasi- 
blc  A notre  models  de  calcul  non  visqueux.  L'ana- 
lyse  los  visualisations  do  nappes  obtenues  a 
l'aide  do  traccurs  particuliiroment  fins  ot  done 
peu  ooumis  aux  forces  d' inertia,  tola  quo  den  bullc 
d' hydrogene  iinises  par  une  electrode  noyee  dans  les 
bord3  d'attaquo  [7],  [s],  scmblo  par  lees  r.ombroux 
tours  de  npirale  qu'olle  permot  de  dicoler,  confir- 
mer dans  une  large  rnesure  cco  rioultata  nume- 
riques . 


Fig.  2 - Aik  rectangulaire  plane  d'allongement  I.  Influence  de  la  precision  du  schema  aux 
differences  sur  les  lignes  d'emission. 


Fig.  3 - Alle  rectangulaire  plane  d'allongement  7.  Evolution  de  la  zone  tourbillonnaire  lateralc. 
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llou;'.  cons  talons  que  si  au  depart  le  fort 
tnux  d 1 onroulement  oemble  contribuer  a la  bonne 
organisation  du  dorauine  tourbillonnaii’o  (voir 
figure  precedent  lo  schema  precis  a 0 (At)  ou  lc 
taux  d ' enroulemcnt  cat  faiblo  ot  oil  cetto  bonne 
organisation  n ' ex is  to  pas),  unc  fois  uno  certaine 
position  aval  atteinte,  cot  clement  stnbilisnteur 
s'avero  insuff isunt  ct,  prcoquo  sans  transition, 
l'ecoulement  at.  desorganiso.  II  eat  intdreooant 
o' observer  que  la  contraction  du  domaino  tourbil- 
lonnaire  oil  la  ddoorganisation  so  produit,  uug- 
mento  avoc  lc  temps. 

Dec  result  a ts  presenter,  pour  l'ailo  rect.an- 
gulaire  sons  ddcollomont  au  bord  d'attaque  on 
peut  deduiro  quo  les  calculs,  bien  qu'obtenus  a 
l'aide  d'un  modelo  numerique  non  viaqueux, 
semblent  donner  une  indication  au  moins  qualita- 
tive do  la  tendance  a I'dclatement  du  "noyau"  et 
a l'inntabilite  de  la  nappo  se  produisant  aux 
fortes  incidences  en  ecouloment  reel . Lea  raisons 
exactes  de  oette  concordance  entre  dcoulement 
reel  ct  models  numerique  ne  sont  pas  encore 
connues.  lious  pouvons  envisager  de  l'expliquer  par 
un  effet  de  viscosite  numerique  due  a la  discreti- 
sation auquel  peut  s'ajouter  l'effet  des  mouve- 
monts  aleatoirus  des  particular!  fluides  chargdes 
d'un  vecteur  tourbillon  (interpretation  donnee 
par  A.J.  CHORIN  [9]  en  ecouleraent  bidimensionnel). 
En  effet,  de  petites  perturbations  aleatoires 
affectant  le3  traject.oires  des  particuler  sont 
presentes  dans  tout  calcul  numdrique  en  raison  des 
erreurs  de  troncaturo. 

L' evolution  dans  le  temp3  du  coefficient  de 
force  normale  de  l'aile  rectangulaire  plane 
d ' allongement  1 a 1' incidence  « = 30°,  aprfes  la 
raise  on  mouvement  subite,  est  donnee  sur  la 
figure  4.  En  tant  que  reference  nous  indiquor.s  en 
trait  plein  un  rdsultat  obtenu  par 
!3.M.  Bolotserkovakii  et  alt.,  par  une  methode  de 
reseau  de  tourbillona  [4l. 


Quant  aux  resultats  obtenus  par  la  prdsente 
methode,  nous  indiquons  d'une  part  ceux  obtenus 
u l'aide  du  schema  prdcis  a 0 (At)  qui  se 
caracterise  par  une  concentration  tourbil] onnaire 
faiblo  dans  les  regions  lateraleo  et  d' autre  part 
ceux  obtenus  avec  le  schema  precis  a 0 (At1). 


Co  dernier  preoonte  ur.o  concentration  tcurbillon- 
nairo  beaucoup  plus  import  inter  dans  ]c  domainc 
lateral.  La  valour  limito  vors  laquollo  tend  1,.. 
coefficient  do  force  normale  est,  h 1 ' incidence 
elevec  trait.ee  ici,  uno  valour  moyonno  dans  lc 
temps  et  non  une  vtlcur  statlonviaire  qui,  une 

nappe  statlonnaire  n1 existent  pas,  n'aurait 
pas  dc  signification  physique.  Les  resultats  du 
schema  dc  premier  ordro  tendent  vers  la  valour 
limito  indiquee  dans  la  reference  [4],  ceux  du 
schema  du  second  ordre  tondent  ''ers  uno  valour 
limito  environ  6 $ plus  petite.  La  raison  de 
cotto  difference  oat  a chercher  dans  l1 influence 
do  la  modification  do  la  zone  tourbillonnaire 
latdrnle  our  la  valeur  de  la  depression  situee 
sur  l’extrados  de  l'aile  ainsi  q; . sur  la  posi- 
tion et  i'etendue  de  cetto  zone  depres3ionnaire. 


3.2  - Aile  rectangulaire  jolane  avec 

decolIement~au  Bord  3Taittaque  - 

Dans  le  cas  de  l'ecoulement  reel,  la  forma- 
tion de  la  nappe  ne  res to  pas,  et  ceci  m§me  pour 
des  incidences  moderns,  limitee  au  bord  de 
fuite  et  aux  extremites  mais  s'etend  egalement 
aubord  d'attaque  sans  fleche  de  l'aile  rectan- 
gulaire. Une  approche  numerique  de  ce  phenomfene 
a ddja  dtd  faite  a l'aide  d'une  methode  de 
reseau  de  tourbillons  par  S.H,  Belotserkovskii 
et  ses  collaborateurs  [4].  Dans  ce  qui  suit, 
nous  donnerons  lec  resultats  obtenus  pour  ce 
type  d'ecoulement  a l'aide  du  schema  do  tourbil- 
lons ponctucls  deerit  plus  haut. 

L' experience  en  ecoulement  reel  ainsi  que 
loo  resultats  de  la  reference  [4]  moil  trout  quo, 
plus  encore  que  les  parties  de  la  nappe  emisos 
lateralement  et  au  bord  do  fuito,  la  nuppe  qui 
se  forme  sur  un  bord  d'attaque  Bans  fleche  11'a 
une  existence  sous  forme  bien  organises  que 
pour  use  duroe  troa  limitee.  Pou  apron  lo 
demarrage  do  l'ecoulement  oette  partie  do  la 
nappe  ce  decompose  sur  la  plus  gra  ide  pur  tie 
de  soi  otesdue.  Si  1 ' incidence  est  dlevc'e,  colic 
decunipu.iii.io  . a une  grande  influence  sur 
1' evolution  des  valeuro  aorody.iumiquen  . L' etude 
numerique  de  ce  type  do  docollement  necesnite 
done  eosentiellemeiit  une  methode  de  calcul  isola- 
tion,:aire. 


a = 30° 


Fig.  4 — Alle  rectangulaire  plane  d'allongement  1.  Evolution  de  la  force  normale  au  court,  d’une 
mne  en  mouvement  subite. 


Controiromor.t  aux  nappes  dmir.cn  au  bord  do 
fuito  ot  aux  oxtrdinitds  d'ailos  a faiblc  flocho 
ou  aux  nappoa  dmises  au  bord  d'attaque  d'ailou 
■a  forte  fleche,  lea  nappes  qui  ac  formant  a 
parlir  d'un  bord  d’attnquo  a faiblo  fleche 
a onil) ] out  duor.  a dor.  phenomenon  virquoux  uont 
1 ' offet.  no  pout  plur,  6tro  consider'”  rommr  local. 
Pair  cotto  reiuon,  la  production  do:>  tcurbillons 
or.t.  oortainement  mal  approchde  par  uno  condition 
locale  t.olle  quo  la  condition  do  Joukovskii  quo, 
a defaut  d’un  module  numdriquo  plun  satisfaisnnt, 
noun  continuous  a utiliscr.  Uric  part i o dcs  diffi- 
cult dr,  ct.  certains:;  anomalies  duns  los  result. ats 
(los  ligner.  d’  emission  calculdos  so  placont  on 
moyonne  plus  pros  de  la  plaque  quo  colics  de 
1 1 dcoulement  reel)  pouvent  certainemont  ire 
attribudon  au  caractdre  tree,  particulicr  de  cetto 
condition  qui  concentre  l’offet  de  viscositd  .cur 
uno  ligno  la  oil,  en  fluido  reel,  son  influence 
eoncorne  tout  un  domaine  do  1' dcoulomerit  (forma- 
tion d'un  bulbe). 

La  figure  5 mor.tro,  projetd  dans  un  plan 
vorti :al  (on  haut)  ot  dans  le  plan  di  la  plaque 
(on  bas,  on  y indiquo  cgaloment  1c  decoupago 
dc  la  plaque  on  facottos)  quelqucs  lignes  d' emis- 
sion dans  le  cas  de  1' dcoulement  avee  formation 
do  nappe  au  bord  d'attaque  au  moment  ff  =0,5 
(schema  0 ( At  ) ) ■ La  deaorganisatiori  du  systomc 
tourbillonnaire  sc  produit,  pour  ce  nalcul, 
vers  r = 1 . Cos  rdrultat.s  do  calcul  oor,t  aecompa- 
gnes,  pour  une  coinj  .raison  qualitative,  par  deux 


visual  isiil.xeas  des  Ijgnos  d' , mi i.,,n  off.-eUi-'-,-: 
au  tunnel  liydrodynamique  de  I'OliRRA,  la  nr-. ini.,'  : 
peu  apron  1"  ddmari'ape  dc  1' dooulom'-nt  (en  bar. 
gauche),  la  seconds  quelqurr.  instants,. lur.  t.ard 
(en  haut  :i  droite)  ?t  un  moment  o'i  lr.  nappe  est 
ddja  dans  son  ensemble  desorganisdo. 


La  ddr.orgnni  nation  de  In  p-n-lie  de  la  nappe 
issue  du  herd  d ’at  tuque  a,  aux  grande;-  incidence:, 
un  effet  tree  important  .iur  ses  parties  se 
formant  plus  on  aval  et.  sur  1’ evolution  do.-, 
valours  adrodynamiqu"::.  AI-m-s  quo  dans  le  car.  <1*  s 
najiper.  se  formant  aux  extrdinitdr.  -t  nu  In  rd  de 
l'uite  lor.  perturliations  apparaissent  pi-  s en  aval 
ot  r 1 dloignont  avee  lo  oourarit  inl'luant  ainsi  pou 
le  domains  amont,  lor.  perturbations  lidos  au  den- 
loment  de  bord  d'attaque  ddferlont.  tout  le  long  -1 
la  surface  portarito  pour  p.  rturber  ennui  to  lor. 
parties  do  nappes  formdes  on  aval.  Dn  fait  du 
caraetere  nleatoiro  do  la  ddsorganisation,  los 
rdsultats  sent  fortoment  marques  dans  lour  evolu- 
tion oar  de  l'aibles  dcarts  des  paramotres  do 
calcul  tcls  quo  pan  on  temps,  position  des  points 
d'  emission  etc  ...  ot  aunsi  par  des  details  intd- 
reosant  le  debit  tourbillonnaire.  Noun  on 
donnonn  commc  example  une  comparaison  entre  un 
rdcultat  relev-'  dans  la  reference  [4]  ot  un 
calcul  offeetud  a l'aide  dc  la  presonte  mdthode 
(schema  0 (At)).  II  s'agit  de  1' evolution  du 
coefficient  de  force  normale  apron  mine  on 
mouvnmont  subite  d'une  ailo  rectangulaire 
d 'allongemcnt  1,5,  inclinde  do  50°. 


Fig.  5 - A He  rectanguloire  plane  d'allongement  I.  Formation 
d'une  nappe  au  bord  d'attaque. 
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Fig.  6 - Ailc  rectangulaire  plane  d'allongement  1,5.  Evolution  de  la  force  normale  au  cours  d'une 
mise  eri  mouvement  subite. 


A droitc  do  la  figure  (fig.  6)  sont  indiquccj 
leu  valeurs  C H do  la  plaque  avoc  et  sane  decollo- 
ment  au  dord  d'attaquo  atteintoa  aux  grandes 
valours  do  T [4].  Dane,  le  eau  uana  decolloment 
au  bord  d'attuque,  il  s'agit  d'une  valeur 
calculbe,  danu  le  oaa  ovcc  ddcolloment  d'une 
valeur  oxpbrimcntale.  On  constato  quo 
l'appuriiion  d'uno  nappe  au  bord  d'attaquo 
conduit  a uric  traportan te  diminution  do  lu  portance. 
Quant  a la  forme  aouu  laquelle  le  CN  obtenu  par 
Ion  deux  mblhodos  tend  vorn  la  valour  limito,  olle 
eut  Iron  diffcrento  d'une  method':  a i'autre. 
l>a  courbo  don  CN  denude  dans  la  rdf  ere.  ice  [4] 
pour  l'ailo  avoc  decolloment  au  bord  d'attaquo 
null  d'nbord,  jusqu'a  X •»?.,  l'evolution  quo 
noun  oblenonu  pour  1'  eooulemcnt  nanrj  decolloment 
(’t,  out  onnuite  auivi  d'uno  forte  chute  do 
portance  outvie  d’ oscillations . L'oxaraen  do  co 
renultat  donne  l'impreusion  quo  lo  decolloment 
au  bord  d'attaquo  n'interviont  qu'un  certain 
tempu  apron  la  mine  on  muuvcmcnt.  Lu  reference 
eitee  no  domic  uucuno  precision  a co  oujot. 

Danu  le  cadre  do  lu  presents  mdthode  nous 
imnuuo.nn  lo  ddcolloment.  don  le  moment  initial,  co 
qui  on  train  o din  cot  inritunt  une  baisso  do  portan- 
ce.  La  courbo  du  CN  suit  onnuite  a peu  pres 
parallolement  la  courbo  du  CH  nano  ddcolloment 


Pour  respecter  lo  caraetbre  particulior  do 
1 ' obstacle,  e'est-u-dire  sa  conicite  dans  lo 
domaino  de  l'apex,  lo  decoupage  do  na  surface 
(voir  figure  7)  a bte  offectue  de  faqon  a mainto- 
nir  constant  lo  rapport  longuour/largeur  dou 
facottcn  doublets.  L'cndrolt  ou  ont  liou  Ion 
omissions  a etc  fixe  on  conudquonno.  Dann  lo 
cudrc  do  la  prdnonto  methode  cola  cot  aisdmont 
realisable  on  raison  do  1 ' independence  du 
mbcaniume  do  creation  don  tourbillonn  (fonction 
de  la  discretisation  do  1' obstacle)  ot  do  la 
propagation  du  domaino  tourbillonnairo  au  noin 
uu  fluidc. 


pour  accuser  don  Tsj0,8  uno  chute  nuivie 
d'oucillations  autour  de  la  valour  limito  pour 
grands  T . 

.'3i  co  tie  comparaison  de  deux  methoden  do 
ealeui  appliqueou  au  mSmc  problems  instationr.aire 
montro  bien  le  mSme  caractbro  qualitatif  du 
phbiiombnc  do  dechirement  do  la  nappe  aux  grandes 
incidences,  son  aspect  quarititalif  cut  inoins 
satisfaisant  ot  fait  surhoul  roooortir  quo  3eule 
uno  oonnainaanco  precise  do  tous  les  parambirc3 
de  calcul  permettraii  eventuellement  d'obtenir 
dea  resultato  comparables. 


Fig.  7 - A He  delta  plane  d’allongement  1.  Lignes  d' Emission. 


3.3  - Ailc  delta  plane  d'all jngoment  1- 

L'ailo  infiniment  mince  (surface  portante) 
inelinbe  do  30°  par  rapport  au  plan  horizontal 
uubit.  a 1' instant  initial  T = 0 une  mine  en 
mouveinor. t ins tantanee . Ce  cas  a etc  traite  h 
l'aido  d'une  methode  de  reseau  de  tourbillons 
nar  3.M.  Belulserkcvskii  [a],  et  a l'aido  de 
la  prbsente  methode,  avec  un  schema  precis  a 
0 (at)  dans  la  reference  [2].Ici  nous  rapporte- 
rons  les  rbsultato  obtonus  a l'aido  du  schema 
omeliore  precis  a 0 ( AT*). 


La  figure  7 montro,  a l'instant  T = 1,  la 
projection  dans  le  plan  de  l'ailo  de  deux  ligno3 
d' emission,  toutes  le3  deux  emioes  prbs  de  l'apex. 
Noun  conotatons  quo  grfice  au  decoupage  partioulier 
do  la  surface  portante  dberit  plus  haut  et  au 
schema  de  discretisation  plus  precis  de  1' equa- 
tion do  Helmholtz  (0  (At*))  ces  deux  filets 
s'enroulent  finement  l'un  autour  de  I’autre.  On 
approche  1'bcoulement  rbol  (visualisation  cffec- 
tuee  uu  tunnel  hydrodynamique  de  l'ONERA)  quo 
nous  donnons  a litre  indioatif  et  qui  montre,  on 
outre,  trbs  nettement  1 ' eclat eme nt  brutal  du 
noyau  qui  so  produit  b 1' incidence  elevee  de  30° 
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quo  noun  I'iudionu.  Commo  pour  I'aii'-  r*otnn/:u- 
lairo,  la  tondnne.  du  noyau  h 1 ' oclaiecient  ncrnbl*- 
indiquoo  par  In  calcul  noun  forme*  d’uno  rapid** 
ddnorg.'uuuation  dr»u  lignon  d 1 eminniun . Kn  amont 
do  ool.to  Bono  porturbee  par  r*onlmf  la  nappe 
incut*  lei  d'un  hard  d'attaqu**  a fleche  Iron 
important**,  mont.ro  uno  romurqUahl*  utabiliU*  et 
uno  grande  inuonnibilite  aux  variation:!  do*;  para- 
mo Iron  de  calcul  indiquant  par  la  quo  la  condition 
do  Joukovuki  L,  utilineo  pour  lo  calcul  du  dob  it 
tnurbillonnairo,  conutituo  ici  uno  approchn 
com'* etc:  don  phenomenon  vinquoux  locaux. 

L' evolution  dun:*,  lo  tempi;  du  coefficient  do 
force  normal**  donneo  nur  ia  figure  r.uivanto 
(fig.  ft)  montro  d'unc  part  quo  la  lou'-rganiuatj  on 
den  nappon  deforlant  ennui  to  par  donnun  la  uurfaoe 
portanto  do  raanior**  aldntoiro,  rond  la  comparaiuon 
uantitativo  avoo  d'autreu  mothodon  de  calcul 
ici  rooultat  de  la  reference  [4  1 d'ou  nuuu  avoni; 
dgalemont  tiro  la  valour  experimental*:  du  CMpour 
T — 00  ) toujourn  iron  delicate,  cl  d' autre  part 
quo  1'  utilisation  du  uohdma  precin  h 0 ( AT*) 
noun  '•loigno  des  valours  do  la  reference  [ 4 ] ot 
den  vuloura  quo  noun  avona  ob tenues  avoc  lo 
schema  molars  precis  O(AT)  (voir  rdforonco  [2]). 


Fig,  8 - A lie  delta  plane  d'allongement  I.  Evolution  de  la  force 
normale  au  cours  d’une  mlse  en  mouvement  sublte. 


4 - CONCLUSION  - 

L' etude  do  la  mine  on  mouvement  subito  do  deux 
configurations  gdomdtriquea  simples,  uno  ailo 
roctangulaire  piano  d'allongement  1 ot  une  aile 
delta  piano  du  mAme  allongement,  a perrnis  do 
raontrer  quo  dt>3  nappes  tourbillonnaireo  bion  orgu- 
niseos  ct  tendant  vers  une  forme  0 tationnsire 
n'oxiotont  que  pour  des  incidences  raoderdes  ct 
sont.  limit  don  u certainea  formes  gdometriques  de 
1* obstacle.  Ce  phdnomotie  dO  principalement  a des 
off^tu  viaqueux  oot  connu  par  le3  experiences  en 
uoufflorie  et  on  tunnel  hydrodynamique  Qu'll 
puisne  Stre  uborde  a l'aide  do  modeler;  numdriquea 
non  viaqueux  ([4]  ct  la  prdaente  mdtliodo),  dtonne, 
main  peut  s'expliquer  par  un  effet  do  vincosite 
numeriquo  dfl  a la  discretisation  et,  dans  une 
moindre  meauro,  aux  potitea  perturbations  alea- 
toirea  auxqunllen  sont  noumisoa,  en  raison  des 
orreura  do  troricature,  lea  trajectoirea  den 
particuleo  fluiden  chargdo.j  d'un  vecteur  tourbil- 
lon. 

Nous  avona  egalement  pu  remarquor  que  la  ou 
lea  nappea  nont  produitea  par  den  nffeta  viaqueux 
locaux  bion  pria  on  compte  par  iu  condition  de 
Joukovskii  (extremitds  ot  bord  de  fuite  de  la 
plaque  rectangulaire,  bord  d'attaque  & forte 
fleche  et  bord  do  fuite  de  l'uilo  delta),  lu 


nualitf  dost  r.V.ultuts  os*  supi'ri  1 u;v  "t  plus, 
.■u.vnu'iif  ropiv-ductiblc  par  d»'s  mf’thodi'S  de  calcul 
d j f f I'rent.c:;  qm-  l?i  ..u  erf.- Is  viaqueux 
a'l't.nlent  ::ur  tout  un  domain.'  fliiido  et  cent,  do 
ce  fait,  mnl  pria  "n  compte  par  La  condition  J" 
Joukovakii  quo,  a dofaut  d'un  moillour  lamiMc 
numeriquo,  nous  continuous  d'utili::er  (herd 
d'attaquo  nun:;  fleche  de  ia  plaque  reoiangulaire) , 

L'ul.iliantiori  d'un  schema  precis  a 1'  ordro 
At*  pour  la  di  iwr/'tirirt  tion  dc*  1 * «'quat  i i»r»  do 
Helnfiol t.si,  unur.  modifi*  r 1 1 »*n::«*n t iol  don  reuul- 
tatu,  pormot  d'nbt.enir  d **r.  »*nroulom(»n ta  do  nappo 
t ro:i  prononeea  la  ou,  dan:;  1 1 dcuulemcnt  reel,  uo 
furmont  1 • * : ? noynux  tourbillonnairon.  Lo  t.aux  dc 
contraction  calcul*'  de  con  dumninca  r?n L important 
ct  donno  lieu  a dnjj  son'*:;  l.ourbillonnair*,,n  h forte 
int'*nnitc  naru:  qu*il  unit  nrconnairo  d<?  rocourir 
h un  modal**  nujn«'riquf>  stimulant  la  viucoai  to . Celui- 
ci  u ' impose ru  h ut.  :» tad*1  ultcriour,  qui  n’^ot  pao 
abordc  ici,  pour  la  constitution  d'un  noyar  plu:; 
compact  ot  pout  fitro  onvinago  par  un  nchonui 
d’ amalgamation  tol  quo  colui  propone*  par  D. W. Moore 
Ll0]  **n  ecoulnm>*nt  bidimenoionnol . Copendant v la 
miao  au  point  d’mi  toi  achcmu  cn  ccoulomcnt 
tridimcnnionncl  out  >f,aucoup  moinu  intuitive  ot 
pone  un  certain  nombre  do  problemea. 

Teuton  Ion  vinualinationn  d'dcuulemont  figu- 
rant dann  (*ctte  otudo  ont  dtd  obtonueu  au  tunnel 
hydrodynamique  do  l’ONBRA  par  h.  WERLB  ot  M. GALLON. 
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ON  THE  VORTEX  FORMATION  OVER  A SLENDER  WING  AT  LARGE  ANGLES  OF  INCIDENCE 

by 
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Bienroder  Weg  3 
D-3300  Braunschweig 
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SUMMARY 


An  experimental  study  of  the  flow  field  around  an  A = 1 delta  wing  at  an  angle  of 
attack  of  a = 20.5°  is  presented.  The  free  vortex  sheets  generated  at  the  wing  leading- 
edges  roll  up  into  the  well  known  leading-edge  vortices  which  are  accompanied  by  some 
secondary  vortices  at  the  wing  surface  as  a result  of  boundary -layer  separations.  The 
effect  of  Reynoldsnumber  on  the  formation  of  the  secondary  vortex  is  studied  in  detail. 
Boundary-layer  measurements  have  been  carried  out  for  laminar  and  turbulent  boundary 
layers  and  the  bound  vortex  lines  in  the  lifting  surface  have  been  determined  for  both 
cases.  The  free  vortex  sheet  originating  from  the  wing  trailing-edge  rolls  up  into  a 
concentrated  trailing  vortex  the  rotation  of  which  is  opposite  to  that  of  the  leading- 
edge  vortex.  The  flow  field  has  been  measured  in  four  planes  perpendicular  to  the  free 
stream  direction  and  located  in  different  positions  downstream  of  the  wing  trailing- 
edge.  The  magnitude  and  the  direction  of  the  local  velocity  vector  have  been  deter- 
mined by  means  of  a 5-holes-probe.  The  results  are  given  for  each  plane  by  lines  of 
constant  total  pressure,  static  pressure,  dynamic  pressure  and  by  a presentation  of 
the  local  flow  directions.  The  interference  between  leading-edge  vortex,  secondary 
vortex  and  trailing-edge  vortex  is  studied  in  detail.  The  positions  of  the  vortex 
sheets  and  of  all  concentrated  vortices  in  relation  to  the  wing  are  given  quantitati- 
vely. They  are  now  available  for  comparisons  with  results  of  numerical  calculations. 

LIST  OF  SYMBOLS 


Geometric  parameters 


x,y,z 

x,y,z 

A = b?/S 
b 

c(x) 

c 

d 

S 

s = b/2 
s>,(x) 


Rectangular  wing-fixed  coordinates, origin  at  wing  apex  according  to  Fig. 2 

Rectangular  aerodynamic  coordinates,  x - axis  parallel  to  the  free 
stream,  origin  at  the  wing  trailing-edge  according  to  Figs. 12  to  15 

Dimensionless  aerodynamic  coordinates  (£  « x/s,  P » y/s,  ( - z/s)  accor- 
ding to  Figs. 12  to  15 

Aspect  ratio  of  the  wing 

Wing  span 

Local  wing  chord 

Mean  aerodynamic  chord 

Maximum  wing  thickness 

Wing  area 

Wing  half  span 

Local  half  span 


Aerodynamic  parameters 


9 

v 

a 


CD  “ D/<5ooS 
CL  * L/%oS 
CM  = M/c>ooSc 

g 

cg  - (s  - PooVqoo 

q 

Cq  = ^oo 
P 

cp  " <P  ~ Poo  )/<5co 
Re  - V^/v 


Density 

Kinematic  viscosity 

Angle  of  incidence  (angle  between  the  free  stream  direction 
and  the  plane  z « 0) 

Drag  coefficient 
Lift  coefficient 

Pitching  moment  coef f icient , ref erence  point  N^  (see  Fig. 2), 
nose  up  positiv 

Total  pressure 

Total  pressure  coefficient 

Dynamic  pressure 

Dynamic  pressure  coefficient 

Static  pressure 

Static  pressure  coefficient 

Reynolds  number 

Free  stream  velocity 

Local  velocity  vector 


1 5-2 


u,v,w 

k 

Subscripts 


Components  of  v in  the  aerodynamic  coordinate  system 
Component  of  "v  in  planes  x ■ const.  (v-g  “ + ^ 

Components  of  v in  the  wing-fixed  coordinate  system 

Vorticity  vector  in  the  lifting  surface  z = 0 according  to  eau.(3) 


i Inner  section  of  the  wing  (at  y = 0) 

l Lower  surface  of  the  wing 

u Upper  surface  of  the  wing 

co  Free  stream  conditions 


1.  INTRODUCTION 


At  moderate  and  large  angles  of  incidence  the  flow  separates  from  the  sharp  leading- 
edges  of  slender  wings.  These  flow  separations  usually  take  the  foim  of  two  free  vor- 
tex layers  joined  to  the  leading-edges  of  the  wing  and  rolling  up  to  form  spiral  shaped 
primary  vortices  above  the  upper  surface  of  the  wing  as  sketched  in  Fig.1  .The  vor- 
tices over  the  wing  induce  additional  velocities  at  the  upper  surface  of  the  wing.  The 
corresponding  pressure  distribution  which  is  also  drawn  in  Fig.1  shows  distinctly  marked 
minima  beneath  the  vortex  axes.  Accordingly  an  additional  lift  force  occurs  which  de- 
pends non- linearly  on  the  angle  of  incidence.  Due  to  the  leading-edge  vortices  the  flow 
at  the  wing  surface  is  directed  outwards.  The  steep  pressure  gradient  between  the  mini- 
mum of  pressure  and  the  leading-edge  causes  flow  separation  which  usually  takes  the 
form  of  a small  secondary  vortex.  At  the  upper  surface  of  the  wing  this  secondary  vor- 
tex induces  additional  velocities.  The  corresponding  modification  of  the  pressure  dis- 
tribution is  indicated  in  Fig. lb  by  hatching. 

This  vortex  formation  is  well  known  since  a long  time.  The  first  experiments  on  slen- 
der wings  are  due  to  H.  Winter  [1] . The  physics  of  the  vortex  formation  have  been  stu- 
died mainly  on  delta  wings.  There  exists  a very  large  number  of  papers  on  this  subject, 
for  instance  by  P.T.  Fink  [2],  D.J.  Marsden,  R.W.  Simpson,  W.J.  Rainbird  [j] , N.C.  Lam- 
bourne,  D.W.  Bryer  [4],  D.H.  Peckham  C53 , P.B.  Earnshaw,  J.A.  Lawford  [6,73,  D.  Hummel 
and  G.  Redeker  [8,9,10]  and  many  others.  The  influence  of  Reynolds  nun  her  on  the  vortex 
formation  over  a delta  wing  has  been  described  by  D.  Hummel  C8] . The  various  reviews 
published  from  time  to  time  for  instance  by  D.  Klichemann  [11,12],  J.H.B.  Smith  Cl 5 J 
and  D.J.  Peake  [14]  show,  that  the  basic  flow  over  an  inclined  delta  wing  is  regarded 
as  well  understood  and  that  there  was  no  need  for  further  investigations  in  the  last 
ten  years. 

From  the  vei'y  beginning  of  the  exploration  of  the  flow  over  slender  wings  at  large 
angles  of  incidence  the  experimental  work  has  been  accompanied  by  theoretical  investi- 
gations. The  measurements  of  H.  Winter  [1]  were  followed  by  the  very  early  nonlinear 
theory  for  rectangular  wings  of  W.  Bollay  [15]  . The  basic  idea  that  the  free  vortex 
lines  leave  the  wing  outside  the  wing  plane  has  been  taken  up  by  K.  Gersten  [16] in  his 
nonlinear  theory  for  slender  wings  with  arbitrary  planform  shape.  Later  the  leading-edge 
suction  analogy  of  E.C.  Polhamus  [17J  and  some  extensions  by  J.E.  Lamar  [18J  appeared 
for  the  calculation  of  the  nonlinear  aerodynamic  characteristics  of  wings  with  pointed 
tips  and  side  edges.  By  these  methods [16,17,18]  the  overall  characteristics  of  slender 
wings  can  be  calculated  with  remarkable  accuracy,  but  the  details  of  the  flow  are  not 
correct  and  the  pressure  distribution  cannot  be  predicted. 

More  realistic  representations  of  the  physics  of  the  vortex  formation  have  been  used 
in  the  single  line  vortex  approaches  of  R.  Legendre  [19]  and  C.E.  Brown,  W.H.  Michael 
[20]  and  in  the  vortex  sheet  method  of  K.W.  Mangier,  J.H.B.  Smith  [21]  and  in  the  im- 
proved calculations  of  J.H.B.  Smith  [22].  In  all  these  methods  the  assumptions  of  slen- 
der body  theory  are  used.  This  means  that  in  the  case  of  a slender  delta  wing  the  flow 
is  conical.  The  vortex  sheet  model  gives  reasonably  reliable  predictions  of  the  shape, 
position  and  strength  of  the  leading-edge  vortex  over  a flat  plate  delta  wing.  The  lift 
on  the  forward  part  of  the  wing  is  also  well  predicted,  but  the  pressure  distributions 
in  this  part  of  the  wing  show  some  discrepancies  between  experiment  and  theory  which  are 
due  to  the  fact  that  theory  does  not  take  into  account  any  secondary  separation,  a defect 
shared  by  all  theories  so  far. 

The  experimental  investigations  of  the  flow  over  delta  wings,  for  instance  by  D.J. 
Marsden,  R.W.  Simpson,  W.J.  Rainbird  [5J  and  D.  Hummel  [9,10],  have  shown  that  the 
flow  is  non-conical.  Therefore  conical  flow  theories  cannot  be  applied  to  the  rearward 
parts  of  slender  wings  as  pointed  out  by  D.  Klichemann  [259.  In  the  last  years  several 
attempts  have  been  made  to  calculate  the  non-conical  flow  and  to  fulfil  the  Kutta-con- 
dition  at  the  wing  trai ling-edge.  Recently  a review  has  been  given  by  J.H.B.  Smith  [243 . 
Non-conical  single  line  vortex  methods  are  due  to  R.K,  Nangia,  G.J.  Hancock  [25]  and 
T.K.  Matoi,  F.E.  Covert,  S.E.  Widnall  [26].  Multiple  line  vortex  methods  have  been  de- 
velopped  by  C.  Rehbach  [27]  and  O.A.  Kandil,  D.T„  Mook,  A.H.  Nayfeh  [28],  Finally  at 
Boeing  P.E.  Rubbert  and  collaborators  [29,30,31]  have  applied  a higher  order  panel, 
method  - which  is  actually  a vortex  sheet  method  - to  calculate  the  non-conical  flow 
field  including  the  shape  of  the  vortex  sheet  as  well  as  the  pressure  distribution  on 
the  wing  surface.  During  these  calculations  numerical  difficulties  appeared  in  the  vi- 
cinity of  the  trai ling-edge  in  the  flow  region  between  the  trailing  vertex  sheet  and  the 
leading-edge  vortex.  The  theoretical  results  for  the  shape  of  the  vortex  sheet  in  this 
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region  seem  to  be  doubtful  but  a comparison  with  experimental  results  is  not  possible 
since  no  measurements  do  exist. 

It  is  the  purpose  of  this  paper  to  provide  experimental  data  on  the  shape  of  the 
vortex  sheet  in  the  region  close  to  the  trailing-edge  behind  a slender  delta  wing.  For 
comparisons  with  theoretical  approaches  all  other  interesting  experimental  data  of  the 
investigated  flow  are  added  as  complete  as  they  are  available  at  the  present  time. 

2.  EXPERIMENTAL  SET-UP  AK'i)  PROGRAM 


2.1  Wind-tunnel  model 


The  measurements  have  been  carried  out  on  a sharp-edged  delta  wing  of  aspect  ratio 
A - 1 the  geometry  of  which  is  shown  in  Fig. 2 . The  wing  has  a flat  surface  and  e 
narrow  triangular  cross  section.  The  model  is  conical  with  respect  to  the  wing  apex  as 
well  as  with  respect  to  the  wing  tips.  The  maximum  relative  thickness  is  d/c.  - 0.021 
at  x/c.  - 0.9.  On  both  sides  of  the  model  pressure  tubes  are  embedded  in  the  surface 
and  the  holes  for  the  pressure  measurements  are  drilled  on  lines  x » const,  (see  sections 
a to  q in  Fig. 2) 

2.2  Description  of  the  tests 

Alt  tests  have  been  carried  out  in  the  1,3  m wind-tunnel  of  the  Institut  fUr  StrS- 
mungsmechanik  at  the  Technische  Universitat  Braunschweig. 

2.2.1  Balance  measurements 


Comprehensive  six-component  balance  measurements  have  been  carried  out  cn  this  model. 
The  results  have  been  published  by  D.  Hummel  [323,  D.  Hummel,  P.S.  Srinivaoan  [353  and 
D.  Hummel,  G.  Redeker  [343  in  connexion  with  investigations  on  vortex  breakdown.  In 
these  tests  the  flat  surface  has  been  used  as  the  upper  surface  of  the  wing. 

2.2.2  Pressure  distributions 


The  pressure  distribution  has  been  measured  for  a large  number  of  free  stream  con- 
ditions. The  angle  of  incidence  and  the  angle  of  sideslip  have  been  varied  at  a fixed 
Reynolds  number  of  Re  « 2.10  . Some  of  these  pressure  distributions  have  been  published 
in  connexion  with  investigations  on  vortex  breakdown  in  [8,9,323. 


2.2.3  Surface  oilflow  patterns 

The  boundary  layers  on  the  upper  and  lower  surface  of  the  wing  have  been  studied  by 
means  of  oilflow  patterns.  For  this  purpose  the  wing  surface  was  covered  by  a thin  leaf 
of  black  synthetics  which  was  painted  by  a mixture  of  a luminiumoxide -powder  and  petro- 
leum and  benzine  (ratio  of  components:  1 g aluminium-oxide  : 3 cm^  petroleum  : 1 cm'1 
benzine)  and  exposed  to  the  flow  for  about  half  a minute.  Oilflow  patterns  of  this  kind 
have  been  published  in  connexion  with  boundary  layer  investigations  for  fixed  angle  of 
incidence  and  different  Reynolds  numbers  in  [8,9,103  end  in  relation  to  investigations 
on  vortex  breakdown  for  fixed  angle  of  incidence  and  different  angles  of  sideslip  in  [83 . 


2.2.4  Boundary  layer  measurements 

Investigations  of  the  boundary  layerB  on  the  upper  and  lower  surface  of  the  wing 
have  been  carried  out  at  an  angle  of  incidence  of  a » 20.5°.  This  special  value  has 
been  chosen  since  theoretical  results  after  the  method  of  J.H.B.  Smith  [223  are  avail- 
able for  an  A > 1 delta  wing  at  this  angle  of  incidence.  The  velocity  distribution  in 
the  three-dimensional  boundary- layer  has  been  determined  by  measuring  the  surface  pres- 
sure distribution  through  the  pressure  holes  at  the  wall  as  well  as  by  measuring  the 
distribution  of  the  total  pressure  and  of  the  flow  direction  in  planes  parallel  to  the 
surface  within  the  boundary  layer  at  different  distances  from  the  wall  by  means  of  a 
3-holes  probe.  In  these  boundary -layer  measurements  the  flat  surface  of  the  model  was 
used  as  upper  side  and  as  lower  side.  This  means  that  the  small  camber  of  the  wing  has 
been  neglected  in  these  teste.  The  boundary  layer  measurements  have  been  carried  out 
for  two  flow  conditions: 

i)  laminar  boundary  layers.  The  Reynolds  number  was  chosen  as  Re  » 9.10^.  In 
this  case  the  boundary  layers  were  laminar  on  both  sides  of  the  wing.  Some 
results  of  these  boundary- layer  measurements  have  been  published  by  J.C. 

Cooke  [353 . 

ii)  Turbulent  boundary  layers.  The  Reynolds  number  was  again  Re  » 9.10^  but  arti- 
ficially  turbulent  boundary  layers  have  been  produced  at  the  upper  surface 
by  means  of  turbulence  generators.  For  this  purpose  wires,  having  a rela- 
tive diameter  of  D/s  » 0.0053,  were  fixed  to  the  wing  surface  at  y/s.(x)  - 
iO.5.  The  boundary  layer  at  the  lower  surface  was  still  laminar. 


In  both  cases  the  velocity  vectors  at  the  outer  edge  of  the  boundary  layer  on  the 
upper  and  lower  surface 
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have  been  determined.  The  vector  difference  between  upper  and  lower  surface  is 
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Av  = (uu  - U^i  + (vu  - vv)T 

Av  ‘ iu  i t iv  j (p) 

and  the  vorticity  vector  in  the  lifting  surface  which  is  perpendicular  to  this  vector 
difference  turns  out  as 

k = kyi  + kyT 

k = -Av  i + Au  X • (5) 

These  vorticity  vectors  have  been  determined  from  the  measurements  and  some  experimen- 
tal bound  vortex  lines  have  been  evaluated  by  numerical  integration  [9, '10].  In  both 
cases  for  the  outer  edge  of  the  boundary  layer  those  points  have  been  taken  where  the 
total  pressure  coefficient  was  c = 0.99.  Near  the  leading-edge  of  the  wing  the  secon- 
dary vortex  has  been  regarded  asga  phenomenon  belonging  to  the  boundary  layer.  There- 
fore in  this  region  the  outer  edge  of  the  "boundary  layer"  was  situated  above  the  secon- 
dary vortex. 

2.2.5  Flow  field  measurements 

In  these  tests  the  wing  was  fixed  at  an  angle  of  incidence  of  a * 20.5°,  the  flat 
surface  of  the  model  being  used  as  upper  side.  The  Reynolds  number  was  Re  - 2.10  , In 
this  case  the  boundary  layers  were  mainly  turbulent  on  the  upper  side  [8]  and  mainly 
laminar  on  the  lower  side  of  the  wing. 

The  flow  field  behind  the  trailing  edge  of  the  wing  has  been  measured  in  four  planes 
perpendicular  to  the  free  stream  velocity  at  the  stations 

l - x/s  * 0.080/0.267/0.533/1.066. 

In  these  planes  the  magnitude  and  the  direction  of  the  local  velocity  vector  v has  been 
determined  by  means  of  a conical  5-ho les-probe . The  axis  of  the  cone  could  be  adjusted 
parallel  to  the  local  flow  direction  and  in  thiB  position  total  pressure , static  pres- 
sure and  two  flow  angles  have  been  measured.  From  these  data  lines  of  constant  coeffi- 
cients of  total  pressure,  static  pressure  and  dynamic  pressure  have  been  evaluated  and 
the  velocity  vector  has  been  split  up  into  the  component  v-  perpendicular  to  the  y/z- 

plane  and  into  the  competent  v — in  the  y/2-plane.  x 

ym 

3.  RFSUITS 

3.1  Three-component  measurements 

The  results  of  the  three-component  measurements  are  shown  in  Fig. 3.  The  nonlinear 
force  and  moment  characteristics  are  well  known.  At  high  angles  of  incidence  vortex 
breakdown  occurs  in  the  vortices.  According  to  D.  Hummel  and  P.S.  Srinivasan  [32,33] 
the  breakdown  point  crosses  the  trailing-edge  of  the  wing  at  a « 29°.  At  larger  angles 
of  incidence  lift  and  nose-down  pitching  moment  decrease  and  the  slope  of  drag  dc./du 
becomes  smaller.  The  reasons  for  this  behaviour  are  discussed  in  C32J  and  [33] . u 

The  results  plotted  in  Fig.  3 have  been  obtained  for  Re  > 2.106.  Similar  tests  have 
been  carried  out  for  other  Reynolds  numbers.  In  the  whole  region  covered 

0.6*106  2 Re  3 2.0x106 

no  influence  of  Reynolds  number  on  the  overall  characteristics  of  the  wing  has  been 
found.  This  does  not  mean  that  there  are  no  Reynolds  number  effects  in  details  but  if 
one  is  interested  only  in  forces  and  moments  on  a slender  sharp-edged  wing  the  Reynolds 
number  is  not  an  important  parameter. 

3.2  Vortex  formation  over  the  wing  in  the  case  of  laminar  boundary -layer  separation 

Detailed  flow  studies  have  been  carried  out  at  an  angle  of  incidence  of  a » 20.5° 
since  for  this  specie1,  value  the  pressure  distribution  has  been  calculated  by  J.H.B. 

Smith  [22].  The  Reynolds  number  was  Re  « 0.9*10  . In  this  case  the  boundary  layers  at 
the  lower  surface  as  well  as  in  the  unseparated  parts  of  the  upper  surface  of  the  wing 
were  laminar  19] . 

3.2.1  Pressure  distribution 

The  pressure  distribution  measured  at  a = 20.5°  and  Re  = 0.9*106  in  four  sections  on 
both  sides  of  the  wing  is  shown  in  Fig. 4 . It  turns  out  that  the  flow  is  markedly  non- 
conical  on  the  upper  and  lower  surface.  The  experimental  results  are  compared  with  re- 
sults of  the  conical  flow  theory  of  J.H.B.  Smith  C22J . Only  in  the  forward  part  of  the 
wing  the  real  flow  is  nearly  conical  but  reasonable  values  for  the  pressure  coefficient 
are  predicted  by  the  conical  flow  theory  only  in  the  inner  part  of  the  wing.  The  value 
for  the  minimum  pressure  and  the  slope  of  the  pressure  distribution  in  the  region  between 
the  suction  peak  and  the  leading-edge  differ  very  much  between  theory  and  experiment. 

This  is  due  to  the  fact  that  the  secondary  separation  has  not  seen  taken  into  account  in 
the  theory.  Slender  body  theory  after  R.T.  Jones  [36] , which  is  also  drawn  icr  compari- 
son, leads  to  unacceptable  results  even  for  the  lower  surface  since  the  separation  of  the 
flow  is  not  at  all  taken  into  account. 
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3.2.2  Qilflow  patterns 

The  oilflow  patterns  taken  for  a = 20.5°  and  Re  ■ 0.9x106  are  shown  in  Fig. o . The 
lower  side  boundary  layer  is  completely  laminar  and  this  applies  also  for  the  upper 
surface  in  the  region  between  the  secondary  separation  lines.  On  the  upper  surface  the 
flow  separates  at  y/s.(x)  « ±0.67.  This  position  is  very  close  to  the  suction  peak  ac- 
cording to  Fig. 4 corresponding  to  the  point  of  inflexion  of  the  wall  streamlines  in 
Fig. 5.  In  the  case  of  the  separation  of  a laminar  boundary  layer  the  secondary  separation 
starts  at  great  distance  from  the  leading-edge  and  leads  to  a relatively  large  and  strong 
secondary  vortex.  A detailed  analysis  [9]  by  comparing  Figs. 4 and  5 led  to  the  under- 
standing that  in  this  case  also  tertiary  separations  underneath  the  secondary  vortex 
are  present. 

Finally  it  is  remarkable  that  the  flow  at  the  wing  surfaces  turns  out  to  be  conical 
whereas  the  pressure  distribution  according  to  Fig.  4 is  non-conical.  This  leads  to  the 
conclusion  that  the  deviations  from  a conical  flow  are  mainly  due  to  a nonlinear  slope 
of  the  height  of  the  leading-edge  vortices  over  the  upper  surface  of  the  wing. 

3.2.3  Bound  vortex  lines 


Some  results  of  the  measurements  of  the  three-dimensional  laminar  boundary -layers 
on  the  present  wing  at  a ■t/20.5°  and  Re  - 0.9x10°  have  been  published  by  J.C.  Cooke 
[35]  . These  results  are  ndt  discussed  in  detail  here  but  it  must  be  mentioned  that  the 
velocity  profiles  cf  ths/three-dimensional  laminar  boundary  layer  are  skewed  up  to  25°. 
This  means  that  it  is  hot  possible  to  conclude  from  oilflow  patterns  - which  show  the 
local  direction  of  the  wall  shear  stress  - to  the  flow  direction  at  the  outer  edge  of 
the  boundary  layer. 

The  velocity  vectors  at  the  outer  edges  of  the  upper  and  lower  surface  boundary 
layers  have  been  determined  from  the  boundary -layer  measurements.  The  result  has  been 
published  in  [9]  . From  the  vector  difference  between  upper  and  lower  surface  the  vor- 
ticity  vectors  have  been  evaluated  according  to  equ.(3).  The  result  is  shown  in  Fig. 6. 

In  the  right-hand  side  of  this  figure  the  vorticity  vectors  determined  from  the  measure- 
ments are  drawn.  In  all  sections  x « const,  the  vorticity  increases  from  the  wing  center 
line  outwards.  In  the  region  beneath  the  axis  of  the  leading-edge  vortex  a maximum  of 
vorticity  is  reached.  The  field  of  vorticity  vectors  characterizes  the  Bhape  of  the 
bound  vortex  lines  since  the  vorticity  vector  is  tangential  to  the  bound  vortex  lines. 
Large  vorticity  at  a certain  station  indicates  that  the  bound  vortex  lines  lie  very 
close  together  there. 

The  bound  vortex  lines  have  been  calculated  for  the  present  case  by  J.H.B.  Smith  [22] . 
Some  of  them  are  drawn  on  the  right-hand  side  of  Fig. 6.  For  a better  comparison  some 
bound  vortex  lines  have  been  evaluated  from  the  measurements  by  integration.  The  result 
is  plotted  in  the  left-hand  side  of  Fig. 6.  In  the  forward  part  of  the  wing  there  is  a 
good  agreement  between  theory  and  experiment  apart  from  the  deviations  in  the  region  of 
the  secondary  vortex.  In  the  rearward  parts  of  the  wing  large  differences  between  coni- 
cal flow  theory  and  experiments  occur  which  correspond  to  the  results  for  the  pressure 
distribution.  The  poor  results  according  to  slender  body  theory  after  R.T.  Jones  [36] 
are  due  to  the  fact  that  this  attached  flow  theory  leads  to  the  wrong  sign  for  the  v- 
component  at  the  upper  surface  of  the  wing. 

From  the  slope  of  the  bound  vortex  lines  in  the  lifting  surface  some  qualitative 
conclusions  on  the  flow  downstream  of  the  trailing-edge  of  the  wing  can  be  drawn.  The 
vorticity  vectors  close  to  the  trailing-edge  indicate  that  behind  the  wing  trailing 
vortices  should  occur  the  rotation  of  which  is  opposite  to  that  of  the  leading-edge 
vortex.  This  conclusion  coincides  with  observations  originally  published  by  B.J.  Elle, 
J.P.  Jones  [37J. 

3.3  Vortex  formation  over  the  wing  in  the  case  of  turbulent  boundary -layer  separation 

The  flow  studies  et  an  angle  of  incidence  of  a - 20.5°  have  been  repeated  using  ar- 
tificially turbulent  boundary  layers  as  described  :in  section  2.2.4.  The  Reynolds  number 
was  again  Re  = 0.9x10°  but  in  this  case  the  boundary  layers  on  the  suction  side  were 
turbulent  in  the  regions  y/s^  (x) 5 ±0 . 5 CIO]  . 

3.3.1  Pressure  distribution 


The  pressure  distribution  measured  in  four  sections  on  both  sides  of  the  wing  is 
plotted  in  Fig. 7.  The  flow  is  again  markedly  non-conical.  Compared  with  the  pressure 
distribution  for  laminar  boundary  layers  according  to  Fig. 4 much  higher  suction  peaks 
are  reached  and  the  position  of  the  minima  is  more  outwards  in  the  turbulent  case.  The 
relative  pressure  minima  in  the  region  of  the  secondary  vortex  are  much  lower  than  in 
the  laminar  case.  The  integral  over  the  pressure  distribution,  however,  is  about  the 
same  for  both  pressure  distributions.  Therefore  the  overall  characteristics  of  slender 
delta  wings  are  independent  of  Reynolds  number  though  marked  differences  in  the  pres- 
sure distribution  may  be  present  for  different  Reynolds  numbers. 

In  the  forward  part  of  the  wing  the  experimental  results  are  in  good  agreement  with 
the  conical  flow  theory  of  J.H.B.  Smith  [223.  The  position  of  the  suction  peak  j.s  well 
predicted  by  the  theory.  The  measured  magnitude  of  the  suction  peak  is  lower  than  pre- 
dicted by  the  theory  but  if  the  additional  low  pressures  measured  in  the  region  of  the 
secondary  vortex  are  taken  into  account  the  lift  of  the  front  part  of  the  wing  is  again 


well  predicted  by  the  theory. 

3.3.2  Oilflow  pattern 

In  the  present  case  the  oilflow  pattern  of  the  lower  side  of  the  wing  is  the  same  as 
shown  in  Fig, 5a.  The  oilflow  pattern  of  the  upper  side  is  given  in  Fig. 8.  In  comparison 
with  Fig. 5b  the  artificially  ttirbulent  boundary  layer  iB  longer  attached.  The  secondary 
separation  occurs  at  y/s,.(x;  « +0.8.  The  distance  between  the  secondary  separation  line 
and  the  leading-edge  is  Small.  In  the  case  of  a separating  turbulent  boundary  layer  the 
secondary  vortex  is  small  and  weak. 

From  the  present  investigations  the  iollowing  conclusions  on  the  effect  of  a secon- 
dary vortex  on  the  flow  field  of  the  leading-edge  vortex  can  be  drawn.  Starting  point 
may  be  a potential  flow  theory  of  the  leading-edge  separation  without  any  consideration 
of  a secondary  vortex, which  leads  to  a pressure  distribution  with  a suction  peak  on  the 
upper  surface  as  calculated  for  instance  by  J.H.B.  Smith  [22 3.  In  real  flow  a secondary 
vortex  occurs  and  its  effect  on  the  flow  field  is  twofold: 

i)  Displacement  effect.  The  boundary  layer  displacement  thickness  is  increased 
very  much  in  the  region  of  the  secondary  vortex  if  this  vortex  is  regarded 
as  belonging  to  the  boundary  layer.  The  displacement  effect  on  the  flow  field 
is  a dislocation  of  the  axis  of  the  leading-edge  vortex  upwards  and  inwards. 

For  constant  circulation  of  the  leading-edge  vortex  the  upward  shift  of  its 
axis  leads  to  a reduction  of  the  suction  peak  on  the  upper  surface  of  the  wing. 

ii)  Vorticity  effect.  The  formation  of  a concentrated  secondary  vortex  leads  to 
additional  velocities  at  the  wing  surface  in  its  vicinity.  Therefore  in  the 
neighbourhood  of  the  secondary  vortex  suction  is  increased  locally. 

Both  effects  cancel  with  respect  to  the  lift  of  a section  x * const..  For  smaller  se- 
condary vortices  (separation  of  a turbulent  boundary  layer)  the  main  effect  is  the  re- 
duction of  the  suction  peak  accompanied  by  a slight  increase  of  suction  in  the  secon- 
dary vortex  region.  For  large  secondary  vortices  (separation  of  a laminar  boundary 
layer)  these  effects  are  enlarged  and  In  addition  the  inward  shift  of  the  axis  of  the 
leading-edge  vortex  is  more  distinctly  marked. 

These  results  indicate  that  for  comparisons  with  a potential  flow  theory  without  any 
secondary  separations, experiments  should  be  used  in  which  the  boundary  layers  were  tur- 
bulent. In  this  case  it  can  be  expected  that  the  positions  of  the  suction  peak  coincide 
and  only  slight  differences  occur  between  theory  and  experiment  with  respect  to  the 
magnitude  of  the  suction  peak  and  the  slope  of  the  pressure  distribution  in  the  region 
of  the  secondary  vortex. 

3.3.3  Bound  vortex  lines 


The  vorticity  vectors  and  the  bound  vortex  lines  have  been  determined  from  the  measure- 
ments of  the  turbulent  boundary  layers  too.  The  result  is  shown  in  Fig.Q.  It  is  very 
similar  to  that  for  laminar  boundary  layers  in  Fig. 6.  A detailed  analysis  [10]  has  shown 
that  the  experimental  results  for  turbulent  boundary  layers  are  slightly  closer  to  the 
nonlinear  theory  of  J.H.B.  Smith  [22]  than  those  for  laminar  boundary  layers. 

The  vorticity  vectors  in  the  vicinity  of  the  wing  trailing-edge  indicate  that  trai- 
ling vortices  should  occur  the  rotation  of  which  ie  opposite  to  that  of  the  leading- 
edge  vortex.  In  the  vicinity  of  the  trailing-edge  exist  remarkable  differences  between 
the  laminar  and  turbulent  boundary  layer  results.  In  the  case  of  laminar  boundary  layers 
according  to  Fig. 6 the  vorticity  level  at  the  trailing-edge  is  much  higher  than  in  the 
case  of  turbulent  boundary  layers.  Therefore  it  must  be  expected  that  the  rolling  up  of 
the  trailing  vortex  sheet  will  also  be  different  for  both  cases. 

3.4  Vortex  formation  behind  the  wing  in  the  case  of  turbulent  boundary  layers  at  the 
trailing-edge 

3.4.1  Qualitative  results 

The  slope  of  the  bound  vortex  lines  in  the  vicinity  of  the  wing  trailing-edge  indi- 
cates that  free  vortices  should  occur  the  rotation  of  which  is  opposite  to  that  of  the 
leading-edge  vortex.  A schematic  view  of  the  flow  field,  based  on  water-tunnel  investi- 
gations, has  been  given  by  B.J.  File,  J.P.  Jones  C37]  and  D.  Hummel,  G.  Redeker  [10]  . 

It  is  shown  in  Fig. 10a.  Similar  shapes  of  the  free  vortex  sheet  have  been  suggested  by 
R.L.  Maltby  and  published  by  D.  KUchemann  [12]  and  J.H.B.  Smith  [24] . 

Flow  studies  in  a water-tunnel  [10]  have  shown  that  a concentrated  trailing  vortex 
is  formed  downstream  of  the  wing  trailing-edge.  Its  origin  at  the  wing  lies  in  the  re- 
gion where  the  secondary  vortex  reaches  the  trailing-edge  of  the  wing  and  its  rotation 
has  the  same  sense  as  that  of  the  secondary  vortex.  However,  it  has  been  made  sure  by 
D.  Hummel,  G.  Redeker  [101  that  the  concentrated  trailing  vortex  and  the  secondary 
vortex  are  two  separate  vortices.  Their  interference  is  still  unknown. 

The  counter-rotating  trailing  vortex  leads  to  a very  heterogenious  downwash  field 
behind  the  wing.  D.  KUchemann  [23J  has  pointed  out  that  this  might  be  the  reason  for 
the  relatively  high  induced  drag  of  slender  wings. 
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3.4.2  Status  of  the  boundary  layers  on  the  wing 

The  investigations  of  the  flow  field  behind  the  Ag»  1 delta  wing  at  a = 20.5°  have 
been  carried  out  at  a Reynolds  number  of  Re  = 2.0x10°.  The  oilflow  patterns  of  both 
sides  of  the  wing  for  these  conditions  are  shown  in  Fig. 'll . The  lower  surface  boundary 
layer  is  laminar  up  to  the  flat  ridge  near  the  trai ling-edge  of  the  wing.  At  the  ridge 
transition  takes  place  and  at  the  trailing-edge  an  attached  turbulent  boundary  layer 
is  present.  At  the  upper  surface  a natural  transition  from  laminar  to  turbulent  boun- 
dary layer  flow  takes  place  at  x./c.  * 0-43  corresponding  to  a transition  Reynolds 
number  of  v " 

Ret  - - 0.86X106. 

This  value  is  in  good  agreement  with  the  relation  Refc(a)  given  by  D.  Hummel  [83 . The 
change  of  the  structure  of  the  boundary  layer  leads  to  the  well  known  outwards  shift 
of  the  secondary  separation  line  which  is  distinctly  marked  in  Fig. 11b.  At  the  trailing- 
edge  a turbulent  boundary  layer  is  present.  The  flow  is  attached  in  the  inner  region 
and  secondary  separation  is  observed  at  y/s  = ±0.83. 

These  results  mean  that  the  investigations  on  the  vortex  formation  behind  the  wing 
have  been  carried  out  for  the  case  of  a small  and  weak  secondary  vortex  as  well  as  for 
relatively  weak  counter-rotating  trailing  vorticity. 

3.4.3  Formation  of  a concentrated  trailing  vortex 

The  total  pressure  contours  in  four  planes  downstream  of  the  wing  are  shown  in  Fig. 12. 
As  the  starting  point  the  corresponding  results  of  boundary  layer  measurements  at  the 
trailing-edge  ( E;  ■ 0)  are  added.  The  attached  boundary  layers  in  the  inner  region  of 
the  trailing-edge  as  well  as  the  secondary  vortex  marked  by  increased  total  pressure 
losses  in  the  outer  region  on  the  upper  surface  of  the  wing  are  clearly  indicated.  The 
position  of  the  secondary  separation  line  at  y/s  = 0.83  coincides  with  the  oilflow 
pattern  according  to  Fig. 11b. 

In  all  four  planes  behind  the  wing  the  vortex  sheet  is  marked  by  a relative  minimum 
and  the  center  of  the  leading-edge  vortex  by  the  absolute  minimum  of  total  pressure.  A 
short  distance  downstream  of  the  trailing-edge  (g  » 0.08)  the  trailing  vortex  sheet  is 
distinctly  warped  at  about  p ■ 0.7.  In  the  next  plane  (g  - 0.267)  downstream  this  effect 
has  increased.  It  is  an  open  question  whether  or  not  a small  concentrated  vortex  is  al- 
ready present  at  this  station.  In  the  two  planes  further  downstream  (g  « 0.533  and  g » 
1.066)  a concentrated  trailing  vortex  has  been  found.  The  total  pressure  losses  increase 
very  much  towards  the  center  of  this  trailing  vortex.  The  shape  of  the  trailing  vortex 
sheet  which  forms  the  concentrated  trailing  vortex  and  which  is  connected  with  the  vor- 
tex sheet  originating  from  the  leading-edge  is  clearly  indicated  by  relative  minima  of 
the  total  pressure. 

The  origin  of  the  concentrated  trailing  vortex  at  the  wing  trailing-edge  lies  at 
about  p » 0.7.  In  comparison  with  Fig. 9 this  is  exactly  the  region  wh  re  the  largest 
vorticity  vectors  in  the  lifting  surface  have  been  determined.  Downstream  of  the  wing 
the  position  of  maximum  warp  of  the  vortex  sheet  and  later  of  the  center  of  the  con- 
centrated trailing  vortex  moves  outwards  and  upwards.  This  motion  is  due  to  the  fact, 
that  the  concentrated  trailing  vortex  is  embedded  in  the  flow  field  of  the  dominant 
leading-edge  vortex  which  induces  velocities  at  the  trailing  vortex  which  lead  to  a 
helical  path  of  the  trailing  vortex  around  the  leading-edge  vortex. 

The  dynamic  pressure  contours  in  the  four  planes  downstream  of  the  wing  are  shown  in 
Fig. 13.  The  center  of  the  leading-edge  vortex  is  characterized  by  large  values  of  the 
dynamic  pressure  and  the  vortex  sheets  are  marked  by  a relative  minimum  of  the  dynamic 
pressure.  In  the  region  below  the  warped  trailing  vortex  sheet  relatively  large  values 
of  the  dynamic  pressure  have  been  obtained.  This  might  be  due  to  the  fact  that  the 
counter-rotating  trailing  vorticity  vectors  are  directed  outwards  in  this  region  and 
thus  induce  positive  perturbation  velocities  beneath  the  vortex  sheet.  During  the  pro- 
cess of  the  formation  of  the  concentrated  trailing  vortex  the  regions  of  high  dynamic 
pressure  are  always  located  between  the  rolling-up  vortex  sheet  and  the  center  of  the 
concentrated  vortex. 

The  static  pressure  contours  in  the  four  planes  downstream  of  the  wing  are  shown  in 
Fig. 14.  The  axis  of  the  leading-edge  vortex  is  marked  by  an  extremely  high  suction  peak. 
Close  to  the  wing  the  pressure  field  is  symmetrical  with  respect  to  a rotation  around 
the  vortex  center  with  the  exception  of  a slight  increase  of  suction  towards  the  region 
where  the  trailing  vortex  sheet  warps  (g  » 0.08).  At  the  very  beginning  of  a concen- 
trated trailing  vortex  (g  ■ 0.267)  a relative  pressure  minimum  is  formed.  This  minimum 
marks  the  center  of  the  concentrated  trailing  vortex.  It  moves  outwards  and  upwards 
with  increasing  distance  behind  the  trailing-edge  of  the  wing  (g  - 0.533  and  g - 1.066). 

Finally  the  components  of  the  local  velocity  vectors  in  the  yz-planes  are  shown  in 
Fig. 15 . The  leading-edge  vortex  with  increasing  velocities  towards  its  center  as  well 
as  the  concentrated  trailing  vortex,  having  the  opposite  sense  of  rotation,  are  clearly 
indicated.  The  vortex  sheets  have  to  be  tangential  with  the  local  flow  direction.  The 
cross-flow  components  which  appear  in  Fig. 15  at  the  vortex  sheets  are  due  to  the  fact 
that  the  vortex  sheets  are  not  perpendicular  to  the  y2-p lanes.  In  order  to  verify  the 
tangential  flow  condition  the  component  v^/V  has  to  be  added  perpendicular  to  the 
yz-planes  and  the  resulting  local  velocity  vector  f is  then  tangential  with  the  vortex 
sheet.  Far  away  from  the  origin  y ■ z - 0 the  arrows  tend  to  zero,  since  the  free  stream 
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velocity  V has  no  component  in  the  yz-planes.  In  all  planes  5 = const,  the  value  zero 
is  approached  rapidly  at  low  £ and  high  p since  in  this  region  the  perturbation  velo- 
cities induced  by  the  whole  vortex  system  cancel  largely. 

3.4.4  Slope  of  thu  secondary  vortex  behind  the  wing 

In  the  total  pressure  contours  according  to  Pig. 12  the  secondary  vortex  is  indicated 
by  large  total  pressure  losses  on  the  upper  surface  in  the  outer  region,  y/ s > 0.83, 
of  the  trailing-edge  (5=0). 

In  the  plane  5 = 0.08  the  same  total  pressure  losses  are  found  in  the  corn'er  between 
the  leading-edge  vortex  sheet  and  the  trailing-edge  vortex  sheet.  This  indicates  that 
the  secondary  vortex  is  located  far  away  from  the  origin  of  the  trailing  vortex.  In  the 
dynamic  pressure  contours  of  Fig. 13  the  secondary  vortex  is  characterized  by  very  low 
values  of  the  dynamic  pressure.  In  the  static  pressure  contours  according  to  Pig. 14  no 
noteworthy  pressure  minimum  is  observed  in  the  region  of  the  secondary  vortex.  From 
Figs. 13  and  14  it  seems  doubtful  whether  the  secondary  separation  region  has  any  longer 
a vortex  type  structure.  It  must  be  borne  in  mind  that  at  the  trailing-edge  shedding 
of  some  vorticity  into  the  secondary  vortex  has  ceased  and  that  this  secondary  vortex 
is  now  absorbed  by  viscous  effects.  A rotatory  motion  is  not  distinctly  marked  in  the 
flow  field  at  5 = 0.08  in  Fig. 15. 

Further  downstream  in  the  planes  5 • 0.267,  0.533  and  1.066  the  total  pressure  con- 
tours in  Fig. 12  show  that  the  total  pressure  losses  originating  from  the  secondary 
vortex  run  into  the  losses  of  the  vortex  sheet.-  The  area  of  losses  is  no  longer  thickened 
at  the  upper  surface  of  the  vortex  sheet.  The  vorticity  of  the  secondary  vortex  seems  to 
be  absorbed  by  the  vortex  sheet,  the  only  effect  being  large  total  pressure  losses  there. 
The  sequence  of  planes  in  Fig. 12  shows  clearly  that  the  remains  of  the  secondary  vortex 
roll  irto  the  trailing  vortex.  The  same  can  be  deduced  from  the  movement  of  the  dynamic 
pressure  losses  according  to  Fig.13. 

3.4.3  Final  remarks 


From  the  present  investigations  the  schematic  view  of  the  vortex  formation  behind 
a slender  wing  as  shown  in  Fig. 10a  has  to  be  corrected  slightly.  The  result  is  drawn 
in  Fig. 10b.  Compared  with  Fig. 10a  there  are  two  differences.  Firstly,  the  formation 
of  'fcne  concentrated  trailing  vortex  starts  much  more  inboard  than  suggested  so  far. 
Secondly,  the  secondary  vortex  can  be  added.  This  vortex  decays  very  rapidly  and  its 
remains  roll  up  into  the  trailing  vortex. 

The  present  investigations  have  been  carried  out  for  turbulent  boundary  layers  at 
the  trailing-edge  of  the  wing.  This  means  that  the  formation  of  a weak  trailing  vortex 
and  the  decay  of  a small  secondary  vortex  have  been  observed.  In  the  case  of  laminar 
boundary  layers  at  the  trailing-edge  the  formation  of  a stronger  trailing  vortex  and 
the  decay  of  a larger  secondary  vortex  should  occur.  For  these  conditions  even  larger 
effects  must  be  expected.  An  experimental  investigation  of  this  kind  is  in  progress. 

4.  CONCLUSIONS 

A survey  on  experimental  investigations  on  an  A » 1 delta  wing  is  given.  The  flow 
field  has  been  studied  in  detail  for  an  angle  of  incidence  of  a = 20.5°.  The  free  vor- 
tex sheets  generated  at  the  leading-edges  of  the  wing  roll  up  into  the  well  known  lea- 
ding-edge vortices  which  are  accompanied  by  a pair  of  secondary  vortices  at  the  wing 
surface  as  a result  of  boundary  layer  separations. 

The  flow  at  the  wing  has  been  studied  by  means  of  pressure  distribution  measurements 
and  by  visualization'  of  the  flow  at  the  surface  of  the  wing  using  the  oilflow  technique. 
These  experiments  have  been  carried  out  for  laminar  and  turbulent  boundary  layers.  In 
both  cases  the  flow  field  was  non-conical.  The  presence  of  a secondary  vortex  has  two 
main  effects  on  the  flow  field:  Firstly,  there  exists  a displacement  effect  by  which 
the  center  of  the  leading-edge  vortex  is  shifted  inwards  and  upwards,  corresponding  to 
an  inward  movement  and  a reduction  of  the  suction  peak  of  the  pressure  distribution. 
Secondly,  there  exists  a vorticity  effect,  which  increases  suction  in  '.he  region  of  the 
secondary  vortex.  The  two  effects  are  small  for  turbulent  boundary  layers  and  large  for 
laminar  boundary  layers,  since  turbulent  boundary  layers  stay  longer  attached  and  form 
a small  secondary  vortex  whereas  laminar  boundary  layers  separate  early  and  lead  to  a 
large  secondary  vortex. 

For  laminar  and  turbulent  boundary  layers  the  bound  vortex  lines  in  the  lifting  sur- 
face have  been  determined  from  the  experiments.  In  both  cases  in  the  front  part  of  the 
wing  the  agreement  with  the  nonlinear  conical  flow  theory  of  J.H.B.  Smith  [22] is  good. 

In  the  rear  part  of  the  wing  the  flow  is  non-conical.  At  the  trailing-edge  of  the  wing 
free  vortices  are  shed  the  rotation  of  which  is  opposite  to  that  of  the  leading-edge 
vortex.  For  laminar  boundary  layers  the  vorticity  of  these  trailing  vortices  is  larger 
than  in  the  case  of  turbulent  boundary  layers  at  the  trailing-edge. 

The  flow  downstream  of  the  wing  trailing-edge  has  been  studied  by  measuring  the  flow 
field  in  four  planes  perpendicular  to  the  free  stream  for  the  case  of  turbulent  boun- 
dary layers  at  the  trailing-edge.  The  formation  of  a concentrated  trailing  vortex  is 
described  the  rotation  of  which  is  opposite  to  that  of  the  leading  edge  vortex.  The 
trailing  vortex  starts  at  about  70°/o  of  the  semispan  and  moves  downstream  on  a helical 
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path  around  the  leading-edge  vortex.  At  the  center  of  the  trailing  vortex  high  veloci- 
ties as  well  as  minima  of  total  pressure  and  static  pressure  have  been  found.  The  secon- 
dary vortex  decays  rapidly  downstream  of  the  wing  trai ling-edge , Its  remains  are  found 
rolling  up  into  the  trailing  vortex. 

The  positions  of  the  vortex  sheets  and  of  all  concentrated  vortices  in  relation  to 
the  wing  are  given  quantitatively.  They  are  now  available  for  comparison  with  theore- 
tical results. 
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Fig, 1 : Flow  over  a slender  sharp- 
edged  wing  (schematic) 

a)  Vortex  formation 

b)  Pressure  distribution 

c)  Lift  characteristic 
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Fig. 2:  Wind-tunnel  model  of  delta 
wing  A «=  1 

Npc  *.  Quarter  chord  point  of  mean 
aerodynamic  chord,  situated  at 
x/c.  « 0.5 

Dimensions:  Length  : c-«  750  mm 
Span  : b « 575  mm 
Thickness:  d = 16  mm 


Fig. 5:  Results  of  the  three-component 
measurements  on  delta  wing  A ■ 1 at 
Re  •=  2.10  . 
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Fig. 4 : Pressu 
the  A » 1 del 
and  Re  « 0 . 9 x 
dary  layers. 
Experiments : 
o x/c^  - 0.5 

o x/c^  » 0.5 
v x/c.,  « 0.7 


' ' ' "w  ' 

Pressure  distribution  at 
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J.H.B.  Smith  [22] 
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Fig, 5 : Oilflow  patterns  at  the 
delta  wing  at  a ■ 20.5  and  Re 
boundary  layers  laminar. 

a)  lower  surface 

b)  upper  surface 

® secondary  separation  line 
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Fig. 6;  Vorticity  vectors  (right-hand  side) 
and  "bound  vortex  lines  (left-hand  side)  at 
the  A - i delta  wing  at  a * 20.5°,  boun- 
dary-layers laminar.  Comparison  of  theory 
and  experiment. 

Nonlinear  theory,  O.H.B.  Smith  [22] 

Linear  theory,  R.T.  Jones  [J6] 


Frg.7i  Pressure  distribution  at  the 
A = 1 delta  wing  at  a * 20.5°  and 
turbulent  boundary- layers . 
Experiments: 

o x/c^  = O.J  v x/c^  ■ 0.7 
o x/ci  - 0.5  o x/c^  - 0.9 

Theories: J.H.B.  Smith  [22]  , 

-R.T.  Jones  [J6] 
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Fig, 8 : Oilflow  pattern  at  the  upper 
surface  of  the  A » 1 delta  wing  at 
a » 20.5  , artificially  turbulent 
boundary- layers . 
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Fig. 9:  Vorticity  vectors  (right-hand  side) 
and  bound  vortex  lines  (left-hand  side)  at 
the  A - 1 delta  wing  at  a - 20.5°,  boundary- 
layers  turbulent.  Comparison  of  theory  and 
experiment. 

Nonlinear  theory,  J.H.B.  Smith  [22] 

Linear  theory,  R.T.  Jones  [J6] 
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Fig. 12:  Distribution  of  total 
pressure  in  five  planes  behind 
the  A ~ 1 delta  wing  at  a ■ 
20.5  and  He  - 2.0X10°.  Lines 
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Fife  15s  Flow  field  in  four 
planes  behind  the  A « 1 delta 
wing  at  a - 20.5  and  Be  » 
2.0X10  . Component  of  the  ve- 
locity vectors,  v--,  in  the 
91-  plane  yz 
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SUMMARY 


Three-dimensional  flow  separations  about  a 5°  (semiapex  angle,  e r),  1.4-m  (54-1n.)  lonq,  circular  cone 
uo  to  moderately  high  relative  incidences,  a/0c  ~ 5,  have  been  investigated  in  the  Mach  number  range 
0.6  < M„  < 1.8.  The  cone  was  tested  in  the  Ames  1.8-  by  1.8-m  (6-  by  6-ft)  Wind  Tunnel  at  Reynolds  num- 
bers, R^,  based  on  the  cone  length,  L,  from  4.5  * 106  to  13.5  x 10®,  under  nominally  zero  heat  transfer 
conditions.  Overall  forces  and  mean  surface  pressures  were  compared  with  earlier  measurements  made  in  the 
NAE  Ottawa  1.5-  by  1.5-m  (5-  by  5- ft ) Blowdown  Wind  Tunnel,  where  R,  ~ 35  x lo6. 

Loo 

The  lee-side  separated  flow  develops  from  Initially  symmetrically  disposed  and  near-conical  separation 
lines  at  a/oc  ~ 1,  with  the  free  shear  layers  eventually  rolling  up  into  tightly  coiled  vortices  at  all 
Mach  numbers.  At  Mach  0.6,  conditions  in  this  symmetrical  external  separated  flow  at  a/ec  = 2.5,  were 
probed  with  pitot  pressure  tubes  and  optically  via  laser/vapor  screen  flow  visualization.  Mean  shear 
stresses  and  directions  on  the  cone  surface  were  inferred  from  a previously  calibrated  pair  of  yawed  hot 
wires,  while  fluctuations  at  the  surface  were  measured  by  the  hot  wires  and  pressure  transducers,  as  the 
cone  was  rolled  in  snail  increments  through  separation. 


The  onset  of  asymmetry  of  the  lee-side  separated  flow  about  the  mean-pitch  plane  is  sensitive  to  Mach 
number,  Reynolds  number,  and  the  nose  bluntness,  varying  between  2.5  < a/0c  < 4.5  in  the  Mach  number 
range  0.6  < Mw  < 1.8.  As  the  Mach  number  is  increased  beyond  M„  » 1.8,  the  critical  angle  of  '-nidence 
for  the  onset  of  asymmetry  Increases  until  at  about  H»  = 2.75  there  is  no  longer  any  significant  side 
force  development. 


Supportive  three-dimensional  laser  velocimeter  measurements  of  mean  and  fluctuating  velocity  in  a 
slightly  asymmetric  vortex  wake  about  a slender  tangent  ogive  cylinder  at  incidence  having  respective  nose 
and  overall  body  fineness  ratios  of  3.5  and  12,  are  included.  These  measurements  were  obtained  at 
a/0c  * 2.3;  at  Mach  0.6;  and  at  R^  = 2 x 106,  where  L * 0.3  m (1  ft). 

SYMBOLS 

A a constant,  see  Eq.  (1) 

B , a constant,  see  Eq.  (1) 

•>w 

Cf  * local  resultant  skin  friction  coefficient 

'oo 

CN  normal  force  coefficient  from  balance,  based  on  cone  base  area 


local  static  pressure  coefficient 


PP 


VP- 

<L 


local  pitot  pressure  coefficient 


0 

d 

dP 

E 

Eo 

e' , e(t) 
<e’> 


h 


side-force  coefficient  from  balance,  based  on  cone  base  area 

base  diameter  of  cone 

diameter  of  tangent  ogive/cylinder  model 

diameter  of  vent  port  to  pressure  transducer  beneath  cone  surface 

mean  operating  voltage  of  hot  wire,  flow  on 

mean  operating  voltage  of  hot  wire,  flow  off 

instantaneous  fluctuation  voltage  from  hot  wire 

rms  voltage  from  hot  wire 

height  above  cone  surface,  measured  along  extended  radius  of  cone 
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K 
L 
M 
P 
P' 

<p'> 

PP 

q 
R 

aR  - (R  - 
op 


nondimensional  height  above  cone  surface 

a constant,  see  Eq . (1 ) 

axial  length  of  cone 

local  Mach  number 

local  static  pressure 

instantaneous  level  of  pressure  fluctuation  at  cone  surface 

rtns  of  pressure  fluctuation  at  cone  surface 

local  pitot  pressure 

local  dynamic  pressure 

ohmic  resistance 

R ) difference  between  resistances  of  a wire  at,  respectively,  operating  temperature  and  local 
w wall  temperature 

Reynolds  nunber  based  on  axial  length  of  cone  and  tunnel  free-stream  conditions 
local  cone  radius 

electrical  "power"  term,  defined  in  Eq.  (2) 
time 

time  delay 

local  velocity  in  direction  of  tunnel  axis 
local  velocity,  parallel  to  model  axis 


v 

w 

w 

x 

X 

y 

z 

z 

a 

6 

8 


shear  stress  velocity 

lateral  velocity  normal  to  tunnel  or  model  axis 
vertical  velocity  normal  to  tunnel  axis 
vertical  velocity  normal  to  model  axis 
distance  along  tunnel  axis 
distance  along  model  axis 
lateral  distance  from  tunnel  or  model  axis 
vertical  distance,  normal  to  tunnel  axis 
vertical  distance,  normal  to  model  axis 
angle  of  incidence 

boundary-layer  displacement  thickness 

anqle  between  local  shear  stress  vector  and  line  bisecting  Internal  angle  between  individual 
wires  of  burled  wire  skin  - friction  gaqe,  see  Fig.  4(a) 

cone  semi  angle 

coefficient  of  viscosity 
kinematic  viscosity 

local  density 
mean  shear  stress  , 

Instantaneous  level  of  shear  stress  fluctuation  at  cone  surface 

circunferential  angle  around  cone  surface,  measured  from  win Avard  generator 

angle  between  normal  to  burled  wire  and  local  surface  shear  stress  direction.  Fig.  5(a) 
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u angle  between  tangent  to  limiting  streamline  (surface  shear  stress  trajectory)  and  cone 

generator 

Subscripts: 

1,2  wires  1 and  2 of  buried  wire  qaqe,  see  Fig.  4(d) 

A line  of  divergent  surface  shear  stress  trajectories  ("attachment"  or  "reattachment"  line) 

b cone  base 

» free-stream  mean-flow  conditions 

op  operating  temperature  of  hot  wire 

51  primary  separation  line 

52  secondary  separation  line 

w cone  surface  (wal 1 ) 


1.  INTRODUCTION 
1 . 1 Design  A ''is 

To  be  successful  throughout  a wide  range  of  flight  conditions,  the  aerodynamic  design  of  a lifting 
body  must  ensure  that  there  is  adequate  control  with  no  unpleasant  changes  in  force  and  moment  character- 
istics. In  association  with  steady  boundary  conditions,  the  objective  is  to  allow  only  steady  three- 
dimensional  swept  separations  to  develop,  to  minimize  buffet.  A model  for  a desirable  separated  flow  is 
provided  by  the  sharp-edged  slender  .del  ta  wing  or  a body  of  revolution  with  fixed  separation  lines  (Ref.  1). 
In  aiming  for  this  ideal  goal,  we  find  that  flows  should  be  dominated  by  coiled  vortices  - "the  sinews  and 
muscles  of  fluid  motion"  (Ref.  2)  - rather  than  by  large  unsteady  separation  bubbles.  This  much  wider  than 
usual  view  of  the  aerodynamic  design  problem,  attributable  to  Maskell  and  Kiichemann  (Ref.  3),  should  be 
contrasted  with  the  restricted  outlook  of  allowing  separation  only  at  a trailing-edge,  as  in  the  design  of 
the  classical  airplane. 

1.2.  Asymmetric  Separations 

Our  present-day  missiles  and  military  fighter  aircraft  must  perform  and  be  controllable  at  high  angles 
of  combined  incidence  and  yaw,  where  three-dimensional  flow  separations  from  the  forebodies  may  become  asym- 
metric (Refs.  4-7).  These  separations,  often  in  association  with  fixed-edge  separations  from  strakes 
extending  forward  of  the  wing,  nay  interfere  with  downstream  control  surfaces  to  provide  nonlinearities 
and  side  forces  that  are  not  readily  predictable.  Here  there  is  stronq  interaction  between  the  coupled 
viscous  and  inviscid  flow  domains  on  the  lee-side  of  the  vehicle.  The  onset  of  asymmetry  is  responsive  to 
small  changes  in  qeometry  at  the  nose,  Reynolds  number  and  Mach  number  up  to  incidences  where  transonic 
crossflow  conditions  are  formed.  There  the  significant  side  forces  disappear.  The  asymmetries  occur  in 
both  laminar  and  turbulent  flows,  so  that  transition  is  presumably  not  the  essential  ingredient  causing 
asytrmetry.  But  local  inflexional  instability  of  the  mean  velocity  profiles  in  the  viscous  flow  may,  per- 
haps, be  mooted  as  a contributor  (see  Tobak's  discussion,  Ref.  8,  of  a linearized  theory  of  two-  and  three- 
dimensional  Incompressible  viscous  flows  resulting  from  locally  unstable  velocity  profiles).  It  is  con- 
ceivable that  vortlclty  and  acoustic  disturbance  levels  in  the  wind  tunnel  will  also  affect  the  onset  of: 
asymmetry.  As  the  development  of  the  asymmetry  is  particularly  sensitive  to  surface  curvature  and  rough- 
ness at  the  nose,  a potential  means  of  controlling  the  forebody  flow  could  be  by  deployment  of  a single 
small  strake,  small  amounts  of  asymmetric  blowing  (or  suction),  or  by  spinning  the  nose.  On  the  other 
hand,  since  we  know  that  missiles  having  long  cylindrical  afterbodies  will  eventually  develop,  asymmetrical 
flows  regardless  of  nose  conditions,  we  might  be  led  to  expect  that  such  local  treatment  at  the  nose  would 
probably  not  influence  the  downstream  flow  substantially.  Notwithstanding,  Rao  (Ref.  9)  has  demonstrated 
that  the  utilization  of  helical  (i.e.,  S-shaped)  trip  wires  from  the  leeward  to  the  windward  meridian  on 
the  nose,  disrupts  the  normal  development  of  separation,  and  Is  very  effective  in  alleviating  high 
angle-of-attack  side  forces  on  short  missile  and  fuselage  shapes.  It  is  considered  that  the  helical  trips 
upset  the  well -organized  motion  of  the  lee-side  vortices  and  cause  a relatively  rapid  diffusion. 

The  asymmetric  vortex  wake  usually  develops  from  asymmetric  separation  line  positions  on  the  body, 
but  the  latter  does  not  appear  to  be  a necessary  condition  for  the  former  to  occur.  An  appraisal  (Ref.  10) 
of  some  earlier,  low  subsonic  speed  tests  of  Shanks  (Ref.  11)  where  forces  and  moments  were  measured  on 
very  slender,  flat  plate,  delta  wings  (sweep  angles  from  70°  to  84°)  at  incidence,  indicates  that  even 
though  the  separation  lines  were  fixed  at  the  sharp  leading-edges,  asymmetry  In  the  leading-edge  vortices, 
as  determined  by  the  onset  of  significant  rolling  moment,  occurred  when  the  angle  of  incidence  was  about 
3 to  4 times  the  wing  seminose  angle.  Nonetheless,  the  sharp  edges  have  a beneficial  effect  in  delaying 
the  onset  of  asymmetry  to  higher  relative  incidences  than  those  obtained  with  smooth  pointed  forebodies  or 
forebody/cylinder  configurations  (Refs.  5-7). 


16-4 


1.3.  Modeling  of  Asynmetrles 


The  modeling  of  the  lee-side  flow  asymmf  Hes  poses  severe  problems  because  the  development  of  the 
turbulent  flow  structures  in  the  three-dlmeni  onal  swept  separation  zones  and  In  the  tightly  coiled  free 
shear  layers  is  virtually  unexplored.  Recourse  has  typically  been  taken  for  rough  predictions  of  the  flows 
about  missile  shapes,  to  inviscid  flow  approximations  of  the  lee-side  region  utilizing  arrays  of  line- 
vortices  (see  Nielsen's  review  in  Ref.  12  of  nonlinearities  in  missile  behavior  at  high  angles  of  attack), 
or  to  the  Impulsively  started  flow  analoqy  proposed  many  years  ago  by  Allen  and  Perkins  (Ref.  13).  In  this 
hypothesis,  the  development  of  the  crossflow  with  distance  along  an  inclined  body  of  constant  diameter  is 
likened  to  the  growth  with  time  of  the  two-dimensional  flow  past  the  corresponding  circular  cylinder  start- 
ing Impulsively  from  rest.  Useful  engineering  formulae  have  resulted,  but  given  the  complexities  of  the 
three-dimensional  boundary- layer  growth,  separation,  and  vortex  development  on  slender  bodies,  it  seems 
unlikely  that  methods  of  this  kind  can  adequately  describe  the  flow.  In  general,  we  should  note  that  the 
growth  of  the  unsteady  two-dimensional  spiraling  vortex  differs  essentially  from  that  of  the  steady,  three- 
dimensional  vortex  in  space.  Kuchemann  and  Weber  (Ref.  14)  point  out  that  in  three  dimensions,  fluid  enter- 
ing the  core  of  the  vortex  can  be  discharged  axially,  whereas  in  two  dimensions  no  such  escape  is  available 
The  core  must  expand  continuously  outward  with  time  to  accommodate  all  of  the  fluid  entering  the  vortex. 

They  showfurther  (Ref.  14)  that  there  is  only  one  case  in  inviscid  flow  where  the  two  kinds  of  vortex  are 
formally  identical:  where  the  steady,  three-dimensional  flow  is  conical  (so  that  slenderness  assumptions 
invoked ) ; and  where  the  unsteady  flow  is  permitted  to  grow  linearly  with  time.  Lamont  and  Hunt 
(Ref.  15)  and  Deffenbaugh  and  Koerner  (Ref.  16)  have  probably  extracted  the  limits  of  usefulness  of  the 
qualitative,  two-dimensional , unsteady  analogue  to  describe  the  nature  of  "out-of-plane"  forces  on  a 
pointed  body  at  high  angles  of  incidence. 


1.4.  Cone  at  Incidence  (or  Yaw)  - A Simple  Model  of  Three-Dimensional  Separation 

Next  to  the  slender  delta  wing,  the  simplest  class  of  bodies  on  which  three-dimensional  separation  can 
be  studied  is  the  cone.  As  well  as  being  a typical  forebody  shape  used  in  flight,  the  cone  at  incidence 
provides  a very  useful  model  to  develop  three-dimensional  boundary  layers,  up  to  and  beyond  separation,  to 
check  against  theory.  On  a conical  surface,  the  condition  for  flow  separation  is  simple;  namely,  that  the 
limiting  streamlines  at  the  base  of  the  skewed  boundary  layer  (whose  projections  on  to  the  surface  are  the 
directions  of  surface  shear  stress)  coalesce  from  both  sides  to  form  an  envelope  (Refs.  17,  18)  along,  or 
are  asymptotic  (Refs.  19,  20)  to,  a cone  generator.  Even  In  Incompressible  flow  about  slender  cones,  the 
conical  nature  of  the  surface  conditions  with  separation  is  preserved.  This  is  because  at  relative  Inci- 
dences sufficient  to  cause  separation,  the  circumferential  pressure  gradients  are  much  larger  than  those 
in  the  axial  sense  (the  latter  due  to  thickness  and  base  effects).  For  the  incompressible  case  as  well, 
then,  the  primary  separation  line  lies  essentially  along  a generator  as  illustrated  by  the  limiting  stream- 
lines In  laminar  flow  about  a 1.5:1  elliptic  cone  with  major  axis  vertical  at  30°  incidence  (Ref  21) 
shown  in  Fig.  1 . ' 


1.5.  Computation  of  the  Symmetrical  Lee-side  Flow  about  Cones 


The  computation  of  the  symmetrical  separated  lee-side  flow  about  cones  is  currently  following  two 
paths.  One  is  the  representation  of  the  cone  flow  by  parabolized  approximations  to  the  Navier-Stokes 
equations  in  supersonic  flow  (Refs.  22-24);  the  second  is  the  inviscid  modeling  In  incompressible  flow  of 
the  free  shear  layers  by  spiral  vortex  sheets  as  for  delta  wings  (Ref.  25). 


_.  221  1ncorP°rated  the  conically  symmetric  flow  approximation  along  with  MacCormack's 

finite-difference  time-dependent  scheme  (Ref.  26)  to  solve  the  laminar  viscous  flow  field  about  a pointed 
, circular  cone.  The  calculation  takes  place  on  a spherical  surface  centered  on  the  cone  apex.  The  outer 
boundary  condition  for  the  integration  is  the  free  stream,  so  that  the  bow  shock  wave  is  captured  and 
allowed  for  in  the  use  of  the  conservative  form  of  the  governing  equations.  A comparison  with  the  Mach-8 
surface  pressure  and  pitot  measurements  of  Tracy  (Ref.  27)  showed  good  agreement  with  the  calculations  of 
the  lee-side  flow.  McRae  (Ref.  23)  has  now  included  a scalar  eddy- viscosity  model  based  on  mixing-length 
hypotheses  in  his  formulation.  Provided  certain  constants  are  used  to  adjust  the  levels  of  eddy  viscosity 
in  each  coordinate  direction,  coupled  with  relaxation  beginning  just  prior  to  the  primary  separation,  he 
finds  very  satisfactory  agreement  between  his  calculations  of  surface  pressure  and  surface  shear  stress 
directions  and  the  results  of  the  high  Reynolds  number  experiments  of  Rainbird  (Refs.  28,  29).  Both 
primary  and  secondary  separation  line  positions  were  found  to  agree  very  closely  with  experimental  results 
in  a Mach  1.8  flow  at  a/ec  « 2.5  and  RL  ~ 30  x 10s. 


.R!!kl~  ai)d  Lubard  (Ref-  24)  calculated  the  entire  laminar  separated  flow  field  about  a spherically 
blunted  15  circular  cone  in  a Mach  10.6  flow  to  compare  with  the  measurements  of  Cleary  (Ref.  30)  at 
a/9r  ~ 1.  The  calculations  are  based  on  a single  layer  system  of  three-dimensional  parabolic  equations 
that  are  approximations  to  the  full  steady  Navier-Stokes  equations  valid  from  the  body  surface  to  the  bow 
shock  wave.  This  system  of  equations  includes  the  circumferential  shear  stress  terms  as  well  as  the 
effects  of  vlscous-inyiscld  interaction  and  entropy  gradients  due  to  both  the  curved  bow  shock  and  angle 
T”e  ca  1 cuT ated  leeward  surface  pressures  and  heating  distributions  were  in  satisfactory  agree- 
ment  with  experimental  results  and  the  calculation  provided  evidence  of  reversal  In  the  boundary-layer 

mal^n  iep,r?t1oP  wa?  p1aced  at  about  130  from  the  leeward  meridian.  The  results  from  a variant 

&X1XKS  iS'JJirtSSS  ”d*' ,s  ,"serted  are  a,s°  ba,n*  a3,'"sl 


^eger  (Ref-  haye  ali*°  made  a notable  contribution  to  the  calculation  of  flows  about 
missile-shaped  bodies  using  a thin  layer"  approximation  of  the  Navier-Stokes  equations. 
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The  second  avenue  of  modeling  the  lee-side  vortex  wake.  In  this  case,  by  wholly  Inviscid  means,  is 
that  due  to  J.  H.  B.  Smith  (Ref.  25).  He  proposes  an  inviscid  vortex  sheet  model  for  incompressible 
(symmetrical,  at  this  time)  conical  flow  in  which  the  vortex  sheet  must  depart  from  the  surface  of  the  cone 
tangentially  If  vortlcity  is  to  be  shed.  The  separation  line  position  may  be  given  from  boundary- layer 
calculations  (see  Smith's  review  (Ref.  33)  in  AGARD  CP-168)  or  from  experiment  (see  Fig.  2).  At  the  sepa- 
ration line  in  Smith's  model,  the  inviscid  flow  on  the  downstream  side  is  constrained  to  be  parallel  with 
the  separation  line,  a condition  to  replace  the  Kutta  condition  at  a sharp  edge;  whereas  on  the  upstream 
side  of  the  separation  line,  the  surface  streamlines  of  the  inviscid  model  are  inclined  to  the  separation 
line  (but  are,  of  course,  tangential  to  the  wall).  The  coiled  inviscid  vortex  sheet  is  then  constructed  as 
for  the  sharp-edged  delta  wing  (Refs.  39,  40). 

1.6  Cone  for  Experiment 

The  cone,  then,  is  the  basic  nose  of  many  flight  vehicles.  At  Incidences  typically  below  u/ec  ~ 1, 

It  provides  a useful  configuration  to  develop  a symmetrical  three-dimensional  attached  boundary  layer 
growing  from  the  windward  to  the  leeward  meridian.  Because  of  the  near  conicity  of  the  separation  lines 
and  vortex  development  in  both  subsonic  and  supersonic  flows  (neglecting  effects  of  transition),  it  also 
provides  a convenient  experimental  model  to  explore  three-dimensional  separations  from  detailed  measure- 
ments at  only  one  axial  station. 

The  essential  objective  of  the  present  work  is  to  achieve  an  understanding  of  the  fluctuating  quanti- 
ties in  three-dimensional  separated  flows,  and  how  three-dimensional  separations  and  their  asymmetries 
may  be  controlled.  The  cone  is  a very  convenient  model  on  which’ to  generate  both  three-dimensional 
attached  and  separated  viscous  flows.  The  present  experiments  then,  extend  the  symmetric  separation  mean 
flow  measurements  of  Ralnbird  (Refs.  28,  29)  about  circular  cones  (see  also  Ref.  41)  to  determine  experi- 
mentally additional  quantities  at  the  cone  surface  (mean  and  fluctuating  pressures,  fluctuating  heat  trans- 
fer combined  with  mean  shear  stress  magnitudes  and  direction)  and  to  measure  at  the  same  time  the  mean  and 
fluctuating  flow  field  above  the  cone  at  moderately  large  relative  Incidence.  Test  results  at  Mach  0.6 
are  discussed  herein.  Force  measurements  In  the  range  of  Mach  number  0.6  < M»  < 1.8  have  yielded  the 
onsets  of  asymmetry  of  the  lee-side  flow  for  varying  Reynolds  numbers  and  for  blunt  and  sharp  nose  shapes. 
These  were  supplemented  herein  by  pictures  of  the  crossflow  facilitated  by  a laser-vapor  screen  flow 
visualization  technique. 

2.  EXPERIMENTAL  METHOD 

Measurements  have  been  made  on  a 1.4  m (54  in.)  long,  5°  semiangle  circular  cone,  sting-mounted  in  the 
Ames  1.8-  by  1.8-m  (6-  by  6-ft)  closed  circuit  wind  tunnel  at  Mach  numbers  in  the  range  0.6  < M„  < 1.8 
(Fig.  3).  The  cone  model  was  fitted  with  a sharp  nose  (0.13-nm,  i.e.,  0.005-in.  tip  radius)  and  a blunted 
nose  with  a radius  of  451  of  the  base  radius.  Stagnation  pressures  were  subambient  yielding  Reynolds  num- 
bers based  on  the  cone  axial  length  and  tunnel  free-stream  conditions  of  between  4.5  x 10?  and  13.5  * 106. 

No  artificial  tripping  of  the  boundary  layer  was  employed.  At  the  relatively  high  acoustic  disturbance 
levels  pertaining  In  this  tunnel,  for  example,  <p'>/q«,  ~ 3%  at  K»  * 0.6,  a Reynolds  number  based  on  wetted 
length  to  transition  might  be  expected  to  be  3 » 10*  ±20%  (Ref.  42).  At  zero  angle  of  attack,  therefore, 
we  anticipate  transition  to  have  been  located,  respectively,  from  about  0.7  to  0.2  of  the  cone  length,  cor- 
responding with  the  aforementioned  range  of  test  Reynolds  numbers  with  a tunnel  stagnation  temperature  in 
the  range  of  20°-40°C.  The  typical  variation  during  a run  of  20  min  was  less  than  3°,  however,  so  that 
with  this  immersion  time,  conditions  of  near  zero  heat  transfer  existed  at  the  cone  surface. 

Because  of  the  nominal  conicity  and  symmetry  of  the  flow  (Refs.  4,  28,  29)  up  to  angles  of  incidence 
at  least  2.5  times  the  nose  semiangle,  ec,  all  detailed  measurements  were  made  at  an  axial  station  0.85  of 
the  cone  length  aft  of  the  (pointed)  apex  and  upon  each  half  of  the  cone  (0°  < f < ±180°).  Mean  circum- 
ferential pressure  distributions  were  obtained  with  0.51-mm  (0.020-in.)  diameter  static  holes  spaced  45° 
apart  at  the  0.85  station  (see  Fig.  4(a)).  These  orifices,  as  well  as  others  along  a cone  generator  at 
the  0.95  station  and  In  the  base  region,  were  connected  via  a "Scanlvalve"  to  an  unbonded  strain-gage 
pressure  transducer.  The  static  pressure  from  each  point  at  the  0.85  station  was  also  fed  as  a highly 
damped  signal  to  the  reference  port  of  a 2.36-nm  (0.093-in.)  diameter  "Kulite"  pressure  transducer  situ- 
ated on  the  same  conical  generator.  The  diaphragm  was  vented  to  the  flow  through  a 1.00-mm  (0.040-1n.) 
diameter  static  hole  but  submerged  beneath  the  surface  In  accordance  with  Hanly's  recommendations  about 
the  effects  of  transducer  flushness  on  fluctuating  surface  pressure  measurements  (Ref.  43)  (see  Fig.  4(b)). 
Preston  tubes  of  diameter  0.42  urn  (0.016  In.)  were  installed  at  the  0.85  station  to  determine  the  mean 
levels  of  skin  friction  at  zero  angle  of  attack  and  along  the  windward  generator  (Fig.  4(c)). 

Two  bidirectional,  buried-wlre,  skin-friction  gages  (Ref.  44)  were  also  situated  in  the  cone  surface 
at  the  0.85  length  station  (see  Fig.  4(a)),  to  measure  the  magnitude  and  direction  of  the  resultant  shear 
stress  at  the  surface.  The  configuration  of  the  gage  Is  shown  In  Fig.  4(d),  its  fabrication  following 
basically  the  same  procedure  as  promoted  for  single  wires  by  Murthy  and  Rose  (Ref.  45)  after  the  work  of 
Rubesln  et  al . (Ref.  46).  The  following  equations,  the  method  of  manufacturing  the  gages,  and  a full  dis- 
cussion of  the  calibrations  are  given  in  Ref.  44.  In  brief,  temperature-resistance  calibrations  were 
obtained  by  placing  the  gages  in  an  oven.  Magnitude  and  directional  sensitivities  were  found  by  flush- 
mounting the  gages  in  a known  subsonic  channel  flow  and  operating  each  wire  with  an  overheat  ratio  of  1.1, 
utilizing  "Dlsa"  constant  temperature  anemometers.  The  wires  were  capable  of  operating  with  upper  fre- 
quency responses  close  to  15  kHz.  The  sensitivities  were  checked  again  after  installation  in  the  cone 
surface  and  running  at  zero  angle  of  attack.  The  shear  stress  at  a station  close  by  the  gage  was  deduced 
from  a Preston  tube  measurement  In  conjunction  with  the  correlation  due  to  Bradshaw  and  Unsworth  (Ref.  47). 
Rotation  of  the  probe  about  its  axis  to  known  angles  of  yaw  permitted  the  'directional  sensitivity  to  be 
obtained  at  each  Mach  number  and  Reynolds  number  tested  simultaneously  with  the  shear  stress  magnitude 
according  to  the  following  equations.  If  the  output  of  a single  wire,  yawed  to  the  local  shear  stress 
direction  at  (90  - ip ) ° (see  Figs.  4(d)  and  5(a)),  Is  assumed  to  be  of  the  form: 


■ A(pwmwtw)1//3  (cos2  t + K2  sin2  p)^6  + B 
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where  the  symbols  are  defined  at  the  beginning  of  the  report,  and 

5 ■ !<i&  ■ s>  <2> 

then  for  our  pair  of  mutually  perpendicular  wires,  respectively  labeled  1 and  2,  where  <14  + <p2  = §■,  we 
obtain  c 


si  = (¥wTw)^3  (cos2  *1  + Ki2  s1n2  'h)i;,G  (3) 

and 

S2  = (pwpwtw)>/3  (sir>2  + k22  cos2  (4) 


By  eliminating  , the  wall  shear  stress  is  given  by 


(pwpwTw) 


(1  - K22)S,6  + (1 


Ki2)S26 


1 - K, 2 K2  ? 


1/2 


(5) 


We  note  that  values  of  the  coefficients  of  directional  sensitivity  Ky  aiu  K2  can  be  obtained  from  a plot 
of  S 1 ( ip  1 ) or  S2('J'2)  when  ti . i>2  * 0°.  In  general,  Ki  * K2,  but  the  difference  between  the  two  sen- 
sors on  each  gage  was  found  to  be  relatively  small.  If,  for  simplicity,  we  let  Ky  « K2  = K,  then  the 
absolute  magnitude  of  the  shear  stress  takes  the  form: 


% (Si6  + s26)1/2 
(ww)  = (1  + K2  )'(2 


(6) 


As  for  the  direction  of  the  skin  friction  vector,  we  see  from  Eqs.  (3)  and  (4)  that  the  quotient  Si/S2 
is  a unique  function  of  the  direction  and  Is  Independent  of  the  magnitude  of  the  skin  friction.  The 
assumption  Ki  = K2  is  not  a necessary  one  provided  each  wire  of  a pair  is  calibrated.  McCroskey  and 
Durbin  (Ref.  48)  discussed  measurements  of  the  direction  of  surface  shear  stress  with  a hot  film  gage  and 
proposed  that 


Si  - S2 
Si  + S2 


f(e) 


(7) 


where  0 is  the  direction  of  the  flow  relative  to  the  probe  centerline,  and  equals  (ti  - n/4)  in  our  present 
frame  of  reference. 

The  results  of  the  directional  calibration  for  one  of  the  pairs  of  buried  wires  is  shown  in  Fig.  5(a). 

We  see  that  the  direction  of  the  skin  friction  vector  can  be  determined  to  an  accuracy  within  ±5°  Inde- 
pendently of  its  magnitude.  The  variation  of  the  quantity  (S]B  + S^)1'2-  in  a ±40°  yaw  angle  range  was 
demonstrated  to  be  small.  The  magnitude  of  skin  friction  obtained  with  the  Preston  tube  is  plotted 
against  the  measured  values  of  (Si6  + S26)1/2  in  Fig.  5(b).  From  Eq.  (6),  the  value  of  K Is  0.35  for 
the  particular  gage  shown.  The  surface  shear  stress  directions  obtained  with  the  hot  wire  pair  were 
compared  against  flow  visualization  traces  taken  with  an  oil-dot  technique.  Signals  from  the  off-surface 
hot  wires  were  also  measured  but  await  analysis. • 


Pitot  pressures  in  the  external  flow  above  the  cone  surface  were  measured  using  an  array  of  77  pitot 
tubes  mounted  at  the  0.85  station  (Fig,  3). 


Overall  force  and  moment  measurements  were  obtained  with  an  internal  strain-gage  balance. 

The  cone  was  pitched  to  the  desired  angle  of  incidence,  ,and  for  the  measurements  with  symmetrical 
separation  of  the  lee-side  flow,  the  cone  was  rolled  in  increments  from  0°  to  180°  and  paused  for  typically 
1 min  while  data  were  taken.  Increments  of  5°  in  roll  were  generally  used.  Neither  fluctuating  pressures 
nor  hot  wire  data  were  collected  at  angles  of  incidence  where  asymmetric  lee-side  conditions  prevailed. 


Visualization  of  the  vortex  wake  was  obtained  at  the  0.85  station  by  saturating  the  tunnel  flow  with 
water  vapor  and  Illuminating  a thin  cross  section  of  the  flow  with  a 15-W  laser  beam  passed  through  a 
cylindrical  lens.  Photographs  of  the  scattered  light,  were  taken  with  a camera  mounted  to  the  sting/strut 
support,  the  camera  axis  being  set  nominally  parallel  with  the  cone  surface.  Prior  to  the  runs,  a grid 
placed  at  the  test  station  was  photographed  against  which  the  dimensions  of  the  shear  layer  could  be  sub- 
sequently compared. 

Some  supportive  three- component  velocity  measurements  in  the  lee-side  vortex  wake  just  downstream  of 
the  junction  between  a 16°  semiangle  tangent  ogive  forebody  joined  to  a cylinder  aft-body  were  made  by 
Owen  and  Johnson  (Ref.  49)  at  a relative  Incidence  of  2.3.  These  Mach  0.6  data  are  also  presented  here  to 
provide  an  Insight  into  possible  orders  of  magnitude  of  fluctuation  levels  on  the  lee  side  of  the  cone. 
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3.  RESULTS  AND  DISCUSSION 

3.1  Symmetrical  Separation  of  the  Lee-Side  Cone  Flow 

3.1.1  Forces 

The  physical  characteristics  of  the  mean  flow  field  about  the  5°  circular  cone  In  the  Mach  number 
range  0.6  < M„  < 1.8  follow  the  descriptions  by  Rainbird  (Refs.  28,  29)  of  the  surface  and  external 
flow  conditions  that  he  measured  at  Mach  1.8  and  4.25. 

The  overall  effects  of  boundary- layer  growth  and  incidence  on  the  development  of  normal  forces  on  the 
5°  cone  are  illustrated  In  Fig.  6 up  to  relative  Incidences  of  almost  5.  At  relative  Incidences  typically 
less  than  0.7,  the  circumferential  pressure  gradient  is  favorable  all  the  way  from  the  windward  to  the  lee- 
ward generator.  The  boundary  layer  grows  In  a regular  manner  developing  very  small  crossflows.  The 
normal  force  develops  linearly  in  this  range,  and  the  slopes  dCw/da  near  a - 0°,  are  affected  only 
slightly  by  viscosity.  In  subsonic  flow,  the  values  are  typically  65!  larger  than  the  slender  body  value 
of  2.0  (per  radian).  In  supersonic  flow,  the  discrepancies  between  experiment  and  those  slopes  given  in 
Sims'  tables  (Ref.  50)  are  even  less  for  both  the  blunt  and  sharp  noses. 

Figure  6 illustrates  that,  at  Mach  1.8,  there  Is  substantial  development  of  nonlinear  lift*  above  a 
relative  incidence  of  1.5  (as  found  by  Rainbird  (Ref.  28),  where  the  Reynolds  number  was  more  than  double 
the  existing  test  value)  consistent  with  the  formation  of  a well  organized,  symmetrical,  coiled,  free 
shear-layer  flow  on  the  lee  side  of  the  model.  From  pitching-moment  data,  a fixed  center  of  pressure  posi- 
tion at  0.667  L is  in  good  agreement  with  the  conical  flow  value  of  (2/3)L  sec2  ec.  But  below  Mach  1.8, 
there  is  an  apparent  sensitivity  of  the  onset  of  nonlinear  normal  force  to  both  Reynolds  number  and  nose 
shape,  as  we  see  on  Fig  7.  At  any  given  Mach  number,  we  note  that  reduction  in  Reynolds  number  and  intro- 
duction of  bluntness  delays  the  onset  of  nonlinear  normal  force.  This  dependency  reduces  rapidly  as  Mach 
number  increases  until  at  Mach  1.8,  it  has  nominally  disappeared. 

The  results  in  Fig.  7 for  our  cone  model  of  fineness  ratio,  L/D  = 5.7,  are  unexpected  for  the  dis- 
tinctive tardiness  displayed  in  producing  nonlinear  normal  force  in  the  high  subsonic  and  transonic  speed 
ranges.  Even  though  at  Mach  0.6  and  a/ec  ~ 2.5,  for  example,  where  there  was  substantial  vortex  flow 
(see  Figs.  8 and  9),  the  overall  normal  force  lies  just  below  the  slope  (dC|,i/da)a-0. 

The  high  negative  values  of  base  pressure  coefficient  (Fig.  10),  are  mooted  as  the  key  to  the  para- 
dox, for  at  M»  - 0.6  near  the  base,  they  induce  somewhat  larger  increments  of  suction  pressure  on  the 
windward  side  of  the  cone  near  the  base  than  on  the  leeward;  see  for  example,  the  cone  surface  pressures 
along  the  windward  and  leeward  generators  on  Fig.  11.  Hence  the  development  of  nonlinear  normal  force 
appears  suppressed  by  the  base  effect.  This  suppression  reduces  as  Mach  number  Increases  until  at 
M_  ~ 1.8,  the  upstream  propagation  from  the  base  Is  negligible. 

In  Fig.  10,  we  also  note  that  changes  in  Reynolds  number  and  sting/base  diameter  at  Mach  0.6  cause 
substantial  changes  of  the  base  flow  (see  Ericsson  (Ref.  53)  for  a discussion  on  aerodynamic  support  Inter- 
ference), 

3.1.2  Mean  Flow  Measurements 

The  changes  in  three-dimensional  boundary-layer  development  as  the  circumferential  surface  pressure 
distributions  steepen  with  Increasing  angle  of  Incidence  are  discussed  in  detail  in  Refs.  28  and  29. 

Herein,  we  shall  concentrate  on  the  flow  at  a relative  Incidence  of  2.5,  for  the  cone  with  nose  radius 
equal  to  4%  of  base  radius.  At  this  Incidence  (Figs.  12(a)-12(c) ) , display  the  surface  pressure  coeffi- 
cients obtained  at  a constant  length  Reynolds  number  of  Ri  * 13.5  x 1 06 , for  Mach  numbers  1.8,  1.2,  and 

0.6.  The  pressures  are  plotted  with  respect  to  circumferential  angle  measured  from  the  windward  (4  * 0°) 

to  the  leeward  generator  (4  * 180°).  Figure  12(a)  shows  good  agreement  at  H ■ 1-8  between  the  measured 
circumferential  pressures  plotted  at  three  axial  stations  along  the  cone.  The  present  results  at 

Rl»  “ 13.5  * 106  demonstrate  a small  but  variable  shift  relative  to  the  higher  Reynolds  number  data  of 

Refs.  28  and  29.  The  present  results  are  uncorrected  for  errors  due  to  static  hole  size  (Refs.  54,  55) 
which.  If  included,  would  marginally  increase  the  difference  between  the  two  sets  of  measurements.  The 
calculation  of  surface  pressures  from  McRae's  Navler-Stokes  code,  corresponding  with  the  Reynolds  number 
R[.„  * 32  x 106,  are  in  close  agreement  with  Ralnbird's  measurements  (Refs.  28,  29).  Figures  12(a)-12(c) 
illustrate  corresponding  qualitative  trends  in  the  circumferential  pressure  distributions  at  the  0.85  axial 
station  for  all  Mach  numbers  tested. 

As  the  three-dimensional  boundary  layer  develops  from  the  windward  attachment  line  region  (4  * 0°) 
toward  the  minimum  pressure  point  at  * - 100°,  the  crossflow  grows  rapidly.  At  Mach  0.6,  toward  which 
the  bulk  of  the  remaining  discussion  in  this  paper  will  be  devoted,  Fig.  13  provides  a comparison  between 
some  preliminary  surface  shear  stress  directions  (relative  to  the  cone  generators),  w,  obtained  from  oil 
dot  streaks  and  those  angles  deduced  from  the  bidirectional  buried  hot-wire  gage.  The  maximum  value  of  u> 
given  from  the  gage  is  close  to  40°  in  the  vicinity  of  the  minimum  pressure  point.  The  boundary  layer,  in 
proceeding  around  the  lee  side  of  the  cone,  now  encounters  a strong  circumferential  adverse  pressure  gra- 
dient and  thickens  rapidly  (see  Fig.  8).  The  crossflow  angle,  us,  reduces  progressively  to  zero,  Fig.  13, 
at  which  point  the  shear  stress  trajectories  converge  and  run  parallel  to  a generator,  the  primary 


*We  should  be  aware,  however,  that  in  solving  the  Euler  equations  of  motion  for  the  Invlscid  flow  about  a 
circular  cone  at  incidence  in  supersonic  flow  (Refs.  51,  52),  we  find  that  nonlinear  normal  forces  begin  to 
develop  also  at  a relative  incidence  close  to  1.5  for  this  K»  ■ 1.8  case.  These  invlscid  components  of 
overall  normal  force  are  more  than  505!  of  the  total  nonlinear  force,  as  we  see  from  the  additional  symbols 
plotted  on  Fig,  6.  The  effects  of  viscous  growth  on  the  windward  circumferential  pressure  distribution 
are  minor  but,  as  expected,  the  Invlscid  lee-side  pressures  are  changed  substantially  due  to  the  vortices 
(see  Fig.  12(a)). 
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separation  line,  <j>Si  (see  the  schematic  drawing  In  Fig.  4(a)).  Discrepancies  between  the  oil  flow  results 
and  shear  stress  directions  as  deduced  from  the  wire  voltages  await  resolution  in  a forthcoming  repeat 
experiment.  The  laser  flow  visualization  In  Fig.  8 and  the  contours  of  local  pitot  pressure  deficit 
plotted  In  Fig.  9 illustrate  the  vortex  core  position  and  the  close  comparison  between  the  boundaries  of 
the  free  shear  layers  from  these  two  measurements.  The  discrepancies  in  core  position  between  the  pitot 
and  vapor  screen  measurements  and  the  disagreement  between  4>s)  positions  on  Figs.  9 and  13  may  be  due 
to  a displacement  effect  caused  by  the  blockage  of  the  pitot  array.  Beyond  the  circumferential  angle 
<t>sl.  Fig.  12  indicates  there  is  a plateau  of  virtually  constant  pressure  (particularly  at  Mach  1.8)  fol- 
lowed by  a second  pronounced  pressure  minlmumand  finally  a recovery  toward  the  leeward  generator.  The 
second  pressure  minimum  caused  by  the  induced  effect  of  the  primary  vortices  drains  fluid  from  the  region 
of  the  leeward  generator,  appreciably  thinning  the  flow  there.  This  movement  of  fluid  beneath  the  vortices 
Itself  separates  from  the  cone  surface  at  <j>S2  on  a scale  substantially  smaller  than  the  primary  flow.  The 
lobular  region  of  secondary  flow  is  shown  by  the  pitot  contours  of  Fig.  9,  although  it  is  not  evident  on 
the  vapor  screen  photograph  shown  In  Fig.  8.  Between  <f>s j and  <f>s2 » there  must  be  yet  another  divergent 
attachment  line  region  where  w = 0 (see  Figs.  4(a)  and  13)  from  which  fluid  diverges  to  feed  both  separa- 
tion lines. 

The  magnitude  of  the  resultant  surface  shear  stress  at  the  0.85  axial  station  in  subsonic  flow  obtained 
from  the  yawed  buried  hot  wire  pair  is  shown  in  Fig.  14.  The  maximum  uncertainty  in  the  absolute  levels 
of  shear  stress  deducible  from  the  wires  is  about  ±15%.  Again,  the  variation  of  the  local  skin  friction 
coefficient  with  circumferential  angle  at  Mach  0.6  follows  the  trends  established  in  Rainbird's  Mach  1.8 
and  4.25  measurements  (Refs.  28,  29).  The  skin  friction  reduces  smoothly  to  a minimum,  but  finite,  value 
at  the  primary  separation  line  that  Is  lower  than  the  zero  incidence  attached  flow  value.  The  skin  friction 
Is  again  a minimum  at  the  secondary  separation  with  high  values  due  to  the  divergent  attachment  line  flows 
between  the  separation  lines  and  along  the  leeward  meridian.  The  boundary  layer  along  the  leeward  genera- 
tor, In  fact,  accelerates  rapidly  in  the  lateral  sense  due  to  the  very  favorable  pressure  gradient  causi 
by  the  vortices  (see  Fig.  12(c)).  The  shear  stress  Increases  to  a value  well  above  that  at  the  windwar< 
generator  with  a concomitant  surface  shear  direction  of  -20°  at  <j>  ~ 170°. 

3.1.3  Fluctuation  Measurements 

The  fluctuating  pressure  field  within  a viscous  flow  is  associated  with  the  irregular  motions  of  the 
turbulence;  from  the  interaction  of  the  turbulent  fluctuations  normal  to  the  wall  with  the  mean  shear,  and 
from  the  interaction  of  the  turbulence  with  Itself.  In  incompressible  flow,  the  pressure  fluctuations  at 
one  station  in  the  flow  are  produced  by  momentum  fluctuations  at  many  other  stations  (Poisson's  equation). 
Thus  the  pressure  at  one  point  will  not  correlate  with  velocity  fluctuations  at  another  point  in  close 
proximity  (Ref.  56). 

Now  the  pressure  fluctuations  have  a wide  range  of  sizes  typically  equal  In  scale  to  boundary-layer 
thickness  on  down  to  v/ux.  But  according  to  Bradshaw  (Ref.  57),  the  spectrum  of  pressure  fluctuations  at 
a wall  beneath  a two-dimensional  turbulent  boundary  layer  as  it  approaches  separation  is  constituted  of 
essentially  high-frequency  and  low-frequency  energy.  The  high-frequency  components  are  generated  in  the 
small-scale  inner  region  (the  so-called  law  of  the  wall  region)  whereas  the  low-frequency  pressure  fluc- 
tuations emanate  from  the  larger-scale  outer  region.  In  the  latter,  the  fluctuations  intensify  as  the  wake 
region  of  the  boundary  layer  increases  in  thickness.  Under  two-dimensional  attached  boundary  layers,  the 
level  of  pressure  fluctuation  also  scales  with  the  mean  wall  shear  stress.  In  adverse  pressure  gradients, 
the  pressure  fluctuation  scales  with  the  outer  variables  as  the  law-of-the-wall  region  now  becomes  very 
small.  Irrespective  of  the  pressure  gradient,  however,  the  absolute  level  of  the  wall  pressure  fluctua- 
tions is  small,  and  it  is  difficult  to  Isolate  the  fluctuations  from  turbulence  and  sound  generated  by 
free-stream  disturbances  in  a typical,  large  wind  tunnel.  At  Mach  0.6,  the  disturbance  level  of  the 
NASA  1.8-  by  1.8-m  tunnel  stream  is  high,  and  probably  consists  of  fluctuations  In  vorticity,  temperature, 
and  sound.  It  Is  thought  that  the  signal  at  the  cone  surface  is  especially  contaminated  with  the  radiated 
sound  from  the  tunnel  wall  boundary  layers  and  slotsinthe  tunnel  ceiling  and  floor.  Figure  15  shows  the 
rms  pressure  fluctuation  at  the  cone  surface  beneath  the  Mach  0.6  axisymmetric  boundary  layer  to  be 
< p ' >/q  -0.03,  a value  10  times  the  level  of  mean  shear  stress  (see  Fig.  14).  This  is  in  contrast  with  a 
value  of  3 times  the  mean  shear  stress  quoted  by  Kistler  and  Chen  (Ref.  58)  for  a two-dimensional,  sub- 
sonic, attached  flow,  beneath  a reasonably  "quiet"  free  stream.  The  spectra  at  zero  angle  of  attack  (not 
shown)  exhibited  peaks  at  frequencies  of  800  and  1600  Hz.  Neither  the  levels  of  the  peaks  nor  the  areas 
beneath  them  appeared  dependent  on  roll  orientation  or  angle  of  Incidence,  however,  and  these  peaks  were 
not  filtered  out  In  the  results  to  be  presented.  The  Interference  of  the  tunnel  noise  field  on  the  develop- 
ment of  the  attached  boundary  layers,  may  well  have  a different  effect  than  on  the  free  shear  layers.  Par- 
ticular frequencies,  if  dominant,  may  excite  instabilities  In  the  latter  flow.  Under  these  circumstances 
then,  Fig.  15  also  shows  the  rms  pressure  fluctuations  at  the  0.85  station  for  the  Mach  0.6  flow  at  a rela- 
tive incidence  of  2.5.  These  fluctuating  pressures  were  measured  simultaneously  with  the  mean  pressures 
already  discussed  on  Fig.  12(c).  We  note  from  Fig.  15  that  the  absolute  level  of  rms  pressure  fluctuation 
(actually  plotted  relative  to  the  constant  dynamic  pressure  of  the  free  stream)  Increases  in  the  favorable 
pressure  gradient  from  the  windward  attachment  line  toward  the  minimum  pressure  point,  then  decreases 
smoothly  in  the  adverse  pressure  gradient  to  a minimum  value  at  the  primary  separation  line.  The  signal 
increases  rapidly  again  as  the  leeward  attachment  line  region  is  approached.  Between  the  positions  of 
primary  and  secondary  separation,  <ps i and  $s?,  there  Is  slight  evidence  that  the  fluctuation  level  once 
more  Increases  at  the  reattachment  line,  These  results  bear  comparison  with  those  beneath  two- 
dimensional  separation  bubbles  (Ref.  59),  although  the  two-dimensional  separation  Is,  of  course,  the  special 
limiting  case  of  the  more  general  swept  separation  in  three  dimensions.  Mabey  (Ref.  59)  showed  that  the 
pressure  fluctuations  caused  by  fluctuations  in  the  two-dimensional  separation  line  position  were  small, 
whereas  at  reattachment,  the  pressure  fluctuations  exceeded  those  at  the  separation  point  by  4 to  10  times. 

In  apparent  contradistinction  with  these  results,  however,  Schloemer  (Ref.  60)  and  Burton  (Ref.  61) 
have  reported  on  pressure  fluctuations  beneath  two-dimensional  attached  boundary  layers  in  both  adverse 
and  favorable  pressure  gradient  conditions,  and  found  what  appears  to  be  the  converse  of  the  pressure 
fluctuation  behavior  on  the  cone  surface.  Relative  to  a zero  pressure  gradient  flow,  <p'>/q„  was  greater 
in  the  adverse  and  less  in  the  favorable  pressure  gradients.  The  differences  were  accentuated  in  the 
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two-dimensional  flow  if  the  normalizing  parameter  for  the  rms  wall  pressures  was  the  wall  shear  stress. 

8ut,  it  should  be  noted  that  If  the  cone  surface  rms  pressure  data  are  plotted  with  respect  to  the  resul- 
tant wall  shear  stress,  a corresponding  accentuation  relative  to  the  zero  pressure  gradient,  a » 0°  case, 
is  to  be  seen  in  Fig.  15, 

On  the  basis  of  the  dimensionless  pressure  measurement  hole  parameter,  (dpuT)/\>,  which  is  upward  of 
300  in  our  Mach  0.6  experiment,  we  are  probably  missing  the  dramatic  increase  in  intensity  of  the  small- 
scale  pressure  fluctuations  that  Emnierling  (Ref.  62)  has  noted,  for  example  (see  Ref.  56).  This  parameter 
should  be  less  than  50  if  the  small-scale  fluctuations  are  to  be  measured.  But  it  will  be  shown  that  the 
pressure  fluctuations  are  dominated  by  low-frequency  components  in  the  adverse  pressure  gradient  regions  so 
that  loss  of  high-frequency  response  would  not  explain  the  substantial  difference  between  the  two-dimensional 
and  the  three-dimensional  results.  Neither  would  we  expect,  perhaps,  that  the  grazing  shear  flow  over  a 
surface  orifice  would  produce  changes  in  acoustical  impedance  of  the  port  (which  are  dependent  on  frequency) 
that  were  large  enough  to  overturn  the  trends  seen  at  the  cone  surface.  Willmarth  and  Vang  (Ref.  63) 
showed  that  the  transverse  curvature  of  the  model  surface  alters  the  large  eddies  significantly;  but  their 
boundary- layer  thickness  was  of  order  of  model  cross-section  diameter,  whereas  on  the  cone,  it  is  1/1 00 
of  the  local  cone  diameter. 


If  the  rms  pressure  results  are  not  spurious  because  of  the  high  background  noise  level,  then  the 
character  difference  may  be  attributable  to  the  escape  provided  to  the  flow  in  a three-dimensional  separa 
tion  in  contrast  with  the  two-dimensional  case. 


The  behavior  of  the  rms  values  of  output  voltage  signal  (made  nondimensional  with  respect  to  the  flow- 
based  signal  strengths)  for  each  of  the  buried  hot-wire  pair  on  the  cone  surface,  peak  at  the  separation 
lines.  Figure  16,  for  example,  presents  the  normalized  fluctuations  from  one  wire  to  illustrate  that  these 
peak  levels  are  more  than  double  those  beneath  the  attached  (and  reattached)  flow  regions.  The  second  wire 
provided  essentially  the  same  normalized  output  so  that  the  normalization  virtually  removes  the  sensitivity 
to  yaw. 


If  conduction  losses  are  negligible  from  the  wire  to  the  substrate,  and  if  the  wire  is  normal  to  the 
local  shear  stress  direction,  we  may  see  from  Eq.  (1)  that  the  mean  square  of  the  voltage  fluctuation  at 
the  wire  is  related  to  the  pressure  and  shear  stress  fluctuations 
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The  order  of  the  present  results  implies  that  at  separation,  if  <p'>/Pw  is  a minimum  (see  Fig.  15)  and 
<e'>/E  Is  a maximum,  then  <t'>/tw  must  be  large  for  the  equality  to  be  valid,  irrespective  of  the  cor- 
relation between  p1  and  t'.  Along  a line  of  divergence  of  limiting  streamlines,  < p 1 > / pw  is  large, 

<e'>/E  is  small,  and  hence  <t'>/tw  must  be  equal  to  the  order  of  the  pressure  fluctuation  with  a negative 
correlation.  In  other  words,  the  shear  stress  fluctuations  are  large  both  at  the  separation  lines  and 
along  the  attachment  line  regions  corresponding  to  large  gradients  of  fluctuating  velocity.  Let  us  now 
look  at  the  correlations  between  values  of  the  fluctuating  voltage  at  different  Instants  of  time  for  the 
same  hot  wire  that  was  shown  in  Fig.  16;  for  how  the  correlation  coefficient  decreases  with  increasing 
time  depends  on  the  character  of  the  turbulence.  Seven  such  autocorrelations  are  presented  in  Fig.  17, 
corresponding  to  circumferential  positions  on  the  cone  surface  between  90"  < $ < 180°.  The  correlation 
functions  all  decrease  toward  zero,  inore-or-less  monotonically,  falling  faster  Initially  from  unity  in 
the  favorable  pressure  gradient  three-dimensional  boundary  layer  (e.g.,  at  * » 90°)  than  in  the  retarded 
flow  U 1 135°,  140°).  This  corresponds  with  a preponderance  of  energy  at  higher  frequencies  In  the 
attached  flow  and  at  lower  frequencies  in  the  retarded  flow.  At  the  separation  lines,  these  large-scale 
motions  give  rise  to  the  rms  overshoots  from  the  buried  hot  wire  observed  on  Fig.  16,  and  the  overshoots 
In  pressure  fluctuation  normalized  by  the  mean  shear  stress  on  Fig.  15.  The  correlation  curves  demonstrate 
the  substantial  chanqes  in  lee-side  flow  toward  and  subsequent  to  primary  separation.  A normalized  time 
scale  in  terms  of  outer  flow  variables  such  as  (tQU»)/6*  is  not  used  because  the  boundary- layer  displace- 
ment thickness  is  unknown. 


We  may  deduce  some  important  notions  concerning  the  eddy  structure  In  the  flow  from  the  curvature  of 
the  correlation  curves  (Ref.  64).  All  component  eddies  are  roughly  of  the  same  size  when  the  curvature  Is 
not  especially  large  anywhere.  Such  behavior  Is  noted  In  the  adverse  pressure  qradlent  flow  U * 135°, 

140°,  and  up  to  $ * 145°)  where  large  eddies  dominate.  (An  approximate  measure  of  the  "longest  connection 
in  turbulent  behavior"  (Ref.  65)  may  be  gained  from  the  area  beneath  the  correlation  curve,  and  pro- 

vides the  largest  area.)  The  same  characteristic  is  also  shown  In  the  very  thin  boundary  layer  along  the 
leeward  meridian  where  small  eddies  must  be  the  overwhelming  constituents.  A wide  range  of  eddy  sizes,  on 
the  other  hand,  is  indicated  by  local  regions  of  high  curvature  in  the  correlation  curves.  This  may  occur 
near  the  origin,  but  cannot  be  ascertained  categorically.  Alternatively,  when  there  are  two  distinct 
ranges  of  eddy  size  present,  the  correlation  curve  appears  as  a summation  of  two  correlation  functions  of 
substantially  different  scales.  We  note  this  characteristic,  In  particular,  for  the  boundary  layer  having 
reacted  to  the  favorable  pressure  gradient  {$  ■ 90"),  then  a diminution  of  this  property  through  the  primary 
separation  region  to  begin  again  at  the  reattachment  line,  fA  s ’55°.  The  two  ranges  of  eddy  size  would 
also  appear  to  exist  at  the  secondary  separation  line,  $>s2  » 160°,  from  which  a colled  vortex  does  not 
appear  to  have  developed  yet  (see  Fig.  9). 

The  autocorrelation  Is  related  approximately  to  the  spectral  density  by  a Fourier  transform.  Spectra 
are  shown  In  Fig.  18  corresponding  to  most  of  the  autocorrelations  displayed  in  Fig.  17.  The  ordinates  are 
in  the  ratio  of  the  mean  square  values  of  voltage  fluctuation  at  each  circumferential  station  divided  by 
the  value  at  primary  separation.  In  conjunction  with  previous  observations,  as  the  three-dimensional 
boundary  layer  thickens  progressively  toward  $si,  the  energy  associated  with  the  large  eddies  spreads  to 
lower  frequencies  (as  is  the  case  at  $S2  also).  The  converse  Is  noted  along  the  leeward  meridian.  When 
two  distinct  ranges  of  eddy  size  exist,  the  spectrum  functions  should  also  take  a noticeable  two-component 
form  similar  to  those  of  the  correlation  functions,  as  we  see  at  “ 1550  and  ♦sz  ” 160°- 
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Having  witnessed  these  substantial  changes,  it  would  appear  that,  in  calculating  complex, 
three-dimensional  viscous  flows  leading  to  separation,  the  use  of  turbulence  models  that  do  not  recognize 
the  large  changes  in  spectra  in  at  least  a qualitative  way  will  not  be  representative  of  the  physics  of 
the  flow. 

. 3.2  Lee-Side  Flow  About  a Tangent-Ogive/Cylinder 

3.2.1  Mean  Flow  Field 

As  mentioned  previously,  some  supportive  three-dimensional  laser  velocimeter  measurent  'ts  of  mean  and 
fluctuating  velocity  about  a slender  tangent  ogive/cylinder  (Fig.  19)  were  obtained  by  Owen  and  Johnson 
(Ref.  49)  at  a relative  incidence  of  2.3.  The  measurements  were  made  in  the  Ames  0.S-  by  0.6-m  (2-  by  2-ft) 
Transonic  Wind  Tunnel  at  a Mach  number  of  0.6  and  Reynolds  number  based  on  the  0.3-m  (1-ft)  total  length 
of  the  body,  equal  to  Ri  » 2 * 106.  The  velocity  field  in  the  wake  was  measured  with  a two-color  forward 
scatter  frequency-offset  laser  velocimeter,  allowing  two  velocity  components  perpendicular  to  the  axis  to 
be  obtained  simultaneously.  Since  we  are  seeking  three  velocity  components,  however,  two  sets  of  measure- 
ments must  be  taken.  In  the  first  set,  the  laser  beams  were  normal  to  the  tunnel  axis  so  that  the  axial  (u) 
and  vertical  (w)  velocity  components  were  found.  From  these  two  components  could  be  obtained  the  vertical 
velocity  in  the  crossflow  plane  perpendicular  to  the  body  axis  (see  Fig.  19).  For  the  second  set,  the 
transmitting  optics  were  rotated  30°  about  the  z-axis  and  measurements  taken  again.  Now,  one  velocity  com- 
ponent measured  was  again  the  vertical  velocity  whereas  the  second  was  a combination  of  the  axial  velocity  (u) 
and  the  lateral  velocity  (v)  in  wind-tunnel  coordinates.  Thus,  since  the  axial  velocity  had  already  been 
measured,  the  lateral  velocity  could  be  calculated.  In  other  words,  the  lateral  velocity  in  the  crossflow 
plane  is  obtained,  since  it  is  the  same  in  both  wind-tunnel  and  body  coordinates. 

Bragg  cells,  which  produced  zero-velocity  frequency  offsets  in  both  color  systems,  were  incorporated 
to  remove  directional  ambiguity  from  the  measurements.  Without  this  capability,  Owen  and  Johnson  (Ref,  49) 
have  cautioned  against  believing  any  measurements  in  flows  that  are  unsteady  or  possess  a high  degree  of 
turbulence.  Since  with  increasing  Mach  number  the  helix  angle  of  a streamtube  becomes  smaller  with  lespect 
to  the  axis  of  the  vortex,  larger  axial  distances  are  required  for  particles  to  reach  the  core  regions. 

Thus  an  artificial  aerosol  was  introduced  into  the  wind-tunnel  flow  to  provide  adequate  intensity  of  the 
scattered  light  with  a count  mean  diameter  of  0.7  micron.  Additional  details  of  the  instrumentation  are 
given  in  Ref.  49. 

Figure  20  shows  the  crossflow  velocity  vector  field  at  4 diameters  from  the  nose,  just  aft  of  the 
ogive/ cylinder  junction  where  we  detect  that  the  vortex  core  positions  are  located  along 
z/d  ~ 0.9  at  y/d  ~ 0.3.  Note  the  slight  asymmetry,  but  the  resemblance  to  the  cone  lee-side  flow.  The 
vertical  velocities,  w,  in  the  crossflow  plane  are  plotted  in  Fig.  21,  the  maximum  down-flow  values 
(~u»)  occurring  in  the  pitch  plane  of  symmetry  as  the  leeward  meridian  is  approached.  This  large  down- 
flow is  a relatively  narrow  region  between  the  rotational  pair  and  is  highlighted  as  an  intense  line  of 
maximum  vapor  concentration  In  the  cone  crossflow  visualization  displayed  in  Fig.  8 (and  see  later, 

Fig,  26).  The  velocity  gradient  through  the  core  region  at  z/d  ~ 0.9  is  virtually  infinite  on  the  scale 
of  measurement  resolution  as  it  is  on  the  axial  velocity  distributions  displayed  in  Fig.  22.  At  the  sta- 
tions approaching  the  leeward  meridian  where  the  crossflow  is  largest,  the  axial  velocity  is  lowest.  The 
axial  velocity  then  increases  very  rapidly  across  the  vortex  to  a value  overshooting  the  free-stream  by 
about  20%. 

Lateral  crossflow  velocities  (v)  resolved  from  the  measurements  normal  to  and  30°  to  the  tunnel  axis 
are  shown  in  Fig.  23.  As  expected,  a pass  through  the  core  positions  at  z/d  = 0.9  shows  virtually  zero 
velocity.  Moving  to  traverses  above  and  below  the  vortex  centers  shows  the  lateral  velocities  to  be  at 
maximum  levels  at  y/d  values  in  line  with  the  cores. 

3.2.2  Fluctuating  Velocities 

Somei  insight  Into  the  turbulent  and  unsteady  nature  of  the  vortex  flow  field  about  the  ogive-cylinder 
has  also  been  obtained  with  the  laser  velocimeter.  These  data  in  Figs.  24  and  25,  obtained  at  z/d  = 0.9 
through  the  vortex  cores,  show  peaks  in  the  rms  velocity,  one  on  each  side  of  the  pitch-plane  close  to  the 
regions  of  maximum  mean  velocity  gradient  (the  core  centers?).  In  addition,  the  rms  fluctuation  levels 
remain  substantial  in  regions  of  small  Mid  zero  mean  velocity  gradient,  suggesting  that  large  scale  turbu- 
lence is  present  throughout  the  lee-side  domain. 

3.3  Asymmetrical  Separation  of  the  Lee-Side  Cone  Flow 

Figure  26  is  a laser-vapor  screen  crossflow  picture  of  the  Mach  0.6  lee-side  separated  flow  about  the 
cone  once  asymmetry  has  cortinenced  at  a relative  incidence  just  less  than  3.  As  the  symmetry  developed,  the 
vortices  began  "bumpinq  together"  with  Increasing  unsteadiness  to  cause  large  values  of  rms  side  force  even 
when  the  mean  side  force  was  near  zero.  At  this  particular  combination  of  Mach  number,  Reynolds  number, 
and  configuration  of  4 % nose  bluntness,  the  starboard  vortex  moved  away  from  the  surface  and  the  port  vor- 
tex remained  more-or-less  stationary.  As  Incidence  increased  to  hlqher  values,  the  unsteady  Interaction 

between  the  vortices  increased  in  Intensity  and  the  starboard  vortex  moved  even  farther  from  the  surface 

and  rolled  over  the  port  side  rotational  flow.  In  so  doing,  the  entire  lee-side  flow  indicated  diffusion 
of  the  well -organized  helical  vortex  structures  but  there  was  no  visual  evidence  of  periodic  shedding. 

Along  with  this  movement  of  the  lee-side  flow,  we  would  expect  the  resultant  force  vector  to  move 
towards  the  side  of  the  cone  to  which  one  vortex  Is  closest.  This  is  seen  in  Fig.  27,  where  in  the  subsonic/ 

transonic  Mach  number  range  0.6  < M*  < 0.95  (at  R|_ro  ■ 13.5  x 106),  the  initial  direction  of  side-force 

development  remains  the  same.  As  Mach  number  increases  to  supersonic  speeds,  the  start  of  the  side  force 
Is  less  precise.  Therefore,  the  critical  angles  of  Incidence  for  onset  of  side-force  development  are 
plotted  in  Fig.  28  as  where  the  mean  side  force  has  reached  5%  of  the  normal  force.  We  detect  that  depend- 
ing on  the  nose  bluntness,  free-stream  Mach  number,  Reynolds  number  (and,  no  doubt,  the  unknown  free-stream 
fluctuation  level),  the  onset  angle  of  incidence  varies  between  2.5  and  4.5  times  the  cone  seminose  angle. 

This  range  is  somewhat  higher  than  the  nominal  values  of  2 reported  for  sharp  forebodies  by  Keener  and 
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Chapman  (Ref.  6)  at  Mach  numbers  less  than  0.6.  It  is  clear  that  operating  with  a sharp  apex  causes  an 
earlier  onset  of  side  force  as  does  the  very  high  Reynolds  number  of  35  x 106.  Up  to  Mach  1,  on  the 
other  hand,  whereas  the  same  observation  can  be  made  for  the  13.5  x 10s  relative  to  the  4.5  x io6 
tests,  the  reverse  is  true  In  supersonic  flow. 

The  effect  of  rolling  the  cone  in  90°  Increments  and  then  pitching  through  the  a range  is 
illustrated  in  Fig.  29  at.  a constant  length  Reynolds  number  of  13.5  x io6.  For  roll  angles  180°  apart, 
the  side-force  development  is  in  opposite  dii actions  as  we  might  suppose  if  it  were  a small  geometrical 
imperfection  at  the  nose  systematically  perturbing  the  flow  development.  Figure  29  shows  also  that  lower- 
ing the  Reynolds  number  from  13.5  x io6  (essentially  turbulent)  to  4.5  x 10s  (perhaps  transitional) 
delays  the  onset  of  side  force  and  shows  that  repeatability  at  a given  test  condition  is  good. 

Me  await  laser  veloclmeter  measurements  in  the  crossflow  to  report  on  the  fluctuations  in  the  lee- 
side  flow  as  asymmetry  develops. 

4.  CONCLUSIONS 

Based  on  relatively  high  Reynolds  number  measurements  of  mean  and  fluctuating  flow  quantities  on  the 
surface  of  a yawed  5°  semiangle  circular  cone  at  a Mach  number  of  0.6  in  association  with  overall  force, 
laser-vapor  screen,  and  mean  surface  pressure  measurements  in  the  expanded  Mach  number  range 

0.6  < M„  < 1.8,  we  conclude  that: 

1.  The  development  of  the  viscous  flow  and  separation  about  this  cone  at  low  Mach  numbers  follows 
closely  the  diagnosi'  of  Rainbird  (Refs.  28,  29)  at  higher  Mach  numbers.  As  the  relative  incidence 
Increases,  there  is  a progressive  quasi-steady  development  of  symmetrically  disposed  lobes  of  vortical 
fluid  that  eventually  form  tightly  coiled  vortices  close  to  the  leeward  plane  of  symmetry.  Secondary  sepa- 
rations from  the  surface  are  found  beneath  the  primary  vortices  with  further  increase  of  incidence.  When 
the  relative  incidence  exceeds  about  2.5,  the  lee-side  flow  becomes  increasingly  unsteady  and  anti- 
symmetrical  with  respect  to  the  pitching  plane  causing  substantial  side  forces  to  develop  of  magnitude 
near  the  values  of  normal  force. 

2.  In  subsonic  flow,  the  fluctuation  voltage  levels  from  buried  wires  in  the  cone  surface,  provided 
evidence  of  an  increase  in  turbulent  eddy  size  as  the  primary  separation  line  was  approached,  and  a decrease 
of  eddy  size  in  the  thin  boundary-layer  leeward  attachment  line  region.  At  the  separation  lines,  these 
large-scale  motions  give  rise  to  overshoots  in  rms  fluctuating  voltage  levels  from  the  burled  wires  in  the 
surface,  and  overshoots  in  rms  pressure  fluctuations  when  normalized  by  the  mean-shear  stress.  Notwith- 
standing, the  absolute  level  of  ms  pressure  fluctuation  decreased  in  the  circumferential  adverse  pressure 
gradient  to  a minimum  at  the  positions  of  the  conical  separation  lines,  and  increased  to  a maximum  at  the 
leeward  attachment  line.  This  behavior  is  contrary  to  that  found  beneath  two-dimensional  attached  boundary 
layers  in  adverse  and  favorable  pressure  gradients  by  other  experimenters. 

3.  The  resultant  mean-shear  stress  was  always  finite,  being  lower  at  the  separation  line  positions 
and  higher  at  the  attachment  lines. 
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PRESSURES  ON  A SLENDER  BODY  AT  HIGH  ANGLE  OF  ATTACK 
IN  A VERY  LOW  TURBULENCE  LEVEL  AIR  STREAM 
by 

B.  L.  Hunt  and  P.  C.  Dexter 

Department  of  Aeronautical  Engineering,  University  of  Bristol, 
Queen's  Building,  University  Walk,  Bristol,  BS8  1TR 


SUMMARY 

This  paper  reports  experimentally  measured  transient  pressures  at  low  speeds  on  a 
model  consisting  of  g circular  cylinder  with  a tangent  ogive  nose  in  the  angle  of  attack 
range  from  30°  to  90°.  Great  care  was  taken  to  eliminate  extraneous  disturbances:  a 
wind  tunnel  with  an  extremely  low  level  of  free  stream  turbulence  (approx.  0.01!?)  was 
used,  the  model  was  rigidly  mounted  and  efforts  were  made  to  ensure  laminar  separation 
without  turbulent  re-attachment . By  comparing  the  results  with  those  obtained 

previously  on  the  same  model  in  similar  tests  at  a higher  level  of  free  stream  turbulence 
(approx.  0.7%)  it  is  shown  that  there  is  a dramatic  reduction  in  unsteadiness  in  the  low 
turbulence  level  air  stream  and  switching  of  the  flow  pattern  is  virtually  eliminated. 
However,  it  is  also  found  that  the  mean  unswitched  level  is  dependent  on  the  roll  angle 
of  the  model  and  hence  that  strict  control  of  the  free  stream  conditions  is  not 
sufficient  to  guarantee  results  which  are  independent  of  the  experimental  equipment. 

Some  details  of  the  inherent  unsteadiness  present  in  the  flow  pattern  are  presented. 

NOTATION 

a speed  of  sound 

d diameter  of  cylinder 

k . . minimum  height  of  roughness  to  promote  transition 
crx  c 

Re  Reynolds  number,  Ud  coseca/v 

p*  fluctuating  pressure 

U free  stream  velocity 

u'  fluctuating  velocity 

UT  friction  velocity,  ( tw / p ) ^ 

x axial  distance  measured  from  tip  of  nose 

« angle  of  attack 

ACp  coefficient  of  pressure  difference  based  on  cross  flow  dynamic  head,  Ap/JpU2sin2ct 
ACM  amplitude  of  fluctuations  of  pressure  difference  coefficient 
5cp  mean  value  of  pressure  difference  coefficient 

Ap  difference  between  surface  pressures  at  points  t 75°  from  leading  generator 

p density 

<(>  roll  angle 

t wall  shear  stress 

w 


1.  INTRODUCTION 

The  existence  of  aerodynamic  side  forces  on  slender  bodies  of  revolution  at  high 
angles  of  attack  was  first  reported  twenty  five  years  ago1*2  but  little  further  work  was 
done  during  the  subsequent  fifteen  years.  Since  the  late  1960s,  however,  the  desire  to 
enlarge  the  flight  envelopes  of  bot!  missiles  and  military  aircraft  has  promoted  a large 
number  of  investigations  of  the  phenomenon.  References  to  many  of  these  may  be  found 
in  a paper  by  Nielsen,5  very  recent  work  has  mostly  been  reported  in  two  AIAA 
conferences . » 5 

Despite  the  intensive  research  effort  of  the  last  ten  years,  very  little  under- 
standing of  the  mechanisms  by  which  the  side  force  is  determined  has  been  achieved.  One 
feature  which  has  been  established  in  numerous  studies  is  that  the  side  force  is 
associated  with  an  asymmetric  vortex  pattern  in  the  lea  of  the  body;  an  idealised  sketch 
of  the  vortices  is  shown  in  Figure  1.  However,  few  reliable  details  of  the  vortex 
pattern  are  known  and  its  relationship  to  the  sectional  side  force  distribution  is  not 
understood. 

Probably  the  major  barrier  to  progress  has  been  the  difficulty  of  obtaining  meaning- 
ful experimental  results.  If  the  published  data  is  studied,  certain  trends  emerge  but 
it  is  usually  not  difficult  to  fLrid  unexplained  exceptions.  Furthermore,  large  discre- 
pancies exist  between  the  results  obtained  by  different  workers  and  the  data  often  do 
not  vary  smoothly  with  the  independent  parameters.  The  extent  of  the  difficulty  is 
illustrated  by  the  study  conducted  by  Wardlaw  and  Morrison.6  They  attempted  to 
correlate  all  the  measured  values  of  overall  side  force  against  conventional  flow  and 
geometric  parameters.  However,  they  found  the  scatter  to  be  so  great  that  they  were 
forced  to  adopt  the  view  that  these  flows  are  non-deterministic  and  hence  that  the  data 
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must  be  treated  by  linear  regression  techniques. 

Previous  experimental  studies  have  given  some  clues  to  the  origins  of  these  diffi- 
culties. One  of  the  most  striking  peculiarities  observed  by  most  (but  not  quite  all) 
of  the  experimenters  who  have  looked  for  it  is  the  variation  (in  both  direction  and  mag- 
nitude) of  the  side  force  with  roll  angle.  Work  by  Keener  et  al.7>*  has  provided 
strong  evidence  that  this  effect  is  somehow  related  to  the  detailed  geometry  or  surface 
roughness  of  the  tip  of  the  nose.  It  is  also  a common  experience  that  the  force  can  be 
substantially  altered  by  a change  in  surface  conditions,  such  as  i3  produced  by  a coat 
of  paint.  Again,  the  work  of  Keener  et  al.*  provides  evidence  of  this  behaviour.  It 
thus  seems  that  one  of  the  sources  of  experimental  problems  is  an  extreme  sensitivity  to 
details  of  the  model,  particularly  to  the  condition  of  the  nose. 

Another  cause  of  experimental  difficulties  is  unsteadiness.  Lamont  and  Hunt' 
recorded  the  transient  behaviour  of  the  difference  between  two  surface  pressure  tappings 
at  equal  angles  from  the  leading  generator  of  the  body.  Two  examples  of  the  traces 
obtained  are  shown  in  Figure  2.  It  is  clear  that  in  Figure  2(a)'  a complete  switch  of 
the  flow  pattern  has  occurred  from  one  state  to  its  mirror  image  state.  The  trace  in 
Figure  2(b)  is  less  clear  but  again  temporary  changes  in  sign  are  present.  After 
studying  a large  number  of  traces,  Lamont  and  Hunt  came  to  the  conclusion  that  the  major 
fluctuations  are  caused  by  a switching  of  the  flow  pattern  towards  and  sometimes  into 
the  mirror  image  state.  Since  there  appears  to  be  a degree  of  stability  in  at  least 
one  of  the  two  states,  the  switching  must  be  caused  by  external  disturbances.  Lamont 

and  hunt  suggested  that  the  disturbances  in  their  tests  came  from  free  stream  turbulence. 
They  showed  by  simple  estimates  that  the  observed  behaviour  was  consistent  with  the 
scale  and  intensity  of  turbulence  in  the  wind  tunnel.  They  have  pointed  out10»1!  that 
model  vibration  is  another  source  of  external  disturbances  which  is  likely  to  cause 
switching.  It  is  clear  that  if  Lamont  and  Hunt  are  correct,  then  time  averaged  measure- 
ments which  are  taken  in  the  presence  of  unsteadiness  will  depend  on  the  free  stream 
turbulence  level  and  on  the  dynamic  behaviour  of  the  model  support.  Clark12  has 
observed  the  wake  flow  using  a water  tunnel  and  he  supports  the  notion  that  unsteadiness 
is  due  to  free  stream  turbulence  and  to  model  vibration.  However,  he  suggests  that  the 
transient  behaviour  i3  more  complex  than  that  proposed  by  Lamont  and  Hunt.  According 
to  Clark,  a number  of  different  vortex  patterns  can  exist  and  the  flow  jumps  from  one 
pattern  to  another  under  the  influence  of  external  disturbances. 

Lamont  and  Hunt's  transient  records  showed  differences  in  switching  pattern  with 
roll  angle  while  the  inferred  unswitched  levels  seemed  to  be  unaffected.  This  lead 
Lamont  and  Hunt  to  suggest 1 0 » 1 1 that  the  observed  influence  of  roll  angle  on  the  time 
averaged  readings  would  be  eliminated  if  the  unsteadiness  were  eliminated.  Some  support 
for  this  possibility  is  given  by  the  fact  that  results  which  are  independent  of  roll 
angle  have,  occasionally,  been  obtained . 1 * i 1 4 

The  work  reported  here  sets  out  to  check  Lamont  and  Hunt's  notion  of  the  importance 
of  free  stream  turbulence.  Great  care  has  been  taken  to  avoid  switching.  Lamont  and 
Hunt's  simple  estimate*  of  the  effect  of  free  stream  turbulence  indicates  that  switching 
should  virtually  cease  when  the  turbulence  level  is  reduced  to  O.lX.  However,  this 
value  is  unlikely  to  be  very  accurate  and  a wind  tunnel  has  been  chosen  with  the  lowest 
turbulence  level  that  is  likely  to  be  achievable  in  practice,  approximately  O.OlJ,  The 
other  features  of  the  experiment  are  that  the  model  is  extremely  rigidly  clamped  and  an 
attempt  has  been  made  to  avoid  turbulent  reattachment  of  the  flow.  The  model  used  is 
the  same  as  that  used  by  Lamont  and  Hunt  and  hence  a comparison  of  the  present  results 
with  those  obtained  earlier  by  Lamont  and  Hunt  shows  the  direct  effect  of  a change  to  a 
wind  tunnel  of  much  lower  free  stream  turbulence. 

2.  APPARATUS 

Result's  will  be  presented  from  both  the  Bristol  University  2.1  m x 1.5  m wind  tunnel 
and  the  Royal  Aircraft  Establishment  1.2  m x 0.9  m wind  tunnel.  Both  are  low  speed 
tunnels.  The  R.A.E.  tunnel  has  a contraction  ratio  of  31:1  which  gives  a streamwise 
turbulence  level  of  approximately  0.01K  over  roughly  the  central'  1 m x 0.8  m'of  the 
tunnel.  Full  details  of  the  tunnel  characteristics  are  given  in  References  15-17.  No 
direct  measurements  of  turbulence  level  have  been  carried  out  as  part  of  the  current 
series  of  tests  but  the  level  of  pressure  fluctuations  on  the  model  at  zero  incidence  has 
been  obtained  and  will  be  discussed  later.  The  Bristol  tunnel  has  a much  smaller  con- 
traction ratio  (5:1).  This  and  other  factors  contribute  to  producing  a streamwise 
turbulence  level  of  approximately  0.7X.1'  This  is  quite  high  for  a low  speed  tunnel  but 
low  compared  to  the  level  which  might  be  expected  in  transonic  or  supersonic  facilities, 
where  many  overall  force  measurements  have  been  made. 

The  same  model  was  used  in  both  tunnels.  It  is  the  transient  model  of  Lamont  and 
Hunt's  tests,’  a sketch  can  be  seen  in  Figure  3.  The  constant  diameter  section  is  51  mm 
in  diameter  and  contains  four  pressure  tapped  stations  spaced  51  mm  apart,  each  with  four 
pairs  of  pressure1  tappings,  as  shown  in  Figure  3 • The  nose  of  the  model  can  either  be 
fitted  directly  on  to  the  measuring  section  or  on  to  an  untapped  section  of  length  four 
diameters  which  is  then  attached  to  the  measuring  section;  it  is  thus  possible  to  obtain 
measurements  at  one  diameter  spacing  extending  from  one  diameter  to  eight  diameters  from 
the  nose  junction.  Several  nose  pieces  were  used:  the  results  shown  here  were  all 
obtained  with  a sharp  tangent  ogive  having  a length  to  maximum  diameter  ratio  of  3.  A 
constant  diameter  rear  support  section  completes  the  model:  this  was  clamped  rigidly  to 
the  rioor  and  roof  of  the  tunnel  by  means  of  a 51  mm  diameter  vertical  pylon.  The 
clamps  were  located  sume  six  diameters  aft  of  the  most  rearward  measuring  station.  Any 
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angle  of  attack  in  the  range  0 to  90°  could  be  achieved.  No  vibration  of  the  nose  tip 

was  visible  when  running  except  a slight  motion  at  angles  of  attack  around  70°.  In  the 

R.A.E.  tunnel,  the  nose  could  be  observed  through  a telescope  which  would  have  revealed 

a movement  of  ± 0.02  mm.  f 

The  surface  pressures  were  recorded  as  the  difference  between  two  points  symmetri- 
cally disposed  a^out  the  plane  of  incidence;  the  tests  reported  here  all  used  the 
tappings  at  ± 75  from  the  leading  generator.  The  measured  values  are  therefore 
directly  related  to  the  magnitude  of  the  sectional  side  force.  In  the  Bristol  tunnel 
and  in  early  tests  in  the  R.A.E.  tunnel,  the  pressure  difference  was  obtained  by  connec- 
ting the  pressure  tappings  across  a ± 0.1  p.s.i.d.  Scanco  variable  reluctance  transducer 
mounted  inside  the  model.  However,  some  concern  was  felt  at  feeding  a fluctuating 
pressure  to  the  back  of  the  transducer  and  a new  system  was  adopted.  This  used  two 

transducers,  each  connected  to  one  of  the  ports  and  with  a common  steady  backing  pressure  , 

(the  tunnel  free  stream  static  pressure,  appropriately  damped);  the  difference  of  the 
outputs  was  then  taken  electrically.  In  this  arrangement,  the  two  transducers  were 
l Setra  ± 0.1  p.s.i.d.  variable  capacitance  type.  A comparison  of  identical  tests  in  the 

i R.A.E,  tunnel  using  the  two  different  systems  shows  good  agreement  and  the  results  with 

the  single  transducer  are  believed  to  be  perfectly  reliable.  Nonetheless,  the  second 
arrangement  is  preferable  in  principle  and  was  retained.  In  all  cases,  the  pressure 
' tubing  was  kept  as  short  as  possible.  The  system  was  estimated  to  be  able  to  respond 

to  a signal  of  400  Hz  without  significant  attenuation.  The  output  was  passed  via  a 
drive  amplifier  to  an  ultra-violet  recorder. 

3.  TESTING 

Tests  were  conducted  at  values  of  Reynolds  number  in  the  range  0.4  x 105  to 
1.4  x 105  where  the  Reynolds  number  is  defined  as  Ud/vsina  and  U is  the  free  stream 
velocity,  d is  the  diameter  of  the  cylindrical  section,  v is  the  kinematic  viscosity  and 
a i 3 the  angle  of  attack.  A justification  for  the  use  of  this  definition  is  given  by 
Lamont  and  Hunt.*  However,  the  question  of  the  most  appropriate  definition  is  by  no 
means  settled  and  alternative  views  may  be  found  in  References  12,  19  and  20.  In  any 
event,  it  wa3  hoped  that  sufficient  margin  was  left  so  that  the  results  would  not  be  ' 

influenced  by  random  effects  from  turbulent  reattachment  (but  see  the  discussion  in 
Section  4.3).  i 

The  other,  major  parameters  which  were  varied  were  angle  of  attack,  a,  axial  location 
of  the  measuring  station,  x/d,  and  roll  angle,  <|> . Up  to  six  roll  angles  could  be  j 

obtained  for  equivalent  circumferential  locations  of  the  pressure  tappings.  Very  great  i 

care  was  taken  in  setting  up  the  roll  angles  so  as  to  achieve  symmetry  of  the  pressure  ' 

tappings.  .j 

In  addition,  a few  ad  hoc  tests  were  carried  out  to  examine  the  effect  of  adding  ; 

imperfections  to  the  noae  in  the  form  of  plastic  tape  of  thickness  0.15  mm.  The  dimen- 
sions and  location  of  the  tape  are  shown  on  Figure  4.  | 

4.  PRESENTATION  AND  DISCUSSION  OF  RESULTS  ' 

The  pressures  were  recorded  on  the  ultraviolet  recorder  for  easy  visual  examination  i 

and  most  of  the  results  presented  here  were  traced  directly  from  these  records.  Although 
this  method  is  convenient  for  examining  the  qualitative  behaviour,  it  is  not  so  satis-  \ 

factory  when  a quantitative  analysis  is  required.  In  particular,  there  is  bound  to  bs 

a degree  of  subjectivity  about  the  mean  values  and  predominant  frequencies  which  have 
been  obtained,  by  hand,  from  the  traces  and  this  should  be  borne  in  mind  when  studying 
the  results. 

4 . 1 Zero  angle  cf  attack  i 

Figure  5 shows  traces  obtained  simultaneously  from  two  ports  in  the  same  station  on 
the  model  in  the  R.A.E.  tunnel.  Also  shown  i3  the  difference  in  pressures.  It  can  be 

seen  that  the  disturbances  present  on  the  individual  tappings  are  in  phase  and  that  the  i 

pressure  difference  is  barely  detectable.  This  situation  is  consistent  with  the  dis-  j 

turbances  being  produced  by  plane  sound  waves.  Mow,  the  magnitudes  of  pressure,  p't  and  i 

velocity,  u' , fluctuations  produced  by  plane  sound  waves  are  related  by  the  expression  j 

I 

(1) 

where  a is  the  speed  of  sound.  Taking  the  maximum  amplitudes  of  the  traces  for  the 
individual  port3  from  Figure  5,  using  Eq . ( 1 ) and  assuming  a simple  sine  wave  form  for  the  ' 

fluctuations,  one  obtains  an  estimate  of  0.012  for  the  r.m.s.  streamwise  component  of  the 
turbulence.  This  is  slightly  higher  than  earlier  measurements  of  the  sound-induced 
turbulence  level  in  this  tunnel1*  (which  were  approximately  0.0052  at  the  tunnel  speed  of 
Figure  5)  hut  considering  the  approximations  necessary  to  obtain  the  current  estimate, 
the  two  sets  of  values  are  acceptably  close.  These  measurements  provide  a measure  of 
the  pressure  fluctuations  in  the  clean  tunnel  against  which  the  values  obtained  at  angle 
of  attack  can  be  compared. 

i 

4 . 2 Unsteadiness  at  anp;le  of  attack 

One  of  the  most  important  objectives  of  this  work  was  to  study  the  effect  of  conduc- 
ting tests  in  the  low  turbulence  flow  on  the  fluctuating  component  of  the  surface 
pressures.  It  was  found  that,  except  for  values  of  a near  to  90°,  the  pressures  in  the 
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R.A.E.  tunnel  were  dramatically  more  steady  than  those  in  the  Bristol  tunnel.  A good 
example  is  provided  by  Figure  6 which  is  for  a Reynolds  number  of  1.1  x 10!  and  a = 50°. 
The  measuring  station  has  been  chosen  close  to  the  first  peak  of  the  sectional  side  force 
distribution,  as  determined  from  the  time-averaged  measurements  of  Lamont  and  Hunt.' 

The  approximate  location  on  this  distribution  is  indicated  on  sketches  on  Figure  6 and 
on  subsequent  Figures.  It  should  be  noted  that  it  cannot  be  taken  as  certain  that  the 
same  distribution  will  apply  in  the  R.A.E.  tunnel. 

It  can  be  3een  that  the  trace  from  the  Bristol  tunnel,  Figure  6(a),  attains  and 
holds  roughly  the  level  of  Figure  6(b)  for  brief  intervals,  but  is  subject  to  massive 
departures  from  thi3  level  and  reverses  sign  from  time  to  time.  This  behaviour  is 
entirely  consistent  with  the  turbulence-induced  switching  suggested  by  Lamont  and  Hunt. 
Figure  6(b)  shows  that  the  non-switching  flow  does  have  a small  inherent  unsteadiness 
but  that  this  is  unbiased  in  direction  and  a meaningful  time  average  of  such  a trace 
should  be  obtainable.  Of  course,  the  existence  of  reduced  unsteadiness  in  the  R.A.E. 
tunnel  does  not  allow  us  to  distinguish  between  the  suggestion  of  a flow  which  switches 
between  mirror  image  3tates  and  Clark's  description  of  randomly  occurring  multiple 
states.14  This  question  is  therefore  unresolved  at  present;  on  the  one  hand,  there 
are  the  transient  records,  such  as  Figure  6(a),  which  are  more  consistent  with  mirror 
image  states  and,  on  the  other,  there  are  Clark's  observations  and  photographs.14 

As  far  as  the  frequency  of  the  unsteadiness  present  in  Fig.  6(b)  is  concerned,  it 
is  difficult  to  make  any  deductions  from  the  trace  except  that  the  form  bears  little 
resemblance  to  classical  Karman  vortex  shedding  for  which  the  frequency  would  be  77  Hz, 
based  on  the  cross-flow  velocity  and  a Strouhal  number  of  0,2. 

When  the  angle  of  attack  is  reduced  to  30°,  the  situation  seen  in  Figure  7 is 
produced.  Again,  the  most  important  feature  is  the  vastly  reduced  unsteadiness  in  the 
R.A.E.  tunnel.  On  this  occasion,  however,  the  Bristol  trace  shows  much  greater  instan- 
taneous magnitudes  than  the  R.A.E.  record  and  it  appears  that  the  detailed  action  of  the 
turbulent  eddies  is  more  complex  than  originally  thought.  The  non-dimensional  level  of 
residual  unsteadiness  in  the  R.A.E.  trace  is  approximately  the  same  as  that  at  a = 50° 
(note  the  different  scales  on  Figures  6(b)  and  7(b))  and  is,  of  course,  very  much  higher 
than  the  amplitudes  measured  when  a - 0°.  The  mean  pressure  difference  has,  however, 
fallen  considerably.  Again,  Figure  7(b)  does  not  have  any  obvious  content  at  the  cross- 
flow Strouhal  frequency  which  is  32  Hz. 

Figure  8 presents  traces  obtained  at  a = 60°.  In  this  case,  the  measurements  were 
taken  close  to  the  second  peak  of  the  sectional  side  force  distribution  because  the  first 
peak  occurs  on  the  nose  at  this  angle.  Once  again,  the  influence  of  the  higher  level  of 
turbulence  is  strikingly  illustrated.  The  non-dimensional  amplitude  of  fluctuation  in 
the  R.A.E.  tunnel  is  Blightly  higher  in  this  case  than  at  the  lower  angles  although  this 
may  be  due  to  the  hieasurements  being  on  the  second  peak  (see  later  comments).  The 
nature  of  the  fluctuations  is  now  much  more  regular  and  the  frequency  obtained  by 
counting  what  were  considered  significant  peaks  produced  a value  of  10*4  Hz,  which  is  very 
close  to  the  cross-flow  Strouhal  frequency  of  99  Hz. 

Further  aft  along  the  body  at  the  last  measuring  station  which  is  located  at  x/d=ll, 
the  behaviour  is  even  more  close  to  Karman  vortex  shedding.  The  trace  is  presented  in 
Figure  9 (note  the  slightly  lower  value  of  Reynolds  number).  In  this  case,  the  mean 
value  is  almost  zero  and  the  fluctuations  are  relatively  regular  with  an  estimated 
frequency  of  88  Hz  which  is  virtually  identical  with  the  cross-flow  Strouhal  frequency  of 
90  Hz.  This  is  not  surprising  since, at  large  distances  from  the  nose,  the  body  must 
behave  like  an  infinite  yawed  cylinder,  which  is  known  to  exhibit  Karman  vortex  shedding. 
As  the  angle  of  attack  increases,  the  region  of  Karman  vortex  shedding  moves  nearer  to 
the  nose  and  at  a-75°,  the  trace  shown  in  Figure  10  is  obtained  at  x/d=5>  The  relatively 
regular  nature  of  the  fluctuations  can  again  be  seen;  the  estimated  frequency  is  again 
virtually  identical  with  the  Strouhal  frequency.  Observations  of  this  kind  were  made 
previously  by  Lamont  and  Hunt'  but  it  was  thought  to  be  worthwhile  to  confirm  them  under 
low  turbulence  conditions.  It  seems  quite  likely  that  the  unsteadiness  in  the  flow 
pattern  near  the  nose  is  either  some  form  of  incipient  vortex  shedding  or  is  induced  by 
the  forward  transmission  of  information  along  the  body  from  the  rear  portions  where 
Karman  vortex  shedding  exists. 

The  nature  of  the  traces  allow  only  approximate  values  of  AC£,  the  amplitude  of  the 
fluctuations,  to  be  obtained.  These  have  been  plotted  against  a for  a Reynolds  number 
of  ).0!  in  Figure  II.  It  can  be  seen  that  the  amplitude  is  roughly  constant  in  the  range 
30°<a<50°  and  then  rises  rapidly  as  Karman  vortex  shedding  develops. 

. 3 Effect  of  roll  angle 

The  results  presented  in  the  above  section  appear  to  throw  a good  deal  of  light  on 
the  problem  of  unsteadiness  and  hold  out  considerable  promise  that  .meaningful  timer 
averaged  readings  can  be  taken  if  a wind  tunnel  of  suitable  quality  is  available.  The 
other  source  of  difficulty  is  that  of  sensitivity  to  minute  details  in  the  experimental 
model;  this  problem'  normally  shows  up  as  a dependence  on  roll  angle.  A series  of  tests 
at  different  roll  angles  was  therefore  undertaker..  Great  care  was  taken  to  ensure  that 
the  model  was  correctly  lined  up. 

Figure  12  shows  three  traces  at  different  roll  angles  for  a=50° . It  can  be  seen 
that  the  nature  of  the  traces  is  similar  but  the  mean  levels  vary  by  up  to  a factor  of 
seven.  This  and  similar  results  at  other  angles  of  attack  show  that  the  commonly 
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observed  dependence  of  overall  force  on  roll  angle  is  not  due  to  different  patterns  of 
switching,  as  had  been  suggested  by  Lamont  and  Hunt,11  but  is  due  to  a genuine  difference 
in  the  mean  sectional  side  force.  The  variation  in  levels  of  disturbance  with  roll 
angle  which  were  observed  by  Lamont  and  Hunt  is  most  probably  due  to  the  fact  that 
changing  the  mean  level  of  side  force  in  a stream  of  given  turbulence  results  in  a 
changing  frequency  of  switching.’ 


Figure  13  shows  the  traces  obtained  at  the  reduced  value  of  Reynolds  number  of 
0.5  x 105;  it  can  be  seen  that  there  has  been  a small  change  in  the  mean  level  at  $=0° 
but,  in  general,  the  traces  are  very  similar  to  the  corresponding  traces  in  Figure  12. 


Figure  14  shows  the  variation  of  the  mean  level  of  ACp  with  a for  the  two  roll 
angles  0 and  130°;  unfortunately,  measurements  for  $=150°  (which  shows  the  strongest 
effect)  were  only  taken  at  a=30°  and  a=50°  and  are  not  shown  on  this  Figure.  The 
absolute  magnitudes  of  these  curves  have  only  limited  significance  since  the  measuring 
station  is  not  always  precisely  at  the  peak  of  the  side  force  distribution  (indeed  above 
55°  the  first  peak  occurs  on  the  nose  and  the  values  plotted  correspond  to  the  second 
peak).  However,  the  relative  magnitudes  for  the  two  roll  angles  are  significant.  It 
can  be  seen  that  the  0°  roll  anglt?  gives  consistently  higher  values  than  the  180°  roll 
angle.  This  raises  the  hope  that  the  difference  may  be  due  to  identifiable  asymmetries 
on  the  model.  In  view  of  the  results  obtained  by  Keener  et  al.,7  any  such  imperfections 
seem  likely  to  be  located  near  the  tip  of  the  no3e.  The  nose  of  the  model  was  therefore 
checked  for  eccentricity  and  surface  roughness  by  means  of  "Talyrond"  and  "Talysurf" 
machines  respectively.  The  nose  cross-section  was  found  to  depart  from  a circle  by  less 
than  0.025  mm  at  all  points  along  its  length.  It  is  difficult  to  imagine  a mechanism  by 
which  this  small  amount  of  eccentricity  can  produce  the  observed  effects,  although  the 
possibility  cannot  be  ruled  out  altogether.  The  surface  roughness  of  a tip  region  of 
axial  length  20  mm  was  found  to  be  uniform  and  the  roughness  height  to  be  less  than 
0.002  mm.  Nearer  the  base,  larger,  isolated  grooves  were  found,  the  maximum  depth  being 

0.004  mm.  The  join  between  the  nose  and  the  constant  diameter  section  gave  rise  to  a 

rather  large  step  whose  height  was  0.165  mm  at  its  maximum.  For  a two-dimensional 
laminar  boundary  layer,  it  is  generally  believed  that  there  is  a critical  value  of  rough- 
ness neight  below  which  the  roughness  has  no  effect ; 2 1 » 2 1 • 2 * above  the  critical  value, 
transition  occurs.  The  critical  height,  k^it,  for  a single  two-dimensional  roughness 
element  (such  as  a wire  on  the  surface)  is  given  by21 


U 


crit  _ j 
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where  UT  = (tw/p)!  and  xw  is  the  laminar  shear  stress  at  the  location  of  the  roughness 
element.  For  isolated  and  distributed  point  roughness  elements,  the  same  parameter 
appears  to  apply  but  the  constant  is  much  larger,  being  in  the  range  24  to  30. 2 2,22 
Consider  the  case  of  a 50  mm  diameter  cylinder  at  90°  to  the  free  stream, 
laminar  shear  stress  is  given  by  the  expression 

TpTJ’-  ^d*  = 6,36 

This  can  be  combined  with  the  critical  roughness  height  criteria  to  give 
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At  a Reynolds  number  of  10s,  these  two  expressions  respectively  give  values  of  0.035  mm 
and  0.12  mm  for  the  critical  roughness  height.  On  this  basis,  only  the  junction  between 
the  nose  and  the  body  appears  large  enough  to  have  any  effect.'  However,  while  this  com- 
parison is  helpful  as  a start  in  considering  the  significance  of  roughness  magnitudes, 
its  real  relevance  is  very  dubious  for  two  reasons.  Firstly,  most  of  the  measured 
roughness  is  in  the  form  of  circumferential  grooves  produced  during  the  turning  of  the 
nose  and  hence  the  application  of  a criterion  based  on  wires  orientated  perpendicular  to 
the  flow  is  likely  to  give  a considerable  over-estimate  of  the  value  of  kcr^t.  Secondly, 
and  more  important,  the  boundary  layer  is  in  reality  highly  three-dimensional.  Unfor- 
tunately, there  does  not  appear  to  be  any  information  on  the  effect  of  surface  roughness 
on  transition  in  a three-dimensional  boundary  layer.  A further  point  is  that  the  action 
of  the  surface  roughness  (if  any)  may  not  be  to  promote  transition;  indeed,  the  large 
range  of  Reynolds  numbers  over  which  roll  angle  effects  have  been  observed  makes  it  seem 
quite  likely  that  transition  is  not  the  cause  of  the  roll  ang^e  effect.  On  the  other 
hand,  it  is  difficult  to  think  of  another  mechanism. 


*4 . 4 Effect  of  other  asymmetries 

Certain  other  limited  studies  were  carried  out  in  the  hope  of  shedding  light  on  the 
action  of  asymmetries.  In  the  event,  the  results  deepen  the  mystery  but,  since  the 
tests  were  carefully  conducted,  the  studies  are  summarised  here. 


In  the  first  set  of  these  tests,  the  nose  normally  used  was  replaced  by  an  alterna- 
tive manufactured  to  the  same  specifications.  In  the  second  set  of  tests,  tape  of 
thickness  0.15  mm  was  added  to  the  tip  of  the  nose,  as  shown  on  Figure  4,  In  both  cases, 
measurements  of  ACp  were  taken  over  a range  of  angles  of  attack  at  the  station  nearest  to 
the  first  peak  of  sectional  side  fores  for  o<60°  and  at  the  second  peak  for  ai6o°.  The 
Reynolds  number  was  1 x 10s  and  the  roll  angle  was  set  at  the  datum  value. 


The  mean  values  of  ACp  are  presented  in  Figure  15.  It  can  be  seen  that  both  forms 
of  modification  to  the  model  have  profound  effects.  However,  it  is  startling  that  there 


appears  to  be  no  consistency  about  the  nature  of  the  effects:  for  example,  at  cs=60c, 
tape  in  location  "A"  produces  an  increase  in  the  force  but  at  a=40°,  it  reduces  the  force 
to  almost  zero.  There  is  little  significant  variation  in  the  levels  of  unsteadiness 
between  these  various  cases. 

Further  tests  were  conducted  at  a = 50°  in  which  the  tape  was  located  on  the  shoulder 
of  the  nose  (again  see  Fig.  4).  In  all  cases,  the  sense  of  ACp  was  unchanged  from  that 
with  the  plain  nose;  tape  in  location  "C"  increased  |A£p|  from  2.23  to  2.27  while  in 
location  "D"  and  simultaneously  in  locations  "C"  and  "D"  the  tape  caused  an  increase  to 
2.52.  It  thus  seems  that  the  pressures  are  much  more  sensitive  to  imperfections  near 
the  tip  of  the  nose  than  they  are  to  imperfections  elsewhere,  as  previously  discovered 
by  Keener  et  al.7 

5.  CONCLUSIONS 

The  two  most  important  findings  in  this  work  are  as  follows: 

(1)  The  surface  pressures  on  a rigidly  clamped  model  are  vastly  more  steady  in  a stream 
of  turbulence  level  equal  to  0.01)5  than  they  are  in  a stream  of  turbulence  level 

0.7%.  Meaningful  time-averaged  data  for  the  side  force  are  therefore  unlikely  to 
be  obtained  in  test  conditions  where  the  turbulence  level  is  moderate  or  high. 

(2)  The  surface  pressures  are  dependent  on  roll  angle  even  in  the  low  turbulence  level 
stream.  The  mechanism  for  this  is  unknown  at  present  but  the  implication  is  clear: 
even  strict  control  of  the  free  stream  conditions  is  not  sufficient  to  guarantee 
results  which  are  independent  of  the  experimental  equipment. 

The  following  conclusions  can  also  be  drawn: 

(3)  Some  inherent  unsteadiness  exists  in  the  flow  pattern  but  is  unlikely  to  prevent  the 
acquisition  of  reliable  time-averaged  measurements.  The  unsteadiness  has  the  form 
of  classical  Karrnan  vortex  shedding  at  very  high  angles  of  attack  and  far  from  the 
nose  at  lower  angles  of  attack. 

(4)  No  correlation  could  be  found  between  isolated  blemishes  or  surface  roughness  on  the 
nose  of  the  model  and  the  measured  variation  with  roll  angle. 

(5)  Fitting  an  alternative  nose  or  adding  tape  to  the  nose  tip  produced  large  changes  in 
the  surface  pressures  but  in  a manner  which  varied  with  angle  of  attack. 

(6)  The  addition  of  tape  to  the  shoulder  produced  relatively  little  effect,  thu3  con- 
firming .the  observations  of  Keener  et  al.7 
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FIGURE  1 


Sketch  of  idealised  wake  vortex  pattern. 


FIGURE  3 Sketch  of  wind  tunnel  model. 
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VIEW  IN  DIRECTION  A 


FIGURE  I)  Location  on  nose  of  plastic  tape  of  thickness  0.15  mrn. 
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FIGURE  5 Transient  pressures  for  a = 0°,  x/d=5,  U‘-30  m/s. 


FIGURE  6 Transient  pressure  differences  for  a=50°,  Re=l.lxl05; 

(a)  Bristol  tunnel,  x/d=4;  (b)  R.A.E,  tunnel,  x/d=5. 
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Transient  pressure  differences  for  a=30°,  Re=l.lxl05 
(a)  Bristol  tunnel;  (b)  R.A.E.  tunnel. 
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FIGURE  8 Transient  pressure  differences  for  u=60°,  Re=l.lxlO 
(a)  Bristol  tunnel;  (b)  R.A.E.  tunnel. 


FIGURE  9 Transient  pressure  differences  for  a=60  , Re  = 10 
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FIGURE 


FIGURE  11 


10  Transient  pressure  differences  for  a=75°,  Re=105,  x/d=5. 
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Variation  of  amplitude  of  fluctuating  pressure  differences  with 
ngle  of  attack  at  Re=10*. 
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FIGURE  14  Variation  of  mean  pressure  difference  with  angle  of  attack  for 
two  roll  angles  at  Re=105,  x/d=4. 
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FIGURE  15  Effect  on  mean  pressure  difference  of  minor  alterations  to  the 
nose  at  Re  = 105,  <(>=0. 
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SUMMARY 

Two  experimental  investigations  have  been  carried  out  to  study  the  interaction  with  wing  panels  of  vortices 
formed  by  flow  separation  on  the  leeside  of  the  forebody  of  an  inclined,  cruciform,  wing-body  combination. 

A low-speed  flow  visualisation  experiment,  using  the  dye  line  technique  in  a water  tunnel,  has  illustrated 
the  generation  of  the  symmetric  body  vortex  pair  in  the  incidence  angle  range  15°  to  35°.  The  phenomenon 
of  breakdown  of  the  ordered  vortex  structure  has  been  observed  when  the  vortices  pass  in  the  vicinity  of 
wing  panels  mounted  downstream  on  the  body. 

Complementary  tests  have  been  carried  out  using  a supersonic  wind  tunnel  in  which  pressure  plotting  on  a 
wing  panel  of  a geometrically  similar  wing-body  combination  has  been  performed.  Incidence  angles  in  the 
range  15°  to  25°  have  been  considered  at  a Mach  number  of  2 with  the  pressure  tapped  wing  panel  rolled  into 
the  leeside  flow  field.  Integration  of  the  pressure  distributions  has  yielded  information  on  panel  loads 
which  has  been  compared  with  estimates  available  from  semi-empirical  prediction  methods.  It  has  been  shown 
that  prediction  accuracy  is  low  for  tl.j  loads  on  panels  when  they  are  rolled  into  the  vicinity  of  the 
vortices. 
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Panel  normal  force  coefficient  « 

Pressure  coefficient  * 

Root  chord  of  wing  panel 
Vortex  interference  factor 
Vortex  identifiers 
Wing-body  interference  factor 
Mach  number 

Normal  force  on  a wing  panel 
Static  pressure  at  a wing  tapping 
Tunnel  working  section  static  pressure 
Reynolds  number  based  on  diameter  of  body 
Body  radius  at  the  base  of  the  nose 
Gross  semi-spari  of  the  wing-body  combination 
Plan  area  of  one  wing  panel 
Nett  semi-span  of  wing  panel 
Flow  free  stream  velocity 


h y P^  M sp 


P - P0D 

% y Pa,  m2 


x Longitudinal  body  co-ordinate  measured  along  centre  line  of  body  from  the  tip  of  the  nose 

x#  Longitudinal  body  co-ordinate  at  which  the  first  boundary  layer  separation  occurs 

x^  Longitudinal  wing  co-ordinate  measured  along  root  of  wing  panel  from  the  wing-body  junction 

at  the  panel  lead  ng  edge 


yw  Lateral  co-ordinate  measured  outboard  from  the  wing  panel  root 

y Lateral  co-ordinate  of  body  vortex  position 
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z Vertical  co-ordinate  of  body  vortex  position;  measured  perpendicular  to  body  longitudinal  axis 

y Ratio  of  specific  heats  for  air  = 1.4 

I'  Vortex  strength 

ACp  Difference  in  pressure  coefficients  between  upper  and  lower  surfaces  of  wing  panel  = Cp^  - Cp^ 
a Body  incidence  angle 

41  Roll  angle  of  wing  panel;  measured  positive  anti-clockwise  from  upward  vertical  when  viewed 
from  the  rear  of  the  model 

1.  INTRODUCTION 

It  is  of  prime  concern  in  the  aerodynamic  development  of  any  missile  project  that  reliable  estimates  should 
be  available  of  the  forces  and  moments  which  would  be  experienced  in  flight  by  the  configuration  under 
study. 

Whereas  overall  estimates  of  normal  force  and  pitching  moment  might  be  sufficient  in  the  early  stages,  the 
later  requirements  would  probably  also  include  assessments  of  loads  on  the  various  external  components  of 
the  total  missile,  e.g.  wing  and  tail  panels  or  those  parts  of  the  missile  between  the  panels.  A particu- 
lar case  for  which  this  information  would  be  required  is  that  of  the  derivation  of  loading  distributions 
for  stressing  purposes. 

Depending  on  the  actual  project  application,  it  might  be  necessary  for  such  predictions  to  be  made  over  a 
wide  range  of  flow  conditions  covering  low  subsonic  to  high  supersonic  Mach  numbers,  an  incidence  angle 
range  from  0°  to  25°  typically,  although  this  can  now  be  often  extended  to  90°  and  beyond  for  particular 
designs,  and  arbitrary  roll  orientations  anywhere  in  the  complete  0°  to  360°  coverage. 

Development  of  prediction  methods  within  the  Research  Department  of  British  Aerospace  (Dynamics  Group)  to 
cope  with  these  wide  ranging  requirements  has  been  in  progress  for  some  years.  Analysis  has  mainly  been 
from  the  empirical  or  semi-empirical  standpoint  by  which  predicted  results  from  existing  methods  for  normal 
force  and  pitching  moment  are  compared  with  as  wide  a range  of  experimental  data  as  can  be  found.  If 
appropriate,  modifications  are  then  made  to  the  methods  to  improve  the  estimation  accuracy.  These  modifi- 
cations mostly  take  the  form  of  factors  to  be  applied  directly  to  the  original  estimates  of  force  or  moment 
coefficient.  This  process  has,  in  the  past,  been  found  to  be  more  effective  than  an  effort  to  model  the 
details  of  the  flow  field  and,  thence,  to  calculate  the  loads. 

It  is  now  thought,  however,  that  further  significant  improvement  of  prediction  methods  can  only  be  made  by 
undertaking  research  into  flow  field  phenomena.  Such  a statement  assumes  special  relevance  in  the  context 
of  the  estimation  of  the  interference  effects  which  occur  between  the  components  of  the  missile,  since 
current  prediction  methods  have  been  developed  on  the  basis  of  an  initial  estimation  of  isolated  body,  wing 
or  tail  loads  followed  by  their  superposition  with  appropriate  interference  factors  being  applied.  One 
aspect  of  particular  importance  here  is  the  effect  of  vortices  on  the  aerodynamics  of  a missile.  Vortex 
formation  can  occur  in  many  places  and,  indeed,  may  be  a dominant  feature  of  the  flow  field.  Primary  causes 
are  flow  separation  on  the  forebody  ahead  of  the  wings  and  leading  edge  separation  on  the  wing  or  tail 
panels  themselves. 

The  phenomenon  of  body  vortex  formation  is  associated  with  moderate  and  high  body  incidence  angles. 
Initially,  the  pattern  will  be  of  symmetrical  form  but,  at  higher  incidence  angles,  it  will  be  of  an 
asymmetric  nature  leading  to  the  development  of  side  forces  and  yawing  moments  at  zero  sideslip.  For  a 
missile  application,  an  important  consideration  and  one  which  emphasises  the  need  to  fully  understand  the 
generation  of  body  vortices  and  their  subsequent  behaviour  is  the  arbitrary  roll  orientation  which  the 
missile  may  adopt.  This  could  result  in  the  wing  and  tall  panels  rolling  through  the  body  vortex  cores  so 
that  the  close  interaction  of  the  one  with  the  other  would  become  of  primary  interest. 

As  a first  stage  in  a study  of  vortex  dominated  flow  fields,  which,  it  is  hoped,  will  lead  to  improved 
prediction  techniques,  two  experimental  studies  have  been  undertaken. 

Pirstly,  a water  tunnel  flow  visualisation  experiment  has  been  performed  to  illustrate  the  generation  of  a 
symmetric  body  vortex  pair  and  to  show  their  interaction  with  wing  panels  mounted  downstream  on  the  body. 

Secondly,  some  measurements  have  been  made  in  a supersonic  wind  tunnel  to  obtain  pressure  coefficient  data 
and,  hence,  loading  information  on  one  wing  panel  of  a cruciform  wing-body  model  which  is  rolled  such  that 
the  panel  can  interact  closely  with  one  of  the  body  vortex  pair. 

The  present  paper  describes  results  from  these  experiments  which  have  concentrated  on  the  incidence  angle 
regime  from  15°  to  35°;  a range  where  symmetrical  body  vortex  formation  is  encountered.  Due  to  increased 
manoeuvrability  requirements  the  angle  of  incidence  range  for  missile  operation  has  now  become  significantly 
more  extensive.  Much  of  the  research  on  weapon  aerodynamics,  both  experimental  and  theoretical,  has  there- 
fore concentrated  on  increasing  the  aerodynamicist's  understanding  of  the  high  angle  of  attack  regime  where 
asymmetric  flows  are  of  primary  importance.  However,  it  must  be  remembered  that,  although  some  designs  are 
now  intended  to  operate  at  various  stages  of  their  flight  in  this  regime,  the  majority  will  still  be  con- 
fined to  operation  at  lower  incidence  angles.  For  these  cases,  say  for  incidence  angles  of  around  20°  to 
30°,  the  effects  of  symmetric  body  vortices  are  of  crucial  importance  in  the  calculation  of  interference 
loads.  Because  it  was  considered  that  this  particular  aspect  of  vortex  flow  fields  is  still  not  fully 
understood  and,  consequently,  the  effects  could  not  yet  be  adequately  predicted,  it  was  decided  to  concen- 
trate the  present  research  on  the  "conventional"  angle  of  attack  regime. 
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2.  WATER  TUNNEL  TESTS 

In  any  aerodynamic  study  it  is  often  very  lieipful  to  be  able  to  visualise  the  flow  patterns  around  the 
configuration  under  study  as  an  aid  to  understanding  the  flow  mechanisms  involved.  It  is  thought  that 
this  is  particularly  true  for  the  case  of  vortex  dominated  flow  fields  which  occur  around  missile  con- 
figurations and  wnich  can  be  extremely  complex. 

Although  flow  visualisation  experiments  can,  however,  be  difficuit  to  implement  and  their  results  hard  to 
interpret,  it  would  seem  that  the  water  tunnel  witti  dye  line  injection  is  one  facility  for  which  results 
are  immediately  available  and  relatively  easily  interpreted. 

To  help  in  the  understanding  of  body  vortex  interaction  with  wing  panels  an  experimental  study  has  been 
performed  using  the  dye  lino  technique  for  the  missile  type  wing-body  combination  shown  in  Figure  1.  The 
model  is  not  representative  of  any  particular  current  design  but  is  of  a suitable  type  for  use  in  this 
research  work.  The  shape  chosen  was  such  that  its  long  forebody  would  ensure  that,  at  all  but  low  inci- 
dences, a well  developed  body  vertex  system  would  be  evident  ahead  of  the  wing  leading  edge. 

Flow  visualisation  could  be  carried  out  by  ejecting  a dye  or  water-based  paint  through  an  array  of  small 
holes  along  each  side  of  the  model,  although  for  the  sake  of  simplicity  of  interpretation  only  one  side 
was  generally  in  use  at  any  one  time.  The  facility  was  able  to  give  simultaneous  ejection  of  dye  from 

fifteen  holes  down  one  side  and  eight  disposed  diametrically  opposite  on  the  other  side  of  the  body.  The 

standard  practice  during  any  test  was  to  operate  the  dye  lines  as  three  groups  of  five.  Dye  was  fed  to 
the  model  from  header  tanks  above  the  level  of  the  tunnel  and  the  flow  rates  from  each  hole  could  be 
individually  controlled  by  small  valves. 

A turntable  in  the  rear  of  the  water  tunnel  working  section  provided  the  means  by  which  the  incidence 

angle  could  be  manually  changed  in  the  range  -35°  < 0 < 35°  with  the  top  and  bottom  limits  being  deter- 

mined by  the  model  or  support  system  approaching  too  close  to  the  tunnel-  walls.  Incidence  angle  could  be 
changed  with  the  tunnel  operating  but  roll  angle  of  the  model  could  only  be  adjusted  by  stopping  the 
tunnel,  draining  it,  and  resetting  the  model  orientation  manually  with  the  working  section  open.  The  part 
of  the  body  on  which  the  wings  were  mounted  could  be  rotated  around  an  inner  cylindrical  section  and 
secured  in  position  by  the  use  of  locking  pins  which  were  located  in  hole3  previously  drilled  in  the  inner 
section. 

Cameras  and  lighting  equipment  were  arranged  to  enable  the  model  to  be  viewed  and  photographed  from  the 
side  and  the  top  of  the  tunnel  simultaneously.  This  was  considered  most  important  so  that  features  of  the 
flow  field  visible  in  one  view  could  be  easily  correlated  with  features  shown  in  another.  Electronic  flash 
lighting  was  employed  from  two  directions.  Shadows  on  the  model  were  not  a problem  since  it  was  painted 
matt  black  which  also  meant  that  the  various  dye  colours  could  be  easily  seen  against  its  surface. 

The  tunnel  itself  is  a facility  operated  by  British  Aerospace  (Aircraft  Group)  at  its  Warton  Division,  It 
is  a continuously  operating  recirculating  facility  driven  by  an  axinl  impeller  In  the  return  section.  The 
working  section  is  457  x 457  mm  in  size.  As  an  alternative  to  the  dye  line  technique,  hydrogen  bubbles  or 
polystyrene  flow  tracers  may  be  used  for  flow  visualisation.  These  methods  were  not,  however,  employed 
in  the  present  experiments. 

A particular  characteristic  of  conditions  in  the  tunnel  is  that,  after  starting  the  drive  motor  and  estab- 
lishing a flow,  there  is  a short  period  of  only  a few  minutes  duration  when  the  flow  quality  is  extremely 
good  and  virtually  free  from  all  disturbances  and  turbulence.  Thereafter,  the  quality  rapidly  deteriorates, 
as  disturbances  from  the  impeller  (whicn  starts  up  stalled)  are  felt  in  the  working  section,  but  then 
gradually  recovers  towards  the  initial  high  quality  smooth  flow  as  the  disturbances  damp  themselves  out. 

For  effective  flow  visualisation  using  the  dye  line  technique  it  is  essential  to  have  ft  smooth  onset  flow. 
Hence,  the  initial  phase  of  tunnel  running  time  has  been  used  in  each  case  although  this  has  meant  that 
many  short  runs  are  needed  to  achieve  a particular  set  of  photographs. 

The  tunnel  speed  itself  was  also  of  great  importance  in  ensuring  good  flow  visualisation  results.  If  it 
was  operated  at  too  high  a speed  the  dye  lines  would  very  soon  break  up  and  simply  form  a diffuse  cloud  of 
colour  from  which  no  really  useful  information  could  be  gained.  It  was  found  that  a reasonable  compromise 
between  minimum  controllable  speed  and  maximum  speed  for  dye  line  quality  was  to  run  the  tunnel  at  speeds 
of  90  mm/s  which  was  equivalent  to  a Reynolds  number  of  approximately  2000  based  on  body  diameter. 

This  value  of  Reynolds  number  was  obviously  far  lower  than  anything  likely  to  be  experienced  in  a wind 
tunnel  or  in  flight  conditions.  This  should  therefore  be  borne  in  mind  when  assessing  results  on  a quanti- 
tative basi  ' and  due  allowance  should  be  made  for  the  lower  Reynolds  number  when  reading  across  results  to 
higher  speeds.  However,  on  a qualitative  level  tile  results  are  very  useful  for  providing  an  insight  into 
the  complex  nature  of  vortex  flow  fields  and  it  is  considered  that  qualitative  changes  in  flow  natterns 
will  be  reliably  modelled  in  the  water  tunnel. 

Water  tunnel  tests  have,  of  course,  been  used  previously  in  work  on  high  angle  of  attack  aerodynamics.  The 
work  of  Fiechter*  on  bodies  alone  is  one  example  wherein  dye  line  flow  visualisation  was  employed  to  show 
asymmetric  vortex  behaviour  at  higher  incidence  angles  than  those  dealt  with  in  the  present  paper.  Werle,^ 
Rainbird  et  al3  and  Poisson-Quinton  and  Werle4  have  also  performed  experiments  using  water  tunnels.  How- 
ever, these  reports  have  not,  to  the  author's  knowledge,  considered  the  particular  problems  associated  with 
the  interaction  of  body  vortices  with  wing  panels  for  a missile  configuration. 

The  results  shown  herein  represent  a small  selection  of  those  available  from  a -st  programme  which  included 
the  following  flow  conditions. 

Body  incidence  angles  a 


Roll  angles  41 

Reynolds  number 


15°,  20°,  25°  Wing-body  models. 

(with  some  extra  coverage  for  zero  roll  case3) 

5°  (5°)  35°  Body  Alone  models. 

(with  some  extra  coverage  at  negative  incidence  angles) 

0°  (10°)  40°,  45° 

~ 2000 
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In  addition,  geometrical  changes  were  made  in  the  model  shape.  It  was  possible  to  mount  the  wings  in  both 
forward  and  aft  positions  and  to  remove  them  altogether.  Body  alone  shapes  with  sharp  (tangent  ogive)  and 
blunt  noses  were  tested.  In  the  latter  case  the  nose  profile  was  that  of  the  tangent  ogive  but  with  0.1 

calibre  spherical  blunting  applied  at  the  apex.  y 

Roll  angle  was  simulated  by  rotating  only  that  section  of  the  body  on  which  the  wings  were  mounted.  The 
dye  ejection  holes  were  thus  maintained  in  their  fixed  model  positions  irrespective  of  wing  roll  angle, 
i.e.  on  a horizontal  axis  for  the  case  of  0 » 0°. 

2.1  Water  Tunnel  Test  Results 

2.1.1  Body  Alone 

Two  body  shapes  were  tested.  These  were,  firstly,  a combination  of  a 3-calibre  tangent  ogive  nose  and  a 
10-caiibre  afterbody  and,  secondly,  the  same  basic  shape  except  the  nose  was  slightly  shorter  after  a 
0.1  calibre  spherical  blunting  had  been  applied  to  the  tip. 

Figures  2,  3 show  results  for  the  sharp  body  at  o = 30°.  It  can  be  seen  how  the  dye  lines  (a)  enclose  the 
vortex  core  and  (b)  provide  a clear  indication  of  its  position,  both  the  vertical  distance  from  the  body 
centre  line  and  the  lateral  distance. 

Dye  ejection  for  the  three  sets  of  5 holes  has  been  used  to  visualise  the  complete  vortex  development  and 
to  show  that  one  set  of  data  is  comparable  with  the  next  Pigure  4 has  been  prepared.  This  shows  for  the 
a = 30°  case  how  the  dye  lines  from  the  upstream  set  of  holes  lie  in  the  centre  of  those  from  the  second 
set  of  holes,  which  in  turn  lie  in  the  centre  of  those  from  the  third  set  of  holes.  The  expanding  area  of 

the  flow  into  which  the  dye  lines  pass  is  a measure  of  two  effects.  Firstly,  the  strength  of  the  vortex 

grows  as  it  passes  back  along  the  body  and  thus  a greater  area  of  the  flow  field  will  be  affected  by  the 
induced  velocities  of  the  vortex.  Secondly,  the  dye  from  the  holes  towards  the  aft  end  of  the  body  feeds 
into  the  periphery  of  the  area  affected  by  the  vortex  and  not  into  the  core,  whereas  the  dye  from  the 
upstream  end  of  the  body  does  feed  into  the  vortex  core. 

The  top  views  of  the  vortex  system  indicate  a much  smaller  area  of  flow  affected  than  the  side  views.  In 

the  top  views  it  is  apparent  that  the  dye  lines  for  one  side  of  the  body  are  not  carried  across  to  the 

other  side  but  that  there  is  a very  definite  limit  to  the  field  of  influence  of  one  vortex  along  -the  centre 

line  of  the  model.  ! 

Here  only  illustrations  showing  dye  injection  from  one  side  of  the  body  are  shown.  Visual  checks  were  made  ' 

during  the  study  with  dye  ejection  from  both  sides  and  these  indicated  that  the  flow  patterns  for  Incidence 

angles  up  to  30°  were  symmetrical  relative  to  the  body  centfo  line  both  in  the  vertical  and  lateral  senses.  ; 

Some  general  features  visible  from  the  illustrations  are  worthy  of.  comment.  For  the  body  alone  the  dye  ! 

lines  were  both  steady  in  space  and  maintained  their  well  defined  structure  without  diffusing  as  far  aft 
as  was  possible  to  see  in  the  field  of  view. 

At  a given  axial  location  the  core  of  the  vortex  moved  upwards  relative  to  the  body  centre  line  as 
increased,  but  changes  in  lateral  co-ordinate  were  much  less.  This  was  simply  observed  by  assessing  the 
position  of  the  mid-point  of  the  dye  line  helix  relative  to  the  centre  line  of  the  body. 

The  strength  of  the  body  vortex  at  a given  axial  location  increases  with  incidence  and  this  was  made 

apparent  by  an  increase  in  pitch  of  the  dye  line  traces.  Thus  an  indication  was  given  that  the  rotational  I 

velocities  had  become  larger  relative  to  the  axial  velocity.  j 

2. 1.1.1  Comparison  of  vortex  core  locations  with  previous  data  I 

As  noted  previously,  the  vortex  core  positions  have  been  derived  from  the  photographs  by  assessing  the 

mid-point  positions  of  the  dye  line  traces.  These  data  have  been  superimposed  on  the  previous  experimental 

information  collated  by  Mendenhall  and  Nielsen5  as  shown  in  Figures  5 and  6.  It  should  be  noted  that  it  i 

lias  been  necessary  to  assume  a position  of  first  separation  (xs)  in  order  to  calculate  the  non-dimensional 

parameter  x - xa  sin  a . In  the  absence  of  an  independent  method  of  measuring  xs,  and  with  the  realisation 

rN 

that,  for  the  values  of  o considered  here  ( , 30°,  35°),  the  point  at  which  separation  first  occurred 
was  forward  of  the  most  upstream  dye  ejection  hole,  it  was  decided  to  use  the  predicted  value  of  xs  from 
Mendenhall  and  Nielsen's  empirical  method.  This  gave  a value  of  xs  « 0. 

It  can  be  seen  (Figure  5)  how  the  agreement  between  the  vortex  vertical  location  and  the  previous  experi- 
mental results  and,  hence,  with  the  suggested  empirical  prediction  method,  is  good,  although  the  present 

data  is  generally  at  slightly  higher  values  of  zB/a.  The  agreement  for  the  lateral  position  (Pigure  6)  is,  l 

however,  poor  with  the  present  values  of  VB/a  being  significantly  outboard  of  those  obtained  previously.  ! 

It  should  be  noted  that  the  suggested  correlation  for  zB/a  from  Reference  5 had  been  derived  by  a consider- 
ation of  both  subsonic  and  supersonic  data,  whereas  those  for  VB/a  were  found  from  separate  consideration 
of  the  two  sets  of  data. 

The  use  of  nose  blunting  has  very  little  effect  on  the  vortex  trajectories  and  strengths  for  the  incidence  . 

angles  considered  here.  Figure  7 shows  the  dye  line  paths  for  (-he  blunt  body  case  and  this  may  be  com- 
pared with  Figure  4.  It  is  probable  that  tiie  value  of  O Is  sufficiently  high  for  the  first  separation  to 
occur  well  forward  on  the  body,  at  or  near  the  apex,  and  that  the  addition  of  nose  blunting  cannot  move  it 
any  further  forward  as  might  be  the  case  for  lower  incidence  angles. 

2.1.2  Wing-Body  Combination 

Discussion  here  will  be  limited  to  results  for  wing-body  combinations  made  up  of  tne  cruciform  wing  set 
either  mounted  forward  or  aft  on  the  body  with  a sharp  nose. 

2. 1.2.1  Zero  Roll  Angle  Results 

Comparison  of  dye  line  traces  from  the  upstream  holes  for  the  cases  of  a body  alone  and  for  (he  wing-body 
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combination  at  zero  roll  shows  that  there  are  no  apparent  effects  on  the  core  position  ahead  of  the  wing 
panel  leading  edges  due  to  the  presence  of  the  panel  in  this  set  of  experiments. 

It  has  been  observed  that  for  o = 15° , 20°  the  dye  ejected  from  the  rearmost  holes  on  the  forebody  of  the 
model  is  not  entrained  into  the  vortex  structure  but,  after  a small  upwards  movement,  is  quickly  swept 
back  down  onto  the  upper  surface  of  the  adjacent  horizontal  wing  panel.  Figure  8 shows  an  example  of  these 
effects.  Whereas  the  behaviour  is  quite  marked  for  the  lower  incidence  angles,  for  higher  values  of  o , 

25°  and  above,  the  dye  from  the  rearmost  holes  does  not  deviate  onto  the  panel  but  passes  upwards  into  the 
vortex  core  (see  Figure  9). 

The  lifting  panei  and  its  associated  flow  field  is  thus  shown  to  have  a significant  upstream  effect  on 
feeding  into  the  vortex  at  these  low  speeds.  For  such  cases  it  would  obviously  be  inappropriate  to  assume 

that  the  strength  of  any  vortex  at  the  leading  edge  of  the  wing  would  be  adequately  predicted  by  the  value 

at  the  same  axial  location  on  an  equivalent  body  alone.  It  is  apparent  that  at  some  axial  location  upstream 
of  the  wing  leading  edge,  dependent  on  the  value  of  a , the  flow  around  the  body  ceases  to  feed  into  the 
vortex  core  and,  hence,  the  growth  in  strength  of  the  core  must  be  terminated.  Core  position  is  evidently 
less  affected. 

The  behaviour  of  the  vortex  system  adjacent  to  the  leading  edge  of  the  panel  is  not  the  only  item  of 

Interest  however.  For  body  incidences  of  25°,  30°  and  35°  very  clear  visualisation  has  been  achieved  of  a 

well  defined  body  vortex  system  ahead  of  the  panel  leading  edge.  Figure  10  is  an  example. 

On  passing  aft  of  the  wing  mid-chord  the  structure  of  the  body  vortex  breaks  down  at  a point  which  moves 
forward  with  increasing  incidence  and  the  dye  lines  which  hitherto  have  neatly  delineated  the  vortex  become 
entrained  into  the  separated  flow  from  the  wing  panel. 

In  addition  to  the  breakdown  in  structure  the  vortex  cores  also  undergo  deviations  in  position  downwards 
towards  the  adjacent  horizontal  wing  panel  and  laterally  away  from  the  body  centre  line  for  0 = 25°,  30°. 
Figure  11  shows  a top  view  of  the  phenomenon  for  the  latter  body  incidence.  This  behaviour  can  be  cor- 
related with  a downwards  and  outwards  velocity  field  induced  by  a leading  edge  vortex  system  set  up  on  the 
panel  itself. 

For  the  body  incidence  angle  considered  here  (30°),  and  for  lower  values,  the  dye  lines  appeared  fixed  in 
space  up  to  the  point  of  breakdown  near  the  wing  panel.  Therealter,  of  course,  a time  dependent  eddying 
flow  was  evident.  Another  effect  was,  however,  shown  at  the  extreme  incidence  angle  used  in  the  experi- 
ment, i.e.  35°,  when  the  sot  of  dye  lines  as  a whole  was  seen  to  oscillate  aft  of  the  wing  panel  leading 
edge  before  their  neatly  defined  structure  broke  down. 

The  phenomenon  of  vortex  breakdown  adjacent  to  wing  panels  has  been  recently  referred  to  in  the  literature 
by  Jorgensen6  as  a possible  explanation  for  some  effects  seen  by  the  use  of  vapour  screen  flow  visualisa- 
tion. This  was  done  at  high  subsonic  speeds,  for  a monoplane  cropped-delta  wing-body  combination,  but  with 
a shorter  forebody  than  considered  here,  at  angles  of  incidence  of  30°  and  40°  and  at  zero  roll  angle. 
Whereas  discrete  vortices  were  observed  near  the  base  of  the  models  at  supersonic  speeds,  for  the  lower 
Mach  numbers  diffuse  vortex  regions  were  evident. 

The  behaviour  observed  in  the  present  series  of  water  tunnel  tests  is  quite  contrary  to  what  has  been 
assumed  before  concerning  the  behaviour  of  vortex  systems  passing  close  to  wing  panels  and  tail  surfaces. 
Through  the  lack  of  any  evidence  to  the  contrary,  it  was  considered  that  it  would  be  sufficiently  accurate 
to  compute  vortex  strength  and  position  at  an  appropriate  body  alone  station  corresponding  to  the  leading 
edge  location  of  the  wing  panel.  This  could  be  done  using  the  empirical  method  of  Mendenhall  and  Nielsen. 
For  predicting  the  interference  effects  which  this  vortex  system  might  have  on  the  wing,  and  any  other 
lifting  surfaces,  it  was  then  assumed  that  the  same  vortex  strength  and  lateral  and  vertical  locations 
relative  to  the  body  centre  line  were  maintained  as  the  vortex  trajectory  passed  to  the  trailing  edge  of 
the  wing  panel. 

Evidently  these  assumptions  must  be  reassessed  in  the  light  of  the  water  tunnel  results. 

2. 1.2.2  Some  Effects  of  Roll  Angle 

Tests  were  carried  out  at  10°  intervals  of  roll  angle  in  the  range  0°  to  40°  with  a final  increment  of  5° 
to  45°.  Thus  the  panel  which  was  initially  vertical  at  the  top  of  the  model  for  zero  roll  angle  was  pro- 
gressively rolled  towards  and  through  the  location  of  one  of  the  body  vortex  cores. 

Results  for  10°  of  roll  angle  show  very  little  difference  from  those  for  zero  roll  angle.  As  roll  angle 
increases  to  20°  and  30°,  the  panel  which  was  originally  horizontal  on  the  same  side  as  the  dye  ejection 
points  is  rolling  away  from  those  points  and,  hence,  the  effects  on  the  dye  line  traces  from  these  down- 
stream holes  becomes  less  and  less.  Feeding  into  the  body  vortex  core  is  not  interrupted  as  was  the  case 
at  zero  roll  (Figure  12)  for  a body  incidence  angle  of  15°. 

A further  increase  in  roll  angle  to  40°  and  45°  does,  conversely,  result  in  an  interaction  but,  this  time, 
it  is  between  the  core  and  the  upper  of  the  panels,  which  was  originally  vertical  and  is  now  much  closer  to 
the  body  vortex  than  is  the  one  which  was  originaliy  horizontal  (Figure  13). 

Dye  election  from  the  upstream  sets  of  holes  which  enables  the  core  position  to  be  visualised  shows  that 
the  tightly  rolled  structure  evident  upstream  of  the  panel  is  not  maintained  aft  of  the  leading  edge  but 
somewhere  within  the  root  chord  either  breaks  down  or  is  deviated  very  significantly  from  the  vertical  and 
lateral  co-ordinates  it  had  at  the  leading  edge. 

At  the  higher  roll  angles  (40°,  43°)  the  core  passes  to  the  right  side  (when  viewed  from  the  rear)  of  the 
top  panel  and  undergoes  a very  rapid  change  in  position.  This  behaviour  is  repeated  over  the  whoie  range 
of  incidence  angle  studied  for  the  latter  roll  angle.  Towards  the  other  end  of  the  roll  range  (i.e.  10°) 
the  core  is  evidently  passing  to  the  left  side  of  the  upper  panel. 

For  20°  of  roll  the  situation  of  very  close  interaction  of  t.he  body  vortex  with  the  panel  occurs  and  the 
dye  which  marks  the  core  in  fact  passes  to  either  side  of  the  panel,  although  the  majority  does  come  to  the 
left  side.  It  was  observed  that  this  situation  was  basically  steady  and  that  the  core  was  not  in  a phase 
of  oscillation  from  one  side  of  the  panel  to  the  other  (Figure  14).  The  effects  of  roll  angle  combine  with 
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incidence  in  a complex  fashion  since  they  both  dictate  the  relative  position  the  body  vortex  core  will 
take  up  relative  to  the  wing  panel  and  hence  this  will  affect  the  nature  of  the  interaction. 

2. 1.2.3  Wings  in  a Forward  Position 

When  it  was  observed  on  the  model  with  the  wings  mounted  in  the  aft  position  that  the  vortex  structure 
apparently  broke  up  adjacent  to  the  wing  panel  trailing  edge  at  zero  roll  angle,  it  was  suggested  that 
this  might  not  be  a true  phenomenon  due  to  the  close  proximity  between  the  panel  and  the  vortex  but  might 
be  due  to  some  instability  in  the  dye  lines  themselves  which  happened  to  occur  at  an  axial  location 
corresponding  to  the  panel  position. 

To  test  this  hypothesis  two  sets  of  tests  have  been  undertaken.  Firstly  the  body  alone  tests  discussed  in 
an  earlier  section  have  shown  that  it  is  possible  to  observe  well  defined  dye  lines  far  aft  on  the  model 
and,  indeed,  beyond  the  model  base.  Secondly,  tests  have  been  carried  out  with  the  wings  mounted  forward 
on  the  body.  Similar  results  showing  vortex  breakdown  have  been  encountered  - see  Figure  15.  It  is  thus 
concluded  that  the  phenomenon  is  a result  of  the  proximity  of  the  panels. 

2.2  Conclusions  and  Recommendations  drawn  from  the  Water  Tunnel  Tests 


At  the  start  of  the  programme  of  water  tunnel  tests  it  had  been  expected  that  the  main  value  of  the  experi- 
ment would  be  in  the  visualisation  of  body  vortex  core  position  changer,  as  they  approached  close  to  down- 
stream wing  panels.  It  is  now  quite  apparent  that  due  to  the  phenomenon  of  vortex  breakdown  adjacent  to 
the  panels,  new  avenues  of  enquiry  have  been  opened  up  which  require  exploration. 

The  detailed  flow  patterns  between  and  immediately  in  front  of  the  wing  panels  should  be  studied.  This 
should  be  done  using  both  flow  field  visualisation  and  measurement  techniques.  Surface  flow  studies 
should  be  included  so  that  the  upstream  effect  of  the  wing  on  the  flow  separation  and  hence  on  body  vortex 
formation  can  be  more  accurately  quantified. 

Wind  tunnel  studies  should  be  exploited  to  Investigate  any  effects  of  Reynolds  number  on  the  flow  patterns. 
Attention  needs  to  be  paid  to  the  consequences  on  prediction  method  techniques  of  the  breakdown  in  body 
vortex  structure  and  on  how  best  to  model  the  flow  field  chang’s. 

3.  WIND  TUNNEL  TESTS 

As  another  item  of  an  overall  research  programme  into  vortex  dominated  flow  fields,  a series  of  experiments 
have  been  performed  using  a small  supersonic  wind  tunnel.  These  tests  are  complementary  to  those  performed 
in  the  water  tunnel  and  had  a similar  aim,  i.e.  an  investigation  of  the  close  interaction  of  body  vortices 
and  wing  panels.  The  test  conditions  for  the  experiments  were  chosen  to  yield,  on  the  basis  of  predictions, 
conditions  of  close  proximity  of  one  body  vortex  from  the  symmetric  pair  with  one  of  the  wing  panels  of  the 
cruciform  set.  Roll,  angles  of  10°(5°)  30°  were  therefore  used  with  body  incidence  angles  in  the  range 
15°(2.5°)  22.5°.  The  nominal  Mach  number  was  2.0  and  the  Reynolds  number  0.9  x lo6  based  on  body  diameter. 
The  latter  parameter  was  dictated  by  restrictions  on  operating  pressure  in  the  wind  tunnel  but  this  was  not 
considered  to  be  too  great  a restriction  since  for  all  the  test  cases  the  cross  flow  Mach  number  (M  sin  o ) 
was  greater  than  0.4.  For  these  conditions  separation  characteristics  are  dominated  by  local  shockwave 
systems  at  the  body  shoulder  rather  than  by  Reynolds  number  considerations. 

The  tunnel  used  in  these  experiments  was  the  229  mm  x 229  mm  (9  in.  x 9 in.)  continuously  operating  super- 
sonic facility  at  the  Aerodynamics  Department,  Cranfield  Institute  of  Technology.  Ibis  was  equipped  with 
automatic  means  for  setting  of  incidence  angle  although  roll  angle  had  to  be  adjusted  manually  with  the 
tunnel  open.  As  well  as  the  pressure  measurement  apparatus,  facilities  for  flow  visualisation  by  the 
schlieren  and  vapour  screen  methods  were  also  available. 

3.1  Model  and  Test  Details 


The  model  tested  was  geometrically  similar  to  that  of  the  water  tunnel  programme  except  that  the  section 
shape  of  the  wing  panels  had  to  be  modified  from  a plate  with  sharp  leading  and  trailing  edges  to  a wedge 
shape.  This  was  to  enable  the  provision  of  tubing  within  the  wing  so  that  pressure  data  could  be  acquired. 
Where  the  wing  was  still  too  thin  for  this  to  be  done,  i.e'.  near  the  leading  edge,  holes  were  drilled 
directly  through  the  panel  into  tubes  attached  to  the  surface  of  the  wing  opposite  to  that  on  which  pressure 
data  were  being  measured.  Thus  only  one  surface  was  pressure  tapped  and  to  obtain  upper  and  lower  surface 
pressure  distributions  the  model  was  positioned  in  mirror  image  orientations  relative  to  the  incidence 
plane.  Figure  16  illustrates  the  pressure  hole  distribution  and  the  sectional  shape  of  the  wing.  The  whole 
wing-body  combination  could  be  rolled  around  the  body  axis.  The  pressures  were  measured  using  an  automatic 
scanner  and  transducer  system.  Comprehensive  pressure  coefficient  data  were  obtained  for  a variety  of  com- 
binations of  incidence  and  roll  angles. 

3.2  Results  from  the  Wind  Tunnel  Tests 


3.2.1  Flow  Visualisation 

The  use  of  the  schlieren  and  vapour  screen  methods  was  employed  to  visualise  the  flow  around  the  wing-body 
combination  and  also  around  body  alone  models  some  of  which  were  fitted  with  small  forward  surfaces. 
Particular  interest  was  shown  in  the  positions  of  the  vortex  system  which  started  on  the  forebody  of  the 
model  and  whose  core  position  could  bo  identified  by  the  light/dark  boundary  shown  in  the  schlieren  photo- 
graphs or  by  the  dark  area  in  on  otherwise  light  grey  vapour  screen  photograph. 

By  direct  measurement  from  these  photographs  it  was  possible  to  derive  values  for  the  vertical  and  lateral 
core  positions  relative  to  the  body  centre  line  for  the  wing-body  combination,  and  these  values  are 
presented  in  Figures  17  and  18.  Also  included  are  some  previous  results  given  by  Mendenhall  and  Nielsen 
together  with  their  empirical  curves.  For  the  case  of  vertical  core  position  it  should  be  remembered  that 
the  latter  curve  was  a result  of  a correlation  employing  data  from  both  supersonic  and  subsonic  tests.  For 
lateral  position  separate  correlations  were  suggested  in  Reference  5 for  the  two  speed  ranges.  It  can  be 
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clearly  seen  that  the  vertical  positions  are  much  further  upward  and  the  lateral  positions  much  further 
outboard  than  the  previously  accepted  data.  Since  the  schlieren  photographs  from  which  the  present  measure- 
ments were  taken  were  small  and  thus  measurement  errors  were  probable,  estimates  of  the  error  band  have  been 

made  both  in  terms  of  lateral  and  vertical  location  and  also  the  point  at  which  separation  first  occurs 

(obtained  by  extrapolating  the  vortex  trajectory  into  the  body  centre  line).  Even  allowing  for  these  error 
bands  the  points  still  occur  at  significantly  higher  values  of  vertical  and  lateral  co-ordinate  than  would 
be  expected.  Clearly  this  trend  leads  to  some  doubt  concerning  the  validity  of  the  results  and  gives  rise 
to  the  possibility  of  there  being  some  forward  interference  from  the  wing  panels  which  could  affect  the 
upstream  body  vortex  development  and  hen'  e the  vortex  trajectories. 

A body  alone  model  was  therefore  tested  and  similar  data  on  body  vortex  vertical  position  (since  only 
schlieren  pictures  were  taken)  derived.  The  results  are  shown  in  Pigure  17  and  illustrate  that,  accounting 
for  the  bands  of  experimental  error,  the  data  for  the  body  alone  case  and  for  the  wing-body  combination  do 
overlap.  However,  the  data  for  the  body  alone  case  is  generally  at  a lower  value  of  zB/a  than  for  the  winp- 
body  combi'  ttion  at  the  same  value  of  x ~ xs  sin  a . Both  sets  are  at  higher  values  than  given  by  the 

rN 

I suggested  correlation  curve  although  this  had  been  produced  taking  into  account  both  supersonic  and  subsonic 

3 data.  It.  may  be  seen  in  Figure  17  how,  if  attention  is  paid  primarily  to  the  previous  results  for  an  ogive 

I cylinder  at  M=2.0,  the  agreement  between  present  and  past  data  is  quite  reasonable.  The  measurement  of 

’ further  sets  of  data  at  these  supersonic  speeds  which  give  higher  zB/a  co-ordinates  than  previously  found 

f suggests  that  improvements  to  the  data  correlations  might  be  found  by  using  a curve  which  predicted  a 

greater  zB/a  at  high  x ~ xs  sin  a . 

rN 

The  effect  of  wing  panels  on  body  vortex  trajectories  upstream  of  the  panel  leading  edges  at  these  speeds 
is  a topic  which  could  most  usefully  be  explored  in  more  detail  in  further  experiments.  The  tests  detailed 
in  this  paper  have  given  a preliminary  indication  that  such  effects  might  be  apparent  but  more  systematic 
and  sophisticated  experiments  are  necessary  before  the  effects  can  be  precisely  quantified. 

As  the  main  purpose  of  these  tests  was  to  investigate  the  interaction  of  body  vortices  with  wing  panels, 
the  actual  generation  of  these  vortices  was  in  some  ways  a side  issue.  However,  if  predictions  of  their 
trajectory  and  strength  could  not  he  made  with  sufficient  accuracy  then  analysis  of  the  later  results  would 
prove  difficult.  It  was  thought  that  a more  satisfactory  approach  to  the  experiment  might  be  to  try  to 
force  some  pattern  onto  the  vortex  development  by  the  use  of  small  forward  surfaces  mounted  on  the  body 
nose.  Thus,  instead  of  relying  on  natural  body  vortex  generation,  a trailing  vortex  system  generated  by 
the  forward  surfaces  might  be  formed  which  would  then  interact  with  the  downstream  wing  surfaces.  The  for- 
ward surfaces  were  positioned  ahead  of  the  predicted  point  for  body  vortex  separation  and  consequently  it 
was  considered  that  suppression  of  the  body  vortices  as  such  would  occur. 

The  desired  effect  was  therefore  a trailing  vortex  pair  symmetrically  disposed  with  respect  to  the  body 
centre  line  and  which  would  be  more  accurately  quantified  in  strength  and  position  than  would  be  the  case 
with  the  body  vortices. 

In  practice,  however,  the  vortex  system  proved  to  be  much  more  complex.  Although  the  small  forward  panels 
did  generate  a system  of  vortices,  it  was  evident  that  the  body  vortices  were  not  suppressed,  and  between 
the  trailing  edges  of  the  forward  surfaces  and  the  leading  edges  of  the  wing  panels  it  was  possible  to 
observe  four  vortices  in  the  flow.  Pigure  19  presents  illustrations  of  (a)  the  arrangement  of  the  monoplane 
forward  surfaces  and  (b)  the  vortex  pattern  produced  for  a body  incidence  of  20°  and  which  was  obtained 
using  the  vapour  screen  method. 

The  generation  of  vortices  aft  of  these  forward  surfaces  was  an  unexpected  feature  although  subsequently 
Hemsch  et  al ^ have  discussed  the  generation  of  "afterbody  vortices". 

Prom  the  vapour  screen  pictures  it  was  possible  to  observe  the  coalescence  of  the  two  vortex  systems,  one 
from  the  panel  and  one  from  the  forcbody,  as  incidence  angle  was  increased. 

Because  of  this  multi-vortex  flow  it  was  thought  that  any  analysis  of  the  resultant  pressure  distributions 
and,  hence,  loads  on  the  downstream  panels  when  interaction  was  taking  place  would  be  extremely  difficult. 
The  use  of  small  forward  surfaces  to  stabilise  the  vortex  pattern  was  therefore  abandoned  and  reliance 
placed  on  the  use  of  a simple  forebody,  with  natural  body  vortex  formation. 

3.2.2  Pressure  Coefficient  and  Panel  Load  Results 

In  this  section  attention  will  be  biased  towards  consideration  of  results  for  the  particular  condition  of 
close  pancl/vortex  interaction.  From  the  use  of  Mendenhall  and  Nielsen's  prediction  method  it  was  assumed 
that  this  situation  would  occur  at  a panel  roll  angle  of  20°  coupled  with  a body  incidence  angle  of  20°. 

It  should  be  noted  that  where  roll  angles  (<(>)  are  quoted  these  refer  to  the  panel  which  was  initially 
positioned  vertically  on  the  leeside  of  the  body. 

A plot  is  presented  in  Figure  20  which  sets  out  results  for  four  longitudinal  stations  x^/cr  * 0.36,  0.46, 
0.65,  0.87  at  which  the  pressure  coefficient  difference  ACp  ■ Cpj_  - Cpy  is  given  across  the  span.  This 
represents  the  lifting  contribution  of  the  pressure  distributions  and  the  symmetrical  effects  of  thickness 
of  the  panel  are  also  removed  by  plotting  the  difference  in  pressure  coefficients. 

Features  to  note  are  the  low  and  sometimes  negative  pressure  coefficient  differences  near  the  root  of  the 
panel.  These  contribute  to  a negative  local  spanwise  loading  near  the  root  (Pigure  21)  which  in  turn 
yields  a net  reduction  in  load  and  can  sometimes  lead  to  load  reversal  as  the  panel  approaches  the  vertical. 
This  phenomenon  of  very  low  panel  load,  even  perhaps  negative  values,  has  been  noted  before  for  various  sets 
of  experimental  results  and  has  recently  been  referred  to  by  Nielsen®  in  his  survey  of  non-linearities  in 
missile  aerodynamics. 

The  actual  value  of  panel  load  coefficient  which  results  from  the  integration  of  the  pressure  coefficient 
data  over  the  whole  of  the  panel  is,  in  this  case,  small  but  positive  (see  Pigure  22). 

The  variation  of  panel  load  with  roll  angle  can  be  assessed  also  from  Pigure  22  for  the  case  of  a body 
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incidence  angle  of  20°.  Here,  as  <J>  varies  from  10°  to  30°,  the  panel  is  initially  above  the  vortex  core 
and  then  below  it. 

' The  low  values  of  panel  load  can  be  clearly  seen  as  can  the  load  reversal  when  at  the  extreme  roll  orien- 

tation of  10°.  The  equivalent  value  of  panel  load  coefficient  for  41  = 90°  roll  is  approximately  0.3. 

3.2.3  Comparisons  of  Experimental  Panel  Load  Data  with  Predictions 

f 

It  would  be  highly  desirable  to  be  able  to  predict  accurately  the  individual  panel  loads  for  a cruciform 
configuration  for  all  incidence  and  roll  angles.  This  would  be  equally  necessary  for  those  orientations 
where  the  panel  was  at  roll  angles  near  to  the  vertical  in  the  leeward  quadrant  as  it  would  be  for  panels 
' near  the  horizontal.  Although  the  contribution  to  in-plane  normal  force  would  be  very  small  owing  to  the 

small  magnitude  of  load  on  the  panel  and  the  large  angle  through  which  it  needs  to  be  resolved,  all  the 
panels  contribute  in  equal  importance  to  rolling  moment  which  can  arise  from  small  differences  in  rela- 
tively large  panel  loads. 

I A semi-empirical  method  has  been  developed  which  attempts  to  predict  the  panel  loads.  It  relies  on  the 

^ usual  assumption  that  they  may  be  calculated  by  first  making  an  estimate  of  the  load  on  a wing  in  isolation 

and  then  applying  interference  factors  to  allow  for  the  flow  field  induced  on  the  wing  by  the  presence  of 
the  body.  This  would  give  a panel  load  for  (£  = 90°.  Suitable  methods  for  the  wing  alone  term  and  for  the 
hody-to-wing  interference  factor  are  contained  in  references  by  Collingbourne^  and  Pitts,  Nielsen  and 
Kaattari,*0  respectively.  The  effect  of  roll  angle  can  then  be  incorporated  in  a manner  similar  to  that 
developed  by  Spahr.^  The  result  is  to  predict  a variation  of  panel  load  with  roll  angle  which  is  of  a 
skewed  cosine  form,  such  that  panels  rolled  into  the  windward  quadrant  experience  an  increase  in  load  and 
those  in  the  leeward  quadrant  a decrease  relative  to  the  4*  = 90°  value. 


These  methods  give  values  of  panel  loads  at  non-zero  roll  angle  with  the  body  at  non-zero  incidence  angle, 
but  the  effects  of  any  body  vortices  have  not  been  considered.  These  can  simply  be  taken  into  account  by 
the  use  of  the  vortex  interference  factors  presented  by  Spahr  or  by  Pitts,  Nielsen  and  Kaattari.  An  example 
plot  of  the  factors  is  presented  in  Figure  23  and  it  can  be  seen  that  the  result  would  be  large  changes  in 
load  if  a vortex  approached  close  to  a panel. 


The  actual  load  change  is  found  from  the  relationship: 
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The  methods  described  above  have  been  combined  to  yield  the  predicted  values  of  panel  normal  force  coef- 
ficient shown  in  Figure  22.  It  can  be  seen  that  the  general  level  of  prediction  accuracy  is  low. 

The  derivation  of  the  interference  term  *i'  has  assumed  a trapezoidal  spanwise  load  distribution  which  has 
a root  value  twice  that  at  the  tip.  In  practice,  this  assumption  would  be  adequate  for  the  case  of  4 90° 
but  clearly  has  to  be  greatly  modified  for  the  panel  rolled  into  the  leeward  quadrant, 

3,3  Conclusions  and  Recommendations  Drawn  from  the  Wind  Tunnel  Tests 

The  experiments  have  shown  that  vortex  trajectory  data  can  be  measured  which  is  significantly  displaced 
from  that  previously  collated  by  Mendenhall  and  Nielsen  although  flow  conditions  for  the  experiments  are 
not  different. 

It  is  apparent  that  the  simple  scheme  of  prediction  detailed  in  the  previous  section  can  only  provide  an 
approximate  solution  to  the  problem  of  estimating  loads  on  panels  when  they  are  rolled  into  the  vicinity 
of  body  vortices. 

To  try  to  isolate  the  particular  effects  of  body  vortices  it  would  be  highly  desirable  to  undertake  a 

series  of  tests  in  which  the  effects  were  removed.  This  could  be  done  in  an  experiment  using  a model  with 

a much  shorter  nose  length  hence  minimising  body  vortex  formation  ahead  of  the  wing  leading  edge.  Com- 
parison of  results  with  those  from  the  present  tests  would  yield  the  effect  of  the  body  vortices. 

4.  GENERAL  CONCLUDING  REMARKS 

Much  research  is  currently  being  undertaken  to  understand  the  complexities  of  high  angle  of  attack  aero- 
dynamics where  the  phenomenon  of  asymmetric  body  vortex  development  gives  rise  to  side  forces  and  yawing 
moments. 

The  results  detailed  in  this  paper,  however,  show  that  attention  still  needs  to  be  paid  to  the  lower 

incidence  angle  regime  where  vortex  patterns  arc  still  symmetric  and  where  a complete  understanding  of  the 

flow  field  development  has  by  no  means  been  achieved. 

The  need  still  exists  for  systematic  series  of  experiments  including  both  flow  survey  measurement  and 
visualisation  to  try  to  pinpoint  the  important  parameters  in  body  vortex  generation  and  to  remove  some  of 
the  uncertainty  from  strength  and  trajectory  predictions. 

For  the  purposes  of  accurately  estimating  the  complete  load  distribution  on  a missile  this  will  be  just  as 
necessary  as  the  better  understanding  of  vortex/pancl  interference  which  murt  start  from  an  estimate  of 
the  characteristics  of  the  body  vortex  itself. 

The  use  of  the  two  very  different  experimental  techniques  detailed  in  this  paper  has  yielded  information 
on  flow  fields  at  the  extreme  ends  of  a wide  speed  range.  It  is  hoped  that  further  testing  will  be 
possible  in  a low  speed  wind  tunnel,  thus  closing  the  gap  in  the  data  coverage. 

With  the  two  sets  of  results  currently  available  it  is,  of  course,  of  little  merit  to  attempt  to  read 
across  detailed  flow  field  information  from  one  to  the  other  owing  to  the  undoubtedly  important  effects  of 
compressibility.  However,  the  flow  visualisation  results  from  the  water  tunnel  are  most  useful  in 
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stimulating  investigations  of  flow  phenomena  at  other  speeds.  As  well  as  low  speed  wind  tunnel  experi- 
ments, further  testing  is  also  planned  by  the  author  which  will  incorporate  supersonic  Mach  numbers  and 
thus,  prompted  by  the  latest  water  tunnel  results,  particular  attention  will  be  given  to  careful  obser- 
vations of,  for  example,  any  vortex  breakdown  effects  adjacent  to  the  wing  panels. 

It  is  to  be  hoped  that  this  work  will  form  only  one  part  of  a wider  effort  to  investigate  and  further 
understand  the  phenomena  of  symmetric  body  vortex  generation  and  the  subsequent  interaction  with  wing 
panels.  Preliminary  work  is  in  progress  in  the  United  Kingdom  which  will  lead  to  extensive  flow  survey 
experiments  in  the  leeside  of  bodies  of  revolution  at  incidence  and  a further  assessment  of  body  vortex 
interaction  effects  with  panels.  In  the  U.S.A.,  Oberkampf  et  al*^  have  already  recently  published  details 
of  flow  survey  work  aimed  at  producing  a more  detailed  understanding  of  the  flow  field  properties  adjacent 
to  a body  vortex  pair. 

Tlie  continuation  of  such  work  in  the  future  should  yield  significant  advances  in  the  understanding  of  the 
complex  problems  inherent  in  this  topic  of  vortex  dominated  flow  fields. 
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par  L.  MIFSUD 

5. A.  MATRA,  BP  1,  78140  Veiizy  (France) 

Resume 

La  communication  presente  les  rSsultats  d'essais  faits  au  bassin  hydrodynamique  et  en  soufflerie 
sur  des  corps  de  revolution  seuls  d'une  part,  et  munis  d'ailes  de  trSs  faibles  allongements,  d'autre  part 
(0,1  ^ a c 0,3).  On  donne  les  rSsultats  de  mesures  des  efforts  verticaux  et  latferaux,  ainsi  que  des 
mesures  de  pression  pariStale  sur  des  ailes,  en  fonction  de  1' incidence  entre  0 et  45°  ou  70°.  Les  para- 
mStres  sont  le  nombre  de  Mach,  la  longueur  et  l'envergure  des  ailes  E/D. 

M = 0,44  - 0,90  - 1,32  - et  1,4  E/D  2,5. 

Les  rfesultats  permettent  de  voir  dans  quelle  mesure  la  presence  d'ailes  et  la  variation  de  leurs  paramStres 
peuvent  influer  sur  les  phSnomSnes  inhdrents  aux  hautes  incidences,  et  plus  parti culiSrement  sur  les 
efforts  latfiraux. 

Summary 

The  paper  presents  the  results  of  experiments  made  in  a water  tank  and  wind  tunnels  on  bodies  of 
revolution  and  finned  bodies  of  small  wing  aspect  ratin.  Results  of  lift  and  side  force,  pitching  and  ya- 
wing moments  and  wall  pressure  distributions  are  presented  for  angles  of  attack  between  0 and  45  or  70°. 

The  parameters  are  the  Mach  number,  the  wing  length  and  the  wing  span  E/D. 

M = 0,44  - 0,90  - 1,32  - and  1,4  E/D  -4  2,5. 

The  results  show  the  effects  of  wing  parameters  on  high  incidence  phenomena  and  specially  on  lateral 
forces  and  moments. 


Notations 


Cz 

Coefficient  de  portance 

Lc 

Longueur  du  model  e 

cy 

" de  force  lateral e 

Lo 

Longueur  de  1 'ogive 

CL 

" de  moment  de  roulis 

r 

Rayon  de  1 'emoussement 

Cm 

" de  moment  de  tangage 

S 

Surface  de  reference  : maltre  - couple 

Cn 

" de  moment  de  lacet 

0 

Angle  de  roulis 

0 

Longueur  de  reference  : diarndtre  du  corps 

\ 

Allongement  de  1 'aile  base  sur  l'envergure 

E 

Envergure  total e des  ailes 

et  la  surface  nettes 

i 

Incidence 

<r 

Ecart  - type  moyen 

La 

Longueur  de  la  corde  4 1'emplanture 

Ecart  - type  moyen  pour  i = 0° 

1 - INTRODUCTION. 

Les  performances  dont  doivent  faire  preuve  les  avions  de  combat  futurs  et  a fortiori  les  missi’ 
les  dont  i 1 s seront  dot§s  sont  caractfirisdes  par  une  grande  manoeuvrability  plus  spScialement  dans  le  do- 
maine  des  grands  angles  d'incidence. 

Dans  1'optique  de  1 ‘aSrodynamique  des  missiles  qui  nous  intSressent  ici,  le  domaine  des  grandes 
incidences  est  aborde  par  un  missile  air  - air  pendant  la  phase  de  depart  de  1'engln  de  son  avion  porteur, 
puis  le  long  d'une  trajectoire  4 trSs  fort  facteur  de  charge. 

De  mSme,  certains  missiles  sol  - air  prennent  une  incidence  SlevSe  pendant  le  vol  de  transition 
qui  suit  le  tir  4 partir  d'un  silo. 

Les  Incidences  ainsi  atteintes  sont  au  moins  doubles  de  cellos  oO  Svoluent  les  missiles  actuels. 

Les  ailes  trapSzoTdales  classiques  d'allongement  d'environ  1,5  4 2 munissant  la  plupart  des  mis- 
siles actuels  ont  montrS  leur  saturation  et  leur  dfecrochage  en  subsonique  pour  des  Incidences  de  20°  envi- 
ron cornne  le  montrent  les  repartitions  de  pression  (fig.  1 - 2)  mesurSes  sur  l'extrados  d'une  aile  trapS- 
zoTdale  d'allongement  1,71.  De  plus,  cette  perte  d'efficaclte  est  fonction  de  1 ' al 1 ongement  (fig.  3).  Pour 
Sviter  cette  saturation  4 des  incidences  plus  Glev&es,  on  a done  eu  reeours  4 des  ailes  de  plus  faibles 
allongements. 

li  etait  done  opportun  de  faire  une  etude  experimental  pour  mettre  en  Evidence,  par  la  mesure 
des  efforts  suivant  les  trois  axes,  les  caracteristiques  de  corps  de  revolution  munis  d'ailes  de  faibles 
allongements  0,1  X < 0,3  - Le  domaine  choisi  fut  celui  des  hautes  incidences  pour  des  regimes  sub 

soniques  et  supersoniques  d' Seoul ements. 

2 - MOYENS  D'ESSAIS. 

2.1.  - Bassin  hydrodynamique, 

Pour  des  raisons  de  facility  d'emploi  et  d'Sconomie  les  etudes  de  base  sur  1‘effet  de  Vallongement 
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des  ailes  ont  StS  rSalisSes  dans  le  bassin  hydrodynamique  de  la  Society  MATRA. 

Dans  ce  bassin  (fig.  4),  la  maquette  mobile  suivant  les  trois  axes  est  disposbe  au  bout  d!un 
bras  pouvant  lui  donner  des  incidences  comprises  entre  0°  et  90°.  Les  valeurs  des  angles  d'incidence  et 
de  roulis  sont  repSrfees  Slectroniquement. 

Le  chariot,  support  de  bras,  est  animS  d'un  mouvement  de  translation  horizontal  par  un  moteur 
asservi  qui  lui  donne  une  vitesse  constante  de  1,25  m/s  correspondent  4 un  nombre  de  Reynolds  dans  Teau 
de  1,25  , 10  * dans  les  conditions  normales  de  temperature. 

La  maquette  est  portSe  par  une  balance  4 jauges  de  contraintes  permettant  de  mesurer  les  forces 
et  les  moments  suivant  les  trois  axes.  Les  valeurs  lues  sont  des  moyennes  effectu&es  sur  35  mesures  obte- 
nues  pendant  un  parcours  du  bassin.  Les  signaux,  aprfis  passage  dans  une  baie  Slectronique  de  mesure,  sont 
traitfis  numSriquement  par  un  calculateur. 

Les  rSsultats  ohtenus  (fig.  5,  6)  sont  parti culibrement  reprSsentatifs  des  Scoulements  incom- 
pressibles. 

2.2.  - Soufflerie. 

Pour  mettre  en  evidence  1 'effet  de  Mach,  des  essais  ont  6t§  effectues  dans  la  soufflerie  214 
de  l'lnstitut  Aerotechnique  de  St.  Cyr,  5 des  incidences  variant  de  fagon  continue  de  0 4 70°  environ  et 
pour  des  nombres  de  Mach  de  0,44  - 0,90  - et  1,32. 

La  pression  generatrice  etant  la  pression  atmospherique,  cela  correspond#!!  4 des  nombres  de  Reynolds 
compris  entre  0,8  et  1,9  x 107 

3 - RESULT ATS  DES  MESURES. 

Les  rSsultats  sont  donnds  dans  le  trifidre  de  reference  et  avec  les  notations  prScisfees  sur  la 
figure  7.  Les  dimensions  de  reference  sont  le  diam&tre  du  corps  et  la  surface  du  maftre  - couple,  Dans 
tout  ce  qui  suit,  Tangle  de  dSrapage  des  maquettes  est  rests  nul . 

3.1.  - Corps  de  revolution. 

A l'occasion  de  la  determination  des  efforts  verticaux  sur  des  corps  de  revolution  4 ogives 
tangentes,  on  a constate  Vetablissement,  4 certaines  incidences,  d'efforts  lat&raux  d6j4  mis  en  eviden- 
ce par  d'autres  auteurs  ( * . 1 . 3 ) 

Gbsefforts  ont  ete  mesures  en  faisant  varier  les  param&tres  d'allcngement  Lo/0  et  d'Smousse- 
ment  r/D  de  Togive,  la  longueur  du  corps  restant  constante  (17  diametres). 

Les  mesures  faites  au  bassin  (fig.  8-9)  confirment  le  resultat  bien  connu  maintenant  selon 
lequel  les  efforts  lateraux  croissent  avec  la  longueur  de  Togive.  Un  autre  phenomena  est  4 remarquer  au 
vu  de  ces  courbes,  la  dispersion  des  points  de  mesure  4 partir  d'une  incidence  que  Ton  peut  situer  aux 
alentours  de  30u.  Ceci  laisse  supposer  Texistence  de  nappes  tourbillonnaires  Instables  autour  du  corps. 

Dos  essais  ont  ete  effectues  avec  des  ogives  de  differents  emoussements . Par  rapport  aux  mesu- 
res faites  sur  Togive  pointue  de  mSme  allongement,  aucune  influence  nette  de  1'emoussement  n'a  pu  etre 
mise  en  evidence.  11  semble  done  que  le  phSnomSne  de  decollement  des  nappes  tourbillonnaires  soit  plus 
sensible  4 T allongement  de  Togive  qu'4  son  emoussement. 

La  valeur  de  chaque  point  de  mesure  etant  la  moyenne  entre  35  points,  il  nous  a paru  intSressant 
de  tracer  l'Scart  - type  moyen  en  fonction  de  T incidence, rapports  4 l'Scart  - type  4 1'incidence  nulle. 
On  constate  (fig.  10)  une  croissance  continue  de  l'Scart  - type  du  moment  de  lacet.  La  dispersion  des  me- 
sures des  efforts  lateraux  se  fait  done  de  fagon  continue  depuis  le  domaine  des  faibles  incidences.  Bien 
que  moindre,  cette  dispersion  se  fait  sentir  sur  la  mesure  du  moment  de  tangage.  Enfin,  les  rSsultats  des 
mesures  sont  plus  disperses  lorsque  Togive  est  plus  SlancSe  (fig.  11).  L'allure  de  paller  que  prend  la 
courbe  de  l'Scart  - type  correspondent  4 Togive  de  plus  faible  allongement  laisse  prSsumer  une  structu- 
re plus  organisSe  des  tourbillons. 

3.2.  - Corps  munis  de  surfaces  portantes. 

3.2.1.  - Definition  des  modules. 

Les  considerations  de  saturation  de  l'Scoulement  expos&es  dans  T introduction,  alliSes  4 des 
raisons  plus  pratiques  d'encombrement  d'alles  pour  d'Sventuelles  realisations,  nous  ont  conduits  4 porter 
notre  attention  aux  ailes  de  trSs  faibles  allongements. 

Cependant,  pour  supplier  4 la  perte  de  portance  linSaire  qui  en  rSsulterait,  et  done  conserver 
des  performances  valables,  on  a StS  amenS  4 auamenter  la  portance  tourbil lonnaire  des  ailes.  Ceci  a con- 
duit, par  un  allongement  appreciable  de  la  corde,  4 Squiper  les  corps  studies  de  quatre  ailes  tres  Slan- 
cSes  de  type  rectangulalre. (fig.  12  configuration  1). 

L'expSrience  a ensuite  montrS  que  ce  type  d'alles  Stait  bien  adapts  aux  hautes  Incidences.  Dans 
tous  les  essais,  la  longueur  de  Tavant-corps  du  module  et  les  caractSristiques  de  Togive  sont  restSes 
constantes.  Seules  ont  varlS  l'envergure  et  la  longueur  des  ailes. 

Seules  des  positions  du  missile  4 angle  de  roulis  nul  ont  StS  considSrSes  ((5  » 0°)  : les  deux 
plans  d'alles  Stant  confondus,  d'une  part  avec  le  plan  forms  par  le  vent  et  1'axe  du  missile,  et.d'autre 
part,  avec  le  plan  normal. 
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Sur  ces  configurations,  on  a de  nouveau  ddtectd  des  efforts  latdraux  aussi  bien  au  bassin  qu'en 
soufflerie. 


3.2.2.  - Portance. 

Les  courbes  de  portance  correspondant  3 des  configurations  3 envergure  constante  pour  diffdren- 
tes  longueurs  d'aile  (fig.  13,  14,  15)montr.ent  que  la  pente  des  courbes  3 l'origine  est  la  mdme  pour  tou- 
tes  les  ailes. 

Par  contre,  les  courbes  (fig.  16)  tracdes  en  faisant  varier  Tenvergure  des  ailes,  la  longueur 
restant  constante,  montrent  que  ces  pentes  sont  nettement  diffdrencides. 

Si  1 'on  admet  de  decomposer  la  portance  des  ailes  en  deux  parties,  Tune  lindaire,  l'autre  d'o- 
rigine  tourbil lonnaire,  on  peut  dire  que  la  portance  lindaire  est  uniquement  fonction  de  Tenvergure  des 
ailes.  Cependant,  la  portance  tourbillonnaire  crolt  avec  la  longueur  des  ailes.  Ce  rdsultat,  connu  aux 
faibles  incidences,  est  done  toujours  valable  jusqu'3  45°. 

D' autre  part,  on  peut  constater  que  les  courbes  de  portance  sont  trds  rdgulidres  et  ne  prdsen- 
tent  pas  de  dispersion. 

3.2.3.  - Centre  de  poussde. 

Au  cours  des  mSmes  essais,  on  a mesurd  les  moments  de  tangage  par  rapport  3 un  point  situd  3 
une  distance  de  0,55  Lc  de  la  pointe  du  modeie. 

Les  figures  17  3 19  prdsentent  la  position  du  centre  de  poussde  Cm/Cz  pour  diffdrentes  confi- 
gurations 3 envergure  d'aile  constante. 

On  constate  dans  tous  les  cas,  un  recul  du  centre  de  poussde  en  fonction  de  T incidence.  On 
peut  aussi  verifier  qu'3  un  accroissement  de  longueur  de  I'aile  correspond  un  recul  du  centre  de  poussde. 
De  plus,  les  courbes  mettent  en  dvidence  un  palier  3 partir  de  20°  d'incidence  environ. 

Tout  ceci  peut  etre  interprets  comme  la  naissance  d'une  portance  non-lineaire  qui  crolt  avec 
Tincidence  et  qui  agit  en  arridre  de  la  portance  lindaire.  Aux  hautes  incidences,  lepciiit  d'appl ication 
de  cette  force  est  trds  stable. 

II  est  3 remarquer  (fig.  19),  que  le  palier  est  atteint  pour  des  incidences  plus  fortes  dans  le  cas  d'ai- 
les  de  plus  faible  envergure. 

Lorsque  seule  Tenvergure  des  ailes  varie  (fig.  20,  21),  1'allure  des  courbes  est  la  rneme,  mais 
on  constate  qu'aux  hautes  incidences,  la  position  du  centre  de  poussde  est  pratiquement  inddpendante  de 
1 'envergure. 

3.2.4.  - Force  latdrale. 

Les  courbes  donnant  la  force  latdrale  sur  des  corps  munis  d' ailes  de  differentes  envergures 
(fig.  22)  montrent  d'abord  une  croissance  de  la  force  avec  Tincidence. 

Dans  le  domaine  d'incidence  ddcrlt  (0  <r  1 ^ 45°)  les  courbes  rie  font  pas  apparaitre  de  maximum. 

De  plus,  au-del3  de  30°,  une  variation  de  Tenvergure  correspond  3 une  variation  dans  le  mdme  sens  de  la 
force  latdrale.  Par  contre,  lors  des  expdriences  faites,  la  longueur  des  aTes  n'a  pas  montrd  d'influen- 
ce  ddcelable  (fig.  23  - 24).  Ceci  tendrait  3 prouver  que  les  efforts  latdraux  sont  principalement  dus  3 
une  dissymdtrie  des  tourbillons  d'apex  de  l'ogive  ; une  Influence  prdporiddrante  des  tourbillons  d'ailes 
aurait  dtd  rdvdlde  par  une  ddpendartce  de  la  longueur  d'aile,  ce  qui  n'est  pas  le  cas  ici. 

La  comparaison  avec  les  forces  latdrales  sur  le  corps  seul  montre  que  la  prdsence  d'ailes  ac- 
croit  les  efforts  latdraux.  Toutefois,  la  cause  du  ddcollement  de  l'dcoulement  dtant  inconnue,  la  com- 
paraison n'est  valable  qu'en  valeur  absolue.  De  plus,  une  grande  dispersion  des  rdsultats  apparalt  aux 
grandes  incidences. 


3.2.5.  - Moment  de  lacet. 

Les  mesures  du  moment  de  lacet  font  apparaitre  une  dispersion  telle  qu'elle  empdche  toute  con- 
clusion quan.  3 l'influence  des  ailes  (fig.  25  3 27).  On  peut  seulement  en  ddduire  que  le  centre  de  pous- 
sde des  forces  latdrales  n'a  pas  une  position  stable  lorsque  le  moddle  se  trouve  dans  le  domaine  des  gran- 
des incidences. 

4 - EFFETS  DE  MACH  AUX  HAUTES  INCIDENCES. 

4.  i.  - Moddle. 

Pour  illustrer  1'effet  du  nombre  de  Mach  sur  les  phdnomdnes  qui  prennent  naissance  aux  hautes 
incidences,  nous  prdsentons  ici  les  rdsultats  des  essais  faits  en  soufflerie  sur  un  moddle  qui  se  diffd- 
rencialt  du  prfreddent  par  1'adjonction  de  quatre  gouvernes  trapdzoTdales  en  arridre  des  ailes  et  dans  leurs 
plans,  (fig.  12  conf.  2). 

D'autre  part,  le  domaine  de  variation  de  Tincidence  a dtd  dtendu  3 70°  environ. 

Bien  que  ces  rdsultats  n'aient  pas  dtd  obtenus  3 l'aide  d'une  configuration  semblable  3 la  prdeddente,  il 
a dtd  jugd  intdressant  d'en  faire  dtat  surtout  en  ce  qui  concerne  les  efforts  latdraux. 

4.2.  - Portance  et  moment  de  tangage. 

II s reprdsentent  le  but  principal  des  essais  effectuds,  nous  ne  nous  attarderons  cependant  pas 


i 
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sur  la  mesure  de  ces  efforts.  Nous  noterons  seulement  la  faible  influence  du  nombre  de  Mach  sur  la  portan- 
ce  dans  le  domaine  d'incidence  dfecrlt  (fig.  28).  Pour  ce  qui  est  du  moment  de  tangage,  l’alluro  particu- 
lifire  des  courbes  s'explique  par  la  presence  de  la  gouverne  et  il  n'est  pas  dans  notre  intention  d'en  trai- 
ter  ici  (fig.  29). 

4.3.  - Force  latSrale  et  moment  de  lacet. 

Les  efforts  latyraux  mesur&s  pour  trois  nombres  de  Mach  0,44  - 0,90  - 1,32  montrent 
(fig.  30  - 31)  une  crolssance  tr6s  importante  4 partir  d'une  incidence  de  35°  environ.  Au-dessous  de  cet- 
te  incidence,  les  efforts  latyraux  sont  n6gl igeables . 

Ce  phfenomSne  s’accompagne.surtout  dans  le  domaine  subsonique,  d'une  grande  dispersion  des  mesures  ; 1 'en- 
registrement  des  mesures  montre  un  signal  totalement  fluctuant  au-delJ  de  30°. 

Ces  grandes  variations  des  rfesultats  et  le  brusque  changement  de  signe  des  mesures  montrent  une  grande 
instability  des  nappes  tourbillonnaires. 

Comme  1'ont  observS  diffSrents  auteurs  ( 4.  - 5"  ) cette  instability  passe  par  un  maxi- 

mum pour  une  incidence  situye  ici  autour  de  45°.  Les  efforts  s'amoindrissent  fortement  4 partir  de  65°  en- 
viron. La  mise  en  evidence  de  cette  zone  d'instability  que  l'on  peut  s'attacher  4 ryduire,  prysente  un  in- 
teret  pratique  important. 

Un  autre  phenomyne  marquant  et  connu  ( i.  ) est  la  diminution  des  efforts  latyraux 

lorsqu'on  atteint  le  domaine  transsonique  et  leur  disparition  en  supersonique. 

4.4.  - Moment  de  roulls. 

Les  moments  de  roulis  correspondants  montrent  aussi  des  accroissements  trys  importants  en  subso- 
nique (fig.  32)  avec  de  brusques  changements  de  signe. 

Cependant,  la  zone  d'instability  n'est  pas  aussi  nette  que  pour  les  efforts  lateraux,  En  particulier,  en 
subsonique,  le  moment  reste  encore  tr4s  Important  au-de!4  de  65°  d'incidence. 

Oe  plus,  l'effet  de  Mach  est  un  peu  moins  marquy  que  pour  le  moment  de  lacet  ; le  moment  de  roulls  est 
encore  non  nygligeable  pour  M = 1,32. 

4.5.  - Effets  de  1 'angle  de  roulis. 

La  position  des  missiles  en  vol  ytant  a priori  quelconque  autour  de  leur  axe  de  symytrie,  il  a 
paru  intyressant  de  voir  comment  variaient  les  diffyrents  efforts  lorsque  1 'angle  de  roulis  0 variait. 

Les  courbes  de  force  et  de  moment  latyrai*  (fig.  33  - 34)  montrent  une  forte  dyperidance  de  ces 
efforts  avec  0.  En  particulier,  le  passage  de  0 * 0°  4 0 * 45°  correspond,  dans  le  cas  de  nos  essais,  4 
une  diminution  du  maximum  de  la  force  laty^ale  et  4 une  plus  grande  diminution  encore  du  moment  corres- 
pondent. De  plus,  il  coincide  avec  un  changement  de  signe  de  ces  efforts. 

Cependant,  on  n'assiste  pas  au  meme  phynomdne  Tors  des  mesures  du  moment  de  roulis. 

5 - CONCLUSIONS. 

De  l'ytude  expyrimentale  qui  viant  d'Stre  falte,  on  peut  tirer  un  certain  nombre  d'enseignements 
relatifs  aux  modfiles  expyrimentys  et  qui  peuvent  se  resumer  comme  suit  : 

- Les  mesures  faltes  sur  les  corps  seuls  au  bassin  hydrodynamique  mettent  en  yvldence  une  pripon- 
dyrance  de  1' influence  de  l'allongement  de  1 'ogive  sur  son  ymoussement.  Les  efforts  latyraux  croissent  avec 
cet  allongement. 

Le  relevy  des  ycarts  - type  montre  une  evolution  progressive  de  1 ‘Instability  de  ces  efforts  avec  V inci- 
dence. 


- La  portance  llnyaire  des  modyies  munis  d'ailes  est  fonctiori  de  l'envergure  alors  que  la  por- 
tance  non-linyaire  et  la  position  du  centre  de  poussee  de  la  portance  est  function  de  la  longueur  de  1'ai- 
le.  Ce  rysultat,  d6 j 4 valable  aux  faibles  incidences,  le  reste  au  moins  jusqu'4  45°. 

- Pour  les  ailes  ytudiyes,  la  position  du  centre  de  poussye  de  la  portance  se  stabilise  au-deia 
de  20°  d'incidence.  Elle  ne  dypend  pas  de  l'envergure. 

- Une  dispersion  des  rysultats  de  mesure  au  bassin  comme  en  soufflerie  au-delS  de  35°  d'inciden- 
ce environ,  apparalt  nettement  sur  les  efforts  latyraux.  Elle  est  Inexistante  sur  la  mesure  des  efforts 
verticaux. 


- Aux  hautes  Incidences,  les  forces  latyrales  croissent  nettement  avec  l'envergure  des  ailes 
dans  le  domaine  des  envergures  considyryes.  Elies  sont  cependant  peu  sensibles  4 la  variation  de  la  Ion 
gueur  d a lie. 


,n.  „ expyriences  en  soufflerie  montrent  1 'existence  d'une  plage  d' incidences  comprise  entre 

60  ” *a  torce  ljtyrale  et  le  moment  de  lacet  deviennent  Importants.  Ces  expyriences  confirmont 
supersonique^  “ CfiS  efforts  s amoindrit  quand  le  nombre  de  Mach  augmente  et  devlent  nygligeable  en 


1 ..a  *.La  r?tat<on  de de maquette  autour  de  son  axe  de  symytrie  dlminue  fortement  les  efforts 
latyraux  maupaile  moment  de  roulis. 


N.B.  - Cette  ytude  a yty  financye  par  le  Service  Technique  des  Engins  Tactiques  (STET). 
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AERODYNAMIC  CHARACTERISTICS  OF  A MISSILE  FEATURING  WING 
WITH  STRAKES  AT  HIGH  ANGLES  OF  ATTACK 

M.  Akcay,  B.E.  Richards,  W.  Stahl + , A.  Zarghami 

von  Karman  Institute  for  Fluid  Dynamics 
Chauss6e  de  Waterloo,  72 
B - 1640  Rhode  Saint  GenSse,  Belgium 


Abstract 

This  note  describes  an  experimental  study  of  the  forces  artd  pressure  distribution  on 
a typical  missile  configuration  with  low  aspect  ratio  trapezoidal  wings  fitted  both  with 
and  without  triangular  strakes  at  angles  of  incidence  up  to  32°  at  a Mach  number  of  0.83 
and  a Reynolds  number  based  on  body  diameter  of  1.4xl05  . Normal  force  and  pitching  moment 
measurements  showed  that  different  strakes  extending  forward  from  the  inboard  region  of 
the  trapezoidal  wings  straightened  the  normal  force  curve  and  Increased  the  normal  force 
coefficient  considerably  and  improved  the  pitching  moment  variation  at  incidences  above  12°. 
Subsequently,  measurements  of  pressure  over  the  suction  side  of  the  body,  wings  and  one  of 
the  configuration  of  strakes  and  application  of  various  flow  visualization  techniques  at 
transonic  speeds  and  water  tunnel  tests  provided  some  insight  into  the  mechanisms  that  cause 
the  improvements  in  force  characteristics.  The  vortices  generated  by  the  strakes  are  shown 
to  Interact  favourably  not  only  with  the  flow  over  the  wing,  to  suppress  the  unfavourable 
effects  of  large  separation,  but  also  with  the  flow  over  the  body.  The  distribution  of 
the  increment  in  normal  force  on  the  various  parts  of  the  configuration  caused  by  the 
strakes  was  roughly  analyzed. 

1.  INTRODUCTION 

Strakes  consisting  of  small  slender  delta  wings  attached  ahead  of  the  Inner  leading 
edge  of  the  main  wing  have  been  demonstrated  in  a number  of  cases  to  improve  the  aerody- 
namic characteristics  of  aircraft  at  the  high  angles  of  attack  often  achieved  in  rapid 
manoeuvres  and  landing  and  take-off.  They  have  been  used  in  a variety  of  shapes  on  vehicles 
such  as  the  SAAB-35  Draken  with  double  delta  wing  planform,  the  Northrop  F-5  'Tiger  II', 
YF-16  and  YF-17  with  trapezoidal  wings  with  strakes  (Refs.  1,  2)  and  the  Space  Shuttle 
with  double  delta  wings.  These  examples  have  In  common  the  feature  that  the  body  cross 
sectional  dimensional  is  relatively  small  in  relation  to  the  wing  span.  There  have  been 
reported  no  studies  of  the  effect  of  strakes’ on  missile  type  configurations  which  are 
characterized  by  small  wings  In  relation  to  the  body  cross  sectional  dimension,  such  that 
wing  body  interference  effects  are  Important,  and  the  wings  themselves  having  simple  un- 
optimized wing  profiles.  The  experimental  work  carried  out  in  this  latter  field  at  VKI 
during  the  past  two  years,  following  on  from  the  preliminary  work  by  Stahl  and  Movassaghie 
(Ref.  3)  at  this  same  establishment  in  1976,  will  be  described  in  the  following  chapters. 
Comparisons  with  results  from  tests  on  aircraft  configurations  reported  in  the  literature 
are  made.  Such  information  Is  important  to  designers  to  evaluate  whether  strakes  can  con- 
tribute as  favourably  to  the  high  speed  manoeuverabi 1 1 ty  of  a missile  as  has  been  found 
on  aircraft. 

2.  DESCRIPTION  OF  MODELS  AND  TEST  TECHNIQUES 

The  configurations  chosen  to  be  tested  are  illustrated  in  figure  1 with  dimensions 
given  as  a proportion  of  body  diameter,  0.  The  body  has  an  overall  length  of  10.8  D with 
an  ogive  nose  of  radius  6.5  D and  length  2.5  D.  The  trapezoidal  wings  have  a semispan  of 
1.0  D,  a leading  edge  sweep  angle  of  27°  and  an  aspect  ratio  of  1.99.  The  wings  have  flat 
upper  wings  whose  surfaces  are  in  the  same  plane  as  the  body  centerline.  The  lower  surfaces 
are  bevelled  to  10°  giving  sharp  leading  and  side  edges.  The  wing  trailing  edges  are  3.2  D 
upstream  of  the  body  base.  Three  different  configurations  of  strake,  designated  1,  2 and  3 
were  used  in  the  force  measurements  study,  only  strake  number  1 was  used  in  the  pressure 
and  flow  visualization  studies.  Strake  1 had  a triangular  shape  with  sharp  10°  angle  wedge 
leading  edges  which  were  swept  at  77°  and  bisected  the  wing  leading  edge  at  1/4  span  from 
the  living  root.  Its  aspect  ratio  was  0.89,  giving  an  overall  wing  with  strake  aspect  ratio 
of  1.65.  The  addition  of  the  strake  increased  the  wing  area  by  11  per  cent.  Strake  2 had 
a larger  chord  and  strake  3 had  an  additional  curved  fairing  between  Itself  and  the  wing 
leading  edge  as  shown  in  Fig.  1.  Both  had  larger  areas  than  strake  1.  The  body  diameter  of 
the  models  was  35  mm. 

The  normal  force  and  pitching  moment  were  measured  by  means  of  a two  component  strain 
gauge  balance  designed  and  built  at  VKI  as  described  in  Ref.  4.  The  balance  was  mounted 
inside  five  hollow  models  specially  built  for  these  tests  representing  the  configurations 
of  body  alone,  body  with  wing  alone,  and  three  bodies  with  wings  with  the  thrde  different 
strake  configurations.  A model  of  the  trapezoidal  wings  alone  was  also  constructed  which 
was  attached  ahead  of  the  force  balance  while  testing.  The  calibration  process  is  described 
in  detail  in  Refs.  4 and  5. 

Three  separate  models  representing  the  configurations  body  alone,  body  with  wing  and 
body  with  wing  and  strake  1 were  instrumented  with  30,  60  and  65  pressure  taps  respectively 
of  0.5  mm  diameter.  These  were  placed  on  body,  wing  and  strake  upper  surfaces  and  distri- 
buted around  five  lengthwise  stations  designated  E,  F,  G,  H and  I upstream  of  and  in  the 
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regions  of  the  wing  as  illustrated  in  Fig.  2.  Scanivalves  were  used  to  connect  the  pres- 
sure taps  sequentially  to  either  1 Ib/in*-  or  2.5  lb/in2  Statham  PM6TC  differential  pres- 
sure transducers.  The  measurements  were  recorded  on  Sefram  B-60  recorders.  Measurements 
were  referenced  to  one  model  pressure  tap  which  itself  was  measured  using  a vacuum  refer- 
enced mercury  manometer.  The  transducers  were  calibrated  against  Betz  and  mercury  manome- 
ters before  each  test. 

Two  additional  but  smaller  models  with  base  diameter  of  20  mm  representing  configura- 
tions of  body  and  wings  and  body  and  wings  with  strakes  were  built  for  flow  visualization 
tests  in  the  V K I Water  Tunnel.  These  models  were  fitted  with  7 and  9 passages  respectively 
(four  on  the  body,  three  on  the  wing  and  two  on  the  strake)  used  to  inject  dyes  to  track 
the  flow  streamlines.  Sublimation  surface  flow  visualization  was  also  used  at  M = 0.83  in 
the  wind  tunnels  on  the  models  used  for  force  measurements. 

The  measurements  at  M « 0.83  were  carried  out  in  the  VKI  S-l  wind  tunnel.  It  is  a 
continuously  operated  closed  circuit  facility  including  longitudinal  slotted  top  and  bot- 
tom sections  for  subsonic  and  transonic  operation  (Ref.  4).  The  test  section  measures  36  crn  x 
40  cm.  During  the  tests  the  total  pressure  was  kept  at  0.270  bars  to  provide  a Reynolds 
number  based  on  body  diameter,  Reg,  of  1.4x10s.  Force  measurements  were  made  at  angles  of 
incidence  from  0°  to  18°  on  wings  and  bodies  alone  and  from  0°  to  32°  on  complete  missile 
configurations  while  pressure  measurements  were  made  in  the  range  of  11  to  30°.  The  test 
section  was  calibrated  at  M = .83  without  the  models  and  the  flow  Mach  number  was  shown  to 
be  constant  within  1%  (Ref.  4). 

The  VKI  Water  Tunnel  has  a closed  test  section  of  15  cm  x 15  cm.  The  water  is  pumped 
continuously  from  a storage  tank  into  the  overhead  reservoir  and  the  velocity  of  the  water 
is  controlled  by  means  of  a valve  and  measured  by  a rotameter  downstream  of  the  test  sec- 
tion. The  tests  were  carried  out  at  a flow  speed  of  0.21  m/sec  giving  a Reynolds  number 
based  on  body  diameter  of  4200.  To  visualize  the  flow  field,  blue  dye  was  ejected  from 
the  body  and  wings  and  red  dye  from  the  strake.  The  angle  of  incidence  was  changed  from 
0°  to  25°  in  5°  steps.  Both  coloured  photographs  and  cine  films  of  the  resulting  flow 
visualization  were  made. 

The  introduction  of  water  tunnel  tests  into  a transonic  experiment  with  subsequent 
comparison  of  results  may  sound  illogical,  however,  other  experimenters  have  discovered 
that  for  flows  over  configurations  in  which  extensive  flow  separation  occurs  surprisingly 
good  agreement  in  flow  behaviour  is  found.  As  shown  later  in  this  report,  this  similarity 
is  demonstrated  with  a Reynolds  number  ratio  of  33  Indicating  that  such  studies  are  rela- 
tively independent  of  flew  speed  arid  Reynolds  number  and  can  prove  to  be  useful  since  such 
flow  visualization  is  very  difficult  to  accomplish  in  a transonic  wind  tunnel. 

3.  PRESENTATION  OF  BASIC  RESULTS 

The  normal  force  coefficients  in  the  trapezoidal  w^ng  alone,  body  alone  and  wing  with 
body  combination  at  M * 0.83  in  the  Incidence  range  of  0°  - 18°  is  shown  in  Fig.  3.  Also 
plotted  is  a curve  representing  the  sum  of  the  wing  alone  and  body  alone  results. 

The  normal  force  and  pitching  moments  coefficients  for  complete  missile  configurations 
with  trapezoidal  wing  alone  and  fitted  with  the  three  different  strakes  for  M » 0.83  in 
the  incidence  range  of  0°  - 32°  are  presented  in  figures  4 and  5 respectively.  The  normal 
force  coefficient  Is  normalized  with  the  body  cross  sectional  area  In  all  the  curves. 

The  pressure  measurements  for  body  alone,  body  with  trapezoidal  wing  and  body  and 
wing  with  strake  number  1 for  angles  of  incidence  of  11°,  21°  and  31°  are  presented  in 
Figs.  6,  7,  8 respectively  as  a function  of  spanwise  position  at  each  longitudinal  station. 
Not  included  in  this  report  are  presentations  of  the  other  angles  tested,  i.e.,  15°,  18°, 
24°  and  27°.  Details  of  these  are  given  in  Ref.  6. 

The  ensuing  discussion  is  based  on  these  figures  in  examining  first  the  flow  over  the 
separate  components,  then  over  the  body  and  wing  and  finally  the  effect  of  the  strake  on 
the  configuration.  Some  use  is  made  of  the  results  not  Included,  mentioned  in  the  last 
paragraph . 

4.  DISCUSSION  OF  RESULTS 

4.1  Effect  of  flow  over  trapezoidal  wings  and  body  alone 

Figure  3 shows  that  the  normal  force  coefficient  Induced  over  the  wings  alone  in 
creases  non-linearly  with  increase  of  angle  of  attack  at  low  angles  of  attack  such  that 
the  rate  of  increase  of  force  is  positive.  At  5°,  however,  the  curve  exhibits  a point  of 
inflection  indicating  the  onset  of  flow  separation  over  the  wing.  Above  12°  the  normal 
force  coefficient  is  nearly  constant  with  incidence  indicating  that  the  flow  over  the 
wing  is  fully  separated. 

The  flow  over  the  body  alone  also  causes  a non-linear  change  in  normal  force  coeffi- 
cient with  angle  of  incidence  as  shown  in  Fig.  3 but  in  this  case  this  behaviour  occurs  up 
to  the  maximum  angle  ( 18°)  exami ned . The  pressure  measurements  around  the  body  taken  from 
angles  of  11°  to  30°  presented  in  Figs.  6,  7 and  8 demonstrate  that  this  increase  in' lift 
with  incidence  is  caused  by  increased  suction  created  by  the  vortices  shed  from  the  body. 

At  11°  the  pressure  distributions  reflect  little  or  no  separation  over  the  body,  while  at 
higher  angles,  the  suction  peak,  whose  location  reflects  the  proximity  of  the  vortex  core 
moves  away  from  the  side  of  the  body  to  an  unchanging  angle  of  32°  from  the  leeward  sur- 
face generator.  A test  In  which  a sublimation  flow  visualization  technique  was  carried 
out  at  M = 0.83  demonstrated  this  finding  at  20°  angle  of  attack. 


4.2  Discussion  of  the  interference  between  body  and  trapezoidal  wing 

An  illustration  of  the  overall  result  of  interference  between  wing  and  body  for  this 
missile  configuration  is  demonstrated  in  Fig.  3 in  which  the  addition  of  the  measured 
normal  force  coefficient  on  the  wing  and  body  alone  are  compared  with  the  value  of  the 
overall  coefficient  for  the  combination.  It  can  be  seen  that  over  the  range  of  incidences 
from  0°  to  18°,  the  interference  effects  contribute  from  between  252  to  40%  of  the  overall 
force . 

Comparison  of  the  pressure  measurements  on  the  body  alone  and  the  wing-body  configura- 
tion il’ustrated  in  Figs.  6,  7 and  8 demonstrate  the  origin  of  the  i n ter  fere  nee . It  appears 
from  the  very  flat  spanwise  (and  chordwise)  distribution  over  the  wings  that  the  body  has 
little  influence  on  the  wings  (unfortunately  pressure  measurements  over  the  wings  alone 
were  not  taken  to  verify  this).  However,  the  pressure  distribution  around  the  body  at  the 
three  stations  in  line  with  the  wing  (G,  H and  I)  is  influenced  very  strongly  and  favourably 
by  the  wing.  The  general  effect  is  to  bring  the  suction  on  the  body  to  the  level  of  that 

on  the  wings.  This  is  expected  to  be  caused  by  downwash  over  the  body  Induced  by  the  wings. 

The  detrimental  effect  of  the  upwash  before  the  wing  is  demonstrated  by  the  loss  in  suction 

on  the  body  just  in  front  of  the  wing  (position  F),  but  this  effect  extends  upstream  from 

the  wing  leading  edge  no  further  than  two  chord  lengths  (position  E). 

The  dye-line  visualization  on  the  body  of  the  wing-body  combination  tested  in  the 
water  tunnel  at  a » 20°  (Fig.  9a)  demonstrates  clearly  the  effect  of  the  wing  on  the  stream- 
lines close  to  the  body.  The  lines  are  shown  to  be  swept  to  leeward  strongly  just  before 
the  wing  but  then  sucked  strongly  towards  the  wing  in  line  with  the  wing  leading  edge. 

It  appears  that  for  configurations  typical  of  missiles  large  benefits  in  force  are 
achieved  due  to  interference  effects,  and  that  these  arise  chiefly  on  the  body  due  to  the 
flow  over  the  wing. 

4.3  Addition  of  strakes  to  the  wing-body  configuration 

4.3.1  The  effect  of  the  shape  of  the  strake  on  forces  and  moments 

The  normal  force  coefficient,  Cn , on  the  missile  configurations  with  the  three  types 
of  strake  are  compared  to  the  values  measured  on  the  configuration  without  strakes  from 
0°  to  32°  in  Fig.  4.  It  can  be  seen  that  the  strakes  have  little  effect  on  force  for  angles 
of  incidence  up  to  8°,  but  that  above  this  angle  considerable  benefit  can  be  obtained. 

This  is  Illustrated  more  clearly  in  Fig.  10  in  which  is  plotted  the  Increase  in  or  the 
configuration  with  strake  1 as  a proportion  of  on  the  wing-body  configuration  without 
strake.  It  can  be  seen  that  the  strake  provides  most  benefit  at  angles  from  11°  to  20° 
achieving  332  at  14°  and  this  effect  decreased  to  about  152  at  30°.  Referring  to  Fig.  4, 
it  is  seen  that  the  long  strake  (no  2)  provides  even  higher  forces,  however,  it  should  be 
indicated  that  its  area  is  over  202  of  that  of  the  wing  surface.  For  technical  reasons, 
the  tests  on  the  curved  strake  (no  3)  were  discontinued  above  18°  and  hence  the  charac- 
teristics of  this  configuration  could  not  be  evaluated. 

The  overall  effect  of  the  increase  in  force  cause  by  the  strakes  is  to  straighten 
out  the  crooked  variation  with  angle  of  attack  cause  by  the  separation  over  the  wing 
without  strake.  This  will  help  the  controllability  of  the  vehicle  which  will  also  be 
helped  by  the  slightly  more  regular  pitching  moment  variation  with  Incidence  (Fig.  5). 

4.3.2  The  effect  of  the  strake  on  the  flow  over  the  wing 

The  spanwise  pressure  distribution  on  the  strake  at  682  of  its  chord  shown  in  Figs. 

6,  7 and  8 feature  the  high  and  localized  suction  peak  at  around  502  span  from  the  root 
typical  of  the  vortex  shed  from  the  leading  edge  of  a highly  swept  delta  wing.  The  level 
of  the  suction  peak  Increases  with  angle  of  attack.  The  presence  of  the  body  becomes  more 
pronounced  with  incidence  by  causing  another  localized  peak  suction  near  the  Inboard  edge. 

The  most  pronounced  general  effect  of  the  strake  vortex  on  the  wing  pressure  distri- 
bution seen  in  Figs.  6,  7 and  8 is  to  cause  a very  important  suction  Increase  over  the 
whole  span  near  the  leading  edge  Mine  G).  This  suction  is  decreased  substantially,  how- 
ever, at  the  wing  mid-chord  position  (line  H)  and  falls  below  the  wing-wi thout-strake 
distribution  near  the  trailing  edge  (line  I).  To  be  expected  are  localized  peak  suctions 
along  the  path  of  the  vortex  and  these  can  be  identified  easily  at  a = 11°  (Fig.  6)  in 

which  the  peak  moves  out  gradually  from  182  span  near  the  leading  edge  to  332  near  the 
trailing  edge.  The  less  easily  evident  observations  are  not  only  that  the  suction  peak  is 
higher  on  the  wing  than  on  the  strake  but  that  the  effect  is  felt  so  widely  over  the 
whole  span  outboard  of  the  suction  peak.  Near  the  wing  root,  however,  there  exists  in 
most  cases  a loss  in  suction  due  to  the  strake.  At  higher  angles  of  attack  there  are 
signs  of  a second  but  much  flatter  suction  peak  occurring  further  towards  the  tip  of 
the  wing,  and  at  the  highest  angles,  this  peak  actually  is  larger  than  the  inboard  peak 

(If  it  exists  at  all).  This  is  ascribed  to  the  phenomena  of  vortex  breakdown  which  would 

be  expected  to  result  In  an  attenuation  and  spreading  of  the  suction.  It  Is  suggested 
that  the  double  peaks  may  be  caused  by  the  fluctuating  streamwise  location  of  vortex 
breakdown. 

Some  clue  as  the  reason  for  these  favourable  results  may  be  gained  from  Inspection 
of  the  dye-line  visualization  from  the  model  with  strakes  tested  in  the  water  tunnel 
at  a « 20°  (Fig.  9b).  It  can  be  seen  that  the  streamlines  on  the  body  are  sucked  strongly 
by  the  strake  vortex  towards  Itself,  pass  below  the  vortex  itself  towards  the  wing  tip. 

The  resulting  effect  appears  to  be  that  the  counter  streamwise  low  energy  and  highly 

random  fiow  on  the  wing  characteristic  of  separated  flow  is  discouraged  thus  forming  a 
more  orderly  flow  behaviour  similar  to  that  seen  on  highly  swept  wings  at  incidence.  This 


would  explain  not  only  the  generally  high  suction  on  the  outer  forward  panels  of  the  wing, 
but  also  the  loss  in  suction  near  the  wing  root. 

4.3.3  The  effect  of  the  strake  on  the  flow  over  the  body 

The  most  pronounced  effect  of  the  strake  on  the  body  pressure  distribution  is  seen 
from  examination  of  Figs.  6,  7 and  8 to  occur  on  the  sections  level  with  the  strake  itself 
(section  F)  at  which  region  the  suction  is  strongly  enhanced  especially  near  the  strake 
wing  root.  This  strong  suction  in  this  region  causes  the  biggest  different  in  the  dye- 
line visualization  on  the  body  of  the  missile  configurations  In  the  water  tunnel  at 
a « 20°  (Fig.  9)  when  it  is  seen  that  the  body  streamlines  are  sucked  towards  the  wing 
leading  edge  on  the  strake  configuration  instead  of  being  deflected  away  from  this  region. 
Upstream  of  this  (section  E),  there  is  little  or  no  effect  as  also  is  the  case  for  the 
part  of  the  body  in  line  with  the  forward  and  mid  parts  of  the  wing  (sections  G and  H). 

At  angles  of  attack  higher  than  11°  small  increases  In  suction  are  sensed  on  the  body  at 
these  same  latter  sections.  At  the  downstream  location  (section  I)  which  is  near  the 
trailing  edge,  the  suction  is  decreased  slightly. 

4.3.4  Overall  effect  of  strakes  on  the  flow  over  the  wing-body  configuration 

The  pressure  measurements  presented  in  Figs.  6,  7 and  8 show  that  strakes  cause  in- 
creases in  suction  on  both  the  wing  and  body  at  streamwise  locations  upstream  of  the  wing 
mid-chord  position  but  decreases  aft  of  it.  The  effect  is  to  cause  the  center  of  pressure 
on  the  configuration  to  move  forward  at  high  angles  of  attack  explaining  the  improvement 
in  variation  of  pitching  moment  coefficient  variation  with  angle  of  incidence  seen  in 
figure  5. 

An  estimate  of  the  change  in  normal  force  over  the  central  regions  of  the  configura- 
tion was  made  by  integrating  the  normal  components  of  the  measured  pressure  distributions 
over  the  surface.  The  calculation  was  broken  down  into  contributions  to  the  wing,  body 
and  strake  separately  (Fig.  11).  Figure  11  indicates  that  at  low  angle  of  attack,  the  in- 
crease in  force  is  greater  on  the  wing  than  on  the  body  but  above  a = 24°  the  effect  is 

reversed.  Then  the  distribution  was  18%  to  the  wing,  34%  to  the  body  and  48%  to  the  strake 

and  changed  little  with  higher  angles.  At  all  angles  of  attack  it  is  seen  that  the  force 
on  the  strake  Itself  is  extremely  important. 

It  is  interesting  to  compare  these  results  with  those  found  on  tests  on  an  aircraft 
configuration  in  which  the  body  size  is  less  important  than  In  missile  configurations. 
Application  of  the  “Sectional  Loads  Technique"  to  analyze  the  effect  of  flow  over  the 

strake  on  the  VTOL  fighter  VAK  1 9 1 B shows  that  the  increase  in  lift  due  to  the  fitting  of 

strakes  is  about  62%  In  comparison  with  the  lift  on  the  main  wings  and  body  at  an  angle 
of  attack  of  24°  (Ref.  7).  Approximately  8%  of  this  increase  is  induced  by  the  effect  of 
strake  on  the  fuselage,  the  main  contribution  of  54%  induced  on  the  wing  and  38%  of  lift 
increase  is  directly  createdon  the  strake  itself  (Ref.  7,  Fig.  16). 

5.  CONCLUSIONS 

Experiments  were  carried  out  to  determine  the  effect  on  normal  force  and  pitching 
moment  at  high  angles  of  attack  of  fitting  small  strakes  to  a vehicle  configuration  with 
flat  plate  trapezoidal  wings  of  small  dimensions  in  relation  to  a long  ogive  cylinder 
body  typical  of  a missile.  Force  measurements  carried  out  at  M = 0.83  demonstrated  : that 
increases  in  normal  force  of  up  to  33%  could  be  obtained  at  angles  of  attack  above  6°; 
that  the  variation  of  normal  force  with  incidence  could  be  smoothed  and  the  pitching  moment 
characteristic  improved  by  the  addition  of  triangular  strakes  of  11%  of  the  overall  wing 
area.  Surface  pressure  measurements  also  at  M » 0.83  demonstrated  that  the  strakes  in- 
creased suction  on  both  the  wing  and  the  body  upstream  of  the  wing  mid  chord,  but  reduced 
it  downstream.  At  low  Incidences  the  largest  contribution  to  the  increase  in  force  was  to 
the  wing,  but  with  increased  incidence  this  contribution  became  small  in  relation  to  the 
rapidly  Increasing  favourable  effect  on  the  body.  The  contribution  to  the  strake  remained 
uniformly  high.  Flow  visualization  experiments  in  a water  tunnel  suggested  a mechanism 
which  Involved  the  sucking  of  flow  located  near  the  body  by  the  strake  vortex  out  towards 
the  tip  of  the  wing  causing  re-energisation  of  the  low  energy  reverse  separated  flow  at 
high  angles  of  attack.  The  measurements  also  provided  some  insight  into  the  mechanisms 
creating  favourable  wing-body  interference  effects  on  missile  shapes. 
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Fig.  1 Schematic  of  missile  configura- 
tion with  trapezoidal  wing  with  various 
strakes 
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Fig.  4 Normal  force  coefficient  vs  inci- 
dence for  configuration  with  various  strake 
configurations  : M=0 . 83 , Reg= 1 . 4* 105 


Fig.  2 Schematic  of  central  part  of  the 
model  illustrating  the  position  of  the 
rows  of  pressure  holes 
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A Wingtbody  superimposed 
U Wing-  body  combination 


o Without  strake 

• With  short  stroke 
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Fig.  3 Normal  force  coefficient  vs  inci- 
dence for  body,  wing  and  body  with  wing 
configuration  : M «0.83,ReD-1.4*105 


Fig.  5 Pitching  moment  coefficient  vs  Inci- 
dence for  configuration  with  various  strake 
configurations  : M*0 . 83  , Reg* 1 . 4x 10s 
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Fig.  8 Measured  spanwise  pressure  distribu 
tion  at  a = 30°,M=0. 83,  ReD=l. 4 x 10  5 
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Fig.  10  Fractional  increase  in  normal 
force  coefficient,  aCfj/CNref  due  to  ad- 
dition of  strake  vs  incidence  from  force 
measurements  : M=Q. 83 , Ren  = 1 . 4* 105 .CNref 
is  value  for  body  with  wing  only 


Fig.  9 Oyeline  visualization  in  water  tunnel 
of  a)  body  with  wing  and  b)  body  with  wing 
and  strake,  Reo*4200 , a=20° 


Fig.  11  Distribution  of  the  increase  1 ri 
normal  force  coefficient  to  body,  wing 
and  strake  on  missile  configuration  due 
to  the  addition  of  strake  derived  from 
pressure  measurements.  M «0.83,  ReD* 

1 , 4 x 10 5 . 11°  < a < 30°  ” 
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SUMMARY 

A classification  of  various  types  of  lee-side  flow  for  slender  delta  wings  is  presented  for  a range  of  supersonic  Mach 
number  and  angle  of  attack.  Two  particular  types  of  flow  which  occur  at  high  angle  of  attack  are  discussed  in  more  detail 
One  type  exists  when  the  leading  edges  aro  subsonic  or  just  sonic.  It  is  distinguished  by  a shock  wave  between  the  strong 
counterrotating  leadlng-edge-vortices.  The  other  type  of  flow  occurs  for  supersonic  leading  edges  in  which  case  a pair  of 
separation  bubbles  occurs  with  embedded  shock  wave*  on  top.  In  this  case  strong  norvconical  effects  have  been  observed. 


1.  INTRODUCTION 

The  flow  field  of  delta  wings  with  sharp  leading  edges  has  been  studied  in  connection  with  research  work  aimed  at  a 
hypersonic  transport  aircraft  (HST)  [1 ) . Such  a hypothetical  aircraft  was  thought  of  as  being  a waverider,  i.e.  a body 
producing  lift  by  means  of  a shock  wave.  At  supersonic  speeds  the  pressures  on  the  lee-side  of  a wing  produce  only  a small 
part  of  the  total  lift.  Therefore,  as  far  as  the  aerodynamic  forces  are  concerned,  the  lee-side  flow  is  not  of  particular  Inter- 
est . On  the  othor  hand,  aerodynamic  heating  at  high  cruising  speed  is  strongly  depending  on  the  local  flow  conditions  and 
it  is  mainly  this  problem  which  has  generated  the  requirement  for  accurate  predictions  of  the  flow  structure  on  the  lee-side 
of  delta  wings  at  supersonic  speeds. 


2.  A CLASSIFICATION  OF  VARIOUS  TYPES  OF  LEE-SIDE  FLOW 

An  experimental  study  was  aimed  at  providing  some  fundamental  Information  about  the  flow  over  delta  wings  for  a 
range  of  supersonic  freestream  conditions  and  angles  of  attack.  The  majority  of  windtunnel  tests  were  made  using  the  model 
skeched  in  Figure  1 . This  model  has  a triangular  cross-section  and  a flat  upper  surface.  Leading  edge  sweep  angle  is 
A=  73°  and  thickness  ratio  (height  to  length)  is  h/f  = 0,25.  The  flow  field  of  such  wing  is  expected  to  be  conical  so 
that  similarity  of  flow  conditions  prevails  at  the  various  cross-sections  x = const., The  components  of  freestream  Mach  num- 
ber and  angle  of  attack  as  they  appear  in  the  plane  normal  to  the  leading  edge  (M^  and  cc^)  are  convenient  for  a general 
description  of  the  flow  field.  These  components  have  been  used  throughout  earlier  publications  [2,  3,  4]  . However,  in 
this  paper  the  resultant  freestream  values  M^  and  oc  will  be  used  to  facilitate  appreciation  of  the  experimental  condi- 
tions. 


FIG.  1 : DELTA  WING  MODEL 

A summary  of  the  results  for  the  lee-side  flow  structure  Is  presented  In  Figure  2,  which  provides  a classification  into 
various  flow  types.  At  low  and  moderate  angles  of  attack  the  most  extensively  studied  type  of  flow  Is  that  where  leading 
edge  separations  roll  up  Into  spiral  vortices.  Tho  vorticlty  is  produced  at  the  leading  edge.  A particular  feature  of  this 
type  of  flow  is  the  existence  of  small  secondary  vortices  very  near  the  leading  edges.  Such  flow  Is  found  for  subsonic 
leading  edges,  I.e.  for  Mach  number  components  normal  to  the  leading  edges  smaller  than  1 (M|vj  < 1),  Stanbrook  and 
Squire  have  given  a more  specific  limit  for  the  occurance  of  leading  edge  vortices  as  shown  in  the  diagram.  The  Stanbrook- 
Squire  boundary  was  however  said  to  describe  the  change  of  flow  type  from  leading  edge  separation  to  shock-induced  sep- 
aration. Our  own  experiment*  revealed  that  for  the  thick  delta  wing  shock  induced  separation  occurs  only  at  much  hiyhor 


FIG.  2:  LEE-SIDE  FLOW  TYPES  FOR  A DELTA  WING 

Mach  numbers  and  that  another  type  of  flow  exists  just  to  the  right  of  the  Stanbrook- Squire  boundary,  this  flow  is  characte- 
rised by  a separation  bubble  starting  at  the  leading  edge  and  a shock  on  top  of  the  bubble.  The  shock  is  not  the  cause  of 
the  separation  but  is  a more  or  less  independent  part  of  the  outer  flow  field  terminating  a local  supersonic  flow  region.  A 
vortex  like  flow  movement  exists  within  the  bubble  but  secondary  vortices  have  disappeared.  Near  the  leading  edge  no 
flow  movement  has  been  observed  and  this  appears  to  be  truly  a dead  air  region. 

Both  the  leading  edge  vortices  and  the  separation  bubbles  grow  with  increasing  angle  of  attack  at  constant  Mach  num- 
ber; consequently  the  separations  from  the  two  leading  edges  approach  each  other  and  eventually  merge.  The  types  of  flow 
formed  at  higher  angles  of  attack  will  be  discussed  below. 


3.  THE  DEVELOPMENT  OF  LEADING  EDGE  VORTICES  WITH  ANGLE  OF  ATTACK 

Ollflow  pictures  obtained  for  the  flat  upper  surface  of  the  wing  provide  the  first  information  about  the  flow  structure; 
see  Figure  3.  The  flow  conditions  at  M =2.5  and  oc  = 10  are  such  that  besides  primary  and  secondary  vortices  traces 
of  attached  flow  parallel  to  the  plane  of  symmetry  can  be  seen.  This  indicates  that  the  two  vortices  are  still  separated.  The 
disappoarence  of  the  parallel  oilstreaks  has  been  taken  as  an  Indication  that  the  separations  have  met  at  the  centreline. 
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FIG.  4 : SCHLIEREN  PICTURES  AND  TOTAL  HEAD  FIG.  5 : FLOW  CONDITIONS  FOR  THE  CENTRELINE 

MEASUREMENTS  AT  M ^ = 2.5  SHOCK 

Additional  information  is  provided  by  Schlieren  pictures  and  total-head  curves  measured  in  a plane  perpendicular  to  the 
upper  surface  of  the  wing.  Figure  4.  The  Schlieren  pictures  show  the  lower  part  of  the  vortices  as  a dark  region.  In  addi- 
tion, a sharp  light  line  is  seen  near  the  upper  surface.  The  total  head  measurements  confirm  that  this  line  is  a shock  located 
very  close  to  the  centreline.  Such  a centreline  shock  can  be  found  for  a fairly  large  range  of  Mach  number  and  angle  of 
attack,  see  Figure  2.  Near  the  edge  of  that  <f.  -shock-margin  the  line  in  the  Schlieren  picture  is  blurred,  but  right  in  the 
centre  of  the  margin  it  is  clearly  visible  and  sharp.  Two  facts  ore  remarkable:  The  lower  limit  of  the  (J. -shock- margin  is 
very  close  to,  but  clearly  distinguished  from  the  boundary  for  the  meeting  of  the  two  separations  nt  the  centreline , At 
low  supersonic  Mach  numbers  the  <t -shock  already  exists  before  the  vortices  meet,  and  at  higher  Mach  numbers  Just  after 
they  have  met.  The  right  hand  limit  of  the  -shock-margin  looks  like  a continuation  of  the  Stanbrook-Squlre  boundary. 
Thus  -shocks  obviously  do  not  occur  with  separation  bubbles  but  seem  to  be  confined  to  leading  edge  vortex  flow. 
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FIG,  6 : 

OBLIQUE  shock  relations-margin 
CORRESPONDING  TO  THE  CENTRELINE 
SHOCK 
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In  order  to  explain  the  mature  of  the  <f -shock  the  folk  ring  argument  can  be  made,  (see  Figure  5);  Assuming  the 
shock  to  be  plane  and  oblique,  the  flow  in  the  plane  of  symmetry  would  be  deflected  by  the  shock  into  a stream  direction 
parallel  to  the  upper  surface.  The  angle  between  shock  and  upper  surface  can  be  measured  from  Schlieren  picturos.  It  must 
be  equal  to  the  difference  between  shock  angle  C and  deflection  angle  , i.e.  'Z1  = 6 - <S>  . This  value  has  been 
found  to  vary  between  u?  = 2 to  4 . If  the  i -shock  is  a plane  shock,  as  has  been  assumed,  then  the  oblique  shock 

relations  will  be  applicable,  (see  Figure  6).  It  turns  out  that  the  Mach  number  in  front  of  the  shock  then  has  to  be  between 

Mj  = 10  to  20  (and  the  deflection  angle  9 = 0 to  16  ).  The  measured  pressure  values  are  contradictionory  to  such  high 

Mach  numbers.  Thus  it  is  concluded  that  the  -shock  is  not  a plane  shock. 
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FIG.  7:  CENTRE  LINE  SHOCK  AND  VORTEX  POSITION  ABOVE 
THE  WING 


In  Figure  7 the  measured  shock  angles  are  plotted.  The  shock  position  is  nearly  independent  of  Mach  number  but  the 
shock  moves  toward  the  wing  surface  with  increasing  angle  of  attack,  while  the  vortex  core  moves  away  at  the  same  time. 
From  comparison  between  the  change  of  <£  -shock  inclination  and  vortex  core  petition  above  the  wing  one  might  conclude 
that  there  is  just  one  flow  type  which  is  developing  gradually.  It  is  then  surprising  to  see  in  Figure  8 that  the  lateral  move- 
ment of  the  vortex  core  Is  very  different  for  two  different  Mach  numbers:  while  for  the  lower  Mach  number  the  core  petition 
moves  in  a manner  typical  of  loading  edge  vortices,  the  vortex  core  trace  for  M <*,  = 2.5  indicates  a change  of  flow  struc- 
ture at  high  angles  of  attack.  Looking  again  at  Figure  2 one  might  conclude  that  an  extension  of  the  Stanbrook- Squire 
boundary  into  the  region  of  high  angle  of  attack  could  give  an  explanation  of  this  behaviour,  i.e,  the  experimental  result 
at  high  incidence  falls  into  the  extended  Stanbrook-Squire  region  for  M = 2,5. 
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FIG.  9:  INTENSITY  OF  PRIMARY  AND  SECONDARY  VORTICES 


Another  approach  It  made  In  Figure  9 to  explain  the  interdependence  between  the  vortex  flow  and  -shock.  Here 
the  outflow  angle  of  oil  streaks  has  been  measured  from  oliflow  pictures  and  is  plotted  against  the  angle  of  attack  with 
Mach  number  as  a parameter.  It  is  assumed  that  the  angle  can  be  taken  as  a measure  of  vortex  intensity.  The  diagram  shows 
that  highest  vortex  intensity  is  reached  just  before  the  vortices  meet  at  the  centreline . The  existence  of  a £ -shock  shows 
no  clear  dependence  on  the  vortex  Intensity  as  one  might  perhaps  expect. 


4.  DEVELOPMENT  OF  SEPARATION  BUBBLES  WITH  ANGLE  OF  ATTACK 

The  experimental  results  presented  here  for  separation  bubbles  withshocksaro  confined  to  a Mach  number  M = 3.5  . 
Oilflow  pictures  reveal  that  at  high  angles  of  attack  the  flow  develops  into  a non-cnnical  manner;  see  Figure  10.  At 
oC  - 17°  the  vortex  starts  to  detach  from  the  wing  surface  near  the  trailing  edge  giving  rise  to  an  enlarged  dead-air  region. 
The  oilflow  pattern  near  the  trailing  edge  suggests  a slowly  moving  curl-like  flow  rising  from  the  wing. 


FIG,  10:  DEVELOPMENT  OF  FLOW  PATTERN  AT  M ^ - 3.5 


FIG.  11:  VORTEX  POSITION  AND  -EXTENSION  AT  M ^ = 3.5 

In  Figure  11  the  development  of  separation  bubbles  is  shown  as  it  has  been  observed  for  two  different  delta  wing 
models,  a thick  and  a flat  one.  At  low  angles  of  attack  the  flow  does  not  differ  for  the  two  wings.  With  increasing  angle 
of  attack  the  attachment  region  decreases  and  finally  disappears  when  the  separations  meet  at  the  centreline.  The  core  of 
the  vortex-like  flow  within  the  separation  bubblo  first  remains  in  a position  of  roughly  3/4  span  while  the  separation  grows 
extending  further  to  the  plane  of  symmetry.  Then  this  growth  almost  stops  and  the  core  moves  towards  the  plane  of  symmetry 
and  then  again  the  core  stops  Its  movement  while  the  separation  grows  over  the  span  covering  finally  the  whole  wing. 
Throughout  the  process  the  height  of  the  vortex  core  increases  rather  gradually  with  angle  of  attack. 

After  the  separations  from  the  two  loading  edges  have  merged  at  the  centreline  the  flow  field  develops  in  a different 
way  for  the  two  wings.  For  the  flat  wing  there  seems  to  be  only  insignificant  change  of  flow  structure;  the  spanwlse  position 
of  the  vortex  remains  nearly  unchanged  while  the  height  of  the  separation  grows  slightly  with  incroasing  angle  of  attack. 

For  the  thick  wing  flow  development  is  much  more  rapid. 
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FIG.  12:  NONCONICAL  EFFECTS  AT  M 
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Figure  12  reveals  that  the  non-conical  flow  pattern  develop  more  rapidly  for  the  thick  wing  than  for  the  flat  wing,  although 
qualitatively  the  flow  development  is  the  same:  It  starts  at  the  trailing  edge  with  an  extension  of  the  dead  air  region  toward 
the  plane  of  symmetry  so  that  the  oilflow  pattern  show  a smaller  part  of  the  vortex- like  flow  attached  to  the  wing  surface. 
Increasing  angle  of  attack  causes  the  constriction  of  vortex  pattern  to  extend  further  upstream.  On  the  other  hand  the 
Schlieren  pictures  show  something  like  a vortex  burst  - a sudden  increase  of  vortex  growth  - first  occuring  at  the  trailing 
edge  and  moving  upstream  with  increasing  angle  of  attack.  The  experimental  study  was  confined  to  an  incidence  range,  up 
to  = 25  . The  flow  development  has  not  yet  reached  any  final  stage  at  that  angle  of  attack. 


5.  CONCLUSION 

Two  different  types  of  flow  have  been  observed  in  supersonic  freestream  conditions  at  fairly  high  angle  of  attack: 
Leading  edge  vortices  with  centroline-shock  and  separation  bubblos  developing  into  a non-conical  flow  pattern.  The  first 
occurs  at  lower  Mach  numbers  with  subsonic  and  slightly  supersonic  leading  edges.  The  second  type  has  been  found  for 
higher  Mach  numbers.  The  main  features  of  these  flow  patterns  have  been  described  and  some  boundaries  have  been  given 
indicating  the  conditions  under  which  these  types  of  flow  might  be  expected.  However,  the  upper  Incidence  limit,  as  we  1 1 
as  the  low  and  high  Mach  number  boundaries  of  these  flow  regimes  have  not  yet  been  discovered.  Although  the  results  are 
strictly  valid  only  for  the  particular  Reynolds-number  and  delta  wing  model  used  for  the  experiments,  it  is  believed  that 
the  results  provide  soma  general  information  about  the  flow  patterns  that  occur  for  delta  wings  with  sharp  leading  edges 
at  supersonic  speeds. 
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SUMMARY 

The  flow  field  past  a 7.5°  serai-apex  angle  circular  cone  at  angles  of  attack  up  to  a • 34°  has  been 
investigated  experimentally  at  a free  stream  Mach  number  of  2.94.  In  a cross-sectional  plane  the  conical 
flow  direction,  the  conical  Mach  number  and  the  static  pressures  were  determined,  UBing  a conical-head 
directional  probe.  Surface  pressure  distributions  and  oil  flow  patterns  revealed  flow  separation  at  an 
angle  of  attack  of  about  the  cone  half-angle.  The  separation  is  coupled  with  the  formation  of  a vortex 
system.  At  values  of  a exceeding  14°  a double  separation  type  of  flow  was  observed:  a primary  and  a 
secondary  vortex  at  either  side  of  the  leeward  symmetry  plane.  From  a - 17°  onwards  regions  of  embedded 
conical  supersonic  flow  were  detected,  adjacent  to  the  cone  surface.  Shock  waves  were  measured  inside  the 
conical  supersonic  region,  aleo  the  occurrence  was  verified  of  a shock  wave  close  to  tile  cone  surface  and 
extending  slightly  across  the  leeward  symmetry  plane.  At  22°,  the  existence  was  confirmed  of  a separated 
vortical  singularity  in  the  leeward  symmetry  plane.  Beyond  a ■*  26°  the  flow  becomes  asymmetric  with 
respect  to  the  leeward  symmetry  plane. 

NOTATION 

M Mach  number 

Mc  conical  Mach  number 

P1»P2<  surface  pressures  of  the  probe 

P3'P4 

P5  pressure,  measured  by  the  central 

orifice  of  the  probe 
Pp  Pitot  pressure 

Pt^  free  stream  stagnation  pressure 

K local  radius  of  the  cone 

UM  free  stream  velocity 

u,v,w  velocity  components  in  spherical 
coordinate  system 
q (v2  + w2)*5 

1.  INTRODUCTION 

In  the  last  decade  the  interest  in  the  supersonic  flow  about  cones  at  large  angles  of  attack  is 
considerably  increased.  This  is  not  only  due  to  the  advent  of  the  space  shuttle  concept,  or  to  the 
requirements  put  by  modern  fast  manoeuvrable  missiles,  but  a large  portion  of  the  growing  interest  may 
also  be  attributed  to  the  increasing  capability  to  compute  complex  flow  fields,  However  simple  the  geometry 
of  a circular  cone  is,  Its  inviscid  flow  field  at  high  angles  of  attack  is  rather  difficult  to  compute, 
not  to  speak  about  the  viscous  flow  problems.  It  is  worthwhile  to  review  first  in  some  detail  the  Inviscid 
results  available,  numerical  as  well  as  analytical. 

The  first  Inviscid  flow  calculations  were  concerned  with  angles  cf  attack  a not  or  not  noteworthy 
exceeding  the  cone  half-angle  0„,  see  for  example  Refs.  1-9.  Nowadays  it  is  possible  to  treat  cases 
where  a/0c  > 1,  of  which  Refs.  10  - 12  bear  witness.  At  moderate  angles  of  attack  the  conical  cross  flow 
(obtained  by  projecting  the  spatial  flow  on  a unit  sphere,  having  its  centre  in  the  apex  of  the  cone)  is 
Bubsonic  everywhere  in  the  flow  field  influenced  by  the  cone.  At  high  angles  of  attack  (a/0c  about  2)  the 
conical  cross  flow  around  the  cone  will  accelerate  from  the  windward  to  the  leeward  side  to  such  extent, 
that  a conical  supersonic  pocket  is  formed  on  the  cone  surface.  To  satisfy  the  boundary  conditions  in  the 
leeward  symmetry  plane  the  supersonic  pocket  nay  be  terminated  by  a shock  wave.  In  addition  to  the  shock 
wave,  other  difficulties  arise  in  the  inviscid  case,  namely  the  so  called  vortical  singularities,  first 
mentioned  by  Ferri  (Ref.  13).  Such  a singularity  appears  in  the  flow  field  where  the  conical  velocity 
component  vanishes:  this  means  that  the  spatial  streamline  is  coinciding  with  a ray  emanating  from  the 
cone  apex.  This  ray  corresponds  on  the  unit  sphere  with  a conical  stagnation  point.  According  to  the  way 
in  which  the  conical  streamlines  approach  a conical  stagnation  point,  one  distinghuises  nodal  and  saddle 
points.  A nodal  point  is  a singularity  because  here  the  velocity  component  along  a ray  through  the  cone 
apex,  the  entropy  and  the  density  are  multivalued. 

The  nature  of  the  singularities  has  been  the  subject  of  analytical  studies  in  Refs.  14  - 16,  and  also  one 
is  able  to  determine  numerically  the  flow  in  the  vicinity  of  vortical  singularities  (Refs.  11,  12).  The 
analytical  investigations  are  restricted  to  local  studies,  and  therefore  no  definite  opinion  can  be  given 
upon  the  overall  character  of  the  flow.  It  may  be  shown  (Refs.  14,  17  - 19)  that,  since  there  is  a close 
connection  between  tho  type  of  conical  stagnation  points  and  the  pressure  distribution  in  their  immediate 
vicinity,  it  is  possible  to  predict  the  local  flow  patterns.  Using  slender-body  theory  (Ref.  15) , and 
linearized  theory  (Ref.  16),  one  has  been  succesful  to  calculate  analytically  the  flow  about  a circular 
cone  at  relative  large  angles  of  attack  (a/8c  » 2) , These  analyses  led  to  a conical  stagnation  point  in 
the  leeward  symmetry  plana,  away  from  the  cone  surface:  this  phenomenon  was  suggested  in  Refs.  13  and  14. 
Only  recently  (Refs.  11,  12)  the  presence  of  such  a point  was  also  rsvsaled  in  numerical  computations . 

Up  to  now  all  local  analytical  Investigations  are  concerned  with  "rectangular"  stagnation  points,  i.e. 
points  where  the  neighbourhood  may  be  constructed  into  four  quadrants,  divided  by  conical  streamlines 
normal  to  each  other  (separatl'ices)  . At  the  Delft  Dept,  of  Asrospace  Enginearing  a study  Is  going  on  on 
conical  stagnation  points  having  non-orthogonal  separatrices  (Ref.  20). 

The  theoretical  treatment  of  the  viscous  flow  past  a circular  cone  at  high  angles  of  attack  Is  much  more 
cuabersoiae,  since  it  Is  concerned  with  the  growth  of  the  turbulent  boundary  layer,  its  separation  and, 
eventually,  the  rolling  up  of  the  separated  turbulent  shear  layer  into  a vortex  system.  The  vortices  interact 
with  the  inviscid  outer  flow,  resulting  in  a different  boundary  value  problem  for  the  outer  field.  By 
altering  the  circular  shape  of  the  cone,  to  allow  for  the  revised  boundary  conditions  at  the  leeward  side, 
an  extension  may  be  given  to  the  range  of  computation  possibilities  at  large  angles  of  attack  (Refs.  25, 

26) . The  number  of  references  on  the  numerical  computation  of  viscous  cone  flow  is  rather  restricted 
(Refa.  27  - 31).  Only  Ref.  30  covers  angle*  of  attack  exceeding  the  cone  half-angle  for  a not  so  slender 


x,y,z  cartesian  coordinates 
a anglo  of  attack  of  the  cone 

Y direction  of  conical  streamlines, 

(Eq.  5) 

8,  coordinates  on  the  unit  sphere 

0p,  iPp  direction  of  local  velocity 
vector  with  respect  to  probe 
axis 

8f , q>£  direction  of  local  velocity 

vector  with  respect  to  coordinate 
system 

9C  semi-apex  angle  of  the  cone 
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cone  at  hypersonic  Mach  numbers.  The  viscosity  is  included  by  adding  stress  terms  to  the  inviscid  flow 
equations,  a procedure  which  is  certainly  insufficient  bo  describe  the  complex  vortex  flow  system.  For 
large  angles  of  attack  one  is  dependent  upon  experimental  results.  Most  experiments,  however,  are  mainly 
concerned  with  surface  flow  in  terms  of  the  surface  pressure  distribution  and  oil  flow  pictures;  in  the 
outer  flow  field  the  results  are  restricted  to  Pitot  pressures  (Refs.  21,  22,  23,  25,  32  - 35).  The  Pitot 
pressure  distribution  shows  the  existence  of  vortices,  it  also  reveals  the  presence  of  embedded  shocks,  as 
long  as  they  are  not  too  weak  (Refs.  23,  25,  33,  34). 

In  Ref.  24  the  authors  of  the  present  paper  have  reported  of  an  experimental  investigation,  from  which  a 
first  impression  was  obtained  of  the  flow  angularity  about  a 7.5°  oemi-apex  angle  circular  cone  at  angles 
of  attack  up  to  22.4°,  and  at  a free  stream  Mach  number  of  2.94.  In  these  experiments  a relatively  large 
probe  was  used  (3.5  mm  diam.),  and  the  necessity  was  fait  to  repeat  the  measurements  with  a smaller  probe, 
and  also  with  an  improved  measuring  technique  and  data  reduction  procedure.  Therefore,  the  explorations 
reported  in  the  present  paper  were  made  at  approximately  the  same  angles  of  attack  as  in  Ref.  24,  i.e. 
12.4°,  17.2°  and  22.6°,  and  a probe  of  1.65  mm  diam.  was  used.  In  addition,  results  are  given  at  smaller 
angles  of  attack  (9.2°  and  11,1°),  where  some  evidence  of  vortex  formation  could  be  detected.  In  order  to 
complete  the  flow  picture,  surface  pressure  distributions  were  measured  at  angles  of  attack  ranging  from 
6°  to  28°  and  the  already  existing  set  of  surface  oil  flow  patterns  of  Ref.  24  was  extended  such  as  to 
make  it  compatible  with  the  surface  pressure  data. 

The  results  of  the  present  investigation,  together  with  those  of  Ref.  24,  represent  a rather  detailed 
description  of  the  flow  field  about  a circular  cone  at  large  angles  of  attack,  it  may  serve  as  a comparison 
to  numerical  computations. 

2.  DESCRIPTION  OF  EXPERIMENTS 


2.1.  Test  arrangements  and  models 

All  experiments  were  performed  at  a Mach  number  of  2.94  and  using  a 7.5°  semi-apex  angle  cone.  They  were 
carried  out  in  two  supersonic  blow-down  wind  tunnels  of  the  University  of  Technology  Delft,  Department  of 
Aerospace  Engineering,  the  TST  27,  having  a test  section  of  0.27  m x 0.27  m,  and  the  ST  15,  with  a test 
section  of  0.15  m x 0.15  m.  In  both  wind  tunnels  ie  settling  chamber  pressure  during  the  runs  was  kept 
constant  at  a value  of  5.20  + 0.03  bars,  the  corresponding  Reynolds  number  of  the  free  stream  being  45.10® 
per  meter.  The  surface  oil  flow  patterns  were  made  in  the  TST  27  wind  tunnel,  on  a cone (with  a length  of 
25  cm) covered  with  a thin  adhesive  plastic  foil.  The  calibration  of  the  probe  was  also  made  in  the  TST  27 
wind  tunnel,  which  is  equipped  with  a variable  nozzle. 

The  actual  flow  field  exploration  and  the  surface  pressure  measurements  were  obtained  in  the  ST  15  wind 
tunnel  with  fixed  nozzle  blocks;  two  models  with  a length  of  15  cm  were  available.  One  model  was  used  for 
the  flow  direction  measurements  with  the  conical-head  probe.  The  test  arrangement  and  the  traversing 
mechanism  of  the  probe  are  schematically  shown  in  Fig.  1.  The  diametei  of  the  probe  was  1.65  mm,  and  the 
conical  head,  with  a semi-apex  angle  of  30°,  was  provided  with  four  static  pressure  orifices  equally 
divided,  90°  apart;  a central  orifice  served  as  a Pitot  pressure  tap.  The  orifices  had  a diameter  of 

0.2  mm,  and  the  distance  between  two  opposite  orifices  was  1.23  mm.  The  lateral  displacement  of  the  probe 
was  measured  by  counting  the  number  of  steps  of  the  stepping  motor  from  a well  defined  reference  position. 
The  vertical  position  was  determined  optically  during  the  runs. 

The  second  model  was  provided  with  32  pressure  orifices.  The  test  set  up  and  the  location  and  spacing  of 
the  pressure  orifices  are  given  in  Fig.  2.  The  angle  of  attack  of  the  model  could  bo  adjusted,  a motordrive 
enabled  intermittent  rotation  of  the  cone  about  its  axis,  with  minimum  increments  of  0.125°. 


2.2.  calibration  of  the  probe 

In  the  Appendix  of  Ref.  24  a detailed  procedure  of  the  probe  calibration  has  been  given.  A complete  computerized 
acquisition  and  reduction  of  data,  in  which  the  corrections  to  be  mentioned  in  the  next  have  been  taken  into 
account,  provided  a rapid  and  accurate  flow  field  exploration.  The  calibration  of  the  probe  is  based  on  the 
fact  that  the  flow  angularity  with  respect  to  the  probe  axis  is  related  to  the  preoaure  differences  measured 
across  the  two  sets  of  opposite  orifices.  The  local  Mach  number  is  to  be  determined  from  the  calibrated 
ratio  of  the  pressure  measured  at  the  central  orifice  of  the  probe,  to  tho  average  of  the  four  surface 
pressures  on  the  conical  head. 

A number  of  factors  affecting  the  measurements  and  for  which  corrections  have  been  applied  (Ref.  24),  are: 

1.  at  large  flow  angles  with  respect  to  the  probe,  the  pressure  measured  at  the  central  orifice 
differs  from  the  Pitot  pressure; 

2.  the  average  pressure  obtained  from  the  four  surface  orifices  on  the  conical  head  is,  at  large  flow 
angles,  different  from  the  surface  pressure  at  zero  flow  inclination;  the  latter  pressure  is  used 
for  the  determination  of  the  Mach  number; 

3.  since  the  ratio  of  the  surface  pressure  (at  zero  flow  inclination)  to  the  Pitot  pressure  is 
dependent  upon  the  semi-apex  angle  of  the  conical  head,  the  derived  local  Mach  number  may  deviate 
from  the  true  value  in  local  divergent  or  convergent  flow; 

4.  pressure  gradients  in  the  flow  field  may  contribute  to  the  measured  flow  angularity. 


The  calibration  was  carried  out  at  three  Mach  numbers,  M » 2.2,  2.97  and  3.5,  at  eight  different  roll  angles 
of  the  probe,  the  intervals  between  the  roll  angles  being  45°.  At  a fixed  Mach  number  and  roll  angle,  the 
range  in  angle  of  pitch  of  the  probe  was  from  -2°  bo  16°.  After  applying  all  calibrated  functions  and  taking 
into  account  the  correction  relations,  eventually  and  expression  is  obtained,  called  a super-ellipse,  which 
is  written  as 
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where  pi,..,p5  are  the  pressures  measured  at  tha  upper,  lower,  left,  right  and  central  orifice,  respect- 
ively; Fj(8p),  F2(0p)  are  functions  of  the  angle  of  pitch  6p  of  the  probe,  derived  from  the  calibration, 
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and  Aq , B0,  are  constants  due  to  probe  imperfections.  The  exponent  n is  a calibrated  function  of  8p  and  K, 
n is  close  to  the  value  2.  For  each  of  the  three  Mach  numbers,  mentioned  ab  re,  a set  of  super-ellipses 
was  obtained. 

2.3.  Flow  field  explorations 

The  flow  field  about  the  cone  was  investigated  at  angles  of  attack  ranging  from  a » 7.5°  to  22.6°.  Special 
emphasis  was  given  to  the  measurements  at  a ■ 12.4°,  17.2°  and  22.6°,  since  additional  information  was 
desired  to  the  results  of  Ref.  24.  The  probe  was  mounted  approximately  parallel  to  the  wind  tunnel  axis; 
the  exact  position  with  respect  to  the  model  was  incorporated  in  the  data  reduction.  Because  of  the 
conicity  of  the  flow  field  (Ref.  24),  the  measurements  were  made  in  only  one  plane,  normal  to  the  wind 
tunnel  axis,  at  about  120  mm  downstream  of  the  cone  apex.  The  probe  was  traversed  laterally  with  intervals 
of  0.61  mm,  at  levels  with  a relative  distance  of  about  0.6  am,  both  values  correspond  approximately  to 
half  the  distance  between  two  opposite  pressure  orifices  on  the  conical  head.  The  accuracy  of  the  probe 
position  was  0.03  ram.  During  the  runs  the  stagnation  temperature  in  the  settling  chamber  of  the  wind  tunnel 
was  measured,  relative  to  the  temperature  of  melting  ice,  by  means  of  a thermocouple. 

2.4.  Surface  pressure  measurements 

With  the  model  shown  in  Fig.  2,  surface  pressure  distributions  were  obtained  at  angles  of  attack  between 
7.5°  and  28°.  To  check  the  conicity  of  the  surface  flow,  the  pressure  orifices  along  the  circumference  of 
the  stations  A,  B and  C (Fig.  2) , and  those  along  a generatrix  of  the  cone  were  connected  to  a scanning 
valve,  after  which  the  pressures  were  measured  at  a - 11°  and  20°.  Although  the  conicity  was  somewhat  less 
at  the  higher  angle  of  attack,  when  comparing  the  results  of  the  front  station  C to  those  of  stations  A 
and  B,  the  results  of  the  last  two  stations  compared  so  well,  that  it  was  decided  to  make  the  pressure 
measurements  at  the  rear  station  A only.  The  actual  measurements  were  conducted  utilizing  orifice  number  10 
only.  The  cone  was  rotuted  about  its  axis  from  the  initial  position  of  orifice  10  over  380°,  to  have  a fair 
overlap. 

2.5.  Data  reduction 

The  measurements  have  been  reduced  in  a spherical  coordinate  system  with  its  origin  in  the  apex  of  the 
cone,  see  Fig.  3.  The  coordinates  are  r,  8,  q>,  where  r is  measured  along  a ray,  8 from  the  cone  axis  and 
(p  in  a plane  normal  to  the  cone  axis,  (p  is  zero  in  the  windward  symmetry  plane  of  the  cone.  The  components 
of  the  local  velocity  vector  are  u,  v,  w,  in  the  directions  of  increasing  r,  8,  (p,  respectively.  The  total 
conical  velocity  component  q is  normal  to  r,  the  conical  Mach  number  Mc  is  defined  as  the  ratio  of  |q|  to 
the  local  speed  of  sound.  The  flow  angularity  with  respect  to  the  probe  is  completely  determined  by  8 , the 
angle  between  the  local  velocity  vector  and  the  probe  axis,  and  by  qv> , the  meridional  angle. 0p  is  obtained 
from  Eq.  (1),  par.  2.2.  and  iPp  from  the  relation. 


The  local  static  pressure  in  the  flow  field  is  determined  from  the  Mach  number  and  the  Pitot  pressure.  To 
compensate  for  inaccuracies  due  the  finite  dimensions  of  the  probe,  an  interpolation  scheme  is  applied, 
such  that  the  four  cone  surface  jireseures  are  adapted  to  the  location  of  the  central  orifice  of  the  probe. 
From  the  measured  flow  quantities  and  from  the  known  position  and  inclination  of  the  probe,  the  conical 
Mach  number  may  be  calculated  using  the  equation 

Mc  - M | sin2  Gf  sin2  (<p-<pf)  + jsin  Gf  cos  (tp— ) cos  0 - cos  0f  sin  0^- 2 J*3  (3) 


where  0,  (pare  the  coordinates  of  a point  on  the  unit  sphere,  and  0j,  (p^  denote  the  direction  of  the 
velocity  vector  with  respect  to  the  coordinate  system.  The  reduced  data  are  represented  in  a plane  normal 
to  the  cone  axis,  by  applying  the  conical  property  that  flow  quantities  are  constant  on  rays  through  the 
conical  centre.  A point  in  the  plane  is  defined  by  the  cartesian  coordinates  y and  z,  non-dimensionalized 
by  the  radius  R of  the  local  cross-section  of  the  cone;  0,  <p  are  related  to  y,  z by  the  equations 


y/R 

z/R 


tan  8 
tan  0C 


sin  (P 


n-tan  8 
tan  0C 


cos  (p 


(4) 


and  R « xtan  0C,  x being  the  coordinate  of  the  cross-sectional  plane,  and  0C  is  the  semi-apex  angle  of  the 
cone.  The  slope  of  the  conical  streamlines  is  given  by 


tan  y 


-sin  cos  ip^  + tan  0 cos  ip  cos  8^ 

sin  8.  sin  <p„  - tan  0 sin  (P  cos  8. 
f f f 


(5) 


Y,  the  angle  with  the  positive  y-axis,  is  measured  counter  clockwise. 
3.  RESULTS 


The  results  of  the  present  experiments,  together  with  those  already  reported  in  Ref.  24,  may  serve  to 
describe  the  supersonic  flow  field  about  a slender  circular  cone  at  high  angles  of  attack. 

3.1.  Surface  oil  flow  patterns  and  pressure  distributions 

The  surface  oil  flow  patterns  are  shown  in  Fig.  4,  the  straight  edges  represent  the  windward  side  of  the 
cone.  In  Ref.  24  some  of  the  photographs  are  used  to  derive  the  shear  stress  distribution  in  the  circum- 
ferential direction.  In  the  present  paper  the  oil  flow  patterns  will  be  compared  to  the  surface  pressure 
distributions.  Although  the  angles  of  attack  of  the  latter  measurements  do  not  fit  completely  with  those 
of  the  oil  flow  pictures,  a comparison  is  still  possible,  since  the  variation  of  the  oil  flow  structure 
with  a occurs  only  gradually,  as  may  bo  seen  in  Fig.  5,  which  has  bean  derived  from  the  photographs.  In 
Fig.  4 it  is  observed  that,  comparing  « ■ 8°  to  a ■ 6°  the  oil  flow  structure  reveals  a change  at  the 
leeward  side.  The  surface  pressure  distribution  at  a « 7.5°,  however,  is  rather  constant  at  the  leeward 
side.  At  a “ 10°  the  first  evidence  of  flow  separation  is  visible  in  the  oil  flow  structure.  The  pressure 
distribution  corresponding  to  this  angle  of  attack  (Figs.  6 and  7)  shows  a slight  hump  around  <p  « 180°, 
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and  a minimum  at  about  ip  “ 115°.  At  values  of  a close  to  10°,  the  flow  directions  given  in  Pigs.  18  and  19, 
indicate  initiation  of  a vortex  formation,  as  will  be  seen  later.  From  a-  10°  onwards,  the  flow  pattern 
develops  further  into  that  of  a double-separation  type  (Ref.  25),  which,  judging  from  the  oil  flow  patterns, 
seems  to  be  achieved  at  a » 14°,  and  which  does  not  alter  significantly  until  a “ 26°.  However,  the 
pressure  distribution  does  change,  in  that,  at  a - 16°  a pressure  wiggle  appears  at  cp  - 150°,  approximately, 
see  Fig.  7.  A general  picture  of  the  pressure  distribution  at  the  leeward  side  may  now  be  described  as 
follows!  pressure  minima  occur  at  (p  « 120°  and  at  <p  = 165°,  approximately ; in  between  the  minima  the  pressure 
shows  a flat  maximum,  whereas  in  the  plane  of  symmetry  ( <p  » 180°)  a much  more  pronounced  maximum  exists 
at  a higher  level.  The  wiggle  in  the  pressure  distribution,  at  <p  - 150°,  corresponds  to  the  dark  band  in 
between  the  two  separation  lines  of  the  oil  flow  pictures  of  14°  to  26°.  It  indicates  the  position  of 
reattachment  due  to  the  secondary  separation,  see  Fig.  8,  whore  the  surface  oil  flow  structure  at  a - 18° 
is  compared  to  the  measured  pressure  distribution.  The  separation  lines  in  the  surface  flow  correspond  to 
locations  in  the  pressure  distribution  which,  looking  in  the  local  flow  direction,  lie  beyond  the  pressure 
minima;  this  phenomenon  was  also  observed  in  Ref.  33.  The  maximum  in  the  pressure  distribution  normal  to 
the  cone  surface  at  (p  - 180°,  shown  in  Fig.  9,  together  with  the  relative  maximum  in  the  surface  pressure 
at  ip  « 180°,  indicate  a saddle  point  of  the  conical  streamlines  (Ref.  18). 

At  angles  of  attack  above  26°  the  flow  looses  its  symmetric  character  (Fig.  4 and  Fig.  7,  at  a • 28°).  The 
asymmetric  flow  field  does  not  change  with  time,  a behaviour  also  mentioned  in  Ref.  36,  where  Schlieren 
pictures  of  the  stationary  asymmetric  flow  are  shown.  The  strong  variation  in  the  circumferential  surface 
pressure  distribution  at  a * 28°  (see  Fig.  7)  reproduced  completely  in  several  runs. 

In  the  development  of  the  surface  pressure  with  increasing  angle  of  attack,  it  may  be  observed  that  the 
pressure  minimum  corresponding  to  the  second  separation  line  decreases  to  a value,  which  reaches,  at 
a « 26°,  a level  lower  than  that  of  the  first  separation.  Increasing  the  angle  of  attack  further,  the 
symmetric  flow  breaks  down. 

The  pressure  distribution  normal  to  the  cone  surface  in  the  leeward  symmetry  plane  reveals  a minimum  at 
some  distance  above  the  cone  (Fig.  9,  obtained  from  probe  measurements) , indicating  the  position  where  the 
conical  cross-flow  achieves  its  highest  speed,  as  is  shown  in  Fig.  17,  to  be  discussed  later.  At  a » 22.6°, 
evidently  the  boundary  condition  at  the  surface  leeward  meridian  can  only  bo  met  by  the  generation  of  a 
shock  wave  extending  slightly  across  the  symmetry  plane;  the  associated  pressure  rise  follows  from  Fig.  9. 
In  Ref.  24  a Schlieren  picture  containing  this  shock  wave,  has  been  inserted. 

The  development  of  the  surface  pressure  at  the  leeward  meridian  (ip  - 180°)  is  given  as  a function  of  a in 
Fig.  10.  For  values  of  a between  0°  and  6°  the  experimental  results  coincide  with  the  numerical  data  of 
Ref.  7.  For  a » 12.4°  and  17.2°  the  pressures  are  computed  using  a shock  capturing  technique  (SCT)  . In 
between  a ■ 13°  and  17°  the  measured  pressures  remain  constant.  It  appears  that  the  SCT  results  are  more 
or  less  confirmed  by  the  experiments  up  to  a « 17°.  At  larger  angles  of  attack  the  pressure  decreases 
again;  unfortunately,  no  numerical  data  are  available  in  this  range. 


3.2.  Flow  field  experiments 

The  results  of  the  present  flow  field  measurements,  made  with  a conical-head  probe,  are  essentially  in 
agreement  with  those  of  Ref.  24;  they  are  more  refined  and  yield  a more  complete  overall  picture  of  the 
flow  field.  For  Instance  the  lines  of  constant  conical  Mach  number  show,  bettor  than  the  lines  of  constant 
Pitot  pressure  in  Ref.  24,  the  location  of  the  shear  layer  in  the  shoulder  region  of  the  cone.  From 
Fig.  11  it  appears  that  across  the  shear  layer  and  towards  the  cone  surface,  the  pressure  increases 
slightly' to  a maximum  value  and  then  decreases  again.  This  behaviour  suggests  the  occurence  of  an  inflection 
point  in  the  paths  of  the  conical  streamlines,  in  such  points  the  pressure  gradient  changes  sign.  At 
a - 17.2°  (Fig.  12)  the  elongated  region  of  isobars,  observed  it  a * 12.4°  along  the  shoulder  of  the  cone, 
has  disappeared  and  several  Isolated  regions  occur.  Here,  as  well  as  for  a - 22.6°,  in  Fig.  13,  it  is 
difficult  to  determine  the  shear  layer  from  the  lines  of  constant  static  pressure.  The  shear  layer  may 
rather  be  determined  from  cross  plots  of  the  Pitot  pressure  distribution  or  from  the  lines  of  constant 
conical  Mach  number  (see  also  Figs.  14,  15,  16).  The  location  of  embedded  shocks  follows  directly  from  the 
Isobars,  because  locally  the  Isobars  have  the  tendency  to  bend  along  the  shock  wave.  The  core  of  the 
main  vortex  is  revealed  as  an  isolated  region  in  Figs.  12  and  13.  Since  data  could  be  obtained  closer  tc 

the  cone  surface  than  in  Ref.  24,  the  static  pressures  in  the  flow  field  could  be  matched  adequately  to 

the  surface  pressures. 

In  Figs.  14,  15  and  16  lines  of  constant  conical  Mach  number  Mc  are  presented.  The  shear  layer  manifests 
itself  very  well,  because  the  lines  of  constant  conical  Mach  number  run  parallel  to  it  with  a very  narrow 
spacing  in  between  them.  A new  aspect  of  the  present  results  at  a ■ 17.2°  is  the  bulge  in  the  conical- 
sonic  line  at  the  separation  point  of  the  shear  layer;  in  Ref.  24  only  the  onset  of  It  could  be  observed. 

At  a - 22.6°  the  bulge  is  terminated  by  a weak  shock  wave  (Fig.  16  and  also  Fig.  13) . Although  a faint 
evidence  of  it  was  detected  in  the  results  of  Ref.  24,  no  attention  was  paid  to  it.  The  supersonic  bulge 

probably  corresponds  to  the  supersonic  tongue  in  the  flow  field  that  results  from  a normal  shock  wave- 

boundary layer  interaction.  In  the  shoulder  region  of  the  cone  at  a ■ 22.6°  a system  of  three  shock  waves 
exists,  two  of  them  join  to  form  a lambda  typo  of  shock  wave.  The  latter  shock  wave  partly  accomplishes 
a transition  from  conical  supersonic  to  conical  subsonic  flow,  and  partly  it  maintains  a conical  supersonic 
flow. 

The  dashed  lines  in  Figs.  15  and  16  reprssent  the  positions  where  the  conical  velocity  components  v or  w 
are  zero.  These  lines  pass  through  the  core  ol  the  main  vertex,  suggesting  that  the  core  is  a conical 
stagnation  point.  If  a is  increased  from  17.2°  to  22.6°  the  line  v » 0 extends  towards  the  symmetry  plane. 
One  would  expect  that  for  larger  anglee  of  attack  a lower  and  an  upper  intersection  point  with  the  symmetry 
plane  exists, in  other  words  two  conical  stagnation  points,  since  w » 0 in  the  symmetry  plane.  In  the  lower 
conical  stagnation  point  the  dividing  streamline,  separating  the  outer  inviscid  flow  from  the  flow  absorbed 
by  the  vortex,  terminates.  The  upper  one  represents  the  position  of  a vortical  singularity. 

In  Fig.  17  the  distribution  of  the  conical  Mach  number  in  the  leeward  symmetry  plane  is  given,  the  minus 
sign  denotes  a negative  value  of  v.  Since  no  datum  points  are  available  in  the  aerodynamic  symmetry  plane, 
the  values  of  Me  have  been  obtained  by  extrapolation  from  both  sides  of  the  symmetry  piano.  For  a m 22.6°, 
this  procedure  led  to  Hj  ■ 0 + 0.01  for  values  of  z/R  in  between  1.95  and  2.55.  From  this  M0  distribution 
no  conclusive  judgement  can  be  given  about  the  existence  of  a vortical  singularity  at  a z/R-value  near  2.5. 
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In  inviscid  theory  the  velocity  component  u is  discontinuous  in  a vortical  singularity,  therefore  it  is 
interesting  to  consider  the  measured  u-distribution.  A plot  of  u/U^  versus  z/R  in  the  neighbourhood  of  2.5 
has  been  inserted  in  Fig.  17,  UM  is  the  free  stream  velocity.  At  either  side  of  z/R  - 2.5  the  level  of  the 
r/U ^-distribution  is  differe.  t,  which  confirms  the  existence  of  the  vortical  singularity  in  the  leeward 
symmetry  plane.  It  is  also  in  agreement  with  the  flow  direction  measurements,  given  in  Fig.  22,  where  a 
conical  stagnation  point  is  indicated  at  z/R  of  about  1.9  and  one  at  about  2.5.  The  conical  stagnation 
points  in  Ref.  24  were  found  at  -,/R  * 1.95  and  2.75.  Interpolating  the  results  of  Ref.  76,  where  a complete 
different  measuring  technique  was  used,  the  corresponding  values  are  1.95  and  2.65,  It  is  not  clear  why, 
at  a ■ 22.6°,  in  the  present  experiments  the  Mo-distribution  in  the  symmetry  plane  shows  such  a flattened 
character,  which  is  different  from  the  results  of  Ref.  24,  It  may  be  assumed,  however,  that  more  value 
should  be  attached  to  the  present  measurements,  because  of  the  higher  resolution  of  the  measurements. 

The  flow  directions  have  been  plotted  in  Figs.  18  to  22.  The  length  of  the  pointers  is  not  completely 
related  to  the  magnitude  of  the  velocity,  because  the  length  is  bounded  by  a minimum  and  a maximum  value. 

Fig.  18  shows  that  already  at  a - 9.2°  vortex  formation  takes  place,  which  is  not  in  contradiction  with 
the  oil  flow  pattern  at  a - 10°  (Fig.  4).  If  a is  increased,  the  vortex  structure  becomes  more  distinct, 
see  Figs.  19  and  20.  At  a » 17.2°  a secondary  vortex  is  observed  in  the  flow  field, since  the  probe  is 
capable  to  reach  the  region  where  the  secondary  vortex  iB  felt.  Using  the  measured  flow  directions  it  has 
been  possible  to  compute  conical  streamlines,  see  Figs.  21  and  22.  The  dividing  streamline  at  a m 22.6° 

(Fig.  22) , separates  the  vortex  flow  from  the  outer  inviscid  flow.  A phenomenon  worth  mentioning  is  the 
difference  in  the  shape  of  the  vortex  at  a « 17.2  and  the  vortex  at  a m 22.6°.  In  the  latter  case  a vortex 
is  shown  which  is  rather  elongated  in  the  vertical  direction. 

Finally,  the  most  important  results  have  been  summarized  in  Fig.  23,  where  an  overall  picture  of  the  flow 
pattern  around  the  cone  at  high  angle  of  attack  has  been  constructed.  Apart  from  minor  retouches  and  with 
the  exception  of  the  conical  streamlines  towards  the  upper  conical  stagnation  point  (the  vortical  singular- 
ity), Fig.  23  represents  to  scale  the  results  of  the  present  experiments  on  the  cone  at  a ■ 22.6°. 

4.  CONCLUDING  REMARKS 

An  experimental  investigation  of  the  flow  on  the  surface  and  in  the  external  field  of  a 7.5°  semi-apex 
angle  cone  has  been  performed  at  a free  stream  Mach  number  of  2.94  and  a Reynolds  number  of  45°. 10”  per 
meter.  The  explorations  with  a conical-head  probe  led  to  the  determination  of  the  conical  Mach  number,  the 
conical  flow  direction  and  the  static  pressure  in  the  leeward  flow  field  of  the  cone  at  several  angles  of 
attack.  The  following  conclusions  may  be  drawn: 

- By  comparing  detailed  surface  pressure  measurements  with  surface  oil  flow  patterns,  it  is  possible  to 
correlate  the  circumferential  pressure  distribution  to  the  type  of  flow  separation. 

- At  angles  of  attack  (a)  larger  than  approximately  1.5  times  the  cone  half-angle  (9C) , the  cross  flow  is 
found  to  separate  from  the  cone  surface.  On  either  side  of  the  cone  a shear  layer  is  generated,  rolling 
up  into  a symmetrical  vortex  system. 

- At  a/80  of  about  2.S  an  embedded  shock  wave  is  observed,  originating  at  the  circumferential  point  where 
the  shear  layer  separates  from  the  cone  surface. 

- At  a/0c  - 3 (a  - 22.6°  in  the  present  explorations),  a system  of  shock  waves  i3  found  inside  the  region 
of  conical  supersonic  flow.  The  core  of  the  main  vortex  (only  one  half  of  the  cone  is  considered)  appears 
to  be  well  away  from  the  cone  surface  (0.25  R)  and  from  the  leeward  symmetry  plane  (0.3  R) . 

- The  vortex  flow  regime,  at  a/0c  ■ 3,  is  separated  from  the  external  inviscid  flow  by  a dividing  streamline. 
In  the  external  inviscid  flow,  evidence  is  found  for  the  existence  of  a vortical  singularity  in  the 
leeward  symmetry  plane. 

- When  a is  increased  beyond  a/dc  - 3.5  (26°  in  the  present  investigation),  the  flow  looses  its  symmetry. 

The  asymmetric  surface  oil  flow  pattern  and  circumferential  surface  pressure  distribution  suggest 
stationary  flow. 

- Based  on  the  present  measurements  and  on  previous  results,  a model  of  the  flow  for  Ci/0c  > 2,5  has  been 
constructed  (Fig.  23)  . 
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SUMMARY 


A conical  symmetry  assumption  Is  applied  to  the  full  Navier-Stokes  equations  resulting  in  an  equation 
set  containing  time  and  two  coordinate  directions  as  independent  variables.  The  set  is  Integrated  by  use 
of  MacCormack's  finite  difference  technique  for  the  particular  case  of  sharp  cones  at  incidence.  Solutions 
are  obtained  and  compared  with  experiment  for  auxiliary  conditions  corresponding  to  both  laminar  and  turbu- 
lent flows.  Closure  for  the  turbulent  flow  case  is  provided  by  use  of  a scalor  eddy  viscosity  model  based 
on  the  mixing  length  hypothesis.  The  numerical  results  are  compared  with  the  experimental  data  of  Tracy, 
McElderry,  and  Rainblrd.  Excellent  agreement  is  found  between  the  numerical  laminar  flow  results  and  the 
data  of  Tracy.  Modifications  to  the  eddy  viscosity  model  were  found  which  led  to  excellent  surface  pressure 
and  surface  flow  direction  agreement  for  turbulent  flow  at  low  supersonic  Mach  numbers.  However,  It  Is  ap- 
parent that  further  work  on  the  turbulence  model  is  necessary  for  agreement  at  higher  supersonic  Mach  numbers. 
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SUPERSCRIPTS 

T transpose  1 time  level 

1.  INTRODUCTION 

Supersonic  conical  flow  has  been  of  Interest  to  aerodynami cists  for  many  years.  The  use  of  the 
slender  cone  as  a basic  shape  for  ballistic  reentry  vehicles  has  ensured  a continued  Interest  in  the  high- 
speed flow  fields  around  these  bodies.  An  additional  reason  for  examining  flow  about  cones  is  that  it  has 
(at  angle  of  attack)  the  combination  of  a very  simple  geometry  and  a very  complicated  3-dimensional  sepa- 
rated flow  field.  Cone  flows  are  therefore  excellent  models  for  experimental  or  computational  studies  of 
3-dimenslonal  separated  flows. 

The  essential  feature  of  Inviscid  conical  flow  is  that  no  variation  exists  in  any  fluid  quantity  along 
rays  passing  through  the  conical  vertex  of  the  body.  This  feature,  sometimes  referred  to  as  conical 
symmetry,  allows  steady-sta  .e  solutions  of  the  governing  equations  to  be  obtained  In  only  two  dimensions. 
Solutions  for  inviscid  flow  about  conical  bodies  are  available  at  a variety  of  conditions  (Refs.  1-5). 

These  steady-state  solutions  are  normally  obtained  by  two  means:  (l)  the  temporal  derivative  terms  are 
retained  and  the  solution  Is  marched  in  time  until  a steady  state  is  obtained;  or  (2)  the  spatial  deriva- 
tives along  the  conical  rays  are  retained  and  the  solution  is  marched  along  the  ray  until  a steady  state 
is  obtained.  For  the  particular  case  of  sharp  cones,  these  inviscid  solutions  provide  reasonable  agreement 
with  experiment  up  until  relative  Incidences  (a/oc)  at  which  significant  nonlinear  lift  is  generated 
(Ref.  6).  This  nonlinear  lift  apparently  becomes  significant  at  incidences  where  viscous  Influence  on  the 
lee  side  of  the  cone  also  becomes  large.  In  addition  to  the  obvious  failure  of  the  inviscid  techniques  to 
properly  model  the  lee-side  viscous  effects  as  angle  of  attack  Increases,  instabilities  In  these  techniques 
are  frequently  encountered  at  higher  values  of  relative  Incidence.  Previous  attempts  to  include  the 
effects  of  viscosity  without  increased  computational  difficulty  have  resorted  to  fictitious  alteration  of 
the  lee  surface  of  the  cone  In  order  to  obtain  the  proper  pressure  distribution  (Refs.  7,  8).  Unfortunately, 
these  techniques  require  considerable  knowledge  about  the  pressure  distribution  to  be  matched  before  the 
computation  can  be  successful.  More  suitable  studies  have  been  undertaken  which  include  viscous  effects 
through  solution  of  the  parabolized  Navler-Stokes  equations  (Ref.  9)  or  of  modified  3-dlmenslonal  boundary 
layer  equations  (Ref.  10).  However,  neither  of  these  studies  has  taken  full  advantage  of  the  Inherent 
characteristics  of  conical  flow.  The  remainder  of  this  paper  will  present  a means  (Refs,  11,  12)  of  In- 
cluding viscous  effects  In  the  governing  equations  while  retaining  the  simplication  of  conical  symmetry. 
Solutions  to  the  resulting  equations  are  obtained  for  boundary  conditions  corresponding  to  both  laminar  and 
turbulent  flow  conditions. 

2.  GOVERNING  EQUATI0NS 

The  unsteady,  compressible  Navier-Stokes  equations  written  in  weak  conservation  form  for  a spherical 
polar  coordinate  system  (as  in  Ref.  11): 


3JD.3E.d_F  3G 
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The  vectors  D,  E,  F,  G,  and  H denote 
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ratio  of  specific  heats 


and  the  superscript  T denotes  the  transpose.  The  stress  tensor  terms  will  be  defined  In  detail  later. 
The  velocity  components  are  nondimenslonalized  with  respect  to  the  maximun  adiabatic  velocity  Vmax.  the 
state  variables  with  respect  to  their  stagnation  values,  and  the  time  with  respect  to  r/Vmaxl  r Is  the 
spherical  radius  measured  from  the  apex  of  the  cone.  The  variables  p,  p,  u,  v,  w,  and  e denote,  re- 
spectively, the  nondimenslonal  pressure,  the  density,  the  velocity  components  in  the  (r,  e,  4)  coordinate 
directions,  and  the  total  internal  energy. 


A conical  flow,  as  noted  in  the  previous  section,  can  be  described  as  an  inviscid  steady  flow  in  which 
all  flow  quantities  are  constant  along  rays  passing  through  the  vertex  of  the  conical  body.  If  a body- 
fixed  spherical  coordinate  system  (Fig.  1)  centered  at  the  vertex  of  the  conical  body  is  used  to  describe 
the  flow,  then  all  spherical  surfaces  must  have  the  same  vector  and  scalar  values  of  the  flow  quantities 
for  a given  (9,  4)  point  on  each  surface.  Therefore,  all  derivatives  of  flow  quantities  with  respect  to 
the  spherical  radius  (r)  of  these  spherical  surfaces  from  the  origin  must  be  zero.  This  has  the  effect  of 
reducing  the  number  of  independent  variables  In  the  problem  by  one. 

Examination  of  experimental  studies  of  supersonic  flow  over  conical  bodies  (Refs.  13-15)  reveals  that 
these  flows  exhibit  approximate  conical  behavior  downstream  from  the  nose  region  even  though  relatively 
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large  viscous  regions  exist.  Cross  (Ref.  13)  determined  that  the  viscous  layer  growth  on  the  lee  side  of 
a delta  wing  in  supersonic  flow  was  essentially  conical.  The  oil  flow  separation  traces  for  sharp  cones 
in  the  experimental  study  of  Stetson  (Ref.  15)  are  approximately  straight  (but  the  conical  vertex  of  these 
traces  is  displaced  downstream  by  nose  effects).  Therefore,  in  concert  with  an  idea  first  broached  by 
0.  A.  Anderson  of  Iowa  State  University  (private  communication)  for  axial  corner  flow,  the  conically 
symmetric  flow  approximation  (5/Jr  * 0)  is  applied  to  all  terms  in  Eg.  (!),'*■ 

The  resulting  equation  is: 
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where: 


(1)  0,  F,  and  G are  unchanged  except  In  the  definition  of  the  stress  terms. 
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It  Is  significant  that  when  time  is  nondimensionalized  by  the  parameter  r/V|nax,  the  r dependence  in 
Eq.  (2)  is  contained  In  the  Reynolds  number.  The  net  effect  Is  that  the  calculation  is  carried  out  at  a 
single  (0,  1(1)  spherical  surface  with  the  distance  of  this  surface  from  the  cone  apex  determined  by  the 
Reynolds  number.  Therefore,  all  spherical  radius  scaling  is  now  contained  in  the  Reynolds  number  alone. 

The  nondimensional  stress  and  heat  transfer  terms  for  this  equation  set  are  defined  as  follows: 


and 
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At  this  point,  it  is  prudent  to  examine  further  the  physical  implications  of  the  approximations 
applied  to  the  above  equation  set.  It  should  first  be  noted  that  the  only  approximations  now  Inherent  to 
the  equations  are  that  a perfect  gas  is  required  and  that  conically  symmetric  flow  is  assumed  at  all  points 
on  the  e,  4>  calculation  surface.  The  conical  symmetry  assumption  seems  to  imply  a linear  growth  of  the 
viscous  layer  from  the  apex  of  the  cone.  However,  this  is  not  the  case.  The  flow  is  In  reality  only 
locally  linear  with  the  viscous  layer  thickness  properly  scaled  by  the  Reynolds  number  L'sed  on  the  spheri- 
cal radius  from  the  cone  apex.  Any  differences  noted  between  the  calculated  results  and  the  experimentally 
measured  results  must  be  due  to  the  neglect  of  the  very  small  gradient  in  the  r coordinate  direction  or 
to  the  neglect  of  upstream  Influence. 


To  further  illustrate  this  point,  computations  were  performed  using  the  conically  symmetric  equation 
set  for  several  stations  along  a cone  at  zero  angle  of  attack  and  compared  with  the  well-known  hypersonic 
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weak  Interaction  theory  (Ref.  16).  Results  of  the  surface  pressure  comparison  for  Tracy's  conditions 
(Ref.  17)  are  given  in  Fig.  2.  The  agreement  is  quite  good  and  illustrates  that  the  locus  of  viscous 
layer  thicknesses  is  not  linear  when  calculations  are  performed  at  several  stations  along  a cone. 

3.  TURBULENCE  MODEL 

For  the  eddy  viscosity  of  the  turbulent  flow,  simple  algebraic  relations  similar  to  those  of  Harris 
and  Morris  (Ref,  IB)  are  assumed.  The  effective  coefficient  of  viscosity  p and  thermal  conductivity  K 
are  then  defined  as  follows: 


* " + *t 


IT  = 


(4) 


where  Is  the  molecular  viscosity  and  Pru  is  the  Prandtl  number  associated  with  the  laminar  flow 
(0.72).  The  turbulent  Prandtl  number  Pr^  is  assumed  to  be  0.9  in  the  present  analysis;  and 


(5) 


A bar  denotes  a dimensional  quantity  and  the  subscript  w indicates  evaluation  at  the  wall.  The  viscous 
layer  edge  (ee)  Is  defined  to  be  that  mesh  point  nearest  the  wall  where  the  modulus  of  vorticlty  Is  less 
than  0.0025  times  the  wall  value. 


During  the  course  of  this  and  previous  calculations  (Ref.  12)  using  this  eddy  viscosity  turbulence 
model,  it  was  found  that  modifications  to  the  model  were  necessary  to  obtain  adequate  agreement  with 
experiment.  These  modifications  were  aimed  at  obtaining  a model  for  both  the  attached  axial  and  the 
attached  and  separated  circumferential  flow  structure  on  the  lee  side  of  the  cone.  This  flow  structure 
was  modeled  in  the  present  study  by  separate  descriptions  of  eddy  viscosity  for  the  (e,  <j> ) coordinate 
directions.  The  e component  of  eddy  viscosity  was  also  used  In  the  r momentum  equation.  However, 
since  derivatives  with  respect  to  r are  neglected  when  the  conical  symnetry  assumption  Is  applied,  the 
0 component  of  eddy  viscosity  will  in  general  multiply  stress  terms  In  which  the  leading  derivative  of  the 
velocity  components  is  with  respect  to  0.  The  $ component  of  eddy  viscosity  multiplies  stress  terms 
with  respect  to  $ (exceptions  to  both  statements  are  found  in  the  H matrix).  This  implies,  that  the 
e and  <f>  components  of  eddy  viscosity  scale  the  axial  and  circumferential  shear  stress,  respectively.  It 
should  be  noted  that  Sturek  et  al . (Ref.  19)  and  Rotta  (Ref.  20)  have  also  found  it  beneficial  to  use 
different  descriptions  of  eddy  viscosity  for  different  coordinate  directions  in  3-dimensional  flow  fields. 

The  specific  modifications  to  Eq.  (5)  used  in  the  present  study  were: 


iL  ■ C.pl2 
c0  1 


*12 


Used  for  McElderry's  data  (Ref.  21] 


C2pP  Mi 
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(6) 


Although  this  model  gave  the  best  agreement  attained  with  the  M * 6 data  of  McElderry,  it  gave  un- 
realistic behavior  In  the  vicinity  of  the  cross-flow  separation  point  when  applied  at  a lower  Mach  number. 

A somewhat  different  approach,  based  on  previous  results  (Ref.  12)  was  taken  In  the  M » 1.8  case  of 
Rainblrd  (Ref.  22).  The  eddy  viscosity  model  [Eq.  (5)]  was  used  in  unmodified  form  in  the  attached  region 
up  to  the  vicinity  of  the  expected  cross-flow  separation  line.  The  eddy  viscosity  in  the  cross-flow 
separated  region  was  reduced  by  a constant  factor,  and  a linear  connection  bracketing  the  expected  separa- 
tion line  was  used  to  connect  the  reduced  value  in  the  separated  region  to  the  unmodified  eddy  viscosity. 
Smoothing  of  the  resulting  e component  of  the  turbulent  Reynolds  number  was  used  to  Insure  no  sharp  dis- 
continuities due  to  this  procedure.  In  equation  form,  this  procedure  is: 


ute  ■ fft$  ‘ 1 ,0  **t  0°  < f 


“te  “ Mt. 
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^ ^ <;  180° 


whore  <M  and  Indicate  the  beginning  and  end  of  the  contour.  In  both  McElderry's  and  Rainbird's  cases, 
a relaxation  procedure  (Ref.  22)  was  used  in  the  cross-flow  direction  (Ct^)  only: 
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s't+  “ St*  + (5*  - »•♦„)  exP  (8) 

where 

x - 20eeo 

The  initial  point  for  the  relaxation  was  the  circumferential  mesh  point  prior  to  cross-flow  separation. 

4.  THE  NUMERICAL  INTEGRATION  TECHNIQUE 


The  equation  set  resulting  from  the  application  of  the  conical  symmetry  assumption  can  be  solved  by 
time  Integration  on  a single  spherical  surface  located  at  a distance  r from  the  cone  apex.  A finite 
difference  grid  is  defined  on  the  spherical  surface  and  MacCormack's  (Ref.  24)  well-known  finite  difference 
technique  is  applied. 


If  the  solution  oj  ,k  Is  known  at  time  t * 1*At  at  each  point  of  the  computational  mesh  on  the 
spherical  surface  (at  a distance  r from  the  cone  apex),  the  solution  at  time  t = (1  + l)*At  is  calcu- 
lated at  each  interior  mesh  point  (a,  4)  as  follows  (Ref.  11): 


Predictor: 
Corrector:  d!4? 


,1 


At 


“j  ,k  A9 


(Fkk-Fj,i)  -s£(k> -Gi.k 


1 


ft*ft-8(ft-ft.»)  -8 (ft -ft-.)  -«*. 


i.i+i 
j ,k 


(9) 


Auxiliary  conditions  Imposed  during  the  integration  were  as  follows:  (1)  no  slip  conditions  at  the 
body  surface  with  wall  temperature  maintained  constant  at  the  experimentally  determined  value;  (2)  free- 
stream  conditions  maintained  at  the  outer  edge  of  the  mesh;  (3)  lateral  symmetry  of  the  flow  quantities 
maintained  along  the  4*0°  and  4 * 180°  lines;  and  (4)  initial  values  for  all  fluid  quantities  either 
free-stream  or  a previous  solution  at  similar  conditions. 


The  auxiliary  conditions  at  the  cone  surface  were  implemented  by  analytically  evaluating  the  e 
momentum  equation  at  the  cone  surface  conditions.  The  resulting  equation  is  solved  for  the  0 derivative 
of  pressure  and  Is  approximated  by  one-sided  finite  differences.  The  equation  Is  applied  to  obtain  the 
surface  pressure  after  the  above  equations  have  been  used  to  obtain  updated  values  of  all  flow  qualities 
at  the  interior  mesh  points.  Surface  density  is  then  obtained  from  the  equation  of  state. 


The  use  of  free-stream  conditions  at  the  outer  mesh  boundary  required  that  the  bow  shock  wave  be 
captured  during  the  integration.  To  oveicome  the  oscillations  that  occurred  in  the  vicinity  of  the  shock 
wave  for  high  Mach  number  conditions,  a technique  called  normal  stress  damping  was  used  (Ref.  11).  This 
technique  Involved  chanying  the  sign  on  the  normal  stress  term  (on)  and  increasing  the  magnitude  of  this 
term  to  provide  the  necessary  damping. 


5.  NUMERICAL  RESULTS 


The  validity  of  any  heretofore  untried  assumption  applied  to  the  governing  equations  can  only  be 
determined  through  comparison  of  the  results  obtained  by  calculation  with  results  of  experiment.  To  test 
the  validity  of  the  present  technique,  published  experimental  data  were  chosen  over  a Mach  number  range  of 
1.8  to  14  for  comparison.  Brief  comparisons  of  the  calculated  results  with  experimental  data  are  presented 
here  for  Mach  numbers  through  8;  further  comparisons  are  available  in  Ref.  11. 

For  Reynolds  numbers  corresponding  to  laminar  flow  conditions,  the  wel 1 -documented  experimental  study 
of  Tracy  (Ref.  17)  was  chosen,  these  data  were  collected  for  a sharp  10°  half-angle  cone  In  air  at  a Mach 
number  of  7.95.  The  free-stream  Reynolds  number  was  4.1  x 106/m  with  measurements  taken  10.16cm  from  the 
cone  apex.  Other  conditions  were  ■ 1.7878  x 106NT/m2  and  Te„  ■ 755  K.  Calculated  and  experimental 
results  were  obtained  at  angles  of  attack  from  0°  to  24".  Shown  in  Fig,  3 Is  the  comparison  of  the  exper- 
mental  and  calculated  surface  pressure  at  a * 24°,  The  agreement  is  quite  good  except  on  the  windward 
side  of  the  cone,  where  experimental  errors  are  suspected  due  to  the  use  of  pressure  taps  which  were  large 
In  relation  to  boundary  layer  thickness. 

Figure  4 shows  the  calculated  cross-flow  velocity  vectors  plotted  for  the  a * 24°  case.  This  figure 
clearly  shows  the  large  lee-side  Cortices  found  In  the  experimental  study.  Also  note  that  two  stagnation 
points  exist  on  the  ice  plane  of  symmetry;  one  associated  with  the  dividing  streamline  around  the  vortex, 
and  one  "vortical  singularity-like"  stagnation  point.  The  "vortical  singularity-like"  stagnation  point  is 
characterized  by  the  convergence  of  the  cross-flow  velocity  vectors  to  a single  point.  At  the  higher  Mach 
numbers  calculated,  this  stagnation  point  occurs  near  the  edge  of  the  viscous  layer  for  laminar  flow  or 
on  the  cone  surface  for  fully  developed  turbulent  flow  conditions.  Since  the  stagnation  point  does  occur 
at  the  edge  of  the  viscous  layer  for  the  high  Mach  number  cases,  discontinuities  or  changes  In  gradients 
of  entropy  or  density  (as  occurs  In  invlscid  flow)  which  can  be  attributed  separately  to  the  singularity 
itself  are  not  noted. 

Figure  5 Is  a pictorial  representation  of  all  flow-field  features  compared  with  experiment.  The  cal- 
culated features,  Including  the  cross-flow  separation  point  and  Imbedded  shock  wave  position,  agree  quite 
well  with  experiment. 

For  Reynolds  numbers  at  which  boundary  layer  transition  has  occurred,  two  experimental  cases  were 
chosen  for  comparison.  The  first  was  the  experimental  study  of  McF.lderry  (Ref.  21),  which  was  made  using 
a 6°  half-angle  sharp  cone  at  M ■ 6.05  In  air.  Data  were  collected  at  1.106m  along  the  cone  at  a free- 
stream  Reynolds  number  of  1.64  x 107/m.  Stagnation  pressure  and  temperature  of  the  flow  were 
1,931  x 106NT/m2  and  472°K,  respectively.  Wall  temperature  was  0.6Tk„.  Figure  6 gives  the  comparison  of 
calculated  and  experimental  surface  pressure  at  an  angle  of  attack  0,  12°.  Two  calculations  are  shown,  one 
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for  laminar  flow  at  Rex  = 1.5  x 10G  and  one  for  turbulent  flow  at  Rex  = 15.0  x 10°.  The  surface  pressure 
for  the  laminar  case  agrees  well  until  the  first  experimental  separation  point  is  reached.  The  laminar 
numerical  solution  does  not  separate  until  4 = 163°  with  the  experimental  primary  separation  occurring  at 
4 = 130°  and  a secondary  separation  at  $ = 166°.  The  calculation  using  the  turbulence  model  of  the  present 
study  shows  qualitatively  a more  accurate  behavior  of  the  pressure  on  the  lee  side  (calculated  primary 
separation  point  at  4 = 130°),  but  too  low  a turbulent  boundary  layer  displacement  thickness  from  about 
4 " 45°  onward  results  in  a lower  surface  pressure  than  that  obtained  in  the  experiment.  The  turbulence 
model  was  modified  for  this  case  by  using  | x 1 2 /t* I in  ut0  and  | t 32 /p  | in  ut.  rather  than  the  vector  sum 
of  T)2/u  and  T32/u  with  relaxation  of  ut^  occurring  in  accord  with  Eq.  '’(Q) . 

The  second  turbulent  flow  case  chosen  for  comparison  is  that  of  Rainbird  (Ref.  ?2).  The  data  of 

interest  were  collected  on  a S”  sharp  cone  In  air  at  a Mach  number  of  1.8.  Measurements  were  taken  1.2m 
along  the  cone  at  a free-stream  Reynolds  number  of  2.46  x 107/m.  Stagnation  pressure  and  temperature  were 
1.723  x 105NT/m2  and  294°K,  respectively,  with  wall  temperature  assumed  to  be  Ts„.  Figure  7 gives  the 
comparison  with  experiment  of  the  calculated  surface  pressure  coefficient  (Cpr)  for  three  versions  of  the 

present  turbulence  model.  The  dashed  line  in  Fig.  7 results  when  the  original  turbulence  model  is  used 

at  all  locations  in  the  flow  field  without  modification  or  relaxation.  As  can  be  seen,  the  surface  Cp 
resulting  from  use  of  the  unmodified  turbulence  model  does  not  match  experimental  surface  Cp  in  the  lee- 
side  separated  region.  The  primary  separation  line  was  too  close  to  the  leeward  piano  of  symmetry  and  the 
secondary  separation  did  not  exist.  The  dotted  line  in  the  figure  gives  the  results  of  freezing  both  com- 
ponents of  the  eddy  viscosity  at  the  minimum  pressure  location  in  the  4 direction.  No  relaxation  was 
used  in  this  instance.  The  resulting  surface  Cpr  distribution  matches  experiment  more  closely  but  the 
primary  separation  line  was  again  too  close  to  the  leeward  plane  of  symmetry.  The  secondary  separation 
did  exist  but  was  smaller  in  extent  than  that  of  experiment.  The  solid  line  in  Fig.  7 gives  the  results 
of  the  modified  relaxation  model  [Eq.  (7)].  Although  little  change  was  evident  in  surface  Cp  between 
the  frozen  model  and  the  modified  relaxation  model,  the  primary  and  secondary  separation  lines  were  both 
located  correctly  for  a value  of  C2  = 0;3  In  the  modified  relaxation  modified.  A computation  made  at  a 
value  of  C2  « 0.35  (as  used  for  Ci  in  Ref.  12)  gave  results  very  nearly  equal  to  those  with  C2  * 0.3 
with  the  exception  that  the  extent  of  the  secondary  separated  region  for  C2  ■ 0.35  did  not  match  experiment. 
The  change  In  C2  (0.35  to  0.3)  required  for  agreement  in  the  separated  region  Is  most  likely  due  to 
elliptical  effects  caused  by  the  change  in  the  turbulence  model  in  the  attached  region. 

Figure  8 gives  the  comparison  of  the  calculated  limiting  streamline  angle  with  the  experimental  surface 
oil  flow  angle.  Again,  the  dashed  line  gives  the  results  using  the  unmodified  turbulence  model  and  the 
solid  line  the  results  of  the  modified  relaxation  model.  The  separation  points  for  experiment  and  calcu- 
lation are  as  follows: 


Primary 

Secondary 

Experiment 

132° 

157° 

Turbulence  model 

Unmodified  [Eq.  (5)] 

139° 

Frozen 

138° 

155° 

Modified  relaxation  [Eqs.  (7)  and  (8)] 

131° 

157° 

The  surface  limiting  streamline  results  using  the  modified  relaxation  model  agree  quite  adequately 
with  experiment.  Detailed  comparison  with  Rainbird’s  pitot  probe  surveys  for  the  modified  relaxation  model 
are  given  In  Figs.  9 through  12.  The  comparison  Is  made  normal  to  the  cone  centerline  at  four  circumfer- 
ential locations  in  the  lee-side  separated  region.  Agreement  with  experiment  is  quite  good  at  4 - 168° 
and  4 « 160°,  as  shown  in  Figs.  9 and  10.  lhese  two  pitot  surveys  bracket  the  center  of  the  lee-side 
vortex  which  occurs  at  about  4 ■ 165°  In  the  experiment.  The  comparison  at  4 » 152°,  in  the  vicinity  of 
the  secondary  reattachment,  Is  given  in  Fig.  11.  The  agreement  in  this  complex  region  of  the  flow  is  less 
adequate  but  still  quite  reasonable.  The  major  differences  seem  to  be  a somewhat  higher  calculated  pitot 
pressure  In  the  outer  part  of  the  secondary  separation  bubble  and  a greater  overall  viscous  layer  thickness 
in  the  calculation  at  this  circumferential  station.  The  final  comparison  in  Fig.  12  at  4 » 140°,  just 
after  cross-flow  separation  at  4 - 131°,  shows  again  the  somewhat  greater  viscous  layer  thickness  at  this 
location  in  the  computed  results. 

6.  CONCLUSIONS 

The  solution  of  the  Navier-Stokes  equations  subject  to  a conical  symmetry  assumption  is  shown  to 
result  in  entirely  adequate  agreement  with  experiment  for  laminar  flow  over  cones  at  angle  of  attack.  The 
present  laminar  solutions  exhibit  all  of  the  features  found  in  the  experimental  case  without  depending  on 
experiment  for  Input. 

For  calculations  performed  at  conditions  at  which  boundary  layer  transition  has  occurred,  the  follow- 
ing conclusions  are  evident: 

(1)  Agreement  with  experiment  In  the  lee-side  separated  region  should  not  be  expected  when  an  un- 
modified eddy  viscosity  turbulence  model  is  used. 

(2)  The  modified  relaxation  model  developed  during  the  present  study  gives  excellent  agreement  with 
Rainblrd's  M » 1.8,  o ■ 2.50ec  experimental  data. 

(3)  Qualitative  agreement  with  McElderry's  data  was  obtained  for  the  turbulence  model  proposed  for 
this  case.  However,  it  Is  apparent  that  further  work  is  required  on  the  present  turbulence  model  to  obtain 
quantitative  agreement  for  the  higher  Mach  number  conditions. 
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Fig.  1 Coordinate  system  and  computational  mesh.  Fig.  2 Comparison  with  weak  interaction  theory. 


Fig.  3 Comparison  of  calculated  and  experimental 
surface  pressure  at  Tracy's  conditions  (Ref.  17), 
a « 24°. 


Fig.  4 Calculated  cross-flow  velocity  vectors  as 
seen  on  spherical  surface  at  Tracy's  conditions 
(Ref.  17),  a * 24°. 
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Fig.  5 Comparison  of  calculated  and  experimental 
flow-field  features  at  Tracy's  conditions  (Ref. 
17),  a = 24°. 
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Fig.  6 Comparison  of  calculated  and  experimental 
surface  pressure  at  McElderry's  conditions  (Ref. 

21),  a = 12°. 
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Fig.  7 Comparison  of  calculated  and  experimental 
surface  pressure  coefficient  ~t  Ralribird's. 
conditions  (Ref.  12),  a = 12../. 


Fig.  8 Comparison  of  calculated  surface  streamline 
angle  with  experimental  surface  oil  flow  angle  at 
Rainbird's  conditions  (Ref.  22),  a * 12.5°. 
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Fig.  9 Comparison  of  calculated  and  experimental  Fig,  10  Comparison  of  calculated  and  experimental 
pitot  pressure  survey  at  Rainbird's  conditions  pitot  pressure  survey  at  Rainbird's  conditions 

(Ref.  22),  4>  = 168°,  (Ref.  22) , + " 168°. 
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Fig.  11  Comparison  of  calculated  and  experimental  Fig.  12  Comparison  of  calculated  and  experimental 
pitot  pressure  survey  at  Rainbird's  conditions  pitot  pressure  surveys  at  Rainbird's  conditions 

(Ref.  22),  $ « 152°.  (Ref.  22) , * - 140°. 
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PERTINENT  TO  VORTEX  FLOW  AERODYNAMICS  - 
WITH  A VIEW  TOWARDS  DESIGN 


John  E.  Lamar  and  James  M.  Luc.kring 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665  U.S.A. 


SUMMARY 


This  paper  reviews  recent  progress  in  a research  program  directed  toward  an  improved 
vortex  flow  technology  base.  In  addition  to  analysis  methods  for  conical  flow,  selected 
analysis  and  design  methods  for  nonconical  flows  are  presented.  Applications  are  made  for 
a variety  of  planar,  nonplanar,  and  interferrtng  lifting  surfaces. 

With  regard  to  analysis,  several  methods  are  shown  to  provide  reasonable  estimates  of 
over-all  forces  and  moments  for  simple  wing  planforms  with  the  suction  analogy  method 
currently  offering  the  most  versatility  for  arbitrary  configuration  applications.  For  the 
prediction  of  surface  loadings  the  free  vortex  sheet  method  being  developed  by  Boeing  is 
shown  to  have  considerable  promise  and  further  development  of  this  type  of  method  is 
encouraged . 

In  the  design  area,  a data  base  for  ogee  strake-wlng  configurations  is  summarized 
with  an  emphasis  on  the  requirements  for  maximizing  the  interference  lift.  A strake 
planform  design  procedure  is  discussed  and  a first  solution  (gothic  in  planview)  is 
Integrated  with  a wing  body.  The  data  show  the  strake  to  exhibit  expected  stable  vortex 
characteristics . 

Additional  design  activities  center  on  reducing  the  drag-due-to-lift  of  highly  swept 
delta  wings  having  vortex  flow.  It  was  found  that,  apart  from  increasing  sweep,  conically 
cambered  delta  wings  developed  drag  levels  approaching  that  of  attached  flow  with 
increasing ' either  the  lift  or  the  wing  camber  height,  lastly,  an  approximate  vortex  flow 
design  method,  based  on  the  suction  analogy,  is  outlined  and  an  example  is  given.  Further 
development  of  design  capabilities  based  on  more  accurate  flow  modeling,  such  as  possibly 
the  free  vortex  sheet,  is  encouraged  for  the  design  of  wings  with  efficient  vortex  lift 
characteristics . 
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drag  coefficient. 
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experimental  value  of  drag  coefficient  at  » 0 
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Drag-due-to-Lift  parameter 
lift  coefficient,  Lirt/q,„S  f 
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body  length  aft  of  body  nose 

Normal  Force 


normal-force  coefficient, 
yawing  moment  coefficient. 


ref 

Yawing  Moment 
9®  ref 


24-2 
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differential  leading-edge  suction  force  (fig.  3) 
differential  leading-edge  length 

solution  with  full  leading  edge  suction  in  attached  flow 
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potential-lift  factor, 
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number  of  horseshoe  vortices  in  a chordwiae  row  in  vortex-lattice  method 
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pressure 
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x.y.z 


x/c 

x/cr 

Ax 

*b 

2y/b(x) 

ZLESAF 

z/c 


B 

r 

r(0 

r 


Y 

6 

A 

A 

P 

* 


free-stream  velocity 
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induced  velocity  in  y-airection  at  point  (x,y) 

sum  of  Induced  downwash  and  l)a  at  a • 1 rad 

average  value  of  w„  . 
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distances  from  a coordinate  origin  located  at  leading-edge  apex; 
downstream,  y positive  toward  right  wing  tip,  z positive  up 

fractional  streamwise  distance  along  a chord 

fraction  distance  along  the  root  chord 

distance  along  tip  chord 

spanwlse  location  of  leading-edge  planform  break 
fractional  distance  along  the  local  semispan 
solution  with  zero  leading-edge  suction  in  attached  flow 
local  camber  height  in  fraction  of  local  chord 
angle  of  attack 

local  geometric  angle  of  attack  along  camber  line 
new  local  geometric  angle  of  attack  along  camber  line 
angle  of  sideslip,  and  Vl  - 
local  circulation 

equivalent  circulation  associated  with  leading-edge  suction 
average  value  of  T 

distributed  bound  vorticity  at  point  (x,y) 

distributed  trailing  vorticity  at  point  (x,y) 

leading-edge  sweep  angle 

0,- 

tap  ;r  ratio,  ~ 
cr 

density  of  fluid 

dihedral  angle,  positive  for  wing  tip  up 


Subscripts 


ATTACHED 

c 

D 

i 

lnb  'd 
1 

\e 

max 

outb 1 d 


P 

r 

ref 


full  leading  edge  suction  attached  flow 

centroid 

design 

particular  item  of  location 

inboard 

lower 

leading  edge 

maximum 

outboard 

potential  or  attached  flow 
root 

reference 


x positive 
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s 

se 

ae 

t 

te 

tot 

u 

VORTEX 

v 

vie 

vse 

vse 

w 


strake 
side  edge 

augmented  side  edge 
tip 

trailing  edge 

total 

upper 

total  aerodynamic  effect  when  vortex  flow  is  present 
vortex 

vortex  effect  at  leading  edge 
vortex  effect  at  side  edge 
augmented  vortex  effect 
wing 


NOTE : All  coefficients  refer  to  total  loads  unless  stated  otherwise.  The  subscript  tot 

is  selectively  used  for  cases  where  confusion  might  occur. 


INTRODUCTION 


Separation  induced  vortex-flows  from  the  leading  and  side  edges  play  an  Important 
role  in  the  high  angle-of-attack  aerodynamic  characteristics  of  a wide  range  of  modern 
aircraft.  In  the  analysis  and  design  of  high-speed  aircraft,  a detailed  knowledge  of  this 
type  of  separation  is  required,  particularly  with  regard  to  critical  wing  loads  and  the 
stability  and  performance  at  various  off-design  conditions.  Since  attached-flow  theories 
are  Inadequate  for  theae  conditions,  the  designer  currently  must  rely  on  extensive  and 
costly  wind-tunnel  tests  which  include  detailed  measurement  of  pressure  distributions. 

In  many  cases,  wind-tunnel  tests  occur  too  late  in  the  cycle  to  Impact  the  Important 
aero/structural  design  trade-offs.  In  addition,  for  those  aircraft  which  are  required 
to  provide  high  maneuver  capability,  a detailed  knowledge  of  this  type  of  flow  is 
required  if  the  vortex  lift  capabilities  of  slender  wings  or  strake-wlng  configurations 
are  to  be  fully  utilized. 

Although  a considerable  amount  of  research  ha3  been  carried  out  relative  to  the 
vortex  flow  aerodynamics  during  the  past  twenty  years  Important  gaps  in  the  technology 
still  exist,  particularly  with  regard  to  theoretical  methods  of  predicting  detailed  wirig 
pressure  distributions,  analytical  methods  for  design  optimization  of  vortex  lift  con- 
cepts and  in  certain  areas  an  experimental  data  base  for  advanced  design  concepts  utilizing 
interacting  vortex  flows. 

This  paper  reviews  recent  progress  in  a research  program  at  the  Langley  Research 
Center  directed  towards  an  improved  vortex-flow  technology  base.  Included  is  a review 
of  selected  analysis  methods  such  as  conical  flow,  (refs.  1 and  2)  the  suction  analogy 
applied  to  both  lending-  (ref.  3)  and  side-edges  (ref.  1) ) as  well  as  an  augmented  term 
(ref.  5),  the  new  quasi-vortex-lattice  method  with  free  trailing-vortex-f ilaments  (ref.  6), 
and  the  Boeing  free-vortex  sheet  method  (refs.  7 and  8).  To  evaluate  the  accuracy  of  the 
methods  comparisons  are  made  with  experimental  results  for  a wide  range  of  planar  wings 
including  slender  planforms,  a swept  forward  wing,  oblique  wings  and  multiple  lifting 
surfaces  such  as  close-coupled  canard-wing  configurations. 

Details  of  an  extensive  parametric  experimental  study  of  close-coupled  surake-wing 
configurations  is  also  included  (ref.  9).  This  data  set  includes  variations  in  strake- 
to  wing-span  and  wing  sweep  for  angles  of  attack  up  to  50°,  angles  of  sideslip  from  -5° 

to  +5°,  and  Mach  numbers  up  to  0.8.  The  test  utilized  two  balances  so  the  strake- 

forebody  loads  could  be  separated  from  the  total  loads  and  compared  directly  with  theory. 
Theoretical  modeling  of  the  flow  la  described  followed  by  comparisons  with  experiment. 

The  vortex-flow  design  problem  of  strake  planform  shape  is  next  addressed.  A 

procedure  for  analytically  developing  strake  perimeter  llneB  is  presented  from  reference 
10  along  with  an  example.  The  example  shape  was  then  integrated  with  a wing-body,  the 
resulting  configuration  tested  and  results  reported  herein. 

Following  the  planar  wing  studies  the  application  of  several  of  the  theoretical 
methods  to  non-planar  problems,  such  as  the  prediction  of  the  effectiveness  of  conical 
camber  height  in  reducing  the  drag  in  nonconical  vortex  flow  (ref.  11)  is  described. 
Comparisons  are  made  between  the  various  methods  and  available  data. 
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The  final  section  of  the  paper  deals  with  a vortex-flow  problem  related  to  the 
design  of  a slender  wing  having  both  efficient  supersonic  cruise  and  good  transonic 
maneuver  capability.  For  this  class  of  wing  the  use  of  maneuver-flaps  may  not  be 
practical  and  therefore  the  application  of  vortex  lift  appears  attractive.  However,  if 
this  vortex  lift  is  to  be  generated  efficiently,  some  means  of  shaping  the  wing  to  opti- 
mize the  lift  generated  while  minimizing  the  drag  associated  with  the  loss  of  leading-edge 
suction  must  be  used.  To  accomplish  this,  it  is  necessary  to  apply  an  analysis  code 
iteratively  either  under  manual  control  or  automatic  control  as  in  an  optimization 
procedure.  An  example  of  the  optimization  procedure  is  determined  by  a recently  developed 
vortex-lattice  design  code  which  includes  the  vortex  flow  aerodynamics  by  means  of  the 
suction  analogy. 


DESCRIPTION  AND  EVALUATION  OF  ANALYTICAL  METHODS 


DESCRIPTION  OF  ANALYTICAL  METHODS 


The  theoretical  methods  employed  herein  are  divided  into  two  classes  which  are 
dependent  upon  the  underlying  aerodynamic  assumptions.  The  classes  are  shown  on  figure  1 
to  be  conical  and  nonconlcal  flow  for  the  vortex-flow  aerodynamic  problems.  Though 
basically  only  one  conical  flow  method  is  used  in  this  paper,  three  different  nonconlcal 
flow  methods  are  described  and  employed.  The  order  of  their  occurrence  on  figure  1 
generally  indicates  the  increasing  order  of  accuracy  in  terms  of  surface  load  distribution, 
for  the  methods  in  their  current  state  of  development. 

These  two  classes  of  methods  are  discussed  in  the  following  sections. 


Conical  Flow 


The  conical  flow  solutions  come  about  from  a simplification  of  the  governing  flow 
equation  to  not  include  any  longitudinal  flow  dependence  but  only  cross-flow  plane 
velocities.  The  flow  field  is  assumed  to  scale  streamwise  so  that  with  a solution  of 
vortex  sheet  shape  and  strength  determined  at  one  longitudinal  location,  solutions  at 
other  locations  are  readily  calculable.  This  solution  has  no  Mach  number  dependence 
because  of  the  underlying  assumption,  i.e.,  M * 1,  which  is  reasonable  for  very  slender 
wings.  This  method  does  satisfy  the  leading-edge  Kutta  condition  but  not  the  traliing- 
edge  one,  thereby  making  its  results  less  valid  of  course,  as  the  trailing  edge  is 
approached . 


Nonconlcal  Flow 


The  three  nonconlcal  flow  methods  given  on  figure  1 are  (1)  the  suction  analogy- 
Polhamus,  (2)  the  quasl-vortex-lattice-Mehrotra  and  (3)  the  i'ree-vortex-sheet-Boelng. 

They  are  called  nonconlcal  because  they  each  satisfy  the  traillng-edge  Kutta  condition. 
These  methods  differ  in  approach  and  to  the  degree  to  which  they  predict  the  surface 
load  distributions.  Some  pertinent  differences  are  highlighted  as  follows  with 
individual  descriptions  given  later! 

1.  The  suction  analogy  is  always  coupled  with  a potential-flow  solution  and  is 
useful  for  estimating  the  over-all  forces  and  moments  at  small  computer  cost.  However, 
it  does  not  provide  details  of  the  surface  load  distribution. 

2.  The  quasi-vortex-lattice  potential  flow  method  of  Lan  (ref.  12),  QVLM,  has  been 
extended  by  Mehrotra  (ref.  6)  to  include  vortex-flow  effects.  This  is  done  by  modeling 
with  discrete  traillng-vortex  filaments,  in  a manner  similar  to  Mook  and  Maddox  (ref.  13), 
the  shape,  position  and  influence  of  the  shed  vortex  sheet  for  both  complete  or  partial 
span  leading-edge  separation.  Furthermore,  the  leading-edge  boundary  condition  is 
exactly  satisfied. 

3.  The  free-vortex-sheet  method  of  Boeing  models  the  wing  surface  and  free  sheet 
with  doublet  panels  that  have  biquadratic  strength.  Thickness  effects  may  be  modeled 
with  source  panels  that  have  bilinear  strength.  The  free  sheet,  whose  shape  and  position 
must  be  determined  by  Iteration,  is  kinematically  coupled  to  a fixed  (fed)  sheet  that 
approximately  represents  vortex  core  effects.  The  entire  set  of  doublet  strengths  is 
also  determined  simultaneously  during  the  iteration  process. 

Additional  details  of  each  method  follow. 
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Suction  Analogy 

The  suction  analogy^"  method  section  is  divided  into  three  parts  representative  of 
its  development  and  ongoing  application.  They  are:  (1)  leading  edge,  (2)  side  edge 
(3)  augmented  term.  A discussion  of  each  part  follows. 

Leading  Edge.  - The  concept  embodied  in  the  suction  analogy  of  Polhamus  is 
developed  In  reference  3 and  originally  applied  to  delta  wings.  Herein,  the  primary 
ideas  are  briefly  reviewed. 

Wings  which  have  attached  flows  develop  suction  forces  along  their  leading  edge3  if 
the  stagnation  surface  does  not  lie  along  that  edge.  This  suction  force  can  be  determined 
by  either  of  two  processes : (J)  the  pressure  near  the  leading  edge  acting  over  the  edge 
thickness  or  (2)  the  product  of  the  square  of  the  Induced  tangential  velocity  and  the 
distance  to  the  edge.  For  a wing  of  infinitesimal  thickness  the  induced  tangential 
velocity,  u(x,y),  approaches  an  infinite  value  as  shown  in  figure  2 for  the  rectangular 
wing;  however,  it3  product  (described  previously)  is  still  finite. 

If  the  flow  separates  from  the  wing  in  going  around  the  leading  edge  due  to  its 
sharpness  or  thinness,  or  due  to  a combination  of  thickness  and  angle  of  attack,  the 
suction  force  in  the  chord  plane  is  lost.  However,  if  this  separated  flow  forms  Into 
a shed  vortex  which  causes  the  flow  to  reattach  to  the  leeward  surface  of  the  wing  then 
the  fluid  energy  redistributes  on  the  wing  upper  surface  near  the  leading  edge  resulting 
in  the  development  of  vortex  lift.  The  suction  analogy  states  that  for  the  separated 
flow  situations,  the  potential-flow  leading-edge  suction  force  becomes  reoriented  from 
acting  in  the  chord  plane  to  acting  normal  to  the  chord  plane  (a  rotation  of  90°)  by  the 
local  vortex  action  resulting  in  an  additional  normal  force  (see  figure  2.)  The 
reasoning  i3  that  the  force  required  to  maintain  the  reattached  flow  in  a situation 
associated  with  the  separation  induced  vortex  flow  is  the  same  as  that  which  had  been 
required  to  maintain  the  potential  flow  around  the  leading  edge.  Therefore,  the  suction 
analogy  concept  provides  a link  between  attached  flow  solutions  and  the  effects  of  this 
particular  type  of  separated  flow. 

According  to  the  analogy,  the  reattachment  line  or  details  of  the  pressure  field 
need  not  be  known  in  advance  in  order  to  determine  the  reattached-flow  force.  However, 
if  pitching-moment  estimates  are  needed  the  distribution  of  the  reattached  force  must  be 
known  and  is  determined  in  the  near  field.  The  centroid  of  the  leading-edge  suction  has 
been  used  as  the  longitudinal  location  of  this  force.  This  assumption  does  not  have 
provision  for  angle-of-attack  effects  on  the  location  of  the  reattachment  line  or  vortex 
core;  hence  the  core  is  assumed  to  remain  stationary  near  the  wing  leading  edge. 

In  the  application  of  the  suction  analogy  one  must  add  to  a potential)  flow  solution 
the  contribution  of  this  additional  normal  force,  Cw  , acting  at  its  centroid.  The 
addition  is  of  the  form  n.vie 

p 

? t CL  v^e  ■ Kp  sin  a cos  a + Ky  le|sin  a|  sin  a cos  a (1) 

where  the  trigonometric  terms  have  been  included  for  accuracy.  This  means  that  attached 

flow  linear  aerodynamic  solutions  can  yield  nonlinear  potential  flow  0^  values  as  well  as 
those  from  nonlinear  vortex  flow. 

Side  Edge.  - The  suction  analogy  is  not  limited  to  vortex  flows  around  the  leading 
edge  but  can  be  applied  wherever  singularities  in  the  potential-flow  induced  velocities 
produce  an  edge  force.  Figure  2 shows  that  this  can  occur  along  the  side  edges  because 
of  the  singularities  in  v.  Hence,  for  vortex  flows  associated  with  separation  around 
the  side  edges,  the  forces  rio  longer  act  in  the  wing  plane  but  in  the  normal-force 
direction  as  in  the  caBe  of  leading-edge  separation. 

A mathematical  procedure  for  computing  this  side  force  has  been  developed  initially, 

for  wings  at  subsonic  speeds,  and  is  given  in  reference  4.  The  procedure  employs  the 

modified  Multhopp  method  of  reference  14  to  provide  the  information  needed  to  begin  the 
side-force  computation.  In  addition,  three  discrete-loading  analyses  of  this  procedure 
have  been  made  employing  the  vortex-lattice  method  (refs.  15-17)  and  are  discussed  in 
reference  17.  In  reference  17,  the  vortex-lattice  method  (VLM)  is  shown  to  yield  results 
in  close  agreement  with  those  of  reference  4,  hence,  the  reference  17  method  is  utilized 
herein  for  some  isolated  planforms  and  all  subsonic  configurations  for  which  the 
reference  4 method  is  not  appropriate.  An  exception  is  for  oblique  wings  or  swept  forward 
wings  where  the  side-edge  term  is  calculated  using  the  Asymmetrical  Vortex  Lattice  of 
Luckring  (ref.  18).  There  a special  procedure  is  used  to  account  for  the  nature  of  the 
edge  forces  in  the  tip  leading-edge  region. 

The  following  equations  relate  the  potential-  and  vortex-iift  factors  to  CL,  CD,  and 


The  method  referred  to  as  the  "suction  analogy"  only  calculates  the  vortex  lift.  However, 
for  simplicity,  the  term  "suction  analogy"  is  generally  used  to  identify  those  methods  that 
rely  on  this  concept  of  predicting  the  vortex  lift  in  combination  with  the  potential  flow 
lift. 
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where  the  particular  x-terms  equal  xret-  - x ^ with  i standing  for  p,  le,  or  se.  Unless 
otherwise  noted,  xref  is  the  quarter-chord  location  of  the  mean  geometric  chord. 

Augmented  'Perm.  - The  concept  of  an  augmented  vortex  lift  term  arises  from  the  well- 
established  fact  that  for  many  delta  wings  the  leading-edge  vortex  generated  on  the  wing 
persists  for  a considerable  distance  downstream  and  therefore  can  act  on  other  surfaces, 
such  as  the  aft  part  of  more  generalized  planforms  or  aircraft  horizontal  tails.  This 
persistence  is  not  accounted  for  in  the  suction  analogy  because  the  analogy  deals  only 
with  the  edge  forces  generated  along  a particular  edge,  such  as  leading-edge  vortex  lift 
resulting  from  the  leading-edge  suction  force.  Figure  3 shows  examples  of  two  systems 
employed  that  account  for  vortex  lift  on  delta  and  cropped-delta  wing3.  They  are  (1)  a 
theoretical  one  developed  from  a planar  potential  theory  and  utilizing  the  suction  analogy 
along  the  leading-  and  side-edges  and  (2)  an  extension  that  accounts  for  the  action  of  the 
leading-edge  shed  vortex  in  the  vicinity  of  the  side  edge  of  cropped-delta  wings.  The 
following  important  points  are  made  from  this  figure:  (1)  the  leading-edge  suction 
distribution  has  a pealc  value  somewhere  along  the  leading  edge  away  from  the  extremities 
and  goes  to  zero  at  the  tip  because  no  edge  forces  are  present  beyond  the  point  of 
maximum  span;  and  (2)  for  the  cropped-delta  wing,  the  aft  part  of  the  wing  can  generate 
additional  (augmented)  vortex  lift  (above  that  associated  with  the  direct  side-edge 
effect)  because  of  the  presence  of  the  leading-edge  vortex  (as  discussed  in  reference  19). 

In  order  to  estimate  the  augmented  vortex  lift,  it  is  first  necessary  to  quantify 
the  circulation  of  the  shed  vortex  along  the  wing  leading  edge.  This  can  be  done  as 
indicated  by  the  lower  sketch  on  figure  3.  Tne  Kutta-Joukowski  Law  has  been  employed  to 
relate  the  differential  suction  force  along  the  leading  edge  to  an  unknown  circulation 
P(i).  By  a coordinate  transformation,  it  can  also  be  related  to  the  leading-edge  suction 
distribution  along  the  span  as 
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Figure  4 shows  an  idealized  distribution  of  the  product * ~ 1 — along  with  a 
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fairly  reasonable  — 110  jO te  (upwash)  distribution  for  a cropped-delta  wing.  As  a 
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consequence,  can  be  estimated  as  shown.  Because  the  actual  circulation  dceB  not  go 

a‘"U 

to  zero  (hence  the  vortex  persists  downstream),  the  distribution  of  circulation  cannot 
be  used.  Instead,  an  average  value  i3  employed.  With  an  average  value  used  for 

, it  is  consistent  to  utilize  an  average  value  for  — n-eH 1 - q as  well.  This  result 
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can  be  expressed  in  terms  of  the  leadlng-odge-vortex-llft  factor  by 
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Employing  this  result  in  the  Kutta-Joukowskl  Law,  this  time  p'long  the  side  edge, 
permits  the  estimation  of  the  augmented  vortex  -,ift.  The  details  are 


Augmented  vortex  lift  along  one  edge  - T(i)  ~ 

2 _pwnet,se  — T~  c ^ 
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where  the  — n--^J— distribution  and  its  average  are  again  reasonably  depicted  at  the 

bottom  right  of  figure  4 and  c is  a characteristic  streamwlse  length.  By  inspection  of 
figure  4 
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Then  defining  the  augmented  vortex  lift  along  one  edge  divided  by  a as  — v >■?■-  q^S 
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Thu  term  in  brackets  results  from  the  use  of  average  values  and  amounts  to  assuming  that 
the  leading-edge-vortex-lift  factor  is  developed  at  a constant  rate  along  the  leading 
edge  length  (b/2)  sec  A,  For  cropped-delta  wings  the  value  of  c is  taken  to  be  the  length 
of  the  tip  chord. 

The  contributions  of  the  augmented  term  to  vortex  flow  aerodynamics  are 
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The  distance  x—  is  taken  to  be  from  the  reference  point  to  the  centroid  of  the  augmented 
vortex  lift.  cThis  location  is  generally  taken  to  occur  at  the  centroid  of  the  affected 
area. 

QVLM  - Mehrotra 

Figure  5,  taken  from  reference  6,  is  useful  in  explaining  this  method,  which  has 
been  developed  under  the  Langley  sponsored  effort.  Shown  on  the  left  3ide  of  this  figure 
is  a typical  planform  with  its  potential  flow  bound  and  trailing  vortex  systems  spaced 
in  a cosine  manner.  Notice  that  the  control  points  are  also  laid  out  in  a cosine 
manner;  in  particular,  such  that,  one  control  point  occurs  along  each  chordwise  row  at  the 
leading  and  trailing  edges. 

The  leading-edge  vortex  system  is  superimposed  on  the  regular  quasl-vortex-lattlce 
grid  by  using  segmented  vortex  filaments,  each  group  being  called  a vortex  element.  A 
typical  vortex  element  is  shown  by  points  A through  J on  the  right  side  of  figure  5- 
These  points  are  connected  by  the  series  of  short  straight  segments  shown.  A typical 
set  of  initial  locations  for  these  segments  is  illustrated  with  dashed  lines  and  the 
final  or  converged  locations  are  given  by  solid  lines. 

The  segments  of  the  vortex  element  have  the  following  characteristics: 

a.  Initially,  points  A through  E lie  along  a wing  trailing  vertex  filament  with  point  A 
being  one  root  chord  away  from  the  tralling-edge  (see  point  D)  in  the  downstream, 
direction,  and  the  line  segments  between  A and  D are  parallel  to  the  axis  of  symmetry. 
The  segments  B-C  and  C-D  are  0.1  cr  long.  The  length  of  each  line  segment  between 
points  A and  B remains  unchanged  as  the  solution  progresses.  In  the  final  converged 
position  which  is  determined  Iteratively  for  each  a,  these  segments  are  aligned  in 
the  direction  of  the  local  velocity  at  their  mid-points  to  satisfy  the  force-free 
condition.  Segment  B-C  is  allowed  to  move  only  in  the  vertical  direction  whereas 


segment  C-D  is  fixed  in  the  wing  plane  because  the  flow  is  parallel  to  the  chord 
plane.  Segment  D-E  is  also  fixed  in  the  wing  plane. 


b.  Points  E,  F,  G and  H also  lie  in  the  wing  plane.  The  location  of  segment  E-F  is  ahead 
of  the  wing  first  bound  element  and  is  given  in  equation  form  in  reference  6.  The 
segments  F-G  and  G-H  are  of  the  same  length  and  point  G lie3  on  the  leading-edge. 

These  segments  are  fixed  in  the  wing  plane  due  to  the  leading-edge  boundary  condition. 

c.  The  initial  location  of  point  I,  on  the  right  side  of  figure  5,  is  also  given  in 
reference  6 and  is  seen  there  to  be  a function  of  a.  Note  in  particular  the  initial 
z elevation  of  point  I at  a representative  a.  Initially  point  J is  one  root  chord 
away  from  the  trailing-edge . The  line  connecting  I and  J may  be  divided  into 
segments  of  equal  length  which  lie  in  a plane  parallel  to  the  x-z  plane.  The  initial 
height  of  these  segments  is  approximately  0.1  cr  above  the  wing  plane.  In  the  final 
converged  position  all  the  segments  between  points  H and  J are  aligned  in  the 
direction  of  the  local  velocity  vector  at  their  mld-point3  to  satisfy  the  force-free 
condition . 

d.  The  semi-infinite  segments  from  points  A to  infinity  and  J to  infinity  are  straight 
and  are  parallel  to  the  undisturbed  free-stream  direction. 

After  the  vortex  segments  have  reached  their  converged  location,  representing  a 
diffused  vortex,  then  the  circulations  associated  with  the  wing  surface  and  the  velocities 
there  are  used  to  calculate  the  lifting  pressure  distribution.  From  them  the  lift,  drag 
and  pitching  moment  are  calculated.  Additional  computational  details  are  found  in 
reference  6. 


Free  Vortex  Sheet  - Boeing 

As  part  of  its  vortex  flow  research  program  the  NASA  - Langley  Research  Center  has 
also  contracted  with  the  Boeing  Company  for  the  development  of  a free  vortex  sheet 
method.  Reference  20  gives  a good  overall  review  of  the  free  vortex  sheet  method. 
Portions  of  that  reference  are  discussed  below. 

Figure  6 shows  a typical  panel  arrangement  for  a wing  and  its  vortex  sheets.  The 
wing  is  paneled  with  biquadratically  varying  doublet  panels  and  bl. linearly  varying  source 
panels.  Zero  mass  flux  boundary  conditions^  are  imposed  on  the  wing  surface.  Also,  the 
Kutta  condition  is  satisfied  at  all  edges  if  the  wing  is  thin;  however,  the  vortex  sheet 
separation  point  can  be  moved  aft  of  the  leading  edge  to  simulate  the  effect  of  a round 
edge  on  the  separation  line. 

All  the  vortex  sheets  are  paneled  with  biquadratically  varying  doublet  panels.  Zero 
mass  flux  boundary  conditions  are  also  Imposed  on  the  free-vortex  sheet  with  the 
additional  constraint  that  the  vortex  sheet  be  locally  force  free.  The  resultant  system 
of  equations  is,  therefore,  nonlinear  because  both  the  strength  and  shape  of  the  free 
vortex  sheet  (as  had  been  the  case  for  the  trailing  vortex  filaments  of  QVLM)  are 
unknown  and  an  iterative  solution  procedure  is  necessitated. 

The  fed  sheet  is  a simplified  model  of  the  physical  vortex  core  region.  For  the 
results  presented  in  this  paper,  the  fed  sheet  is  a kinematic  extension  of  the  free 
sheet.  The  assumption  in  this  model  is  that  the  boundary  conditions  applied  to  the  free 
sheet  are  ■ dequate  to  position  the  fed  sheet.  Current  work  is  on-going  to  improve  the 
fed  sheet  model. 

The'  trailing  wake  shape  is  frozen  from  the  trailing  edge  of  the  wing  and  vortex 
sheets  to  a distance  far  downstream  of  the  trailing  edge.  The  boundary  conditions  for 
the  wake  are  that  it  supports  no  pressure  Jump,  i.e.  ACp  « 0 based  on  a first  order 
pressure  formulation.  However,  the  wing  loadings  in  the  vicinity  of  swept  trailing  edges 
(such  as  for  arrow  wings)  have  been  determined  numerically  to  be  unduly  sensitive  to 
the  trailing  edge  sweep  angle.  As  a temporary  fix  to  this  problem,  the  near  wake 
boundary  condition  may  be  imposed  utilizing  a second  order  pressure  formulation.  Future 
work  allowing  the  wake  to  bo  treated  as  a free  sheet  could  resolve  this  difficulty. 

Once  the  free  sheet  has  been  iterated  to  its  converged  location,  along  with  the 
fed  sheet,  then  the  resulting  doublet  distributions  provide  local  velocities  which  are 
then  used  to  determine  the  pressures.  Upon  Integration  of  the  net  pressures  the  over-all 
lift,  drag  and  pitching  moment  are  determined.  Additional  details  of  this  method  can  be 
found  in  references  7 and  8.  Detailed  numerical  and  experimental  evaluations  of  the 
theory  are  currently  underway  at  the  Langley  Research  Center  and  one  phase  of  this 
study  is  presented  in  reference  21. 


p 

Setting  the  mass  flux  vector  equal  to  zero  represents  a generalization  of  the  more 
common  "no-flow"  condition. 
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EVALUATION  OF  ANALYTICAL  METHODS 


This  section  offers  comparisons  between  the  previously  described  theoretical  methods 
and  available  aerodynamic  data.  Not  all  methods  will  be  employed  for  each  set  of  data 
because  (1)  the  method  may  not  be  applicable  due  to  geometrical  restriction,  or  (2)  the 
code  has  yet  to  be  exercised  successfully  for  a particular  geometry. 

The  types  of  configurations  to  be  highlighted  are  (a)  delta,  (b)  rectangular  wing, 

(c)  cropped  delta,  (d)  cropped  arrow,  (e)  arrow,  (f)  diamond,  (g)  oblique  wing,  (h)  swept- 
forward  wing,  (i)  wing-canard  and  (J ) cropped  double-delta. 


Deltas 


Subsonic  Speed 

The  estimated  and  measured  (ref.  22)  lift  and  moment  characteristics  of  an  A » 1.147, 
A = 74°,  delta  wing  at  M c 0 are  given  in  figure  7,  followed  by  two  spariwise  variations 
of  lifting  pressures  in  figure  8.  Comparison  of  Smith's  conical  flow  solution  illustrates 
strong  non-conical  flow  effects  and  emphasizes  the  importance  of  completely  three- 
dimensional  flow  methods . The  completely  three-dimensional  flow  methods  examined  all 
provided  large  improvements  over  the  conical  flow  and  are  in  generally  good  agreement 
with  the  experimental  lift  measurements.  With  regard  to  the  pitching  moment  the  QVLM- 
Mehrotra  provides  the  best  prediction. 

The  spanwise  ACp  also  show  the  nonconlcal  flow  effects  along  with  the  effect  of  the 
leading-edge  Kutta  condition.  The  comparisons  show  the  free  vortex  sheet  method  to 
better  estimate  the  actual  suction  peak  than  the  more  diffuse  representation  associated 
with  QVLM-Mehrotra . 


Supersonic  Speeds 

Because  vortex  flow  is  most  predominant  on  slender  wings  of  Interest  for 
supersonic  flight , methods  of  predicting  the  supersonic  characteristics  associated  with 
vortex  flow  are  highly  desirable.  At  the  present  time,  however,  the  suction  analogy 
appears  to  be  the  only  method  available  that  accurately  accounts  for  Mach  number  effects 
in  the  supersonic  range.  Folhamus  in  reference  23  gives  the  supersonic  formulation  of 
Kp  and  Uj  and  applies  them  in  the  suction  analogy  for  an  A - 1 delta  wing.  The 

results  for  M ■ 1.97  and  3.30  are  presented  in  figure  9 along  with  the  Incompressible 
results  for  comparison. 

The  experimental  results  substantiate,  in  general,  the  reduction  in  vortex  lift  with 
Increasing  Mach  number  predicted  by  the  suction  analogy  and  are  in  reasonably  good 
quantitative  agreement.  An  additional  point  of  Interest  is  the  fact  that  for  both 
supersonic  Mach  numbers  the  experimental  lift  slope  is  reasonably  linear  arid  at  the 
highest  Mach  number  the  theory  is  reasonably  linear.  This  linearity  when  observed 
alone  could  be  interpreted  as  an  indication  of  the  absence  of  vortex  lift.  However, 
when  compared  with  the  potential  flow  lift,  C'l  p , it  is  clear  that  the  vortex  lift  is 
present  and  that  its  nonlinear  characteristic  is  offset  by  the  opposite  nonlinear  trend 
of  the  potential-flow  lift  with  a.  It  should  be  mentioned  that  at  high  Mach  numbers  and 
angles  of  attack  the  upper  surface  vacuum  limit  will  affect  the  lift.  However,  a 
knowledge  of  the  surface  loading  is  required  before  occurrence  of  the  limit  can  be 
predicted . 


Effect  of  Sideslip 

During  the  maneuver  portion  of  a flight  envelope  asymmetric  load  distributions  can 
often  arise  due  to  sideslip  effects  and/or  rotary  motions.  The  asymmetric  load 
distributions  can  considerably  impact  the  design  of  maneuvering  aircraft  from  the 
standpoint  of  stability  and  control  as  well  as  peak  structural  load  considerations. 

However,  the  effects  of  asymmetry  and,  in  particular,  sideslip  at  high  angle  of  attack 
on  the  vortex  flow  aerodynamics  have  not  been  addressed  analytically  to  any  great  extent. 

As  a consequence,  the  designer  must  currently  rely  on  costly  and  time  consuming  wind 
tunnel  tests  to  resolve  lateral -directional  design  problems. 

To  this  end  applications  of  the  Boeing  free  vortex  sheet  method  (refs.  7 and  8) 
have  recently  been  made. for  non  zero  values  of  sideslip.  Sample  calculations  (fig.  10) 
for  a 74°  delta  wing  at  twenty  degrees  angle  of  attack  and  ten  degrees  angle  of  sideslip 
demonstrate  that  this  method  provides  reasonable  estimates  of  the  experimental  surface 
load  distributions  obtained  from  ref.  27.  Also  apparent  in  figure  10  is  the  large 
effect  of  the  nonconlcal  nature  of  the  flow  and  the  ability  of  the  theory  to  predict 
this  effect.  The  complete  Inadequacy  of  the  attached  flow  methods  for  lateral  stability 
analysis  and  loads  estimation  is  also  apparent.  Future  studies  are  planned  for 
applying  this  method  to  more  general  wing  planforms  and  for  estimating  the  vortex  flow 
effects  on  rotary  derivatives. 
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Rectangular  Wins 

As  discussed  in  a previous  section,  prediction  of  the  characteristics  of  wings  with 
finite  tip  chords  requires  the  consideration  of  the  vortex  lift  associated  with  a 
separation  Induced  tip  vortex.  Figure  11  presents  a comparison  of  experimental  and 
theoretical  subsonic  aerodynamic  characteristics  of  an  A = 1 rectangular  wing.  Also 
shown  are  the  potential-  and  vortex-lift  estimates  determined  in  reference  4.  The  figure 
shows  that  the  suction  analogy  estimates  the  experimental  data  of  reference  4 better 
than  the  other  methods.  (See  reference  4 for  a discussion  of  the  methods  in  references 
28-31.)  This  figure  also  shows  that  the  C I experimental  data  are  better  estimated  by 

01  te 

the  suction  analogy  up  to  a « 16°.  For  higher  a's,  the  data  show  a larger  nosedown 
moment  than  the  suction  analogy  estimate.  This  comparison  indicates  the  magnitude  of 
the  error  introduced  by  the  suction  analogy  in  assuming  that  the  potential  and  vortex 
lifts,  in  particular  the  leading-edge  one,  do  not  move  with  increasing  a. 

With  the  vortex  lift  from  the  side  edge  identified,  its  magnitude  estimated,  and 
good  agreement  with  experimental  data  shown,  the  vortex  lifts  on  more  generalized 
planforms  will  now  be  discussed. 


Cropped  Delta 

The  cropped  wing  shown  in  figure  12-  serves  as  a first  application  of  the  augmented 
vortex-lift  concept  in  estimating  longitudinal  aerodynamic  characteristics.  The 
augmented  lift  can  be  seen  for  this  wing  to  be  about  two-thirds  of  the  other  vortex  lifts 
levels.  Furthermore , the  magnitude  and  centroid  of  the  augmented  vortex  lift  appears  to 
be  reasonably  accurate  in  view  of  the  Improved  agreement  with  both  the  Cl  and  Cm  data. 
(For  Cm  estimates  the  augmented  vortex  lift  is  applied  at  the  centroid  of  the  side-edge 
suction  distribution  for  cropped-delta  wings.) 


Cropped  Arrow 


Direct  application  of  the  suction  analogy  methodology  to  wings  with  notched  trailing 
edges  results  in  an  overprediction  of  lift  in  the  higher  angle  of  attack  range.  This  is 
illustrated  in  figure  13,  where  it  will  be  noted  that  good  agreement  is  only  obtained  up 
to  12°  when  the  chord,  c,  used  to  define  the  augmentation  term,  is  equal  to  the  tip 
chord  (reattachment  line  is  near  tip).  At  higher  a's  the  experimental  lift  is  less  than 
predicted  apparently  due  to  a reduction  in  the  effective  2 as  the  reattachment  line  moves 
inboard.  The  combination  of  the  helical  path  of  the  streamlines  around  the  vortex  and 
the  reduced  downstream  area  associated  with  the  notch  results  in  a reduced  recovery  of 
the  edge  forces  as  vortex  lift  similar  to  the  effect  discussed  in  reference  23  for 
arrow  wings.  To  give  an  Indication  of  the  magnitude  of  the  5 effect,  a value  defined  by 
the  sketch  as  being  "original"  has  been  used  to  establish  a lower  curve.  This  "original" 
c was  proposed  in  reference  5 as  ari  approximation  to  the  higher  a effect. 

The  loss  of  the  reattachment  effect  associated  with  the  trailing  edge  notch  requires 
improved  theoretical  approaches,  and  the  free  vortex  sheet  is  one  method  which  may 
eventually  offer  a solution. 


Pointed  Wings 

The  suction  analogy  has  been  applied  to  a wide  range  of  pointed  wings.  Reference  33 
presents  data  and  theoretical  comparisons  for  75°  swept  delta,  arrow,  and  dJumond  wings 
over  a Mach  range  from  0.2  to  0.8.  The  delta  wing  data  are  well  estimated  with  the 
combination  of  potential  flow  (0?  leading-edge  suction)  and  the  direct  application  of  the 
original  leading-edge  suction  analogy  vortex  lift  term,  whereas  those  for  the  arrow  and 
diamond  wing  are  not.  However,  incorporating  the  augmented  vortex  lift  produces  improved 
agreement  with  the  Cg  and  C,«  data  as  seen  in  figures  l4  and  15  for  M ■ 0.4  and  0.8.  Note 
especially  the  smaller  sensitivity  of  the  diamond  wing  Cm  variation  with  Mach  number. 
Also,  note  that  due  to  the  slenderness  of  these  wings,  the  theoretical  curves  are  almost 
identical  for  each  wing  over  its  entire  subsonic  speed  regime.  ^3 

The  reasoning  for  an  augmented  lift  i3  easier  to  understand  when  applied  to  a 
diamond  wing  or  one  with  additional  area  aft  of  the  leading-edge  tip  than  when  applied 
to  arrow-type  wings.  However,  the  negative  value  of  augmentation  for  these  wings  should 
be  thought  of  as  a lack  of  complete  flow  reattachment  due  to  trailing-edge  notching. 

This  notching  effect  Is  well  documented  by  the  transonic  longitudinal  load 
distribution  of  a highly  swept  and  tapered  cropped-arrow  wing-body  combination  in 
reference  34.  The  distribution  shows  a sudden  loss  in  lift  Just  aft  of  the  trailing- 
edge  apex.  This  integrated  loss  is  likened  to  the  negative  value  of  augmented  vortex 


•3 

This  figure  points  out  the  large  side-edge  vortex  lift  available  in  addition  to  the 
augmented  vortex  lift  along  the  side  edges.  It  was  thought  that  if  it  were  possible 
to  turn  off  this  lift  on  one  side  that  a significant  rolling  moment  could  be  generated 
especially  at  high  a.  This  was  tested  experimentally  on  a higher  swept  cropped  delta 
wing  and  as  reported  in  reference  19  waB  determined  to  be  true. 
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Jin,  discussed  previously.  Reference  34  employer]  the  augmented  lift  concept  for  this 
combination  and  reported  Improved  agreement  with  the  data. 


Oblique  Wings 

The  oblique  wing  concept  is  currently  being  studied  as  a possible  approach  to  a 
transport  aircraft  designed  for  transonic  or  low  supersonic  cruise  speeds  (ref.  35). 

The  concept  may  also  become  of  Interest  for  highly  maneuverable  aircraft  as  well,  and  a 
need  for  theoretical  methods  of  predicting  and  obtaining  the  vortex  Tlow  of  such  wings 
may  emerge. 


Previous  applications  of  the  suction  analogy,  leading-edge  side-edge  and  augmented 
term,  have  focused  on  symmetric  flow  calculations.  However,  these  concepts  are  not 
limited  to  symmetric  flow  and  should  be  applicable  to  asymmetric  flow  provided  the 
appropriate  potential  flow  solutions  are  employed. 

The  recently  developed  Asymmetric  Vortex  Lattice  Method  (ref.  18)  has  been 
coupled  with  the  suction  analogy  to  provide  estimates  for  asymmetric  flow  situations  and, 
In  particular,  for  oblique  wings.  This  method  includes  additional  considerations  for 
the  effect  of  forward  sweep  on  side  edge  suction  and  for  the  effect  of  a skewed  plan  form 
on  augim-nted  vertex  lift  ' stlinates.  To  denionstrat"  tin.1  large  i-ffect.  of  vortex  flow 
aerodynamics  on  the  force-moment  characteristics  of  skewed  wings,  theoretical  solutions 
for-  sample  configurations  of  reference  i 8 are  compared  with  data  in  figures  16  and  17. 
This  analytical  method  is  seen  to  provide  reasonable  estimates  of  the  over-all  lift  and 
pitching  moment  characteristics  for  both  conf lgurationr.  because  of  the  effective 
realization  of  the  side-edge  and  augmented  vortex  lift  terms.  It  is  of  interest  to  note 
the  appreciable  Increments  In  lift  and  pitching  moment  due  to  vortex  flow  aerodynamics, 
the  latter  of  which  changes  sign  compared  to  attached  flow  theory.  Other  examples  can 
be  found  in  references  18  and  36.  At  the  present  time  it  appears  that  only  the  suction 
analogy  has  been  applied  oo  these  types  of  wings.  Utilization  of  the  more  advanced 
methods  which  predict  .surface  load  distributions  would  be  helpful  in  optimizing  the 
vortex  flow  aerodynamics  of  oblique  wing  designs  for  Highly  maneuverable  aircraft  or 
for  providing  analysis  capability  for  off-design  conditions  of  cruise  vehicles. 


Swept  forward  Wings 

Recent  advances  in  the  application  of  composite  material  concepts  to  wing,  design 
offer  the  possibility  of  greatly  reducing  the  weight  penalty  previously  associated  with 
the  divergence  problem  of  swepti'orward  wings  (ref.  37).  This  possibility  has  led  to  a 
renewed  interest  in  this  class  of  wings  particularly  for  maneuvering  aircraft.  Although 
practical  considerations  may  limit  the  leading-edge  sweep  angles  to  values  somewhat 
less  than  those  required  for  stable  vortex  flow  without  augmentation,  an  understanding 
of,  and  methods  of  predicting,  the  vortex  lift  characteristics  or  swept  forward  wings 
would  be  desirable. 

An  example  of  the  lift  characteristics  of  a sweptforward  wing  over  a wide  angle “ 
of-attuck  range  and  a comparison  with  a sweptback  wing  is  presented  in  figure  i8  for'  a 
coriftgurut ion  incorporating  identical  wings  tested  in  the  sweptback  (ref.  9)  and  swept- 
forward (ref.  38)  orientations.  Utilizing  the  Identical  plan form  reversed  provided 
for  the  same  aerodynamic  aspect  ratio  and  the  same  half  chord  sweep  angle  thereby 
providing  approximately  the  same  structural  aspect  ratio.  Both  wings  employed  circular 
arc  airfoils.  Included  arc  the  theoretical  estimates  based  on  the  suction  analogy. 

Since  the  effects  of  the  fuselage  are  small,  the  two  configurations  exhibit  the  same 
theoretical  potential  flow  lift  characteristics,  as  would  be  expected  from  flow 
reversibility  considerations.  Although  both  configurations  developed  comparable  levels 
of  theoretical  leading-edge  thrust,  the  sweptforward  configuration  developed  less 
theoretical  l.eading-edge  suction  due  to  the  reduced  leading-edge  sweep  angle  and  therefore 
less  theoretical  vortex  lift.  The  correlation  between  theory  arid  experiment  is  typical 
for  these  sweep  angles;  It  becomes  poor  above  approximately  12°  for  the  sweptback 
configuration  and  at  a very  low  angle  of  attack  for  the  sweptforward  configuration  due 
to  vortex  breakdown  effects.  The  net  result  for  this  wing  Is  that  less  of  the 
available  vortex  lift  Is  realized  in  the  sweptforward  than  in  the  sweptback  orientation 
due  primarily  to  the  lower  lead  1 ng-edge  sweep  angle.  If  vortex  lift  were  to  be  desired 
on  a sweptforward  wing  It  appears  that  some  type  of  vortex  augmentation  will  probably 
be  required  Inasmuch  as  the  leading-edge  sweep  angles  will  tend  to  be  limited  by 
structural  and  other  practical  problems.  However,  experimental  studies  with  higher 
leading-edge  sweep  angles  would  be  helpful  in  understanding  the  vortex  development  and 
stability  and  In  evaluating  analytical  methods. 


W lngs  in  Multiple  Vortex  Flows  / 

Turning  now  from  basic  wing  alone  and  wing-body  characteristics  the  next  two 
sections  review  some  of  the  characteristics  of  wings  In  multiple  vortex  flows.  The 
configurations  Included  In  this  category  are  canard-wing  combinations  and  double-delta 
type  wings.  Characteristics  of  the  strake-wlng  class  of  configurations  are  to  be  given 
in  the  design  portion  of  this  paper.  Inasmuch  as  the  theoretical  approaches  which 
actually  model  the  edge  separation  induced  vortex  flows  have  not  been  developed  to  the 
stage  that  they  can  be  directly  applied  to  the  various  multiple  surface  configurations, 
the  theory  used  for  data  comparison  will  be  limited  to  the  suction  analogy. 


24-13 


Canard-Wing  Configurations 

Some  of  the  studies  related  to  canard-wing  configurations  are  described  in 
references  39-^2 . Figure  19  illustrates  some  of  the  favorable  Interference  effects  and 
the  results  of  an  application  of  the  suction  analogy  prediction  method.  A double  balance 
system  was  utilized  in  the  experiment  in  order  to  separate  the  wing  and  canard  loads. 

The  configurations  shown  in  figure  19  have  a wing  that  would  usually  encounter  vortex 
breakdown  at  an  a of  about  8°  resulting  in  a large  loss  of  vortex  lift.  However,  in  the 
presence  of  the  canard,  a favorable  interference  results,  and  the  predicted  amount  of 
vortex  lift  is  realized  by  the  wing.  A contributing  factor  to  this  favorable 
interference  is  probably  that  the  spanwise  flow  induced  by  the  canard  augments  and 
stabilizes  the  wing  leading  edge  vortex  similar  to  the  effects  of  spanwise  blowing. 

This  is  confirmed  by  data  from  reference  39  for  both  the  high  canard  (z/c  = 0.185)  with 
anhedral  and  the  coplanar  one. 

In  applying  the  suction  analogy  the  potential  flow  interactions  between  the  surfaces 
have  been  accounted  for  ir.  the  determination  of  the  edge  singularity  strengths.  However, 
for  neither  configuration  has  the  augmented  vortex  lift  due  to  the  leading-edge  vortex  of 
the  canard  been  utilized.  This  omission  may  be  reasonable  for  the  high  canard  but  is, 
of  course,  questionable  in  the  coplanar  arrangement.  This  vortex  lift  was  omitted 
because  an  appropriate  method  of  determining  c has  yet  to  be  established. 

In  general  it  has  been  found  that  the  suction  analogy  provides  a reasonable  "upper 
bound"  for  the  lift  generated  on  the  wing  in  the  presence  of  a canard.  Extensions  of 
the  various  advanced  vortex  flow  modeling  techniques  to  this  class  of  configuration  is 
needed  as  an  important  step  towards  the  development  of  vortex  lift  analysis  and  design 
techniques . 


Cropped  Double-Delta 

Another  type  of  configuration  that  might  be  considered  in  the  category  of 
interferring  lifting  surfaces  is  the  double-delta  wing.  Figure  20  shows  a typical 
configuration  and  how  one  might  theoretically  model  the  various  inner-  and  outer-panel 
vortex-flow  contributions  at  both  low  and  high  a using  the  suction  analogy.  This 
modeling  applies  when  the  inner  and  outer  panels  have  a relatively  small  leading-edge 
sweep  angle  difference. 

The  necessity  for  a dependent  flow  modeling  i3  apparent  from  studies  of  surface  oil 
flow  patterns,  examples  of  which  are  shown  for  two  representative  a's.  The  oil  flows 
consistently  show  for  this  wing,  and  for  the  other  double-deltas  of  reference  10, 
evidence  of  two  primary  vortex  systems  at  low  a's,  followed  by  a merging  into  one  system 
at  high  a's. 

At  low  a's,  the  leading-edge  vortex  from  the  inboard  wing  panel  passes  ov ,r  the  root 

chord  of  the  outboard  wing  panel  and  augmented  vortex-lift  estimates  are  made  based  on 

Kv,  le(inb'd)  and  “tub'd’  or  Kv  ,E?(  inb ' d ) • Additional  augmented  vortex-lift  is  available 

at  the  tip  due  to  the  action  of  the  outboard  leading-edge  vortex,  i.e.,  Kv  t e ( oufcb ' d ) and 

6 ,,,,,  or  K — , Therefore,  the  low~a  vortex-lift  theory  combines  the 

o u t b ' a VjSelrutb’d)  ’ 

original  vortex-lift  theo. y with  the  other  two  contributors  to  vortex-flow  aerodynamics. 

. high  a's  the  assumption  is  that  the  single  primary  vortex  system  acts  over  the 
outer  panel  in  a manner  similar  tc  that  described  previously  for  the  cropped  delta.  Thus, 
the  original  c definition  is  used  as  shown  due  to  the  increasing  size  of  the  vortex  and 
the  more  inboard  location  of  the  reattachment  line,  as  well  as  the  loss  in  lift  associated 
with  the  reduction  or  flow  reattachment  area  through  trailing  edge  notching.  This  c in 
conjunction  with  the  entire  leading-edge  contribution  to  K,  provides  K . Therefore, 

V j i 6 V | S6 

combining  the  original  vortex-lift  theory  with  contributions  to  vortex  flow  aerodynamics 

K — produces  the  high  a vortex-llft  theory. 

V , I>  c 

These  u.( o new  ways  of  modeling  the  vortex  flow  aerodynamics  are  compared  in  figure 
<?1  along  v.  v the  original  method  (no  augmentation)  and  exper'mental  data  for  a cropped 
double-delta.  The  low  a theory  cues  offer  improvements  in  CL  estimation  up  to  8°  over 

the  original  theory,  and  the  high  a theory  predicts  the  better  above  a 15  16°.  However, 
these  improvements  are  not  reflected  in  any  better  estimate  of  Cm  vs  0^ . The  potential 
theory  curves  are  presented  as  a reference  to  illustrate  the  large  effects  of  vortex  lift. 


DESIGN  RELATED  RESEARCH 


At,  the  present  time,  the  development  of  aircraft  which  utilize  vortex  flow  as  a 
fundamental  aspect  of  their  design  concept  must  depend  primarily  on  extensive  and  costly 
wind  tunnel  test  programs  with  some  guidance  provided  by  a limited  experimental  data 
ba  se . 


The  purpose  of  this  part  is  to  describe  a recent  parametric  extension  to  the  data 
base  which  Is  applicable  to  strakc-wing  configurations,  present  an  analysis  method  to 
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handle  this  class  of  configurations,  and  to  review  some  preliminary  applications  of  the 
analysis  methods  directed  towards  the  optimization  of  vortex  flow  aerodynamics. 


DATA  BASF! 


Model  Description  j 

A general  drawing  of  the  model  used  for  the  present  investigation  is  presented  in  . « 

figure  22.  The  model  was  instrumented  with  two  Internally  mounted  strain  gauge  balances. 

One  balance,  referred  to  as  the  strake  balance,  measured  loads  on  the  strake  and  the 

forebody  (see  shaded  portion  of  figure  22)  and  the  other  balance,  referred  to  a3  the  main 

balance,  measured  total  loads.  The  difference  between  the  main  and  strake  balance 
measurements  would,  therefore,  be  the  loads  on  the  wing  and  afterbody,  Noninterferring 
lap  seals  prevented  air  from  bleeding  through  the  gap  between  the  forebody  and 
afterbody  segments  of  the  model  for  all  longitudinal  studies. 

The  parameters  varied  for  the  present  Investigation  were  strake  span  and  wing  sweep, 
ie  wings  had  leading-edge  sweep  angles  of  30°,  40°,  44°,  50°,  and  59.45°,  a reference 
.snect  ratio  of  2.5,  and  a reference  taper  ratio  of  0.2.  All  wings  had  the  same  area, 
span,  and  mean  geometric  chord.  They  were  untwisted  and  had  biconvex  airfoil  sections 
which  linearly  varied  in  maximum  thickness  from  6 percent  of  the  chord  at  the  wing-fuselag( 

Juncture  to  4 percent  of  the  chord  at  the  tip.  The  quarter-chord  point  of  the  wing 

hord  at  the  fuselage  was  taken  as  the  moment  reference  point  and  coincided  for  all  wings. 

The  strakes  had  maximum  exposed  semispans  of  10,  20,  and  30  percent  of  the  reference 
■ ng  semispan.  All  strakes  had  the  same  root  chord  (at  the  strake-fuselage  Juncture) 
and  had  spanwise  ordinates  which  were  identical  in  percent  maximum  semispan  (see 
references  43  and  44).  The  strakes  were  flat  plates  which,  in  accordance  with  the 
purposes  of  this  study,  had  sharply  beveled  leading-  and  side-edges  to  assure  the  strong 
formation  of  separation  induced  vortex  flows. 

The  vertical  tail  was  swept  51.7°  and  its  apex  was  situated  roughly  28  percent  of 
the  fuselage  length  aft  of  the  moment  reference  point.  The  tail  area  was  approximately  . 

14  percent  of  the  wing  reference  area.  ! 


Experimental  Results 

Although  measurements  were  obtained  for  the  entire  configuration  matrix  (including 
component  configurations),  this  section  will  focus  primarily  on  the  character '.sties  of 
the  configurations  incorporating  the  44°  wing.  The  characteristics  of  the 
configurations  Incorporating  the  44°  wing  are,  in  general,  typical  of  the  other 
configurations  tested,  but  not  discussed  herein.  Key  aerodynamic  quantities  will  be 
summarized  as  a function  of  strake  span  and/or  wing  sweep. 


Aerodynamic  Force  Characteristics 

The  longitudinal  aerodynamic  characteristics  of  the  configurations  incorporating 

either  the  44°  or  the  60°  wing  with  the  various  strakes  (as  well  as  with  no  strake)  are 

presented  in  figures  23  and  24.  In  figure  23,  the  parameters  Cr  and  (4C.)  are 

L/yiTiciA  Ij  max 

shown  for  the  configuration  incorporating  the  large  strake  with  the  44°  wing  and  will  be 
used  later  to  summarize  planform  effects.  The  addition  of  the  various  strakes  to  the 
44°  wing  resulted  in  appreciable  increases  in  lift  coefficient  at  moderate  to  high  a's. 
Because  the  isolated  60°  wing  was  sufficiently  swept  to  develop  appreciable  vortex  lift, 
the  increments  in  lift  realized  by  adding  the  various  strakes  to  this  wing  tended  to  be 
smaller  than  they  had  been  Tor  the  44°  configurations,  although  the  overall  levels  of  lift 
are  comparable. 

Even  with  the  strakes  providing  appreciable  lift  increments  at  maneuver  a's,  it  is 
of  interest  to  note  that  the  strakes  have  very  little  influence  on  the  lift  characteris- 
tics at  low  a's  (fig.  23).  The  strake  therefore  provides  a means  to  enhance  the  high-a 
i maneuver  aerodynamics  without  appreciably  Increasing  the  gust  response  during  the  low 

altitude  dash  portion  of  a mission. 

The  pitch  characteristics  of  these  same  configurations  (fig.  24)  show  that  an 

Increase  in  strake  span  extended  the  linearity  of  the  pitch  curves  to  Increased  lift 

coefficients.  However,  the  straked  configurations  exhibited  the  well  known  pitch-Up 

tendency  near  Cr  , whereas  the  wing  alone  configurations  exhibited  stable 
Li , ma  x 

characteristics.  Surface  flow  visualization  studies  (ref.  9)  indicated  that  the 
experimental  trends  discussed  herein  primarily  arise  from  two  sources;  the  vortex  lift 
, Increments  produced  by  the  strake  itself,  and  the  effects  of  the  strake  vortex  on  the 

wing  aerodynamics. 

Figure  25  summarizes  the  effects  of  strake  span  and  wing  sweep  on  the  maximum  lift 

coefficient,  C.  . The  symbols  refer  to  the  variation  of  strake  span  on  the  left 
i-i  , ms  x s 

portion  and  the  variation  of  wing  sweep  on  the  right  portion  of  tin.  figure.  For  the 
configuration  incorporating  the  50°  wing  with  the  medium  strake,  the  data,  though 
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repeatable,  seem  to  be  Inconsistent  with  the  other  results  and  are  shown  as  a dashed 
symbol.  Whili  the  effects  of  wing  sweep  on  CT  were  moderate  for  each  strake, 

Li  f Ilia  X 

adding  the  strake  to  the  wing  caused  the  maximum  lift  coefficient  to  increase  roughly 
three  times  as  fast  as  the  additional  strake  area.  Hence,  beneficial  interference 
effects  are  occurring  for  the  strake-wlng  configuration  much  as  has  been  the  case  for 
canard-wing  configuration.  (refs.  39-^2) 


I 


Interaction  Effects 


In  addition  to  the  maximum  lift  coefficient,  CT  , the  maximum  Increment  in  lift 

Lj  f Hid.  A 

coefficient  due  to  the  addition  of  a strake  to  a configuration,  (fiCL)max,  can  be  a useful 

summary  parameter.  This  parameter  is  illustrated  in  figure  2k  for  the  configuration 
employing  the  wing  with  the  large  strake  and  is  summarized  in  figure  26  for  the 
; configurations  of  the  present  investigation.  The  higher  curves  shown  in  figure  26 

) represent  the  total  value  of  (ACT)  , which  seems  to  reach  a maximum  level  in  the 

h i-i  ma  x 

: vicinity  of  ^5°  wing  sweep  for  all  three  strakes.  The  wings  having  leading-edge  sweep 

; angles  greater  than  45°  developed  higher  levels  of  vortex  lift  and,  hence,  the  increment 

■ in  lift  realized  by  adding  a strake  to  these  wings  was  less.  (This  point  was  also  shown 

f in  figure  23) . The  lower  curves  of  figure  26  represent  the  increment  in  lift  developed 

by  the  strake  with  the  wing  off  at  the  angle  of  attack  for  which  (ACL)max  occurred. 

The  increment  between  the  lower  and  upper  curves  represents  the  interference  lift 
which  can  be  seen  to  be  large  when  compared  to  the  lift  of  the  strake  Itself.  It  is 
Interesting  to  note  that  the  decrease  in  (AC.)  at  the  higher  values  of  wing  sweep 

I -i  Hla  x 

angle  seems  to  be  due  to  a loss  of  interference  lift. 

These  interference  lift  effects  result  in  an  aerodynamic  synergism  for  strake-wlng 
configurations  much  as  has  been  observed  for  canard-wing  configurations  (ref.  39)-  A 
comparative  example  of  the  synergistic  effects  is  presented  in  figure  27  between  a high 
canard  (ref.  39)  and  a coplanar  strake  (present  Investigation)  of  approximately  the 
same  area,  each  in  the  presence  of  the  same  wing  (A  * k5°).  The  canard  results  are 
for  the  configuration  which  exhibited  the  maximum  interference  lift  effects.  The 
component  loads  for  these  same  conf igurations  illustrate  that  the  wing  developed  more 
lift  in  the  presence  of  the  strake  than  it  did  in  the  presence  of  the  high  canard,  In 
addition,  the  strake  developed  more  lift  in  the  presence  of  the  wing  and  more  inter- 
ference lift  referenced  to  the  wing  off  case  than  did  the  canard.  These  combined  effects 
demonstrated  that,  for  the  configurations  of  the  present  study,  the  strake-wlng  concept 
was  preferable  to  the  canard-wing  concept  insofar  as  lift  is  concerned  due  to  increased 
favorable  interference  effects.  Because  of  the  vortex  flow,  the  drag  due  to  lift  for 
these  flat  wing  configurations  can  be  approximated  as 
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The  aforementioned  interference  lift  effects  result  in  the  strake-wing  configuration 
developing  a given  amount  of  lift  at  a lower  a than  the  canard-wing  configuration. 
Therefore,  the  strake-wlng  configuration  exhibited  lower  levels  of  drag-due-to-lift 
than  the  canard-wing. 

To  help  quantify  the  Interference  lift  effects,  a parameter,  referred  to  as  the 
additional  lifting  surface  efficiency  factor,  is  introduced.  This  parameter  accounts 
for  the  additional  lifting  surface  area  of  the  strake  or  canard  and  is  defined  as 
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where  (Cr  . . ) represents  the  experimental  total  lift  coefficient  of  a configuration 

1^  j 6 0 u W3 

• with  a strake  (or  canard),  (CL  ^ represents  the  experimental  total  lift  coefficient 

of  the  same  configuration,  but  without  the  strake  (or  canard),  S represents  the  additional 
exposed  area  of  the  strake  or  canard,  and  Sref  is  the  reference  area.  Using  the 

strake-wing  as  an  example,  the  parameter  f will  be  unity  if  the  increments  in  lift  for 
the  strake-on  configurations  divided  by  (CL  tot^w  the  same  as  the  additional  exposed 

area  of  the  strake,  Sg,  divided  by  Sref.  Figure  28  shows  the  effect  of  strake  area  on  f 

with  a for  the  4l)°  wing  and  at  a ~ 26°  for  the  range  of  wing  sweeps  tested.  Limited 
canard-wing  characteristics  are  also  included.  On  the  left  aide  of  figure  28,  it  can  be 
’ seen  for  a > 16°  that  adding  area  in  the  form  of  a strake  to  yield  a strake-wing 

configuration  is  ;in  appreciably  more  efficient  concept  (f  > 1),  due  to  favorable 
interference,  than  adding  the  same  area  by  simply  scaling  the  wing  dimensions  (f  - 1). 
Similar  calculations  of  f for  the  canard-wing  configuration  demonstrate  that,  for  roughly 
the  same  amount  of  additional  area,  the  strake-wing  concept  is  far  more  efficient  at 
producing  lift  than  is  the  close  coupled  canard-wing  concept.  The  general  trends  of  f 
on  sweep  angle  are  shown  on  the  right  side  of  the  figure  for  a a 28°  and  are  comparable 
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to  the  trends  at  other  a ' s ; of  c.ourse  the  io''el  of  the  results  will  change  with  a.  The 
decrease  in  f as  the  sweep  angle  exceeds  1)5°  corresponds  to  the  loss  of  interference 
lift  such  as  was  shown  in  figure  26  for  ^CL^max‘  Even  though  the  increments  in  lift  for 

straked  configurations  incorporating  the  60°  wing  might  equally  well  be  generated  by 
appropriate  increase  in  wing  size  (f  ~ 1),  the  straked  configurations  may  still  be 
desirable  since  the  strake  represents  a comparatively  light  structure  compared  to  the 
higher  aspect-  ratio  wing  or  canard.  Therefore,  even  when  the  aforementioned  benefits 
in  lift  due  to  Interference  effects  are  not  realized,  the  strake-wlng  should  result  In  a 
lighter  lifting  surface  concept  than  could  be  realized  by  a wing  alone  or  a canard-wing 
geometry . 

It  must  be  recognized  that  some  of  the  flow  improvement  on  the  main  wing  Induced  by 
the  strake  interference  could  also  be  accomplished  with  variable  geometry  flow  control 
devices  on  the  wing  but  at  the  cost  of  some  Increased  weight  and  complexity. 


Mach  Effects 

Up  to  0.8  Mach  number  the  compressibility  effects  on  total' lift  and  drag  coefficients 
were  shown  in  reference  9 to  be  small  for  the  configurations  employing  the  50°  wing. 
However,  as  the  Mach  number  was  Increased  to  0.8,  the  strake  loads  decreased  while  the 
wing  loads  increased  much  as  would  be  expected.  This  decrease  in  strake  lift  probably 
arose  due  to  a decreased  forward  influence  at  the  higher  Mach  numbers  of  the  favorable 
induced  effects  of  the  wing  on  the  strake. 


Lateral-Directional  Characteristics 

The  lateral-directional  aerodynamic  characteristics  of  the  configurations  incorporat- 
ing the  44°  wing  are  presented  in  figure  29.  These  body  axis  results  include  vertical 
tail  and  gap  effects  (ref.  44).  Although  the  characteristics  of  the  straked 
configurations  were  generally  stable  up  to  approximately  20°,  they  became  highly  nonlinear 
and  adverse  above  this  angle.  The  onset  and  nature  of  these  nonlinearities  Involve 
induced  effects  on  the  wing  as  well  as  sidewash  effects  on  the  tail  and  afterbody  and 
could  be  Influenced  by  the  bursting  of  the  strake  primary  vortex  ahead  of  the  wing 
trailing  edge  on  the  windward  side  prior  to  the  leeward  side.  These  results  as  well  as 
the  extensive  lateral-directional  development  involved  during  the  recently  successful 
light  weight  fighter  programs  demonstrate  the  configurational  sensitivity  of  high-a 
lateral-directional  aerodynamics  and  indicate  the  current  need  for  detailed  lateral- 
directional  experimentation  during  the  design  of  maneuvering  aircraft.  The  development 
of  analytical  methods  to  predict  these  type  of  characteristics  would  be  very  useful  in 
guiding  future  design  programs. 


THEORETICAL  ANALYSIS 


In  the  absence  of  an  accurate  method  of  actually  modeling  the  flow  on  strake-wing 
combinations  an  attempt  has  been  made  to  apply  some  of  the  suction  analogy  and 
augmentation  concepts  previously  described. 

The  surface  flow  studies  of  reference  9 demonstrated  that  at  low  a ’ s the  strake  and 
wing  leading  edge  vortices  were  Individually  distinguishable  over  the  wing.  However,  at 
high  a1 s,  the  wing  surface  flow  pattern  evidenced  one  region  of  spanwlse  vortex  flow. 
Although  the  high-a  flow  patterns  might  be  interpreted  as  implication  that  the  strake 
and  wing  vortices  had  coalesced,  additional  observations  of  the  unburst  wing  leading- 
edge  vortex  core  in  addition  to  the  strake  core  at  these  a's  suggest  that  the  wing  vortex 
had  not  coalesced  with  the  strake  vortex,  but  merely  had  been  displaced  away  from  the 
wing  upper  surface  by  the  strake  vortex,  thus,  allowing  the  strake  vortex  to  dominate 
tl.e  surface  flow  patterns.  Accordingly,  the  vortex  lift  effects  due  to  the  wing  leading- 
and  side-edge  vortices  may  be  decreased  at  high  a's  due  to  vertical  displacement. 

The  theoretical  model  of  the  vortex  lift  parameters  for  the  strake-wing 
configurations  is  presented  in  figure  30.  At  low  a's,  the  augmented  vortex  lift  for  the 
strake  itself  will  be  zero  due  to  the  mild  sweep  differential  between  the  leading  and 
side  edges  (ref.  9).  Augmented  effects  will  occur  on  the  wing  due  to  both  the  wing  and 
strake  vortices  and  may  be  expressed  as: 
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(see  figure  30).  At  high  a's,  vortex  lift  will  be  lost  by  the  strake  due  to  the  trailin'; 
edge  notch  as  would  occur  for  an  Isolated  strake.  However,  this  vortex  lift  will  not  be 
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lost  to  the  configuration;  it  will  be  recovered  by  the  wing  as  part  of  the  augmented 
vortex  lift  effect  due  to  the  strake  vortex.  To  approximate  the  length  which  the  strake 
vortex  persists  over  the  wing,  the  chord  at  the  wing  fuselage  juncture  wa3  chosen.  The 
augmented  effects  at  high  a'a  may  be  expressed  as 
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Because  vortex  lift  associated  with  the  wing  leading-  and  side-edge  vortices  may  be 
decreased  due  to  the  aforementioned  vertical  displacement  effects,  one  may  assume  that 
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as  a limiting  case. 

Correlations  between  this  new  theoretical  approach  and  experimental  lift  coefficients 
for  the  configuration  Incorporating  the  44°  wing  and  the  large  strake  are  presented  in 
figure  31.  The  high-a  vortex  flow  theory  can  be  seen  to  provide  an  accurate  estimate  of 
strake  loads  and  a reasonable  estimate  of  wing  loads  up  to  an  a where  vortex  breakdown 
occurs.  Correlations  between  theoretical  and  experimental  pitching-moment 
characteristics  (fig.  32)  show  that  the  low-  and  high-a  vortex  flow  theories  bracket 
the  data  and  provide  reasonable  estimates  of  experimental  trends. 

Similar  correlations  were  achieved  for  the  other  strake  wing  configurations  (ref.  9). 


VORTEX  FLOW  STRAKE  DESIGN  STUDY 


Cieneral  , 

In  addition  to  the  data  base  and  theory  development  study  discussed  in  the  previous 
section  an  investigation  has  been  conducted  of  a possible  method  for  selecting  vortex 
lift  strake  configurations  which  provide  a delay  in  the  adverse  effects  of  vortex 
breakdown . 

References  5 and  32  discuss  the  possibility  that  particular  planforms  may  be 
may  be  superior  in  delaying  vortex  breakdown  if  the  potential  flow  leading 
edge  suction  reaches  high  levels  near  the  tip,  implying  (by  the  suction  analogy)  high 
levels  of  vortex  lift  near  the  tip.  In  order  to  apply  this  possibility  in  the  design 
of  vortex  lift  strakes  reference  10  presents  a method  of  designing  an  Isolated  planform 
for  a specified  potential  flow  suction  distribution.  From  a 3tudy  using  this  design 
procedure  the  gothic  planform  appeared  desirable  and  t lie  study  was  then  extended  to  Include 
the  effect  of  the  interaction  between  the  wing  and  the  strake  on  the  suction  distribution. 


Strake  Shape  Effect 

In  order  to  obtain  a near  optimum  gothic  strake  semispan  for  the  Integrated 
configuration,  a study  was  done  to  size  the  strake  semispan.  Aerodynamic  solutions  for 
strake-to-wing  semispan  ratios  ranging  from  0.1  to  0.5  were  studied  using  the  VLM  code. 

The  resulting  suction  distributions  indicated  the  configuration  with  a semispan  ratio 
of  0.3  to  be  best  over-all.  Additional  considerations  must  be  made  when  the  strake-wlng 
is  Integrated  with  the  body  (see  reference  10). 

The  resulting  suction  distribution  Is  presented  on  the  left  of  figure  33  and  shows 
the  large  upwash  Influence  that  the  wing  has  on  the  gothic  strake.  The  influence  is 
most  apparent  over  the  outermost  50  percent  of  strake  semispan.  This  same  curve  appears 
on  the  right  of  figure  33  for  comparison  with  suction  distributions  resulting  from  a 
delta  strake  of  the  same  chord  and  span  and  the  large  ogee  strake  described  in  reference 
9.  It  is  Interesting  to  note  that,  from  this  figure,  the  suction  distribution  peak 
for  the  gothic  strake  in  the  presence  of  the  wing  is  the  largest  Just  as  it  was  shown 
for  the  gocnlc  wJng  of  Earnshaw  given  in  reference  10.  This  leads  to  the  conclusion 
that  the  designed  gothic  strake  may  be  a promising  shape.  All  three  strake-wing 
configurations  were  wind-tunnel  tested.  However,  before  these  results  are  discussed, 
two  water-tunnel  photographs^  of  a slightly  smaller-scaled  version  of  the  designed 
gothic  strake  attached  to  a 50°  cropped  delta  wing  are  presented  at  two  different 
a ' s at  -5°  sideslip  (figs.  3*1  and  35).  Additional  water-tunnel  photographs  of  a delta 

**The  photographs  were  taken  by  the  Northrop  Corporation  in  their  water-tunnel  and  provided 
to  NASA-Langlry  Research  Center  because  of  a mutual  Interest  in  improving  the  stability 
of  the  strake  vortex  on  strake-wing  configurations. 
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strake,  having  the  same  span  and  slenderness  ratio  as  the  gothic  strake  and  mounted  on 
the  same  wing,  are  shown  for  comparison.  In  the  photographs,  dark-colored  water  was 
introduced  near  the  strake  apex  by  means  of  a dye-probe  to  highlight  the  path  of  the 
vortex  core.  The  comparative  photographs  show  at  these  two  a'3  that  the  gothic  strake 
promoted  a vortex  core  which  persisted  farther  into  the  wing  pressure  field  before 
breaking  down  than  did  the  core  for  the  delta  strake  of  the  same  slenderness.  Similar 
results  were  obtained  at  intermediate  and  lower  a's  and  zero  sideslip.  These  early 
water-tunnel  results  of  the  designed  gothic  strake  tended  to  confirm  the  design  approach. 

With  regard  to  the  subsequent  wind  tunnel  tests  the  over-all  strake-wing-body  Cl 
and  Cm  are  presented  in  figure  36  for  the  designed  gothic  strake,  a delta  strake  of  the 
same  slenderness  ratio,  0.163,  and  the  largest  of  the  ogee  3trakes  presented  earlier. 

Both  new  strake-wl ng  configurations  were  tested  at  subsonic  speeds  on  a two-balance 
arrangement  in  the  same  manner  as  the  ogee  strake-wlng  configurations  discussed 
previously.  The  ogee  strake  had  a slenderness  ratio  of  0.237  and  was  chosen  for 
comparison  with  the  other  two  shapes  because  it  performed  best  of  all  the  ogees  tested. 
Examining  the  Cr  variations  first,  it  can  be  seen  that  over  the  initial  a range,  the 

effect  of  the  strake  shape  is  not  very  important,  but  becomes  so  near  CT  For 

Lj  y max 

instance,  the  ogee  strake  configuration  reaches  its  CT  at  the  lowest  a and  after  a 

u f max 

drop-off  retains  a constant  level;  whereas,  once  the  delta  strake  configuration  reaches 
its  cr  fche  Cr  continues  to  fall  and  reaches  the  level  of  the  ogee  strake 

Lj  , in  a X 1 j 

configuration.  The  gothic  strake  configuration  reaches  comparable  values  of  C, 

Lj  f ma  x 

with  that  of  the  delta  strake,  after  which  the  high  value  of  C.  reached  is  better 
maintained . 

All  strake-wing  curves  show  pitch-up  occurring,  but  it  is  most  severe  on  the  gothic 
strake  configuration  because  of  the  slow  progression  of  vortex  breakdown  on  the  strake 
as  shown  by  the  water-tunnel  photographs.  This  slow  progression  led  to  the  relatively 
flat  post  C.  behavior  of  its  CT  vs  a curve. 

Li  } max  Lj 


Component  Loads 

To  get  an  idea  of  how  well  the  Cl  characteristics  could  be  estimated  for  the  gothic 
strake  configuration,  the  component  loads  have  been  separated  from  the  test  data  and 
are  compared  with  various  vortex-lift  theories.  The  augmented  lift  concept  described 
previously  and  advanced  for  the  ogee-strake  configuration  is  also  employed  here.  Figure 
37  shows  that  both  the  low-  and  high-a  vortex-lift  theories  overpredict  the  strake  C,  , 
whereas,  the  high-a  vortex-lift  theory  estimates  reasonably  well  the  wing  Cl.  In  order 
to  determine  the  degree  to  which  vortex  breakdown  effects  reduced  the  lift  on  the  Btrake, 
it  was  necessary  to  accurately  extrapolate  the  pre-breakdown  lift  effectiveness  to  higher 
angles  of  attack.  This  was  done  by  extracting  the  gothic  strake  Ky  fcofc  by  a curve 

fitting  technique  and  a value  of  2.0  was  determined.  This  procedure  was  also  employed 
for  the  delta  strake  configuration.  The  ratio  of  the  strake  CI;  data  to  the  curve-fitted 
vortex-flow  theory,  c£  theory  Presente<I  in  figure  38  for  the*  previously  mentioned 

strakes  along  with  the  largest  ogee  strake  configuration,  whose  data  were  well  estimated 
by  the  high-a  vortex-flow  theory.  This  figure  shows  the  gothic  strake  to  retain  more  of 
its  vortex  lift  at  higher  a's  than  either  of  the  other  strakes  and,  moreover,  to  lose 
that  lift  less  suddenly  than  the  others.  That  explains  why  the  total  Cr  for  the  gothic 
strake-wing  configuration  is  essentially  constant  for  a >38°  in  figure  36,  even  though 
the  wing  lift  rapidly  falls  off  in  that  a range. 


VORTEX  FLOW  DRAG  STUDY 


The  previous  portions  of  this  paper  have  dealt  primarily  with  the  lift  capability 
provided  by  vortex  flow  on  slender  lifting  surfaces.  However,  while  the  high  vortex 
lift  capability  can  be  provided  with  simple  light-weight  surfaces,  it  is  generally 
accompanied  by  a drag-due-to-1 if t penalty  associated  with  the  loss  of  leading-edge  thrust 
due  to  the  leading-edge  separation.  Considerable  improvement  in  the  maneuver  performance 
of  slender  wing  aircraft  could  be  provided  if  the  wing  could  be  shaped  such  that  a 
sizeable  portion  of  the  leading-edge  thrust  could  be  recovered,  possibly  on  a cambered 
leading  edge,  while  still  maintaining  a large  portion  of  the  available  vortex  lift.  This 
concept  is  not  riew,  but  the  recent  improvements  in  vortex  flow  analysis  methods  may 
provide  at  least  design  by  analysis  capabilities  for  an  improved  implementation  of  the 
concept.  It  is  the  purpose  of  this  section  to  review  some  recent  studies  directed 
towards  this  goal,  particularly  as  5 t might  apply  to  maneuvering  aircraft  utilizing 
slender  wings  required  for  supersonic  cruise. 

The  proposal  to  develop  a wing  with  efficient  vortex  lift  becomes  a more  realistic 
goal  as  the  aspect  ratio  is  reduced  since  studies  (see  reference  t| 5 , for  example)  have 
indicated  that  on  very  3lender  planar  wings  the  lift  dependent  drag  using  vortex  flow 
can  be  less  than  1/tiA.  Figure  39  Is  taken  from  reference  45  and  shows  an 
example  for  M ■ 0.8  and  Cl  " 0.3  Indicating  that  for  sweep  angles  larger  than  83° 
measured  drag-due~to-lift  parameter  values  for  wings  with  vortex  flow  are  below  that  of 
1/nA.  There  are  two  ways  of  visualizing  this  occurrence:  (1)  in  the  "far  field"  sense, 
the  leading-edge  vortices  act  as  fluid  endplates  and  therefore  deflect  a larger  mass  of 
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air  through  a smaller  angle  to  develop  a given  lift;  and  (2)  in  the  "near  field"  sense, 
for  slender  wings,  only  a small  component  of  the  leading-edge  suction  Is  available  for 
thrust  in  attached  flow,  so  it  is  better  to  let  the  flow  separate  and  form  a vortex  to 
reduce  the  a because  of  the  additional  flow  entrainment  occurring  at  a particular  Cl. 

This  also  shows  up  in  reduced  AC^  because  AC^  «•  tan  a.  The  other  two  curves  in  figure 

39,  in  addition  to  the  1/uA  curve,  are  for  zero  percent  leading-edge  suction.  The  upper 
curve  is  based  on  attached-flow  with  zero  leading  edge  suction  (ZLESAP),  whereas,  the 
one  labeled  suction  analogy,  which  agrees  with  the  data,  assumes  that  leading-edge 
vortices  are  formed,  promoting  the  upper  surface  flow  reattachment  and  the  development 
of  vortex  lift.  The  suction  analogy  confirms  the  reduced  drag,  but  as  is  demonstrated, 
extremely  large  sweep  angles  are  required  in  order  to  accomplish  this  task,  resulting  in 
aspect  ratios  of  0.5  or  less.  Wings  in  this  aspect  ratio  range  are,  of  course 
undesirable  from  an  aircraft  range-payload  viewpoint;  thus,  improvements  in  the  drag- 
due-to-lift  parameter  for  wings  with  higher  aspect  ratio  will  be  sought  and  the 
aforementioned  concept  of  recovering  an  appreciable  amount  of  leading-edge  thrust  on 
cambered,  or  rionplanar  wings  will  be  explored. 


Theoretical  Methods  and  Assessment 

The  theoretical  methods  used  in  the  study  are  the  Smith's  (or  Barsby's)  conical 
flow  and  two  nonconical  ones,  the  vortex-lattice-method  with  suction  analogy  (VLM-SA) 
and  the  free-vortex-sheet  (Boeing).  These  methods  are  depicted  in  idealized  form  for 
rionplanar  wings  in  figure  40  and  have  been  discussed  previously.  In  the  (VLM-SA)  method 
it  is  assumed  that  the  vortex  lift  is  concentrated  along  the  leading  edge  and  therefore 
the  drag  calculations  are  expected  to  be  somewhat  optimistic  particularly  at  high  Ct's. 
The  methods  have  already  been  compared  with  data  for  a planar  delta  in  figures  7 and  8. 
The  nonconical  methods  are  compared  in  figure  *11  with  over-all  force  and  moment  data 
for  a nonplanar  delta  having  conically  cambered  leading  edges.  Pressure  distributions 
predicted  by  the  free  vortex  sheet  method  are  evaluated  in  figure  42. 

The  following  conclusions  are  drawn  from  this  study:  (1)  the  two  methods  predict 
CL  vs  a and  vs  Cm | equally  well;  (2)  the  free-vortex-sheet  method  predicts  the  Cp 

vs  Cl  results  better;  and  (3)  the  free-vortex-sheot  method  predicts  the  experimental 
spanwise  pressure  distributions  well  though  not  to  the  extent  that  might  be  expected 
from  the  overall  force  results.  This  indicates  that  there  is  still  room  for  improvement 
in  the  singularity  representation  and  flow  modeling. 


Study  of  Drag-Due-to-Llft  Parameter 

Applying  these  three  methods  to  80°  conically  cambered  delta  wings,  modeled  first 
by  Barsby  using  conical  flow  in  reference  2,  led  to  the  results  presented  in 

figure  43.  Barsby  had  noted  that  using  conical  flow  the  ACD/CL2  values  decreased  with 

increasing  camber  height  (denoted  ps  on  this  figure).  Similar  trends  are  noted  for  both 
nonconical  methods  developing  vortex  flow  as  presented  in  reference  11.  It  is 
interesting  to  note  from  figure  43  how  well  the  two  nonconical  theories  agree  for  camber 
values  up  to  0.4,  although  the  levels  are  seen  to  be  different  than  for  conical  flow 
theory  due  to  the  higher  a's  required  with  the  nonconical  flow.  The  free-vortex-sheet 
method  did  not  converge  for  p ■ 0.6  or  p ■ 1,0  at  any  a and  from  reference  11  did  not 
agree  well  with  the  VLM-SA  drag  polar  which  had  been  shown  in  that  reference  to  agree 
well  with  data. 

Figure  43  also  presents  the  attached  flow  full  suction  solution  (FLESAF)  from  the 
VLM  method  for  these  wings.  This  curve  will  be  different  than  that  for  the.  nonplanar 
optimum  (see  reference  46)  because  these  conically  cambered  deltas  are  not  optimum 
potential  flow  shapes. 

Based  on  the  general  trends  of  the  methods  and  the  accuracy  study  of  reference  11, 
it  was  decided  to  proceed  with  one  nonconical  flow  method,  that  being  the  VLM-SA,  and  a 
camber  range  of  0 < p < 0.4  for  the  remainder  of  this  study.  This  method  performs  the 
computations  with  Fhe  same  order  of  simplicity  and  cost  as  the  conical-flow  solution, 
but  with  comparable  accuracy  and  two  orders  of  magnitude  lower  cost  than  the  free- 
vortex-sheet  method. 

Figure  44  presents  the  calculated  AC^/C^  data  from  the  VLM-SA  divided  by  the  VLM 

(FLESAF)  solution  (called  K3  from  reference  11),  crossplots  at  constant  Cl,  and  the  effect 
of  sweep  at  constant  p and  Cl-  Note  on  the  left  the  steepness  of  the  slope  for  all  p 
values  with  increasing  C^.  The  range  for  the  entire  figure  is  restricted  because 

the  FLESAF  solutions  have  a C,  _„v  = 0.6.  Therefore,  on  the  cross  plot  of  K,  with  p, 
only  ■ 0.3  and  0.5  appear.  The  point  is  made  though  that  increasing  CL  or  p does 
reduce  K^.  At  the  right  for  p ■ 0.2  the  variation  with  A decreases  with  sweep  and/or 
CL  increases.  The  results  indicate  that  even  for  the  arbitrary  camber  shapes  used 

appreciable  reductions  in  drag-due-to-lift  can  be  achieved  particularly  at  the  high 
lift  coefficient  desired  for  maneuver  conditions.  Note  that  this  is  also  true  for  the 
not-so-slender  wings  of  more  practical  Interest. 
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Figure  45  is  a summary  figure  of  the  drag-due-to-lift  parameter  variation  with  C, 
for  an  80°  delta  wing  with  p * 0.4  and  Includes  solutions  due  to  two  attached  flow 
methods  and  one  vortex  flow  method.  This  figure  presents  several  interesting  pieces  of 
information:  (1)  for  FLESAF  the  (AC^/C^S)  is  almost  the  same  as  the  nonplanar  optimum 

at  Cr  « 0.2  ever,  though  the  former  i3  from  a near-field  solution;  (2)  for  ZLESAF  the 

(ACjj/Cl  ) reaches  a minimum  of  about  twice  that  of  the  nonplanar  optimum  and  its  curve 

exceeds  a value  of  1.4  for  a > 30°;  (3)  if  one  thinks  in  terms  of  going  from  the  FLESAF 
to  the  ZLESAF  curve  when  the  leading-edge  force  is  loBt,  it  13  important  to  realize  that 
for  thin  wings  with  high  sweep  the  flow  will  form  vortices  so  the  change  will  be  only 
from  the  FLESAF  to  the  suction-analogy  curve.  Thus,  the  vortex  formation  provides  a 
natural  means  of  reducing  AC^/C^  and  yields  only  a small  fraction  of  the  anticipated 

increase;  (4)  the  ACq/C^  associated  with  vortex  flow,  from  the  suction-analogy  solution, 

continues  to  decrease  over  the  a range,  whereas,  the  FLESAF  solution  result  increases 

after  its  minimum  is  reached;  (5)  due  to  the  action  of  the  vortex  flow,  much  lower  a’s 

are  required  to  reach  a given  and,  in  fact,  it  Is  not  possible  for  this  fixed  geometry 

with  FLESAF  to  reach  C.  levels  much  larger  than  shown,  since  its  Cr  is  0.597;  and 

ij  a u ) max 

(6)  the  improvement  in  ACq/C^  which  may  be  gained  by  keeping  the  flow  at  the  nonplanar 

optimum  is  difficult  to  maintain  over  the  Cl  range  because  of  the  tendency  of  the  flow 
to  separate.  However,  if  variable  geometry  devices  were  added,  primarily  near  the 

p 

leading  edge,  the  reduction  available  in  ACD/CL  would  be  the  increment  Indicated  from 

the  suction-analogy  curve.  Thus,  there  is  an  a range  for  the  vortex  flow  solution  in 
which  the  Increase  in  ACD/CL2  from  the  nonplanar  optimum  is  small  even  though  the  CL 

range  is  vastly  extended  from  that  of  the  FLESAF.  Considering  this  fact  and  recognizing 
the  extreme  difficulty  and  weight  penalty  associated  with  attempting  to  keep  the  flow 
attached,  It  may  be  best  to  let  the  flow  separate  In  the  maneuver  and  utilize  vortex 
lift.  This  approach  appears  particularly  attractive  for  supersonic  vehicles  which 
require  high  maneuver  capability  at  subsonic  or  transonic  speeds. 


VORTEX  FLOW  WING  DESIGN  USING  SUCTION  ANALOGY 


In  the  absence  of  a design  method  based  on  the  free  vortex  sheet  type  modeling  of 
the  flow,  this  section  describes  a procedure  that  uses  the  suction  analogy  in  designing 
the  mean-camber  surface  of  a wing  which  is  to  have  leading-edge  vortex  flow  with 
minimized  drag  penalty.  The  resulting  design  represents  an  optimum  shape  for  the 
assumptions  employed  Just  as  the  attached-smooth-onflow  solution  does  and  should, 
therefore,  yield  values  of  ACD/CL2  near  the  planar  or  nonplanar  optimum  depending  on  the 

wing  geometry,  Just  as  the  attached-flow  solution  does.  The  approrch  to  be  used  is 
based  on  the  assumption  that  the  optimum  vortex  lift  condition  Involves  relatively  small 
deviations  from  an  attached-snmoth-onflow  solution,  so  that  the  vortex  lift  is 
concentrated  on  the  cambered  leading  edge,  an  assumption  which  also  allows  the  suction 
analogy  to  be  employed.  Therefore,  the  techniques  used  are:  (1)  the  attaohed-smooth- 
onflow  design-code  of  reference  47,  baaed  on  the  VLM,  which  is  employed  to  obtain  a 
starting  solution  and  (2)  the  lift  and  drag  equations  from  the  VLM-SA  whioh  include 
nonlinear  contributions  from  the  circulation  in  addition  to  trigonometric  terms  involving 
a and  the  local  angle  of  attack  due  to  camber/twist,  a , 

An  expected  limitation  of  this  procedure  is  the  same  as  for  the  VLM-SA,  that  is,  the 
vortex  generated  is  assumed  to  remain  small  and  near  the  leading  edge.  Deviations  from 
this  size  and  location  will  cause  a degradation  in  ACD/C,2,  thereby  making  the  computed 
results  optimistic. 

An  outline  or  flow  chart  of  the  vortex-flow  design-code  is  given  on  figure  46.  It 
should  be  noted  that  this  design  method  is  an  iterative  one  and  not  a direct  solution  as 
in  the  attached  flow  solution.  The  outlined  solution  steps  are  as  follows:  (1)  determine 
{c^}  and  { T > from  the  linear  theory  (ref.  47);  (2)  enter  the  CONMIN  optimizer  (ref.  48) 

with  {a  } and  {f}  and  perturb  each  term  in  the  { r > ; (3)  with  the  perturbed  (D  compute 
the  pay-off  function  D1  in  terms  of  the  lift  and  drag  developed,  L and  D,  respectively; 

(4)  repeat  for  each  perturbed  (D  set  and  then  optimize  so  a3  to  minimize  D^;  (5)  with 
the  {r}  that  minimizes  determine  if  it  satisfies  the  lift  constraint  to  within  a 

tolerance;  (6)  if  not,  change  the  scaling  k by  a factor  of  ten  and  begin  repeating  with 
step  (2);  (7)  if  so,  determine  from  linear  theory  the  {a^}  called  oomPa4ible  with 

the  { r } ; (8)  compare  the  with  the  original  (a^)  to  determine  if  each  term  is  within 

a tolerance;  (9)  if  not,  make  ■ (a^).^  and  repeat  from  step  (2);  and  (10)  if  so,  then 

Integrate  using  a spline  routine  the  a( 's  associated  with  a particular  spanwise  position 

from  the  trailing  edge  forward  to  determine  the  local  elevations  along  the  chord,  i.e., 
mean-camber  lines.  Repeat  at  each  spanwise  position  then  stop.  This  entire  procedure 
for  the  example  wing  with  200  panels  requires  9 Iterations  on  { r > and  6 iterations  on 
{a(}  and  is  accomplished  in  about  400  central  processing  seconds  on  the  CDC  CYBER  175 

digital  computer. 


24-21 


Examples  of  the  results  of  this  procedure  are  given  in  figures  47  and  *18  for  a 75° 

, planar  delta  wing  at  a p “ 0.3  and  M « 0.  There  are  three  sets  of  curves  presented. 

I Two  are  vortex-flow  solutions  with  and  without  any  constraint  on  the  minimum  levels  of 

{ f } , called  side  constraints,  and  the  other  is  the  attached-smooth-onflow  solution, 
given  for  reference. 

The  detailed  results  for  the  three  solutions  on  figures  47  and  48  will  be  discussed 
1 together.  The  only  item  to  be  discussed  separately  is  found  on  figure  47  where  the 

, drag-due-to-lift  parameters  for  the  two  vortex-flow  solutions  are  seen  to  agree  well 

with  the  planar  optimum  result  of  0.2970.  However,  Just  as  in  reference  49  for  low  aspect 
ratio  wings  and  small  FL  values,  the  results  from  the  attached  flow  solution  are  slightly 
low  with  respect  to  the  planar  optimum.  Examining  these  two  figures,  it  is  obvious  that 
both  vortex-flow  solutions  lead  to  higher  Incidence  angles  inboard  and  less  outboard; 
therefore,  more  washout  is  imposed.  There  appear  to  be  two  reasons  for  this  occurrence. 
The  first  is  to  build  up  the  loading  (f/U)  inboard  and,  consequently,  the  vortex  lift  in 
i a region  where  the  planar  vortex  lift  is  typically  small.  The  second  is  that  outboard 

( where  the  planar  vortex  lift  would  be  high,  it  is  suppressed  somewhat  so  that  a ramp- 

} like  mean-camber-llne  can  be  generated.  This  camber  line  and  the  one  near  the 

! mldsemlspan  are  so  shaped  as  to  allow  the  vortex  'flow  that  develops  near  the  leading 

edge  to  generate  a force  component  which  can  reduce  the  drag.  The  effect  of  imposing  a 
1 constraint  to  keep  the  local  lift  positive,  called  side  constraint  and  assured  by  keeping 

(r/U)>0,  is  most  noticed  on  the  outermost  20  percent  of  the  wing,  especially  near  the 
wing  tip,  where,  in  order  to  keep  (r/U)>0  near  the  leading  edge,  the  chord  load  and 
camber  line  are  considerably  altered. 

There  are  two  general  observations  which  need  to  be  made  with  regard  to  the  presented 
results:  (1)  even  though  chord  loadings  (r/U)  are  graphed  for  the  attached-  and  vortex- 
flow  solutions,  it  should  be  understood  that  the  suction  pressures  associated  with  the 
separated  vortex  are  not  modeled.  They  are  only  accounted  for  in.  an  overall  manner 
through  the  suction  analogy,  which  leads  to  an  estimate  of  the  vortex-flow-aerodynamic 
results;  and  (2)  vortex-flow  mean-camber  lines  do  differ  by  more  than  a small  amount, 
except  at  mldsemlspan,  from  the  attached-flow  solutions.  This  possibility  was  not 
anticipated  and  could,  therefore,  impact  on  the  effectiveness  of  the  resulting  wing. 
However,  regardless  of  the  final  camber  design,  only  by  model  construction  and  wind 
tunnel  testing  will  an  assessment  be  possible  of  this  vortex-flow  design-procedure. 

Use  of  the  suction  analogy  must  be  considered  as  only  an  intermediate  approach  and 
a concerted  effort  should  be  made  to  develop  the  actual  flow  modeling  techniques  to  the 
stage  that  they  can  be  utilized  in  the  design  process. 


CONCLUDING  REMARKS 


This  paper  has  reviewed  some  of  the  progress  being  made  at  the  NASA  Langley  Research 
Center  in  the  development  of  both  analysis  and  design  capabilities  for  high  speed 
aircraft  which  involve  vortex  flow  and  its  associated  aerodynamic  forces  and  moments. 

With  regard  to  analysis  capabilities  various  nonconical  flow  methods  have  been  I 

described  and  evaluated  by  comparisons  with  experimental  data  for  configurations  ranging  , 

from  simple  delta  wings  to  various  strake-wing  combinations.  The  extension  of  the  j 

suction  analogy  to  arbitrary  wing  planforms  and  certain  classes  of  multiple  lifting 
surfaces  was  reviewed  and  comparisons  with  experimental  results  indicated  it  to  be  a 

reasonably  accurate  and  economical  method  when  only  the  over-all  forces  and  moments  i 

are  required.  Where  detailed  surface  pressure  distributions  are  needed,  in  addition  to 

forces  and  moments,  the  free  vortex  3heet  method  being  developed  under  contract  by  i 

Boeing  was  shown  to  offer  considerable  promise  and  should  be  further  refined  and  extended  1 

to  arbitrary  configurations.  Additional  research  is  required  to  provide  the  criteria  and 

flow  modeling  techniques  needed  to  yield  aerodynamic  estimates  at  angles  of  attack  where 

vortex  breakdown  has  occurred  ahead  of  the  trailing  edge.  This  would  be  particularly 

useful  in  establishing  maximum  lift  and  stability  and  control  characteristics. 

With  regards  to  design  related  research  the  results  of  parametric  wind  tunnel  and  j 

numerical  studies  were  presented  for  a series  of  ogee  strake-wing  combinations  and  the 
favorable  vortex  interactions  discussed.  In  addition  an  approach  to  a vortex  strake 
design  procedure  was  introduced  and  applied  to  a 3trake  design.  Wind  tunnel  tests  of 

the  design  indicated  that  it  provided  good  vortex  stability  characteristics.  I 

As  a step  towards  the  development  of  a design  procedure  to  provide  optimum  vortex 
flow  aerodynamic  performance  through  wing  surface  warp,  the  application  of  several 
analysis  theories  to  the  prediction  of  the  drag  due-to-llft  for  a series  of  conically 

cambered  delta  wings  was  described.  These  preliminary  results,  which  accounted  for  , 

trailing  edge  effects,  were  encouraging  and  Indicated  that  the  vortex  flow  drag  could 
be  reduced  towards  that  associated  with  attached  flow  either  by  increasing  conical  camber 

or  lift.  Finally  an  application  of  the  suction  analogy  in  an  approximate  design  mode  ( ‘ 

was  presented  and  the  resulting  surface  warp  shown  to  be  much  different  than  that  for 

attached  flow.  However,  the  development  of  a more  accurate  flow  modeling  design  method,  I 

possibly  based  on  the  free-vortex-sheet  approach,  is  needed  before  wings  with  highly 

efficient  vortex  lift  characteristics  can  be  designed.  ! 
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Figure  1.-  Theoretical  Methods. 


Figure  4.-  Variables  used  in  augmented 
vortex  lift  determination.  Cropped 
delta  wings,  delta  part  idealized. 
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Figure  2.-  Vortex-lift  concept:  Suction 
analogy  applied  to  leading  and  aide 
edge. 
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Figure  5.-  Quasi^vortex  lattice  method  - Mahrotra. 


Figure  6.-  Free  vortex  sheet  wethod- 
Boeing. 


Figure  3.-  Concept  of  augmented  vortex  lift 
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O DATA  (REF.  221  RN  = 1,7*  106 
□ FREE  VORTEX  SHEET  (REF.  7 ) 
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SMITH'S  CONICAL  FLOW  (REF.  11 


-10  0 10  20  30'  40  -.3  -.2  -.1  0 .1 


Figure  7.-  Longitudinal  aerodynamic  estimates 
for  a 74°  flat  delta  wing. 
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Figure  10.-  Effect  of  sideslip  on  apan^ise 
pressure  distributions  for  a 74°  flat 
delta  wing. 
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Figure  8.-  Spanwise  pressure  distribution  for 
a 74°  flat  delta  wing,  a - 20°,  M = 0. 
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Figure  11.-  Longitudinal  aerodynamic  estimates 
for  a rectangular  wing.  A - 1,  M as  0. 


' ’ Figure  12.-  Aerodynamic  characteristics  for  a 

Figure  9.-  Mach  affects  for  supersonic  cropped  delta  wing.  M ~ 0. 

vortex  lift  estimates. 


24-26 
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POTENTIAL  THEORY  O DATA  IREF  18) 
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Figure  16.-  Longitudinal  aerodynamic 

characteristics  of  a skewed  wing  planform. 
M a*  .10. 


Figure  13.-  Effect  of  c definition  cn 
lift  estimates.  M*0. 
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POTENTIAL  THEORY,  POTENTIAL  ♦ ILE  + SE  ♦ AUGMENTED! 
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Figure  17.-  Longitudinal  aerodynamic 
characteristics  of  a skewed-wing 
body  configuration.  M«.10. 


Figure  14.-  Effect  of  Mach  number  on  augmented 
vortex  lift  and  pitch,  arrow  wing. 
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Figure  IS.-  Effect  of  Mach  Timber  an 
aucjnanted  vortex  lift  and  pitch, 
diamond  v/ing. 


Figure  18.-  Effect  of  forwa’-d  sweep  on 
vortex  lift  characteristics. 
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Figure  22.-  Planfona  for  narametric 

Figure  19.-  Effect  of  canard  position  an  str  ale -wing  st'dy. 

wing  lift  characteristics  for  a carutd- 
wing  amhi  nation.  M - 0.3. 


Figure  20.-  Vertex  flow  modeling  methods 
for  double  delta  planforras.  Suction 
analogy  and  augmented  vortex  lift. 


Figure  21.-  longitudinal  erodynanic 
characteristics  for  double  delta 
planforms. 


Figure  .3.-  Effect  of  stralce  span 
wing  sweep  on  lift  characteristics. 
M » 0.3,  Ref.  9. 


Figure  24.-  Effect  of  straXe  span 
and  ving  sweep  on  pitch 
characteristics.  M « 0.3,  Kef.  9. 


Figure  25.-  Effect  of  strake  span  and 
wing  »*ep  Qi.  M = 0.3. 


Figure  28.-  Planfom  effect  an  «jViit.iana1 
lifting  surface  efficiency  factor* 

M - 0.3. 
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Figure  40.-  Vortex  flew  aerodynamic 
representation  for  nan-planar  wings. 


Figure  37.-  Estimates  of  strake  and 
wing  lift.  M *>  0.2. 


Figure  38.-  Effect  of  stroke  shape  an  i 

chaia*cterl*tice  at  high  a.  A *■  44°, 
M - 0.2,  0.3. 
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Figure  41.-  longitudinal  aerodynamic 
characteristics  for  a 74°  delta 
wing  with  conically  cambered 
leading  edges.  M =s  0. 


- 0.3,  M » 0.8,  Ref . 45. 
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Figure  42.-  Spanviee  preasuro  diatxibutictria 
for  a 74°  delta  v’ing  with  cxsiicjrlly 
cantered  leading  edges,  a « 20°,  M % 0. 
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Figure  43.-  Effect  of  carter  height 
cn  (ACj/C^2) . A * 80°,  M =<  0. 


Figure  44.-  Effect  of  delta  wing  geometry 
onKj.  M » 0;  VIM-SUCTION  ANALOGY, 

“c  " 8'  “ 10 • 


i'j  o.~  Flow  chart  of  vortex  flow 
^ design  VIM  for  drag  minimization 
with  lift  constraint. 
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0.291. VORTEX  FLOW:  NO  SIDE  CONSTRAINTS 

0.2968  VORTEX  FLOW:  WITH  SIDE  CONSTRAINT 

0.2847  ATTACHED  FLOW 


Figure  45.-  Effect  of  flow  type 
on  (ACj/Cjj2) . A - 80°, 

p “ 0.4,  M - 0;  VIM,  Nc  - 8, 
Na  - 10. 


Figure  47.-  Mean  carter  shapes 
designed  from  vortex  flew 
(auction  analogy) . A = 75°, 
D - 0.3,  1AA  - 0.2970, 

H » 0;  N - 20,  N - 10. 

C 8 


VORTEX  FLOW:  NO  SIDE  CONSTRAINTS 

VORTEX  FLOW:  WITH  SIDE  CONSTRAINTS 

ATTACHED  FLOW 


Figure  48.-  Chord  loadings  from  vortex 
flow  (suction  analogy)  design  . 

A - 75°,  C^D  - 0.3,  M - 0;  fJc  =*  20, 

N_  - 10. 
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A COMPUTATIONAL  MODEL  FOR  THE  CALCULATION  OF  THE  FLOW 
ABOUT  WINGS  WITH  LEADING-EDGE  VORTICES  *) 


H.W.M.  Hoeijmakers  and  B.  Bennekers 
National  Aerospace  Laboratory  NLR 
Antliony  Fokkerweg  2 
Amsterdam  - 1017 
The  Netherlands 


SUMMARY 

A computational  method  is  presented  for  the  calculation  of  the  incompressible  flow  about  wings  with 
leading-edge  vortices.  The  mathematical  model  replaces  the  spiralling  free  shear  layer  springing  from  the 
leading  edge  by  a free  vortex  sheet  which  is  terminated  by  a combination  of  a feeding  sheet  plus  a dis- 
crete line  vortex/sink.  The  stran^it  of  the  sink  is  related  to  the  entrainment  of  the  rotational  core  and 
derived  here  from  semi -empirical  arguments.  The  resulting  potential  flow  problem  is  solved  employing  a 
higher-order  panel  method  which  involves  some  recently  developed  ideas  for  obtaining  a numerically  effi- 
cient method  with  second-order  accuracy.  The  method  is  applied  to  the  calculation  of  the  flow  about  a 
delta  wing  at  incidence. 
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1.  INTRODUCTION 

During  the  last  fc.'.'  years  there  has  been  an  increased  interest  in  airplane  configurations  which  to  a 
certain  extent  derive  their  performance  from  flows  with  "controlled"  separation.  Such  flows  are  character- 
ized by  the  presence  of  a iteady  and  stable  separated-flow  pattern,  which  is  maintained  within  a wide  range 
of  incidence,  yaw,  etc.  and  is  more  or  less  independent  of  Reynolds  number.  Generally  Buch  flow  patterns 
are  aohieved  bv  +we  introduction  of  sharp  edges,  mostly  at  the  leading  edge  of  highly  swept  wings  or  wing- 
like  extens-  oils. 

At  such  odgeB,  as  't’l  as  at  the  trailing  or  the  side  edge  of  a wing  a free  shear  layer  is  formed  by 


*)  Ibis  investigation  was  carried  out  under  contract  for  the  Scientific  Research  Division  Directorate  of 
Materiel,  Royal  Netherlands  Air  Force. 
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the  merging  of  the  boundary  layers  flowing  off  the  upper  and  lower  surface  of  the  wing.  Under  influence  of 
the  vorticity  contained  in  it  the  free  shear  layer  rolls  up  in  a spiral  fashion  to  form  one  or  more  cores 
of  concentrated  vorticity.  In  the  trai ling-edge  case  this  mechanism  is  responsible  for  the  formation  of 
the  wake  and  trailing  vortex  pair.  In  the  side-edge  case  it  is  responsible  for  the  formation  of  the  side- 
edge  vortex,  which  is  of  particular  importance  for  rectangular  and  trapezoidal  wings  of  small  aspect  ratio. 
In  the  leading-edge  case  it  leads  to  the  formation  of  the  leading-edge  vortex  above  alender  delta-like 
wings  and  wing-stroke  combinations. 

The  interest  in  flows  with  vortex  cores  has  been  aroused  by  the  observation  that  these  cores  affect 
the  velocity  distribution  in  the  surrounding  fluid  dramatically.  If  the  cores  are  close  to  the  surface 
of  the  configuration  the  pressure  distribution  may  be  modified  in  such  a way  that  the  conventional  type  of 
boundary  layer  separation  which  often  leadB  to  the  occurrence  of  unstable  flow  patterns  is  delayed  to  a 
higher  angle  of  attack.  Moreover  it  is  observed  that  the  resulting  lift  increases  more  rapidly  with  in- 
cidence than  in  absence  of  the  vortex  cores. 

For  sharp-edged  slender  delta  wings  a stable  and  steady  flow  pattern  has  been  observed  for  angles  of 
attack  as  high  as  20  to  25  degrees,  with  the  lift  attaining  values  of  50  to  100  $ above  the  theoretical 
value  attainable  for  the  same  wing  with  rounded  edges. 

This  paper  reflects  the  first  results  of  NLR  efforts  aimed  at  setting  up  a versatile  computational 
method  for  the  calculation  of  the  airloads  on  a broad  class  of  aircraft  configurations  with  "controlled" 
separated-flow  patterns. 

In  the  literature  there  exist  already  a number  of  methods  for  the  computation  of  the  above  described 
flow  (Ref.  l).  However,  the  method  as  put  forward  by  Johnson  et  al  (Ref.  2 and  3)  appears  to  have  the  best 
prospects  for  being  oapable  of  handling  sufficient  general  configurations  efficiently.  The  method  described 
here  is  more  or  less  based  on  the  same  formulation  as  Johnson's.  The  most  notably  differences  with  the 
method  of  referenoe  2 and  3 are  the  inclusion  of  the  entrainment  effect  of  rotational  cores,  the  numerical 
scheme  for  the  calculation  of  the  so-called  influence  coefficients  and  the  iterative  procedure  for  solving 
the  system  of  non-linear  equations. 

As  a first  step  towards  a more  general  set-up,  the  flow  is  considered  about  thin  pointed  delta— like 
lifting  surfaoes  with  flow  separation  along  leading  (and  trailing)  edges.  It  is  expected  that  this  simpli- 
fied problem  will  exhibit  most  of  the  essential  features  of  the  more  general  problem  of  the  flow  about 
airplane  configurations  with  separation  along  fixed  separation  lineB. 

In  the  following  sections  are  discussed  subsequently,  the  physios  of  the  flow,  the  mathematical  formulation 
of  the  problem,  the  description  of  the  oomput at i onal  mode!)  and  the  numerical  results  obtained  with  the 
method  for  the  case  of  a delta  wing. 


2.  DESCRIPTION  OF  THE  FLOW 

In  this  section  the  physics  of  the  flow  are  described  in  some  more  detail.  As  a result  of  numerous, 
primarily  experimental,  observations  m the  past  by  amongst  others  Eamshaw  (Ref.  4)  and  Fink  and  Taylor 
(Ref.  5),  the  picture  of  thchigh-Roynolds-number  flow  about  Blender  wingu  with  regions  of  ooncentrated 
vorticity  is  well  established. 

The  shear  layer  emanating  from  the  leading-edge  of  a slender  planform  rolls  up  into  the  leading-edge 
vortex  core  (Fig.  l).  This  primary  core  is  relatively  olose  to  the  upper  surfaoe  where  it  induces  a high 
lateral  velocity,  resulting  in  a low  pressure  region  just  underneath  the  vortex  core.  The  pressure  distri- 
bution has  a favourable  gradient  on  the  portion  of  the  wing  between  the  center-line  and  position  of  the 
vortex,  which  prevents  the  occurrence  of  boundary- layer  separation  in  that  region.  Conversely,  it  has  been 
observed  experimentally  that  the  adverse  lateral  pressure  gradient  in  the  region  outboard  of  the  position 
of  the  core  oauses  a secondary  separation  and  a secondary  vortex  oore.  A further  point  worthwhile  noting 
is  the  behaviour  of  the  leading-edge  vortex  layer  downstream  of  the  trailing  edge  of  the  wing.  Because 
of  the  presence  of  voiticity  of  the  opposite  sign  the  layer  tendB  to  roll  up  in  more  than  one  vortex  oore. 

The  characteristic  feature  of  the  flow  problem  is  the  pre-dominant  effeot  that  position  and  strength 
of  the  vortex  layer  and  vortex  cores  have  on  the  surfaoe  pressure  distribution.  This  is  quite  different 
from  conventional  attached  flow  problems  where  in  most  oases  the  shape  and  position  of  the  wake  (and 
trailing  vortex  pair)  has  been  shown  to  have  little  effect  on  the  surface  pressure  distribution.  In  the 
latter  case  there  exists  a more  or  less  well-established  asymptotic  analysis  of  the  flow  for  high  Reynolds 
numbers,  which  leads  to  the  potential  flow  + boundary  layer  type  of  computational  model.  Unfortunately  a 
complete  asymptotic  analysis  is  not  available  for  the  present  type  of  flow.  This  implies  that  the  simpli- 
fications which  inevitably  have  to  be  introduced  in  a computational  model  that  is  raanagable  on  available 
computing  facilities  are  necessarily  based  on  heuristic  arguments  and  experimental  observations. 

It  is  generally  understood  (e.g.  Hall,  Ref.  6 and  Maskell , Ref.  7)  that  in  regions  away  from  the  surfaces 
of  the  configuration  the  shear  layers  and  the  cores  of  ooncentrated  vorticity  (see  Fig.  2)  the  viscous 
foroes  are  very  much  smaller  than  the  inertia  and  pressure  forces.  Hence,  in  these  regions  the  Naviei— 

Stokes  equations  are  simplified  by  dropping  the  viscous  terras  and  so  reduce  to  the  steady  Euler  equations. 

In  those  regions  where  the  svreamlinoeorigimting  at  infinity  upstream  did  not  pass  through  regions 
of  rotational  flow,  the  flow  remains  irrotational  and  is  governed  by  Laplace's  equation  (potential  flow). 

In  regions  adjacent  to  the  surface  of  the  configuration  (boundary-layer)  and  in  the  free  shear  layer’s 
viscous  forces  become  of  the  same  order  as  the  inertia  and  pressure  forces. 

In  case  of  laminar  flow  the  thickness  of  tho  boundary  layers  and  shear  layers  is  of  order  (at)  ^ 
where  t is  the  time  elapsed  uinoe  the  fluid  was  first  subject  to  viscous  foroes.  For  the  boundary  layer_t 
is  proportional  to  l/U^  where  L is  a oharact eristic  length  of  the  configuration,  hence  the- thiokneBs  of 
the  boundary  layer  is  of  order  L/Re  ft  . The  Reynolds  number  is  typically  of  order  1 rP  to  lcV?  or  more,  so 
that  the  boundary  layer  is  very  thin  and  in  first  approximation  may  be  neglected , as  is  conventional  for 
the  attached  flow  problem. 

For  the  f ree_ahear_layer  t is  proportional  to  s/Ua, where  s 1b  the  path  length  along  the  streamline 
that  emanates  from  the  leading  edge.  „ 

This  means  that  tho  thickness  is  of  order  L(s/L)  J/R«  • This  leads  to  the  following  description  of  tho 
rolling-up  shear  layero: 

(i)  Near  the  edge  of  separation  s is  of  the  order  of  L.  Here  the  thickness  of  the  shear  layer  is  neglected, 
and  as  a first  approximation  the  shear  layer  is  modelled  as  a sheet  of  infinitesimal  thickness  whioh 
contains  the  vorticity  shed,  at  the  edge.  Experimental  evidence  (Ref.  4,  5,  8)  suggests  that  in  the 
Reynolds  number  range  of  interest  this  simplification  iB  appropriate  for  say,  the  first  loop  of  the 
spiralling  free  shear  layer. 
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(ii)  As  s increases  more  and  moro  (and  becomes  s>  L)  as  the  fluid  flows  along  the  spiralling  layer,  the 
thickness  becomes  of  the  order  of  the  distanoe  between  the  subsequent  loops,  and  no  longer  a dis- 
tinct shear  layer  oan  be  observed.  In  this  way  a region  with  a continuous  distribution  of  vorticity 
is  formed.  Ibis  is  what  we  call  the  leading-edge  vortcac  core. 

Experimental  observations  (Ref.  4i  5 and  8)  and  theoretical  arguments  put  forward  by  Maskell  (Ref.  7 ) 
and  Moore  (Ref.  9)  suggest  that  the  cross-sectional  size  of  the  rotational  core  is  much  larger  than  L/Re", 
and  a weak  function  of  Reynolds  number.  This  is  in  agreement  with  the  solution  for  infinite  Reynolds  number 
(Ref.  10)  consisting  of  a tightly  wound  sheet  of  infinite  length  and  a core  of  zero  cross-sectional  size. 
Based  on  arguments  given  in  reference  9 for  the  trailing  vortex  case  it  is  possible  to  arrive  at  a mor" 
precise  estimate  of  the  Reynolds  number  dependence  of  the  Bize  of  the  leading-edge  core.  Aocording  to 
reference  9 the  distribution  of  the  circulation  inside  the  core  may  be  written  as 

r(r)  - 2 ro  q.)1  n 


where  r is  the  distanoe  from  the  center  and  f is  a measure  for  the  wing  loading.  The  power  n,  for  the  oas 
case  of  the  trailing-edge  vortex,  is  related  ?o  the  shape  of  the  spanwise  load  distribution.  In  a more 
general  formulation  which  oan  be  used  also  in  the  case  of  the  leading-edge  vortex,  this  means  that  n is 
related  to  the  distribution  of  the  shed  vorticity  along  the  shedding  edge.  It  io  argued  in  reference  9 
that  the  magnitude  of  the  radius  of  the  (axisymmetric)  core,  denoted  by  R,  is  of  the  order  of 
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In  our  case  t = s/U^,  so  that 


because  s is  of  the  order  of  L. 
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The  circulation  contained  within  the  region,  which  is  in  fact  the  strength  of  the  vortex,  is  now 
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Inside  the  core  the  flow  is  governed  by  the  Euler  equations,  exoept  for  a small  region  around  the 
oenter  with  a diameter  of  order  L/Re™  , where  the  gradients  are  such  that  viscous  forces  are  no  longer 
negligible. 

In  order  to  get  an  impression  about  the  influence  of  the  presence  of  the  oore  on  the  outer  potential 
flow,  we  consider  the  solution  for  the  case  of  invisoid  flow  inside  a Blender  axisymmetrio  conical  leading- 
edge  core,  whioh  has  been  derived  by  Stewartson  and  Hall  (Ref.  13).  From  this  solution  it  can  be  derived 
that  given  the  tangential  velocity  (i.e.  the  circulation)  there  is  an  inflow  into  the  oore,  which  in 
first  approximation  is  proportional  to  ry: 
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For  the  outer  potential  flow  a more  meaningful  quantity  is  the  integral  of  the  outflow  over  the  Bur- 
face  of  the  core,  which  in  firet  approximation  is 
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In  the  case  of  the  trailing-edge  vortex  sheet  and  an  elliptic  load  distribution  along  the  trailing 
edge  n has  the  value  l/2.  For  other  types  of  apanwisa  load  distribution  it  may  be  assumed  that  n has  a 
value  near  l/2. 

In  the  case  of  the  leading-edge  vortex  the  appropriate  value  of  n is  not  so  apparent.  The  circum- 
ferential velocity  profile  given  in  reference  13  as  solution  for  the  invisoid  flow  inaide  a oonical  oore 
indicates  that  n has  the  value  zero.  Cn  the  other  hand  the  ampirioal  relations  between  the  strength  of  the 
leading-edge  vortex  and  the  incidence  given  m reference  14,  which  presumably  represent  the  case  of  tur- 
bulent flow,  suggest  that  n has  a value  near  2/3.  Based  on  arguments  used  in  referenoe  15*  where  the  for- 
mation of  the  vortex  is  considered  as  the  limit  for  large  t of  the  impulsively  started  flad  round  a sharp 
edge,  one  would  arrive  at  a value  near  l/2. 


In  the  table  below  the  Reynolds  number  dependence  of  R,  r and  ft  is  given  for  three  characteristic  values 
of  n.  v 


n 

R 

r 
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ft 
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1/2 
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Re"J* 
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Re  - 

Re  *■> 
Re  0 
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The  table  shows  for  any  n the  size  and  strength  of  the  leading-edge  vortex  are  weak  functions  of 
Reynolds  number,  whioh  is  in  agreement  with  experiments  (Ref.  4,  5 and  3).  Hie  entrainment,  which  is  the 
product  of  the  two,  beoomes  more  Reynolds  number  dependent  as  n doorcases  to  the  limit  n equal  zero.  In 
the  latter  case  the  entrainment  effect  is,  for  largo  Reynolds  numbers,  of  the  same  order  of  magnitude  a3 
the  displacement  thickness  of  the  boundary  layer  on  the  wing.  Experimental  investigation  will  be  needed 
to  determine  the  variation  of  the  entrainment  with  Reynolds  number. 


Summarizing  it  is  concluded,  that,  for  the  range  of  Reynolds  numbers of  interest,  an  appropriate  approxi- 
mation is  to  consider  the  flow  as  inviscid  and  irrotational  with  embedded  regions  of  invisoid  rotational 
flow  of  infinitesimal  extent  (vortex  sheets)  that  represent  the  shear  layer  near  its  generating  edge  and 
of  small  but  finite  extent  (rotational  cores,  with  inflow)  that  represent  the  rolled-up  portions  of  tho 
shear  layer.  Viscous  dissipation  is  of  importance  only  in  a relatively  "mall  suboore  and  of  course  "far" 
downstream  of  the  configuration. 


3.  MATHEMATICAL  FORMULATION 

Tile  mathematical  formulation  as  presented  here  is  essential  the  same  as  given  in  reference  ? and  3, 
which  in  turn  is  backed  up  by  the  studies  of  Brown  and  Michael  (Ref.  ll)  and  Smith  (Ref.  12).  The  section 
falls  into  two  parts.  In  the  first  part  the  (outer)  potential  flow  is  modelled  and  in  the  second  part  the 
representation  of  the  core  region  is  considered. 

Potential  flow 

In  the  preceding  section  the  flow  outside  the  rotational  cort'B  has  been  reduced  to  a potential  flow 
problem,  i.e.  there  exists  a velocity  potential  <h(x,  y,  z)  which  satisfies  Laplace's  equation 


<2>  + <P  + <t>  m 0 

xx  yy  zz 


(1) 


whore  u ■ V <h 

This  equation  is  subject  to  the  following  boundary  conditions  on  the  configuration  and  vortex  sheets 
(Fig.  3) 

(i)  Zero  normal  velocity  on  the  configuration,  i.e. 

u.ir  « 0 on  sw  (2a) 

(ii ) Vortex  sheets  are  stream  surfaces,  i.e. 


(iii) 

(iv) 


u.n  =0  on  Sv 

Zero  pressure  jump  across  vortex  sheets,  i.e. 

AC  « C+  - 0 =0  on 

P P P 


Kutta  condition  at  the  edges  of  separation 


(2b) 

(3) 


u + oo  at  3Sw 


(4) 


The  Kutta  condition  at  the  edges  of  flow  separation  will  be  satisfied  implicitly  by  requiring  tho 
doublet  strength  to  be  continuous  across  the  edges  and  requiring  that  the  vortex  3hoets  leave  the  leading 
and  trailing-edges  smoothly. 

(v)  At  large  distance  upstream  no  disturbance,  i.e. 
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cos  a 
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(5) 


Treatment  of  the  core  region 

As  argued  in  the  preceding  section  the  flow  within  the  core  region  is  governed  by  the  Euler  equations. 
The  computation  of  the  inner  flow  based  on  Euler's  equations  is  beyond  the  soope  of  the  present  investi- 
gation and  a simple  representation  of  the  core  region  has  to  be  searched  for.  Since  we  are  interested 
primarily  in  the  effects  of  tho  oore  on  the  outer  potential  flow  and  not  in  the  flowfield  immediately  near 
the  oore,  a relatively  simple  representation  of  the  oore  may  suffioe. 

For  the  range  of  Reynolds  numbers  of  interest  the  diameter  of  the  oore  is  still  small  as  compared 
with  tho  oharaot eristic  dimension  of  the  wing.  A suitable  approximation  is  to  let  the  vortex  oore  shrink 
into  a (curved)  line  whioh  is  assigned  a vortex  strength  and  a sink  strength. 

The  vortex  strength  is  related  to  the  circulation  of  the  core  region  and  has  to  be  determined  as  part 
of  the  solution.  The  sink  strength  represents  the  entrainment  effect  introduced  in  the  preceding-  section. 

It  was  deduced  that  for  conical  flows  its  magnitude  in  first  approximation  is  proportional  to  the  vortex 
strength.  Bio  constant  of  proportionality  between  the  circulation  and  the  entrainment  of  the  ooru  has  been 
determined  from  preliminary  results  of  experiments  carried  out  at  the  Delft  University  of  Technology,  at 
a Reynolds  number  of  the  order  of  1CP  (Ref.  8)  to  be  of  the  order  of  .03-. 07.  (See  also  the  contribution  to 
the  Open  Discussion  of  this  Symposium,  Ref.  21 ),  Although  the  entrainment  effect  of  rotational  cores  of 
finite  extent  seems  to  be  of  considerable  magnitude  it  has  been  negleoted  in  all  existing  computational 
methods.  Hie  model  of  the  oore  region  is  made  complete  by  linking  the  vortex/sink  to  the  end  of  the  vortex 
sheet  by  meanB  of  a so-called  feeding  sheet,  which,  going  in  downstream  direction,  feeds  vorticity  into 
the  vortex  (Fig,  3). 

Bie  conditions  for  matching  the  vortex/sink  combination  within  the  outer  potential  flow  are  analogous  to 
those  applied  by  Brown  and  Miohael  (Ref.  11 ) and  Smith  (Ref.  12),  which  is  that  the  combination  of  vortex/ 
sink  and  feeding  sheet  sustains  no  resultant  force  in  the  oross-flow  plane  (Fig.  4). 


vorti 


+ f . . + F - 

sink  p 


(6) 


Since  both  the  force  on  the  vortex  and  the  foroe  on  the  sink  are  exaotly  perpendicular  and  the  force  on  the 
feeding  sheet  is  nearly  perpendicular  to  the  vortex/eink  segment,  eq.  (6)  results  into  two  equations. 
Equation  (6)  determines  therefore  the  vortex  position  in  the  oross-flow  plane.  In  the  method  of  reference  2 
and  3 the  feeding  sheet  is  taken  ae  a kinematic  extension  of  the  vortex  sheet,  while  the  length  of  the 
feeding  sheet  in  the  cross  flow  plane  is  taken  from  oonical  flow  solutions  of  Smith  (Ref.  i2)  or  from  em- 
pirical arguments. 
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4.  DESCRIPTION  OF  THE  COMPUTATIONAL  MODEL 


The  computational  method  selected  for  the  potential  flow  problem  in  the  same  as  the  one  selected  in 
reference  2,  namely  a so-called  panel  method.  The  panel  method  is  chosen  for  because  the  alternative  me- 
methods  (Ref.  l)  are  either  not  applicable  to  more  general  configurations  (the  conical  and  quasi-conical 
methods , Ref.  12,  1 6)  or  laok  such  important  capabilities  as  redistribution  of  vorticity  (the  multi- 
vortex  methods,  Ref.  17,  18). 

In  the  panel  method  the  wing  and  vortex  sheets  are  divided  into  a large  number  of  small  elements, 
which  carry  a set  of  basic  singularity  distributions.  The  strength  of  the  singularity  distributions  is 
determined  through  a collocation  technique. 

The  numeri  cal  scheme  resulting  from  the  discretization  to  be  described  shortly  has  a truncation  error 
which  is  second  order  in  the  panel  width.  Preliminary  nunerical  investigations  suggests  that  for  the 
aoouracy  level  in  mind  this  leads  to  the  most  efficient  computer  program. 


The  description  of  the  geometry 

Rather  then  performing'  the  computation  in  the  physical  (x,  y,  z)  space,  we  have  chosen  for  an  approach 
in  which  the  surface  in  space  comprising  the  wing  and  the  vortex  Bheet  is  transformed  to  a simple  rec- 
tangular computational  (s,  t)  domain  (Pig,  5 The  position  vector  x = (x,  y,  z)^  of  a point  on  the  sur- 
face is  then  given  by  the  paramoterioal  representation 
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The  transformation  is  ohOBen  suoh  that  there  is  the  following  oorrespondenoe  between  the  physical 
and  computational  domains  (only  the  starboard  side  of  the  symmetric  configuration  is  considered): 


- leading  edge  (L.E. ) 

- trailing  edge  (T.E. ) 

- apex 

- wing  surfaoe  Sj, 

- leading  edge  vortex  sheet 

- "near  wake" 

- "far  wake" 

- feeding  sheet 


0 < Q < 1 , t-1 

s - 1 , 0 < t < 1 

a ■ 0 

0 < s < 1 , 0 < t < 1 

0 < s < 1 , 1 < t < T 

1 < a < Sf 
s > Sf 

t > T 


The  ourveo  s - oonstant  lie  more  or  less  in  cross-flow  planeB  (Pig.  5)»  The  parameter  t is  chosen  as  the 
arolength  along  the  curves  s » constant  soaled  with  a quantity  bl(s)  whioh  is  the  arolength  from  t - 0 to 
t m 1 (from  oenterline  to  leading  edge)  along  the  same  ourve.  This  implies  that  T controls  the  out-off 
length  of  the  vortex  sheet,  i.e.  the  length  of  the  vortex  Bheet  in  the  cross-flow  plane  is  T times  bl(s). 
The  oross-seotional  shape  of  the  vortex  sheet  is  determined  as  part  of  the  solution  and  should 
correspond  to  the  model  explained  earlier,  i.e.  continue  for  say  one  loop.  Therefore  it  should  be  oheoked 
after  that  the  solution  for  a particular  ohoioe  of  T has  been  obtained  if  tho  shape  attained  corresponds 
sufficiently  to  the  physical  model  of  the  flow, 

Sf  is  the  out-off  distanoe  of  the  near  wake.  Its  particular  ohoioe  should  be  of  little  importance  on  the 
solution  on  the  wing. 

In  appendix  A the  geometric  description  is  dealt  with  in  some  more  detail. 


The  singularity  distribution 

The  singularity  distribution  ohosen  for  here  is  the  doublet  distribution,  which  has  the  advantage  over 
the  vorticity  distribution  that  it  is  a soalar  function  and  that  Helmholtz’s  vortex  laws  are  automatic- 
oally  accounted  for.  The  volooity  induced  at  a point  x0  by  a continuous  doublet  distribution  |i(s,  t)  on 
the  surfaoe  S defined  by  equation  (7)  is  (Pig.  6): 


u,  (x  ) ■ 
d 0 


(9) 


where  r - xQ  - x(s,  t) 

and  the  second  integral  has  to  be  evaluated  along  the  boundary  33  of  the  surface  3. 

The  doublet  distribution  ^(s,  t)  is  assumed  to  be  continuous  across  the  leading  and  trailing  edge  of 
the  wing,  zero  at  the  apex  (the  line  a - 0),  oonstant  in  s-direotion  on  the  far  woke,  constant  in  t- 
direotion  on  the  feeding  sheet,  and  continuous  aoross  s - Sf  and  t ~ T. 


The  unknowns  of  the  problem  are  then: 

- on  the  wing  : 

- on  tho  vortex  sheet  and  near  wake  : 

- on  the  vortex  : 

The  equations  which  apply  are; 

- on  the  wing  : 

- on  the  vortex  sheet  and  rear  wake  : 

- on  the  vortex  : 


n(".  *) 

n(»i  t),  y(s,  t),  z(s,  t) 

Vs'  • 


equ.  (2a) 

equ’s  (2b),  (3),  (A-4) 
equ.  (6) 


Tho  discretization 

The  way  in  tfcioh  the  problem  is  disoretized  is  the  following. 
The  computational  domain  is  divided  into  panels  by  lines 


»-<*!,  i - 1(1)*  + 1 
t -tj,  i - 1(1)* + 1 

suoh  that  ij  « tj  « 0,  “ *MW+1  ” ^ and  ®N+1  ” ®f»  ''’M+l  " ^ (Bee  7) 

The  panels  on  the  domain  representing  the  wing,  vortex  sheet  and  near  wake  are  root angular , those  on 
tho  domain  representing  the  feeding  sheet  trapezoidal.  The  total  number  of  rectangular  panels  is  NP  « M*N 
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The  midpoint  of  a panel  on  wing,  vortex  sheet  and  "near  wake",  say  panel  (i  , j)  is  assigned  an  unknown 
doublet  strength  o'1?',  where  n » (i-l)  » M + j and  in  case  of  panels  off  the  wing  also  the  geometric  un- 
knowns y(n'  and  z\n'.  Finally,  each  midpoint  of  the.vortex  segment  bounding  the  panels  of  the  feeding 
sheet  is  assigned  the  vortex  position  unknowns  yv'x'  and  z^x7. 


strips 

+ 3 * (M-MW)  + 2 unknowns  and  the  next  (N-NW)  strips  of  the 
Therefore  the  total  number  of  unknowns  amounts  to 


strips  carry  each  a total  of  N1  - MW 
wake"  carry  N2  = 3 * M + 2 unknowns. 

NT  - NW  * HI  + (N-NW)  * N2. 

By  applying  at  the  same  midpoints  the  afore-mentioned  boundary  conditions  a system  of  NT  (non-linear) 
equations  is  obtained  for  as  many  unknows.  In  order  to  set  up  the  equations  the  velocity  induced  at  the 
collocation  point  m is  written  as  (equ.  8) 
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In  equ.  (9a)  the  superscript  n denotes  that  the  integral  over  the  panel  surface  S is  considered.  Hie 
double  integral  in  equ.  (9a)  is  the  contribution  of  the  oontinuous  doublet  distrifiution,  the  first  of  the 
single  integrals  is  the  contribution  of  the  vortex  and  the  second  single  integral  is  the  contribution  of 
the  "entrainment"  corresponding  to  a sink  strength  of  e times  the  absolute  value  of  the  vortex  strength. 

The  aerodynamic  influence  coefficients  are  calculated  as  follows: 

(i ) If  the  point  ra  lies  on  the  panel  n the  integrand  is  approximated  by  a small  curvature  expansion 
and  the  resulting  expression  is  integrated  analytically. 

(ii)  If  the  point  m is  near  the  influencing  panel  n the  integral  is  approximated  by  a Causa  integration 
rule. 

(iii)  In  the  remaining  cases  the  integral  is  approximated  by  the  midpoint  rule. 

The  derivatives  of  the  doublet  distribution  p.  which  appear  in  the  expressions  are  approximated  by  finite 
differences  involving  ^-values  in  surrounding  collocation  points.  This  applies  also  to  the  derivatives  of 
the  y and  z component  of  x (s,  t)  on  the  sheet  and  the  y and  z component  of  the  vortex  position  x^a). 

Because  the  computational  domain  is  divided  into  reotangular  cells  the  finite  difference  formulas  can  be 
implemented  quite  straight  forward. 

The  method  described  above  results  in  an  economic  numerical  scheme  for  the  calculation  of  the  influence 
coefficients,  with  a truncation  error  whioh  is  quadratic  in  the  panel  width.  In  equation  (8)  only  the 
starboard  aide  of  the  configuration  is  considered.  Hie  velooity  (u,  v,  w)^  induced  at  (x,  y,  z)T  by  a 
panel  on  the  porteide  of  the  configuration  is  equivalent  to  the  velocity  (u,  -v,  w)T  induced  at  (x,-y,z)T 
by  the  symmetrically  situated  panel  on  the  starboard  side  of  the  configuration. 


Hie  system  of  non-linear  algebraic  equations 

The  system  of  NT  non-linear  algebraic  equations  is  solved  by  a quasi-Newton  method,  that  is,  if  the 
system  is  written  as 


t (X)  - o 


where  the  components  of  the  veotor  F are  the  equations  and  those  of  X the  unknowns. 

If  XI.  ’ is  a.start  vector  (k-l)  or  the  result  of  ths  previous  iteration  step,  the  increment 
X(k+1;  _ %(*■)  founij  g*  -the  solution  of 


AX 


{*  («l 


00 


(10a) 


(10b) 


or  in  matrix  notation 

[aj(k)  { aX  ) - -|R}(k)  (lOc) 

Hie  components  of  X are  arranged  spanwise  (i.e.  in  t-direction),  thus  the  first  MW  components  are  the 
unknown  doublet  strength 's  at  the  collocation  points  on  the  first  MW  panels  of  the  first  strip,  followed  by 
H'n',  y\.n),  z(n7  a-t  -the  midpoints  of  the  next  oollocaticn  point  in  t~direotion,  eto.  Following  t£e.3  un- 
knowns at  tho  midpoint  of  the  Jr"*1  panel  of  the  first  strip  are  the  2 unknown  vortex  positions  y td;  ru). 
Hie  components  of  P are  arranged,  in  the  samo  fashion,  that  is,  at  the  wing  panels  the  normal  velooity 
equation  is  applied,  at  tho  sheet  panels  the  normal  velocity  equation,  the  pressure  jump  equation  and  the 
arc length  equation  are  applied  succesively,  and  at  the  vortex  the  two  force  equations  are  applied.  This 
special  ohoioe  of  X and  F results  in  a gradient  matrix  G whioh  exhibits  a dominant  tri-blook  diagonal  struc- 
ture. The  tri-block  diagonal  structure  may  be  thought  of  as  representing  the  influence  of  a strip,  say 
strip  i,  on  itself  (the  block  on  the  diagonal)  and  of  the  influence  of  the  two  neighbouring  strips  on  that 
same  strap,  thus  strip  i-l  end  i+1  on  strip  i (the  two  off-diagonal  blocks). 

i.-,  the  present  method  the  gradient  matrix  GW  is  simplified  in  the  sense  that  only  the  elements  in 
the  dominant  blocks  are  considered.  Hie  remainder  of  the  matrix  GW  is  assumed  to  be  negligible  small  and 
is  put  equal  to  zero.  This  has  as  important  implication  that  the  approximative  of  the  matrix  g(0  is 
quite  rapidly  computed,  but  also  that  tho  system  (lOo)  of  NT  linoar  equations  can  be  solved  very  rapidly. 
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For  the  computation  of  the  elements  of  the  stripped  gradient  matrix  gOO  one  needs  in  particular  the 
derivative  of  the  induced  velocity  with  respeot  to  the  components  of  the  vector  X.  The  derivative  with 
respect  to  the  doublet  unknowns  is  readily  obtained  from  equation  (9h).  The  derivative  of  the  induced 
velocity  with  respect  to  the  unknown  geometric  parameters  is  obtained  by  analytical  differentiation  of 
equation  (9a)  followed  by  panel  wise  integration  in  the  fashion  as  indicated  for  the  computation  of  the 
induced  velocity  itself. 


5.,  NUMERICAL  RESULTS 

A computer  program  is  being  developed  to  verify  the  adequacy  of  the  method.  The  program  is  ooded  for 
the  NLR  Cyber  72-14  computer  under  NOs/BE-1.2,  has  a field  length  of  l6K  60  bits  words  of  oentral  memory 
in  a segmented  load  structure,  and  uses  magnetic  disks  for  mass-storage.  Since  all  arrays  which  contain 
the  data  related  to  the  panel  geometry,  influence  coefficients  eto. , have  variable  dimension,  the  maximum 
number  of  panels  allowed  is  determined  by  the  remainder  of  the  available  central  memory.  To  give  an 
impression  of  execution  times  involved,  the  computation  of  the  matrix  of  influence  coefficients  for  the 
250  panel  delta  wing  case  takes  375  sec  of  central  processor  time  and  the  computation  of  the  gradient 
matrix  about  550  seo  oentral  prooessor  time. 

At  the  present  time  the  code  is  still  under  testing  conditions  and  only  a limited  number  of  delta 
wing  cases  has  been  computed. 

More  r’veiioal  evaluation  will  be  needed  before  the  applicability  to  more  general  configurations  such  as 
gothio,  ogee  and  arrow  wings  (with  or  without  longitudinal  and  spanwise  camber)  oan  bfe  evaluated. 

The  results  obtained  so  far  are  for  a planar  delta  wing  of  unit  aspect  ratio  at  20  degrees  incidence. 
This  wing  has  been  chosen  as  test  oaao  beoause  of  the  ample  availibility  of  experimental  data  (Peokham, 

Ref.  19)  and  to  allow  future  comparison  with  results  of  experiments  carried  out  at  the  Delft  University 
of  Technology  (Ref.  8 and  21 ). 

The  out-off  distance  for  the  leading-edge  vortex  sheet,  denoted  by  T,  haB  been  chosen  as  1.9.  This, 
according  to  experiments  (Ref.  4,  5 and  8),  corresponds  to  1/2  to  3/4  turn  of  the  spiralling  shear  layer. 

As  a starting  solution  for  the  computation  a conical  flow  solution  of  Ehuth  (Ref.  12)  haB  been  used,  which 
is  extended  on  to  the  near  wake  in  a smooth  fashion. 

Figure  8 shows  the  load  distribution  computed  for  20  degrees  inoldence  in  comparison  with  experimental 
data  from  Peckham  (Ref.  19)  for  20.5  degrees  inoidenoe.  The  differences  in  the  oomputed  and  experimental 
results  are  of  the  same  nature  and  magnitude  as  found  by  Johnson  (Ref.  2 and  3),  and  may  partly  he  accounted 
for  by  secondary  separation  effects.  The  discrepancy  in  the  region  near  the  trailing  edge  is  thought  to  be 
due  to  the  fact  that  the  solution  for  the  wake  was  not  quite  oonverged.  The  solution  in  this  region  will 
require  more  attention  in  future  computations.  In  figure  9 are  shown  the  oomputed  pressure  distribution 
on  the  upper  and  lower  wing  surfaoe  at  x/c  - .45  and  ooopared  with  the  experimental  values  of  Peokham 
(Ref.  19)  and  Hummel  and  Redeker  (Ref.  20)  and  oompared  with  the  oonioal  solution  of  Smith  (Ref.  12). 
Furthermore  is  shown  the  position  of  the  collocation  points  for  the  same  cross-section. 

The  results  given  in  figure  8 and  9 were  obtained  for  a zero  vortex  entrainment  strength  faotor  Eq  . 
Computations  for  a relative  sink  strength  of  .01  and  .05  indicate  that  the  load  distribution  depends  quite 
strongly  on  the  sink  strength.  This  ia  illustrated  in  figure  10,  where  the  load  distribution  is  given 
for  three  different  values  of  en.  The  inclusion  of  the  "entrainment  effect"  results  in  a substantial  in- 
crease in  the  normal  force  coefficient.  For  a relative  sink  strength  of  .0  , .01  and  .05  the  oomputed 
normal  force  coefficient  attains  a value  of  .72,  .7 0 and  .95  respectively,  which  should  be  compated  with 
a value  of  about  .8  found  in  experiments.  The  inolusion  of  the  entrainment  effect  results  primarily  into 
a stronger  vortex,  but  to  not  n very  significant  change  in  the  geometry  of  the  vortex  sheet. 


6.  CONCLUDING  RIMARICS 

A computational  panel-type  method  has  been  described  for  the  flow  about  wings  with  leading-edge 
separation.  The  mathematical  model  differs  from  already  existing  ones  in  the  sense  that  the  oonoept  of 
entrainment  of  the  rotational  leading-edge  vortex  core  has  been  introduced.  This  presumably  will  result 
in  a better  simulation  of  the  effects  of  the  acre  on  the  outer  potential  flow  field. 

Results  of  preliminary  computations  for  a delta  wing  of  unit  aspect  ratio  suggest  that  the  inclusion 
of  the  entrainment  results  in  a substantial  increase  in  the  oomputed  normal  force  coefficient,  caused 
primarily  by  the  vortex  whioh  beonmea  stronger  as  the  entrainment  is  increased. 

Further  numerical  evaluation  is  needed  to  study  in  detail  the  convergence  characteristics  and  more 
in  general  the  computing  capability  of  the  method. 
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Appendix  A Geometric  description  of  wing  and  vortex  Bheet 
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In  the  present  method  the  three-dimensional  surface  comprising  the  wing  and  vortex  sheet  is  expres- 
sed as  (equation  (7)): 

I x I I i(b,  t)  I 

(A— 1 ) 

For  the  geometric  representation  of  the  wing  it  is  assumed  that  tho  surface  of  the  wing  may  he  written 
as  z ■>  z(x,  y)  where  z is  a single-valued  function  of  x and  y.  This  is  equivalent  to  choosing  both  x(s,  t) 
and  y(s,  t)  which  then  determines  z(s,  t)  uniquely.  On  the  wing  equation  (A-l)  amounts  to 

(«> 

z - z\b,  t) 

where  XL  and  Yj,  are  obtained  from  the  parametric  representation  of  the  leading  edge  x «(X,  (a) , Y»  (aj , 
ZL(a))f  and  X,j,,  Yip  from  the  parametric  representation  of  the  trailing  edge  x *■  (Xij(t ) , Ym(t),  Zj(tJ)  . 

In  the  parametric  representation  of  the  leading  edge  the  parameter  s is  the  arciengih  from  s - o to  b - s 
divided  by  the  total  arclength,  Equivalently  the  parameter  t in  the  parametric  representation  of  the 
trailing  edge  is  the  relative  arolength  along  this  edge. 

For  the  geometric  description  of  the  vortex  sheet  only  the  function  x(s,  t)  can  be  ohosen,  which  leadB  to 

Xr(s)  Mt)/o 


"I 

k : 


(A-3) 


where  now  x(s,  t)  and  the  two  unknown  functions  y(s,  t)  and  z(b,  t)  are  related  through  the  condition  that 
the  parameter  t is  the  relative  arolength  along  s ■ oonstant , namely 

-M(.)  (A-4) 


In  the  computer  program  Xl(s),  Y^(s),  Xqi(t)  and  Y<p^t)  are  fitted  by  a cubic  Reunite  polynomial  re- 
presentation on  the  so-oalled  geometric  network  in  the  (s,  t)  plane,  in  order  to  use  the  functions  XL(s) 
and  X<r(t)  for  s greater  than  1 and  t greater  than  1 respectively  the  functions  are  continued  smoothly  into 
the  domain  which  represents  the  vortex  sheet.  Over  one  interval  of  the  geometrio  network  Xl(b)  joins 
smoothly  with  a linearly  increasing  function  and  Xj(s)  with  a oonstant  function. 

In  the  computer  program  the  wing  surfaoe  is  input  as  values  of  x and  z for  constant  y.  Therefore  the  sur- 
face is  first  determined  as  a bi-oubio  Hermite  representation  of  x divided  through  tho  local  chord  and  y. 
Given  z in  this  way  and  x and  y as  a funotion  of  s and  t as  in  equation  (A-2)  the  bi-oubic  representation 
of  Z(s,  t)  on  the  geometric  network  is  readily  obtained. 

lhe  function  bl(s)  which  appears  in  equation  (A-4)  and  vtoioh  is  easily  obtained  for  s < 1 (on  the  wing) 
is  extended  onto  the  wake  in  some  suitable  chosen  way.  Par  the  moment  it  is  taken  as  constant  one  interval 
length  of  the  geometrio  network  beyond  the  trailing  edge.  If  one  would  like  to  study  the  more  oomplex  wako 
roll-up  behind  the  trailing  edge,  bl(s)  would  have  to  inorease  more  rapidly  with  e.  The  position  of  the 
vortex/sink  combination  is  given  by  i - x (s)Xqi(T)/o 

“ M8)  (A-5) 

“ M8) 

where  yv(s)  and  Zyfs)  are  to  be  determined  as  part  of  the  solution. 
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Subcritical  Drag  Minimization  for  Highly  Swept  Wings 
with  Leading  Edge  Vortices 
by 

E.  N.  Tinoco  and  H.  Yoshlhara 
The  Boeing  Aerospace  Company 
P.  0.  Box  3999 
Seattle,  WA  98124 


SUMMARY 

A method  Is  sought  to  Improve  the  subsonic  lift  to  drag  ratio  of  supercruiser  type  wings  at 
sufficiently  large  lifts  for  which  flow  separation  cannot  be  avoided.  In  the  presence  of  the  resulting 
leading  edge  vortex,  minimum  drag  due  to  lift  is  no  longer  dictated  by  spanwise  load  distribution  alone 
but  is  also  a function  of  the  chordwise  loading.  For  the  resulting  nonlinear  problem  a higher  order 
panel  method  utilizing  a vortex  sheet  model  is  used  to  search  for  an  "optimal"  design.  A brief  outline 
of  the  computational  method  Is  given  followed  by  examples  validating  the  procedures.  Results  of  the 
search  for  an  "optimal"  camber  are  discussed. 

1.  INTRODUCTION 

Our  objective  is  the  improvement  of  the  subsonic  lift  to  drag  ratio  of  supercruiser  type  wings  at 
sufficiently  large  lifts  for  which  flow  separation  cannot  be  avoided.  Since  such  wings  are 
characterized  by  large  leading  edge  sweep,  low  aspect  ratio,  and  sharp  leading  edges,  significant  lift 
generation  without  large  accompanying  drags  will  be  a difficult  task.  It  is  clear  that  sufficient 
deflection  of  a conformal  leading  edge  flap  can  be  provided  to  prevent  leading  edge  separation,  but  for 
the  large  lifts  of  interest,  the  required  deflection  is  so  severe  that  separation  downstream  of  the 
"hinge  line"  cannot  be  avoided.  Since  such  separations  are  highly  detrimental  and  usually  ill  behaved, 
it  is  preferable  to  waive  leading  edge  attachment  and  permit  the  flow  to  form  a stable  leading  edge 
vortex  system.  Preferability  of  such  controlled  separations  was  recognized  early  by  Maskell  and 
Kuchemann,  Ref.  1.  With  such  leading  edge  vottices  present,  the  dilenma  is  that  the  usual  attached  fl 
optimization  procedures  based  upon  the  superposition  of  elemental  flows  can  no  longer  be  used.  Thoi 
the  flow  equation  Is  still  linear,  the  problem  is  rendered  non-linear  by  the  contact  conditions  on  the 
floating  separation  vortex  sheet. 

For  a general  non-planar  lifting  system,  the  minimum  drag  for  a given  lift,  according  to  Jones 
(Ref.  2),  is  achieved  when  the  trailing  vortex  system  moves  uniformly  downward  in  the  far  downstream 
Trefftz  plane  where  the  streamwise  variation  of  the  flow  becomes  insignificant.  This  reduces  In  the 
simplified  case  of  a planar  trailing  vortex  system  to  the  following  consequences: 

O 

1.  The  minimum  drag  is  known  being  equal  to  Cj^  /(  it  AR).  (Nonplanar  lifting  systems  can  of 
course  have  lower  drag  due  to  lift), 

2.  This  Is  achieved  when  the  spanwise  loading  is  elliptic,  Independent  of  the  chordwise  pressure 
distribution.  (The  optimal  camber  is  therefore  not  unique). 

In  contrast,  we  have  the  following  less  fortunate  situation  for  the  leading  edge  vortex  flow: 

1.  The  minimum  drag  for  a given  lift  is  a priori  unknown. 

2.  The  optimal  condition  of  the  uniform  downwash  in  the  Trefftz  plane  still  applies  but  is  not 
explicitly  translatable  into  the  optimal  loading  or  camber  shape. 

The  causes  for  the  above  difficulties  are  clear.  First,  the  minimum  drag  cannot  be  determined  by  a 

Trefftz  plane  analysis  since  the  trace  of  the  separation  vortices  is  not  known  in  advance  being 

dependent  upon  the  optimum  camber  which  itself  is  being  sought.  Second,  assuming  that  the  trace  of  the 
separation  vortices  in  the  Trefftz  plane  can  be  approximated,  one  can  determine  the  vorticity 

distribution  along  this  trace  to  fulfill  the  uniform  downwash  condition,  but  there  is  no  simple  way  to 

trace  the  trailing  vorticity  upstream  from  the  Trefftz  plane  to  the  wing  planform  to  construct  the 
optimal  pressure  distribution. 

In  contrast  to  the  attached  flow  case,  the  optimum  pressure  distribution  Is  no  longer  defined  only 
by  its  spanwise  load  distribution.  Its  chordwise  variation  is  now  significant,  since  the  vorticity  shed 
along  the  leading  edge,  as  well  as  along  the  trailing  edge.  Is  a function  of  the  overall  flow  including 
the  positioning  of  the  separation  vortices.  This  then  would  suggest  that  the  optimum  camber  may  no 
longer  be  non-unique  in  contrast  to  the  attached  flow  case. 

In  the  above  situation  the  optimization  procedure  at  this  stage  must  assume  a relatively  laborious 
searching  process,  wherein  meaningful  elemental  camber  patterns  are  parametrically  combined  to  minimize 
the  drag  for  a given  lift.  Such  a search  would  be  guided  by  monitoring  the  chordwise  plots  of  the  drag 
component  of  the  pressure  at  several  span  stations  and  possibly  by  the  Trefftz  plane  downwash. 

Helpful  in  the  search  process  are  several  earlier  studies  by  Kuchemann  (Ref.  3),  Lee  (Ref.  4), 
Barsby  (Ref.  5),  and  Polsson-Quinton  (Ref.  6).  More  recently  Lamar  (Ref.  7)  developed  an  optimization 
procedure  using  the  Polhamus  suction  analogy  to  model  the  vortex  flow.  These  contributions  have 
suggested  the  use  of  nose-down  leading  edge  camber  to  provide  a forward-facing  surface  upon  which  the 
high  suctions  generated  by  the  leading  edge  vortices  would  act  to  reduce  the  drag.  Such  leading  edge 
camber  would  of  course  also  reduce  the  strength  of  the  leading  edge  vortex,  so  that  Lee  and  more 
recently  Paulson  and  Middleton  (Ref.  8)  have  suggested  the  addition  of  a small  nose  tab  to  control  the 
leading  edge  vortex  strength  independent  of  the  nose-down  leading  edge  camber. 
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Lamar  found  additionally  the  Importance  of  providing  a wing  washout,  that  Is  decreasing  the  local 
angle  of  attack  in  the  tlpward  direction.  Such  a result  is  physically  rot  surprising,  since  washout  is 
simply  a means  of  taking  advantage  of  the  large  induced  upwash  in  the  outboard  region  of  the  wing.  The 
Polhamus  suction  analogy  used  by  Lamar  has  been  shown  to  predict  successfully  the  measured  overall 
forces  and  moment  over  a wide  range  of  cases.  However  It  overly  biases  the  nose  suctions  to  the  leading 
edge,  thereby  tending  to  overweight  the  nose  camber  in  the  optimization  process. 

In  any  search  process,  it  is  essential  to  have  on  hand  a reliable  computing  method  that  will 
reasonably  predict  the  pressure  distribution,  since  the  optimization  procedure  is  simply  the  proper 
mating  of  the  local  pressure  with  the  local  surface  slope.  Additionally  it  would  be  desirable  to  have  a 
procedure  requiring  modest  computer  time  since  many  cases  usually  must  be  computed. 

Several  theoretical  approaches  with  varying  degrees  of  sophistication  and  success  have  been 
investigated.  The  first,  attempts  (Refs.  9,  10,  and  11)  were  based  on  slender  body  and  conical  flow 
theory  in  which  the  trailing  edge  Kutta  condition  was  Ignored.  These  were  followed  by  fully  three 
dimensional  solutions  in  which  the  vortex  is  represented  by  single  or  multiple  line  vortices.  Refs. 
12-16  or  by  a vortex  sheet  Refs.  17  and  18.  The  method  presented  in  this  paper  is  an  improvement  of  the 
vortex  sheet  method  of  Weber  and  Johnson,  et  al..  Ref.  17  and  18. 

In  the  following,  a brief  description  of  this  method  and  its  improvements  will  be  given  followed  by 
several  test-theory  comparisons  validating  the  method.  The  results  of  the  search  for  the  "optimal" 
camber  conclude  the  paper. 

2.  DESCRIPTION  OF  THE  COMPUTER  PROGRAM 

The  leading  edge  vortex  program  used  is  an  Improved  version  of  the  earlier  Boeing/NASA  Leading  Edge 
Vortex  Program  described  in  detail  in  Refs.  17  and  18.  A detailed  account  of  the  improved  code  will 
appear  shortly,  so  only  a condensed  description  is  given  here.  Wing-fuselage  configurations  can  be 
treated  by  this  computer  program,  but  the  wing  leading  edge  sweep  must  be  sufficiently  uniform  that  only 
a single  vortex  sheet  is  shed  along  each  leading  edge.  That  is,  severe  breaks  in  the  leading  edge,  must 
therefore  be  excluded. 

The  modeling  of  the  leading  edge  vortex  sheet  used  is  essentially  that  of  Smith  (Ref.  9).  The 
essential  elements  (Figure  1)  are  the  free  sheet  emerging  from  the  leading  edge,  the  core  vortex,  and 
the  fed  sheet  connecting  the  two.  The  vortex  sheet  from  the  trailing  edge  is  modeled  in  the  planar 
fashion. 

The  flow  Is  described  by  the  subcrltical  small  disturbance  potential  equation  with  the  following 
boundary  and  Interface  conditions. 

1.  The  flow  must  be  parallel  to  the  wing-body  surface. 

2.  The  free  sheet  and  the  trailing  vortex  sheet  must  be  aligned  with  the  streamlines  with 
continuous  pressures  across  the  sheets. 

3.  Along  the  wing  perimeter,  the  Kutta  condition  must  be  fulfilled. 

4.  On  the  traverse  cut  of  the  fed  sheet  and  core  vortex,  the  net  pressure  force  must  be  zero. 
(Zero  local  loading  on  the  fed  sheet  cut  is  not  required). 

When  the  flow  tangency  condition  on  the  configuration  is  expressed  as  a zero  normal  mass  flux  condition 
and  the  pressure  coefficient  expressed  to  second  order,  the  above  boundary  value  problem  transforms  to 
the  incompressible  case  when  the  GBthert  rule  is  applied  (Ref.  19), 

To  solve  the  resulting  Incompressible  problem,  a higher  order  panel  method  Is  used.  A typical 

paneling  scheme  is  shown  in  Figure  2.  Here  quadratic  doublet  distributions  are  used  to  represent  the 

wing,  the  free  and  fed  sheets  and  tne  wake.  Linear  source  distributions  are  used  to  represent  the  body 
and  the  wing  thickness. 

In  the  earlier  leading  edge  vortex  code,  flat  panels  and  six  degrees  of  freedom  quadratic  doublet 
splines  were  used.  These  would  sometimes  result  in  geometric  mismatches  between  panels  and 

discontinuities  of  the  singularity  strengths  across  the  panel  edges,  These  In  turn  led  to  the 

generation  of  Infinite  upwash  at  the  panel  edges  which  usually  contaminated  the  velocities  at  the 
control  points  to  produce  unsatisfactory  solutions.  In  the  improved  code,  the  flat  panels  have  been 
replaced  by  hyperbolol dal  (hyperbolic-paraboloid)  panels  to  ensure  matching  along  the  entire  panel 

edges.  The  doublet  distributions  have  been  upgraded  to  nine  degrees  of  freedom  splines.  This  results 

In  a continuous  quadratic  doublet  distribution  instead  of  the  plece-wiso  continuous  distribution 

previously  used.  These  changes  have  resulted  In  a more  reliable  code  for  calculating  leading  edge 

vortex  flows  on  twisted  and  cambered  configurations. 

With  this  abbreviated  background,  let  us  next  proceed  to  the  solution  procedure.  The  basic 
difficulty  Is  that  the  location  of  the  separation  vortex  system  is  a priori  unknown.  The  solution  must 
therefore  be  carried  out  by  an  Iterative  procedure  starting  with  an  approximate  location  of  the  leading 
edge  vortex.  For  this  purpose  the  conical  vortex  configuration  determined  by  Smith  (Ref.  9)  Is  used. 
In  general  the  procedure  Is  to  determine  first  the  doublet  strengths  to  fulfill  all  of  the  boundary 
conditions  except  for  the  streamline  alignment  conditon  on  the  free  sheet  and  the  force  condition  on  the 
fed  sheet  and  core  vortex.  The  latter  conditions  are  then  addressed  by  relocating  the  free  and  fed 
sheets  while  upgrading  the  doublet  strengths  by  a linearized  approximation.  With  the  resulting  upgraded 
leading  edge  vortex  location  and  the  upgraded  doublet  distribution,  the  iterative  procedure  is  repeated 
until  the  required  convergence  is  obtained. 
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More  specifically  the  above  successive  approximation  procedure  can  be  described  in  terms  of  the 
functional  equations  symbolically  representing  the  boundary  conditions  defined  as  follows: 


F(p;6,A,p)=0 

G(p;e,A,v)=o 


/ o Flow  tangency  on  configuration. 
7 o Kutta  condition  on  wing. 

( o Contact  conditions  on  trailing 
vortex  system. 

o No  load  condition  on  free 
sheet. 


H(p;e,x,v)*o 


o Flow  tangency  on  free  sheet. 


I(p;9,X,v)=0 


o Force  condition  on  fed  sheet 
and  core  vortex. 


Here  p is  the  panel  doublet  strength;  and  6 , A , and  v are  variables  defining  the  free  and  fed 
sheets  in  a transverse  cut  where  e is  the  panel  slope,  A scales  the  free  and  fed  sheets  as  a whole, 
and  v scales  the  fed  sheet  separately  (see  Figure  3).  The  problem  is  now  to  determine  p , 0 , 

A , and  v such  that  the  above  boundary  conditions  are  fulfilled. 


As  described  earlier,  the  first  step  is  to  determine  p - p0  which  fulfills  F = G « 0,  given  the 
conical  leading  edge  vortex  calculated  by  Smith  and  defined  by  e0 , A0,  and  Vg.  To  define  the  next 
approximation,  perturbations  Ap,Afl,AA,  and  A v about  ( p0»  So  > *o » ‘'o)  are  introduced  in  the  above 
boundary  conditions,  and  the  resulting  equations  expanded  to  first  order  in  the  perturbation 
quantities.  That  is, 


Fq  ♦ Fj,Ap  + F^AS 

♦ ^ 

+ F„Av  ■ 

0 

Gq  ♦ G„Ap  ♦ G#A0 

♦ GXAA 

♦ GyAv  " 

0 

\ 

H0  ♦ H„Ap  + H#A9 

+ hxaa 

♦ HyAP ■ 

0 

1 

I0  ♦ I„AM  I4A6 

♦ IXAA 

♦ lyAP  ■ 

0 

1 

4 

where  for  example  F0  « F (p0;flo.Ao,  v0);  and  the  subscripts  denote  known  partial  derivatives,  which 
are  expressed  in  terms  of  the  aerodynamic  Influence  coefficients  or  evaluated  from  a prior 
approximation.  In  vector  notation  the  above  set  of  linear  equations  can  be  rewritten  as 
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The  iteration  procedure  as  defined  above  Is  repeated  until  the  residual  error  In  the  fulfillment  of  the 
boundary  conditions,  denoted  by  the  vector  R,  Is  reduced  to  an  acceptable  value.  Under-relaxation  Is 
employed  between  iterations. 

3.  VERIFICATION  OF  THE  NUMERICAL  RESULTS 

We  shall  first  validate  the  numerical  procedure  by  comparison  with  experiments  prior  to  the 
optimization  search.  In  the  comparisons,  the  possible  appearance  of  secondary  vortices  in  the 
experiments  and  the  assumption  of  zero  thickness  in  the  calculations  must  be  kept  in  mind. 

A variety  of  test-theory  comparison  for  flat  delta  and  arrow  wings,  given  earlier  in  Refs.  17  and 
18,  has  shown  that  reasonable  solutions  can  be  achieved  by  the  leading  edge  vortex  code.  In  the  present 
section  further  test-theory  comparisons  are  given  for  more  general  cases. 

The  first  comparisons  are  for  the  arrow  wing  with  a leading  edge  sweep  of  71°,  aspect  ratio  of  1.65 
and  a taper  ratio  of  0.10  tested  by  Manro,  Manning,  Hall  staff,  and  Rodgers  (Ref.  20).  The  comparisons 
are  for  the  basic  wing,  Figure  4,  and  for  an  aft  flap  deployed.  Figure  5.  The  change  of  the  paneling  in 
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the  latter  case  is  to  accommodate  the  flap  hinge  line.  In  general  there  Is  good  overall  agreement 
between  the  experiments  and  the  calculations,  but  the  comparisons  are  distorted  by  the  appearance  of  a 
secondary  vortex  in  the  experiments.  The  presence  of  the  latter  raises  the  suctions  near  the  leading 
edge  and  lowers  the  suction  peak  due  to  tha  primary  vortex.  In  addition  the  finite  thickness  of  the 
wing  and  its  attachment  to  a slender  fuselage  In  the  experiments  will,  to  a lesser  degree,  also  affect 
the  comparison,  though  the  consequences  will  be  reduced  by  plotting  the  loading  rather  than  the 
pressures  as  In  the  above  figures.  For  comparison  purposes,  an  attached  flow  solution  for  the  flap  case 
is  also  shown  In  Figure  5. 

A different  type  of  case  is  shown  in  Figure  6.  Here  we  compare  the  loading  for  the  case  of  a yawed 
delta  wing  tested  by  Harvey  (Ref.  22).  Again  good  agreement  is  seen  with  the  exception  of  the  effects 
of  the  secondary  vortex.  Additional  comparisons  were  made  for  increasing  yaw  angles  until  one  of  the 
leading  edges  became  parallel  to  the  freestream.  Agreement  with  test  data  comparable  to  that  seen  in 
Figure  6 was  found  in  every  case. 

These  examples  and  solutions  obtained  by  other  Investigators  (Refs.  7 ar.d  23)  using  the  early 
version  of  the  Seeing  Leading  Vortex  code  have  shown  the  method  to  give  reasonable  results  for  a range 
of  delta  and  arrow  wings.  What  is  necessary  for  this  drag  minimization  study  is  the  ability  of  the  code 
to  reflect  accurately  the  differences  in  pressure  distributions  and  drag  due  to  twist  and  camber 
changes.  The  aim  of  the  recent  improvements  of  the  code  was  to  improve  its  accuracy  and  reliability  and 
to  expand  its  range  of  validity  to  general  camber  shapes. 

In  order  to  validate  the  accuracy  of  the  new  code  in  reflecting  aerodynamic  differences  due  to 
camber  changes,  two  wings  first  analyzed  by  Kuhlman  (Ref.  23)  were  reanalyzed.  These  were  delta  wings 
of  identical  planform  tested  by  Wentz  (Ref.  The  wing  had  an  aspect  ratio  of  1.15  and  74°  sweep. 
One  wing  was  flat  while  the  other  had  conical  camber.  These  wings  are  illustrated  in  Figure  7.  For  the 
calculations,  the  wings  were  considered  to  have  zero  thickness.  Calculated  and  measured  pressure 
distributions  are  compared  for  both  wings  in  Figure  8.  While  the  difference  in  the  measured  pressure 
distributions  due  to  the  camber  on  the  upper  surface  is  small,  the  calculated  results  accurately  portray 
these  differences.  On  the  lower  surface  near  the  leading  edge,  the  greater  differences  in  the 
experimental  data  between  the  flat  and  cambered  wing  are  also  reflected  in  the  theoretical  results. 

The  code  must  further  accurately  predict  drag  increments  between  different  cambered  wings.  Drag 
polars  are  presented  for  the  flat  and  cambered  delta  wings  In  Figure  9.  Both  calculated  and  measured 
results  are  shown.  This  comparison  shows  the  drag  differences  to  be  predicted  reasonably  well  by  the 
Improved  code.  At  Cl  “ 1.2  the  predicted  drag  reduction  for  the  cambered  wing  is  5.7  percent  compared 
to  7 percent  given  by  Wentz  for  the  measured  data. 

4.  RE5ULTS  OF  THE  PRELIMINARY  OPTIMIZATION  SEARCH 

In  the  case  of  attached  flow,  one  has  a linear  problem  in  that  the  solutions  for  two  different 
camber  distributions  when  added  yield  the  solution  for  the  wing  with  the  combined  camber.  This  then 
allows  the  determination  of  the  optimum  camber  by  ordinary  calculus  by  suitably  superpositioning 
meaningful  elemental  cambers.  This  superposition  principle  no  longer  holds  in  the  case  of  leading  edge 
vortex  flows  when  the  location  of  the  separation  vortices  of  the  elemental  cambers  differs 
significantly.  Here  the  superposition  of  the  elemental  flows  clearly  will  not  yield  the  correct  vortex 
for  the  combined  cambers. 

The  above  nonlinearity  has  a severe  consequence  on  the  optimization  procedure.  A routine 
superposition  exercise  with  a predetermined  drag  target  in  the  case  of  attached  flow  worsens  for  the 
vortex  flows  to  a laborious  ad  hoc  search  procedure  with  an  unknown  target.  Such  a search  procedure  For 
highly  swept  and  low  aspect  ratio  wings  is  Impeded  by  the  lack  of  detailed  understanding  of  the 
resultant  highly  three-dimensional  flows.  Thus  as  a starting  point  we  must  generate  a background  data 
base  by  computing  the  flow  for  a range  of  meaningful  camber  shapes.  For  the  present  investigation  we 
shall  calculate  the  effect  of  nose-down  leading  edge  camber  and  wing  washout.  Here  the  leading  edge 
camber  provides  a more  forward-facing  inclination  to  the  portion  of  the  wing  upon  which  the  high 
vortex-induced  suctions  act  to  reduce  the  drag.  Wing  washout  seeks  to  take  advantage  of  the  flow  upwash 
usually  generated  upstream  of  the  outboard  portion  of  the  wing  that  increases  the  local  effective  angle 
of  attack. 

Calculations  were  carried  out  at  zero  Mach  number  for  a series  of  delta  wings  of  identical  planform 
to  those  tested  by  Wentz  (Ref.  21).  These  Included  a flat  and  conical  cambered  wing  previously  snown  in 
Figure  7 and  two  wings  with  10°  and  20°  linear  twist  shown  In  Figure  10. 

In  Figure  11  we  compare  the  spanwise  pressure  distributions  at  four  streamwise  stations  for  the 
flat  and  twisted  wings  at  25°  angle  of  attack.  On  the  upper  surface,  increase  of  washout  has  caused  a 
narrowing  of  the  vortex  suction  peak  but  no  consistent  effect  on  the  suction  peak  height.  A further 
result  of  the  Increased  washout  is  the  deepening  of  the  inboard  suction  trough  that  significantly 
decreases  the  lift.  Except  for  the  tip  region,  there  is  little  effect  of  the  washout  on  the  lower 
surface  overpressures. 

In  Figure  12  we  show  comparable  pressure  distribution  plots  of  the  effect  of  the  leading  edge 
conical  camber.  (The  case  of  the  vortex  control  tab  also  shown  here  will  be  discussed  below.)  Quite 
clearly,  the  selected  conical  camber  is  far  too  small  for  the  25°  angle  of  attack.  The  results  however 
do  suggest  that  leading  edge  camber  has  essentially  the  same  effect  as  the  washout  on  both  the  upper  and 
lower  surface  pressures. 

The  resultant  lift  curves  and  drag  polar  curves  for  the  above  cases  are  shown  In  Figures  13  and 
14.  The  expected  lift  loss  at  a given  angle  of  attack  due  to  washout  or  nose-down  camber  seen  here  Is 
responsible  for  the  modest  Improvement  exhibited  In  the  drag  polars.  To  see  in  more  detail  now  the 
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above  changes  affect  the  drag,  we  plot  In  Figure  15  the  pressure  coefficient  along  a chordwise  trace 
versus  the  vertical  coordinate  of  the  airfoil  for  two  span  stations  and  for  the  constant  lift 
coefficient  of  1.1.  Hence,  the  area  within  the  drag  loop  is  equal  to  the  drag  coefficient. 
Particularly  noticeable  here  is  the  beneficial  effect  of  the  washout  at  the  outboard  span  station. 

The  relative  shapes  of  the  resulting  leading  edge  vortex  are  shown  in  Figure  16  where  their  trace 
In  a transverse  cut  through  the  trailing  edge  is  given. 

The  final  example  is  that  of  the  vortex  controller  tab  shown  in  Figure  17.  Here  a conical  tab  is 
added  to  the  leading  edge  of  a wing  with  essentially  the  leading  edge  camber  used  above,  but  with  the 
sweep  of  the  latter  increased  to  retain  the  same  overall  planform  as  the  above  examples.  The  rationale 
for  the  vortex  controllr-  tab  configuration  is  to  provide  a forward  facing  surface  segment  to  retain  the 
benefits  of  the  leading  edge  camber,  but  have  the  flexibility  to  control  the  strength  of  the  leading 
edge  vortex  by  varying  the  angle  of  the  tab.  In  this  way  the  forward  facing  segment  can  be  placed 
directly  under  the  suction  peak. 

The  resulting  pressure  distributions  for  the  vortex  controller  tab  is  given  in  Figure  12.  Except 
for  the  higher  suction  peak,  the  effect  of  the  tab  is  similar  to  the  effects  of  the  washout  and  leading 
edge  camber.  The  resulting  drag  loop  Is  shown  in  Figure  18  where  the  noticeable  feature  is  the 
reduction  of  the  outboard  drag  loop  area  by  the  decrease  of  the  vertical  height.  The  lift  curve  and  the 
draq  polar  are  shown  in  Figures  19  and  20.  The  resulting  shape  of  the  leadinq  edqe  vortex  is  qiven  in 
Figure  21. 

Lack  of  significant  Improvement  by  the  above  vortex  tab  must  be  attributed  to  several  causes.  The 
first  is  quite  clearly  the  insufficient  downward  forward  cambering  for  the  25  angle  of  attack. 
Additionally  the  forward  facing  Inclination  of  the  flap  is  reduced  by  the  greater  sweep  of  the  "hinge 
line"  required  to  keep  Invariant  the  overall  planform.  The  conical  configuration  of  the  vortex  tab  most 
probably  had  insufficient  chord  in  the  inboard  region  to  generate  the  intended  Increased  leading  edge 
vortex  strength.  These  configuration  defects  would  be  moderated  by  the  configuration  shown  in  Figure 
22.  Here  a greater  chord  for  the  tab  is  provided  inboard  where  most  probably  the  strengthening  of  the 
leading  edge  vortex  Is  largely  determined.  The  apex  of  the  conical  leading  edge  flap  is  displaced 
rearward  to  increase  its  forward  facing  Inclination  by  decreasing  the  camber  sweep.  Though  not  shown  in 
Figure  22,  a greater  nose  down  camber  than  used  above  as  well  as  washout  could  also  be  incorporated. 
Configurations  of  this  type  will  be  computed  in  the  near  future. 

5.  CONCLUDING  REMARKS 

The  present  experience  with  the  improved  leading  edge  vortex  code  suggests  it  to  be  reasonably 
reliable,  yielding  satisfactory  solutions  over  a range  of  wing  camber  shapes.  It  is,  however, 
restricted  to  cases  with  a single  leading  edge  vortex  precluding  more  complex  configurations,  for 
example  resulting  from  secondary  vortices  which  were  evident  In  many  of  the  experimental  results. 

The  present  preliminary  computations  suggest  that  significant  reductions  in  the  drag  for  a given 
lift  will  be  difficult  to  achieve  by  use  of  nose  down  leading  edge  camber  or  wing  washout  alone  due  In 
large  part  to  an  accompanying  loss  of  lift.  When  such  lift  loss  is  recovered  by  Increased  angle  of 
attack,  the  net  gain  in  the  drag  Is  significantly  reduced.  A more  careful  tailoring  of  the  leading  edge 
comber  or  the  wing  twist  to  the  angle  of  attack  at  hand  will  Improve  this  situation,  but  more  promising 
gains  most  probably  will  require  more  elaborate  cambering  as  the  use  of  a device  such  as  the  vortex 
control  tab. 

In  the  present  Investigation  we  have  confined  our  attention  to  those  camber  features  that  directly 
Influence  the  leading  edge  vortex.  We  have  deferred  attention  to  other  more  familia*-  camber  features 
such  as  aft  flaps  which  would  additionally  improve  the  aerodynamic  performance  by  filling  in  the  upper 
surface  suction  trough  downstream  of  the  vortex  suction  peak  as  well  as  by  increasing  the  overpressures 
over  the  lower  surface.  In  particular  an  Inboard  part-span  flap  would  be  attractive  through  its 
favorable  spanwise  carryover  effects. 

The  optimization . search  for  leading  edge  vortex  flows  is  made  difficult  by  two  factors.  The  first 
is  due  to  the  extreme  three  dimensionality  of  the  flow  wherein  streamlines  follow  an  extremely  tortuous 
course.  Thus,  for  example,  streamlines  passing  over  the  outboard  portion  of  the  loading  edge  approach 
the  wing  at  significantly  further  inboard  paths.  It  is  therefore  difficult,  to  tailor  the  shaping  of 
leading  edge  to  shed  a vortex  of  prescribed  strength. 

The  second  difficulty  is  that  for  vortex  flows  we  do  not  know  a priori  the  lower  bound  drag  for  a 
given  lift  as  the  classical  "lift  squared  over  pi  aspect  ratio"  for  the  case  of  attached  flow  over 
near-planar  wings.  Knowledge  of  the  lower  bound  drag  would  be  Invaluable  since  It  would  permit  the 
assessment  of  the  optimization  search  as  well  as  establishing  Its  stopping  point. 

The  Trefftz  plane  Is  a logical  starting  point  for  establishing  the  lower  bound  drag.  For  vortex 
flows  the  primary  obstacle  is  that  the  Trefftz  plane  trace  of  the  vortex  sheet  shed  from  the  leading 
edge  Is  a priori  unknown.  If  this  difficulty  is  surmounted  by  establishing  an  approximate  trace,  for 
example,  from  prior  computations,  it  would  then  be  a straightforward  task  to  determine  the  optimal 
distribution  of  vortices  along  the  trace  yielding  the  required  uniform  downwash  at  the  trace.  The 
results  would  yield  the  lower  drag  bound  for  a given  lift  as  well  as  the  optimal  partitioning  between 
the  vorticity  shed  from  the  leading  and  trailing  edges,  but  in  contrast  to  the  attached  flow  case.  It 
will  not  load  directly  to  the  optimal  cambering.  Finally,  the  Trefftz  plane  concept  should  be  validated 
by  verifying  the  lift  and  drag  for  several  computed  examples  obtained  by  a direct  pressure  integration. 

In  conclusion,  the  leading  edge  vortex  code  represents  an  Important  design  tool.  There  remains 
only  the  ingenuity  of  the  aerodynamlclst  to  achieve  the  needed  high  lift  performance  for  the  difficult 
class  of  wings  represented  by  the  supercruiser  planform. 
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Figure  1.  Flow  Model 


Figure  5.  Lifting  Pressure  Distribution- Arrow  Winy  With 
Trailing  Edge  Flap 


Figure  2.  Pane!  Model  Figure  6.  Lifting  Pressure  Distribution-Yawed  Delta  Wing 
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Figure  3.  Free  Sheet/Fed  Sheet  Kinematics  Figure  7.  Flat  and  Conical  Camber  Delta  Wing  Paneling 


Figure  4.  Lifting  Pressure  Distribution— Flat  Arrow  Wing 


Figure  8.  Surface  Pressure  Distribution-Flat  and  Conical 
Camber  Delta  Wing 
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Figure  9.  Drag  Polar— Flat  and  Conical  Camber  Delta  Wing 


Figure  10.  Twisted  Delta  Wing  Paneling 


Figure  11.  Surface  Pressure  Distribution— Effect  of  Twist 


Figure  12.  Surface  Pressure  Distribution-Effect  of  Camber 
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Figure  13.  Lift  Curve-Effects  of  Camber  and  Twist  Figure  14.  Drag  Polar-Effects  of  Camber  and  Twist 
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Figure  15.  Drag  Loop-Effects  of  Camber  and  Twist 


Figure  19.  Lift  Curve-Effects  of  Vortex  Control  Tab 
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Figure  16.  Leading  Edge  Vortex  Shape 
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Figure  17.  The  Vortex  Control  Tab 


Figure  20.  Drag  Polar-Effects  of  Vortex  Control  Tab 


Figure  21.  Leading  Edge  Vortex  Shape 


Figure  18.  Drag  Loop-Effects  of  Vortex  Control  Tab  Figure  22.  A Proposed  Vortex  Control  Tab  Configuration 
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NORMAL  FORCE  AND  PITCHING  MOMENT  OF  WING-BODY- 
COMBINATIONS  IN  THE  NON-LINEAR  ANGLE-OF -ATTACK  RANGE  AT 
SUBSONIC  SPEEDS 
by 

C.P.  Schneider  and  D.  Nikolitsch 
Messerschmitt-Bttlkow-Blohm  GmbH 
Munich 


SUMMARY 

Two  engineering  methods  predicting  the  angle-of-attack 
dependence  of  the  interference  factors  of  missile  configura- 
tions at  subsonic  speeds  and  with  quasisteady  pitching  motion 
are  investigated  of  their  accuracy.  Both  procedures  are  based 
on  the  non-linear  lifting  surface  theory.  One  method  for  the 
determination  of  the  factor  Kg(^)  which  represents  the  effect 
of  the  wing  on  the  body-forces  and  -moments  due  to  lift  carry- 
over relies  on  the  linear  Lennertz  theory.  The  latter  is  mod- 
ified in  order  to  provide  for  an  inclusion  of  results  of  the 
non-linear  lifting  surface  theory.  This  procedure  will  predict 
the  normal  force  interference  factors  only.  Also  the  other 
method  determines  Kb(w)-  It  uses  the  non-linear  lifting  sur- 
face theory  twice,  firstly  for  the  calculation  of  normal  force 
and  moment  of  a slowly  pitchinq  wing  alone,  secondly  to  get 
the  same  quantities  for  a substitute  wing  which  represents  the 
original  wing  plus  a rectangular  flat  middle  section  in  place 
of  the  body  between  the  wing  roof  chords.  The  differences  be- 
tween the  results  of  the  two  procedures  call  for  an  improved 
prediction  method,  as  comparable  quasisteady  data  from  experi- 
ments, which  may  serve  to  confirm  the  results  of  one  or  the 
other  method  are  not  available  at  present.  For  the  additional 
analysis,  free  vortex  tracing  of  discrete  vortices  by  conven- 
tional two-dimensional  theory  is  proposed.  Viscous  vortices 
with  core  are  assumed.  Their  initial  strength  and  position  are 
derived  from  three-dimensional  non-linear  lifting  surface  the- 
ory by  conversion  of  the  linear  and  non-linear  circulation  of 
the  wing. 


LIST  OF  SYMBOLS 

cQ,  c wing  root  chord,  aerodynamic  mean  chord  of  wing 

k,  k'  reduced  frequencies  k - ql/V,  k'  « kb/ 1 

l,  lc,  1 body  length,  length  of  body  cylindrical  section  with  constant  radius, 

distance  from  body  nose  tip  to  wing  tip 

q pitching  velocity 

s wing  half  span 

w velocity  component  in  Z-direction 


A 

C 


reference  area 

aerodynamic  coefficient  of  forces  and  moments  and  their  derivatives.  The 
reference  area  and  reference  length  are  A * nD2/4  and  D,  unless  specified 
otherwise  in  the  text 
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body  base  diameter 
interference  factor 
pitching  moment 
Mach  number 
normal  force 
body  radius 
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angle-of -attack 
strength  of  circulation 
wing  taper  ratio 

dimensionless  coordinate  n * Y/(R+s) 
location  of  wing  root  chord  nD  = R/(K+s) 
aspect  ratio  of  exposed  wing 
wing  leading  and  trailing  edge  sweep  angle 


1 . INTRODUCTION 

The  interference  of  wing  and  body  of  missiles  with  high  maneuverability  in  the  non- 
linear angle-of-attack  range  causes  a non-negligible  contribution  to  the  forces  and  mo- 
ments govaring  the  longitudinal  stability.  This  is  shown  in  a recent  coefficient  synthe- 
sis (ref.  1)  of  quasisteady  derivatives  of  missile  configurations  in  subsonic  flow: 

Figs.  1 and  2 display  as  function  of  the  angle-of-attack  the  pitch  damping  coefficient 
of  wing-body-combinations  at  M()o=  0.8.  The  pitch  axi3  is  located  at  the  center  of  gravity 
of  the  body  with  a homogeneous  mass  distribution.  The  fractions  1 and  2 represent  the 
contribution  of  the  body,  the  boundary  layer  of  which  is  assumed  to  be  laminar.  The  frac- 
tion 3 is  the  pitch  damping  of  the  wing  alone, and  parts  4 arxJ  5 are  caused  by  the  interfer- 
ence between  wing  and  body.  With  the  wing  position  of  fig.  1 , the  fraction  due  to  wing- 

body-interference  is  small,  with  the  wing  position  of  fig.  2 however,  this  oortion  aver- 
ages 17  % of  the  total  pitch  damping  over  the  given  angle-of-attack  range,  "he  half-em- 

pirical methods  of  ref.  1 used  for  the  prediction  of  the  forces  and  moments  due  to  the 
wing-body-inter Eerence  yielded  differences  of  the  results  as  shown  in  fig.  3,  where  the 
interference  factors  KB(W)  of  the  normal  force  slope,  pitch  stiffness,  normal  force 
damping  and  pitch  damping  of  the  configuration  of  fig.  1 are  plotted  versus  the  inci- 
dence. These  differences  and  the  lack  of  comparable  experimental  data  in  the  case  of  non- 
linear quasisteady  factors  called  for  additional  theoretical  methods  in  order  to  confirm 
the  results  of  one  or  the  other  existing  procedure. 

2.  WING-BODY  INTERFERENCE  FACTOR 


The  dimensionless  interference  factors  K according  to  ref.  2 are  formed  with  the 
lift  or  normal  force  of  the  wing  in  the  presence  of  a body  or  viceversa  in  relation  to 
the  lift  or  normal  force  of  the  wing  alone.  The  normal  force  of  a missile  configuration 
N may  be  defined  as  the  sum 


N„  + 


W(B) 


+ N, 


B(W) 


of  the  normal  force  of  the  body  alone  NB,  of  the  wing  alone  N^,  of  the  fraction  gained 
or  lost  by  the  wing  due  to  the  presence  of  a body  NW(Bj  and  the  part  gained  or  lost  by  the 
body  due  to  the  interference  of  a wing.  In  the  presence  of  a body  the  normal  force  of  the 
wing  is  Nw  + Njj(B) . This  sum  related  to  the  normal  force  of  an  isolated  wing  Nw  yields 
the  factor  « 


*W  = 1 + ^(B) 

where  Kvj(b)  = NW(B)/Nw*  According  to  slender  body  theory  (ref.  2),  the  factor  Kyj  varies 
with  the  ratio  nB  of  the  body  radius  R and  the  sum  of  wing  half  span  and  body  radius 
(s+R)  from  1 for  a wing  without  body  (R=*0)  up  to  2 for  a very  wide  body  (R-+®)  with  a 
wing  of  a small  half  span.  In  the  high  angle-of-attack  range,  may  accept  smaller  val- 
ues for  a given  n than  slender  body  theory  predicts.  This  can  be  caused  by  body  vortices 
changing  the  downwash  distribution  and  hence  the  loading  over  the  wing  surface.  Linear  slen- 
der body  theory  predicts  a body  normal  force  consisting  of  the  nose  or  contoured  aft  body 
contribution  Nn  and  the  part  due  to  the  lift  carry-over  from  the  wing  NB(^).  For  a cyl- 
indrical body  of  constant  radius,  i.e.  without  a contoured  nose  or  aft  body  section  we 
get  Nfj  = 0.  Then  the  body  normal  force  in  the  presence  of  a wing  is  given  by  NB=NW»KB(^) , 
where  KB(wj  - Ngjyjj/Nw-  In  the  high  angle-of-attack  range,  the  body  normal  force  will 
by  changed  by  a cross-flow  term.  Also,  the  KB(Wj  factor  due  to  lift  carry-over  will 
change  because  of  non-linear  wing  characteristics.  The  terminology  of  interference  fac- 
tors K as  specified  in  ref.  2 fcr  normal  force  N and  moment  M is  extended  here  to  ac- 
count for  the  interference  effects  on  pitch  damping  and  normal  force  damping. 
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3.  NON-LINEAR  STEADY  INTERFERENCE  FACTOR  K„ 

The  upwash  distribution  over  the  wing  induced  by  symmetric  body  vortices  and  caused 
by  the  cross  flow  accelerating  when  passing  around  the  body  (ref.  3)  can  be  fed  into  the 
relations  of  the  non-linear  lifting  surface  theory  (ref.  4).  This  will  provide  the  pos- 
sibility of  calculating  non-linear  steady  and  quasisteady  interference  factors  Kyj  (ref. 
1).  In  fig.  4 the  steady  non-linear  normal  force  factor  Kvj(N)  obtained  this  way  is  com- 
pared to  experimental  results  of  ref.  5.  The  influence  of  different  body  lengths  is  no- 
ticeable with  the  experimental  data:  The  normal  force  of  the  wing  and  hence  the  inter- 
ference factor  are  lower  with  the  longer  fore  body  section.  According  to  ref.  5,  at  low 
incidences  this  is  due  to  change  of  the  upwash  velocity  over  the  wing  as  consequence  of 
the  nose  and  body  boundary  influence.  In  the  higher  angle-of-attack  range,  the  position 
and  strength  of  the  body  vortices  is  changed  which  also  may  decrease  the  Kw-f actor. 
Generally,  the  theory  of  ref.  1 determines  higher  values  than  those  obtained  in  the 
experiment.  In  particular  a much  weaker  influence  of  the  body  vortices  is  predicted.  As 
the  present  theory  neglects  the  body  boundary  layer  thickness  which  diminishes  the  ef- 
fective wing  area,  the  general  differences  between  theory  and  experiment  are  understand- 
able. A turbulent  boundary  layer  can  lower  the  interference  factor  by  as  much  as  20  % 
(ref.  6).  To  some  extent,  the  latter  influence  will  also  account  for  the  lower  Kw  with 
the  longer  fore  body  section.  The  weak  influence  of  body  vortices  on  the  wir.g  normal 
force  - predicted  by  theory  - may  be  explained  in  fig.  5.  Here,  the  free  body  vortices 
and  their  images,  the  vortex  induced  velocity  and  the  cross  flow  velocity  distribution 
over  the  wing  span  are  displayed.  The  cross  flow  plane  of  this  diagramm  lies  at  the  wing 

trailing  edge  of  the  configuration  of  fig.  4.  At  subsonic  speeds,  the  vortex  positions 

are  close  to  the  body  surface  and  near  the  vertical  body  axis.  The  induced  upwash 
velocity  w of  an  individual  vortex  is  quite  large,  but  the  resultant  induced  by  the  two 

vortex  pairs  of  the  present  model  becomes  small  cue  to  partial  compensation.  Also,  arbi- 

trary changes  up  to  20  % of  either  the  vortex  position  or  the  vortex  strength  do  not 
alter  the  induced  upwash  significantly  as  to  reproduce  the  experimentally  determined  1<W 
for  a wing  with  long  forebody.  Again  in  fig.  6,  the  present  method  overestimates  K^j  in 
comparison  to  the  experimental  data  of  ref.  7,  but  determines  the  correct  slope  of  Kyj 
with  the  incidence  up  to  ot  < 20°,  whereas  the  result  of  slender  body  theory  matches  the 
measured  value  of  Kw  at  low  incidences.  If  a correction  for  a body  boundary  layer  were 
taken  into  account,  a decrease  of  A%/Kyj  from  - 10  % to  - 20  % would  render  the  slender 
body  value  too  low,  the  data  of  the  present  method  however  would  compare  well  with  the 
experimental  result.  In  conclusion  of  this  paragraph,  the  body  boundary  layer  growth 
must  be  taken  into  account  with  the  present  theory,  if  both  the  value  and  slope  of  Kw 
with  a are  to  be  simulated  correctly. 

4.  MODIFIED  LENNERTZ  INTERFERENCE  FACTOR  Kg (w) 

According  to  Lennertz’  linear  two-dimensional  theory  (ref.  8),  the  ratio  of  Ng^N/Nw 
of  an  wing-body  combination  is  given  by  a factor  “Ur-  It  changes  from  zero  at 

R - 0,  i.e.  without  the  presence  of  a body  to  1 for  R-<-«>,  as  shown  in  fig.  7a.  Here, 
kB(W)  plotted  versus  nR  for  combinations  of  body  and  rectangular  wings  of  various 
aspect  ratios  0<A<“>.  The  linear  relation  between  Kg(W)  and  hr  holds  for  a wing  with  A-*-® . 
The  correspondig  normal  force  distribution  over  wing  and  body  is  shown  in  the  diagram  of 
fig.  7b.  The  wing  normal  force  is  proportional  to  the  area  Ay„'(1-nR),  the  portion  car- 
ried over  to  the  body  amounts  to  Ay0’nR(1-riR)  . In  the  modified  version  of  Lennertz’ the- 
ory, the  normal  force  of  a rectangular  wing  with  finite  aspect  ratio  i3  represented  by 
the  area  2Ay* (n=nR> ’ nw  according  to  ref.  9.  The  length 

nw  * d-nR)*  cNw/ (2Ay*  (n“nR) ) (1) 

shown  in  fig.  8 is  folded  about  the  wing  root  chord  at  n=riR  on  the  body  coordinate  ac- 
cording to  conformal  mapping.  Now  a rectangular  area  2nw*riR»  Ay*  (n=nR)  / (nyj+hR)  will  rep- 
resent the  portion  of  the  normal  force  of  the  body  due  to  the  wing  Interference.  The 
ratio  = NB(vj)/Ny(  combined  with  eq.  1 leads  to  the  expression 

Kbw  = ~W'  c%~  • (2) 

nR  ^Ay* (n=nR) 

The  factor  contains  the  ratio  between  the  total  normal  force  of  the  wing  and  the  local 
normal  force  at  the  wing  root.  In  the  special  case  of  the  ratio  Cttyj/2Ay#  (n=nR) 

approaches  1,  which  reduces  Kg(vj)  of  eq.  2 to  the  one  of  Lennertz  theory,  shown  in  fig. 
7a  together  with  results  of  eq.  2 for  rectangular  wings  of  finite  aspect  ratio  at  zero 
Incidence.  Through  the  normal  force  ratio,  a non-linear  dependence  on  the  incidence  en- 
ters eq.  2 when  a non-linear  lifting  surface  theory  is  applied.  For  a family  of  wings 
characterized  by  straight  trailing  edges  without  sweep,  of  the  normal  force  distribution 
over  the  span  the  local  normal  force  at  the  wing  root  will  be  maximum.  In  this  case,  the 
product  of  two  functions  CNyj/2Ay*  (n=riR)  for  a«0  and  j (a)  match  the  result  Cnvj/2Ay*  (n=nR) 
of  the  non-linear  lifting  surface  theory  for  a^O,  They  relate  the  normal  force  ratio  to 
the  wing  form,  i.e.  the  leading  edge  sweep  and  the  taper  ratio  (fig.  9)  and  to  the  angle 
of  attack  (fig.  10).  Within  the  subsonic  range,  the  Mach  number  dependence  was  found  neg- 
ligibly small.  As  result,  simple  relations  will  provide  an  estimate  of  the  dependence  of 
the  Kj3(y{)  factor  on  the  incidence  and  wing  form.  As  seen  from  fig.  10,  delta  wings  re- 
veal a stronger  dependence  on  the  incidence  than  rectangular  or  trapezoidal  wings.  The 
KB(W)(N)  of  trapezoidal  wings  are  added  to  the  diagrams  of  figs.  3 and  11.  Only  quanti- 
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ties  of  wing  normal  forces  are  used  to  obtain  Kg(^)  by  means  of  eq.  2.  Therefore,  no 
other  information  but  KB(Wj(N)  can  be  given  by  the  modification  of  the  Lennertz  theory. 

5.  Kb(w)  by  replacement  of  the  body  with  a rectangular  flat  middle  section 

This  procedure  replaces  the  cylindrical  body  between  the  wing  roots  by  a rectan- 
gular flat  middle  section.  The  non-linear  lifting  surface  theory  is  applied  twice  in 
order  to  determine  the  normal  forces  and  moments  of  the  original  wing  and  of  the  sub- 
stitute wing  consisting  of  the  original  one  plus  the  rectangular  middle  section.  The 
difference  between  forces  (or  moments)  of  the  substitute  and  the  original  wing  in  rela- 
tion to  the  corresponding  force  (or  moment)  of  the  original  wing  alone  yields  the  inter- 
ference factor  Kq(j-j).  The  normal  force  factor  becomes 

^sw_  ^w 

kb(w) (n)  = fT  (3) 


where  w denotes  the  normal  force  of  the  substitute  wing.  Using  dimensionless  force  or 
moment  coefficients,  the  KB(^)  of  the  pitch  stiffness,  normal  force  damping  and  pitch 
damping  are  given  by 
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The  coefficients  of  the  derivatives  in  eqs.  4-6  have  the  wing  root  chord  c0  rather  than 
the  aerodynamic  mean  chord  § for  reference  length,  as  S may  vary  with  nR.  As  reference 
area  of  the  coefficients  of  the  substitute  wing  (Cfj)gw  and  (Cm)g^,  the  planform  of  the 
original  wing,  i.e.  the  wetted  wing  area  is  chosen.  Results  of  this  procedure  for  the 
configurations  of  body  and  trapezoidal  wings  are  displayed  in  figs.  3 and  11.  The  com- 
puter program  which  is  used  twice  for  the  determination  of  KgjW)  is  designed  for  wings 
with  straight  leading  edges  or  leading  edges  with  one  bend  only.  With  exception  of 
tLE “0,  the  latter  shape  always  applies  for  the  substitute  wing.  Hence,  the  computer  pro- 
gram cannot  handle  those  original  wings  which  already  have  a leading  edge  bend  and  angles 
'('LEi*0*  In  order  to  allow  for  this  particular  wing  shape,  eqs.  4-6. have  been  reformulated 
in  terms  cf  the  normal  force  factor  Kg(W) (N) , the  ratio  of  the  pressure  point  of  origi- 
nal and  substitute  wing  XNw/XNgW  and  the  ratio  of  the  locations  of  vanishing  normal  force 
damping  Xow/Xqsw* 
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Now,  the  normal  force  Kg(w)  of  a wing  (with  leading  edge  bend  for  instance)  may  be  taken 
from  the  modified  Lennertz  theory  or  from  experiment.  The  ratios  Xnvj/Xnsw  and  X0w/Xosw 
still  must  be  calculated  for  a wing  the  "substitute  wing"  method  can  handle  and  which 
approximates  in  3hape  the  wing  with  leading  edge  bend.  In  ref.  1,  empirical  relations 
for  XNW/Xflgyj  and  Xow/Xosw  are  fitted  to  the  results  of  the  non-linear  lifting  surface 
theory  for  a family  of  wings  tabulated  in  fig.  9.  The  empirical  relations  were  used 
in  eqs.  7-9  obtain  the  Kg(w)  by  the  dashed  curve  in  fig.  3.  The  differences  of  Kg(yj) 
calculated  with  various  procedures  relying  on  the  non-linear  lifting  surface  theory  are 
noticeable  in  figs.  3 and  11. 


6.  INTERFERENCE  FACTORS  BY  THE  VORTEX  TRACING  METHOD 


Without  comparable  experimental  data,  the  results  of  one  or  the  other  preceding 
method  can  be  confirmed  only  by  a more  refined  analysis.  The  procedure  proposed  here  for 
this  purpose  links  the  non-linear  three-dimensional  lifting  surface  theory  with  the  two- 
dimensional  theory  of  slender  wing-body  configurations.  This  way,  forces  and  moments  non- 
linear with  the  angle-of-attack  (a  < 25“)  due  to  the  interference  of  body  and  body  vorti- 
ces on  the  wing, and  of  the  wing  on  the  body  can  be  determined  step  by  step  proceeding  in 
the  direction  of  the  longitudinal  (X)  axis  of  the  configuration  (fig.  12)  . 


Two  different  wing  vortex  models  convert  the  wing  circulation  into  discrete  free 
vortices  whose  paths  are  traced  along  the  X-axis  (fig.  12).  The  wing-body  section  shown 
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in  fig.  13  is  supposed  to  oscillate  harmonically  about  a specified  incidence  a with  low 
frequency  and  amplitude,  i.e.  with  a quasisteady  lateral  pitching  motion.  The  linear  and 
non-linear  parts  of  the  circulation  obtained  with  the  lifting  surface  theory  are  inte- 
grated over  the  wing  chord.  These  parts  are  converted  separately  into  discrete  vortices. 
The  lateral  position  (Y)  on  the  wing  surface  and  strength  of  the  vortices  are  estimated 
with  the  methods  of  Rossow  and  Williams  (refs.  10,  11).  Vortices  with  a core  will  result. 
Only  the  X-coordinate  of  the  vortex  origin  must  be  suitably  selected.  One  of  the  vortex 
models  locates  the  origins  or  separation  points  of  the  vortices  representing  the  non- 
linear part  of  the  circulation  on  the  leading  edge.  The  "linear"  vortices  separate  from 
the  trailing  edge  as  shown  in  fig.  14.  The  other  model  provides  for  a sectioning  ol:  the 
non-linear  part  of  the  pressure  distribution  according  to  the  arrangement  of  panel  ele- 
ments on  the  wing  planform.  A discrete  vortex  is  assigned  to  each  pressure  section  using 
the  method  in  ref.  12.  Again,  the  origins  of  linear  vortices  are  located  on  the  trailing 
edge  (fig.  15).  After  shedding,  each  vortex  is  treated  as  a free  viscous  vortex  (ref. 11). 
The  subsequent  positions  will  be • computed  step  by  step  from  the  local  induced  velocity 
at  the  vortex.  The  induced  velocity  is  obtained  with  conformal  mapping  of  vortices  in 
the  cross  flow  plane.  The  relations  for  the  vortex  path  tracing  are  available  from  refs. 
13  or  14.  The  satisfaction  of  the  Kutta  condition  at  each  step  may  require  an  additional 
vortex,  the  strength  of  which  will  be  selected  to  yield  zerg  induced  normal  velocity  in 
the  mean  at  the  wing  surface.  The  strength  of  the  additional  vortex  relative  to  the 
strength  of  the  vortices  determined  from  the  wing  circulation,  is  a criterium  for  ihe 
qualification  of  the  assumed  vortex  model  in  simulating  the  wing  circulation. 

Slender  body  theory  will  be  applied  to  determine  force  and  moment  distribution  in- 
duced by  the  free  vortices  along  the  X-axis  of  the  wing-body  combination.  The  steady 
derivatives  and  corresponding  K-factors  follow  from  the  vortices  which  are  derived  from 
the  real  part  of  the  wing  circulation  as  determined  by  the  non-linear  lifting  surface 
theory.  The  quasisteady  derivatives  and  corresponding  K-factors  are  calculated  by  tracing 
the  vortices  obtained  with  the  imaginary  part  of  the  wing  circulation.  The  steady  inter- 
ference factor  Kn(W)  will  be  obtained  when  in  the  lifting  surface  theory,  the  linear 
upwash  distribution  over  the  wing  is  constant  and  proportional  to  the  incidence  a.  When 
the  upwash  distribution  varies  over  X corresponding  to  the  pitching  velocity  q*X,  the 
quasisteady  factor  Kg(w)  will  be  determined.  When  in  addition  the  velocities  induced  by 
the  free  body  vortices  and  the  cross  flow  velocity  about  the  body  are  taken  into  account 
in  the  wing  upwash  distribution, the  sum  of  the  factors  Kyj  + will  result. 

Results  of  steady  aerodynamic  coefficients  determined  with  the  procedure  using  the 
vortex  model  of  fig.  14  are  shown  in  figs.  3 and  17.  The  diagram  of  fig.  17  displays  the 
non-linear  part  of  the  normal  force  distribution  along  the  wing-body  longitudinal  axis. 
The  geometry  and  flight  condition  of  the  configuration  is  given  in  fig.  3.  Although  a 
non-linear  circulation  increasing  quadratically  with  the  incidence  is  converted  to  yield 
the  initial  values  of  the  discrete  vortices  emanating  from  the  wing  leading  edge,  the 
vortex  lift  induced  on  the  wing-body  combination  has  a higher  than  quadratical  expo- 
nential dependence.  This  is  seen  by  the  distribution  of  fig.  17  and  also  from  fig.  3 
where  the  steady  KB (Wj -factors  of  the  vortex  tracing  procedure  are  added.  In  the  low 
angle-of-attack  range  (a<lO°) , the  normal  force  factor  follows  the  results  obtained  with 
the  "substitute  wing  method",  but  deviates  to  larger  values  for  a>lO°.  The  non-linear 
Kb(w)  of  the  normal  force  by  the  vortex  method  is  derived  from  fig.  17  the  following  way: 
The  total  non-linear  part  of  the  vortex  normal  force  is  integrated  from  the  distribution. 
The  linear  part  of  the  wing-body  configuration  is  determined  with  the  linear  wing  normal 
force  multiplied  by  the  linear  factor  1+Kg(vj)  according  to  Lennertz . The  sum  of  the  non- 
linear and  linear  wing-body  normal  force  is  diminished  by  the  non-linear  normal  force 
of  the  wing  alone  and  then  divided  by  the  latter. 


7.  CONCLUSION 

Critical  examination  of  the  interference  factors  % and  Kb(W)  leads  to  the  follo- 
wing proposal  for  the  improvement  of  the  analytical  results.  Including  in  the  analysis 
of  % the  effect  of  bourklary  layer  growth  along  the  forebody  section  on  the  distribution  of 
upwash  velocity  over  the  wing,  will  positively  affect  the  Kw  values  in  comparison  to 
experimental  results.  This  correction  will  be  decisive  on  the  improvement  of  the  ana- 
lytical results  of  K^.  The  arbitrary  change  of  body  vortex  strength  and  the  vortex  posi- 
tions in  the  cross  flow  plane  by  aB  much  as  t 20%  had  no  noticeable  effect  on  Kyj.  The  sub- 
stitution of  the  applied  symmetrical  vortex  model  of  Jorgensen  and  Perkins  (ref.  3)  by 
either  of  the  asymmetric  models  of  Wardlaw  (ref.  15)  or  Deffenbaugh  and  Koerner  (ref.  16) 
may  not  alter  the  present  results  appreciably  in  the  range  of  incidence  (a  < 20°)  con- 
sidered here.  Thus,  the  additional  effort  encounter ad  with  the  use  of  these  models  may 
not  be  awarded.  However,  thiB  will  change  at  angles-of-attack  a > 20°.  Most  critical  in 
the  analysis  of  Kn(w)  (figs  3 and  11)  is  the  assumption  that  the  replacement  of  the 
cylindrical  body  between  wing  root  chords  by  a rectangular  middle  section  will  provide 
the  correct  locations  in  X-direction  of  the  pressure  point  and  of  the  point  of  zero  nor- 
mal force  damping.  The  proposed  procedure  based  on  vortex  tracing  which  determines  the 
normal  force  distribution  along  the  longitudinal  (X)  axis  of  the  wing-body  combination 
will  certainly  yield  more  accurate  results.  Considering  in  fig.  16  the  dashed  curves  which 
represent  the  steady  normal  force  and  pitching  moment  of  the  wing-body  combination  trea- 
ted throughout  this  report,  one  will  anticipate,  that  at  least  the  proposed  corrections 
of  Kw  reflect  favourably  on  the  values  of  the  normal  force,  as  they  will  lower  them  to 
better  agreement  with  experimental  data. 
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Fig  1 Pitch  damping  of  a wing  - body  configurallon  at  Hj  08  at 

function  of  the  angle -ol -attack  Conuibotion*  of  Iht  body  with 
laminar  boundary  layer  (C,^).  <2,  the  wing  ICq^ij  (*td  the 

wing  - body  - interference  (Cmg ) 4 , 5 


Fig. 2 Pitch  damping  ofa  wing-body  configuration  at  M'UBaa 
function  of  the  angle  -of -attack  Contribution!  of  the  body  with 
laminar  boundary  layer  (Cmq)  , the  wing  I Cm^  3 and 
the  wing  -body- interference  ICmql^j 
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Fig  4 Steady  normal  force  interference  foctor  Kyy(Nn)  of 
a missile  with  cruciform  fin*  in  plus  -position  and 
with  different  body  lengths.  Comparison  of  theoretical 
and  experimental  results 
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Fig  3 Interference  factors  Kjjjyy)  of  the  normal  force  slope  Nq,  pilch 
stiffness  Mn,  normal  force  damping  Nq  and  pilch  damping  Mq 
of  the  wing-body  con  fig  of  fig.1 : M^0.8,  11^*04,  A « 1 , X «0.5,  tjiyc  « 5313° 
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Fig.  5 Vortices  and  tgiwash  vtlocity  distribution  in  the 

cross-flow  plant  at  the  fin  trailing  tdgt  of  the  config.  tt 
fig.  4 at  a >25* 


Experiment  K^>Q8j  Nielsen 
— >76®,  X*0 , A *1 , t)R  *0.5 
Slender  body  theory j Pitts,  Nitlstn  , Kaattar! 
f)R*  Q5 

Non-linear  lifting  surtfact  theory* body  interference 
M^rOB 

+^*76°,  X * 0 ,A  *1,  T|r  * 0.5 


Fig.  6 Sttady  normal  force  interference  factor  Kyy(Nn)  of 
a wing -body  combination  without  nose. 
Comparison  of  theoretical  and  experimental  results 


fig  7 Interference  factor  Kg(yy) 

a)  Kgi^jtar  various  wing  aepect  ratiot  at  (unction  of 
(modified  lennertt  theory) 

b)  Normal  force  distribution  of  a rectangufor  wing  - body 
configuration  with  A — ® ondr)R  *0.1  (tin.  Lemeni  theory) 
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Fig.  14  Model  o(  voile*  Mpaiation  hom  the  wing  leading 
and  trailing  edges 
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Fig.  16  Normal  force  and  moment  coefficients  of  a missile 
configuration  with  laminar  body  boundary  layer, 
comparison  of  theoretical  and  experimental  results, 
reduced  frequency  k'ekD  /l  with  k=qt /V  = QQ5 


Fig.  17  Nonlinear  part  of  the  local  lift  along  the  wing 
body  longitudinal  axis 
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PREDICTION  OF  AERODYNAMIC  CHARACTERISTICS  FOR  SLENDER  BODIES  ALONE  AND 
WITH  LIFTING  SURFACES  TO  HIGH  ANGLES  OF  ATTACK 

Leland  H.  Jorgensen 

Ames  Research  Center,  NASA,  Moffett  Field,  California  94035,  U.S.A. 


SUMMARY 

An  engineering-type  method  is  presented  for  computing  normal-force  and  pitching-moment  coefficients 
for  slender  bodies  of  circular  and  noncircular  cross  section  alone  and  with  lifting  surfaces.  In  this 
method,  a semiempirical  term  representing  viscous-separation  crossflow  is  added  to  a term  representing 
potential -theory  crossflow. 

For  bodies  of  revolution,  computed  aerodynamic  characteristics  agree  with  measured  results  for  inves- 
tigated free-stream  Mach  numbers  from  0.6  to  2.9  and  for  angles  of  attack  (a)  from  0°  to  180°.  For  bodies 
of  elliptic  cross  section,  measured  results  are  also  predicted  reasonably  well  over  the  Investigated  Mach 
number  range  from  0.6  to  2.0  and  the  a range  from  0°  to  60°.  For  all  bodies  the  predictions  are  best  at 
supersonic  Mach  numbers. 

For  body-wing  and  body-wing-tail  configurations,  measured  normal-force  coefficients  and  centers  are 
predicted  reasonably  well  at  the  upper  test  Mach  number  of  2.0.  As  the  Mach  number  Is  decreased  to  0.6, 
the  agreement  for  the  normal-force  coefficients  rapidly  deteriorates. 

When  model  flow-separation  and  vortex  patterns  are  asymmetric,  undesirable  side  forces  are  usually 
measured  on  the  models  at  subsonic  Mach  numbers  and  zero  sideslip  angle.  Generally,  the  side-force  coef- 
ficients decrease  or  vanish  with:  Increase  in  Mach  number,  decrease  in  nose  fineness  ratio,  nose  blunt- 
ing, and  flattening  of  body  cross  section  (particularly  the  nose). 


NOTATION 


4 body  cross-sectional  area 

Ajj  body  base  area  (at  x - «,) 

Ap  planform  area 

Ar  reference  area  (taken  as  Av,  for  the 

comparisons  of  computed  with  experimental 
results) 

Aw  exposed  wing  planform  area  (two  panels) 

a.b  semimajor  and  semiminor  axes  of  elliptic 

cross  section 


* a 

axial-force  coefficient,  ■—£- 


crossflow  drag  coefficient  of  circular 
F n 

cylinder  section,  — 7— r — « — 
qn(A*cy)dcy 


pitching-moment  coefficient  about  station 
at  xm  from  nose, 


normal -force  coefficient,  — -j— 

“a»  r 

local  normal-force  coefficient  per  unit 
length 


Cp  pressure  coefficient,  — - — - 

'CD 

Fy 

Cy  side-force  coefficient,  — 

<VY 

d body  cross-section  diameter 

Fa.Fn,Fy  axial,  normal,  and  side  force 
k corner  rounding  for  body  cross  section,  £ 


*A 

*N 

”n 

M„ 

P 

P„ 

% 

q. 


r 


Re 


Re 


n 


V 


V. 

w 

X 


x 


x 


ac 


x 


c 


body  aftersection  length 
body  nose  length 

Mach  number  component  normal  to  body 
axis,  M„  sin  a 

free-stream  Mach  number 

pressure 

free-stream  static  pressure 

dynamic  pressure  component  normal  to 
body  axis,  sin2  a 

free-stream  dynamic  pressure,  ^ pV2 

body  cross-section  radius  or  corner 
radius 


pV„X 

free-stream  Reynolds  number,  — — 

Reynolds  number  component  normal  to  body 
axis.  Re  ^ sin  a 

body  volume  . 

velocity  component  normal  to  body  axis, 
V„  sin  a 

free-stream  velocity 
body  width 

reference  length  (generally  taken  as  d 
for  the  comparisons  of  computed  with 
experimental  results) 

axial  distance  from  body  nose 

axial  distance  from  body  nose  to  normal- 
force  aerodynamic  center  (center  of 
pressure) 

axial  distance  from  body  nose  to  cen- 
troid of  body  planform  area 


body  length 


density  of  air 


xm  axial  distance  from  body  nose  to  pitching- 

moment  reference  center 

xsf  axial  distance  from  body  nose  to  side- 

force  aerodynamic  center 

« angle  of  attack 

U angle  of  sidesl ip 

r wing  planform  semiapex  angle 

n crossflow  drag  proportionality  factor 

(ratio  of  crossflow  drag  for  a finite- 

length  cylinder  to  that  for  an  infinite- 
length  cylinder) 

u viscosity  coefficient  of  air 


p 

<j>  angle  of  roll  about  body  longitudinal 

axis 

Subscripts: 
b body  base 

cy  cylinder 

Newt  Newtonian  theory 

nose  body  nose 

o equivalent  circular  body  or  cross 

section 

SB  slender-body  theory 

stag  stagnation 


1.  INTRODUCTION 

Over  the  last  several  years,  high  angle-of-attack  aerodynamics  has  increased  in  importance  because  of 
the  demand  for  greater  maneuverability  of  space  shuttle  vehicles,  missiles,  and  military  aircraft  (both 
manned  and  remotely  piloted).  Until  recent  years  there  has  been  a general  lack  of  analytical  methods  and 
aerodynamic  data  suitable  for  use  in  the  preliminary  design  of  most  advanc.J  configurations  for  flight  to 
high  angles  of  attack  over  a wide  range  of  Mach  and  Reynolds  numbers.  There  has  been,  however,  consider- 
able research  leading  to  the  development  of  methods  for  predicting  the  static  aerodynamic  characteristics 
of  simple  shapes,  primarily  slender  bodies  of  revolution. 

Prior  to  the  work  of  Allen  in  1949  (Ref.  1),  most  analytical  procedures  for  computing  the  aerodynamic 
characteristics  of  bodies  were  based  on  potential-flow  theory,  and  their  usefulness  was  limited  to  very 
low  angles  of  attack.  Allen  proposed  a method  for  predicting  the  static  longitudinal  forces  and  moments 
for  bodies  of  revolution  inclined  to  angles  of  attack  considerably  higher  than  those  for  which  theories 
based  only  on  potential-flow  concepts  are  known  to  apply.  In  this  method,  a crossflow  lift  attributed  to 
viscous-flow  separation  is  added  to  the  lift  predicted  by  potential  theory.  This  method  has  been  used 
quite  successfully  to  compute  the  aerodynamic  coefficients  of  inclined  bodies  (e.g..  Refs.  1-6),  although 
most  data  available  for  study  until  1961  were  for  bodies  at  angles  of  attack  below  about  20°,  and  the 
formulas  were  initially  written  to  apply  only  over  about  this  angle-of-attack  range. 

In  1961,  Allen's  concept  was  adapted  by  Jorgensen  and  Treon  (Ref.  7)  for  computing  the  normal-force, 
axial-force,  and  pitching-moment  coefficients  for  a rocket  booster  throughout  the  angle-of-attack  range 
from  0°  to  180°.  Reasonable  agreement  of  theory  with  experiment  was  obtained  for  a test  model  of  the 
rocket  booster  over  the  Mach  number  range  from  0.6  to  4.  The  Allen  concept  was  further  applied  by  Saffell, 
Howard,  and  Brooks  (Ref.  8)  in  1971  in  a computer- programmed  method  for  predicting  the  static  longitudinal 
aerodynamic  characteristics  of  low  aspect-ratio  missiles  operating  at  angles  up  to  180°. 

In  1958,  a method  for  computing  the  aerodynamic  characteristics  for  bodies  of  noncircular  cross  sec- 
tion was  proposed  by  Jorgensen  (Ref.  6).  In  this  method,  normal-force  and  pitching-moment  coefficients 
(Cnq  and  C^)  are  computed  by  Allen's  formulas  for  the  equivalent  body  of  revolution  which  has  the  same 

axial  distribution  of  cross-sectional  area  as  the  noncircular  body.  Then  the  values  of  Cn  and  Cm  for 
the  noncircular  body  are  computed  from  C^/C^  and  Cm/Cm  ratios  determined  from  apparent  mass  coeffi- 
cients ( i . e . , from  slender-body  theory).  Good  agreement  of  theory  with  experiment  (Ref.  6)  was  obtained 
by  this  procedure  for  bodies  of  elliptic  cross  section  at  the  conditions  investigated  (a/b  = 1 to  2, 

4 = 0°  and  90°,  M«,  = 2 to  4,  and  u = 0°  to  20°). 

Early  in  1973,  the  Allen  concept  was  again  applied  by  Jorgensen  (Ref.  9)  to  further  develop  an 
engineering-type  procedure  for  computing  normal -force , axial-force,  and  pitching-moment  coefficients  for 
slender  bodies  of  circular  and  noncircular  cross  sections  at  a = 0°  to  180°.  The  Cn  and  Cm  formulas 
were  written,  however,  for  a body  whose  cross-sectional  shape  remains  constant  over  the  body  length,  but 
the  cross-sectional  area,  of  course,  is  allowed  to  vary. 

In  1973,  Jorgensen  (Refs.  10  and  11)  rewrote  the  Cm  and  Cm  expressions  to  apply  to  the  general  case 
of  a slender  body  alone  or  with  lifting  surfaces  where  the  cross-sectional  shape,  as  well  as  the  cross- 
sectional  area,  is  allowed  to  vary  along  the  body  length.  For  the  special  case  of  winged-elliptic  cones, 
simplified  expressions  for  Cn  and  Cm  were  also  presented.  Good  agreement  between  predicted  and  experi- 
mental results  was  shown.  However,  experimental  results  available  for  comparison  with  the  method  were 
limited  to  simple  elliptic  bodies  and  winged-elliptic  cones  at  angles  of  attack  less  than  about  20°  and  at 
Mach  numbers  only  from  2 to  4.  Thus,  it  was  concluded  that  additional  comparisons  for  these  and  more 
diverse  configurations  were  needed  at  higher  angles  of  attack  and  at  lower  Mach  numbers  to  determine 
validity  limits  for  the  method. 

In  1972-73  there  was  a great  need  to  enlarge  the  relatively  small  data  base  for  bodies  alone  and  in 
combination  with  wings  and  tails  at  subsonic,  transonic,  and  supersonic  Mach  numbers.  By  1976  this  need 
was  alleviated  significantly  by  some  introductory  investigations  into  this  high  a field  (e.g., 

Refs.  12-21).  Most  studies  were  initiated  primarily  for  application  to  missile  aerodynamics.  Two  recent 
studies,  however,  were  more  aircraft  oriented  in  that  they  were  directed  toward  the  determination  of 
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experimental  aerodynamic  characteristics  for  slender  bodies  with  thin  wings  (Ref.  20)  and  with  wings  and  a 
tail  (Ref.  21). 

In  1977,  Jorgensen  (Ref.  22)  surveyed  much  of  the  recently  obtained  data  in  Refs.  12-21  and  compared 
his  predictive  method  with  some  experimental  normal -force  and  normal -force  center  characteristics.  Also 
included  in  the  survey  was  a study  of  experimental  side  forces  and  yawing  moments  which  have  been  shown  to 
develop  on  models  at  high  angle  of  attack  even  with  zero  sideslip  (B  = 0°).  These  unwanted  side  forces 
and  yawing  moments,  which  probably  lead  to  undesirable  stal 1/spin  characteristics,  have  been  measured  on 
noses  alone,  bodies  alone,  bodies  with  wings,  and  bodies  with  wings  and  a tail  (e.g..  Refs.  12-21). 

In  the  present  paper  some  of  the  most  pertinent  research  findings  of  Ref.  22  are  reviewed  and  updated. 
The  prediction  methodology  of  Jorgensen  is  first  summarized.  Then  aerodynamic  characteristics  computed  by 
the  method  are  compared  with  measured  characteristics  for  bodies  of  revolution,  bodies  of  elliptic  cross 
section,  and  bodies  with  thin  wings  alone  and  in  combination  with  a tail.  Following  these  comparisons, 
there  is  a discussion  of  recent  data  pertaining  to  the  origin  and  alleviation  of  undesirable  side  forces 
and  yawing  moments  associated  with  high  a flight  at  B = 0°.  This  discussion  is  based  on  measured  side- 
force  characteristics  and  some  photographs,  obtained  with  the  oil-flow  and  vapor-screen  techniques,  that 
show  the  separation  patterns  and  vortex  flow  fields  over  selected  models. 


2.  PREDICTION  METHODOLOGY 

In  this  section  the  prediction  methodology  of  Ref.  22  is  suirmarized.  Basic  equations  and  empirical 
input  values  are  oresented. 


2.1  Bodies  of  Revolution 


In  1949,  H.  J.  Allen  (Ref.  1)  proposed  a heuristic  concept  for  predicting  the  static  longitudinal 
forces  and  moments  for  bodies  of  revolution  inclined  to  angles  of  attack  considerably  higher  than  those 
for  which  theories  based  only  on  potential-flow  concepts  are  known  to  apply.  In  this  concept,  a crossflow 
lift  attributed  to  viscous  crossflow  separation  is  added  to  the  crossflow  lift  predicted  by  potential -flow 
theory.  For  the  potential -flow  lift,  Allen  used  the  slender-body  equation  derived  in  1923  by  Max  Munk  for 
airship  hulls  (Ref.  23)  and  re-examined  in  1949  by  G.  N.  Ward  (Ref.  24). 

By  using  the  Allen  concept,  Jorgensen  (Ref.  22)  wrote  the  following  equations  for  normal-force  and 
pitching-moment  coefficients: 
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In  each  equation,  the  first  term  comes  from  slender-body  theory,  and  the  second  term  represents  the  vis- 
cous crossflow  theory. 

Integrated  expressions  for  bodies  of  revolution  at  a = 0°  to  180°  have  been  obtained  from  Eqs.  (1) 
and  (2).  For  the  sign  convention  in  sketch  (a),  page  4, 
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where  Ab  is  the  body  base  area;  Ap  is  the  planform  area;  V is  the  body  volume;  xc  Is 
the  nose  apex  to  the  centroid  of  planform  area;  and  a'  = a for  0°  < a < 90°  and  a'  = 
90°  < a < 180°. 
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the  distance  from 
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The  axial  distance  from  the  nose  apex  to  the  normal-force  aerodynamic  center  is  then  given  by 


x 


ac 
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In  the  viscous  crissflow  terms  for  Cn  and  Cm,  is  the  steady-state  crossflow  (or  normal)  drag 
coefficient  for  a two-i Sensional  circular  cylinder.  Cdn  is  a function  of  both  the  Mach  number  and  Rey- 
nolds number  components  normal  to  the  body  longitudinal  axis. 
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Because  of  spillage  flow  around  the  ends  of  a finite  length  cylinder,  the  value  of  Cdn  is  less  than 
that  for  an  infinitely  long  (truly  two-dimensional)  cylinder  in  the  same  free  stream.  Thus,  is  mul- 
tiplied by  a proportionality  factor  n,  which  is  the  ratio  of  for  a finite  length  cylinder  to  that 

for  an  infinite  length  cylinder.  This  factor  n,  which  approaches  unity  as  the  cylinder  length  to  diam- 
eter approaches  infinity,  is  given  from  experimental  results  (discussed  later).  In  the  practical  use  of 
n,  it  is  assumed  that  the  f./d  of  the  cylinder  is  the  same  as  that  for  the  body  of  revolution  being  con- 
sidered. It  is  also  assumed  that  the  net-force  effect  of  the  front  and  rear  end  flows  is  approximately 
the  same  for  both  configurations. 


2.2  Bodies  of  Circular  and  Noncircular  Cross  Section  Alone  and  With  Lifting  Surfaces 

For  the  general  case  of  a body  alone  or  with  lifting  surfaces  where  the  cross-sectional  shape  can 
vary  along  the  body  length,  both  the  potential  and  viscous  separation  crossflow  terms  for  Cm  and  Cm  have 
been  written  (Ref.  22)  in  integral  form  as  follows: 


In  Eqs.  (7)  and  (8),  the  first  terms  (from  slender-body  theory)  are  not  applicable,  as  written,  for  winged- 
body  sections  where  the  dA/dx  values  are  zero  or  negative,  and  procedures  similar  to  those  suggested  in 
Ref.  25  probably  should  be  used.  Further  adaptation  of  this  method  for  use  with  body-wing  and  body-wing- 
tail  configurations  is  considered  in  Sec.  5. 

In  each  equation,  the  potential  crossflow  term  is  generalized  by  multiplying  the  value  within  the 
Integral  by  the  ratio  (Cn/CnQ ) SJJ  - the  ratio  of  the  local  normal-force  coefficient  per  unit  length  Cn 

for  the  desired  cross-sectional  shape  to  the  similar  coefficient  C|1q  for  the  equivalent  circular  shape 

having  the  same  cross-sectional  area.  The  necessary  ratios  can  be  determined  fron.  apparent  mass  coeffi- 
cients (slender-body  theory)  for  many  cross-sectional  shapes. 

In  each  equation,  the  viscous  crossflow  term  is  generalized  by  multiplying  the  value  within  the  inte- 
gral by  the  ratio  (Cn/Cn  ) . Here  the  local  ratio  of  Cn  to  Cn  at  each  station  is  assumed  to  be 
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given  by  Newtonian  impact  theory;  C<jn  remains  as  the  crossflow  drag  coefficient  for  the  equivalent  circu- 
lar cylinder  section. 

In  the  second  term  of  Eqs.  (7)  and  (8),  there  is  some  experimental  justification  for  formulating  the 
ratio  (Cn/Cn  ) from  Newtonian  theory  and  multiplying  it  by  the  available  experimental  or  theoretical  cross- 

flow  drag  coefficient  for  the  equivalent  circular  cross  section  Cj  . For  subcritical  crossflow  Mach  and 
Reynolds  numbers,  Jorgensen  (Ref.  11)  has  shown  that  Cn/Cno  values  from  Newtonian  theory  agree  reason- 
ably well  (but  somewhat  fortuitously)  with  those  from  two-dimensional  tests  (Refs.  26-30)  of  elliptic 
cross  sections  and  square  cross  sections  with  rounded  corners.  Jorgensen's  comparisons  are  shown  in 
Table  1,  Good  agreement  also  can  be  expected  at  high  supersonic  and  hypersonic  crossflow  Mach  numbers 
where  Newtonian  theory  by  definition  should  be  most  applicable.  The  most  doubtful  regimes  include  the 
transonic  crossflow  Mach  number  regime  and  the  supercritical  crossflow  Reynolds  number  regime.  (These 
regimes  are  discussed  further  for  circular  cross  sections  in  the  following  section.) 


Where  reliable  experimental  crossflow  drag  data  exist  for  a desired  noncircular  cross  section,  these 
data,  of  course,  can  be  used.  Then  the  values  of  Cj  for  the  particular  cross  sections  can  be  substi- 
tuted in  Eqs.  (7)  and  (8)  in  lieu  of  the  product  Cd  (Cn/Cn  ).,  where  Cn  as  now  written  is  for  a 
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circular  cross  section  only.  Of  course,  if  the  shape  of  the  noncircular  cross  section  varies  along  the 
body  length,  values  of  Cj  must  be  substituted  within  the  integral  in  the  second  term  of  Eqs.  (7) 

and  (8),  and  a great  deal  of  empirical  input  data  may  be  necessary  for  some  configurations. 


for  the  case  of  a body  with  the  same  cross-sectional  shape  along  the  body  length,  Eqs.  (7)  and  (8) 
reduce  to 


(9) 


These  equations  are  applicable  for  values  of  a 
rewritten  in  the  form  of  Eqs.  ( 3 ) - ( 5 ) . 


u 


from  90°  to  180°,  they  can  be 


2.3  Empirical  Input  Values 


2.3.1  Crossflow  drag  coefficient 

To  compute  Cf|  and  Cm  from  the  equations  presented  in  the  previous  sections,  values  of  crossflow 
drag  coefficient  are  needed  for  an  "Infinite  length"  or  truly  two-dimensional  circular  cylinder 

placed  normal  to  an  airstream.  As  previously  mentioned,  is  a function  of  both  the  Mach  number  and 

Reynolds  number  components  normal  to  the  cylinder  longitudinal  axis,  and  hence  for  a configuration  at 
angle  of  attack,  it.  is  a function  of  Mn  * M„  sin  a and  Ren  « Re  sin  a.  Mn  is  commonly  called  the  cross- 
flow  Mach  number  and  Ren,  the  crossflow  Reynolds  number.  For  circular  cylinders,  necessary  "state-of- 
the-knowledge"  plots  have  been  prepared  for  the  variation  of  Cdn  with  Mn  and  Ren  (Fiqs.  1-3). 

In  Fig.  1 is  shown  the  variation  of  Cdn  with  Mn  over  the  Mn  range  from  0 to  8.  Figure  1 was 

prepared  from  the  data  of  Refs.  31  through  36  and  from  data  for  transonic  Mach  numbers  obtained  recently 
by  Macha  in  the  Ames  2-  by  2-Foot  Transonic  Wind  Tunnel  (Ref.  37).  Also  shown  for  reference  are  the 
theoretical  variations  predicted  from  Newtonian  and  modified  Newtonian  theories.  Because  of  the  close 
agreement  of  the  Newtonian  values  with  experiment  at  the  higher  Mach  numbers,  it  is  not  surprising  that 
computer  programs  utilizing  Newtonian  theories  have  been  used  successfully  to  predict  space-shuttle- 
booster  .resul  ts  in  wind  tunnels  at  hypersonic  Mach  numbers  (see,  e.g.,  Ref,  38).  Except  for  the  transonic 
range,  where  data  are  questionable,  the  variation  of  Cj  with  Mn  is  well  documented  in  Fig.  1. 

In  the  transonic  range,  the  black  symbols  in  Fig.  1 represent  values  of  Cj  obtained  recently 

(Ref.  37)  from  pressure-distribution  tests  of  circular  cylinders  of  various  diameters  (1.9  to  5.1  cm)  at 
crossflow  Reynolds  numbers  from  about  1,3*105  to  4.9*105.  Many  values  of  C,j  were  initially  computed 

from  the  extensive  pressure  distributions  measured  by  Macha  on  the  cylinders  In  the  Ames  2-  by  2-Foot 
Transonic  Wind  Tunnel.  Because  there  was  a qeneral  increase  in  Cd  with  decrease  in  cylinder  diameter 

d (but  not  Ren)  for  Mn  values  from  about  0.9  to  1.2,  plots  of  Cd^  vs  d were  constructed,  and  values 
of  Cdn  were  obtained  by  extrapolating  the  curves  to  d = 0.  The  black  symbols  In  Fiq.  1 represent  these 
extrapolated  values  of  Cdn>  values  that  should  come  closest  to  representing  data  for  no  interference 

between  the  models  ard  the  wind  tunnel.  These  data  agree  well  with  the  rocket  flight-test  results  obtained 
In  1953  by  Welsh  (Ref.  36),  but  these  or  similar-sized  models  should  be  tested  further  in  a larqer  tran- 
sonic wind  tunnel . 

As  shown  in  Fig.  1,  there  Is  a critical  crossflow  Reynolds  number  effect  that  can  drastically  lower 
the  values  of  Cd  at  Mn  below  about  0.5.  For  Mn  less  than  about  0.5,  if  the  crossflow  Reyncl  ‘s  num- 
ber Ren  exceedsnthe  critical  value  of  about  2*105,  the  value  of  Cd  decreases  considerably.  This  vari- 
ation is  shown  in  greater  detail  in  Figs.  2 and  3.  n 

In  Fig.  2 the  variation  of  Cdn  with  Ren  for  Mn  less  than  about  0.4  is  presented.  It  has-been 
well  documented  over  the  last  60  years  (e.g.,  Refs.  26,  30,  32,  39)  that  Cd  a 1.2  for  laminar  boundary- 
layer  flow  and  separation  just  before  the  critical  Reynolds  number  of  about  nRen  « 2xl05.  At  about 
Re-,  = 5x10  there  is  evidence  (e.g.,  Refs.  40-42)  of  laminzr  boundary-layer  flow  around  the  front  of  the 
cylinder  to  an  angular  position  of  about  60'’  or  90°,  where  the  flow  separates,  undergoes  transition, 
and  reattaches  at  an  angular  position  of  about  110°  to  form  a laminar  separation  nubble.  Then  the 


turbulent  flow  separates  at  some  position  downstream  (an  angular  location  of  about  130°).  With  a further 
increase  in  Reynolds  number  into  the  supercritical  regime,  the  bubble  decreases  in  size  until  the  transi- 
tion to  turbulent  flow  moves  upstream  of  the  location  of  laminar  separation,  and  the  bubble  disappears 
(Ref.  42).  From  the  low  Cj  value  between  about  0.15  and  0.30,  increases  gradually,  at  least  for 

an  increase  in  Ren  up  to  about  5xl06.  Over  the  supercritical  Reynolds  number  regime  there  is  still  con- 
siderable uncertainty  in  the  magnitude  and  trend  of  C<jn  with  Ren  and  Mn.  The  shading  in  Fig.  2 indicates 
the  approximate  spread  or  uncertainty  in  C(jn  based  on  known  data. 

Jones,  Cincotta,  and  Walker  (Ref.  42)  probably  have  ride  the  most  detailed  study  of  circular  cylin- 
ders in  supercritical  flow.  With  the  use  of  freon  gas  to  obtain  high  Ren,  they  have  shown  that  there  is 
an  effect  of  Mn  on  the  variation  of  C<j  with  Ren.  Figure  3 (taken  from  Ref.  42)  summarizes  their 

Cd  results  for  Mn  = 0.25  to  0.50.  The  reader  <s  referred  to  Ref.  42  for  their  interpretation  of  these 

Ch  results  based  on  pressure-distribution  and  visual-flow  studies. 
un 

2.3.2  Crossflow  drag  proportionality  factor 

In  the  equations  used  to  compute  Cf.j  and  Cm,  n is  the  crossflow  drag  proportionality  factor,  that 
is,  the  ratio  of  the  crossflow  drag  coefficient,  for  a finite-length  cylinder  to  that  for  an  infinite- 
length  cylinder.  Cylinder  drag  coefficients  from  which  values  of  n can  he  determined  have  been  measured 
(to  the  author's  knowledge)  only  at  very  low  subsonic  Mach  numbers  (Refs.  43  and  44). 

Values  of  n for  circular  cylinders  at  very  low  crossflow  Mach  numbers  (from  Ref.  43)  are  plotted  as 
a function  of  length/diameter  in  Fig.  4.  Values  of  n for  flat  plates  are  also  plotted,  but  as  a function 
of  plate  length/width.  The  values  for  the  flat  plates  are  only  slightly  less  than  those  for  the  circular 
cylinders,  thus,  it  is  likely  that  Fig.  4 can  be  used  to  estimate  values  of  n for  many  cross  sections 
varying  from  circular  to  flat.  However,  these  values  may  be  acceptable  only  for  very  low  crossflow  Mach 
numbers . 

An  indication  of  the  variation  of  n with  crossflow  Mach  number  Mn  can  be  obtained  by  computing 
values  of  n from  high-«  Cfg  data  (Ref.  16)  for  slender  bodies  of  revolution.  From  Eq.  (3), 

CN  - sin  2a  cos(a/2)(Ab/Ar) 

nCdn  = (yATTsTi^  ( 1 1 } 

For  two  bodies  of  fineness  ratio  10  and  12  (sketched  in  Fig.  5),  the  variation  of  nCd^  with  Mn 

(for  Mn  = 0.4  to  1.6)  has  been  computed  from  Eq.  (11)  with  the  use  of  Cm  data  for  values  of  a from 

about  45°  to  60°.  As  shown  in  Fig.  5,  the  results  for  the  two  bodies  agree  closely.  Now  with  the  varia- 

tion of  Cd  with  Mn  in  Fig.  1 and  the  variation  of  nCd  with  Mn  in  Fig.  5,  the-  variation  of  n 
n n 

with  Mn  has  been  computed  and  the  results  plotted  in  Fig.  6.  (The  circular  symbols  denote  the  computed 
values  over  the  Mn  range  from  0.4  to  1.6;  the  square  and  diamond  symbols  represent  values  of  n for 
very  low  crossflow  Mach  numbers  obtained  from  Fig.  4.) 

For  most  supersonic  and  hypersonic  values  of  Mn,  n . probably  can  be  assusied  to  be  unity,  an  assump- 
tion indicated  as  being  essentially  correct  from  past  investigations  (e.g..  Refs.  3,  6,  7,  and  9).  The 

greatest  uncertainty  appears  to  be  within  the  transonic  M„  range,  and  here  further  research  is  desirable. 
In  this  study,  however.  Figs.  5 and  6 are  used  in  lieu  of  better  Information. 


2.4  Formulas  of  (cn/Cn  \ and  (cn/Cn  V,  for  Winged-Circular  and  Winged-Elliptic  Cross  Sections 
V _ "o/SB  \ 11  "o/Newt 

To  use  Eqs.  (7)-(10)  for  computing  C^  and  Cm,  ratios  of  the  section  normal -force  coefficients  (Cn) 
to  those  for  the  equivalent  circular  sections  (Cn  ) must  be  determined.  Formulas  of  (Cn/Cn  j_p  and 

(V  O \ 0/  JO 

Cn/Cn  are  presented  for  winged-circular  arid  winged-elliptic  cross  sections  (with  zero-thickness 
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wings  assumed).  Similar  results  have  been  derived  for  winged-square  cross  sections  with  rounded  corners 
(Ref.  22),  but  they  are  not  presented  In  this  paper. 

2.4.1  Formulas  of  (<ycn0)S8 

From  slender-body  theory  (e.g.,  Refs.  45-48),  (pn/Cn0)sB  expressions  have  oeen  determined  (Ref.  11) 
for  winged-circular  and  winged-elliptic  cross  sections  (see  sketches  (b),  (c),  and  (d)). 


(b)  (c)  (d) 


For  a winged-circular  cross  section  with  the  wing  planform  oerpendicular  to  the  crossflow  velocity 
Vn  (sketch  (b)5. 
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For  a winged-elliptic  cross  section  with  the  semimajor  axis  a and  wing  planform  perpendicular  to 
the  crossflow  velocity  Vn  (sketch  (c)). 
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where 
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For  a winged-elliptic  cross  section  with  the  semiminor  axis  b and  wing  planform  perpendicular  to 
the  crossflow  velocity  Vn  (sketch  (d)). 
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For  an  elliptic  cross  section  without  a wing  (e.g..  Ref.  24), 


fr“i  ' E cos2  41  + | sin2  4 
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where  $ is  the  angle  of  rcll  about  the  body  longitudinal  axis,  being  0°  with  the  semimajor  axis  a per- 
pendicular to  the  crossflow  velocity  and  90°  with  the  semiminor  axis  b perpendicular  to  the  crossflow 
velocity. 

2.4.2  Formulas  of  fCn/Cn  \ 

\ n noyNewt 

From  Newtonian  impact  theory,  (cn/Cn0)Newt  expressions  also  have  been  derived  for  winged-circular  and 
winged-elliptic  cross  sections  (Ref.  22). 

For  a winqed-circular  cross  section  with  the  wing  planform  perpendicular  to  the  crossflow  velocity 
Vn  (sketch  ( b) ) . 
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For  a winged-elliptic  cross  section  with  the  sewimajor  axis 
the  crossflow  velocity  Vn  (sketch  (c)). 


a and  wing  planform  perpendicular  to 
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For  a winged-elliptic  cross  section  with  the  semiminor  axis  b and  wing  planform  perpendicular  to 
the  crossflow  velocity  Vn  (sketch  (d)). 


„ 3 v/b  j a2/b2 

" ? Ka  ([(«W)  - 1]V? 


] + i 

(a2/b2 ) - 1 b 


(18) 


2 . 5 Relative  Influence  of  Crossflow  Terms 

It  is  interesting  to  examine  briefly  the  relative  influence  of  the  potential  and  viscous  crossflow 
terms  in  the  equations  for  Cr  and  Cm.  For  demonstration,  Jorgensen  (Ref.  9)  compared  the  magnitudes  of 
the  terms  for  an  ogive-cylinder  body  of  fineness  ratio  11  (stN/d  - 5)  at  0*0°  to  180°  and  M*,  » 2.9. 
The  computed  values  (by  Eqs.  ( 3 ) - ( 5 } ) are  presented  in  Fig.  7.  For  this  body,  the  viscous  crossflow  term 
contributes  most  of  the  normal  force  at  high  values  of  a and,  of  course,  all  of  the  normal  force  at 


a = 90°.  Although  the  slender-body  potential  term  contributes  relatively  little  to  Cn  at  high  a,  it 
has  a significant  influence  on  C(n. 

The  results  in  Fig.  7 are  indicative  of  those  computed  for  most  slender  bodies  (Ref.  22).  However, 
as  shown  in  Sec.  5,  the  relative  contributions  of  the  crossflow  terms  can  be  modified  considerably  with 
the  addition  of  thin  lifting  surfaces  (wings  and  tails)  to  a body. 


3.  METHOD  APPLIED  TO  BODIES  OF  REVOLUTION 

In  recent  years,  there  has  been  increased  interest  in  the  basic  aerodynamics  of  slender  bodies  of 
revolution  because  of  emphasis  on  achieving  more  maneuverability  from  missiles.  Some  designs  that  use 
thrust- vector  control  systems  have  been  considered  for  missile  flight  at  angles  of  attack  ranging  from  0° 
to  180°  (e.g..  Refs.  13,  15,  and  49). 

The  basic  prediction  method  of  Sec.  2 has  been  used  recently  to  adequately  predict  the  longitudinal 
aerodynamic  characteristics  of  various  bodies  of  revolution  at  Mach  numbers  from  0.6  to  3.0  and  angles  of 
attack  from  0°  to  180°  (e.g..  Refs.  9,  22,  49-51).  In  this  section,  some  selected  results  from  Ref.  22 
are  presented  for  cone-cylinder  and  ogive-cylinder  bodies  at  M„  = 2,9  and  for  ogive-cylinder  bodies  at 
M„  = 0.6  to  2.0. 


3. 1 Cone-Cylinder  and  Ogive-Cylinder  Bodies  at  M„,  = 2,9 

Longitudinal  aerodynamic  coefficients  were  measured  by  Jernell  (Ref.  52)  for  a series  of  three  cone- 
cylinder  and  four  ogive-cylinder  bodies,  the  dimensions  of  which  are  given  in  Fig.  8.  All  bodies  were 
tested  at  a from  - VJ  to  180°  for  M„  ■=  2.9  and  Re  = 1.25x10s  based  on  body  diameter. 

As  shown  in  Figs.  9 to  12,  computed  values  of  Cn  and  Cm  as  a function  of  a agree  rather  closely 
with  the  experimental  results  for  the  seven  bodies.  Estimated  values  of  C^,  however,  do  not  agree  as 
well.  In  this  study,  the  values  of  C/\  were  merely  estimated  by 

C.  * Ca  cos2  a ; 0°  S a S 90° 

and 


C.  * CA  COS2  a ; 90°  s ct  < 180° 

A Ha* 1 80° 

Here  cos2  a is  the  ratio  of  the  dynamic  pressure  in  the  axial  direction  to  the  dynamic  pressure  in  the 

free-stream  direction.  Values  of  Ca  „ and  Ca  0 were  computed  in  Ref.  9 for  the  assumption  of  tur- 

a=0  na= 180 

bulent  boundary-layer  flow,  and  these  values  include  the  contributions  of  fore  pressure,  base  pressure, 
and  turbulent  skin  friction. 

It  Is  satisfying  to  find  that  effects  of  afterbody  fineness  ratio,  nose  fineness  ratio,  and  nose 
shape  on  Cfj  and  Cm  are  predicted  so  well.  In  Fig.  9 is  shown  the  effect  of  afterbody  fineness  ratio  for 
cone-cylinder  bodies,  all  with  fineness-ratio-3  conical  noses.  Likewise,  in  Fig.  10  is  shown  the  effect 
of  afterbody  fineness  ratio  for  ogive-cylinder  bodies,  all  with  fineness-ratio-5  ogival  noses.  In  Fig.  11 
the  affect  of  nose  fineness  ratio  for  ogive-cylinder  bodies  is  shown,  and  in  Fig.  12  is  shown  the  minor 
effect  of  change  in  nose  shape  from  conical  to  ogival  for  a given  nose  fineness  ratio  of  3. 


3.2  Ogive-Cylinder  Bodies  at  M„  ° 0.6  to  2,0 

The  four  ogive-cylinder  bodies  sketched  in  Fig.  13  were  tested  in  the  NASA-Ames  6-  by  6-Foot  Wind 
Tunnel  at  a from  0°  to  60°  and  M„  » 0.6,  0.9,  1.2,  and  2.0  (Refs.  16  and  22).  The  bodies  Include  nose 
fineness  ratios  of  2.5  and  3.5  (noses  N7  and  N2),  aftersection  fineness  ratios  of  7,  9,  and  11  (after- 
sections  Cl  CiC2,  and  CjC3),  and  overall  fineness  ratios  of  9.5  (N7C i ) , 10.5  ( N2C i ) , 12,5  (N2CiC2),  ond 
13.5  ( N 7C x C 3 ) . In  this  paper,  computed  values  of  Cn  and  normal-force  aerodynamic  center  (measured  for- 
ward of  each  body  base  in  terms  of  diameter)  are  compared  with  measured  results  for  bodies  N2C x and 
N7C)C3.  All  bodies,  however,  are  considered  in  Ref.  22. 

In  Fig.  14,  it  is  seen  that  the  effect  of  Mach  number  on  the  variation  of  Cn  with  a <s  predicted 
closely  for  body  N2C i U/d  * 10.5).  The  normal-force  centers,  (t  - xac)/d,  are  predicted  closely  at 
M«,  = 2.0,  but  with  decrease  in  M«,  the  predicted  values  tend  to  lie  somewhat  rearward  of  the  measured 
values. 

Similar  results  are  shown  in  Fig.  15  for  the  longest  body,  N7C]C3  U/d  = 13.5),  but  the  results  for 
each  Mach  number  are  shown  on  separate  plots  to  facilitate  comparison  of  computed  with  measured  character- 
istics. As  for  the  shorter  body  N2Ci,  the  variation  of  Cn  with  a is  predicted  closely  throughout  the 
Mach  number  range.  Again,  however,  the  normal-force  aerodynamic  centers  are  predicted  best  at  M„  = 2.0. 


4.  METHOD  APPLIED  TO  BODIES  OF  ELLIPTIC  CROSS  SECTION 

Although  not  as  extensively  confirmed  as  for  bodies  of  revolution,  the  prediction  method  has  been 
used  to  adequately  predict  the  longitudinal  aerodynamic  characteristics  for  several  bodies  of  elliptic 
cross  section.  In  1973,  the  method  was  used  to  predict  the  characteristics  for  elliptic  bodies  of 
a/b  = 2 and  fineness  ratio  6 and  10,  but  the  a range  of  available  data  extended  only  from  0°  to  20° 

(Ref.  11).  In  1975,  aerodynamic  data  were  obtained  for  several  elliptic  bodies  of  fineness  ratio  10  tested 
at  Mo„  * 0.6  to  2.0  and  over  the  more  extended  a range  from  0°  to  60°  (Ref.  18).  Recently,  computed 
characteristics  have  been  compared  with  these  data  (Ref.  22);  In  this  section  some  of  these  comparisons 
are  reviewed. 
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In  Figure  16  is  shown  the  planform  and  end  views  of  the  two  bodies  considered  here.  The  basic  circu- 
lar body  Bj  consists  of  a circular-arc  tangent-ogive  nose  of  fineness  ratio  3 followed  by  a cylindrical 
aftersection  of  fineness  ratio  7.  Body  B2  has  the  same  length  and  axial  distribution  of  cross-sectional 
area  as  B],  but  the  ratio  of  the  semimajor  to  the  semimlnor  cross-sectional  axis  is  aj b = 2 at  all 
positions  along  the  body  length.  The  fineness  ratio  of  t/d  - 10  for  Bj  is  also  the  equivalent  fineness 
ratio  for  B2.  As  shown  In  Fig.  16,  body  B?  was  tested  both  at  $ = 0°  (flattest  side  pitching  against  the 
flow)  and  <j>  » 90°  (thinnest  side  pitching  against  the  flow). 

The  bodies  were  tested  over  the  a range  of  0°  to  60°  in  the  Ames  6-  by  6-Foot  Wind  Tunnel.  For  the 
data  used  here,  the  Reynolds  numbers)  based  on  base  diameter,  are  6.5xl05  at  M„  » 0.6  and  0.9  and 
3.8xl05  at  M„  = 1.2,  1.5,  and  2.0. 

In  Fig.  17,  computed  values  of  Cn  and  normal-force  aerodynamic  center  (i  - xac)/d  vs  a are 
compared  with  measured  values.  In  general,  there  is  reasonably  good  agreement.  The  agreement  is,  however, 
better  at  the  higher  supersonic  Mach  numbers  (i1„  = 1.5  and  2.0)  than  at  the  subsonic  Mach  numbers 
(M„  x 0.6  and  0.9).  These  comparisons,  along  with  previous  successful  conipar Isons  in  Sec,  3,  tend  to 
validate  the  prediction  method  as  a useful  tool  in  body  aerodynamic  studies,  at  least  for  bodies  with  cir- 
cular and  elliptic  cross  sections  of  constant  a/ b. 


5.  METHOD  APPLIED  TO  BODY-WING  AND  BODY-WING-TAIL  CONFIGURATIONS 

Obviously  It  is  more  difficult  to  predict  the  aerodynamic  characteristics  for  body-wing  and  body-wing 
tail  configurations  than  for  bodies  alone.  In  this  section,  the  prediction  methodology  of  Sec,  2 is  modi- 
fied for  use  in  computing  estimates  of  Cfj  and  Cra  for  these  more  complicated  configurations.  Then,  pre- 
dicted values  of  Cn  and  normal-force  center  (i  - xac)/d  are  compared  with  measured  values  for  some 
sample  configurations  selected  from  the  many  configurations  in  Refs.  20  and  21. 


5.1  Methodology  Used  to  Compute  C^  and  Cm 


In  Sec.  2,  the  first  terms  of  Eqs.  (7)  and  (8)  represent  the  Cn  and  Cro  values  from  slender-body 
potential-flow  theory.  The  first  terms  are  not  applicable,  as  written,  for  body-wing  shapes  where  the 
body  dA/dx  values  are  zero  or  negative.  Also,  for  body-wing  and  body-wing-tall  configurations,  more 
comprehensive  methods  from  potential  theory  are  available. 


For  this  study,  the  first-term  (potential-flow)  contributions  to  Cn  and  Cm  were  computed  from  the 
linear  method  presented  in  Ref.  25.  This  method,  referred  to  as  the  N-K-P  method  (for  Nielsen,  Kaattarl , 
and  Pitts),  Is  restricted  to  bodies  of  circular  cross  section  with  wings  and  tails  that  do  not  have  swept- 
forward  leading  edges  or  swept-back  trailing  edges.  It  Is  further  restricted  to  low  angles  of  attack  and 
low  angles  of  wing  and  tail  incidence  in  which  the  forces  are  linear  with  angle.  To  obtain  the  wing-body 
interference,  certain  factors  are  defined  that  are  the  ratios  of  the  lift  on  the  components  In  combination 
to  the  lift  on  the  wing  alone.  These  ratios  are  obtained  primarily  from  slender-body  theory,  but  the  wing 
lift  is  obtained  from  linear  potential  theory.  Wing-tail  interference  is  treated  by  assuming  one  com- 
pletely rolled-up  vortex  per  wing  panel  and  evaluating  the  tail  load  by  strip  theory. 

To  combine  the  N-K-P  method  with  the  crossflow  method,  the  N-K-P  potential  terms  (for  Cn  and  Cm) 
must  be  multiplied  by  a correction  'actor  (sin  2a)/2a  to  produce  a more  correct  type  of  nonlinear 
behavior  to  these  terms  and  to  eliminate  the  potential  contribution  as  a approaches  90°.  With  this 
modification  to  Eqs.  (7)  and  (8): 


and 
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Since  the  N-K-P  method  is  restricted  to  bodies  of  circular  cross  section  with  wings  and  tails,  a 
further  assumption  must  be  made  to  estimate  potential  theory  values  of  Cn  and  Cm  for  noncircular  bodies 
with  wings  and  tails.  The  local  widths  of  the  noncircular  body  in  planform  are  replaced  by  the  local  diam- 
eters of  a circular  body,  thus  keeping  the  overall  wing  and  tail  spans  constant  (see  sketch  (e)).  The 
crossflow  method,  of  course,  requires  no  such  assumption  for  noncircular  bodies. 
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For  the  way  in  which  the  crossflow  method  is  formulated  (Sec.  2),  values  of  crossflow  drag  coefficient 
Cd  for  a circular  cylinder  are  used.  As  shown  in  Fig.  1,  there  is  considerable  variation  of  C ^ with 

crossflow  Mach  number  Mn  for  values  of  Mn  from  about  0.4  to  3.  Also,  for  Mn  less  than  about  0.5, 
there  Is  considerable  change  in  Cd  as  the  crossflow  Reynolds  number  Ren  exceeds  the  critical  value  of 

about  2x10s  (Figs.  2 and  3).  These  variations  of  Cdn  with  Mn  and  Ren  may  be  expected  for  near- 

circular  bodies,  but  surely  not  for  very  flat  bodies  or  winged  bodies.  From  the  data  available,  values  of 
Cdn  for  flat  bodies  and  plates  do  not  appear  to  change  nearly  as  appreciably  with  Mn  and  Ren  over  the 
ranges  shown  in  Figs.  1 and  2 (see,  e.g..  Refs.  28,  53,  and  54).  Thus,  for  the  body-wing  configurations, 
it  is  likely  that  a constant  value  of  Cdn  will  give  closer  agreement  of  theory  with  experiment,  espe- 
cially at  a where  Mn  is  near  or  in  the  transonic  regime. 

For  flat-faced,  two-dimensional  configurations,  reasonable  values  of  crossflow  drag  coefficient  can 
be  computed  from  Newtonian  or  modified  Newtonian  theory  (see,  e.g.,  Table  1 and  Ref.  53).  For  circular 
cylinders  at  low  subsonic  and  hvoersonic  Mn,  values  of  computed  from  Newtonian  or  modified  Newtonian 

theory  also  agree  reasonably  well  with  experiment  (see  Fig.  1).  In  this  study,  modified  Newtonian  theory 
is  used  to  compute  the  circular-cylinder  Cdji  value  that  is  substituted  into  Eqs.  (19)  and  (20). 

From  modified  Newtonian  theory, 


- 1.2  for  Cp  =1.8 
stag 


For  Mn  > about  4,  CD  * 1.8  from  perfect-gas  relations  (e.g.,  Ref.  55).  In  this  study  for  wing-body 
and  wing -body- tail  configurations,  it  is  assumed  that  * 1.2  for  all  values  of  Mn  (and  hence,  Mm). 


5.2  Configurations  Tested  at  M„  ° 0-6  to  2.0 

Many  body-wing  and  body-wing-tail  model  combinations  have  been  tested,  and  the  data  are  reported  In 
Refs.  20  and  21.  Planform  views  of  the  model  components  tested  in  the  many  model  combinations  are  shown 

In  Fig.  18.  These  components  include  a basic  circular  body  Bj,  an  elliptic  body  B2  with  a/ b « 2,  five 

flat-plate  wings  (Wi  to  W5),  and  a combination  horizontal  and  vertical  tail  T.  The  bodies  B]  and  B2  are 
the  same  bodies  considered  In  Sec.  4 (see  Fig.  16)).  All  the  wings  were  designed  to  have  the  same  plan- 
form  area  (l6  d?)  if  the  wings  extended  Into  the  body  Bj  to  the  axial  centerline.  Based  on  the  phantom 
wing  chord  at  the  body  centerline,  the  taper  ratios  for  wings  Wlt  W2,  and  W3  were  0,  0.25,  and  0.50, 
respectively  (Fig.  18(a)).  They  were  also  0.25  for  W4  and  W5  (Fig.  18(b)).  Wings  W3,  W2,  and  W3 
(Fig.  18(a))  had  an  aspect  ratio  of  about  4;  wings  Wt,,  W2,  and  W5  (Fig.  18(b))  had  aspect  ratios  of  about 
5,  4,  and  3,  respectively.  Pertinent  planform  dimensions  of  the  exposed  parts  of  the  wings  are  given  in 
the  tables  in  Fig.  18.  The  tail  dimensions  are  given  in  Fig.  18(a). 

The  tests  (Refs.  20  and  21)  were  conducted  in  the  Ames  6-  by  6-Foot  Wind  Tunnel  at  a = 0°  to  60° 
and  M„,  = 0.6  to  2.0.  The  Reynolds  number,  based  on  body  diameter  d,  was  about  4x10s. 

Results  from  these  tests  (Refs.  20  and  21)  showed  that  changing  wing  taper  ratio  from  0 to  0.5 

changed  the  aerodynamic  characteristics  very  little.  Also,  changing  wing  aspect  ratio  from  3 to  5 changed 

the  aerodynamic  characteristics  very  little.  Thus,  to  achieve  more  conciseness  in  the  present  summary, 
only  two  body-wing  configurations  (B|Wn  and  B2W5)  and  two  body-wing-tail  configurations  (BjW5T  and  B2W3T) 
are  considered  in  comparing  computed  with  measured  aerodynamic  characteristics. 


5 . 3 Comparison  of  Computed  With  Measured  Normal -Force  and  Normal -Force-Center  Characteristics 

In  Figs.  19  through  22,  computed  values  of  Cn  and  (1  - xsc)/d  vs  a are  compared  with  measured 
values  for  configurations  6^5,  B2W5,  B1W5T,  and  B2W5T.  As  for  the  bodies  alone,  the  Cn  values  are 
based  on  body  cross-sectional  area  at  the  body  base.  Of  course,  they  can  be  easily  converted  to  the  more 
often  used  exposed  wing  planform  area  by  dividing  by  A^/Ak,  where  Aw/Ab  = 15.92  for  the  bodies  with  W5. 
For  configuration  B1W5,  the  free-stream  Mach  numbers  are  0.6,  0.9,  1.5,  and  2.0  (Fig.  19).  For  the 
other  configurations,  the  free-stream  Mach  numbers  ere  0.6  and  2.0  (Figs.  20-22). 

For  the  circular  body  Bj  with  the  aspect-ratio-3  wing  W5  at  M„  * 0.6  (Fig.  19(a)),  the  measured 
Cn  values  are  predicted  closely  by  the  modified  N-K-P  potential  method  only  for  a up  to  about  15°. 

Then  this  method  overestimates  Cn  over  most  of  the  higher  a range  considered.  Thus,  the  addition  of 
the  crossflow  method  to  this  potential  method  greatly  overestimates  Cn.  It  is  to  be  expected,  however, 
that  at  a near  90°  the  combination  method  should  predict  Cn  much  closer,  since  Cw  Is  given  entirely 
by  the  crossflow  method  (modified  Newtonian  Impact)  at  a * 90°.  Despite  the  difficulty  In  predicting  Cn 
over  most  of  the  high  a range,  the  positions  of  the  normal-force  center  are  predicted  closely  by  the 
combination  method. 

With  Increase  in  Mach  number  to  H„  ■ 0.9,  the  comparisons  of  computed  with  measured  results  are  not 
Improved  (Fig.  19(b)).  However,  with  increase  to  M„  * 1.5  (Fig.  19(c))  and  Mw  ■ 2.0  (Fig.  19(d));  the 
comparisons  are  Improved.  At  M„  ■ 1.5,  the  measured  Cn  values  are  only  underestimated  a small  amount 
by  the  modified  N-K-P  method  for  a up  to  about  30°  or  40°  (Fig.  19(c)).  At  M«,  » 2.0,  the  Cn  results 
are  estimated  best  by  the  combination  method  throughout  the  a range  investigated,  although  the  results 
are  still  somewhat  overpredicted  by  this  method  (Fig.  19(d)).  It  appears  that  the  combination  method 
should  Improve  in  its  prediction  of  Cn  as  Mm  Increases  throughout  the  supersonic  range. 
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When  the  body  cross  section  is  changed  from  circular  to  elliptical  with  the  same  aspect-ratio-3  wing 
{ B ! W 5 to  B2W5),  the  Cfj  results  for  M*,  - 0.6  are  predicted  closely  (possibly  fortuitously)  by  the  modi- 
fied N-K-P  method  (Fig.  20(a)).  As  before,  when  the  Mach  number  is  Increased  to  M„  = 2.0,  the  combina- 
tion method  still  gives  the  best  Cfj  prediction  throughout  the  a range  (Fig.  20(b)). 

In  Figs.  21  and  22  results  are  presented  for  the  same  body-wing  combinations  but  with  the  tail 
attached.  Generally,  the  comparisons  of  computed  with  measured  results  indicate  similar  trends  as  for  the 
body-wing  configurations. 

For  body-wing  configurations,  the  Initial  break  or  significant  deviation  from  linearity  in  the  Cfj 
(or  Ci  ) curve  with  increasing  angle  of  attack  at  the  subsonic  Mach  numbers  makes  it  extremely  difficult  to 
formulate  a rational  method  for  predicting  Cw  throughout  the  moderate  to  very  high  a range.  This 
break  is  attributed  to  flow  separation  over  the  wing  upper  surface.  For  thin  wings  of  generally  lower 
aspect  ratio  and  higher  leading  edge  sweep  than  those  studied  here,  the  break  has  been  attributed  to  vortex 
breakdown  near  the  wing  trailing  edge  of  vortices  shed  from  the  leading  edge.  Vortex  breakdown  or  bursting 
has  been  studied  rather  extensively  by  Wentz  and  Kohlman  (Ref.  56)  for  thin  delta  and  modified  delta  wings 
with  sweep  angles  from  45°  to  85°  at  low  speed.  They  have  observed  that,  as  a increases,  the  position  of 
vortex  bursting  of  the  trailing  vortices  moves  upstream  toward  the  trailing  edge  and  crosses  the  trailing 
edge  at  a specific  a.  Above  this  a,  a loss  of  lift  occurs  on  the  wing  due  to  vortex  bursting,  and  the 
effect  becomes  progressively  larger  as  a Increases.  Mendenhall  and  Nielsen  (Ref.  57)  have  more  recently 
collected  data  from  several  investigators  for  the  a value  at  which  vortex  bursting  occurs  at  the  trailing 
edge  of  delta  wings  tested  at  low  speeds.  They  were  unable  to  correlate  the  data  and  suggested  that  the 
factors  which  control  vortex  bursting  were  not  reproduced  or  controlled  between  the  various  sets  of  test 
data.  The  wings  used  In  the  present  investigation  were  generally  swept  less  than  those  studied  by  Wentz 
and  Kohlman  (Ref.  56)  and  Mendenhall  and  Nielsen  (Ref.  57).  However,  a 45°  delta  wing  similar  to  that  of 
Wt  (Fig.  18(a))  was  investigated  by  Wentz  and  Kohlman  (Ref.  56).  For  this  wing  they  failed  to  observe 
vortices,  but  they,  of  course,  measured  a loss  In  C[_  with  increase  in  a over  a particular  value  (near 
20°).  Despite  the  interesting  research  thus  far,  It  seems  that  further  research  into  the  factors  that 
control  vortex  bursting  and  flow  separation  is  needed.  The  versus  a data  presented  here  indicate 
that  this  is  especially  desirable  for  subsonic  Mach  numbers. 

From  the  comparisons  presented,  it  seems  obvious  that  the  methodology  presented  here  represents  only 
an  initial  step  into  the  complex  problem  of  predicting  the  aerodynamic  characteristics  of  body-wing  and 
body-wing-tail  configurations  to  very  high  angles  of  attack.  The  reader  Interested  In  this  field  may  wish 
to  study  several  other  initial  approaches  such  as  those  of  Mendenhall  and  Nielsen  (Ref.  57),  Axel  son 
(Ref.  58),  and  Thomson  (Ref.  59).  One  should  also  Include  the  Polhamus  suction  analogy  for  wings  (Ref.  60) 
and  some  of  its  various  adaptations  and  extensions  (e.g.,  Refs.  57,  61,  and  62).  Much  additional  research 
is  necessary  In  the  high  a field,  and  this  research  initially  should  Include  visual  observations  of  the 
flow  fields. 


6.  EXPERIMENTAL  SIDE  FORCES  ON  MODELS  AT  ZERO  SIDESLIP 

When  models  are  pitched  to  high  angles  of  attack,  side  forces  can  develop  even  at  zero  sideslip  angle 

(e.g..  Refs.  12-21,  63-65).  These  side  forces  generally  occur  at  angles  of  attack  between  about  20°  and 
60°  (but  sometimes  over  a wider  u range)  and  in  the  subsonic  and  transonic  Mach  number  ranges.  They 
result  from  asymmetric  flow  separation  and  vortex  flow  over  the  leeward  side  of  the  models,  as  shown,  for 

example.  In  the  many  oil-flow  and  vapor-screen  photographs  In  Ref.  22.  Their  signs  can  be  randomly  (±). 

As  noted  In  a recent  paper  by  Keener,  Chapman,  and  Kruse,  (Ref.  63),  some  aircraft  have  been  lost  due 
to  uncontrolled  flight  at  high  angles  of  attack,  and  some  of  the  loss  in  controllability  might  have 
originated  from  the  undesirable  side  forces  and  yawing  moments  attributed  to  asymmetric  flow  separation 
and  vortex  flow.  Research  on  this  phenomenon  recently  has  increased  considerably  because  the  flight  enve- 
lopes of  modern  aircraft' and  missiles  are  being  extended  into  the  higher  angle-of -attack  range. 

Several  interesting  analytical  and  semiempirical  modeling  techniques  for  predicting  these  side  forces 
have  been  explored  recently  (e.g.,  Refs.  59,  64-71).  Most  of  these  techniques  are  based  on  an  impulsive 
flow  analogy  between  the  leeward  flow  field  of  a circular  body  at  angle  of  attack  and  the  developing  wake 
behind  an  impulsively  started  cylinder  in  crossflow.  Thus,  only  slender  bodies  cf  revolution  have  been 
considered  to  any  degree.  To  date,  some  interesting  but  not  always  accurate  results  have  been  obtained, 
and  one  must  still  rely  heavily  on  experiment. 

The  present  study  has  been  limited  in  scope  to  an  experimental  study  of  the  side  forces  and  vortex 
flow  fields  associated  with  bodies  alone  and  bodies  with  thin  wings  and  a tail.  Most  of  the  data  dis- 
cussed herein  were  obtained  by  Jorgensen  and  Nelson  (Refs.  16,  18,  19,  21),  Jorgensen  and  Howell  (Ref.  20), 
and  Jorgensen  (Ref.  22)  in  the  Ames  6-  by  6-Foot  Wind  Tunnel  and  are  presented  In  Ref.  22.  Some  addi- 
tional data,  obtained  by  Keener  and  Chapman  (Ref.  17)  and  Keener  et  al,  (Refs.  63,  72,  73)  in  both  the 
Ames  6-  by  6-Foot  and  12-Foot  Wind  Tunnels,  are  also  used.  For  simplicity,  only  the  data  that  are  not 
found  in  Ref.  22  are  referenced  herein. 


The  data  taken  from  Pef.  22  refer  to  the  configurations  shown  In  Fig.  23.  Relative  dimensions  for 
these  configurations  are  given  in  Ref.  22  and  in  Figs.  13,  16,  18,  and  24  of  the  present  paper.  Photo- 
graphs from  oil-flow  and  "vapor-screen"  studies  of  the  configurations  in  Fig.  23  are  presented  in 
Rttf . 22. 


6. 1 Bodies  Alone 

6.1.1  Effect  of  Mach  number 

.,  in  19r/lck, ^ef ' 74^  measured  the  side  forces  on  ogive-cylinder  bodies  at  high  angles  of  attack  in 
the  * 0.5  to  1.1  range,  and  he  found  that  the  maximum  values  of  the  side-force  coefficients  decrease 
with  increasing  Mach  number.  Most  of  the  data  obtained  since  then  have  supported  Pick's  finding,  and  the 
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development  of  these  undesirable  side  forces  appears  to  be  a phenomenon  that  occurs  primarily  at  subsonic 
Mach  numbers  (see,  e.g.,  Refs.  16-21,  63,  65,  72,  73).  With  Increase  in  Mach  number  into  the  supersonic 
range,  the  side  forces  tend  to  decrease  to  zero.  However,  Orlik-Ruckermann  et  al.  (Ref.  75)  still  mea- 
sured a small  side  force  on  a 10°  semivertex  cone  at  - 2.0,  beginning  at  a * 26°  (maximum  a » 29° 

for  the  test).  It  appears  that  nose  slenderness  as  well  as  Mach  number  is  an  essential  variable,  and  the 
nose  shape  is  important. 

In  Fig.  25,  Cy  data  from  Keener  at  al.  (Ref.  72)  for  a tangent-ogive  nose  (t^/d  = 3.5)  tested  alone 
with  no  afterbody  show  that  maximum  values  of  Cy  tend  to  decrease  with  increase  in  M„  throughout  the 
a range  from  0°  to  90°.  It  is  seen  that  there  is  considerable  decrease  in  maximum  Cy  (from  about  -3  to 

-0.2)  as  Mach  number  increases  just  from  M„  = 0.25  to  0.7  (the  test  range). 

6.1.2  Effect  of  Reynolds  number 

To  the  author's  knowledge,  there  have  been  almost  no  definitive  tests  in  wind  tunnels,  or  otherwise, 
concerning  the  effect  of  Reynolds  number  on  the  development  of  body  side  forces  throughout  the  subsonic 
Mach  number  range.  In  1975,  Wardlaw  and  Morrison  (Ref.  65)  attempted  to  correlate  available  experimental 
data  and  found  no  conclusive  effect  of  Reynolds  number  on  either  onset  a for  Cy  or  on  maximum  Cy. 

More  recently,  in  1977,  Keener  et  al.  (Refs.  72  and  73)  tested  two  tangent-ogive  noses  alone  and  with 
an  afterbody  at  Reynolds  numbers  from  about  0.3xl06  to  3.8xio6  at  Mro  - 0.25.  From  these  rather  limited 
data  at  low  Mach  number,  there  is  indication  of  a significant  Reynolds  number  effect. 

This  Reynolds  number  effect  is  illustrated  by  the  Cy  vs  u data  plotted  in  Fig.  26  for  an  ogive- 
cylinder  body  at  M„  ■ 0.25  and  Re  « 0.3xl06  to  3. OxlO6.  As  Re  increases  from  0.3xl06  to  0.8xlOG,  the 

maximum  level  of  Cy  decreases.  But  then  as  Re  increases  above  O.fixio6,  the  maximum  level  of  Cy 

increases  with  each  successive  increase  in  Re.  This  Is  almost  a reminder  of  the  drop  and  then  increase 
in  crossflow  drag  coefficient  for  a circular  cylinder  as  the  crossflow  Reynolds  number  increases  from  sub- 
critical  to  critical  and  then  goes  supercritical  (see  Fig.  2). 

6.1.3  Effect  of  afterbody 


Generally,  it  has  been  found  that  when  a circular  cylinder  is  attached  to  a tangent-ogive  nose,  the 
maximum  values  of  Cy  increase.  Data  to  support  this  finding  have  been  obtained  from  Refs.  63,  72, 
and  73.  In  Fig,  27,  on  plots  of  Cy  vs  a,  it  can  be  seen  that  the  addition  of  a short  U/\/d  * 3.5) 
aftersection  to  either  a fineness-ratio  3.5  or  5 ogive  nose  tends  to  increase  the  maximum  level  of  Cv  as 
well  as  change  the  variation  of  Cv  with  a.  However,  in  each  case,  the  nose  seems  to  initiate  consider- 
able asymmetric  flow  separation  and  contributes  substantially  to  Cy. 

There  is  indication  in  Ref.  63  that  the  addition  of  longer  afterbodies  (greater  than  f.^/d  - 3.5)  can 
reduce  the  maximum  Cy.  To  resolve  the  question  over  effect  of  afterbody  length  on  Cy,  a test  of  a long 
pressure-distribution  model  with  many  orifices  is  recommended.  Then  the  integrated  forces  from  the  nose 
tip  to  various  length  positions  can  be  directly  compared. 

6.1.4  Effect  of  nose  fineness  ratio 

In  Fig.  28,  the  effect  of  nose  fineness  ratio  t^/d  on  side-force  coefficient  Cy  and  center  posi- 
tion (s.  - Xsf)/d  for  ogive-cylinder  bodies  of  revolution  is  shown.  Both  Cy  arid  (t  - Xsf)/d,  measured 
from  the  body  base,  are  plotted  as  a function  of  angle  of  attack  u for  a up  to  60°.  Plots  are  pre- 
sented for  M<0  - 0.6,  0.9,  and  1.2.  The  models  were  tested  at  Mach  numbers  up  to  M„  * 2,  but  there  were 

no  side  forces  above  about  M„  =■  1.2.  The  magnitudes  of  Cy  decrease  with  increasing  M„. 

It  is  readily  apparent  from  Fig.  28  that  the  largest  side  forces  were  obtained  with  the  flneness- 
ratlo-5  nose  N3  attached  to  the  cylinder  afterbody  Ci  (of  fineness  ratio  7).  With  decrease  in  nose 
fineness  ratio,  the  side  forces  decrease,  and  tiiey  almost  disappear  over  most  of  the  a range  for  the 
body  with  the  fineness-ratio-3  nose  (NjC]).  For  body  N3C)  (tw/d  « 5)  at  M„  - 0.6,  it  has  been  shown 
that  the  maximum  value  of  side  force  can  become  about  40%  of  the  normal  force  (Ref.  16).  Keener  et  al  . 
(Ref.  63)  have  recently  shown  that  the  maximum  value  of  Cy  can  increase  even  more  (to  the  order  of  Cr 
or  greater)  as  Mm  is  decreased  from  0.6  to  0,25.  There  is  no  question  that  the  side-force  coefficients 
increase  with  decrease  in  Mach  number  and/or  increase  in  nnse  fineness  ratio.  Wardlaw  and  Morrison 
(Ref.  65)  also  support  these  conclusions  from  their  correlations  of  collected  data. 

Note  that  the  side-force  centers  seem  to  start  well  back  on  the  cylinder;  then  as  a increases  above 

about  25°,  they  move  forward  over  a small  a range  onto  the  nose  (see,  e.g.,  Fig.  23(a)).  At  some  much 
higher  a (say  about  45°  to  55°),  they  then  tend  to  move  back  onto  the  cylinder.  Note  also  that  for 
N 3C x , the  body  with  the  largest  Cy,  the  maximum  values  of  Cy  are  located  well  forward  on  the  body. 

The  side  forces  can  be  studied  in  conjunction  with  the  vapor-screen  photographs  shown  in'  Ref.  22.  In 
Fig.  29,  the  data  for  N3Cj  at  * 0.6  and  0.9  are  plotted  along  with  the  vapor-screen  photographs 

taken  at  a *=  10°,  20°,  30  , 40°,  and  50°.  The  vapor-screen  photographs  shown  in  Fig.  29  were  taken  at  a 
crossplane  station  3.5  diameters  forward  of  the  model  base,  It  is  obvious  that  when  the  vortices  become 
asymmetric  (between  n * 20°  and  30°)  the  side  forces  develop.  So  long  as  the  vortices  remain  steadily 
asymmetric,  the  side  forces  remain.  Of  course,  as  shown  in  Ref.  22,  an  asymmetric  vortex  system  results 
from  asymmetric  flow  separation  from  the  body  surface.  There  is  obviously  a need  to  analytically  model 
the  instability  process  that  leads  to  asymmetric  boundary- layer  separation,  asymmetric  vortices,  and 
undesirable  side  forces.  Keener  and  Chapman  (Ref.  76)  suggest  that  the  vortex  flow  may  become  asynmetric 
because  of  a hydrodynamic  (inviscid)  instability  probably  at  or  near  the  nose  tip. 

In  lieu  of  a theoretical  method  for  computing  the  angle  of  attack  for  onset  of  side  force,  experimen- 
tal procedures  must  be  used.  Keener  et  al.  (Ref.  63)  have  found  that  the  onset  a can  be  rouyhly  corre- 
lated with  nose  fineness  ratio  (or  semiapex  angle)  as  families  of  curves  of  constant  afterbody.  They  have 
found  that  onset  o for  a given  body  is  essentially  invariant  with  M„,  and,  for  a nose  with  no  afterbody, 
onset  a is  given  approximately  by  two  times  the  semiapex  angle.  The  general  effect  of  increasing 

/ 
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When  the  body  cross  section  is  changed  from  circular  to  elliptical  with  the  same  aspect-ratio-3  wing 
{ B i W 5 to  B2W5),  the  Cf)  results  for  M„  - 0.6  are  predicted  closely  (possibly  fortuitously)  by  the  modi- 
fied N-K-P  method  (Fig.  20(a)).  As  before,  when  the  Mach  number  is  increased  to  M„  «=  2.0,  the  combina- 
tion method  still  gives  the  best  Cr  prediction  throughout  the  a range  (f  g.  20(b)). 

In  Figs.  21  and  22  results  are  presented  for  the  same  body-wing  combinations  but  with  the  tail 
attached.  Generally,  the  comparisons  of  computed  with  measured  results  indicate  similar  trends  as  for  the 
body-wing  configurations. 

For  body-wing  configurations,  the  initial  break  or  significant  deviation  from  linearity  in  the  Cfj 
(or  Ci)  curve  with  increasing  angle  of  attack  at  the  subsonic  Mach  numbers  makes  it  extremely  difficult  to 
formulate  a rational  method  for  predicting  Cw  throughout  the  moderate  to  very  high  a range.  This 
break  is  attributed  to  flow  separation  over  the  wing  upper  surface.  For  thin  wings  of  generally  lower 
aspect  ratio  and  higher  leading  edge  sweep  than  those  studied  here,  the  break  has  been  attributed  to  vortex 
breakdown  near  the  wing  trailing  edge  of  vortices  shed  from  the  leading  edge.  Vortex  breakdown  or  bursting 
has  been  studied  rather  extensively  by  Wentz  and  Kohlman  (Ref.  56)  for  thin  delta  and  modified  delta  wings 
with  sweep  angles  from  45°  to  85°  at  low  speed.  They  have  observed  that,  as  a increases,  the  position  of 
vortex  bursting  of  the  trailing  vortices  moves  upstream  toward  the  trailing  edge  and  crosses  the  trailing 
edge  at  a specific  a.  Above  this  a,  a loss  of  lift  occurs  on  the  wing  due  to  vortex  burstinq,  and  the 
effect  becomes  progressively  larger  as  u increases.  Mendenhall  and  Nielsen  (Ref.  57)  have  more  recently 
collected  data  from  several  investigators  for  the  a value  at  which  vortex  bursting  occurs  at  the  trailing 
edge  of  delta  wings  tested  at  low  speeds.  They  were  unable  to  correlate  the  data  and  suggested  that  the 
factors  which  control  vortex  bursting  were  not.  reproduced  or  controlled  between  the  various  sets  of  test 
data.  The  wings  used  In  the  present  Investigation  were  generally  swept  less  than  those  studied  by  Wentz 
and  Kohlman  (Ref.  56)  and  Mendenhall  and  Nielsen  (Ref.  57).  However,  a 45°  delta  wing  similar  to  that  of 
Wj  (Fig.  18(a))  was  investigated  by  Wentz  and  Kohlman  (Ref.  56).  For  this  wing  they  failed  to  observe 
vortices,  but  they,  of  course,  measured  a loss  In  C|_  with  Increase  in  a over  a particular  value  (near 
20°).  Despite  the  Interesting  research  thus  far,  it  seems  that  further  research  Into  the  factors  that 
control  vortex  bursting  and  flow  separation  Is  needed.  The  Cfj  versus  a data  presented  here  indicate 
that  this  is  especially  desirable  for  subsonic  Mach  numbers. 

From  the  comparisons  presented,  it  seems  obvious  that  the  methodology  presented  here  represents  only 
an  initial  step  into  the  complex  problem  of  predicting  the  aerodynamic  characteristics  of  body-wing  and 
body-wing-tall  configurations  to  very  high  angles  of  attack.  The  reader  Interested  in  this  field  may  wish 
to  study  several  other  initial  approaches  such  as  those  of  Mendenhall  and  Nielsen  (Ref.  57),  Axelson 
(Ref.  58),  and  Thomson  (Ref.  59).  One  should  also  Include  the  Polhamus  suction  analogy  for  wings  (Ref.  60) 
and  some  of  Its  various  adaptations  and  extensions  (e.g..  Refs.  57,  61,  and  62).  Much  additional  research 
is  necessary  in  the  high  a field,  and  this  research  initially  should  Include  visual  observations  of  the 
flow  fields. 


6.  EXPERIMENTAL  SIDE  FORCES  ON  MODELS  AT  ZERO  SIDESLIP 


When  models  are  pitched  to  high  angles  of  attack,  side  forces  can  develop  even  at  zero  sideslip  angle 
(e.g.,  Refs.  12-21,  63-65).  These  side  forces  generally  occur  at  angles  of  attack  between  about  20°  and 
60°  (but  sometimes  over  a wider  a range)  and  in  the  subsonic  and  transonic  Mach  number  ranges.  They 
result  from  asymmetric  flow  separation  and  vortex  flow  over  the  leeward  side  of  the  models,  as  shown,  for 
example,  in  the  many  oil-flow  and  vapor-screen  photographs  in  Ref.  22.  Their  signs  can  be  randomly  (±). 

As  noted  in  a recent  paper  by  Keener,  Chapman,  and  Kruse,  (Ref.  63),  some  aircraft  have  been  lost  due 
to  uncontrolled  flight  at  high  angles  of  attack,  and  some  of  the  loss  in  controllability  might  have 
originated  from  the  undesirable  side  forces  and  yawing  moments  attributed  to  asymmetric  flow  separation 
and  vortex  flow.  Research  on  this  phenomenon  recently  has  increased  considerably  because  the  flight  enve- 
lopes of  modern  aircraft' and  missiles  are  being  extended  into  the  higher  angle-of -attack  range. 

Several  Interesting  analytical  and  semiempirical  modeling  techniques  for  predicting  these  side  forces 
have  been  explored  recently  (e.g.,  Refs.  59,  64-71).  Most  of  these  techniques  are  based  on  an  Impulsive 
flow  analogy  between  the  leeward  flow  field  of  a circular  body  at  angle  of  attack  and  the  developing  wake 
behind  an  impulsively  started  cylinder  in  crossflow.  Thus,  only  slender  bodies  of  revolution  have  been 
considered  to  any  degree.  To  date,  some  Interesting  but  not  always  accurate  results  have  been  obtained, 
and  one  must  still  rely  heavily  on  experiment. 


The  present  study  has  been  limited  in  scope  to  an  experimental  study  of  the  side  forces  and  vortex 
flow  fields  associated  with  bodies  alone  and  bodies  with  thin  wings  and  a tail.  Most  of  the  data  dis- 
cussed herein  were  obtained  by  Jorgensen  and  Nelson  (Refs.  16,  18,  19,  21),  Jorgensen  and  Howell  (Ref.  20), 
and  Jorgensen  (Ref.  22)  ir.  the  Ames  6-  by  6-Foot  Wind  Tunnel  and  are  presented  in  Ref.  22.  Some  addi- 
tional data,  obtained  by  Keener  and  Chapman  (Ref.  17)  and  Keener  et  al . (Refs.  63,  72,  73)  In  both  the 
Ames  6-  by  6-Foot  and  12-Foot  Wind  Tunnels,  are  also  used.  For  simplicity,  only  the  data  that  are  not 
found  in  Ref.  22  are  referenced  herein.  \ 


The  data  taken  from  Ref.  22  refer  to  the  configurations  shown  in  Fig.  23.  Relative  dimensions  for 
these  configurations  are  given  in  Ref.  22  and  in  Figs.  13,  16,  18,  and  24  of  the  present  paper.  Photo- 
graphs from  oil-flow  and  "vapor-screen"  studies  of  the  configurations  in  Fig.  23  are  presented  in 


Ref.  22. 


6.1  Bodies  Alone 


6.1.1  Effect  of  Mach  number 

in  1971  P1cMPef-  74)  measured  the  side  forces  on  ogive-cylinder  bodies  at  high  angles  of  attack  in 
the  M„  - 0.5  to  1.1  range,  and  he  found  that  the  . uximum  values  of  the  side-force  coefficients  decrease 
with  increasing  Mach  number.  Most  of  the  data  obtained  since  then  have  supported  Pick's  finding,  and  the 


development  of  these  undesirable  side  forces  appears  to  be  a phenomenon  that  occurs  primarily  at  subsonic 
Mach  numbers  (see,  e.g.,  Refs.  16-21,  63,  65,  72,  73).  With  increase  in  Mach  number  into  the  supersonic 
range,  the  side  forces  tend  to  decrease  to  zero.  However,  Orlik-Riickermann  et  al.  (Ref.  75)  still  mea- 
sured a small  side  force  on  a 10°  semivertex  cone  at  M„  E 2.0,  beginning  at  a * 26°  (maximum  a = 29° 
for  the  test).  It  appears  that  nose  slenderness  as  well  as  Mach  number  is  an  essential  variable,  and  the 
nose  shape  is  important. 

In  Fig,  25,  Cy  data  from  Keener  at  al.  (Ref.  72)  for  a tangent-ogive  nose  (ity/d  = 3.5)  tested  alone 
with  no  afterbody  show  that  maximum  values  of  Cy  tend  to  decrease  with  Increase  In  M„  throughout  the 
a range  from  0°  to  90°.  It  is  seen  that  there  Is  considerable  decrease  in  maximum  Cy  (from  about  -3  to 

-0.2)  as  Mach  number  increases  just  from  M„  = 0.25  to  0.7  (the  test  range). 

6.1.2  Effect  of  Reynolds  number 

To  the  author's  knowledge,  there  have  been  almost  no  definitive  tests  in  wind  tunnels,  or  otherwise, 
concerning  the  affect  of  Reynolds  number  on  the  development  of  body  side  forces  throughout  the  subsonic 
Mach  number  range.  In  1975,  Wardlaw  and  Morrison  (Ref.  65)  attempted  to  correlate  available  experimental 
data  and  found  no  conclusive  effect  of  Reynolds  number  on  either  onset  ct  for  Cy  or  on  maximum  Cy. 

More  recently,  in  1977,  Keener  et  al.  (Refs.  72  and  73)  tested  two  tangent-ogive  noses  alone  and  with 
an  afterbody  at  Reynolds  numbers  from  about  0.3xl06  to  3.8x10°  at  M,„  » 0.25.  From  these  rather  limited 
data  at  low  Mach  number,  there  is  indication  of  a significant  Reynolds  number  effect. 

This  Reynolds  number  effect  Is  illustrated  by  the  Cy  vs  u data  plotted  in  Fig.  26  for  an  ogive- 
cylinder  body  at  M„  - 0.25  and  Re  * 0.3x10°  to  3.0x10°.  As  Re  increases  from  0.3x10°  to  0.8x10°,  the 

maximum  level  of  Cy  decreases.  But  then  as  Re  . Increases  above  0.8x10°,  the  maximum  level  of  Cy 

increases  with  each  successive  Increase  in  Re.  This  is  almost  a reminder  of  the  drop  and  then  increase 
In  crossflow  drag  coefficient  for  a circular  cylinder  as  the  crossflow  Reynolds  number  increases  from  sub- 
critical  to  critical  and  then  goes  supercritical  (see  Fig.  2). 

6.1.3  Effect  of  afterbody 


Generally,  it  has  been  found  that  when  a circular  cylinder  is  attached  to  a tangent-ogive  nose,  the 
maximum  values  of  Cy  Increase.  Data  to  support  this  finding  have  been  obtained  from  Refs.  63,  72, 
and  73.  In  Fig.  27,  on  plots  of  Cy  vs  a,  It  can  be  seen  that  the  addition  of  a short  (t/\/d  * 3.5) 
aftersection  to  either  a fineness-ratio  3.5  or  5 ogive  nose  tends  to  increase  the  maximum  level  of  Cy  as 
well  as  change  the  variation  of  Cy  with  a.  However,  in  each  case,  the  nose  seems  to  Initiate  consider- 
able asymmetric  flow  separation  and  contributes  substantially  to  Cy. 

There  is  Indication  in  Ref.  63  that  the  addition  of  longer  afterbodies  (greater  than  i^/d  = 3.5)  can 
reduce  the  maximum  Cy.  To  resolve  the  question  over  effect  of  afterbody  length  on  Cy,  a test  of  a long 
pressure-distribution  model  with  many  orifices  is  recommended.  Then  the  Integrated  forces  from  the  nose 
tip  to  various  length  positions  can  be  directly  compared. 

6.1.4  Effect  of  nose  fineness  ratio 

In  Fig.  28,  the  effect  of  nose  fineness  ratio  on  side-force  coefficient  Cy  and  center  posi- 

tion (a  - x<jf)/d  for  ogive-cylinder  bodies  of  revolution  Is  shown.  Both  Cy  and  U - xSf)/d,  measured 
from  the  body  base,  are  plotted  as  a function  of  angle  of  attack  n for  a up  to  60°.  Plots  are  pre- 
sented for  M,„  * 0.6,  0.9,  and  1.2.  The  models  were  tested  at  Mach  numbers  up  to  M„  » 2,  but  there  were 

no  side  forces  above  about  M„  ” 1.2.  The  magnitudes  of  Cy  decrease  with  increasing  M^. 

It  is  readily  apparent  from  Fig.  28  that  the  largest  side  forces  were  obtained  with  the  fineness- 
ratio-5  nose  N3  attached  to  the  cylinder  afterbody  Ci  (of  fineness  ratio  7),  With  decrease  in  nose 
fineness  ratio,  the  side  forces  decrease,  and  they  almost  disappear  over  most  of  the  a range  for  the 
body  with  the  fineness-ratio-3  nose  (NjCj.  For  body  N3C,  Ufj/d  - 5)  at  Mw  = 0.6,  it  has  been  shown 
that  the  maximum  value  of  side  force  can  become  about  40%  of  the  normal  force  (Ref.  16).  Keener  et  al . 
(Ref.  63)  have  recently  shown  that  the  maximum  value  of  Cv  can  Increase  even  more  (to  the  order  of  Cfj 
or  greater)  as  M„  Is  decreased  from  0.6  to  0.25.  There  is  no  question  that  the  side-force  coefficients 
Increase  with  decrease  in  Mach  number  and/or  increase  in  nose  fineness  ratio.  Wardlaw  and  Morrison 
(Ref.  65)  also  support  these  conclusions  from  their  correlations  of  collected  data. 

Note  that  the  side-force  centers  seem  to  start  well  back  on  the  cylinder;  then  as  a Increases  above 

about  25°,  they  move  forward  over  a snail  a range  onto  the  nose  (see,  e.g..  Fig.  28(a)).  At  some  much 
higher  a (say  about  45°  to  55°),  they  then  tend  to  move  hack  onto  the  cylinder.  Note  also  that  for 
N3C j , the  body  with  the  largest  Cy,  the  maximum  values  of  Cy  are  located  well  forward  on  the  body. 

The  side  forces  can  be  studied  in  conjunction  with  the  vapor-screen  photographs  shown  in  Ref.  22.  In 
Fig.  29,  the  data  for  N3C1  - 0.6  and  0.9  are  plotted  along  with  the  vapor-screen  photographs 

taken  at  a « 10°,  20°,  30  , 40°,  and  50°.  The  vapor-screen  photographs  shown  in  Fig.  29  were  taken  at  a 
crossplane  station  3.5  diameters  forward  of  the  model  base.  It  Is  obvious  that  when' the  vortices  become 
asymmetric  -(between  a ■ 20°  and  30°)  the  side  forces  develop.  So  long  as  the  vortices  remain  steadily 
asymmetric,  the  side  forces  remain.  Of  course,  as  shown  in  Ref.  22,  an  asymmetric  vortex  system  results 
from  asymmetric  flow  separation  f om  the  body  surface.  There  is  obviouslv  a need  to  analytically  model 
the  Instability  process  that  leads  to  asymmetric  boundary-layer  separation,  asymmetric  vortices,  and 
undesirable  side  forces.  Keener  and  Chapman  (Ret . 76)  suggest  that  the  vortex  flow  may  become  asymmetric 
because  of  a hydrodvnamic  (inviscid)  instability  probably  at  or  near  the  nose  tip. 


In  lieu  of  a theoretical  method  for  computing  the  angle  of  attack  for  onset  of  side  force,  experimen- 
tal procedures  must  be  used.  Keener  et  al . (Ref.  63)  have  found  that  the  onset  a can  be  roughly  corre- 
lated  with  nose  fineness  ratio  (or  semiapex  angle)  as  families  of  curves  of  constant  afterbodv.  They  have 
found  that  onset  a for  a given  body  Is  essentially  Invariant  with  M^,  and,  for  a nose  with’  no  afterbody, 
onset  a is  given  approximately  by  two  times  the  semiapex  angle.  The  general  effect  of  increasing 
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afterbody  length  is  to  decrease  onset  a;  that  is,  the  longer  the  afterbody  the  smaller  the  a at  which  a 
side  force  is  first  encountered.  A somewhat  similar  finding  is  reported  by  Wardlaw  and  Morrison  (Ref.  65). 
They  also  have  produced  (Ref.  65)  a rough  correlation  of  data  for  the  a at  which  the  maximum  Cy  Is 
observed.  It  tends  to  decrease  with  Increasing  Mach  number  and  body  fineness  ratio. 

Keener  et  al . (Ref.  63)  also  have  made  a rough  correlation  of  data  for  the  "upper-limit"  a at  which 
the  static  Cy  disappears  and  the  wake  flow  becomes  essentially  oscillatory  like  a Karman  vortex  street, 
from  a two-dimensional  cylinder.  This  upper-limit  a also  tends  to  decrease  with  increasing  M^,  varying 
from  about  a maximum  of  80°  at  = 0.25  to  a minimum  of  50°  at  M„  = 0.9. 

6.1.5  Effect  of  nose-tip  rounding 

When  the  sharp  tip  of  a fineness-ratlo-3.5  nose  (N2)  was  rounded  to  make  a fineness-ratio-3  nose 
(N,,),  the  side  forces  at  M„  = 0.6  and  0.9  almost  disappeared.  This  is  shown  in  Fig.  30  where  Cy  and 
its  center  position  are  plotted  against  a for  bodies  N)Ci,  N2C],  and  N4Cj.  Apparently  this  nose-tip 
rounding  brought  more  symmetry  to  the  flow  field,  as  can  be  seen  in  the  vapor-screen  photographs  for  both 
NjC)  and  N4C j at  M„  = 0.6  (see  Fig.  31).  For  the  blunt-nosed  body,  N4C j , a strange  vortex  pattern  devel- 
oped at  a * 40°  and  50°.  This  pattern  (Fig.  31(b))  consists  of  two  very  symmetric  vortices  from  the  nose 

located  above  two  separation  regions  stacked  one  on  top  of  the  other  (at  station  2).  What  appears  t.o  be 

the  same  or  a similar  phenomenon  has  been  observed  recently  by  Hsieh  (Ref.  77)  for  a hemisphere-cylinder 

body  at  Mu,  = 1.1  to  1.5.  This  so-called  separation-bubble  phenomenon  diminishes  with  increasing  M„ 

(Ref.  76).  In  fact,  for  N4Ct  it  was  not  observed  at  M„  = 0.9  and  above. 

In  spite  of  the  beneficial  effect  from  blunting  the  fineness-ratio-3.5  nose  (N2)  back  to  fineness- 
ratio  3 ( N i, ) , it  should  be  noted  that  the  reduction  in  Cy  was  no  better  than  that  obtained  with  the 
sharp  nose  (N))  of  the  same  fineness  ratio  (f.fj/d  = 3). 

6.1.6  Effect  of  nose-tip  strakes 

Even  though  nose-tip  strakes  appear  to  create  severe  problems  for  a radome,  they  have  been  considered 
for  reducing  unwanted  side  forces  that  develop  on  bodies  at  high  a (e.g.,  Refs.  14,  16,  17,  19,  and  72). 
The  flow  mechanism  of  the  strakes  Is,  of  course,  to  force  local  flow  separation  to  occur  symmetrically  on 
both  sides  of  the  body. 

In  Ref.  16  a study  was  made  of  the  effect  of  nose  strakes  on  a body  consisting  of  a fineness-ratio-3 
ogive  nose  attached  to  a fineness-ratlo-7  cylinder.  This  configuration,  designated  as  Nr.Cj  in  Fig.  24, 
was  tested  in  the  Ames  6-  by  6-Foot  Wind  Tunnel  at  M„  from  0.6  to  2.0. 

As  shown  in  the  vapor-screen  photographs  in  Fig.  32  for  N5C y at  M„  = 0.6,  the  tip  strakes  appar- 
ently brought  some  separation  and  vortex-flow  symmetry  near  the' nose,  but  this  symmetry  did  not  persist 
back  on  the  body  at  the  higher  angles  of  attack.  As  noted  in  Ref.  16,  this  nose-cylinder  configuration 
also  developed  some  undesirable,  but  not  large,  side  forces  at  M„  = 0.6  and  a > 20°.  The  Cy  results 
for  this  configuration  were  generally  not  as  good  as  those  for  the  same  configuration  without  the  strakes. 

For  a »°se  alone  of  slightly  higher  fineness  ratio  (tfj/d  * 3.5),  Keener  and  Chapman  (Ref.  17)  and 
Keener  et  alT(Ref.  72)  have  found  similar  strakes  to  be  very  effective  at  M„  « 0.25,  the  only  Mach 
number  Investigated.  However,  even  these  strakes  produced  mixed  results  when  the  nose  was  rolled  and/or 
yawed,  and  multiple  strakes  around  the  nose  might  be  required.  Thus  far,  the  indication  is  that  nose-tip 
strakes  may  be  very  effective  in  decreasing  Cy  on  noses  alone  but  not  so  effective  for  noses  attached  to 
long  aftersections. 

6.1.7  Effect  of  afterbody  side  strakes 

When  strakes  were  attached  to  the  sides  of  the  cylinder  Cj  of  body  N3Ci  (t^/d  = 5),  the  side  forces 
were  not  significantly  changed.  As  shown  in  Fig.  33,  the  variation  of  Cy  with  a was  changed  somewhat, 
but  the  maximum  values  of  Cv  were  about  the  same.  Apparently  the  influence  of  this  fineness-ratio-5 
nose  was  so  great  that  applying  strakes  to  the  afterbody  was  of  no  appreciable  help. 

6.1.8  Effect  of  elliptic  cross  section 

The  effect  of  elliptic  cross  section  and  roll  angle  on  side-force  coefficient  and  position  is  shown 
in  Fig.  34.  Results  are  compared  for  body  B[  (a  circular  body  of  c/d  = 10)  and  body  B2  (the  equivalent 
elliptic  body  of  constant  a/b  * 2)  at  M„  • 0.6  and  0.9.  With  the  elliptic  body  B2  oriented  at  $ = 0° 
(flat  side  pitching  against  the  free-stream  flow),  the  side-force  coefficients  are  very  small  and  close  to 
those  for  Bj.  However,  when  B2  is  rolled  to  3 * 90°,  the  side-force  coefficients  increase  consider- 
ably.  According  to  Ref.  18,  Cy  becomes  more  than  twice  Cfl  at  a * 50°  for  B2  at  $ * 90°  and 
M,„  = 0.6.  As  shown  in  the  oil -flow  and  vapor-screen  photographs  in  Figs.  35  and  35,  the  separation  and 
vortexopatterns  were  very  symmetric  for  B2  at  * « 0°,  but  they  became  very  asynmetric  for  B2  at 

From  tests  of  a body  of  elliptic  cross  section  with  variable  a/b  (body  B3),  it  was  found  that  the 

wake  flow-field  asymmetry  and  side  forces  were  Influenced  mostly  by  the  nose.  Body  B3  (Fig.  37)  consists 
of  the  same  nose  as  B2  but  has  an  afterbody  section  of  variable  a/b  over  four  body  diameters  in  length 
and  a constant  a/b  * 2 ove-  the  rear  three  body  diameters.  Detailed  dimensions  are  given  In  Refs.  18 
and  22.  As  shown  in  Fig  37,  when  83  was  oriented  at  f ■ 0°  (flattest  side  of  nose  pitching  against 
the  free-stream  flow),  tne  side-force  coefficients  were  very  small  and  close  to  those  for  B,  (the  equiva- 
lent body  of  revolution).  However,  when  B3  was  rolled  to  t ■ 90°  (thinnest  side  of  nose  pitching 
against  the  free-stream  flow),  undesirable  side  forces  developed,  and,  as  shown  in  Fig.  38,  the  vortex 
flow  changed  from  symmetric  to  asymmetric. 

Just  as  for  the  bodies  of  revolution,  the  maximum  values  of  Cy  decreased  as  hL  increased.  At 

it  j w?re  essentially  no  side  forces  measured  on  any  of  the  elliptic  bodies,  even  for  the  worst 

roll  orientation  (Ref,  18). 
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6.2  Body-Wing  and  Body-Winq-Tail  Configurations 

6.2.1  Effects  of  adding  a wing  and  a wing  plus  tall  to  a body 

In  Flq  39,  the  effects  on  side-force  coefficient  and  side-force  position  of  adding  a thin  wing  and 
wlnq  plus  tall  to  a body  are  shown.  The  body  N3C,.  which  has  a fineness-ratio-5  nose,  produced  the 
larqest  side  forces  for  the  bodies  of  revolution  tested,  As  shown  in  Fig.  39,  these  side  forces  and  their 
positions  remain  about  the  same  with  the  wing  W2  of  aspect  ratio  4 attached  or  even  with  the  tall  T 
added.  (Dimensions  for  the  wing  and  tail  are  given  in  Fig.  18  and  for  the  body  in  Fig.  24.) 

From  these  comparisons  it  can  be  concluded  that  the  most  Important  influence  comes  from  the  body  nose. 
As  seen  in  the  vapor-screen  photographs  in  Fig.  40,  the  vortex  asymmetry  that  appeared  from  the  fineness- 
ratio-5  nose,  when  tested  with  only  the  cylinder  C,,  still  persisted  when  the  wing  and  tail  were 
attached. 

6.2.2  Effects  of  wing  aspect  ratio  and  taper  ratio 

For  thin  wings  of  about  equal  planform  area  (Fig.  18)  but  with  aspect  ratios  of  3,  4,  and  5,  there 
was  essentially  no  effect  of  aspect  ratio  on  the  measured  side  forces  for  the  body-wing  models  tested 
(Ref.  20).  Likewise,  a change  in  taper  ratio  from  0 to  about  0.5  resulted  in  no  appreciable  side-force 
effect  (Ref.  20).  The  results  were  also  unchanged  when  the  tail  T (Fig.  18)  was  attached  to  the  wing- 
body  models  (Ref.  21 ). 

7.  CONCLUDING  REMARKS 

An  engineering-type  method  has  been  presented  for  computing  normal -force  and  pitching-moment  coeffi- 
cients for  slender  bodies  of  circular  and  noncircular  cross  section  alone  and  with  lifting  surfaces.  In 
this  method,  a semi  empirical  term  representing  viscous-separation  crossflow  is  added  to  a term  represent- 
ing potential -theory  crossflow.  In  computing  Cr  and  Cm  for  bodies  alone,  slender-body  theory  has  been 
used  for  the  term  representing  the  potential  crossflow.  For  bodies  with  thin  wings  and  tails,  the  linear- 
ized  potential  method  of  Nielsen,  Kaattari,  and  Pitts,  modified  for  high  ingles  of  attack,  has  been  used. 

For  bodies  of  revolution,  computed  aerodynamic  characteristics  were  found  to  agree  with  measured 
results  for  the  Investigated  free-stream  Mach  numbers  from  0.6  to  2.9.  The  angles  of  attack  extended  from 
0°  to  180°  for  M„  - 2.9  and  from  0°  to  60°  for  M„  - 0.6  to  2.0. 

For  bodies  of  elliptic  cross  section,  measured  results  were  also  predicted  reasonably  well  over  the 
Investigated  Mach-number  range  from  0.6  to  2.0  and  the  angle-of-attack  range  from  0°  to  60°.  Just  as  for 
the  bodies  of  revolution,  the  predictions  were  best  at  supersonic  Mach  numbers. 

For  body-wing  and  body-wing -tall  configurations,  measured  normal -force  coefficients  and  centers  were 
predicted  reasonably  well  at  the  upper  test  Mach  number  of  2.0.  However,  with  decrease  in  Mach  number  to 

0.6,  the  agreement  for  rapidly  deteriorated,  although  the  normal-force  centers  remained  in  close 
agreement. 

When  model -flow  separation  and  vortex  patterns  became  asymmetric,  unwanted  side  forces  were  usually 
measured  on  the  models  at  subsonic  Mach  numbers  and  zero  sideslip  angle.  Generally,  the  unwanted  side- 
force  coefficients  decreased  or  vanished  with  the  following:  (1)  Increase  in  Mach  number,  (2)  decrease  in 
nose  fineness  ratio,  (3)  change  from  sharp  to  somewhat  rounded  nose,  and  (4)  flattening  of  body  cross 
section  (particularly  the  body  nose).  Additions  of  afterbody  strakes,  thin  wings,  or  thin  wings  plus  tall 
produced  much  smaller  or  no  appreciable  effects. 

Perhaps  the  high-a  flight  characteristics  of  some  aircraft  could  be  improved  with  a fineness-ratio-3 
or  less  nose  that  is  slightly  blunted  and  elliptically  flattened. 
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Table  1.  Cd  and  Cn/C„  values  for  two-dimensional  cylinders  of  various 
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cross  sections  at  a * 90°  as  computed  by  Newtonian  theories  and  measured 
at  subcritical  Mach  and  Reynolds  numbers. 
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Fig.  1.  Variation  of  crossflow  drag  coefficient  with  crossflow  Mach  number  for  circular  cylinders. 


Fig.  2.  Variation  of  crossflow  drag  coefficient  with  crossflow  Reynolds  number  for  circular  cylinders  at 

subcritical  crossflow  Mach  numbers  (Mn  < 0.4). 
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o r)  COMPUTED  FROM  Fig.  I AND  5 
a Tj  FROM  Fig.  4 FOR  1/4  • 10 
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Fig,  6.  Variation  of  n with  Mn,  obtained  from 
experimental  results  in  Figs,  1,  4, 
and  G. 


Fig.  3.  Variation  of  crossflow  drag  coefficient 

with  crossflow  Reynolds  number  for  circular 
cylinders  at  supercritical  Reynolds  numbers 
and  at  crossflow  Mach  numbers  from  0.25 
to  0.50  (from  Ref.  42). 
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Fig.  4.  Ratio  of  crossflow  drag  coefficient  for  n 
finite-length  cylinder  (or  flat  plate)  to 
that  for  an  infinite-length  cylinder  (or 
flat  plate)  (from  Ref.  43). 
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Fig.  7.  Computed  components  of  normal-force  and 
pitching-moment  coefficients  for  an  ogive 
cylinder  body  at  a - 0°  to  180°  and 
M„  = 2.9  (from  Ref.  9). 
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Fig.  10.  Comparison  of  computed  with  measured  aerodynamic  characteristics  for  cylindrical  bodies  with 

ogival  noses  of  fineness  ratio  5;  M„  » 2.9. 
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Fig.  12.  Comparison  of  computed  with  measured  aerodynamic  characteristics  for  cylindrical  bodies  with 

conical  and  ogival  noses  of  fineness  ratio  3;  M«  “ 2.9. 


Fig.  13.  Ogive-cylinder  bodies  for  which  the  aero- 
dynamic characteristics  have  been  com- 
puted and  measured  for  0.6  s M„  s 2.0. 
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Fig*  14.  Effect  of  Mach  number  on  comparison  of 

computed  with  measured  aerodynamic  charac- 
teristics for  body  N2C x ; 0*6  s Mw  5 2.0. 
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Fig.  15.  Effect  of  Mach  number  on  comparison  of  Fig.  15.  Concluded 

computed  with  measured  aerodynamic  charac-  ' '3‘ 

terlstlcs  for  body  N./CjC,;  0.6  s M*  s 2.0, 

Re  - 4.3x105. 
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Fig.  16.  Planform  and  end  views  of  bodies  of  ell  Ip 
tic  cross  section  for  which  the  aerody- 
namic characteristics  have  been  computed 
and  measured  for  0.6  $ M.  $ 2.0. 


(b)  M.  • 0.9. 


Fig.  15.  Continued. 
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Fig.  15,  Continued. 


Fig.  17.  Comparison  of  computed  with  measured  aero- 
dynamic characteristics  for  bodies  Bi 
and  B2l  0.6  s M*  < 2.0. 
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(b)  M„  - 0.9,  Re  - 6.5xl05. 

(d)  M»  ■ 1.5,  Re  - 3.8xl05. 

Fig.  17.  Continued, 

Fig.  17.  Continued. 

CONFIGURATION  COMPUTED  MEASURED 

PLAN  VIEW 

CONFIGURATION  COMPUTED  MEASURED 
PLAN  VIEW 

IsNiia 

|iH£l 


SSiil 


IgjMWI 

■I 


ill 
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Fig.  18.  Components  for  body-wing  and  body-wing- 
tall  models  tested  In  Refs.  20  and  21. 
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Fig.  19.  Comparison  of  computed  with  measured  aaro-  Fig.  19.  Continued, 

dynamic  characteristics  for  body-wing 
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Fig.  19.  Concluded. 
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Fig.  20. 


Comparison  of  computed  with  measured  aero-  Fig. 
dynamic  characteristics  for  body-wing 
model  B2W5. 


21.  Comparison  of  computed  with  measured  aero- 
dynamic characteristics  for  body-wlng-tail 
model  BjW5T. 
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Fig.  20.  Concluded. 


Fig.  21.  Concluded 
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Fig.  22.  Comparison  of  computed  with  measured  aero-  Fig.  22.  Concluded, 

dynamic  characteristics  for  body-wlng-tall 
model  B2W5T. 


Fig.  23.  Plan-view  sketches  of  configurations  used  for  vapor-screen  and  oil -flow  studies  In  Ref.  22  and 

present  side-force  study. 
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Fig.  30.  Effect  of  nose-tip  rounding  on  side-force 
coefficient  and  side-force  position  for 
an  ogive-cylinder  body  of  revolution. 
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Fig.  31.  Vapv  -screen  photographs  for  N2Ci  (body  with  fineness-ratio-3.5  nose)  and  N4C1  (body  with 
blunt  nose  of  fineness-ratio  3)  at  M„  * 0.6;  Re  * 4.3x10s. 
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Fig.  31.  Concluded. 
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Fig.  33.  Effect  of  afterbody  side  strakes  on  side- 
force  coefficient  and  side-force  position 
for  an  ogive-cylinder  body  of  revolution 
with  a flneness-ratlo-5  nose. 
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Fig.  34.  Effect  of  elliptic  cross  section  and  roll 
angle  on  side-force  coefficient  and  side- 
force  position  (elliptic  body  of  constant 
a/b). 
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(a)  M„  * 0.6,  Re  - 6.5x10=. 

Effect  of  elliptic  cross  section  and  roll 
angle  on  side-force  coefficient  and  side- 
force  position  (elliptic  body  of  variable 
a/b). 


(a)  $ ■ 0°. 

Fig.  38.  Vapor-screen  photographs  for  B$  (body 
with  variable  a/b  cross  sections)  at 
M*  ■ 0.9;  Re  » 4.3x10s. 
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(a)  M»  ■ 0.6,  Re  ■ 4.3xl05. 

Fig.  39.  Effects  on  side-force  coefficient  and 

side-force  position  of  adding  a wing  and 
a wing  plus  tall  to  a body. 


(b)  M.  ■ 0.9,  Re  - 4.3xlo5. 
Fig.  39.  Concluded. 
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PREDICTION  OF  LATERAL  AERODYNAMIC  LOADS  ON  AIRCRAFT  AT  HIGH  ANGLES  OF  ATTACK 
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SUMMARY 

F,ngineering  methods  have  been  developed  to  predict  the  lateral  loads  on  high  speed 
fighter-bomber  configurations  at  high  angles  of  attack  and  small  angles  of  sideslip. 

The  configurations  of  interest  are  characterized  by  slender  pointed  noses  that  generate 
asymmetric  separation  vortices  at  angles  of  attack  in  the  25  to  45  degree  range.  The 
methods  consist  of  a nose  vortex  shedding  flow  model,  a vortex  lattice  wing/body/strake 
flow  model,  and  a tail  interference  model.  All  are  potential  flow  methods  and  have 
been  applied  at  incompressible  speeds.  The  methods  account  for  noncircular  nose  cross 
sections,  prediction  of  separation  location  on  the  nose  and  interaction  between  nose 
and  strake  vortices.  Calculations  have  been  made  to  compare  the  predicted  results  with 
measurements  of  vorticity  distribution,  velocities  in  the  separated  region,  and  forces 
on  noncircular  noses  and  forces  and  moments  on  complete  aircraft  configurations.  The 
predicted  results  generally  agree  with  the  data,  show  the  proper  trends,  and  demonstrate 
the  proper  physical  characteristics  of  the  flow.  More  ‘data  comparisons  and  some  work 
on  separation  location  are  required  to  achieve  a satisfactory  predictive  method. 

1 . NOMENCLATURE 


C yawing  moment  coefficient,  based  on  wing  planform  area  extended  to  model  center- 

n line  and  span 

1 2 

0^  pressure  coefficient,  (p-p^J/jpV 

C side  force  coefficient,  based  on  nose  base  area  for  noses  or  wing  planform  area 

Y extended  to  model  centerline  for  complete  configurations 

d ’ equivalent  diameter,  diameter  of  a circle  having  same  cross  section  area  as 

e<^  noncircular  cross  section 

M free  stream  Mach  number 

p static  pressure 

p^,  free  stream  static  pressure 

Re  Reynolds  number,  based  on  free  stream  velocity  and  density 

ReD  Reynolds  number,  based  on  body  diameter 

s distance  along  the  body  surface  from  the  stagnation  point,  in  the  crdsnif.low 

plane 

s'  virtual  origin  of  boundary  layer 

t time,  in  the  unsteady  two  dimensional  flow 

u,v,w  velocity  components  along  x,  y,  z directions,  respectively 

u'  boundary  layer  velocity 

u^  boundary  layer  edge  velocity 

V free  stream  velocity 

x,y, z coordinates  fixed  in  aircraft,  with  origin  at  nose,  x positive  aft,  y positive 
to  starboard  and  z positive  up 

a angle  of  attack 

a angle  between  the  free  stream  velocity  vector  and  the  body  axis 

c 

8 angle  of  sideslip 

T vortex  strength 

p free  stream  density 


y>-l 


2.  INTRODUCTION 

Theoretical  work,  supplemented  by  critical  experimental  work,  has  been  done  to 
develop  analytical  methods  for  predicting  the  static  lateral  aerodynamic  characteristics 
of  high  speed  fighter-bomber  type  aircraft  at  high  angles  of  attack  and  small  sideslip 
angles.  The  flight  condition  of  concern  is  one  of  incipient  spin  departure  and  includes 
angles  of  attack  from  25  to  45  degrees  and  sideslip  angles  up  to  10  degrees.  This 
flight  regime  and  aircraft  configurations  are  characterized  by  asymmetric  vortex  shed- 
ding from  the  aircraft  nose,  even  at  zero  sideslip.  The  steady  asymmetric  vortex  system 
passes  aft  over  the  wing,  body,  and  tail  to  induce  a side  force  and  yawing  moment  on  the 
configuration,  which  are  a majoi  source  of  aerodynamic  loads  producing  spin  departure 
motion. 

A considerable  amount  of  work  has  been  done  on  aspects  of  this  problem.  To  a great 
extent,  the  work  falls  into  three  categories.  The  first  constitutes  experimental  pro- 
grams to  measure  overall  loads  on  complete  configurations  which  are  used  as  input  to 
dynamical  simulation  of  the  motion  of  the  aircraft.  Typically  little  or  no  division  of 
loads,  pressure  distributions  or  flow  field  data  are  obtained  in  these  tests  which  would 
provide  insight  into  the  nature  of  the  flow  or  detailed  loading  distribution  on  or  about 
the  configurations.  The  second  constitutes  experimental  and  analytical  work  on  vortex 
shedding  from  inclined  bodies  of  revolution,  which  has  been  motivated  largely  by  prob- 
lems associated  with  missile  aerodynamics.  Although  no  completely  theoretical  method 
has  been  developed  to  predict  vortex  shedding,  loads,  and  flow  fields  of  circular  cross 
section  bodies,  considerable  information  is  available  and  useful  engineering  methods 
exist  to  describe  the  features  of  the  problem.  The  third  constitutes  classical  vortex 
interference  methods  which  have  been  developed  and  proven  by  experiment  over  the  last 
20  years  or  so  for  predicting  nonlinear  force  and  moment  characteristics  associated  with 
wing/body/tail  interference  in  aircraft  and  missiles. 

The  principal  characteristic  that  dominates  the  high  angle  fighter-bomber  problem 
is  the  noncircular  cross  section  nose.  It  was  recognized  a number  of  years  ago  (for 
example,  ref.  1)  that  asymmetric  vortex  shedding  from  the  nose  at  high  angles  of  attack 
can  produce  large  destabilizing  yawing  moments  that  promoted  spin  departure.  More 
recently,  It  was  recognized  that  proper  tailoring  of  the  nose  shape  can  be  used  to 
achieve  more  desirable -high  angle  handling  qualities,  and  designs  of  recent  fighter 
aircraft  have  evolved  which  make  use  of  this  feature.  To  date,  however,  little  funda- 
mental understanding  nor  predictive  capability  exists  to  describe  the  flow  over  non- 
circular nose  shapes. 

The  objective  of  the  present  work  is  to  develop  through  analysis  and  some  critical 
experiments  a better  understanding  and  predictive  engineering  methods  for  the  flow  over 
arbitrary  aircraft  nose  shapes  and  the  resulting  influence  of  the  nose  separation  vor- 
tex system  on  the  downstream  components  of  the  aircraft.  This  paper  briefly  describes 
the  technical  approach  and  presents  some  typical  results  obtained  to  date  in  the  pro- 
gram. The  work  has  been  sponsored  by  the  Vehicle  Technology  Branch  of  the  Office  of 
Naval  Research. 


3.  OVERALL  APPROACH 

The  problem  of  interest  is  the  flow  over  a high  speed  fighter-bomber  at  angles  of 
attack  in  the  asymmetric  steady  vortex  shedding  range  (perhaps  25  to  45  degrees)  and 
small  sideslip  angles.  The  analysis  and  experiments  have  been  limited  to  incompressible 
flow,  although  they  can  be  extended  to  speeds  up  to  the  critical  speed.  The  configura- 
tions of  interest  are  nose/wing/body/strak.e/tail  configurations  typical  of  modern  air- 
craft. The  flow  is  dominated  by  separation  on  the  nose  and  leading  edges  of  the  wing 
and  strake.  The  aerodynamic  loads  of  greatest  interest  are  the  side  force  and  yawing 
moment  which  are  strongly  influenced  by  flow  separation  effects  and  in  the  case  of  zero 
sideslip  are  due  entirely  to  these  effects. 

The  configuration  is  divided  into  segments  for  purposes  of  analysis;  the  nose, 
the  wing/strake/body , the  afterbody  (if  present)  and  tail.  Methods  are  developed  to 
characterize  the  separated  flow  over  the  nose  in  terms  of  potential  vortices.  In  order 
to  model  the  important  features  of  the  flow,  a large  number,  or  "cloud",  of  vortices 
are  used.  The  distribution  of  vortices  in  the  cloud  is  calculated  at  the  axial  station 
of  the  strake  leading  edge  intersection  with  the  fuselage. 

For  purposes  of  calculating  the  influence  of  the  nose  shed  vorticity  on  the  aft 
surfaces  of  the  aircraft,  the  cloud  is  modeled  by  a small  number  (two  or  four)  of  con- 
centrated vortices.  The  paths  of  these  vortices  are  computed  over  the  axial  extent  of 
the  wing,  and  the  induced  asymmetric  flow  field  on  the  wing  and  body  surfaces  is  calcu- 
lated. A lifting  surface  method  is  then  used  to  compute  the  load  distribution  on  the 
wing/strake.  Leading  edge  separation  is  treated  using  the  "vortex  lift"  analogy  of 
Polhamus  (ref.  2).  The  leading,  side,  and  trailing  edge  wing/strake  vorticity  is 
modeled  by  a number  of  concentrated  potential  vortex  filaments. 

The  nose  and  wing/strake  vortices  are  then  considered  to  trail  aft  over  the  after- 
body and  tail,  where  they  induce  loads  on  these  components.  Combinations  of  slender 
body  and  strip  methods  are  used  to  calculate  the  afterbody  and  tail  loads. 
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4.  NOSE  ANALYSIS  AND  RESULTS 

This  section  describes  briefly  the  methods  used  to  calculate  the  vortex  shedding 
from  the  nose.  Results  of  the  calculations  are  then  compared  with  measurements  made  on 
two  noncircular  shapes.  The  most  extensive  comparisons  were  made  on  a research  config- 
uration of  a V/STOL  fighter.  An  existing  model  of  this  configuration  was  tested  in  a 
cooperative  program  between  the  Office  of  Naval  Research  and  the  Langley  Research 
Center,  NASA.  The  second  configuration  is  the  F-5  fighter. 


4.1  Theory 

The  theory  is  described  in  detail  in  reference  3.  The  major  features  are  shown  in 
figure  1.  The  analysis  uses  potential  flow  methods  and  slender  body  theory  to  model 
the  steady  three  dimensional  flow  as  an  unsteady,  two  dimensional  problem,  where  time 
in  the  unsteady  problem  is  analogous  to  axial  distance  along  the  nose  ir.  the  three 
dimensional  case.  The  basic  approach  is  the  circular  cross  section  model  of  Deffenbaugh 
(ref.  4),  to  which  several  features  have  been  added. 

Initially,  a mapping  function  is  developed  to  map  the  body  cross  section  into  a 
circle,  using  a numerical  mapping  scheme  developed  by  Jameson  (ref.  5)  for  airfoils. 

At  a given  axial  station,  the  pressure  distribution  on  the  nonoircular  body  is  calcu- 
lated in  the  presence  of  the  uniform  crossflow  and  any  potential  vortices  that  are  in 
the  flow  field  at  that  station.  A windward  stagnation  point  is  located,  and  a two 
dimensional  boundary  layer  is  considered  to  exist  on  either  side  of  the  body  starting 
at  the  stagnation  point.  One  of  the  Stratford  criteria  (ref.  6),  either  laminar  or 
turbulent  as  appropriate,  is  used  to  locate  the  two  separation  points  on  the  flanks  of 
the  body.  As  can  be  seen  in  figure  1,  the  criteria  depend  upon  Cp,  the  gradient  of  Cp 
along  the  surface,  the  distance  along  the  surface,  and  for  turbulent  flow  the  Reynolds 
number.  It  was  found  in  comparisons  with  three  dimensional  separation  data  on  inclined 
bodies  of  revolution  that  separation  occurred  closer  to  the  windward  stagnation  point 
than  was  predicted  by  the  Stratford  criterion  shown  in  figure  1.  Consequently,  a 
correction  factor  oin  a was  used  with  the  numerical  criteria  0.102  and  0.35  to  represent 
the  three  dimensional  effects  in  the  boundary  layers  on  inclined  bodies,  since  this 
factor  fit  reasonably  well  the  available  data. 

At  each  of  the  two  separation  points,  a potential  vortex  is  introduced  a small 
distance  off  the  body  surface.  The  strength  of  each  vortex  is  given  by  the  vorticity 
flux  in  the  boundary  layer  at  separation,  which  depends  only  on  the  boundary  layer  edge 
velocity.  With  increasing  distance  downstream,  these  vortices  remain  constant  in 
strength  and  move  along  streamlines  in  the  flow.  At  successive  increments  in  time,  or 
distance  along  the  body,  the  process  of  calculating  boundary  layer  separation  and  intro- 
ducing two  vortices  is  repeated.  Vortex  positions  are  calculated  in  the  circle  plane 
and  mapped  into  the  noncircular  plane. 

The  pressure  distribution  on  the  nose  is  calculated  using  the  unsteady  Bernoulli 
equation.  In  order  to  avoid  a singularity  in  the  velocity  potential  derivative  term, 
which  results  in  an  unknown  constant  in  calculation  of  the  local  pressure,  a three 
dimensional  source  distribution  is  used  to  represent  the  nose  area  distribution  in 
the  presence  of  a crossflow.  Pressures  are  integrated  to  obtain  loads. 

N 

For  the  case  of  a nose  with  a vertical  plane  of  symmetry  in  zero  sideslip,  some 
initial  source  of  asymmetry  must  be  introduced  into  the  calculation  to  provide  a dis- 
turbance to  drive  the  vorticity  shedding  asymmetric.  Typically,  this  is  done  by  rota- 
ting the  two  separation  points  clockwise  (or  counterclockwise)  through  a small  angle 
(the  order  of  one-half  a degree)  over  the  first  few  increments  in  length  in  the  calcu- 
lation. Thereafter,  the  separation  points  used  are  those  calculated  using  the  pressure 
distribution.  For  nonzero  sideslip,  no  initial  disturbance  is  required. 


4.2  Comparisons  with  Data 

A comprehensive  set  of  data  was  taken  on  a research  configuration  of  a V/STOL 
fighter  in  the  V/STOL  wind  tunnel  at  the  Langley  Research  Center,  NASA.  The  flow  con- 
ditions were  35  degreeB  angle  of  attack  and  angles  of  sideslip  of  0 and  10  degrees  at  a 
Mach  number  of  0.17  and  Rep  » 7.2x10s.  The  configuration  is  shown  in  figure  2.  The 
body  cross  section  consists  of  circular  arcs  at  the  upper  and  lower  surfaces,  joined  by 
flat  sides.  The  data  consist  of  six  components  of  forces  and  moments  with  and  without 
vertical  tail  and  strakes,  shown  dashed  in  figure  2,  In  addition,  flow  field  velocity 
measurements  were  taken  with  a rake  consisting  of  seven  tubes,  each  having  5 pressure 
boles  on  its  hemispherical  forward  end  calibrated  so  as  to  measure  three  orthogonal 
components  of  the  local  velocity  vector.  The  rake  was  swept  through  arcs  over  the 
model  at  three  axial  stations  shown  in  figure  2:  body  station  52,  body  station  69 
(without  the  strakes  present)  and  body  station  98  (with  and  without  strakes) . The 
force  and  moment  data  and  flow  field  data  are  reported  in  detail  in  reference  3. 

A typical  set  of  flow  field  velocity  results  is  shown  in  figure  3 for  body  station 
52  at  a - 35*  and  8 - 0° . The  vector  lengths  represent  the  magnitudes  of  the  velocity 
component  in  the  crossflow  plane  and  the  vector  direction  represents  the  direction  of 
the  Kseaeured  velocity  component.  The  innermost  row  of  measurements  in  approximately 
2.5  cm  above  the  body  and  the  radial  distance  between  rows  is  also  2.5  cm.  In  this 
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case,  the  vorticity  is  concentrated  into  two  cores,  near  the  body,  unlike  the  case  at 
more  rearward  stations,  where  it  is  distributed  in  the  flow  field  above  the  body.  It 
is  possible  to  make  contour  integrations  about  various  contours  in  the  measured  flow 
field  to  obtain  the  distribution  of  circulation  in  the  flow  above  the  body,  and  this 
was  done. 

These  data  permit,  for  the  first  time  a detailed  evaluation  of  vortex  shedding 
theory  for  a noncircular  cross  section  nose  shape.  The  comparisons  that  are  possible 
are  vorticity  distribution  in  the  flow  field,  velocity  distributions,  and  forces  and 
moments.  Typical  results  are  described  below. 

The  method  of  section  4.1  was  applied  to  the  nose  of  the  V/STOL  configuration  for 
a = 35°  and  6=0°  assuming  turbulent  separation  on  the  flanks  of  the  nose.  The 
resulting  distribution  of  potential  vortices  in  the  flow  field  above  the  body  is  shown 
in  figure  4.  The  crosses  represent  the  right  side  (positive)  vortex  positions  and  the 
circles  the  left  side  (negative)  vortex  positions.  The  results  are  shown  for  body 
station  52,  and  indicate  that  at  this  station  the  separated  right  side  vorticity  has 
risen  somewhat  higher  above  the  body  than  the  left  side  vorticity. 

A comparison  of  distribution  of  circulation  for  this  case  is  shown  in  figure  5. 

The  numbers  with  brackets  represent  the  predicted  values  of  circulation  within  the 
sectors  shown  and  the  values  without  brackets  show  the  measured  values.  The  predictions 
(figure  4)  show  some  vortices  closer  to  the  body  than  the  innermost  sectors,  and  these 
are  shown  in  figure  5.  No  data  could  be  obtained  this  close  to  the  body,  so  no  measured 
values  are  shown.  The  total  circulation  for  each  side  is  shown  in  the  lower  part  of  the 
figure,  with  the  predicted  values  including  only  that  circulation  within  the  sectors. 

The  general  distribution  of  circulation  and  the  measured  and  predicted  values  are  in 
reasonably  good  agreement,  as  are  the  total  circulation  values  for  each  side. 

Some  typical  comparisons  for  velocities  in  the  flow  field  above  the  nose  are  shown 
in  figure  6.  The  results  shown  are  the  variation  of  vertical  (w)  and  lateral  (v) 
velocities  along  rays.  Figure  6a  has  results  for  the  90  degree  ray,  which  is  in  the 
vertical  plane  of  symmetry  of  the  body.  The  predicted  curves  have  the  same  form  as  the 
data,  but  show  some  differences  in  magnitude  within  a diameter  of  the  body.  The  nonzero 
lateral  velocity  near  the  body  is  a measure  of  the  asymmetry  that  has  developed  at  this 
station,  which  is  over-predicted  by  the  theory. 

Figure  6b  shows  similar  results  for  a 99  degree  ray,  which  passes  near  the  center 
of  the  left  vortex  (see  figure  3) . Again  the  predicted  and  measured  results  have  the 
same  form,  but  the  values  do  not  agree  well  in  the  vicinity  of  the  vortex  core  near 
the  body. 

The3e  results  are  typical  of  those  examined  at  other  rays,  body  stations,  and  flow 
conditions,  in  that  the  form  of  the  predicted  and  measured  variations  are  similar,  but 
there  are  regions  in  the  flow  in  which  the  magnitudes  do  not  agree  well.  The  velocity 
comparisons  are  a very  sensitive  indicator  for  the  method,  and  differences  with  measured 
results  are  due  both  to  differences  in  vorticity  distribution  and  unrealistic  velocity 
contributions  from  adjacent  vortices  close  to  the  point  of  interest.  In  the  aircraft 
case,  prediction  of  velocities  at  the  body  surface  and  on  wings  and  tails  removed  some- 
what from  the  nose  wake,  region  is  important,  whereas  in  the  missile  case,  tail  surfaces 
can  be  within  the  body  wake  region.  Thus,  for  the  aircraft  case,  the  proper  distribu- 
tion of  vorticity  is  probably  more  important  than  accurate  velocities  in  the  nose  wake 
region,  although  the  latter  are  very  useful  in  evaluating  the  methods. 

Calculations  were  also  made  for  comparison  with  force  and  moment  data  on  an  F-5 
nose  configuration.  The  data  sources  are  tests  run  in  the  Langley  Research  Center  Full 
Scale  Tunnel  at  M < 0.1  and  Ren  • 3*10*  (ref.  7)  and  testB  run  in  the  Nielsen  Engineer- 
ing water  tunnel  at  Ron  - 1.4><106  and  3.6X105  (ref.  3).  Some  side  force  results  for 
B “ 10’  are  shown  in  figure  7.  There  is  some  influence  of  Reynolds  number  on  the  side 
force  from  tho  Nielsen  data,  and  the  Langley  and  Nielsen  data  agree  reasonably  well. 

The  characteristic  of  particular  interest  is  the  change  in  sign  of  the  side  force  at 
values  of  a between  30°  and  35°  from  a destabilizing  effect  below  this  angle  to  a 
stabilizing  effect  above. 

Several  predicted  values  for  Re^  » 1.4x10 r’  are  shown  for  angles  of  attack  of  30 
and  40  degrees.  The  lower  values  at  each  a are  the  side  force  in  the  absence  of  separa- 
tion, which  show  a destabilizing  effect.  The  upper  values  are  the  calculated  results 
with  separation  using  the  modified  turbulent  Stratford  criterion,  0.35  sin  a.  The 
value  at  a " 40°  agrees  well  with  the  data  where  as  the  value  at  a - 30“  is  high.  Both 
calculations  show  a strong  nose-vortex-induced  stabilizing  force. 

There  are  no  separation  location  data  available  on  the  F-5  experiments  to  assess 
the  accuracy  of  that  aspect  of  the  calculations.  The  predicted  vortex  pattern  for  the 
u = 30°  case  is  shown  in  figure  8.  The  sidewash  component  is  from  left  to  right.  Some 
vortices  have  been  combined  on  the  left  side  due  to  close  proximity  to  each  other.  The 

location  of  the  windward  side  vorticity  agrees  well  with  the  observed  water  tunnel 

position  of  the  vortex  core  in  height  and  lateral  position  over  the  body,  whereas  the 
leeward  side  "center  of  vorticity"  is  somewhat  higher  and  further  outboard  than  the 
core  observed  in  the  water  tunnel  tests.  Separation  is  predicted  to  the  windward  side 
about  30  degrees  up  from  the  horizontal  axis  near  the  upper  end  of  the  nearly  flat 

surface;  on  the  leeward  side  separation  occurs  at  the  lower  end  of  the  flat  surface. 

These  positions  of  the  predicted  "center  of  vorticity"  relative  to  the  measured  ones 
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are  consistent  with  the  force  data  of  figure  7 in  that  a larger  differential  in  height 
between  the  right  and  left  vortices  than  was  observed  experimentally  produces  a larger 
vortex-induced  side  force  than  was  measured. 


5.  COMPLETE  CONFIGURATIONS 

This  section  describes  briefly  the  methods  used  to  calculate  loads  on  a complete 
configuration  subject  to  asymmetric  vortex  shedding  from  the  nose.  Results  of  the 
calculations  are  compared  v?ith  data  on  the  V/STOL  fighter  configuration  discussed  pre- 
viously . 

5.1  Theory 

The  methods  are  described  in  detail  in  references  8 and  9.  The  problem  is  divided 
into  two  parts.  In  the  first,  a vortex  lattice  model  is  used  to  calculate  loads  on  the 
wing/s trake/body  at  combined  angles  of  attack  and  sideslip  in  the  presence  of  an  arbi- 
trary asymmetric  vortex  system  originating  on  the  nose  and  passing  over  the  configura- 
tion. For  the  body,  an  image  system  is  used  consisting  of  an  image  horseshoe  vortex 
within  the  body  for  each  horseshoe  vortex  on  the  wing/strake.  The  trailing  legs  of  the 
image  vortex  lie  at  the  inverse  points  within  the  body,  which  is  assumed  circular.  The 
trailing  legs  of  the  wing  horseshoe  vortices  are  constrained  co  lie  in  the  plane  of  the 
wing  along  lines  parallel  to  the  body  longitudinal  axis  with  sideslip. 

A crossflow  plane  analysis  is  used  to  locate  the  nose  vortices  relative  to  the 
wing/bcdy.  For  this  purpose,  the  "cloud"  of  vorticss  at  the  aft  end  of  the  nose  is 
approximated  with  from  two  to  four  concentrated  vortices  whose  locations  are  the  centers 
of  gravity  of  the  portion  of  the  cloud  each  represents.  At  successive  axial  stations, 
the  wing/body  is  mapped  into  a circle,  and  the  nose  vortices  are  permitted  to  move  along 
streamlines  in  successive  crossflow  planes  from  the  wing  leading  to  trailing  edge  and 
along  the  afterbody,  if  present.  Once  the  locations  of  the  nose  vortices  are  estab- 
lished, a crossflow  plane  method  is  used  to  compute  the  nose  vortex-induced  velocities 
at  the  vortex  lattice  cot>*-rol  points.  The  vortex  lattice  is  then  calculated  in  the 
presence  of  the  asymmetric  nose-induced  velocity  field. 

Leading  edge  separation  on  the  wing  and  strake  la  treated  using  the  Polhamus  vortex 
lift  concept  (ref.  2).  In  an  initial  calculation  in  the  presence  of  nose  vortices,  the 
leading  edge  suction  is  computed  on  the  strake  and  wing.  According  to  the  vortex  lift 
concept,  a portion  of  the  suction  is  rotated  into  the  normal  force  direction  when  lead- 
ing edge  separation  occurs.  The  fraction  of  suction  rotated  is  a function  of  leading 
edge  sweep  angle  and  is  obtained  from  reference  10,  based  on  a correlation  of  data 
mostly  from  delta  wings. 

Most  of  the  configurations  of  interest  have  wings  with  leading  edges  that  are  swept 
less  than  45  degrees  and  leading  edge  extensions,  or  strakes,  that  are  swept  at  least 
60  degrees.  Under  these  circumstances,  the  strake  develops  full  vortex  lift,  a strake 
leading  edge  separation  vortex  is  formed,  the  wing  leading  edge  separates  but  does  not 
develop  vortex  lift,  and  the  strake  vortex  is  "torn"  from  the  leading  edge  at  the 
strake-wing  junction  and  passes  aft  over  the  wing.  This  condition  is  modeled  in  the 
following  approximate  way  in  the  calculation  method.  After  the  first  vortex  lattice 
calculation  is  made  and  the  vortex  lift  known,  a strake  vortex  is  considered  to  start 
above  the  Wing-strake  junction,  and  its  position  downstream  of  that  point  is  calculated 
with  the  crossflow  plane  analysis,  much  like  a nose  vortex.  Interaction  between  the 
strake  and  nose  vortices  occurs,  which  generally  is  significant  because  the  strake 
vortices  are  stronger  than  the  nose  vortices.  The  strake  vortex  is  assumed  to  originate 
laterally  at  the  wing-strake  junction,  and  the  strake  vortex  strength  is  determined  from 
the  vortex  span  and  vortex  lift  (normal  force) . The  strake  vortex  height  is  chosen  on 
the  basis  of  observations  of  leading  edge  separation  on  delta  wings. 

Loads  are  calculated  on  the  portion  of  the  body  within  the  wing  root  chord  by 
locating  a number  of  node  points  on  the  surface,  calculating  the  velocity  at  these 
points,  and  using  the  full  Bernoulli  equation  to  calculate  pressures.  On  the  afterbody 
(if  present) , vortex  impulse  changes  are  used  to  calculate  loads,  based  on  the  positions 
of  the  vortices  at  the  wing  trailing  edge  and  the  tail  leading  edge. 

Tail  vortex  interference  loads  are  calculated  using  the  basic  strip  theory  approach 
of  reference  11.  The  method  is  generalized  to  a single  panel,  or  arrangements  of  single 
panels,  in  the  presence  of  single  or  multiple  vortices  in  order  to  treat  the  most  gener- 
al empennage  configuration  in  the  presence  of  any  number  of  vortices.  Direct  tail  loads 
are  calculated  using  tail-paneJ -alone  lift-curve  slopes  from  reference  12  and  the  "wing- 
body"  interference  factors  of  reference  11. 


5.2  Comparisons  with  Data 

Comparisons  were  made  with  data  from  the  V/STOL  research  fighter  tests.  The  data 
comparisons  that  are  possible  are  overall  forceB  and  moments  and  strake  vortex  positions. 

The  table  below  shows  the  results  for  predicted  side  force  and  yawing  moment  for 
four  configurations  which  differ  in  strake  and  vertical  tail  arrangement.  The  angle  of 
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attack  is  35  degrees  and  the  angle  of  sideslip  zero  degrees.  The  Reynolds  number  is 

ReD  * 7 . 2xio  5 . 


Comparison  of  Measured  and  Predicted  Loads 


Strake 

Tail 

Component 

CY 

C 

n 

Meas. 

Pred. 

Meas. 

Pred. 

Off 

Off 

Nose 

-.032 

-.010 

Wing/Body 

-.009 

-.002 

Total 

-.  034 

-.041 

-.012 

-.012 

Off 

On 

Nose 

-.032 

-.010 

Wing/Body 

-.010 

-.002 

Tail 

-.118 

+ .082 

Total 

-.04 

-.160 

-.01 

+7oTo 

On 

Off 

Nose 

-.012 

-.006 

Wing/Body 

-.030 

+ .011 

Total 

-.03 

-.042 

+ .001 

+ .005 

On 

On 

Nose 

-.012 

-.006 

Wing/Body 

-.011 

-.001 

Tail 

-.016 

+ .011 

Total 

-.040 

-.039 

+ .012 

+ .004 

All  of  the 

loads  represent 

nonlinear 

effects  induced 

by  the 

asymmetric 

nose  vortex 

system  and 

are  relatively 

small.  Generally  the 

agreement  is 

reasonably 

good  except 

the  tail  on/strakes . of f case,  where  it  appears  that  the  predicted  tail  load  is  too  high. 
The  flow  field  data  at  the  wing  trailing  edge  station  indicate  that  most  of  the  vertical 
tail  is  operating  in  a low  axial  velocity  region  for  the  no-strake  case,  due  to  the 
large  separated  flow  region  above  the  wing  and  body.  When  strakes  are  present,  the 
strake  vortex  energises  the  flow  over  the  wing  and  provides  a high  axial  velocity  over 
the  tail.  Thus,  the  over  prediction  in  forces  without  strakes  is  probably  due  to  a low 
dynamic  pressure  acting  on  the  tail. 

Generally,  predicted  lateral  loads  on  the  portion  of  the  body  on  which  the  wing  is 
located  and  on  the  tail  are  of  the  same  order  as  the  nose  loads.  Thus,  although  nose 
flow  separation  is  the  basic  source  of  lateral  effects,  important  downstream  interfer- 
ence effects  induced  by  the  nose  vortices  occur  as  well  and  need  to  be  included  in  the 
total  predicted  loads. 

Th..-  loci  if  vortex  positions  in  the  crossflow  plane  for  the  same  flow  condition 
with  strakes  is  shown  in  figure  9.  Values  of  the  body  station  are  noted  at  various 
positions  on  the  vortex  paths,  and  the  vortex  strengths  are  also  shown  for  each  vortex. 
The  two  nose  vortices  are  a concentrated  vortex  representation  of  the  distribution  in 
figure  4 and  show  a small  initial  asymmetry  in  strength  and  position  at  the  strake 
leading  edge.  They  tend  to  rise  slowly  and  move  to  the  right  under  the  influence  of 
the  free  stream  and  self-induced  velocities  until  the  strake  vortices  are  introduced. 
Because  of  the  larger  strengths  of  the  strake  vortices,  these  then  dominate  the  motion 
of  the  nose  vortices  and  force  them  down  until  at  the  base  of  the  body  they  are  close 
to  Lne  wing  plane  in  height.  The  flow  field  data  at  the  wing  trailing  edge  do  not  show 
any  indication  of  the  presence  of  nose  vortices,  and  it  appears  that  these  may  have 
merged  with  the  strake  vortices,  which  are  much  stronger. 

The  strake  vortices  move  upward  under  the  influence  of  the  free  stream  flow  and 
remain  laterally  at  about  the  position  of  the  break  in  sweep  between  the  strake  and 
wing.  Measured  positions  of  the  vortex  core  centers  are  shown  at  the  wing  trailing  edge 
wnich  agree  reasonably  well  with  the  predicted  positions.  In  the  initial  calculations 
made  with  this  configuration,  strake  vortex  heights  at  the  wing/strake  junction  were 
selected  based  on  observations  of  vortex  formation  on  delta  wings,  which  showed  that 
the  leading  edge  vortices  trailed  back  ovor  the  wing  at  about  half  the  angle  of  attack. 
These  calculations  resulted  in  strake  vortex  positions  that  were  high  compared  to  the 
measured  positions.  The  strake  vortex  height-  shown  in  figure  9 are  based  on  an 
initial  height  bout  half  that  deduced  from  ti.^  delta  wing  data,  which  indicate  that 
there  is  a substantial  influence  of  the  wing  presence  on  strake  vortex  height. 


6.  DISCUSSION 

The  real  flow  ov  ,-r  a fighter-bomber  at  high  angles  of  attack  is  obviously  very  com- 
plicated and  impossible  to  model  in  detail.  The  engineering  methods  that  are  described 
in  the  preceding  sections  are  an  attempt  to  use  vortex  interference  methods  that  have 
been  applied  successfurly  to  computation  of  many  nonlinear  phenomena  in  aircraft  and 
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missiles  to  model  the  high  angle  aircraft  problem.  This  section  discusses  some  of  the 
results  obtained  in  light  of  the  real  flow  phenomena  and  insight  gained  in  the  data  and 
calculations  made. 

Vortex  bursting  is  known  to  occur  on  body/wing/strake  combinations  as  the  angle  of 
attack  increases.  The  flow  field  data  on  the  V/STOL  model  nose  indicates  that  the  nose 
vortices  have  axial  velocities  in  the  core  region  that  exceed  those  in  the  adjacent 
flow  by  about  50  percent.  For  the  case  of  no  strakes,  the  flow  field  data  behind  the 
wing  show  some  indication  of  the  presence  of  the  nose  vorticity  about  3 equivalent  body 
diameters  above  the  body,  but  the  vorticity  is  sufficiently  diffuse  that  core  regions 
are  difficult  to  identify.  This  region  has  axial  velocities  that  are  about  20  percent 
less  than  the  adjacent  flow. 

With  strakes,  the  flow  field  velocity  distribution  behind  the  wing  shows  no  indica- 
tions of  nose  vorticity  but  does  show  a strong,  well  defined  circulatory  flow  behind 
each  wing  panel  characteristic  of  a vortex.  The  central  regions  of  these  vortices, 
however,  have  a very  low  velocity  "core"  whose  diameter  is  the  order  of  one-quarter  of 
the  wing  semispan.  Without  additional  measurements  over  the  wing,  it  is  difficult  to 
judge  the  state  of  the  vortices,  but  there  remains  a large  amount  of  circulation  in  the 
flow  behind  the  wing.  These  vortices  were  represented  in  the  calculation  by  concentra- 
ted potential  vortex  filaments,  and  that  may  well  be  a reasonable  approximation  for 
purposes  of  calculating  induced  velocities  away  from  the  core  region  on  the  tail  and 
afterbody.  Additional  work  needs  to  be  done  to  evaluate  this  matter. 

The  calculations  on  the  F-5  nose,  in  particular,  show  that  the  asymmetric  vortex 
pattern  that  develops  is  fairly  sensitive  to  the  location  of  separation.  In  some  cases 
on  both  the  F-5  and  V/STOL  noses  which  have  regions  of  nearly  flat  sides  with  very  low 
pressure  gradients,  the  predicted  separation  location  was  found  to  oscillate  across  the 
flat  faces  from  one  body  station  to  the  next  as  the  separation  vortices  changed  the 
pressure  distribution  slightly,  and  this  influences  the  shed  vorticity  pattern.  The 
sin  a modification  to  the  Stratford  criterion  as  an  approximate  three  dimensional  cor- 
rection was  verified  on  some  data  on  circular  cross  section  bodies  and  appeared  to  work 
well  in  the  few  cases  examined.  It  should  be  evaluated  more  thoroughly,  on  both  circular 
and  noncircular  three  dimensional  bodies,  and  modified  as  necessary  to  give  a more 
reliable  indication  of  separation  on  typical  noncircular  aircraft  nose  shapes.  No 
appropriate  data  exist  on  noncircular  shapes,  to  our  knowledge,  and  some  such  data 
would  be  essential  in  making  such  an  evaluation. 

Finally,  the  loads  induced  on  the  wing/body  and  tail  are  somewhat  sensitive  to  the 
way  in  which  the  vorticity  distribution  at  the  aft  end  of  the  nose  is  modeled  with  a 
few  concentrated  vortices.  Cases  calculated  with  both  2 and  4 vortices  modeling  the 
cloud  showed  this  effect.  Additional  work  is  indicated,  perhaps  using  the  entire  cloud 
of  vortices,  to  evaluate  the  detail  with  which  the  cloud  vorticity  distribution  must  be 
modeled  to  obtain  proper  downstream  interference  effects. 


7 . CONCLUDING  REMARKS 

Vortex  interference  methods  were  applied  to  the  case  of  a high  speed  aircraft  at 
high  angles  of  attack  to  attempt  to  develop  engineering  prediction  methods  for  non- 
linear lateral  effects  induced  by  asymmetric  vortex  shedding  on  realistic  noncircular 
nuse  shapes.  The  availability  of  detailed  flow  measurements  made  as  a part  of  this 
study  was  a significant  factor  in  evaluating  the  methods  and  insuring  that  the  proper 
physical  flow  phenomena  are  contained  in  the  flow  models. 

On  the  basis  of  the  comparison  that  were  made,  the  flow  models  appear  to  describe 
properly  the  flow  phenomena  and  to  give  reasonable  estimates  of  the  nonlinear  phenomena. 
The  methods  need  some  additional  comparisons  with  data,  particularly  separation  location 
information,  in  order  to  be  considered  relia’-  a predictive  methods  useful  in  preliminary 
design  and  data  analysis. 
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Figure  1.-  Asymmetric  vortex-shedding  model 
for  noncircular  cross  sections. 


Figure  2.-  Langley  Research  Center  V/STOL  fighter  model 


Figure  4.-  Calculated  distribution  of  shed  vortices  for  V/STOL 
model  at  a = 35°,  B = 0°,  body  station  52. 


Figure  5.-  Measured  and  predicted  circulation  distribution 
above  the  V/STOL  model  nose  at  a = 35' , 
a * 0°,  body  station  52. 
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Figure  7.-  Measured  and  predicted  side-force 
coefficient  variation  with  angle  of  attack 
for  F-5  nose  at  10°  sideslip  angle. 


X REPRESENTS 
POSITIVE 
VORTICES 
SUED  FROM 
KKHIT  SIDE 
O REPRESENTS 
NEGATIVE 
VORTICES 


*x  x 


Figure  8.-  Calculated  distribution  of  shed  vortices  for 
F- 5 nose  at  a - 30° , 0 «■  -10°  and  41-percent  length 
station  for  Stratford  separation. 
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Figure  9.-  Calculated  variation  of  vortex  positions 
with  axial  distance  along  body  for  V/STOL 
model  at  a = 35°,  3 88  0°. 
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PREDICTION  AND  MEASUREMENT  OF  THE  AERODYNAMIC 
FORCES  AND  PRESSURE  DISTRIBUTIONS  OF  WING-TAIL 
CONFIGURATIONS  AT  VERY  HIGH  ANGLES  OF  ATTACK 

Richard  P.  White,  Jr. 

Systems  Research  Laboratories,  Inc. 

1055  J.  Clyde  Morris  Boulevard 
Newport  News,  Virginia  23602 


SUMMARY 

The  presentation  starts  with  a brief  review  of  the  experimentally  measured  effects 
of  vortex  flows  attached  to  the  main  lifting  surface  of  a wing-tail  configuration  at  high 
angles  of  attack.  This  review  will  be  followed  by  a detailed  presentation  of  the  three- 
dimensional  viscous  lifting  surface  theory  that  has  been  developed  to  predict  the  distri- 
bution of  aerodynamic  loadings  on  arbitrary  planforms  having  attached  vortex  flows  at 
high  angles  of  attack.  The  paper  will  conclude  with  comparisons  between  measured  and 
predicted  performance  and  pressure  distribution  data  for  a wing-strake  configuration  at 
a high  angle  of  attack.  Limitations  of  the  prediction  technique  as  well  as  the  potential 
of  utilizing  “vortex  lift"  to  amplify  the  performance  characteristics  of  highly  maneuver- 
able  aircraft  will  also  be  outlined. 
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LIST  OF  SYMBOLS 
Lift  coefficient  of  the  wing 
Chord  length  of  tail  surface 

Pitching  moment  coefficient  about  the  wing  MAC 
Upper  surface  pressure  coefficient 
Doublet  strength  per  unit  area 

Horizontal  separation  between  the  mean  aerodynamic  chords  of  the  wing 
and  the  tail 

Longitudinal  separation  between  the  mean  aerodynamic  centers  of  the 
wing  and  the  tail 

Radius  of  the  viscous  core  of  the  leading  edge  vortex 

Perturbation  velocity  component  in  the  x direction  at  point  i on 

the  wing  surface 

Free  stream  velocity 

Perturbation  velocity  component  in  the  y direction  at  point  i on 

the  wing  surface 

Perturbation  velocity  component  in  the  z direction  at  point  i on 

the  wing  surface 

Cartesian  coordinate  system  fixed  to  the  wing 
Angle  of  attack  of  the  wing 

Angle  of  attack  of  tail  with  respect  to  wing  mean  chord 

Kinematic  viscosity  of  the  air 

Turbulent  eddy  viscosity  of  the  vortex  core 

Velocity  potential 

Perturbation  velocity  potential 

Velocity  potential  of  the  undisturbed  flow 

Density  of  the  air 


1.0.  INTRODUCTION 

For  the  past  several  years,  the  RASA  Division  of  Systems  Research  Laboratories,  Inc., 
has  been  conducting  an  experimental  and  theoretical  study  of  the  vortex-flow  interactions 
with  low  aspect  ratio  lifting  surfaces.  The  general  objective  of  this  study  has  been  to 
investigate  the  concept  of  vortex  control  for  the  improvement  of  the  performance  charac- 
teristics of  lifting  surfaces,  especially  low  aspect  ratio  swept  wings  at  high  angles  of 
attack.  The  initial  experimental  investigation  conducted  under  this  contract  effort 
(Ref.  1)  showed  that  significant  improvement  in  the  performance  characteristics  of  low 
aspect  ratio  swept  lifting  surfaces  could  be  achieved  by  the  use  of  vortex  generation  and 
control  techniques . 

The  experimental  research  conducted  to  date  has  been  concerned  primarily  with  a 1/4 
scale  model  of  an  F4E  wing  planform  and  with  retrofit  leading  eage  vortex  generating 
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devices  attached  to  it.  While  the  test  results  have  3hown  that  positive  performance 
gains  can  be  outlined  by  the  interaction  of  the  wing  with  the  vortices  generated  by  the 
leading  edge  surfaces,  it  was  found  that  the  pitching  moment  tended  to  become  rinstable 
(nose  up)  at  the  higher  angles  of  attack,  because  the  possible  interaction  of  the  vor- 
tex flow  generated  by  the  wing  with  the  tail  plane  might  significantly  reduce  the  effec- 
tiveness of  the  horizontal  tail  and  not  permit  this  unstable  pitching  moment  to  be  neu- 
tralized, the  effectiveness  of  the  horizontal  tail  operating  in  the  wake  of  the  wing  was 
recently  investigated. 

In  addition  to  the  experimental  investigation  of  the  effects  of  wing  vortex  flows  on 
the  effectiveness  of  the  tail  plane,  the  development  of  a theoretical  prediction  method 
was  continued  this  past  year  and  correlation  of  predicted  and  measured  results  was  under- 
taken . 

The  prediction  method,  which  will  be  briefly  outlined  herein,  extended  an  original 
theoretical  formulation  of  the  problem  (Ref.  2)  so  that  the  flow  tangency  boundary  con- 
ditions can  be  satisfied  on  the  total  wetted  surface  of  the  wing  instead  of  only  the 
mean  surface.  This  enables  the  computation  of  surface  pressures  on  both  the  upper  and 
lower  airfoil  surfaces.  In  addition,  a more  realistic  mathematical  model  than  the  one 
utilized  in  Reference  2 was  developed  for  the  representation  of  the  leading  edge  vortex 
system. 

The  following  sections  of  this  paper  will  first  briefly  summarize  the  experimental 
results  obtained  during  the  investigation  of  the  effectiveness  of  the  tail  when  operating 
in  the  wing  wake  and  then  the  basic  aspects  of  the  theoretical  prediction  method  will  be 
presented.  The  paper  will  conclude  with  a comparison  of  predicted  and  measured  pressure 
distribution  over  the  surface  of  a wing-strake  configuration  at  a high  angle  of  attack. 

2.0.  BACKGROUND  SUMMARY  OF  RESEARCH 

The  primary  purpose  of  the  research  program  that  is  being  conducted  with  the  support 
of  the  Office  of  Naval  Research  (ONR)  is  to  understand  and  develop  a means  of  predicting 
the  effects  of  attached  vortex  flows  on  the  aerodynamic  characteristics  of  low  aspect 
ratio  wings  of  arbitrary  planform  operating  at  high  angles  of  attack. 

In  order  that  the  research  to  be  reported  on  herein  can  be  understood  in  the  proper 
context,  a brief  review  of  the  research  effort  conducted  over  the  last  few  years  will  be 
presented  first. 

In  the  subject  research  effort  a low  aspect  ratio  swept-tapered  lifting  surface,  with 
and  without  various  appendages  to  develop  vortex  flows,  has  been  tested  and  has  been  used 
as  the  model  for  the  theoretical  calculations.  Figure  1 presents  a photograph  of  the 
wing,  with  a root  strake  attached,  mounted  in  a wind  tunnel.  In  addition  to  measuring 
the  six  components  of  forces  and  moments  about  the  quarter  chord  location  of  the  MAC  of 
the  wing,  pressure  distributions  over  the  surface  were  measured  at  244  locations.  A 
sample  of  the  visualized  attached  vortex  flows  generated  at  high  angles  of  attack  by  the 
wing-strake  configurations  shown  in  Figure  1,  are  presented  in  Figure  2 and  Figure  3. 

Figure  2 Bhows  the  leading  edge  vortex  which  exists  on  the  wing  and  Figure  3 shows  the 
path  of  the  strake  vortex  over  the  surface  of  the  wing.  As  can  be  seen  from  the  photo- 
graphs, the  leading  edge  vortex  moves  along  and  away  from  the  leading  edge  as  it  travels 
out  the  span  until  it  bursts,  while  the  induced  flows  deform  the  strake  vortex  such  that 
it  is  turned  approximately  90  degrees  to  the  free  stream  flow  near  the  wing  trailing  edge. 
The  surface  flow  over  the  wing  induced  by  the  strake  and  leading  edge  vorticeB  are  indi- 
cated by  the  tufts  attached  to  the  wing  surface  as  shown  in  Figure  4.  As  indicated  by 
the  tufts  in  the  photograph,  the  flow  outboard  of  the  burst  leading  edge  vortex  is  com- 
pletely separated  and  the  induced  velocity  of  the  vortices  has  created  a strong  spanwise 
flow  between  the  paths  of  the  strake  and  leading  edge  vortices.  The  tufts  also  indicate 
that  there  are  regions  of  potential  flow  inboard  of  the  strake  vortex  aft  of  the  50% 
chord  line  and  outboard  of  this  vortex.  As  indicated  by  these  pictures,  the  aerodynamic 
flows  associated  with  a wing-strake  configuration  operating  at  high  angles  of  attack  are 
complicated  and  are  typified  by  regions  of  separated  flow,  potential  flow  and  regions 
where  strong  vortices  interact  with  the  wing  surface.  The  effect  of  the  interactive  vor- 
tex flows  on  the  total  wing  lift  as  a function  of  angle  of  attack  are  shown  in  Figure  5. 

As  can  be  seen  from  the  data  presented  in  this  figure,  above  an  angle  of  attack  of  approxi- 
mately 15  degrees  the  basic  wing  begins  to  show  effects  of  stall  while  the  wing  with  the 
leading  edge  vortex  generating  appendages  continues  to  develop  Increasing  lift  with  angle 
of  attack  In  a linearized  fashion  up  to  an  angle  of  attack  of  approximately  30  degrees  at 
which  angle  abrupt  stall  occurs.  While  an  abrupt  stall  occurs,  the  lift  force  generated 
by  the  vortex  flows  is  only  reduced  by  about  6%  initially  and  then  remains  relatively 
constant  as  the  angle  of  attack  Is  increased  to  approximately  40  degrees. 

The  significant  difference  in  the  pressure  distributions  over  the  wing  surface  at  an 
angla  of  attack  of  27.7  degrees  with  the  addition  of  the  root  strake  is  shown  in  Figure  6. 
At  this  angle  of  attack  the  pressure  distributions  indicate  the  basic  wing  is  completely 
stalled  over  its  entire  surface  except  for  a small  region  near  the  root  when  the  remnants 
of  the  leading  edge  vortex  are  generating  a small  amount  of  increased  lift.  The  pressure 
distributions  measured  on  the  wing  strake  configuration,  on  the  other  hand,  indicate  very 
strong  pressure  peaks  from  both  the  strake  and  leading  edge  vortex  flows.  By  tracing  the 
locations  of  the  maximum  pressures  of  the  two  pressure  peaks,  the  paths  of  the  two  vor- 
tices over  the  wing  surface  can  be  determined.  As  can  be  seen,  the  paths  of  the  stronger 
leading  edge  vortex  and  the  strake  vortex  come  together  near  the  80%  chord  line  which  cor- 
responds to  the  flow  pictures  shown  in  Figures  2 and  3.  It  can  also  be  noted  from  the 
pressure  distributions,  the  leading  edge  vortex  is  probably  changing  from  a line  vortex 
to  a fully  turbulent  burst  vortex  as  it  travels  from  the  5 to  20%  chord  position  as  indi- 
cated by  the  rapid  decrease,  in  the  peak  pressures.  While  the  vortex  flows  were  beneficial 
as  they  significantly  increased  the  lifting  capabilities  of  the  wing  surface  at  high 
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angles  of  attack,  they  also  had  a detrimental  effect  as  they  caused  the  pitching  moment 
to  become  unstable  about  the  quarter  chord  of  the  wing  MAC.  Figure  7 compares  the  pitch- 
ing moment  characteristic  of  the  basic  wing  as  a function  of  angle  of  attack  with  those 
measured  with  two  configurations  having  leading  edge  vortex  producing  lifting  devices. 

It  can  be  noted  from  the  data  presented  in  this  figure  that  when  the  leading  edge  vortex 
is  formed  at  an  angle  of  attack  of  approximately  13  degrees,  the  rate  of  increase  in  the 
negative  pitching  moment  with  angle  of  attack  is  temporarily  decreased  for  the  basic  wing 
and  the  slope  of  the  pitching  moment  with  increasing  angle  of  attack  changes  sign  for  the 
configurations  with  the  strake  attached.  The  reason  for  this  significant  change  in  the 
pitching  moment  characteristics  of  the  wing  is  that  the  vortex  flows  that  generate  the 
lift  at  high  angles  of  attack  do  so  along  the  leading  edge  as  indicated  by  the  pressure 
distribution  presented  in  Figure  6.  Since  the  leading  edge  snag  is  located  at  the  68% 
span,  the  control  it  exerts  on  the  wing  lift  is  slightly  aft  of  the  quarter  chord  loca- 
tion of  the  MAC  and  thus,  it  tends  to  reduce  the  destabilizing  pitching  moment.  While 
it  was  believed  that  a horizontal  stabilizer  could  overcome  this  destabilizing  pitching 
moment  without  difficulty,  questions  arose  as  to  the  effect  of  the  wing  vortex  flows  on 
the  effectiveness  of  the  horizontal  stabilizer  operating  in  the  wing  wake.  It  was  con- 
cluded therefore,  that  a brief  experimental  investigation  of  tha  effect  of  the  location 
of  the  horizontal  stabilizer  with  respect  to  the  wing  on  its  effectiveness  should  be 
conducted. 

-A 

3.0.  DETERMINATION  OF  TAIL  EFFECTIVENESS  BV  EXPERIMENTAL  MEANS 

The  experimental  test  setup  to  evaluate  the  effectiveness  of  the  horizontal  tail  in 
providing  the  pitching  moment  necessary  to  trim  a wing-tail  configuration  is  shown  in 
Figure  8.  The  horizontal  tail  had  an  independent  angle  of  attack  control  and  could  be 
located  at  various  distances  aft  of  the  wing  as  well  as  at  various  locations  along  a line 
perpendicular  to  the  wing  chordplane.  In  order  to  study  in  detail  the  interaction  of  the 
wing  wake  with  the  tail  surface,  ninety  eight  (98)  pressure  taps  were  located  over  the 
surface  of  the  horizontal  tail  along  lines  of  constant  percent  chord.  Figure  9 presents 
a sketch  of  the  geometric  orientation  of  the  wing  tail  model  as  it  was  mounted  in  the 
wind  tunnel.  The  angle  of  attack  of  the  wing  was  varied  by  rotating  the  wind  tunnel  turn- 
table which  contained  the  balance  system  to  which  the  wing  and  tail  surfaces  were  mounted. 

At  a given  angle  of  attack  of  the  wing,  the  angle  of  attack  of  the  horizontal  tail  was 
altered  until  a zero  pitching  moment  about  the  wing  MAC  was  obtained.  To  determine  the 
tail  effectiveness  of  the  tail  surface  at  a given  wing  angle  of  attack,  the  variation  of 
the  pitching  moment  about  the  wing  MAC  due  to  angle  of  attack  changes  of  the  tail  about 
its  axis  for  system  trim  was  determined.  A sample  of  the  results  obtained  for  the  basic 
wing  tail  configuration  are  presented  in  Figure  10.  As  can  be  seen  from  the  data  pre- 
sented in  Figure  10  the  pitching  moment  generated  by  the  tail  surface  aB  its  angle  of 
attack  was  altered  about  the  trim  angle  was  surprisingly  linear  regardless  of  the  angle 
of  attack  of  the  main  wing.  The  rate  of  change  of  the  pitching  moment  with  tail  angle  of 
attack  dCM/daT,  provides  a measure  of  the  effectiveness  of  the  tail.  The  results  pre- 
sented in  Figure  10  indicate  that  while  there  is  some  loss  in  tail  effectiveness  as  the 
wing  angle  of  attack  is  increased  from  15  to  30  degrees,  it  is  much  less  than  might  be 
expected. 

The  variation  of  the  trim  angle  of  attack  of  the  tail  relative  to  the  wing  chord 
shows  that  very  large  changes  in  the  tail  geometric  angle  of  attack  are  required  to  main- 
tain aircraft  trim  above  a wing  angle  of  attack  of  20  degrees.  In  investigating  the 
reasons  for  this  apparent  large  change  in  angle  of  attack  of  the  tail  surface,  the  system 
forces  and  moments  were  inspected  in  detail  as  well  as  the  tail  pressure  distributions. 
Figure  11  presents  a sketch  of  the  directions  of  the  force  and  momenta  as  well  as  the 
relative  geometric  orientations  of  the  lifting  surfaces  at  a moderate  angle  of  attack. 

For  the  basic  wing-tail  configuration,  the  wing  generates  a nose  down  pitching  moment 
about  its  MAC,  and  the  drag  force  ori  the  tail  produces  an  opposing  nose  up  pitching  moment 
about  the  wing  MAC.  Since  the  moment  due  to  tail  drag  is  less  than  that  developed  by  the 
wing, the  tail  must  develop  a lift  force  in  the  direction  shown  in  order  to  provide  moment 
trim  about  the  wing  MAC.  Since  the  tail  drag  moment  and  the  wing  pitching  moment  tend  to 
oppose  each  other,  the  lift  developed  by  the  tail  tends  to  be  relatively  small  in  this 
angle  of  attack  range.  However,  as  the  angle  of  attack  of  the  wing  is  increased,  the  MAC 
of  the  tail  surface  will  be  located  such  that  the  drag  force  on  the  tall  will  create  a 
nose  down  instead  of  a nose  up  pitching  moment  about  the  wing  MAC.  For  the  basic  wing 
tail  configuration,  this  shift  occurs  at  a wing  angle  of  attack  of  approximately  12  degrees. 
At  wing  angles  of  attack  of  between  12  and  20  degrees  the  rate  of  increase  of  the  pitching 
moment  is  small  due  to  tha  formation  of  the  leading  edge  vortex  (Fig.  7)  and,  therefore, 
the  tail  angle  of  attack  required  to  maintain  pitching  moment  trim  in  this  angle  of  attack 
range  does  not  have  to  change  significantly.  As  the  wing  angle  of  attack  is  increased 
above  20  degrees  however,  the  wing  nose  down  pitching  moment  increases  more  rapidly  and 
the  pitching  moment  of  the  tail  drag  force  adds  to  the  nose  down  pitching  moment  about 
the  wing  MAC.  Since  the  lift  of  the  tail  must  now  be  increased  to  counter  the  nose  down 
pitching  moment,  the  additional  induced  drag  of  the  tail  also  contributes  to  the  nose 
down  pitching  moment  about  the  MAC  of  the  wing.  Thus,  the  moments  generated  about  the 
wing  MAC  by  the  tail  lift  and  drag  force  tend  to  oppose  each  other.  Since  the  lift  force 
increases  more  rapidly  than  the  drag  force  with  increasing  angle  of  attack,  trim  balance 
is  obtained,  but  only  with  increasingly  large  angles  of  attack  of  the  tail  surface. 

An  previously  discussed  and  as  noted  by  the  data  presented  in  Figure  7,  the  addition 
of  the  strake  to  the  loading  edge  of  the  wing  changes  significantly  the  pitching  moment 
characteristics  of  tha  lifting  surface  with  angle  of  attack.  Comparison  of  the  tail  angle 
of  attack  for  configuration  trim  and  the  tail  effectiveness  as  a function  of  the  wing 
angle  of  attack  presented  in  Figure  12  indicate  that  there  are  some  significant  differences 
in  these  results  when  the  strake  was  added  to  the  leading  edge  of  the  wing.  While  the 
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average  values  of  the  tail  effectiveness  dCM/dat  as  a function  of  wing  angle  of  attack  are 

approximately  the  same  for  the  two  configurations,  there  is  a significant  variation  in  the 

tail  effectiveness  of  the  wing-strake  configuration  in  the  angle  of  attack  range  of 

10  < at  <_  20  degrees  that  is  not  present  in  the  basic  wing  configuration.  This  variation 

in  the  tail  effectiveness  is  noted  to  correlate  with  large  variations  in  the  tail  geometric 
angle  with  respect  to  the  wing  chord  for  trim  in  the  same  range  of  wing  angles  of  attack. 
Inspection  of  the  tail  pressure  distributions  in  this  angle  of  attack  range,  indicates  why 
there  is  a sufficient  difference  in  the  behavior  of  the  variation  of  the  tail  trim  angle 
between  the  two  configurations.  Figure  13  presents  a comparison  of  the  pressure  distri- 
butions on  the  tail  surface  when  the  different  wing-tail  configurations  are  in  trim  at 
13.1  degrees.  As  can  be  noted  from  a comparison  of  the  pressure  distributions,  there  is 
an  obvious  effect  of  vortex  interaction  with  the  tail  surface  outboard  of  the  50%  span 
for  the  wing-strake  tail  configuration.  It  is  believed  that  this  reversal  of  the  pressure 
distribution  over  the  outboard  span  is  caused  by  the  induced  effect  of  the  strake  vortex 
crossing  the  tail  surface  at  approximately  the  50%  span.  It  is  apparent  that  the  induced 
effect  of  this  vortex  is  sufficiently  strong  to  reverse  the  angle  of  attack  in  the  tip 
region  and  thus  change  the  sign  of  the  lift  force.  It  is  obvious  that  the  reversal  of  the 
lift  force  developed  by  the  tail  in  the  tip  region  would  tend  to  reduce  the  effectiveness 
at  the  tail. 

At  a wing  angle  of  attack  of  17.4  degrees,  the  pressure  distributions  over  the  tail 
surface  at  the  trim  angle  of  attack  ‘presented  in  Figure  14  are  similar  to  those  for  a 
wing  angle  of  attack  of  13.1  degrees.  The  pressure  distributions  indicate,  however,  that 
the  increased  strength  of  the  strake  vortex  causes  a greater  load  reversal  at  approximately 
the  75%  apanwise  location  which  causes  a greater  loss  of  lift  and  thus  a greater  reduction 
in  the  tail  effectiveness. 

At  a wing  angle  of  attack  of  21.7  degrees,  no  significant  evidence  of  induced  effects 
from  a concentrated  vortex  could  be  found  in  the  pressure  distributions  over  the  tail. 

Flow  visualization  pictures  indicate  that  as  the  angle  of.  attack  of  the  wing  is  increased 

the  strake  vortex  starts  to  curve  outboard  and  at  a wing  angle  of  attack  of  approximately 
20  degrees  the  strake  vortex  is  outboard  of  the  tail  surface.  As  the  wing  angle  of  attack 
is  increased  above  21.7  degrees,  a tail  trim  angle  of  attack  trend  similar  to  that  obtained 
with  the  basic  wing  in  the  same  angle  of  attack  region  is  obtained.  However,  it  is  noted 

that  the  maximum  change  in  trim  angle  of  the  tail  is  only  5 degrees  instead  of  16  degrees 

as  it  was  for  basic  wing  configuration.  This  much  smaller  tail  trim  angle  variation  is 
attributed  to  the  fact  that  for  the  wing-strake  configurations  at  high  angles  of  attack, 
the  pitching  moment  developed  by  the  tail  drag  and  lift  are  working  together  to  counter 
the  positive  wing  pitching  moment  instead  of  working  against  each  other  as  they  were  to 
neutralize  the  negative  pitching  moment  of  the  baBic  wing  tail  configuration. 

It  is  interesting  to  note  that  at  a wing-strake  angle  of  attack  of  30.3  degrees,  the 
tail  is  at  a geometric  angle  of  attack  of  27  degrees  with  respect  to  the  airstream  when 
trim  is  obtained.  Since  the  lift  force  developed  by  the  tail  surface  is  relatively  small 
as  shown  by  the  pressure  distributions,  it  indicates  that  the  flow  angularity  induced  by  the 
wing  wake  is  of  the  order  of  25  degrees  which  corresponds  to  a mean  induced  velocity  from 
the  wing  wake  of  47  feet  per  second.  It  is  obvious,  therefore,  that  this  significant  in- 
duced velocity  of  the  wing  wake  cannot  be  ignored  when  considering  the  design  of  a tail 
operating  in  tha  wake  of  a lifting  surface  generating  strong  leading  edge  and  strake  vor- 
tex flows. 

Similar  results  were  obtained  for  the  other  wing  and  wing-strake  tail  configurations 
that  were  tested.  Reference  3 discusses  in  detail  the  results  that  were  obtained  for  the 
other  configurations. 

Additional  baaic  conclusions  that  were  reached  from  the  experimental  results  are: 

a.  While  the  effect  of  the  induced  velocities  of  the  vortices  shed  from  the  wing 
were  such  as  to  cause  large  changes  in  the  tail  angle  at  which  wing  tail  pitch- 
ing moment  was  obtained,  the  tail  effectiveness  was  not  altered  by  more  than 
25%  even  when  strong  vortex  interactions  were  present. 

b.  For  the  wir.g-strake  configuration,  the  lift  force  developed  by  the  horizontal 
tail  to  reduce  the  total  pitching  moment  to  zero  wac  in  a direction  as  to 
noticeably  increase  the  lift  of  the  combined  systems.  This  effect  was  more 
pronounced  when  the  horizontal  tail  was  closer  to  the  wing  trailing  edge. 

4.0.  DESCRIPTION  OF  AERODYNAMIC  PREDICTIVE  ANALYSIS 

The  general  representation  of  the  aerodynamic  flows  that  were  considered  in  the  theo- 
retical analysis  are  shown  in  Figure  15.  As  indicated,  the  upper  and  lower  surfaces  of  the 
wing  are  divided  up  into  an  arbitrary  number  of  discrete  boxes  and  the  potential  flow 
characteristics  over  the  wing  are  predicted  using  a doublet  representation.  The  leading 
edge  vortex,  or  any  other  vortex  attached  to  the  lifting  surface  is  represented  as  a vis- 
cous vortex  flow  whose  position  and  strength  are  obtained  as  part  of  the  solution.  The 
theoretical  technique  includes,  in  varying  degrees  of  sophistication,  the  potential  flow 
and  separated  flow  characteristics  of  the  wing,  the  viscous  characteristics  of  the  vortices 
and  the  interaction  effects  between  the  attached  vortex  flows  and  the  lifting  surface. 

Based  on  seme  empirical  data  required  as  inputs,  the  program  computes  the  strength  and 
location  of  the  vortex  flows,  the  potential  pressure  distributions  including  the  induced 
effects  of  the  vortex  flows,  the  pressure  distributions  in  the  predicted  separated  flow 
regimes,  and  the  pressure  distribution  due  to  the  low  pressure^  regions  associated  with 
the  vortex  flows.  A brief  summary  as  to  how  the  various  flow  bharactari sties  are  repre- 
sented in  the  analysis  will  be  presented  below.  More  details  of  the  theoretical  formula- 
tion are  presented  in  Reference  3 . 
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4.1.  Potential  Flow  Model 


On  the  basis  of  the  Cartesian  coordinate  system  attached  to  the  wing,  shown  in  Fig- 
ure 15,  the  x-y  plane  describes  the  mean  angle  of  attack  plane  of  the  wing  and  the  z-axis 

is  directed  away  from  the  upper  surface  of  the  wing. 

Potential  flow  implies  that  the  flow  is  irrotational  and  thus,  the  velocity  vector  V 
can  be  expressed  by  the  gradient  of  a velocity  pote  tial  4, 

V » $ 4.  (1) 

Since  the  continuity  equation  is  given  by 

$ ' V - 0 (2) 

for  incompressible  steady  potential  flows,  the  velocity  potential  4 of  the  flow  around 
a wing  surface  satisfies  the  Laplace  equation 

V2  4>  - 0.  (3) 


Therefore  the  problem  of  determining  the  steady,  inviscid, 
flow  around  a wing  surface  described  by  a boundary  surface 
Laplace  equation 


a2t  + i'll 

3x2  3y2  3z2 


irrotational,  and  incompressible 
S,  involves  the  solution  of  the 


(4) 


with  appropriate  boundary  conditions. 

For  convenience  4 is  separated  into  two  parts,  i.e.. 


* m 4>0  + "$ 


(5) 


Here,  <J>  is  the  perturbation  velocity  potential,  which  vanishes  at  infinity  and 
that  part  of  the  potential  associated  with  the  free  stream  velocity,  i.e., 


U 


$ 4> 


O' 


‘t’o  is 
(6) 


Since  the  Laplace  equation  is  a second  order  differential  equation,  it  requires  two 
boundary  conditions  for  its  solution.  In  the  regions  very  far  from  the  wing,  the  pertur- 
bation potential  is  zero,  and^t.he  total  velocity  at  large  upstream  distances  corresponds 
to  the  free  stream  velocity  Uq.  The  second  boundary  condition,  related  to  the  require- 
ment for  flow  tangency,  states  that  over  the  wing  surface  S,  the  normal  v.  locity  V must 
be  zero,  i.e.,  1 

$ 4 ' n - 0 (7) 

where  n is  the  surface  unit  normal.  The  boundary  condition  as  expressed  in  Equation  (7) 
can  be  rewritten  in  terms  of  the  perturbation  potential  and  the  free  stream  velocity  after 
combining  Equations  (5)  and  (6)  as  follows: 

$ $ * n - - C0  * n (8) 

For  convenience  'f  4>  can  be  defined  as  the  induced  velocity  vector  v^,  which  allows  the 
boundary  condition,  Equation  (8),  to  be  written  as 

Vi  ‘ ft  - - UQ  ‘ n (9) 


The  above  boundary  conditions  and  the  Kutta  condition  are  utilized  for  the  determination 
of  the  perturbation  potential  (J>.  After  the  velocity  potential  4 is  determined,  the  veloc- 
ity can  be  obtained  from  Equation  (1)  and  the  pressure  can  be  obtained  from  Bernoulli’s 
equation. 

It  can  be  shown  that  the  potential  function  induced  by  singularities  such  as  a source, 
or  doublet  will  identically  satisfy  the  Laplace  equation  and  will  vanish  at  infinity. 
Therefore,  the  solution  of  the  Laplace  equation  is  one  of  finding  a singularity  distribu- 
tion on  the  surface  S that  satisfies  the  normal  boundary  conditions  in  Equation  (9) . 

It  can  also  be  shown  that  since  the  source  distribution  does  not  produce  any  resuJ tant 
lift,  the  doublet  distribution  must  be  utilized  in  the  present  formulation. 


If  “D”  corresponds  to  a surface  doublet  distribution  whose  axis  is  everywhere  along  the 
outward  normal  to  the  local  surface  S,  the  potential  induced  at  any  point  P is  given  by 

K * “ //?¥  da  <10> 

v S r* 

whore  r is  the  distance  vector  from  doublet  source  "D”  on  S to  point  P,  and  n is  the 
unit  vector  outward  normal  on  the  elemental  local  surface  ds  and  S is  the  total  surface 
on  which  doublets  are  distributed.  In  general,  the  surface  S consists  of  the  upper  and 
lower  surfaces  of  the  lifting  surface  and  the  wake  surfaces. 


Substitution  of  Equation  (10)  into  Equation  (8)  results  in 
equation 


the  following  integral 


(11) 


In  ths  present  analysis  the  integration  of  the  above  equation,  for  the  determination  of 
doublet  distribution  D,  is  carried  out  numerically.  The  details  of  the  numerical  method 
that  is  utilized  is  presented  in  Reference  3. 


4.2,  Summary  of  the  Representation  of  the  Viscous  Vortex  and  the  Suction  Lift 

The  interaction  01  a concentrated  free  vortex  with  a lifting  surface  can  be  repre- 
sented by  two  different  mechanisms:  (1)  the  influence  of  the  vortex  induced  velocity 
field,  and  (2)  the  effect  of  the  viscous  core  on  the  near  field  pressure  distribution 
of  the  lifting  surface.  The  first  effect  is  easily  accounted  for  as  it  can  be  included 
in  determining  the  potential  flow  field.  A discussion  of  he  second  mechanism,  the  non- 
linear suction  lift, is  presented  in  the  following  paragraphs. 

Due  to  the  complexity  of  the  equations  of  motion,  only  simplified  solutions  of  the 
wing-vortex  interactions  problem  have  been  obtained  to  date.  These  simplified  solutions 
are  limited  to  predicting  the  pressure  field  generated  in  a uniform  free  stream  due  to 
a Rankine  or  to  a decaying  vortex,  Batchelor ' s solution  (Ref  4^  and  for  the  case  of  a line 
vortex  adjacent  to  a slender  body.  A good  review  of  these  existing  theoretical  models  is 
presented  in  Reference  5. 

In  general,  the  incremental  suction  peaks  obtained, due  to  a wing- vortex  interaction, 
are  the  results  of  the  radial  pressure  gradiart  term  which  balances  the  centrifugal  and/or 
Coriolis  forces  arisii.g  fro-  the  rotational  flow  as  well  as  from  the  axial  and  radial 
velocities  in  the  vortex.  This  type  of  flow  was  noted  in  the  experimental  results  pre- 
sented in  Reference  6,  where  strong  suction  peaks  are  accompanied  by  high  axial  flows, 
core  growth  and  vortex  displacement.  It  is  apparent  therefore  that  an  adequate  account- 
ing of  the  vortex  axial  and  radial  flow  is  essential  for  the  correct  prediction  of  the 
suction  peaks  associated  with  wing  vortex  interactions.  The  Rankine  vortex  completely 
neglects  axial  flow,  while  the  Batchelor  vortex  is  valid  only  for  weak  axial  flows  and 
neither  of  these  representations  include  radial  flow.  Since  for  the  leading  edge  vortex, 
both  the  axial  flow  and  the  radial  flow  effects  are  important,  it  was  found  necessary  to 
define  a theoretical  model  which  can  include  these  effects. 

The  vortex  modeling  that  was  undertaken  for  the  present  theory  considered  three  dif- 
ferent types  of  vortex  flow?  in  its  life  cycle.  The  first  type  considered  was  for  the 
formatii  \ part  of  the  vortex  flow  which  was  assumed  to  be  represented  by  a line  vortex. 

The  second  region  was  fer  the  vortex  when  it  became  a free  vortex.  This  region  of  the 
vortex  flow  was  represented  by  a conical  vortex  for  which  the  axial  velocity  is  greater 
than  the  free  stream  velocity.  When  the  axial  velocity  becomes  less  than  the  free  stream 
velocity,  the  vortex  representation  was  that  due  to  Batchelor  (Ref  4).  The  third  vortex 
representation  that  was  required  was  that  for  the  burst  vortex.  This  representation 
was  basica'  „ the  same  as  the  Batchelor  representation  except  the  vortex  core  was  assumed 
to  rapidly  increase  in  size  as  a function  of  downstream  distance.  The  following  dis- 
cussion will  present  a discussion  of  the  conical  and  Batchelor  vortex  representation 
utilized  in  the  theory  as  the  forming  and  burst  vortex  representations  were  variations 
of  these  vortex  flows  respectively. 

It  is  observed  that  the  leading  edge  vortex  flow  has  some  distinct  characteristics, 
such  as  the  presence  of  a turbulent  core  at  the  center,  when  the  leading  edge  vortex  sheet 
rolls  up  tightly  to  form  a concentrated  vortex.  This  turbulent  core  appears  almost  coni- 
cal and  there  is  a definite  presence  of  a large  axial  flow  in  the  core.  These  physical 
characteristics  suggest  that  any  mathematical  representation  of  a leading  edge  vortex 
system  should  be  such  as  to  accoun'  for  the  large  axial  flow  in  tha  core  compared  to  that 
outside  or  far  away  froi  the  core  of  the  vortex,  T.R.  Goodman  (Ref  7)  obtained  a self- 
similar  solution  of  the  1. uvier-Stokes  equations  using  boundary-layer  approximations  with 
some  additional  assumptions  which  represents  the  basic  characteristics  of  leading  edge 
vortex  system  immediately  after  its  formation. 

The  leading  edge  vortex  system  modeled  by  Goodman  contains  a central  core  where 
viscous  effects  predominate.  A characteristic  feature  of  this  core  is  the  presence  of  a 
strong  axial  flow  produced  by  an  axial  pressure  gradient  which  is  induced  by  the  axial 
variations  in  the  radial  pressure  gradient.  The  solution  which  was  utilized  for  the  pre- 
diction of  suction  pressure  peak  has  been  derived  under  the  basic  assumption  that  the 
axia1  flow  in  thr-  core  of  the  vortex  is  large  in  comparison  with  the  axial  velocity  a 
great  distance  from  the  center  of  the  vortex.  In  addition,  radial  flow  effects  are  in- 
cluded in  the  representation  of  the  vortex  core  flow.  The  equations  which  result  are 
nonlinear  and  lead  to  a two-point  boundary  value  problem.  A brief  description  of  the 
equations  that  have  been  utilized  in  the  subject  formulation  to  describe  the  conical  lead- 
ing edge  vortex  flow  whei  it  become-?  a free  vortex  is  presented  in  the  following  paragraphs. 

The  Navier-Stokes  equations  written  in  terms  of  the  cylindrical  coordinates  x,  r,  0 
with  corresponding  velocity  components  u,  v,  w and  under  the  usual  boundary  layer  approxi- 


mations are: 

u 3u/0x  +v  3u/3r  »-l/o  3p/3x  + v^/r  3/5r  (r  3u/3r)  (12) 
- w2/r  “ - 1/P  3p/3r  (13) 
u 3w/3x  + v 3w/3r  *■  vw/r  *=  vfc  3/3r  (1/r  3/3r  (rw)  ) (14) 
3 (ur)/3x  + (vr)/3r  - 0 (15) 


In  the  ^"bove  equations  corresponds  to  the  kinematic  turbulent  eddy  viscosity. 

Upon  making  the  following  substitutions: 
k ■=  rw,  h=rv,  y“f~ 


in  Equations  (12)  through  (15)  and  upon  defining  a stream  function  ip  such  that 
h ■ 3i|j/3x,  u » 3<(i/3y  v 2 

^eo  v 

with  41  - vfc  x F (n)  where  n - ^—5—  and  also  letting  K - Ktt  G (n)  , 


the  partial  differential 
tial  equations: 

equations 

are  reduced  to  t„r. 

id  lowing  sat  of  ordinary  differen- 

FFM 

- F' 2 - 2 

(K  + n k' 

')  + 2 arr  (ri  F"> 

(16) 

G 2 
4^ 

■ K' 

(17) 

- FG’ 

' - 2nG" 

(18) 

In  the  above  equations,  KM  is  the  value  of  the  circulation  of  the  vortex  divided  by  2ti. 
The  corresponding  set  of  boundary  conditions  are: 

G » 0,  F - C atn-G 
G * 1,  F'  - 0,  Kn  - - 1/4 


Equations  (16)  through  (18)  indicate  that  a self-similar  solution  of  Equations  (12) 
through  (15)  can  be  obtained  in  terms  of  similarity  variable  n as  defined  above. 


The  details  of  the  numerical  solution  of  Equations  (16)  through  (18)  with  the  boundary 
conditions  described  above  are  given  in  Reference  7.  In  this  representation  of  the  vortex, 
the  radial  distribution  of  circumferential  velocity  is  such  that  the  vortex  consists  of 
a core  near  the  center  resembling  a solid  body  rotation,  but  outside  the  core  the  circum- 
ferential velocity  vari.cz- 

The  maximum  circumferential  velocity  is  given  by 

C..  (19) 


max 


vtx 


and  the  core  radius  is  defined  as 


- C 


rTT 


(20) 


Here  and  Cr  are  constants  depending  on  a parameter  £ that  can  vary  from  0 to  -1/2. 

The  value  of  parameter  £ can  be  related  to  the  shape  of  the  leading  edge  and  how  it 
affects  the  formation  ol  the  leading  edge  vortex.  Physically,  £ equal  to  -0.5  corresponds 
to  a smooth  formation  of  leading  edge  vortex  with  drag  associated  with  it  baing  a mini- 
mum. A vortex  from  a sharp  leading  edge  should  correspond  to  a value  of  7 which  is  greater 
than  -0.5  such  as  -0.3.  A larger  value  of  5 (e.g.,  -0.3)  results  in  greater  axial  velocity 
at  the  center  of  the  vortex  and  consequently  corresponds  to  a vortex  with  higher  drag 
associated  with  it.  This  vortex  also  has  higher  values  of  the  maximum  swirl  velocity. 

For  the  present  application  the  formation  of  the  vortex  has  been  assumed  to  be  smooth 
and,  therefore  £ has  been  taken  to  be  equal  t.o  -0.5.  For  example,  when  £ ->j»  Cw  - 0.16 

and  Cr  « 4.2.  The  radial  flow  behaves  as  a sink,  entraining  fluid  which  is  transformed 

into  axial  flow  in  the  vortex  core.  The  maximum  axial  velocity  for  £ - -1/2  is  defined  by 


U » c 

max  u vtx 


(21) 


at  the  center  of  the  core  of  the  vortex.  For  £ ■ -1/2,  C is  equal  0.30.  Reference  7 pre- 
sents cue  procedure  by  which  values  of  the  constants  C , C and  C are  computed  for  other 
values  of  £.  w r u 


It  can  be  sv an  from  Equation  (21)  that  the  axial  velocity  becomes  smaller  as  the  dis- 
tance x along  the  vortex  core  increases.  This  indicates  that  after  some  downstream 
distance  the  axia"  velocity  will  no  longer  be  large  with  respect  to  the  free  stream 
velocity  and,  therefore,  at  that  stage  the  vortex  should  be  represented  by  a different 
mathematical  model  such  as  that  of  Batchelor. 

The  self-similar  solution  of  the  conical  vortex  flow  can  be  utilised  for  the  prediction 
of  the  incremental  suction  in  the  vicinity  of  the  vortex  interacting  with  a lifting  sur- 
face. Since  it  is  assumed  that  the  leading  edge  vortex  immediately  after  its  formation 
has  radial,  swirl,  and  axial  flow  characteristics,  the  solution  of  the  similarity  equation 
yields  relations  for  the  two  velocity  components  as  follows: 


v 


a 


(Wmax)  Ik  U " K2e_Kjd,i)  for  d'  > C 
d' 

<Wm  ) K e~K5d'  for  d'  > 0 
max 


■■(22) 

(23) 


where 
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Equations  (22)  and  (23)  describe  the  swirl  velocity  and  axial  velocity  components  of  the 
vortex  at  any  radial  distance  d from  the  center  of  the  vortex  when  d is  greater  than 
r . Here,  r is  the  core  radius  as  described  by  Equation  (20)  and  (W__„)  is  the  maximum 

C C luaX 

swirl  velocity  given  by  Equation  (19)  . K , K , K , K , and  K are  constants  obtained  by 
curve  fitting  the  numerical  solution  of  Equations ’ (16^  through  (18). 


By  placing  two  identical  vortices,  whose  flow  characteristics  are  represented  by 
Equations  (22)  and  (23),  adjacent  to  a lifting  surface,  one  above  and  its  image  below 
the  wing  at  equal  distances,  the  no  flow  boundary  condition  through  the  airfoil  surface 
is  identically  satisfied.  Since  the  distance  d is  greater  them  the  viscous  core 
radius  r , the  vortex  flow  characteristics  outside  of  the  core  are  assumed  to  be  similar 
to  that  Sf  a potential  vortex.  Due  to  the  image  vortex,  the  tangential  velocity  and  axial 
velocity  components  in  the  image  plane  (wing  surface)  are  doubled  and  the  suction  field 
is  intensified  by  a factor  of  four  compared  to  the  isolated  vortex.  Thus,  the  incre- 
mental static  pressure  coefficient  created  by  the  wing  vortex  interaction  on  the  surface 
for  d > r may  be  defined  as 


AC 


pv 


+ V. 


(24) 


Here  the  effects  of  the  swirl 
Law  has  been  utilized.  Also, 
ized  with  respect  to  H P U04. 


in  the  following  relationship 
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flow  and  axial  flow  have  been  combined  and  Bernoulli's 
the  increment  of  suction  pressure  has  been  nondimensional- 
Substitutions  of  Equations  (22)  and  (23)  into  (24)  results 


-2K  d' 

i 


K 4 -K  d ' 4 

+ (1  -K  • ’ 

d' 4 4 


(25) 


Equation  (25)  in  combination  with  Equations  (20)  and  (21)  describe,  in  general,  the  in- 
cremental suction  peaks  due  to  the  vortices  at  any  point  on  the  wing  surface,  with  d 
being  the  radial  distance  of  the  point  on  the  wing  surface  from  the  axis  of  the  vortex. 

The  prediction  of  the  incremental  suction  peaks  by  application  of  Equation  (25)  is 
semi -empirical  due  to  the  fact  that  the  turbulent  kinematic  viscosity  and  the 

parametric  constant  Cf  have  to  be  established  empirically  at  the  present  time.  The  other 
parameter,  circulation  K^,  is  estimated  initially  by  the  application  of  the  Helmholtz 

vorticity  theorem  and  a simple  roll  up  theory.  The  final  strength  of  the  vortex  is 
determined  by  the  program  from  ths  wing  loading  distribution  that  is  predicted.  The 
distance  d is  known  once  the  force  free  position  of  the  vortex  is  established. 

The  eddy  viscosity  in  the  core  of  the  vortex,  vt,  has  been  shown  to  be  a function 

of  Reynolds  number  2sK  /v  where  v is  the  kinematic  viscosity  of  the  air.  Baaed  upen 
experimentally  obtained  results  from  various  sources,  an  empirical  expression  has  been 
developed  by  various  researchers  for  the  eddy  viscosity,  \’t  (Ref.  6) . If  the  Reynolds 
number  R^  is  defined  as 


and  the  kinematic  eddy  viscosity  parameter  a as 


a 


then  for  Reynolds  numbers  between  10*  and  5 x 10*,  the  parameter  a is  given  by 

a - io-3  + 0.6 

For  Rjj  outside  the  range  mentioned  above,  a has  to  be  obtained  from  some  other  source. 

For  example,  Reference  (8)  also  give-.  a value  of  a - 0.2  x 10  3 for  very  large  Reynolds 
number  (>  10 7 ) . it  is  suggested  that  this  value  of  a may  be  utilized  for  full  scale 
wings  with  vortices  of  large  magnitude. 

The  self-similar  solution  representing  the  conical  upstream  portion  of  the  leading 
edge  vortex  indicates  that  the  maximum  axial  velocity  becomes  smaller  as  the  vortex 
moves  downstream  relative  to  the  wing.  It  is  obvious,  therefore;  that  after  some  down- 
stream distance,  say  at  x equal  to  xt,  the  conical  flow  representation  of  the  vortex 

must  evolve  into  a different  vortex  flow  such  as  that  described  by  Batchelor  (Ref  4) . 
Batchelor ' s solution  is  based  on  the  assumption  that  the  axial  velocity  in  the  core  region 
is  smaller  than  the  free  stream  velocity.  It  is  obvious  that  this  assumption  is  cler.rly 
valid  for  downstream  stations  of  the  leading  edge  or  stroke  vortices.  One  of  the  main 
differences  between  the  two  flows  is  in  regards  to  the  variation  of  the  viscous  core 
radius  rc  with  the  downstream  distance  x.  At  upstream  stations  (x  < xfc)  where  the 

conical  flow  representation  of  the  vortex  is  utilized,  rc  increase  linearly  */ith  a 
while  at  downstream  stations  (x  > x.  ),  for  which  the  Batchelor  vortex  representation  is 

*■  k 

utilized,  rc  varies  approximately  as  the  square  root  of  the  distance,  say  (x  - xfc)  . 

At  xt,  the  valocity  of  the  core  is  assumed  to  be  approximately  equal  to  the  free  stream 
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velocity  and  the  vorticity,  kinematic  and  potential  energy  volume  flow,  etc. , are  conserved 
as  the  representation  of  the  vortex  is  changed  from  the  conical  representation  developed 
from  Goodman  to  that  developed  by  Batchelor. 

As  the  core  velocity  continues  to  decrease,  keeping  the  flow  of  volume  flux  in  the  core 
approximately  constant,  the  vortex  will  reach  a set  oi  flow  conditions  that  will  induce 
vortex  bursting.  The  criterion  for  the  determination  of  vortex  breakdown  that  has  been 
utilized  in  the  present  analysis  is  based  on  the  theory  of  finite  transition  as  given  by 
Benjamin  (Ref.  9) . In  this  theory  of  finite  transition,  the  breakdown  it'  related  to  a 
process  similar  to  the  hydraulic  jump  or  a shock  wave.  Using  the  hydraulic  jump  analog, 
the  theory  explains  the  vortex-breakdown  phenomenon  as  a transition  between  two  steady 
states  of  axisymmetric  swirling  flow.  The  state  upstream  from  the  breakdown  is  assumed 
to  be  super-critical  and  conservation  equations  for  mass,  axial  momentum  and  angular 
momentum  are  applied  to  relate  the  flow  conditions  upstream  and  downstream  of  the  transi- 
tion. Barcilon  (Ref.  10)  has  worked  out  the  details  of  a simple  case  of  a vortex  having 
a core  rotating  as  a solid  body  surrounded  by  potential  flow  and  having  uniform  axial 
velocity  in  the  core.  The  results  indicate  the  existence  of  critical  velocity  uc  which 

is  analogous  to  the  velocity  of  sound  in  a compressible  flow.  Barcilon  defines  this 
critical  velocity  as 


with  Q being  the  volume  flux  in  the  core  and  K is  the  strength  of  the  vortex  divided 
by  2ir.  It  is  noted  that  transition  can  occur  only  from  a velocity  higher  than  the  criti- 
cal (super-critical)  velocity  uc  to  one  that  is  lower. 

4.3.  Determination  of  Regions  of  Separated  Flow 

At  moderate  to  high  angles  of  attack,  the  flow  over  the  surface  of  a low  aspect  ratio 
swept  wing  is  very  complex  and  may  be  described  by  a mixture  of  potential,  vortex  and 
separated  flow  regions.  The  separation  and/or  reattachwent  are  highly  influenced  by  the 
character  of  the  boundary  layer,  such  as  a laminar  or  turbulent  layer.  Several  methods 
have  been  developed  for  the  calculation  of  three-dimensional  boundary  layers  over  swept 
wings.  These  methods  are  semi-empirical  as  regards  the  specification  of  shear  stresses 
and  the  initial  conditions.  These  methods  are  very  successful  in  predicting  separation 
at  low  angles  of  attack  but  the  procedures  seem  to  break  down  lor  wings  at  high  angles  of 
attack . 

A simple  criterion  for  the  prediction  of  the  sepa-rated  flow  regions  was  utilized  in 
the  earlier  work  of  this  investigation  (Ref.  2)  and  reasonable  results  were  obtained. 
Specifically,  the  procedure  for  determining  whether  at  any  point  on  the  wing; separation 
had  occurred  or  not,  involved  a comparison  of  the  net  aerodynamic  angle  of  attack  (the 
gaometric  angle  of  attack  minus  the  induced  angle)  versus  an  empirically  defined  angle 
above  which  the  section  was  assumed  to  be  stalled.  The  evaluation  as  to  whether  or  not 
separation  had  occurred  or  not,  was  conducted  on  an  element-by-e lament  basis  so  that,  at 
various  geometric  angles  of  attack,  the  lifting  surface  had  different  regions  of  separated 
flow. 

Since  in  the  present  analysis,  the  slope  of  the  surface  of  the  airfoil  is  included, 
it  is  believed  that  an  improvement  in  the  de termination  of  the  fully  separated  flow  regions 
based  on  the  same  criterion  ac  used  in  Reference  2 is  obtained.  In  the  present  analysis 
the  aerodynamic  angle  corresponds  to  the  local  geometric  angle  of  attack  of  the  surface 
element  with  respect  to  flow  minus  the  induced  angle.  It  is  noted  that  since  the  upper 
and  lower  surfaces  of  the  wing  are  treated  independently,  the  flow  is  always  attached 
(potential)  on  the  lower  surface,  while  the  upper  surface  has  a mixture  of  potential  and 
separated  flow  regions.  It  is  recognized  that  it  is  difficult  to  predict  the  pressure 
coefficients  in  separated  flow  regions  due  to  the  highly  complex  nature  of  the  flows.  In 
fact,  a rigorous  flow  analysis  using  Navier-Stokes  equations  is  generally  necessary  to 
determine  the  pressure  distribution  in  the  separated  flow  region.  In  the  present  analysis, 
an  approximate  but  simple  expression  based  on  Bernoulli's  equation  was  used  to  determine 
the  pressure  distribution.  In  the  separated  flow  region,  the  total  pressure  of  the  flow 
is  reduced  due  to  viscosity.  Denoting  this  reduction  by  AH  the  pressure  coefficient 
Cpi  in  the  separated  flow  region  can  be  expressed  as 

v2 

C„,  » 1 - -AH  where  V is  the  total  velocity  and  V is  the  free  stream 

Vi  v * o 

o 

velocity.  The  discrete  vortices  in  the  flow  (surface  lattice  in  the  attached  flow  and 
free  vortices  from  the  leading  edge  and  traili.ng  edges)  are  used  to  determine  the  induced 
velocities  in  the  separated  flow.  Using  these  induced  velocities,  the  pressure  coefficient 
Cp£  in  tho  separated  flow  region  was  therefore  assumed  to  be  Cp^  3 1-  V^2/V0J  where  it 

is  assumed  that  AH  is  small. 

4.4.  Manner  of  Conducting  the  Calculations 

Tho  theoretical  formulation  briefly  outlined  in  the  previous  section  ha.,  been  pro~ 
grammud  for  use  on  high  speed  digital  computers.  While  the  computer  program  has  bean  used 
on  the  CDC  7600,  it  is  etsi.ly  adaptable  for  use  on  the  majority  of  commercially  available 
computer  ay stoma. 

Figure  16  presents  a flow  diagram  that  depicts  uhe  manner  by  which  the  calculations 
are  carried  out.  On  the  basis  of  the  various  input  data  the  influence  coefficients  of 
the  surface  lattice  system  are  computed  and  with  this  information  the  potential  flow  solu- 
tion of  the  wing  at  angle  of  attack  without  the  influence  of  ths  vortex  flows  is  obtained. 
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With  this  information, the  initial  estimate  of  the  vortex  strengths  are  determined.  The 
influence  coefficients  for  the  relative  wing-vortex  positions  are  computed  and  using  the 
initial  value  of  the  vortex  strengths, the  vortex  induced  velocity  distribution  over  the 
surface  of  the  wing  is  computed.  Knowing  the  total  induced  velocity  distribution  over 
the  surface  of  the  wing,  the  areas  of  jeparated  flow  are  first  determined  and  then  the 
strengths  of  the  doublets  over  the  potential  flow  regions  are  redetermined.  With  the 
areas  of  separated  flow  known  and  the  new  doublets  strengths  determined,  the  total 
velocity  magnitude  and  direction  at  the  vortex  control  points  is  determined  and  a new 
vortex  position  computed.  If  the  new  vortex  position  is  not  the  same  as  the  previous 
position  (within  specific  limits)  a new  set  of  vortex  strengths  and  wing  vortex  position 
influence  coefficients  are  computed  and  the  iteration  procedure  is  continued  as  shown 
in  Figure  16.  Once  convergence  has  been  obtained,  the  pressure  coefficients  due  to 
the  vortex  potential  and  separated  flows  are  determined  over  the  surface  of  the  wing. 

5.0.  CORRELATION  OF  THEORETICAL  AND  EXPERIMENTAL  RESULTS 

Some  predicted  results  as  a sample  of  the  effectiveness  of  the  theory  in  predicting 
the  measured  aerodj  namic  characteristics  of  low  aspect  ratio  wings  at  high  angles  of 
attack  will  be  compared  with  experimental  results  obtained  with  the  wing-strake  configu- 
ration that  was  tested  at  an  angle  of  attack  of  21.6  degrees.  Reference  3 presents 
additional  correlation  between  experimental  and  theoretical  results  for  the  same  wing- 
strake  configuration  at  an  angle  of  attack  of  27.7  degrees  as  well  as  for  the  wing  with- 
out the  strake  at  angles  of  attack  Of  13.1  and  21.6  degrees.  For  the  computation,  the 
upper  surface  of  the  wing  was  represented  by  104  quadrilateral  elemental  surfaces  uith 
thirteen  control  points  along  the  chord  at  each  of  eight  spanwise  stations.  The  lower 
surface  was  divided  into  a total  of  ' boxes  with  nine  chordwise  and  eight  spanwise 
control  points.  The  free  vortices  Xu  the  strake  vortex,  leading  edge  vortex,  etc., 

were  each  represented  by  up  to  30  sec  The  effectB  of  airfoil  thickness  and  cur- 
vature were  accounted  for  in  the  con  ns  as  the  chordwise  slopes  of  the  surface 

(dz/dx)  were  obtained  from  the  anal  . > expression  describing  the  geometric  charac- 
teristics of  the  NACA  006  airfoil.  ' effects  of  the  spanwise  slope  (dy/dx)  were  not 
included  in  the  present  computations . For  all  computations  the  stall  angle  of  the  sur- 
face segments  were  assumed  to  occur  at  20  degrees. 

"’'he  predicted  vortex  geometries  for  the  wing-strake  configuration  at  an  angle  of 
attack  of  21.6  degrees  are  shown  in  Figure  17.  Comparison  of  these  predicted  vortex 
geometries  with  those  determined  by  flo'->  visualization  during  the  tests  indicated  ‘.-hat 
the  predicted  geometries  were  close  to  \‘  \ose  which  existed  on  the  wing  at  this  angle  of 
attack.  Comparisons  of  the  predicted  and  measured  spanwise  surface  pressure  distribu- 
tions for  the  wing-strake  configuration  along  several  constant  chord  lineB  are  shown 
in  Figures  18a  through  18d. 

As  can  be  seen  from  the  data  presented  in  theoe  figures,  the  correlation  between  the 
measured  and  predicted  pressure  distribution  is  reasonably  good.  The  greatest  difference 
between  the  measured  and  predicted  pressure  distributions  occurred  along  the  5%  chord 
line  as  the  predicted  pressure  spike  due  to  the  low  pressure  of  the  leading  edge  vortex 
is  much  narrower  than  that  which  was  measured.  This  difference  can  be  caused  by  two 
different  effects.  The  first  possibility  is  that  the  predicted  vortex  core  size  is  too 
small,  and  the  second  and  more  likely  reason  is  that  the  path  of  the  leading  edge  vortex 
is  predicted  to  cross  the  5%  chord  line  much  more  steeply  than  the  real  vortex.  It  is 
believed  tho  latter  reason  is  the  cause  of  the  relatively  poor  correlation  as  at  more 
aft  chord  locations,  where  the  vortex  is  crossing  the  lines  of  constant  chord  more 
rapidly,  the  correlation  between  the  measured  and  predicted  pressure  distributions  is 
much  better. 

Inspection  cf  the  pressure  distributions  for  chord  line  positions  greater  than  20% 
shows  that  the  prediction  indicates  that  complete  atall  occurs  over  the  outboard  sec- 
tions of  the  wing  while  the  experimental  data  indicates  that  the  wing  was  not  fully 
stalled  in  this  region.  It  is  believed  that  this  difference  is  duo  to  the  simplified 
tall  criterion  that  is  presently  utilized  in  the  theory.  A more  realistic  stall  criteria 
may  evolve  after  the  theory  is  more  extensively  utilized. 

The  total  predicted  lift  for  the  wing  and  wing-strake  configuration  was  within  5%  of 
the  measured  lift  for  angles  of  attack  up  to  22  degrees.  At  27.7  degrees  angle  of  attack 
the  predicted  lift  of  the  wing-strake  configuration  was  11%  lower  than  the  measured  value. 
Considering  the  complexity  of  the  flow  over  the  wing  surface,  it  ia  believed  that  the 
analysis  has  tha  capability  of  predicting  the  aerodynamic  characteristics  rather  well. 

CONCLUDING  REMARKS 

This  paper  has  tried  to  summarize  the  highlights  of  an  ONR  sponsored  research  program 
that  has  been  directed  towards  understanding  and  developing  a predictive  analysis  for  the 
aerodynamic  flews  developed  by  low  aspect  ratio  swept  wings  operating  at  high  angles  of 
attack.  The  experimental  data  that  was  obtained  illustrated  the  complexity  of  the  aero- 
dynamic flow  developed  by  the  attached  vortices  interacting  with  the  wing  surface.  While 
the  attached  vortex  flows  were  complex,  the  experimental  data  illustrated  that  they  sig- 
nificantly increased  the  lift  of  the  wing  surface  over  that  which  could  be  developed  by 
the  wing  surface  without  the  vortex  flows.  The  results  of  the  tests  demonstrated  that 
the  unstable  pitching  moment  developed  by  a strong  leading  edge  vortex  could  be  counter- 
acted by  the  horizontal  tail  aurfaca  oven  though  it  is  operating  in  a highly  concentrated 
vortex  wake  flow. 

The  research  effort  that  has  been  conducted  also  damonstrated  that  a reasonably 
practical  prsdictive  analysis  was  developed  that  has  the  capability  of  predicting  the 
surface  pressure  distributions  generated  by  the  complex  mixed  potential,  separated  and 
vortex  flow  fields  developed  by  low  aspect  ratio  swept  wings  operating  at  high  angles  of 
attack . 


30-1 1 


REFERENCES 

1.  White,  Richard  P.  Jr.  and  Balcerak,  John)  An  Experimental  Investigation  of  Vortex 
Flow  Control  for  High  Lift  Generation;  ONR  CR  212-223-2,  December  1975. 

2.  White,  Richard  P.  Jr.,  Gangwani,  Snntu  T.  and  Balcerak,  John;  A Theoretical  and 
Experimental  Investigation  of  Vortex  Flow  Control  for  High  Lift  Generation;  ONR 
CR  212-223-3,  December  1976. 

3.  White,  Richard  P.  Jr.,  Gangwani,  Santu  T. , and  JanakiRam,  D.  S.;  a Theoretical  and 
Experimental  Investigation  of  Vortex  Flow  Control  for  High  Lift  Generation;  ONR 
CR  212-223-4,  December  1977, 

4.  Batchelor,  G.K.;  Axial  Flow  in  Trailing  Vortices,  Journal  of  Fluid  Mechanics, 

Vol.  20,  Part  4,  December  1964,  pp.  645-658. 

5.  White,  R.  P.  Jr.  and  Zalay,  A.  D.;  High  Lift  Generation  by  Use  of  Vortices;  ONR 
NR  212-223,  RASA/SRL  Report  74-12,  July  1975. 

6.  Hale,  R.  W.  and  Ordway,  D.  E.;  High  Lift  Capabilities  from  Favorable  Flow  Interaction 
with  Close-Coupled  Canards;  Sage  Action,  Inc..  SAI-RR  7501,  December  1975. 

7.  Goodman,  T,  R. ; The  Vortex  Core  Jet  Near  the  Point  of  Generation;  AFOSR-TR-1158 , 
Oceanics,  Inc.,  Report  No.  72-91,  April  1972. 

8.  Owen,  P.  R. ; The  Decay  of  a Turbulent  Trailing  Vortex;  The  Aeronautical  Quarterly, 
February  1970,  pp.  69-78. 

9.  Benjamin,  J.  B. ; Soma  Developments  in  the  Theory  of  Vortex  Breakdown;  Journal  9 
Fluid  Mechanics,  Vol.  28,  Part  2,  1967,  pp.  65-84. 

10.  Barcilon,  A.  I.;  Vortex  Decay  Above  a Stationary  Boundary;  Journal  9 Fluid  Mechanics, 
Vol.  27,  Part  1,  1967,  pp.  155-175. 


30-15 


, CONI <KX  POtNVS 


FIGURE  15:  General  Theoretical 

Representation  of 
Aerodynamic  Flows. 


FIGURE  17:  Predicted  Vortex  Geometry 

for  the  Wing-Strake 
Configuration  at 
ow  * 21.6  Degrees. 


FIGURE  16.  FLOW  OF  CALCULATION 
ITERATION  PROCEDURE 


Comparison  of  the  Measured 
and  Predicted  Chordwise 
Pressure  Distributions 
for  Basic  Wing 
a » 21.6  Degrees  . 


FIGURE  18a: 
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HIGH  ANGLE  OF  INCIDENCE  IMPLICATIONS  UPON  AIR  INTAKE  DESIGN  AND  LOCATION  FOR 
SUPERSONIC  CRUISE  AIRCRAFT  AND  HIGHLY  MANEUVERABLE  TRANSONIC  AIRCRAFT 

Leroy  L.  Presley 

Ames  Research  Center,  Moffett  Field,  California  94035,  U.S.A. 


SUMMARY 

Computational  results  which  show  the  effects  of  angle  of  attack  on  supersonic  mixed-compression 
inlet  performance  at  four  different  locations  about  a hypothetical  forebody  have  been  obtained.  These 
results  demonstrate  the  power  of  the  computational  method  to  predict  optimum  inlet  location,  orientation, 
and  centerbody  control  schedule  for  design  and  off-design  performance. 

The  effects  of  inlet  location  and  a forward  canard  on  the  angle-of-attack  performance  of  a normal 
shock  inlet  at  transonic  speeds  have  been  studied.  The  data  show  that  proper  integration  of  inlet 
location  and  a forward  canard  can  enhance  the  angle-of-attack  performance  of  a normal  shock  inlet. 


Two  lower  lip  treatments  for  improving  the  angl 
transonic  speeds  are  discussed. 

NOMENCLATURE 


M Mach  number 
n plane  of  known  solution 
p pressure 
q total  velocity 
r radius 

u Z component  of  velocity 
v r component  of  velocity 
w 41  component  of  velocity 
x horizontal  coordinate 
y vertical  coordinate 
Z longitudinal  coordinate 
1 longitudinal  coordinate  normalized  by  rc 
A I centerbody  translation  (positive  forward) 
6 canard  deflection  angle 


e-of-attack  performance  of  rectangular  inlets  at 

a angle  of  attack 
Y ratio  of  specific  heats 

£ nondimensional  coordinate-normalized  by  distance 
between  inner  and  outer  computational 
boundaries 

p density 

4>  azimuthal  coordinate 

angle  between  total  velocity  vector  and  normal  to 
cowl -lip  plane 

Subscripts: 

C cowl 

f forebody 

1 indices  for  £ spacing  of  points 
j Indices  for  4>  spacing  of  points 
T centerbody  tip 
t stagnation  conditions 
free-stream  conditions 


1.  INTRODUCTION 

For  most  aircraft  the  propulsion  system  must  be  designed  to  maximize  the  net  thrust  when  installed 
on  the  vehicle.  This  often  requires  that  a compromise  between  drag,  pressure  recovery,  and  mass-flow 
capturing  capability  be  made  for  the  desired  flight  envelope  of  the  aircraft.  Changes  in  aircraft  attitude 
and  speed,  as  well  as  many  other  factors,  must  be  considered  for  complete  design  of  the  propulsion  system. 
This  paper  will  address  only  the  question  of  changes  in  angle  of  attack  on  inlet  location  and  design.  Two 
completely  different  types  of  aircraft  will  be  considered:  a supersonic  cruise  aircraft  and  a highly 
maneuverable,  transonic  aircraft. 

Supersonic  cruise  aircraft  are,  for  the  most  part,  not  designed  to  accommodate  large  excursions  in 
angle  of  attack  while  at  cruise  conditions.  The  propulsion  system  is  optimized  for  particular  design 
conditions  with  some  small  margin  allowed  for  excursions  in  airplane  attitude.  More  often  than  not,  the 
Inlet  is  placed  In  a location  to  minimize  upstream  flow-field  perturbations  due  to  changes  In  airplane 
attitude.  Precise  location  of  the  Inlet  is  usually  determined  by  empirical  design  rules  or  wind  tunnel 
testing.  However,  recent  developments  in  computational  methods  (see  Refs.  1,  2)  are,  for  the  first  time, 
providing  the  designer  with  the  capability  of  determining  the  effects  of  angle  of  attack  on  Inlet  location 
and  orientation  and  of  determining  the  performance  of  a limited  class  of  inlets  (axlsymmetric  mixed- 
compression  inlets)  In  three-dimensional  flow  fields.  To  demonstrate  this  capability,  numerical  solutions 
have  been  obtained  for  an  ellipsoidal  body  at  M»2.65  and  at  several  angles  of  attack.  Inlet  solutions  are 
then  obtained  at  four  different  flow-field  locations  and  compared  with  uniform  flow-field  solutions.  The 
results  show  computational  predictions  of  the  effects  of  angle  of  attack  on  inlet  location  for  this 
idealized  geometry.  This  particular  configuration  demonstrates  both  the  effects  of  fuselage  shielding  and 
the  highly  nonuniform  flow  around  the  sides  of  the  aircraft. 
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Highly  maneuverable,  transonic  aircraft,  on  the  other  hand,  are  required  to  accommodate  large 
excursions  in  airplane  attitude.  Inlets  for  such  aircraft  are  required  to  either  operate  satisfactorily 
over  a larger  change  in  aircraft  attitude,  or  to  be  located  such  that  aircraft  components  successfully 
shield  the  inlet  from  incidence  changes  due  to  excursions  in  aircraft  attitude.  At  the  same  time,  these 
inlets  must  not  detract  from  the  net  thrust  production  of  the  propulsion  system  over  the  complete  flight 
envelope  of  the  aircraft.  For  aircraft  that  are  required  to  have  some  supersonic  capability,  the  latter 
requirement  usually  dictates  that  the  inlets  have  rather  sharp  lips,  which  in  turp  are  deleterious  to  their 
performance  at.  high  angles  of  attack. 

Although  some  progress,  which  will  be  discussed,  is  being  made,  adequate  computational  codes  for 
solving  complex  three-dimensional  flows  at  transonic  speeds  are  not  available.  Designers  for  the  most 
part,  must  rely  on  empirical  data  from  previous  wind-tunnel  tests  or  conduct  now,  and  often  very  costly, 
wind-tunnel  tests.  Some  guidelines  do  exist  that  are  the  result  of  parametric  studies  of  the  flow  about 
various  vehicle  shapes,  the  most  complete  being  the  USAF/FDL  Tailor-Mate  studies  (Ref.  3).  These  guide- 
lines are  not  sufficiently  complete  to  cover  all  possible  configurations,  and  the  designer  must  still 
resort  to  wind-tunnel  tests  of  his  particular  configuration. 

The  data  presented  in  this  paper  will  not  completely  remedy  this  situation.  Some  data  from  a NASA- 
funded  wind-tunnel  tesJ  (Ref.  4)  will  be  presented  to  show  the  effects  of  angle  of  attack  and  of  a forward 
canard  on  the  location  and  performance  of  normal  shock  inlets.  The  data  are  useful  to  extend  the  guide- 
lines developed  from  Ref.  3 to  a slightly  different  forebody  shape,  to  different  inlet  shapes,  and  to  the 
effects  of  a canard. 

2.  SUPERSONIC  CRUISE  AIRCRAFT 

An  analytical  study  showing  the  effects  of  angle  of  incidence  on  inlet  location  for  a hypothetical 
supersonic  cruise  aircraft  will  be  discussed  in  this  section.  The  geometry  of  the  hypothetical  cruise 
aircraft  will  be  discussed  first.  The  analytical  methods  for  computing  the  forebody  flow,  the  inlet  flow, 
and  the  method  for  interacting  those  two  computations  will  be  discussed  next,  followed  by  a presentation 
of  the  computational  results  and  the  implications  for  supersonic  cruise  aircraft  design. 

2.1  Hypothetical  Aircraft  Configuration 

Rather  than  selecting  for  investigation  an  existing  aircraft  configuration,  a generalized  configura- 
tion was  chosen  that  would  be  somewhat  similar  to  cruise  aircraft  and  yet  be  easily  amenable  to  analysis 
by  the  existing  methods.  The  basic  fuselage  has  an  elliptical  cross  section  (major  to  minor  axis  ratio  of 
3)  with  a tangent-ogive  planform  (length  to  width  ratio  * 3.5),  as  shown  in  Fig.  1.  Four  different  inlet 
locations  were  chosen  which  serve  to  illustrate  the  basic  problems  encountered  in  inlet  placement. 

A mixed  compression  axisymmetric  inlet  was  chosen,  since  the  internal  flow  code  is  limited  to  that 
configuration.  A well  known  and  researched  M*  2.65-inlet  configuration  (see  Ref.  5 and  Fig.  2)  was  chosen 
as  being  typical  of  application  to  supersonic  cruise  aircraft.  As  indicated  in  Fig.  2,  the  minimum  area 
of  the  inlet  remains  at  a nearly  constant  Z as  the  centerbody  is  translated  forward  by  Al.  Nondimensional 
coordinates  of  the  inlet  contours  are  given  in  Table  1.  For  most  of  this  study,  the  axis  of  symmetry  of 
the  inlet  was  maintained  parallel  to  the  axis  of  symmetry  of  the  fuselage. 


TABLET.  INLET  COORDINATES 
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0.175 

1 .0046 
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0.4202 

4.125 
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1.0062 

Straight  taper 
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0.4367 

4.175 
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0.325 

1 .0073 

2.000 

0.8662 
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1.0077 
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1 .0078 

2.050 
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1 .0074 
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3.250 
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0.5721 
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3.550 

0.5940 
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2.675 
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5.150 
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' 3.375 
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0.6370 
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1.250 
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2.2  Analytical  Method 

The  analytical  method  used  in  this  paper  consists  of  three  main  components:  (1)  a technique  for 
computing  the  supersonic  flow  about  a fuselage  of  arbitrary  cross  section  at  angle  of  attack,  the  Kutler 
code;  (2j  a technique  for  computing  the  supersonic  flow  in  a mixed  compression,  axl  symmetric  inlet  with 
nonuniform  upstream  flow;  and  (3)  a method  to  couple  these  two  techniques  so  that  a corrbined  solution  can 
be  obtained. 

The  two  flow  computation  techniques  have  a common  basis,  the  finite-difference,  shock-capturing 
technique  described  In  Ref.  1.  A brief  description  of  the  general  features  of  the  shock-capturing  tech- 
nique and  details  relevant  to  each  technique  are  given  below. 

2.3  Shock-Capturing  Technique 

The  finite-difference,  shock-capturing  technique  described  here  consists  of  solving  the  equations  of 
motion,  written  in  conservative  form,  between  the  body  and  some  outer  computational  boundary.  The  equations 
of  motion  are  written  in  the  following  form: 

EZ  + Fr  + V H ' 0 

The  terms  E,  F,  G,  and  H are  vector  components  defined  as: 
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A complete  set  of  equations  is  obtained  by  employing  the  energy  equation  in  the  following  form: 

p = p(i  - q2) 


where 


q * /u2  + v^  + w2 

The  solution  of  these  equations  throughout  a supersonic  flow  field  proceeds  from  a plane  wherein  all 
the  flow  properties  are  known  to  a subsequent  downstream  plane.  Spacing  between  the  planes  Is  controlled 
by  the  minimum  domain  of  Influence,  that  is,  signal  propagation  along  Mach  lines,  of  all  of  the  points  In 
the  known  plane.  Spacing  between  the  planes  or  step  size  less  than  the  above,  Courant  number  less  than 
one,  can  be  used  in  some  cases  to  Improve  accuracy. 


In  the  shock-capturing  solutions  presented  1r  this  paper,  HacCormack's  second-order  accurate  finite- 
difference  algorithm  (Ref.  1)  was  used  to  obtain  the  conservative  variables  at  each  point  in  the  downstream 
plane.  This  algorithm  is  a two-step  process  using  first  the  following  predictor  equation 


En+T  . £n 

• j E1j 


AZ  /pfi  pH  \ AZ  /pH  pn  \ iiiiH 


and  subsequently,  the  following  corrector  equation: 

cn+l 

E1j 

After  each  step,  the  conservative  variables  must  be  decoded  to  find  the  physical  variables  at  each  point. 
Barred  superscripts  denote  predicted  values. 
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Further,  both  techniques  use  a coimvon  method  for  determining  the  flow  along  the  body  surface  which  Is 
the  Inner  computational  boundary.  After  the  flow  is  predicted  at  the  body,  the  velocity  vector  will  not 
necessarily  satisfy  the  surface  tangency  condition.  A snail,  local  Prandtl -Meyer  turning  is  imposed  to 
satisfy  the  tangency  condition,  and  the  predicted  flow  variables  are  adjusted  accordingly.  A direct 
consequence  of  this  approach  is  that  the  body  surface  becomes  a constant  entropy  surface,  even  across 
discontinuities  in  surface  curvature  or  shock  wave  reflections.  The  method  does,  however,  give  an 
accurate  indication  of  surface  pressures  when  compared  to  more  accurate  calculations,  or  experimental  data 
(see  Ref.  2). 


The  two  techniques  differ  In  their  treatment  of  the  outer  boundary  conditions.  This  difference  is 
discussed  In  the  following  paragraphs. 


2.3.1  Forebody  Solutions 


The  outer  computational  boundary  for  the  forebody  code  is  the  bow  shock  wave,  which  is  maintained  as 
a discrete  shock  wave  in  the  solution.  Conditions  at  the  shock  wave  are  found  by  solving  the  Ranklne- 
Hugunlot  equations  at  each  computational  point  on  the  shock  wave.  All  other  shock  waves  that  are  generated 
within  the  solution  are  captured  by  the  numerical  technique  and  diffused  over  several  streamwise  mesh 
points.  Presently,  the  forebody  code  is  limited  to  flows  at  angle  of  attack,  that  is,  yaw  or  sideslip 
cannot  be  considered.  For  detailed  Information  of  the  foretody  technique,  the  reader  should  refer  to 
Ref.  1. 
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2.3.2  Inlet  Solutions 

The  oute*-  computational  boundary  for  the  inlet  code  is  an  arbitrary  conical  surface  that  is  sized  to 
contain  the  conical  shock  from  the  centerbody  tip.  Flow  properties  at  this  computational  boundary  must  be 
known,  either  input  as  uniform  flow  or,  as  will  be  described  later,  obtained  from  another  computational 
technique,  such  as  a forebody  flow-field  solver.  In  this  solution,  the  centerbody  conical  shock  wave  and 
all  other  shock  waves  are  captured  by  the  numerical  technique  and  diffused  over  several  streanwlse  mesh 
points. 

Since  sev.  ral  modifications  to  the  inlet  code  described  in  Ref.  2 have  been  made  to  allow  solution 
of  flows  wherein  the  initial  flow  is  nonuniform,  some  discussion  of  these  modifications  is  appropriate.  As 
shown  in  Fig.  3(a),  the  computation  of  the  inlet  flow  is  divided  into  three  domains:  conical  flow,  external 
flow,  and  internal  flow. 

A small  region  of  conical  flow  is  computed  at  the  centerbody  tip  in  order  to  obtain  a starting 
solution,  This  is,  of  course,  an  approximation  since  conical  flow  does  not  exist  for  flows  with  nonuniform 
upstream  conditions.  However,  if  this  region  is  kept  sufficiently  small,  then  the  effect  of  this  approxi- 
mation should  also  be  small.  For  in’et  solutions,  in  a nonuniform  flow  field,  as  described  here,  the  flow 
properties  from  the  forebody  flow  field  at  coordinates  of  the  centerbody  tip  ire  used  for  the  free-stream 
conditions.  The  three-dimensional  velocity  vector  at  that  point  is  resolved  into  a simple  "angle  of 
attack"  for  the  cone  flow  solution.  Further  details  of  the  conical  flow  solution  are  presented  in  Ref.  2. 

Computation  of  the  flow  in  the  external  flow  domain  required  the  majority  of  the  modifications  from 
the  uniform  case.  First,  in  nonuniform  flow  an  axis  of  symmetry  does  not  necessarily  exist.  This  requires 
that  the  flow  completely  around  the  inlet  be  calculated  using  an  indexing  scheme  as  shown  in  Fig.  3(b). 
Secondly,  the  nonuniform  flow  on  the  outer  computational  boundary  must  be  input  from  another  solution,  in 
this  case  the  forebody  solution.  At  every  point  on  the  outer  computational  boundary,  the  nonuniform 
upstream  flow  is  required;  the  method  for  obtaining  this  flow  will  be  described  later. 

No  changes  to  the  computation  of  the  internal  flow,  other  than  the  provision  to  compute  completely 
around  the  inlet,  were  required. 

2.4  Coupling  Technique 

Coupling  of  two  supersonic  solutions  together  is  the  easiest  class  of  problem  for  two  interacting 
flows.  Since  there  are  no  upstream  propagating  disturbances,  no  iteration  is  needed,  and  coupling  is 
reduced  to  determining  the  upstream  boundary  conditions  for  subsequent  downstream  solutions. 

In  this  case,  output  from  the  r'orebody  code  is  in  the  form  of  the  flow  properties,  p,  p,  u,  v,  and  w 

at  each  point  in  the  forebody  cylindrical  coordinate  system  Ze,  re,  and  <pf . The  output  data  are  for 

variable  radii  between  the  body  and  the  shock  wave  at  constant  azimuthal  angles,  <j>*  within  a plane  of 
constant  Z.  A portion  of  the  total  forebody  solution  that  was  adequate  to  bound  tne  entire  inlet  solution 
was  saved  on  a permanent  file  within  the  computer.  Essentially,  data  are  saved  over  a radius  interval 
equal  to  twice  the  Inlet  diameter  at  azimuthal  angles  that  bound  twice  the  included  angle  of  the  inlet 
diameter  and  Z planes  from  the  most  forward  position  of  the  centerbody  tip  to  just  aft  of  the  cowl-lip 
station,  as  shown  in  Fig.  4. 

Two  different  kinds  of  information  can  be  obtained  from  the  computational  data  stored  in  the  pie 
shaped  volume  shown  in  Fig.  4.  First,  data  can  be  obtained  in  any  plane  within  the  volume  for  definition 
of  the  flow  properties  within  that  plane.  (If  experimental  data  are  available  in  the  plane,  direct 
comparison  with  that  data  can  be  made.)  Secondly,  computational  data  are  obtained  along  the  outer  compu- 
tational boundary  for  the  inlet  solution.  Droop  and  toe-in  of  the  inlet  axis  relative  to  the  fuselage 

axis,  or  similarly  the  orientation  of  any  plane,  can  be  accounted  for  by  proper  transformation.  The  first 

step  In  obtaining  the  desired  Information  from  the  forebody  data  file  Is  to  transform  the  coordinates  of  a 
known  p'«int  In  the  inlet  geometry  or  some  known  plane  to  the  forebody  coordinate  representation.  Forebody 
flow  properties  at  those  points  are  obtained  from  the  data  file  using  a three-dimensional  linear  interpola- 
tion scheme.  Flow  velocities  from  the  forebody  solution  are  then  transformed  to  the  coordinates  system 
of  the  known  plane. 

All  inlet  solutions  are  obtained  in  a cylindrical  coordinate  system  whose  origin  is  the  centerbody 
tip  and  whose  Z axis  is  coincident  with  the  centerline  of  the  inlet.  Points  on  the  outer  computational 
boundary  are  transformed  to  the  cylindrical  coordinate  system  of  the  forebody  solution  and  flow  properties 
at  those  points  are  obtained  by  the  interpolation  scheme  described  above.  The  velocities  of  the  forebody 
solution  are  then  transformed  to  the  inlet  coordinate  system  and  entered  into  the  inlet  solution  as  known 
properties  along  the  outer  computational  boundary  (see  Fig.  3). 

2.5  Results  and  Discussion 

The  results  presented  here  have  been  chosen  to  demonstrate  three  points:  (1)  the  nature  of  the  flow 
in  the  inlet  at  M = 2.65  and  a = 0 when  it  is  isolated  from  the  forebody;  (2)  the  effect  of  placing  the  same 
inlet  at  four  different  locations  in  the  forebody  flow  field  with  the  forebody  at  M-2.65  and  a=0,  and 
(3)  the  effect  of  forebody  angle  of  attack  on  the  inlet  flow  at  the  four  different  locations. 

The  pressure  distribution  for  the  isolated  inlet  at  M=2.65  and  0 = 0 is  shown  in  Fig.  5.  These  inlet 
contours  have  been  designed  to  produce  a nearly  isenuropic  internal  flow  with  effectively  no  internal  shock 
waves.  The  7 coordinate  is  measured  from  the  centerbody  tip  and  has  been  nomalized  by  the  radius  of  cowl. 
For  these  calculations,  a complete  solution,  defined  as  one  with  supersonic  flow  throughout  the  inlet,  was 
obtained  with  the  cowl  in  the  design  pos  tion,  7a  ■ 2.325,  which  corresponds  to  a centerbody  translation 
* 0. 

Complex  three-dimensional  flows  are  not  easily  amenable  to  simple  graphical  description.  Variation 
of  the  flow  into  an  isolated  axisymmetric  inlet  at  angle  of  attack  can  be  bounded  by  the  flow  along  the 
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windward,  $ = 0°,  and  leeward,  $-180“,  meridians.  Once  the  inlet  is  inmarsed  in  a nonuniform  upstream 
flow,  no  such  convenient  axis  oi  symmetry  exists.  An  a priori  specification  of  the  meridians  where  the 
maximum  and  minimum  pressure  distributions  will  exist  is  not  possible  and,  for  the  most  part,  computational 
results  must  be  interpreted  with  the  aid  of  computer  graphics.  However,  for  ease  of  presentation  and  for 
reasons  to  be  discussed  later,  pressure  distributions  will  be  shown  on  the  two  meridians  that  nearly  bound 
the  pressure  distributions  in  the  Inlet. 

The  pressure  distributions  In  the  Inlets  for  locations  1,  2,  and  3 (see  Fig.  1)  are  shown  in  Figs. 

6 through  8,  respectively,  for  a forebody  angle  of  attack  of  zero.  In  addition  to  the  pressure  distribu- 
tions, the  local  mach  number,  effective  angle  of  attack,  and  meridonal  angle  $T  of  the  projection  of  the 
total  velocity  vector  onto  a plane  normal  to  the  fuselage  Z axis  at  the  centerbody  tip  are  noted  on  the 
figures.  A primary  difference  for  all  of  these  solutions  from  the  isolated  inlet  solution  (also  included 
on  the  figures)  is  that  the  centerbody  has  been  translated  forward  to  maintain  supersonic  flow  in  the  inlet 
at  the  slightly  different  Mach  numbers  and  angles  of  attack  Results  for  location  1 are  given  at  <j>  * 0° 
and  180°  while  results  for  Icoations  2 and  3 are  given  for  $=90“  and  270“.  This  is  done  to  correspond  to 
the  windward  and  leeward  meridians  of  the  effective  angle  of  attack.  In  all  cases,  it  is  noted  that  the 
internal  pressures,  and  hence  the  peak  attainable  pressure  recovery,  are  reduced  due  to  translating  the 
1 centerbody  forward.  Tilting  the  inlet  axis  by  the  effective  angle  of  attack  would  reduce  the  required 

centerbody  translation  and  hence  result  in  higher  pressure  recovery.  Results  are  not  shown  for  location  4 
because  they  are  identical  to  those  for  location  1,  except  that  they  are  all  rotated  through  180“.  Note 
that  location  1 appears  to  be  the  best  position,  as  might  be  expected.  Of  the  two  side  locations,  the 
second  appears  to  be  the  better  at  this  angle  of  attack.  However,  as  will  be  seen  below  when  angle  of 
attack  effects  are  discussed,  this  will  not  be  the  case. 

When  the  forebody  angle  of  attack  is  increased  to  8“,  the  forebody  flow  at  the  centerbody  tip  changes 
dramatically,  as  shown  in  Figs.  9-12.  Optimum  angle-of-attack  shielding  to  produce  a low  effective  angle 
of  attack  at  the  centerbody  tip  was  obtained  with  the  inlet  in  location  1,  as  also  obtained  exDerimental ly 
in  Ref.  3.  However,  the  tip  Mach  number  is  low,  requiring  a large  forward  translation  of  the  centerbody 
to  maintain  supersonic  flow.  This  large  centerbody  translation  could  be  reduced  by  changing  the  internal 
contours  of  the  inlet  to  reflect  a lower  design  Mach  number. 

At  location  2,  the  basic  forebody  flow  produces  a large  effective  angle  of  attack  of  11.3“  at  the 
centerbody  tip.  The  rate  of  change  of  effective  angle  of  attack  with  forebody  angle  of  attack  is  greater 
than  one  in  this  location.  This  is  due  in  part  to  the  rapid  expansion  around  the  side  of  the  body. 

Because  mixed-compression  axlsymmetrlc  Inlets  are  not  designed  for  such  large  angles  of  attack,  some 
1 change  in  inlet  orientation  would  be  required  for  satisfactory  Inlet  operation  at  this  location.  To  obtain 

a complete  solution,  it  was  required  to  droop  and  toe-in  the  inlet  axis  relative  to  the  fuselage  by  8°  and 
r 4“,  respectively.  This  reduced  the  effective  angle  of  attack  at  the  centerbody  tip  to  1.8“,  as  shown  in 

parenthesis  in  Fig.  10.  However,  even  then  the  large  flow-property  gradients  upstream  of  the  inlet 
required  an  extensive  centerbody  translation  to  obtain  a complete  solution.  The  variation  in  pressure 
| distributions  shown  In  Fig.  10  is,  for  this  case,  due  to  the  large  gradients  In  flow  properties  ahead  of 

the  inlet.  Due  to  these  large  gradients,  this  location  would  probably  be  unsatisfactory  for  successful 
Inlet  operation  at  flight  conditions  wherein  the  forebody  would  be  at  angle  of  attack. 

Both  the  effective  angle  of  attack  (aT  = 8.9“  for  no  droop  or  toe-in)  and  Mach  number  are  reduced 
at  location  3.  Here  a droop  of  6“  and  a centerbody  translation  of  hi- 0.6  allowed  a complete  supersonic 
solution  to  be  obtained.  More  careful  alignment  of  the  inlet  with  the  oncoming  flow  in  this  location 
could  probably  produce  satisfactory  inlet  operation.  Again,  a slightly  lower  design  Mach  number  might  be 
helpful  in  producing  better  inlet  performance. 

The  forebody  flow  at  location  4 produced  an  inlet  flow  which  was  very  close  to  the  isolated  inlet 
flow.  Although  the  tip  Mach  number  <s  above  the  design  Mach  number  of  2.65,  it  reduces  the  required  center- 
body  translation  to  account  for  angle-of-attack  effects.  Until  significant  flow  separation  effects  occurred 
on  the  forebody,  good  Inlet  performance  at  angle  of  attack  could  probably  be  achieved  In  this  location. 

All  of  the  forebody  solutions  were  computed  utilizing  a mesh  at  30  points  In  the  azimuthal  direction 
U = 0°  to  180°)  and  11  in  the  **  direction  with  a Courant  number  of  0.9.  Complete  forebody  solutions  required 
about  200  sec  of  CDC  7600  computing  time.  Inlet  solutions  were  obtained  utilizing  20  points  in  the  azimuthal 
direction  (<.  ■ 0°  to  360  ) and  21  points  in  the  r direction  and  a Courant  number  of  1.0.  Isolated  Inlet 
solutions  required  about  15  sec  to  compute  and  the  nonuniform  solutions  required  about  30  sec  of  CDC  7600 
computing  time. 

The  primary  power  of  this  analytical  method,  as  demonstrated  from  results  shown  above,  is  Its 
capability  to  determine  required  modifications  to  Inlet  design  and  location  in  order  to  achieve  optimum 
performance  when  the  inlet  Installed  in  a forebody  flow  field.  Further,  the  effects  of  off-design  airplane 
operation  on  inlet  performance  can  be  assessed  and  preliminary  centerbody  control  schedules  can  be 
established.  This  should  result  in  significantly  Improved  designs  as  well  as  reduced  design  time  and 
costs.  Reductions  in  cost  would  result  primarily  from  reductions  in  wind-tunnel  testing  to  develop  an 
optimum  inlet  configuration  and  location.  Wind-tunnel  testing  could  then  focus  on  design  refinements 
and  on  establishing  final  control  schedules. 

3.  TRANSONIC  AIRCRAFT 

In  contrast  to  the  situation  for  supersonic  flows,  the  capability  to  compute  complex  forebody  and 
inlet  flows  at  transonic  speeds  does  not  exist  at  present,  However,  a brief  review  of  some  current  work 
to  develop  this  methodology  will  be  given  here.  Afterwards,  a presentation  will  be  given  of  some  recent 
experimental  results  which  will  Illustrate  the  difficulties  of  inlet  location  for  operation  of  transonic 
aircraft  at  high  angles  of  attack. 
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3.1  Transonic  Computations 

The  computation  of  complex  transonic  flows  Is  in  a much  more  formative  state  than  the  computation  of 
complex  supersonic  flows.  Completely  general  methods,  which  can  analyze  the  complex  transonic  flows 
discussed  In  this  paper,  must  await  the  development  of  at  least  the  next  generation  of  computers  (beyond 
the  CDC  STAR  or  the  CRAY  I,  for  example)  as  well  as  additional  insight  into  the  modeling  of  turbulent 
flows.  However,  some  significant  progress  is  being  made  toward  computation  of  somewhat  simpler  transonic 
flows.  Two  efforts,  currently  under  way  on  contract  to  Ames  Research  Center,  are  being  developed  to  com- 
pute transonic  flow  about  isolated  forebodies  of  quite  general  cross  section  and  into  three-dimensional 
inlets,  respectively.  Coupling  these  two  solution  techniques  together  will  provide  the  capability  to 
solve  airframe/inlet  Interaction  problems  of  simple  forebody- inlet  configurations. 

The  forebody  solution  technique  is  a Navler-Stoke  code  being  developed  by  Numerical  Continuum 
Mechanics,  Incorporated.  An  alternating-direction  explicit  algorithm  is  used  to  solve  the  full  Navler- 
Stokes'  equations.  Computation  of  the  flow  proceeds  in  two  different  marching  directions.  Elliptic  terms 
in  either  marching  direction  are  evaluated  from  the  previous  calculation,  or  the  initial  approximation. 
Solution  in  any  given  marching  direction  reduces  to  solving  for  the  flow  in  a plane  which  is  either  moving 
along  the  body  or  around  the  body  at  some  uniform  velocity.  Typically,  8 to  10  points  are  included  In  the 
boundary  layer  with  the  viscous  sublayer  being  resolved  with  the  boundary- layer  equations.  Although  a 
solution  for  a body  of  noncircular  cross  section  has  not  been  obtained  to  date,  a solution  of  the  flow 
about  a tangent-ogive  looks  very  encouraging  in  that  vortex  location  has  been  accurately  predicted.  Com- 
pletely converged  solutions  should  be  obtainable  in  three  marching  sweeps  with  satisfactory  engineering 
solutions  being  obtainable  in  two  sweeps.  Ultimately,  each  sweep  should  take  about  1 hr  of  CDC  7000 
computer  time. 

The  inlet  solution  technique  Is  a time-dependent  Euler  code  being  developed  by  the  General  Dynamics 
Corporation.  The  goal  of  this  effort  is  to  generate  a code  that  can  analyze  transonic  flow  Into  complex 
three-dimensional  inlets.  To  date,  most  of  the  effort  has  focused  on  developing  three-dimensional  mesh 
generation  techniques.  A method,  which  is  an  extension  of  the  Thompson  2-D  mesh  generation  technique, 

Ref.  6,  has  been  developed  for  generating  three-dimensional  meshes  for  any  inlet  configuration,  and  meshes 
have  been  generated  for  a circular  transport  type  inlet  with  elliptical  lips  and  for  a horizontal  ramp 
fighter  type  inlet  with  sharp  lips.  Future  effort  will  concentrate  on  choosing  the  optimum  computational 
algorithm  (from  a time  and  accuracy  standpoint)  and  developing  the  computational  code. 

For  engineering  purposes,  it  is  expected  that  these  codes  can  be  coupled  in  a noniterative  :node  for 
most  problems  at  high  subsonic  (M  > 0.8)  and  low  supersonic  flows  (M  < 1.6).  Since  both  methods  are  finite 
difference  techniques  and  will  require  a large  number  of  mesh  points  to  define  the  flow,  large  amounts  of 
computer  time  will  be  required  to  obtain  satisfactory  solutions.  Coupling  the  two  solutions  will  require 
the  development  of  special  buffer  programs  in  the  Interaction  region  to  i-revent  the  computational  time 
from  becoming  totally  unrealistic. 

3.2  Experimental  Results  and  Discussion 

The  limited  data  base  for  transonic  aircraft  design  was  discussed  in  the  introduction.  To  extend  the 
base  of  Ref.  3 for  supersonic  speeds  to  a different  configuration,  transonic  speeds,  and  higher  angles  of 
attack,  an  effort  was  undertaken  at  Ames  Research  Center  through  a contract  with  Rockwell  International 
(Ref.  4).  This  study  investigated  two  different  inlet  shapes:  (1)  a kidney-shaped  inlet  In  two  fuselage 
locations  with  and  without  a forward  canard,  and  (2)  a rectangular  inlet  without  a forward  canard,  but  with 
several  modifications  to  Improve  the  high  angle-of-attack  performance  (e.g.,  blunt  lower  lips,  slats,  and 
turning  vanes). 

3.2.1  Kidney-Shaped  Inlets  With  and  Without  a Forward  Canard 

The  forebody  of  the  aircraft  configuration.  Including  the  canard,  is  shown  In  Fig.  13.  At  the  inlet 
face  station,  the  inlet  could  be  moved  to  two  different  locations:  a hlyh-shoulder  location  and  a low- 
shoulder  location,  as  shown  ir.  Fig.  14.  The  inlet  was  a kidney-shaped,  normal-shock  Inlet  having  sharp 
lips  for  efficient  supersonic  flight.  The  width  of  the  inlet  face  is  about  1/7  of  the  half-span  of  the 
canard,  whose  deflection  angle  could  be  varied.  Maximum  chord  of  the  canard  was  about  0.35  m. 

All  of  the  data  discussed  here  were  taken  at  a constant  Mach  number  of  0.9  and  a Reynolds  number  of 
19  x 10*7m.  For  subsonic  Inlet  performance,  it  is  usual’y  customary  to  show  pressure  recovery  versus 
mass-flow  ratio  at  constant  Mach  number,  model  attitude,  and  geometry.  Direct  comparison  of  the  effects  of 
model  attitude  and  geometry  are  often  hard  to  make  in  this  format.  The  data  shown  here  will  be  for  a mass 
flow  ratio  of  0.8  In  order  to  remove  one  variable  for  ease  of  comparison.  In  some  cases,  showing  inlet 
performance  at  a constant  mass  flow  ratio  will  not  show  the  total  performance  capability  of  a particular 
configuration,  but  the  conclusions  that  will  be  drawn  from  this  presentation  will  not  be  compromised  by 
this  restriction. 

Total  pressure  recovery  for  the  inlet  In  both  positions,  and  without  a forward  canard,  is  shown  in 
Fig.  15.  As  can  be  seen,  nearly  identical  performance  is  obtained  in  both  inlet  locations  up  to  an  angle 
of  attack  of  20*.  Additional  tuft  studies  show  little  change  in  flow  angularity  at  the  two  locations. 
Within  the  limitations  of  the  geometric  variations  with  this  model,  there  seems  to  be  little  effect  of 
angle  of  attack  upon  Inlet  location. 

Pressure  recovery,  as  a function  of  angle  of  attack  for  the  lower  and  upper  shoulder  locations  with  a 
forward  canard,  is  shown  in  Figs.  16  and  17,  respectively.  From  Fig.  16  it  is  apparent  that  the 
performance  at  the  inlet  In  the  lower  shoulder  location  Is  very  sensitive  to  canard  deflection  angle. 
Although  there  seems  to  be  some  flow  aligning  or  straightening  effect  of  the  canard.  Inlet  performance 
seems  to  be  more  dependent  on  whether  the  canard  wake  is  ingested  into  the  inlet. 
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In  contrast,  the  canard  has  a beneficial  effect  for  the  upper  shoulder  location  where,  as  shown  in 
Fig.  17,  the  pressure  recovery  Is'  improved  at  all  angles  of  attack  for  the  canard  deflection  angles  shown. 
Tuft  studies  show  that  straightening  or  aligning  of  the  flow  is  effected  by  the  canard  at  tne  upper 
shoulder  location  and  there  is  no  evidence  that  the  canard  wake  is  ingested  into  the  inlet.  Here,  the 
canard  is  providing  similar  benefits  to  the  fuselage  and  wing  shielding  obtained  at  supersonic  speeds  In 
Ref.  3 for  the  Tailor-Mate  configurations.  Proper  integration  of  a forward  canard  and  an  inlet  can  be 
effective  in  improving  the  angle  of  attack  performance  of  the  inlet. 

A limited  investigation  of  the  angle  of  yaw  (or  sideslip)  effects  upon  inlet  performance  was 
conducted.  Although  no  detailed  data  will  be  given  here,  the  results  will  be  discussed  qualitatively. 

Data  were  obtained  only  for  the  inlet  in  the  upper  shoulder  location  with  a forward  canard  at  zero 
deflection.  At  an  angle  of  attack  of  4°,  sideslip  angles  up  to  ±10°  had  little  effect  on  inlet  performance. 
At  an  angle  of  attack  of  12°,  some,  but  not  drastic,  loss  in  inlet  performance  was  noted  at  a yaw  angle  of 
10°  for  the  windward  Inlet. 

3.2.2  Rectangular  Inlet 

A rectangular  Inlet  was  mounted  at  the  midshoulder  location  on  the  fuselage,  as  shown  in  Fig.  14,  but 
without  the  forward  canard  shown  in  Fig.  13.  Various  lower-lip  modifications  were  the  primary  geometric 
variables.  Besides  the  two  shown  in  Fig.  18,  several  others  were  tested:  different  slat  positions,  lip 
bluntness,  and  a turning  vane. 

Although  detailed  test  results  will  not  be  presented,  some  qualitative  discussion  of  the  results  is 
merited.  The  two-lip  modifications  shown  in  Fig.  18  provided  the  best  performance,  but  were  definitely 
not  optimum.  The  internal  slat  configuration  provided  equal  or  better  performance  at  high  angles  of  attack 
than  did  the  other  configurations  tested,  including  the  kidney-shaped  inlets.  Very  good  high  angle-of- 
attack  performance  was  also  provided  by  the  thick,  low-lip  configuration,  but  this  configuration  was  mass- 
flow  limited  at  low  angles  of  attack.  Also,  the  blunt  lip  would  incur  a serious  drag  penalty  at  supersonic 
speeds.  A thin  lower  lip  with  an  inflatable  boot  might  generate  a blunt  lip  to  obtain  good  high  angle-of- 
attack  performance  and  yet  not  have  large  supersonic  drag. 

4.  CONCLUDING  REMARKS 

A computational  method  for  coupling  a three-dimensional  supersonic  forebody  code  and  a three- 
dimensional  supersonic  inlet  code  together  has  been  described.  Computational  results  for  a hypothetical 
supersonic  configuration  have  been  obtained.  These  results  show  the  effects  of  angle  of  attack  on  inlet 
performance  for  four  different  inlet  locations.  The  power  of  this  computational  method  to  indicate  inlet 
location,  orientation,  and  centerbody  control  schedule  for  optimum  design  and  off-design  performance  is 
demonstrated  by  the  computational  results. 

A brief  description  of  some  computational  work  under  way  to  develop  methods  for  airframe/ inlet 
integration  calculations  for  complex  transonic  flows  has  been  given.  Although  much  remains  to  be  done, 
these  techniques  will  ultimately  provide  the  same  capability  as  we  now  have  for  supersonic  flows.  Until 
then,  systematic  experimental  studies  of  various  configurations  must  be  conducted  to  build  a data  base. 

A recent  series  of  experiments  conducted  for  Ames  Research  Center  by  Rockwell  International  add  the 
following  results  to  the  transonic  data  base: 

(1)  The  effect  of  angle  of  attack,  a forward  canard,  and  inlet  location  on  the  performance  of  a 
kidney-shaped  normal  shock  inlet  for  a hypothetical  highly  maneuverable  transonic  aircraft  has  been  shown. 
Proper  integration  of  a forward  canai  d and  an  inlet  has  been  shown  to  improve  the  angle-of-attack  performance 
of  a normal  shock  inlet  at  M =0.9. 

CO 

(2)  The  effects  of  lower-lip  modifications  and  turning  vanes  on  the  performance  of  a rectangular 

normal  shock  inlet  were  investigated.  Both  a slat  arrangement  and  a blunt  lower  lip  provided  very  good 
high  angle-of-attack  performance  at  The  blunt  lip  produced  a low  inass-flow  ratio  at  low  angles 

of  attack  and  would  generate  large  supersonic  drag. 
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Fig.  1.  Hypothetical  supersonic  cruise 
configuration. 


ARRAY 


(b)  Indexing  scheme  for  inlet  solutions. 
Fig.  3.  Concluded. 


Fig.  4.  Saved  data  volume  from  forebody  solution. 


Fig.  2.  Supersonic  inlet  contours  and  area 
distribution. 


Fig.  3.  Conceptual  details  of  inlet  solution. 
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Fig.  5.  Static  pressure  distribution,  M - ?.65, 
a ■ 0,  il  - 0.0. 
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Fig.  6.  Static  pressure  distribution,  location  1 
forebody:  M = 2-65,  a ■ 0. 


Fig.  7.  Static  pressure  distribution,  location  2 
forebody:  M = 2.65,  c.  » 0. 


Fig.  9.  Static  pressure  distribution,  location  1 
forebody:  M = 2.65,  a = 8°. 


Fig.  10.  Static  pressure  distribution,  location  2 
forebody:  M ■ 2.65,  a = 8°. 


Fig.  8.  Static  pressure  distribution,  location  3 Fig.  11.  Static  pressure  distribution,  location  3 
forebody:  M ■ 2.65,  a » 0.  forebody:  M ■ 2.65,  a * 8°. 
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Fig.  12.  Static  pressure  distribution,  location  4 
forebody:  M « 2.65,  a = 8°. 


Fig.  13.  Hypothetical  highly-maneuverable 
transonic  aircraft  configuration. 


Fig.  14.  Inlet  shapa  and  location. 


for  two  inlet  locations. 


Fig.  16.  Effect  of  canard  deflection  angle  on  low 
shoulder  location  inlet  performance. 


Fig.  17.  Effect  of  canard  deflection  angle  on 
upper  shoulder  location  inlet  performance. 


Fig.  18.  Rectangular  inlet  lower  lip 
modifications. 
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Fig.  6.  Static  pressure  distribution  location  1 
forebody:  M » 2.65,  a » 0. 
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Fig.  7.  Static  pressure  distribution,  location  2 
forebody:  M = 2.65,  a ■ 0. 
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Fig.  8.  Static  pressure  distribution,  location  3 
forebody:  M * 2,65,  a ■ 0. 
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Fig.  9.  Static  pressure  distribution,  location  1 
forebody:  M = 2.65,  a = 8°. 
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Fig.  11.  Static  pressure  distribution,  location  3 
forebody:  H « 2.65,  a « 8°. 
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Fig.  12.  Static  pressure  distribution,  location  4 
forebody:  M = 2.65,  a = 8°. 


Fig.  13.  Hypothetical  highly-maneuverable 
transonic  aircraft  configuration. 


Fig.  15.  Comparison  of  angle-of-attack  performance 
for  two  Inlet  locations. 


Fig.  16.  Effect  of  canard  deflection  angle  on  low 
shoulder  location  inlet  performance. 


Fig.  17.  Effect  of  canard  deflection  angle  on 
upper  shoulder  location  inlet  performance. 


Fig.  14.  Inlet  shape  and  location. 


Fig.  18.  Rectangular  inlet  lower  lip 
modifications. 
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SUMMARY 

Due  to  advanced  aerodynamic  design  and  the  use  of  thrust-vectoring  systems  the  flight  envelope 
of  future  tactical  aircraft  will  be  considerably  expanded,  especially  at  subsonic  speeds.  Aircraft  angles 
of  attack  during  manoeuvres  in  controlled  separated  flow  conditions  may  reach  70°  or  even  more.  To 
attain  these  increased  capabilities  new  intake  design  concepts  and  optimum  integration  of  intake  and  air- 
frame must  be  adopted  to  provide  high  pressure  recovery  and  low  instantaneous  flow  distortion  for  high 
thrust  levels  and  satisfactory  inlet/engine  compatibility. 

The  paper  discusses  results  from  subsonic  scale  model  tests  carried  out  for  intake  geometries 
especially  designed  for  high  angle  of  attack  capability.  A unit-composed  intake  model  representing  a 
twin-engine  fighter  aircraft  was  tested  with  two  basic  intake  positions  in  a shielded  location , one  under 
the  fuselage  and  cne  under  ihe  wing  strakes  on  both  sides  of  the  fuselage.  In  addition  two  different  axial 
positions  were  teited.  An  external-compression,  horizontal -ramp  inlet  design  was  chosen  for  the  tests. 
Different  auxiliary  intakes,  all  fitted  to  the  lower  side  of  the  intake  were  tested.  Various  rotatable  for- 
ward cowl  lip  designs  and  a cowl  slot  were  also  included  in  the  investigations. 

The  results  show  that  a shielded  intake  location  offers  a high  potential  for  improvement  in  inlet 
manoeuvre  capability.  Sufficient  shielding  is  generally  given  for  the  under-fuselage  position.  For  the 
side -intakes  located  under  the  strakes  a position  as  far  downstream  as  possible  is  desirable.  For  such 
shielded  intakes  only  small  performance  losses  occurred  at  incidences  up  to  35°.  With  auxiliary  intakes 
properly  integrated  into  the  lower  side  of  the  intake  duct  -nd/or  rotatable  forward  portions  of  the  cowl 
lips  incidences  up  to  70  are  possible  with  only  small  performance  degradations  and  low  increase  in 
turbulence. 

Optimum  performance  of  the  intake  over  a wide  range  of  incidences  can  be  obtained  when  the 
auxiliary  intake  geometry  and  the  cowl  lip  rotation  iB  programmed  as  a function  of  aircraft  angle  of 
attack  and  flight  Mach  number. 

It  is  further  shown  that  variable  cowl  lip  geometry  introduced  for  subsonic  manoeuvre  improve- 
ment offers  an  attractive  means  for  optimum  intake /engine  mass  flow  matching  at  supersonic  speeds  by 
varying  the  intake  capture  area. 


LIST  OF  SYMBOLS 


A Intake  capture  area 

C p - p 

^0°  • 

DC60  Distortion  parameter  ‘-JZUU 


hc  Intake  capture  height 
H Altitude 

Mq  Flight  Mach  number 

M Mean  engine  face  Mach  number 

P Free  stream  total  pressure 


3 Mean  engine  face  total  pressure  over 

60°  60°  sector 

I Mean  engine  face  dynamic  pressure 

' Free  stream  velocity 

o 

0 

' Mean  engine  face'  velocity 

X Angle  of  attack  s- 


£ 

x 

T\ 


Yaw  angle  “ 

Canard  angle  relative  to  fuselage  datum 
Mean  engine  face  loss  factor 


Mean  engine  face  total  pressure 


Engine  face  pressure  recovery 
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1 . INTRODUCTION 

Conceptual  studies  for  the  next  generation  of  fighter  aircraft  involve  consideration  of  increased 
manoeuvrability  and  extended  flight  envelopes  compared  to  the  presently  existing  fighters.  This  leads 
to  air  vehicle  designs  capable  of  flying  at  extreme  high  angles  of  attack  at  conditions  with  completely 
separated  flow.  This  will  be  accomplished  by  advanced  control  concepts  and  the  use  of  thrust-vectoring 
systems.  A major  component  requiring  special  attention  during  the  development  of  such  configurations 
is  the  engine  air  inlet  system. 

The  purpose  of  the  inlet  is  to  supply,  under  all  flight  conditions,  the  air  demanded  by  the  engine 
at  the  maximum  pressure  and  with  the  least  drag  and  most  favourable  interference  possible.  Also,  low  flo\ 
angularity  and  sufficient  uniform  and  steady  flow  at  the  engine  entry  plane  is  required  to  avoid  com- 
pressor stall  and  engine  surge.  A large  effort  has  been  made  over  the  past  several  years  to  meet  these 
requirements  for  the  conventional  flight  regime  of  supersonic  fighter  airplanes. 

The  envisaged  penetration  into  the  post-stall  flight  regime  causes  entirely  new  problems  to  the 
inlet  flow  and  represents  a challenge  for  the  inlet  designer.  Flow  separation  at  the  forward  intake  must 
be  avoided  or  sufficiently  suppressed  in  order  to  keep  the  flow  distortion  within  the  limits  defined  by  the 
engine  manufacturer  and  to  provide  the  highest  possible  pressure  recovery  at  the  compressor  entrance. 

This  may  be  achieved  by  special  inlet  design  features  and/or  proper  integration  of  the  inlet  system  with 
the  airframe. 

This  paper  describes  some  inlet  concepts  especially  designed  to  meet  the  above  mentioned 
requirements  during  flight  at  extreme  high  angles  of  attack  and  presents  results  of  low  speed  wind  tunnel 
model  tests  carried  out  with  a number  of  specially  designed  inlet  configurations  located  at  shielded 
positions. 

2.  AERODYNAMIC  ASPECTS  OF  INLET/ENGINE /AIRFRAME  INTEGRATION 

The  problems  arising  with  inlet/engine/airframe  integration  during  design  of  a new  airplane  are 
shown  in  fig.  1 . Inlet  performance  is  defined  in  terms  of  its  effect  on  both  the  performance  of  the  engine 
and  the  drag  of  the  airframe.  Parameters  involved  in  the  determination  of  inlet  performance  include 
spillage  drag,  total  pressure  recovery,  flow  distortion,  bypass  drag,  boundary  layer  bleed  system  drag 
and  the  interference  with  external  flow.  For  fighter  type  aircraft  which  operate  at  very  different  flight 
conditions  the  losses  related  to  the  inlet  system  can  rise  to  high  values  at  specific  conditions  since  the 
engine  is  demanding  a wide  range  of  mass  flow.  Careful  optimisation  of  the  inlet  geometry  and  the 
integration  of  the  inlet  with  the  airframe  is  required  to  achieve  high  overall  performance. 

Besides  the  performance  aspects  attention  must  also  be  paid  to  inlet/engine  compatibility.  Proper 
matching  of  inlet  and  engine  mass  flow  by  correct  inlet  siting  and  control  is  required  to  guarantee  stable 
operation  under  all  flight  conditions.  Inlet  flow  distortion  causes  a reduction  of  engine  surge  margin  and 
can  cause  engine  malfunction  at  extreme  manoeuvres.  Therefore,  steady  state  and  time-variant  distortion 
determination  by  model  tests  is  required  early  during  project  development  to  identify  areas  of  possible 
problems  and  to  improve  intake  flow  quality  to  meet  the  requirements  of  the  engine. 

The  next  generation  of  fighter  airplanes  is  expected  to  penetrate  into  hitherto  inaccessible  flight 
regimes,  embracing  extreme  high  angles  of  attack  at  subsonic  Mach  numbers  (fig.  2),  where  reliable  engine 
system  operation  at  steady  state  and  transient  engine  conditions  is  required.  Controlled  separated  flow 
at  the  wing  is  a basic  feature  for  these  new  concepts  but  the  inlet  flow  must  be  free  of  detrimental  separa- 
tions or  disturbances  must  be  sufficiently  attenuated  at  the  compressor  entry  plane. 

3.  INLET  LOCATIONS  AND  CONCEPTS  FOR  HIGH  ANGLE  OF  ATTACK 

A basic  approach  to  improve  the  inlet  flow  conditions  at  high  angles  of  attack  is  shielding  of  the  inlet 
either  by  the  wing,  wing  strakes  or  fuselage.  This  has  already  been  shown  during  the  project  "Tailor-Mate" 
£lj,  and  was  later  applied  in  the  F-16  and  to  some  extent  in  the  F-17  fighter  designs  £2,  3j.  Fig.  3 
qualitatively  shows  for  shielded  intake  locations  how  the  flow  is  turned  ahead  of  the  intake,  thus  consider- 
ably reducing  the  local  flow  angle  at  the  inlet  position.  Very  effective  shielding  is  achieved  with  the  under- 
wing location  but  unfavourable  fuselage  effects  at  yaw  are  to  be  expected  for  high  wing  installations.  Also, 
relatively  high  compressor  face  distortion  and  turbulence  may  be  associated  with  the  short  inlet  duct 
length  for  the  underwing  location.  For  configurations  incorporating  a wing  strake,  lavourable  overall 
inlet/airframe  integration  is  possible  with  the  inlet  located  under  the  strake.  However,  boundary  layer 
removal  from  the  fuselage  si-le/strake-corner  is  difficult  and  the  effectiveness  of  the  strake  may  be 
influenced  by  the  intake.  At  negative  angles  of  attack  there  is  also  the  possibility  of  the  strake  vortex 
being  ingested  into  the  inlet.  Effective  shielding  and  good  yaw  capability  is  achieved  with  the  intake 
located  under  the  fuselage  and  sufficient  inlet  duct  length  can  be  provided  for  that  configuration  to 
attenuate  flow  distortion. 

In  addition  to  shielding  special  devices  are  required  for  the  inlet  system  at  extreme  high  angles 
of  attack.  Fig,  4 depicts  some  possible  design  features  to  improve  the  inlet  flow  at  very  high  angles  of 
attack.  The  rotating  forward  intake  offers  an  attractive  means  to  avoid  cowl  lip  separation  provided  that 
a sufficient  large  radius  of  the  internal  contour  at  the  pivot  axis  can  be  achieved.  Design,  however,  is 
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complex  and  difficult  to  realize.  Cowl  li^  separation  can  also  be  avoided  or  delayed  by  features  like 
cowl  rotation,  cowl  slat  or  leading  edge  blowing  [4], 

Auxiliary  intake  doors  arranged  at  the  lower  intake  side  are  extremely  effective  at  high  incidences. 
Blow-in-doors  or  Venetian  blinds  are  shown  in  fig.  4 as  examples  of  a number  of  possibilities. 

An  inlet  design  incorporating  the  concept  of  the  rotating  cowl  is  depicted  in  fig,  5.  This  solution 
is  attractive  from  an  inlet  aerodynamic  point  of  view  since  it  not  only  provides  high  angle  of  attack 
capabilities  at  low  speed  but  also  allows  a variable  capture  area  for  nearly  optimum  inlet/engine  airflow 
matching  at  supersonic  speeds.  The  lower  half  of  the  figure  shows  the  desired  capture  area  variation 
over  the  supersonic  flight  envelope.  For  the  special  design  shown,  the  minimum  capture  area  has  been 
limited  in  order  to  avoid  excessive  internal  cowl  angles. 

4.  LOW  SPEED  INLET  MODEL  TESTS 

A series  of  low  speed  wind  tunnel  tests  using  a 1:7  scale  model  has  been  carried  out  to  investigate 
different  inlet  configurations  in  shielded  installations  at  angles  of  attack  of  up  to  100  . The  aim  was  to 
establish  guidelines  for  inlet  design  and  to  select  potential  configurations  for  more  detailed  tests  to  be 
carried  out  later  also  at  transonic  and  suuersonic  Mach  numbers.  Two  test  scries  were  carried  out  and 
the  configurations  were  judged  on  the  basi.'  of  engine  face  pressure  recovery  and  steady  state  distortion. 
During  the  second  test  phase  the  turbulence  level  ahead  of  the  engine  face  was  measured  by  4 high 
response  total  pressure  pick-ups  (Kulites).  Future  tests  will  incorporate  full  time -variant  distortion 
measurement. 

4.  1 Test  Set-Up 

The  arrangement  of  the  model  is  shown  in  fig,  6.  It  in  supported  at  the  wing  tips  and  angle  of 
attack  variation  is  accomplished  via  the  sing  support,  approaching  the  model  from  the  upper  rear  side. 
Three  exchangeable  stings  are  provided  for  the  different  ranges  of  incidence.  Yaw  angle  variation  is 
made  by  rotation  of  the  whole  suspension  system.  Suction  of  the  inlet  air  flow  is  provided  by  compres- 
sors for  both  intakes.  The  pipes  for  air  flow  suction  approach  the  model  from  the  rear.  Easy  modifica- 
tion of  the  inlet  axial  position  over  a range  of  2.  8 intake  capture  heights  is  possible  by  moving  the  inlet/ 
duct  system  along  the  lower  side  of  the  fuselage. 

4.2  Model  Configurations 

A unit-composed  model  design  representing  a twin-engine  fighter  was  applied  to  allow  easy  and 
quick  configuration  changes.  The  various  configurations  tested  within  the  two  test  phases  are  depicted 
in  fig.  7 . In  the  first  tost  phase  a trapezoidal  wing  with  strikes  was  tested  with  two  basically  different 
inlet  locations.  These  were  an  under  fuselage  and  an  under  strnko  location.  Both  configurations  were 
tested  with  two  different  axial  intake  positions  with  an  axial  movement  of  2.8  intake  capturo  heights. 

The  intake  considered  is  of  the  external  compression  type  with  a 7 overhead  ramp  and  relatively  blunt 
intake  lips  and  sidewalls.  The  forward  part  of  the  intake  cowl  lip  es  exchangeable  and  can  be  replaced 
by  different  lip  designs  and  auxiliary  air  intake  types.  In  addition  to  the  reference  configuration  (no 
auxiliary  intake)  three  concepts  (see  fig.  7)  of  auxiliary  intakes  were  tested  during  the  first  test  phases, 
i.e.  a fully  open  auxiliary  intake,  a Venetian  blind  type  and  variable  cowl  lip  geometry. 

For  the  second  test  phase  the  model  was  modified  to  represent  a delta  wing/canard  configuration 
with  under-fuselage  inlets.  Only  the  forward  intake  location  was  tested.  A variety  of  variable  geometry 
cowl  schemes  and  auxiliary  intakes  was  tested  with  that  configuration.  Pictures  of  the  model  installed 
in  the  tunnel  and  of  the  various  intake  configurations  are  shown  in  fig.  8. 

4.  3 Model  Instrumentation  and  Data  Acquisition 

A mass  flow  measuring  section  was  provided  in  each  suction  pipe.  Instrumentation  at  the 
simulated  compressor  face  consisted  of  a remotely  controlled  rotatable  rake  comprising  4 arms  with  5 
steady  state  total  pressure  probes  on  each  arm  (fig.  9) . The  probes  were  located  on  centroids  of  equal 
ring  area.  During  the  second  test  phase  4 high-response  total  pressure  probes  (Kulites)  were  installed 
in  front  of  the  engine  face  rake  to  measure  time-variant  pressures.  During  a test  run  the  rotatable  rake 
was  stepped  at  increments  of  1 5 . Pre-tests  were  made  to  adjust  the  rake  starting  position  so  that  the 
wake  from  the  Kulites  did  not  affect  the  rake  measurement  at  any  rake  arm  position. 

The  data  acquisition  is  depicted  in  fig,  1 0,  The  left  hand  side  shows  the  dynamic  data  processing 
and  the  right  hand  side  the  steady  state  processing.  The  signals  from  the  Kulites  were  amplified  and 
then  filtered  by  a low-pass  and  high-pass  filter  before  storage  on  the  magnetic  tape  was  made.  An 
oscilloscope  and  a voltmeter  allowed  observation  of  the  signals  during  actual  testing.  The  steady  state 
data  were  recorded  in  the  usual  way  using  a scanivalve.  Final  data  were  made  available  on  a plotter, 
line  printer  and  punch  tape. 


Test  Procedure 


j:  -4 

4.4 


For  the  static  tecta  (M  - 0),  a range  of  intake  mass  flow*  wia  tested  and  suction  could  be  pro- 
vided up  to  a level  corresponding  to  "combat"  engine  rating.  The  mean  engine  face  loss  factor  is  defined 

as 


X = 


- p 


‘2 


q 


and  is,  fot  incompressible  flow,  considered  to  be  independent  of  free  stream  or  duct  Mach  number  and 
then  only  a function  of  the  velocity  ratio  vG/v.  Therefore,  most  of  the  test*  were  carried  out  at  the  maxi- 
mum tunnel  speed  of  M0“  0.2  and  the  velocity  ratio  was  varied  by  control  of  suction  mass  flow.  Predictions 
of  the  intake  pressure  recovery  at  other  Mach  numbers  than  that  ested  are  possible  on  the  basis  of  the 
established  variation  of  the  loss  factor  with  velocity  ratio  using  the  expression: 
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After  having  set  tunnel  Mach  number,  angle  of  attack  and  yaw  of  the  model  the  intake  mass  flow  was 
varied  from  the  maximum  possible  down  to  velocity  ratios  corresponding  to  "combat"  maos  flow  at  a 
flight  Mach  number  of  about  M0  - 0.  5. 


4.  5 Results  and  Discussion 

In  the  following  the  main  results  selected  from  a large  number  of  test  data  will  be  presented  and 
disiussed.  Fig.  1 I shows  the  derived  engine  face  pressure  recovery  as  a function  of  angle  of  attack  for 
the  flight  Mach  numbers  M0  - 0.  1 and  0.  5 (upper  and  lower  half  of  figure  respectively)  at  two  basically 
different  intake  locations,  i.e.  under  the  fuselage  (left  hand  side  of  fig.  11)  and  under  the  strake  on 
either  side  of  the  fuselage  (right  hand  side  of  the  figure).  The  diagrams  essentially  compare  the  refer- 
ence intake  which  had  no  auxiliary  air  intake  (AAI)  with  all  the  auxiliary  .iir  intake  configurations  tested 
during  the  first  test  phase.  The  results  show  that  ail  auxiliary  intakes  tested  fall  within  a relatively 
narrow  band  provided  the  variable  auxiliary  intake  geometry  is  programmed  to  optimum  position  as  a 
function  of  angle  of  attack.  At  low  Mach  number*  (M  = 0.  1)  the  under  fuselage  inlet  position  shows 
worse  result*  than  the  under  strake  position  for  the  reference  inlet  (AAI  closed).  This  is  due  to  the 
unfavourable  mutual  interference  of  the  narrow  spaced  intakes  at  the  under  fuselage  position.  However, 
with  auxiliary  intakes  installed  for  the  under  fuselage  position,  extreme  high  pressure  recovery  is 
achieved  at  angles  of  attack  of  up  to  70  even  at  a relatively  high  flight  Mach  number  of  MQ  = 0.  5 because 
of  effective  fuselage  shielding.  A.  ten  per  cent  improvement  at  (X  - 70  compared  to  the  reference  inlet 
is  possible  resulting  in  about  15  per  cent  increase  in  installed  net  thru  it.  For  the  under  strake 
position  the  shielding  effect  is  less  pronounced  resulting  in  2 to  3 per  cent  lower  pressure  recovery  at 

a = 70°  and  M = 0.  5. 

o 

The  effect  of  yaw  angle  on  pressure  recovery  is  depicted  in  fig.  12  at  angles  of  attack  of  0°  and 
10  , again  for  both  inlet  positions.  No  noticeable  effect  with  yaw  was  seen  for  the  windward  inlet.  The 
leeward  inlet  showed  nearly  no  pressure  recovery  degradation  for  yaw  angleB  up  to  -10  for  the  under 
fuselage  position  and  small  losses  at  -20  . The  right  half  of  the  figure  shows  the  high  sensitivity  to 
negative  yaw  angles  for  the  under  strake  position.  This  is  clearly  a result  of  the  fuselage  wake  at 
negative  yaw  angles. 

„ In  fig.  I 3 the  effect  of  axial  inlet  position  on  pressure  recovery  is  shown  at  angleri  of  attack  of 
10  and  70  . The  axial  distance  between  the  two  position*  is  2.  8 intake  capture  heights  (see  fig.  6). 
While  little  or  no  effect  is  found  for  the  under  fuselage  position,  the  under  strake  position  shows  clear 
advantage*  for  the  rear  position,  especially  at  G = 7 0 , but  the  results  are  still  worse  than  for  bo'h 
under  fuselage  positions  Because  of  the  limited  shielding  effect  of  the  strakes  compared  to  the  fuselage 
underside  an  inlet  position  as  far  downstream  as  possible  for  the  under  strake  location  is  preferable. 

The  effect  of  a canard  on  pressure  recovery,  tested  during  the  second  test  phase,  is  presented 
in  fig,  14.  For  the  static  condition  (MQ  = 0),  neither  the  canard  angle  £ nor  the  removal  of  the  canard 
showed  any  noticeable  effect  on  the  results  for  the  range  of  engine  face  Mach  numbers  tested  (typical 
"combat"  engine  setting  correspond*  to  an  engine  face  Mach  number  of  about  0.  6).  At  a flight  Mach 
number  of  MQ  - 0.  5 and  maximum  inlet  air  flow  (combat)  also  little  variation  in  pressure  recovery  was 
measured  when  the  canard  angle  £ was  changed.  In  fig.  14  results  for  a range  of  typical  operating 
canard  angles  at  <2  - 30  and  70  are  shown.  Only  at  Q = 70  a variation  of  less  than  one  per  cent  in 
pressure  recovery  was  noticed. 


In  fig.  1 5 a comparison  is  made  for  the  static  condition  (M0  = 0)  between  the  reference  inlet,  the 
rotatable  cowl  concept  and  two  configurations  with  auxiliary  air  intakes.  While  the  auxiliary  intake 
configurations  show  some  improvement  in  pressure  recovery,  the  rotatable  cowl  yielded  the  best  results. 
The  steady  state  distortion,  however,  is  worst  for  the  rotatable  cowl  but  well  below  a level  which  may 
deteriorate  engine  behaviour.  The  most  encouraging  result  is  the  drastic  reduction  in  engine  face 
turbulence  to  alx'ut  half  the  level  of  the  reference  inlet  for  the  rotatable  cowl. 
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Some  more  results  of  engine  face  turbulence  at  forward  speed  as  a function  of  angle  of  attack  are 
presented  in  fig,  1 6 for  selected  configurations.  The  three  diagrams  in  fig,  16  correspond  to  different 
velocity  ratios  vQ/v  with  the  relevant  engine  face  Mach  numbers  M of  0.  14,  0.23  and  0.45.  The  flight 
Mach  number  increases  with  v /v  from  the  right  hand  to  the  left  hand  diagram,  but  due  to  tunnel  speed 
limitations  the  full  engine  mass  flows  (up  to  M = 0.  6)  could  not  be  simulated.  Only  the  right  hand 
diagram  coresponds  closely  to  typical  engine  mass  flows.  The  diagram  shows  again  the  very  high 
reduction  in  engine  face  turbulence  for  the  rotatable  cowl  configuration.  Only  a very  small  increase  in 
turbulence  level  can  be jeen  when  the  angle  of  attack  is  varied  from  30  to  70  . For  the  lower  engine 
face  Mach  numbers  of  M = 0.23  and  0,  14  the  turbulence  levels  are  not  representative  but  the  same  trend 
can  be  recognized.  The  limited  dynamic  data  obtained  so  far  are  encouraging  but  it  is  essential  that 
further  testing  incorporates  full  dynamic  distortion  measurements  in  order  to  allow  asoessment  of  inlet/ 
engine  compatibility  to  be  made. 


5.  CONCLUSIONS 

o First  low  speed  inlet  model  tests  at  angles  of  attack  of  up  to  100°  showed  that  most  effective 
shielding  is  achieved  with  the  under  fuselage  inlet  position.  For  under  strake  positions  the 
inlet  shall  be  located  as  far  downstream  as  possible.  Extreme  high  internal  intake  performance 
for  the  under  fuselage  position  can  be  achieved  for  angles  of  attack  up  to  70  when  suitable 
cowl  designs  or  auxiliary  intakes  are  incorporated. 

o The  under  fuselage  position  is  superior  to  the  under  strake  position  especially  at  yaw, 

o For  the  canard  configuration  the  effect  of  the  canard  is  negligible  when  the  inlet  is  located 
under  the  fuselage. 

o The  concept  of  a rotatable  cowl  is  promising  in  terms  of  internal  inlet  performance  and  engine 
face  turbulence.  It  is  also  attractive  for  inlet/engine  mass  flow  matching  at  supersonic  speeds 
because  the  feature  of  the  rotatable  cosvl  can  be  used  to  vary  the  intake  capture  area. 


REFERENCES: 


[l]  L.E.  Surber  and  D.  J . Stava  Supersonic  Inlet  Performance  and  Distortion  during 

Maneuvering  Flight 

AGARD  CP  91-71,  No.  25,  September  1971 


[2]  J.E.  Hawkins  YF~  16  Inlet  Design  and  Performance 

AIAA-Paper  74-1062,  October  1974 


[3]  J.  Patierno 


YF-17  Design  Concepts 
AIAA-Paper  74-936,  August  1974 


[4]  J.A.  Cawthon  Design  and  preliminary  evaluation  of  inlet  concepts  selected 

for  maneuver  improvement 
AIAA-Paper  76-701,  July  1976 


ACKNOWLEDGEMENT 

A part  of  the  presented  work  was  sponsored  bv  the  German  Ministry  of  Defense,  Ril/lV/3  (contract 
T/R  420/60002/62006)  and  produced  in  cooperation  with  DFVLR  Braunschweig  and  VFW-Fokker,  Bremen. 


Test  Phase  (Delta-Canard  Configuration)  1 Phase  (Strake  Configuration) 


Model  Configuration 
Intake  under  Fuselage 


Auxiliary  Intake  Variation 


32-11 


DYNAMIC  DATA 


STEADY  STATE  DATA 


Fig.  10  Data  acquisition 


"'•'I  V '.U'-. 


Angle  of  attack  ; a 

1 20°  40°  60°  80°  100°  0°  20°  40°  60°  80°  100° 


AAI  open 


AAI  closed 


I AAI open 


JAAI  open 


AAI  closed 


AAI 

\closed 


Combat  rating  \ 

n-°0,  I 1 K 

Under  fuselage  location 


Under  stroke  location 


Fig.  11  Effect  of  angle  of  attack  on  pressure  recovery 


Flight  Mach  Number,  M0 

0.1  ' 0.2  0.3  0.4  0.5  0 0.1  0.2  0.3  0.4  0.5 


AAI  open 
Combat  rating 
Leeward  H < 0° 


Under  fuselage  location  Under  stroke  location 


Fig.  12  Effect  of  yaw  angle  on  pressure  recovery 


M0  =0.1 


M0  =0.5 


a =0° 


a =30 


Pressure  recovery. 


32-15 


Flight  Mach  number,  M0 

0 0.1  0.2  0.3  0.4  0.5  0 0.1  0.2  0.3  0 4 0.5 


Under  fuselage  location  Under  stroke  location 


Fig.  13  Effect  of  axial  inlet  position  on  pressure  recovery 


without  canard  + 
'£=0°  O 
with  . e = -io°  O 
canard  e = -20°  □ 


o 

CL 


Engine  face  Mach  Number;  M 


o 

a. 

-S 


Fig.  14  Effect  of  canard  on  pressure  recovery 


OD1-I 


COMPRESSIBILITY  EFFECTS  ON  THE  SYMMETRIC  BODY  VORTEX  WAKE 
OF  AN  OGIVE  NOSE  CYLINDER- 

by  t 

William  L.  Oberkampf**  and  Timothy  J.  Bartel 
Department  of  Mechanical  Engineering 
The  University  of  Texas  at  Austin 
Austin,  Texas  78712 
USA 


SUMMARY 


An  extensive  experimental  investigation  of  the  syimetric  body  vortex  wake  was  conducted.  Cone  probe 
measurements  were  made  on  the  leeside  of  an  ogive  nose  circular  cylinder  for  three  different  supersonic 
freestream  conditions.  Measurements  of  total  pressure,  Mach  number,  and  three  orthogonal  velocity  com- 
ponents were  made  at  four  angles  of  attack  of  the  body  at  various  axial  stations.  These  data  are  processed 
to  infer  the  position  of  the  primary  body  vortex  in  the  cross-flow  plane,  local  circulation  distribution 
in  the  cross-flow  plane,  vortex  core  size,  and  total  circulation  in  the  cross-flow  plane.  Although  limited 
results  are  discussed  in  this  paper,  particular  emphasis  is  placed  on  the  effects  of  transonic  cross-flow 
Mach  numbers  on  the  structure  of  the  body  vortex  wake. 


I.  INTRODUCTION 

High  angle  of  attack  aerodynamics  has  become  an  Increasingly  Important  topic  in  atmospheric  flight 
mechanics.  Nonlinear  forces  and  moments  which  come  Into  existence  at  high  incidence  angles  have  caused  a 
number  of  flight  stability  and  controllability  problems  on  both  missiles  and  aircraft.  Many  of  the  non- 
linear forces  and  moments  produced  by  a body  or  attached  lifting  surfaces  are  caused  by  the  existence  of  the 
vortex  wake  on  the  leeside  of  the  body.  At  angles  of  attack  above  about  10°  symmetric  vortices  form  on  the 
leeside  of  the  body  and  grow  in  strength  along  the  body.  If  the  angle  of  attack  or  body  length  is  increased, 
the  symmetric  wake  develops  along  the  body  into  an  asymmetric  multiple  vortex  wake.  The  present  investiga- 
tion is  concerned  with  the  symmetric  body  vortex  wake  in  supersonic  flow. 

This  paper  briefly  describes  the  most  comprehensive  experimental  investigation  to  date  of  the  sym- 
metric body  vortex  wake  of  a circular  cylinder  body  in  supersonic  flow.  Total  pressure,  Macii  number,  and 
three  orthogonal  velocity  component  measurements  were  made  at  various  survey  planes  on  the  leeside  of  the 
body.  Measurements  were  made  at  a nominal  Mach  number  of  2 for  two  Reynolds  numbers  and  at  Mach  number  3 
for  one  Reynolds  number.  The  high  Reynolds  number  condition  (R^  - 1.75  x 10°)  represents  a factor  of  four 
increase  over  previously  published  data  (Refs.  1 and  2)  for  supersonic  flow.  The  measurements  were  made 
using  a conical  pressure  probe  which  was  manipulated  by  computer  in  angular  orientation  and  position  in  the 
wind  tunnel.  This  paper  summarizes  results  of  the  experiment  which  deal  with  the  effects  of  transonic  Mach 
number  in  the  cross-flow  plane.  Additional  analyses  of  these  results  are  given  in  Refs.  3 and  4 and  a com- 
plete reporting  of  the  results  are  given  in  Ref.  5. 


II.  EXPERIMENTAL  INVESTIGATION 

The  experimental  program  was  conducted  in  Supersonic  Tunnel  A of  the  von  KimWm  Gas  Dynamics  Facil- 
ity of  the  Arnold  Engineering  Development  Center,  Arnold  Air  Force  Station,  Tennessee.  Tunnel  A is  a con- 
tinuous flow,  closed  circuit,  wind  tunnel  with  a 1.02  m by  1.02  m (40  in.  by  40  in.)  test  section.  The 
model  used  in  this  experiment  was  a 76.2  mu  (3  in.)  diameter 
circular  cylinder  with  a two  caliber  tangent  ogive  nose  and  a 
total  length  of  1.143  m (45  in.).  It  was  supported  by  a 239 
mm  (9.4  In.)  long  sting  and  strut  assembly.  The  wake  flow 
measurements  were  made  with  a biconic  shaped  pressure  probe 
with  a diameter  of  3.17  mm  (.125  in.)  at  the  union  of  the  two 
cones  and  a 20°  semi-apex  angle  of  the  tip  cone.  The  probe 
was  Instrumented  with  four  static  pressure  orifices  on  the 
cone  surface  and  a total  pressure  orifice  at  the  apex  of  the 
cone.  The  probe  was  supported  by  a double  offset  wedge- 
shaped  strut  mounted  on  the  Captive  Trajectory  System  (CTS) 
of  the  wind  tunnel.  A photograph  of  the  model  and  probe  in- 
stallation is  shown  in  Fig.  1. 

The  CTS  is  a computer  controlled  electro-mechanical 
drive  system  permitting  variation  of  all  six  degrees  of 
freedom.  During  the  flow  field  probing  phase,  the  CTS  was 
programmed  to  position  the  probe  at  a series  of  grid  points 
in  the  cross-flow  plane;  i.e. , the  y-z  plane  shown  in  Fig. 

2.  The  pitch  and  yaw  angles  of  the  probe  were  varied  for 
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grid  points  in  the  survey  plane  so  that  the  angle 
between  the  probe  axis  and  the  local  velocity  vector 
was  minimized.  Data  were  taken  in  the  right-half 
cross-flow  plane  as  the  axial  locations  of  the  sur- 
vey grids  were  chosen  such  that  the  vortex  wake 
would  be  symmetric  at  the  survey  locations.  Two  or 
three  axially  located  grids  were  surveyed,  depend- 
ing on  the  angle  of  attack,  with  grid  point  spacing 
of  5.72  mm  (0.225  in.).  A summary  of  wind  tunnel 
freestream  conditions,  model  angles  of  attack,  and 
axial  grid  locations  is  shown  in  Table  1.  The 
final  data  set  totaled  5342  survey  points  evenly 
distributed  at  the  three  freestream  conditions. 

At  each  survey  point  the  pressure  data  from  the 
probe  were  reduced  such  that  five  flow  parameters 
were  obtained:  total  pressure,  Mach  number,  and 
(u,v,w)  velocity  components. 


III.  RESULTS  AND  DISCUSSION 

The  cross-flow  velocity  field  measured  for  ab  - 15°, 
x/d  = 13,  at  both  the  Mach  2 and  3 conditions  are  shown  in 
Fig.  3.  All  results  presented  In  this  paper  are  for  M„  * 2.00, 
Rd  * 1.75  x 10°  (based  on  body  diameter),  and  M„  = 3.01,  R<j  = 
1.70  x 10°.  The  base  of  the  vector  plotted  is  the  location  at 
which  the  measurement  was  made  in  the  cross-flow  plane.  The 
characteristic  rotational  motion  is  clearly  seen  for  the  Mach 
2 condition  but  only  vaguely  discerned  for  Mach  3.  The  highly 
elliptical  nature  of  the  vortex  shown  in  Fig.  3b  is  due  to  the 
higher  cross-flow  Mach  no.,  M°oc  « .78,  as  compared  to  that  of 
Fig.  3a,  Mo~  * .52.  The  center  of  the  body  vortex,  which  was 
determined  from  contour  plots  of  local  total  pressure  and  mag- 
nitude of  cross-flow  velocity,  /v2  + w2 , is  essentially  identi- 
cal for  both  the  Mach  2 and  Mach  3 conditions  of  Fig.  3. 


TABLE  I 

Flow  Field  Survey  Conditions 


M 

CD 

Rd  x IQ'6 

ab(deg) 

x/d 

2.00 

1.75 

10 

8,11,14 

2.00 

1.75 

15 

7,10,13 

2.00 

1.75 

20 

6,8.5,11 

2.00 

1.75 

25 

6,9 

1.95 

.48 

10 

8,11,14 

1.95 

.48 

15 

7,10,13 

1.95 
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20 

6,8.5,11 

1 .95 
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25 

6,9 

3.01 

1.70 

10 

8,11,14 

3.01 
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3.01 
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^ Using  the  measured  cross-flow  velocity 
field  Vc  * v j + wfc,  the  local  circulation  was 
calculated  in  each  of  the  cross-flow  survey 
planes.  The  distribution  of  local  circulation 
r(y,z)  in  the  cross-flow  plane  provides  sig- 
nificantly more  insight  to  the  fluid  dynamics 
of  the  separated  flow  as  compared  to  total  cir- 
culation calculations  of  previous  investigators. 
Local  circulation  was  calculated  on  a square  with 
side  h * .Q375d , i.e. , one-half  of  the  survey 
grid  size.  Using  the  definition  of  circulation, 
assuming  two-dimensional  flow  in  the  cross-flow 
plane,  one  has 


-=j  V- 


y+h,z  y+h,z+h  y+h,z+h  y,z+h 

r = jvdy-  jvdy+  Jwdz-  jwdz, 
y,z  y,z+h  y+h,z  y,z 


where  r is  positive  counterclockwise.  A cubic 
spline  approximation  of  the  v and  w velocity 
fields  was  used  to  carry  out  the  numerical  Inte- 
gration indicated  above. 


Figure  3 Figure  4 shows  a perspective  plot  of  the 

Cross-Flow  Velocity  Vectors  local  circulation  r(y,z)  in  the  cross-flow  plane 

for  = 15°,  x/d  = 13  for  ok  ■ 20°,  x/d  “ 8.5,  at  both  Mach  2 and  Mach 

3 conditions.  The  perspective  view  is  from  above 
the  three  dimensional  surface  r(y,z)  and  looking 
in  the  positive  y and  negative  z directions.  The 
"blank"  region  in  the  upper  right  portion  of  the  plot  represents  one  quadrant  of  the  body  in  the  cross-flow 
plane  and  also  the  grid  points  near  the  body  suriace  where  data  were  not  obtained.  Lines  hidden  from  the 
viewer  are  plotted  as  dashed  lines.  The  surface  of  the  perspective  plot  is  numerically  constructed  by  con- 
necting the  measured  data  points  with  the  straight  lines.  Several  very  interesting  features  can  be  seen 
from  Fig.  4.  The  general  character  of  both  surfaces  shown  in  Fig.  4 displays  the  diffuse  nature  of  circu- 
lation in  the  body  vortex  wake.  Vorticity  is  not  concentrated  in  a vortex  core  region  but  is  spread  over 
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figure  4 

Local  Circulation  for  a.  * 20°  and  x/d  = 8.5 


the  body  (Fig.  5a).  For  the  Mach  3 case,  Fig.  5b,  the 
sharp  changes  In  local  Mach  number  near  thewake  are  strik- 
ing. In  the  inviscid  flow  just  outside  the  wake  the  Mach 
number  is  near  4.0  and  In  the  wake  the  Mach  number  is 
near  2.0.  These  large  changes  in  Mach  number  are  brought 
about  by  the  high  cross-flow  Mach  number  (compare  Figs. 

5a  and  5b).  The  embedded  shock  in  the  angle  of  attack 
plane  which  occurred  for  Mach  2 also  occurs  for  Mach  3, 
but  for  Mach  3 the  flow  rapidly  accelerates  again  down  the 
body.  Another  prominent  feature  of  both  Figs.  5a  and  5b, 
particularly  5b,  are  the  very  low  Mach  number  points  at 
the  top  of  the  grid;  i.e.,  the  rows  of  points  with  large 
z.  Analysis  of  the  local  total  pressure,  cross-flow  ve- 
locities, local  circulation,  and  Schlieren  photographs  in 
the  neighborhood  of  these  low  Mach  number  points  shows 
that  this  feature  Is  a small  secondary  vortex.  This  sec- 
ondary vortex  originates  near  the  nose-body  juncture.  Is 
always  above  the  primary  body  vortex,  and  rotates  in  the 


most  of  the  recirculating  wake.  For  the  most  forward 
body  stations  the  data  show  that  the  circulation  is 
primarily  confined  to  a core  region,  but  for  more  aft 
body  stations  the  circulation  distributions  are  similar 
to  Fig.  4.  The  vortex  sheet  In  Fig.  4 can  be  identi- 
fied as  the  high  ridge  extending  downstream  from  near 
the  separation  point  at  the  crest  of  the  body.  The 
strong  effect  of  cross-flow  compressibility  can  be  seen 
by  comparing  Figs.  4a  and  4b.  For  the  lower  cross-flow 
Mach  number.  Fig.  4a,  the  vortex  sheet  Is  roughly 
aligned  with  the  z-axis  similar  to  Incompressible  flow. 
For  the  higher  cross-flow  Mach  number.  Fig.  4b,  the 
vortex  sheet  is  connected  toward  the  z-a:;1s  and  the 
vorticity  Is  more  localized  in  a layer  between  the  re- 
circulating flow  and  the  external  flow.  This  charac- 
teristic becomes  so  dominant  at  <xk  ■ 25“  for  Mach  3 
that  the  wake  appears  much  more  like  a shear  layer 
bounding  a separated  flow  than  a vortex  wake. 

A perspective  plot  of  the  local  Mach  number 
M(y,z)  in  the  cross-flow  plane  force*  25°,  x/d  * C, 
at  both  Mach  2 and  Mach  3 is  shown  in  Fig.  5.  For 
Mach  2,  Fig.  5a,  the  Mach  number  in  the  angle  of  at- 
tack plane,  I.e.,  the  z-axis,  varies  from  about  1.9 
far  from  the  body  to  a peak  of  3.16  near  the  body. 

Then  a strong  embedded  shock  wave  passing  normal 
through  the  angle  of  attack  plane  drops  the  Mach 
number  to  2.2.  The  shock  wave  can  be  seen  to  extend 
in  the  y-directlon  for  two  grid  spacings  (11  inn)  and 
then  vanish  into  the  low  Mach  number  flow  of  the  vor- 
tex core.  A weak  embedded  shock  wave  emanating  from 
the  separation  point  can  be  seen  near  the  crest  of 
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Figure  6 

Total  Circulation  in  the  Cross-Flow  Plane 


(b)  M = 3 


Figure  5 

Mach  Number  In  the  Cross-Flow  Plane 
for  a.  = 25°  and  x/d  = 6 


opposite  direction  of  the  primary  body  vortex.  Water 
tunnel  photographs  of  Werle6  and  the  surface  oil  flow 
streaks  of  Hsieh7  suggest  the  existence  of  such  a 
vortex  on  blunt  missiles.  The  present  experiment 
proves  the  existence  of  such  a vortex,  even  on  pointed 
bodies  of  revolution. 

Figure  6 shows  the  measured  relationship  be- 
tween the  total  circulation  In  the  survey  grid  vs. 
body  length  for  at,  = 10°,  15°,  20°,  and  25°  at  Mach 
2 and  Mach  3.  For  ■=  10°  and  15°  a linear  varia- 
tion of  total  circulation  vs.  x Is  demonstrated.  For 
ab  * 20°  and  25°,  the  variation  is  not  as  definite 
because  many  of  the  survey  grids  did  not  completely 
capture  all  of  the  circulation.  That  is,  the  flagged 
symbols  In  Fig.  6 denote  that  significant  circulation 
passed  through  the  top  boundary  of  the  grid. 
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Consequently,  the  flagged  symbols  are  a lower  bound  on  the  total  circulation  In  the  cross-flow  plane.  For 
ab  * 10°  and  15°  it  Is  seen  that  the  Mach  number  change  from  2 to  3 has  little  effect  on  total  circulation 
in  the  field.  For  ab  * 20°  and  25°  the  data  Indicate  that  the  Mach  2 wake  contains  significantly  more 

circulation  than  the  Mach  3 wake.  This  characteristic  could  be  related  to  the  change  in  the  wake  from  a 

vortex  cloud  for  Mach  2 to  a shear  layer  for  Mach  3.  To  obtain  an  indication  of  the  relationship  of  total 
circulation  to  angle  of  attack  of  the  body,  a least  squares  fit  of  the  data  was  calculated.  Using  the  total 

circulation  data  for  x/d  » 8 and  11  and  ab  * 10°,  15°  and  20°,  a fit  of  Tt  vs.  sln^oti,  was  effected  for  the 

high  Reynolds  number  conditions.  The  values  of  m were  2.33  and  1.90  for  Mach  2 and  Mach  3,  respectively. 

The  correlation  coefficients  for  the  power  fits  were  approximately  0.99,  Indicating  that  the  plot  of  log 
Ft  vs.  log  sin  ab  Is  very  close  to  linear.  The  fit  of  the  data  demonstrates  that  the  total  circulation 
grows  with  angle  of  attack  at  a substantially  lower  rate  as  the  Mach  number  Increases. 


IV.  CONCLUSIONS 

(1)  The  measured  distribution  of  circulation  In  the  cross-flow  plane  for  Mach  2 shows  that  for  % = 
10°  and  15°  and  x/d  < 10  the  circulation  Is  generally  restricted  to  the  vortex  core  and  the  vortex  sheet. 

For  3b  3 20°  and  25°  the  vortlcity  Is  generally  diffused  In  the  cross-flow  plane  to  the  extent  that  it  could 
be  described  as  a vortex  cloud. 

(2)  The  existence  of  a secondary  nose  vortex  situated  above  the  primary  body  vortex  Is  confirmed. 

The  secondary  nose  vortex  rotates  In  the  opposite  direction  as  the  body  vortex.  Although  it  Is  not  believed 
significant  with  regard  to  missile  flight  dynamics,  It  Is  an  interesting  fluid  dynamic  phenomenon. 

(3)  The  primary  body  vortex  position  in  the  cross-flow  plane  was  measured  for  a 3 at  % ■ 10° 
and  15°.  For  ab  * 20°  and  25°  cross-flow  compressibility  distorts  the  body  vortex  to  an  extent  that  a body 
vortex  cannot  be  defined.  Local  circulation  In  the  cross-flow  plane  for  % * 20°  and  25°  shows  that  the 
vortlcity  Is  primarily  located  In  a shear  layer  originating  near  the  crest  of  the  body  and  extending 
downstream. 

(4)  The  total  circulation  In  the  wake  for  «b  < 15°  did  not  change  between  Mach  2 and  Mach  3.  For 
% > 20°  the  measurements  Indicate  that  the  Mach  2 waFe  contains  significantly  more  circulation  than  the 
MacF  3 wake. 
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SUMMARY 

A wind  tunnel  model  with  a swept  wing  and  a dorsal  air  intake  mounted  well  aft  on  the 
fuselag's  has  been  investigated  in  a low  speed  wind  tunnel  with  respect  to  the  flow 
quality  of  the  air  intake  flow. 

It  was  found  that  the  air  intake  flow  was  satisfactory  at  zero  angle  of  yaw  for  angles 
of  attack  up  to  20  degrees.  Even  a moderate  angle  of  yaw,  however,  resulted  in  a rather 
high  level  of  intake  flow  distortion  as  caused  by  the  ingestion  of  forebody  vortices. 

A large  number  of  forebody  mounted  flow  control  devices  were  tested  and  among  these 
only  a canopy  mounted  device  was  found  effective  in  reducing  the  intake  flow  distortion 
to  an  acceptable  level. 


1 . DESCRIPTION  OF  THE  WIND  TUNNEL  MODEL 

The  dorsal  air  intake  position  well  aft  on  this  aircraft  configuration  shown  in  Fig.1 
should  have  several  advantages  compared  with  more  conventional  air  intake  positions. 
For  example: 


- Less  problems  with  foreign  object  ingestion 

- Minimum  length  engine  installation 

- Favorable  axial  area  distribution 
etcetera 

The  main  problem  to  be  expected  is  to  achieve  satisfactory  aerodynamic  performance  of 
the  air  intake  at  higher  angles  of  attack  in  a complex  flow  field  with  many  viscous 
effects.  This  problem  is  stressed  by  the  fact  that  modern  engines  can  tolerate  only  a 
moderate  level  of  distortion  of  the  flow  entering  the  compressor  due  to  compressor  stall 
considerations. 

The  wind  tunnel  model  has  a 40°  swept  wing  of  aspect  ratio  4 and  a low  set  horizontal 
tailplane.  The  engine  pod  is  blended  with  the  rear  part  of  the  fuselage  and  tilted 
slightly  in  order  to  get  the  line  of  thrust  close  to  the  center  of  gravity.  On  top  of 
the  rear  part  of  the  canopy  (in  the  plane  of  symmetry)  i3  indicated  the  only  flow  con- 
trol device  so  far  found  effective  of  a large  number  of  forebody  devices  tested.  The 
span  of  the  model  is  1 meter  and  the  tests  were  carried  out  in  an  atmospheric  low  speed 
tunnel  at  about  60  m/s. 


2.  TEST  RESULTS 

The  test  program  started  with  surveys  of  the  total  pressure  losses  at  the  intended  posi- 
tion of  the  air  intake,  that  is,  without  the  engine  pod  mounted. 

In  Fig. 2 are  shown  the  results  for  the  clean  datum  configuration.  Vertical  traverses 
with  a total  head  probe  starting  from  the  upper  side  of  the  wing  at  five  different  span- 
wise  stations  are  made  and  the  recordings  are  arranged  to  present  a perspective  view 
with  the  air  intake  position  indicated  by  the  dashed  circle. 

At  zero  angle  of  yaw  (left  column)  there  appears  to  be  very  little  pressure  loss  within 
the  stream  tube  entering  the  intake,  apart  from  a thin  wake  layer  apparently  shed  from 
the  canopy.  The  pronounced  depression  areas  of  the  diffuse  core  of  the  forebody  vortices 
pass  outside  the  air  intake.  The  situation  at  20°  of  angle  of  attack  (not  shown)  is  also 
similar.  Even  a moderate  angle  of  yaw,  however,  evidently  upsets  the  symmetry  of  the 
forebody  vortices  and  also  creates  a canopy  vortex.  The  result  is  that  large  depression 
areas  are  fed  into  the  air  intake. 

The  corresponding  total  pressure  surveys  in  the  compressor  section  of  the  air  intake 
mounted  on  the  "clean"  configuration  are  shown  in  Fig. 3 (a  =10°,  6-8°,  Ca»1.0).  The 
recordings  were  obtained  by  means  of  a mechanism  that  could  rotate  the  single  probe  and 
also  perform  radial  traverses. 

In  the  diagram  are  shown  the  pressure  losses  at  a number  of  radial  probe  positions  re- 
corded during  rotation  of  the  probe  with  180°  corresponding  to  the  12  o'clock  position. 
The  horizontal  part  of  each  curve  shows  zero  pressure  loss.  The  magnitude  of  pressure 
losses  and  the  distribution  of  the  depression  ireas  seem  to  correlate  with  the  result 
of  Fig. 2 as  could  perhaps  be  expected  considering  the  very  short  length  intake  duct. 
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VISUALISATIONS  AND  CALCULATIONS  OF  AIR  INTAKES 
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AVIONS  MARCEL  DASSAULT-BREGUET  AVIATION 
78,  quai  Carnot  - 92214  ST  CLOUD  (France) 


Le  fonctionnement  des  compresseurs  peut  etre  fortemcnt  perturbe  aux  grandea  incidences  de  vol 
par  1 ' instationnaritS  de  1 'ficoulement  cree  par  lea  decollements  aux  l&vreg  de  l'entree  d'air.  On  prS- 
sente  deux  voias  d' analyse  das  phfinomEnes  qui  sont  comp ISmentaires,  l'une  experiments lo  de  visualisations, 
l'autre  par  solution  numdrique  directs  dea  equations  de  Navier-Stokes. 

Pour  viaualiaer  leg  phfinomSnes  intervenant  A l'intdrieur  de  1’entrSe  d'air,  on  peut  soit  etudier 
l'ecoulement  S tree  faibla  vitesse,  et  done  A faible  Reynolds,  par  injection  de  fluide  colore  dans  un 
ecoulement  bidimensionnel  an  tunnel  hydrodynamique  (rdf.l)  soit  faire  de  la  cinematographic  ultra-rapide 
sur  des  strioscopies  transaoniques  (rdf.  I et  2).  On  met  ainsi  en  evidence  des  grosses  structures  turbu- 
lentes  responsablea  de  1 ' instationnarite  de  l'ficoulement.  On  donne  plancha  I un  exemple  de  visualisation 
3 la  microseconde  obtenue  & l'lnstitut  de  Mdcanique  des  Fluides  de  Lille. 

En  analygant  en  ddtail  la  turbulence  dans  l'entree  d'air  (ref. 3),  on  voit  qu'on  peut  la  considerer 
coume  creee  principalement  par  des  grosses  structures  de  la  taille  de  la  conduite  et  qui  sont  generees  par 
le  ddcollement  isau  des  lSvres.  Quoique  ce  ddcollement  soit  initialement  calculable  par  deo  methodes  de 
singularite  (ref, 4,  par  exemple),  e'est  1* instabilite  d>  a decollement  qui  est  en  cause  et  qu'on  ne  peut 
calculer  que  par  des  raethodeo  plus  complexes , solutions  e—ictes  ou  approchees  des  equations  de  Navier-Stokes 
(cf.  lea  papiers  22  et  29).  Nous  prdsentons  ici  des  resultats  de  calcul  obtenus  par  solution  directe  des 
equations  de  Navier-Stokes instationnairea  par  une  methode  des  elements  finis  en  moindres-carres  (rdf. 5). 
Cette  methode  resoud  la  non-linearite  des  equations  par  iteration  sur  1' equation  lineaire  de  Stokes  qui  est 
elle-meme  regolue  de  faqon  originale  (ref. 6).  On  donne  planche  2 une  serie  de  traces  des  lignes  iso- 
tourbillons  calcules  dans  une  entree  d'air  & tres  grande  incidence  (40°)  dans  le  caa  oO  toute  l'entree  d'air 
est  enti&rement  occupec  pat  lea  grosses  structures  et  qui  est  directement  comparable  aux  visualisations 
presentees  dans  le  film  de  l'O.N.E.R.A. 

A cause  de  1 ' augmentation  prohibitive  des  temps  de  calcul  avec  le  nombre  de  Reynolds,  on  a limite 
celui-ci  3 250.  II  est  cependant  suffisant  pour  capter  les  gros  tourbillons.  II  faudrait  ajouter  un  modele  de 
turbulence  de  maille  (cf.  par  exemple  ref. 7)  ou  un  modele  de  viscosite  turbulente  pour  simuler  l'ecoulement 
a plus  grand  nombre  de  Reynolds. 
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I.  INTRODUCTION 

In  recent  years,  there  has  been  a considerable  interest  in  developing  reliable 
methods  for  treating  high  angle  of  attack  aerodynamics.  With  the  advent  of  low-aspect- 
ratio  and  highly  swept  wings,  large- fineness-ratio  bodies  and  configurations  of  such 
aerodynamic  components,  three-dimensional  flow  analysis  became  of  paramount  neccesity. 

The  fluid  flow  past  these  configurations  is  characterized  with  a strong  cross 
flow  which  leads  to  flow  separation  in  the  vicinity  of  wing  edges  and  lee  sides  of  the 
bodies.  The  separated  free-shear  layer  rolls-up  spirally  and  forms  a vortex  core  which 
is  continuously  fed  with  vorticity  shed  from  the  attached  boundary  layer  on  the  wing 
surface  through  the  free-shear  layer.  This  type  of  flow  separation  is  known  as  "primary 
separation" . 

For  wings  with  sharp  leading  and  side  edges,  the  lines  of  primary  separation  are 
known  a priori  as  they  are  fixed  along  these  edges.  Primary  separation  has  the  most 
dominant  effect  on  the  aerodynamic  characteristics  within  the  low-moderate  range  of 
angles  of  attack.  In  the  case  of  highly  swept  wings  {Delta  and  Delta-like  wings) , it 
increases  the  negative  pressure  under  the  primary  vortex  cores  and  produces  suction  peaks 
in  this  region. 

The  adverse  pressure  gradients  created  by  the  suction  peaks  affect  the  boundary 
layer  flow  in  this  region  and  another  type  of  flow  separation  develops.  This  separation 
is  known  as  "secondary  separation".  The  secondary  separated  flow  rolls-up  spirally  in 
an  opposite  sense  to  that  of  the  primary  separated  flow  and  forms  a vortex  core 
opposite  to  that  of  the  primary  core1-.3 

For  laminar  flow  over  the  wing  surface,  the  effect  of  the  secondary  vortex  on  the 
pressure  distribution  is  pronounced  and  another  pressure  peak  can  be  seen  in  the  span- 
wise  pressure  distribution.  For  turbulent  flow  over  the  wing  surface,  secondary  pressure 
peaks  are  hardly  noticed1*- 5and  its  effect  is  negligible. 

Secondary  flow  separation  is  seen  to  be  a viscous  phenomenon  and  cannot  be  modelled 
with  ah  inviscid  model  only.  Moreover,  the  secondary  separation  line  is  unknown  a priori. 

The  stall  phenomenon  of  low-aspect-ratio  wings  is  attributed  to  breakdown  (bursting) 
of  the  vortex  core6- ’5  It  is  a complex  viscous  phenomenon  and  cannot  be  adequately 
treated  before  a satisfactory  viscous-inviscid  model  of  the  vortex  core  is  established. 

- Therefore,  an  inviscid  model  which  neglects  secondary  separation  is  a reasonable 
model  particularly  for  flows  with  J.arge  Reynolds  number  and  without  vortex  breakdown 
in  the  vicinity  of  the  wing. 

. 

II.  DISCRETE- VORTEX  METHOD 

Development  of  inviscid  models  for  predicting  the  aerodynamic  characteristics  of 
wings  exhibitipc)  leading-edge  and/or  wing-tip  separations  has  recently  received 
considerable  efforts.  The  literature  contains  several  models  with  various  degrees  of 
limitations  and/or  drawbacks.  These  include  conical  flow  assumption  (violates  Kutta 
condition  at  the  tripling  edge),  slender-body  theory11-1?  and  imposing  the  boundary 
conditions  on  frozen  wake  surfaces1.7 

In  all  the  existing  inviscid  models,  the  lines  of  primary  separation  are  assumed 
to  be  known  a priori  arid,  hence,  these  models  can  only  treat  wings  with  sharp  edges. 
Moreover,  the  effects  of  secondary  separation  are  completely  neglected  because  secondary 
separation  is  a viscous  phenomenon.  The  attached  boundary  layer  on  the  wing  surface  is 
replaced  by  a bound  sheet  (a  pressure  jump  exists  across  the  sheet)  of  tangential  velocity 
discontinuity.  The  free-shear  layer  of  the  separated  flow  is  replaced  by  a free  sheet 
(zero  pressure  jump  across  the  sheet)  of  tangential  velocity  discontinuity.  To  present 
the  subsequent  steps  of  approximations  and  evaluate  their  effects,  the  model  developed 
by  the  Principal  Investigator 1 *-2 ’will  be  used.  Similar  models  were  used  by  other 
investigators^6'  . 


In  this  model,  the  continuous  vortex  sheets  (bound  and  free)  are  approximated  by 
a distribution  of  concentrated  vortex  lines.  The  bound  sheet  is  modelled  by  a bound- 
vortex  lattice  and  the  free  sheet  is  modelled  by  segmented  free— vortex  lines  (steady— 
flow  problem)  or  a growing  free-vortex  lattice  (unsteady-flow  problem) . With  this 
three-dimensional  model  the  boundary  conditions  are  satisfied  at  certain  control  points 
on  the  bound  and  free  vortex  system,  the  shape  of  the  free-vortex  lines  is  obtained, 
and  the  pressure  distribution  is  calculated  on  the  wing  surface. 


*Associate  Professor 
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Excellent  agreement  was  found  between  the  calculated  and  experimental  total-aero- 
dynamic  characteristics.  On  the  otherhand,  satisfactory  or  less  than  satisfactory 
agreement  was  found  between  the  calculated  and  experimental  distributed  aerodynamic 
characteristics.  The  reason  behind  this  less  satisfactory  agreement  becomes  apparant 
when  we  recall  the  discrete-vortex  approximation. 

The  advantages  of  this  method  over  other  existing  methods  are  the  simplicity  of 
the  method  and  the  relative  short  computation  time.  The  method  has  been  developed  for 
the  steady  and  unsteady  wing  problems.  In  the  steady  problem  it  is  used  to  obtain 
solutions  for  isolated  wings  with  rectangular,  delta  and  delta-like  planforms.  It  is 
also  used  for  wing-wing  configurations1*-2! 

In  the  unsteady  problem,  there  are  two  approaches.  In  the  first  approach,  the 
problem  is  solved  at  discrete  time  steps.  This  approach  is  appropriate  for  transient 
solutions  and  large  unsteady  disturbances2! 

In  the  second  approach,  small-amplitude  disturbances  are  assumed  and  the  problem 
i3  linearized  about  nonlinear  steady  solutions2.*  This  approach  is  appropriate  for  the 
flutter  analysis  about  large  angles  of  attack. 

III.  NUMERICAL  EXAMPLES 

Figure  1 shows  a typical  solution  of  the  roll-up  shape  of  the  leading  edge  vortex 
for  a delta  wing.  The  aspect  ratio  is  1.4,  the  angle  of  attack  is  14®  and  the  bound 
lattice  is  12  x 12.  The  upper  figure  is  a three-dimensional  view  which  shows  the 
roll-up  shape  of  the  leading-edge  vortices. 

Figure  2 shows  a typical  solution  of  the  roll-up  shape  of  the  leading-edge 
vortex  for  a steadily  rolling  wing  at  zero  angle  of  attack.  The  rotation  is  clockwise 
as  viewed  from  the  rear.  The  aspect  ratio  is  0.7  and  an  8 x 8 bound-vortex  lattice  is 
used.  The  antisymmetry  of  the  leading-edge  vortex  is  clearly  seen  in  the  upper  figure. 

Figure  3 shows  a typical  solution  of  the  wake  shape  for  a Canard-Wing  configuration 
with  high  Canard  which  was  considered  for  the  SAAB-Viggen  aircraft. 

Figure  4 shows  the  spanwise  position  and  the  height  of  the  vortex-core  path  on 
a delta  wing  of  aspect  ratio  1.4,  a ■ 14®.  It  shows  the  convergence  of  the  solution 
with  increasing  the  number  of  elements  of  the  bound  lattice.  Comparisons  are  shown  with 
the  experimental  results  of  Marsden  et.al.2! 

Figure  5 shows  the  upper  and  lower  pressure  distribution  on  the  steady  rolling 
wing  which  was  shown  before.  The  comparison  is  made  with  the  experimental  results  of 
Harvey2  7and  with  the  slender  body  theory  of  Cohen  & Nimri'*and  Hanin  & Mishtie2* 
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ON  SLENDER  WINGS  WITH  LEADING  EDGE  CAMBER 

by 

R.  K.  Nangia 

Department  of  Aeronautical  Engineering, 
University  of  Bristol,  Queen's  Building, 
University  Walk,  Bristol,  BS4  1TR,  U.K. 


SUMMARY 

The  presence  of  leading  edge  camber  or  wing  or  wing  body  configuration  of  low  aspect  ratio  is  known 
to  improve  their  aerodynamic  efficiency.  A research  programne  to  develop  design  methods  on  this  subject 
has  been  sponsored  by  the  USAF  Office  of  Scientific  Research  at  the  University  of  Bristol.  This  short 
note  is  indicative  of  recent  work. 


1.  INTRODUCTION 

Under  the  framework  of  slender  wing  theory  attempts  have  been  made  to  model  the,  flowfields  on  thin 
and  thick  wings  and  wing  body  configurations  with  realistic  leading  edge  camber.  Flow  separation  at  the 
leading  edges  has  been  included. 

2.  THIN  WINGS  - CONICAL  FLOW 

Camber  and  droop  have  been  developed  in  the  cross-flow  plane  using  the  conformal  transformations 
proposed  by  Haskell  and  Cooke  (Ref.  1).  The  position  of  shoulder  of  camber  and  the  amount  of  droop  can 
be  arbitrarily  varied.  Flow  separations  have  been  modelled  as  isolated  vertex-cut  arrangements.  Two 
aspects  of  this  work  are: 

(a)  Lift  induced  drag  factor  irA  Cp|/Cg2  as  a function  of  lift  coefficient  has  been  obtained  for  a series 
of  camber  parameters.  Typical  graph  (Fig.  2)  shows  the  effect  of  shoulder  variation  for  fixed  droop 
(0.1  semispan).  Flat  wing  results  are  also  compared.  !s  type  of  graph  aids  in  quantifying  the 
reduction  in  lift  induced  drag  due  to  camber  parameter: 

(b)  For  wings  with  shoulder  position  near  the  leading  edge,  a multiple-valued  solution  has  been  noted. 
This  is  exemplified  by  observing  the  vortex  strength  versus  angle  of  attack  relationship  for  a series  of 
wings  with  fixed  droop  but  varying  shoulder  position  (Fig.  3(i))  For  a particular  unit  aspect  ratjo  wing 
with  shoulder  at  0.95  semi-span  and  droop  .05  semi-span,  we  have  for  a small  range  of  angle  ol  attack 
(10°  to  15°),  the  existence  of  up  to  3 values  of  vortex  strength.  Taking  the  case  of  a = 11.7°  it  can  be 
shown  that  the  flow  patterns  for  attachment  streamline  are  all  of  different  type  (Fig.  3(ii).  We  note 
that  a similar  situation  exists  in  the  study  by  LevinBky  and  Wei  (Ref.  2)  on  cones  with  strakes  (Fig.  4). 

Intuitively  it  may  be  argued  that  the  multiple  valued  situation  is  not  likely  to  exist  in  practice 
and  this  is  a shortcoming  of  a model  with  simulation  of  one  separation  system.  To  render  the  result 
unique  we  need  to  use  multiple  vortex  systems  (Fig,  5)  in  the  modelling.  This  conclusion  applies  equally 
to  other  methods  using  Panelling  schemes  for  wing  and  separation  sheets. 

3.  THIN  WINGS  - N0N-C0N ICAL  FLOW 

An  idea  of  the  planform  effects  on  a canbered  wing,  particularly  for  strake  design,  may  be  obtained 
by  step  by  step  approach  ae  also  used  by  Smith  (Ref.  3)  and  Clarke  tRef.  4).  Fig.  6 shows  the  effect  of 
cambering  the  curved  leading  edge  on  the  vortex  paths.  Two  sliapes  of  leading  edges  and  corresponding 
vortex  locations  in  projected  yz-plane  are  depicted. 

4.  THICK  SHARP-EDGED  CONICAL  WINGS 

An  example  presented  is  that  of  Lift/Induced  Drag  (Cg/Cp.  ) variation  against  Cg  for  a series  of  four 
wings  with  same  centre-line  thickness  and  overall  droop  but  of  varying  leading  edge  shape  and  angle.  The 
wing  with  greatest  leading  edge  angle  appears  to  produce  highest  Cg/Cp^  (Fig.  3). 

5.  WING-BODY  OR  STRAKE  CONFIGURATIONS 

Wing  body  configurations  with  generalized  strake  shape  and  positions  (Fig,  9)  have  also  been  con- 
sidered by  developing  suitable  conformal  transformations.  The  capability  of  transformation  is  sketched 
in  Fig.  10.  It  is  hoped  to  publish  a report  on  this  work  in  the  near  future. 

6.  CONCLUDING  REMARKS 

Design  methods  developed  under  slender  wing  theory  framework  have  proved  useful  in  providing  an 
improved  understanding  cf  leading  edge  flows.  Further  extensions  of  the  methods  and  concepts  are 
indicated. 
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AN  EXPERIMENTAL  INVESTIGATION  OF  THE  ENTRAINMENT  OF  A LEADING-EDGE  VORTEX, 
by 

N.G.  Verhaagen  and  L.  van  der  Snoak,  Delft  University  of  Technology,  Department  of  Aerospace  Engineering, 
Kluyverweg  1,  2629  HS  Delft,  the  Netherlands. 


An  experimental  investigation  of  the  flow  field  of  a leading-edge  vortex,  produced  by  a sharp-edged  unit- 
aspect  ratio  delta  wing  at  an  angle  of  attack  of  20  deg,  has  been  carried  out  at  45  m/sec.  Velocity  and 
total-pressure  distributions  ware  obtained  by  using  a fixed-attitude  five-hole  probe.  On  the  basis  of  the 
experimental  results  a number  of  control  volumes  of  different  cross-sectional  dimensions  enclosing  the 
rotational  vortex  core  were  chosen.  For  each  of  the  control  volumes  the  entrainment  was  estimated; 
preliminary  values  for  c range  from  .014  to  .074. 


1 .  List  of  symbols. 
cQ  centerline  chord 

M axial  massflow  through  vortex  core 

p0  free-straam  static  pressure 

pt  total  pressure 

Ptu  free-stream  total  pressure 

q0  free-stream  dynamic  pressure 

s local  half-span 

t local  thickness 


u,v,w  velocity  components  parallel,  and 
perpendicular  to  vortex  axis 

UQ  free-stream  velocity 

x,y,z  coordinates  along,  and  perpendicular  to 
vortex  axis 

Cq  relative  sink  strength 

T circulation  of  vortex  core 

p mass  density  of  air 

subscript 

x vortex  core  at  xZ  cD 


2.  Introduction. 

In  rtf.  1 a computational  method  is  presented  for  the  calculation  of  the  flow  about  wiuga  with  leading- 
edge  vortices,  One  of  the  differences  between  this  and  already  existing  mathods  is  the  inclusion  of  the 
entrainment  effect  of  the  rotational  core.  In  the  computational  model  for  the  separated  flow  ref.  1 
approximates  the  vortex  core  by  a line  vortex/eink  combination.  Tha  strength  of  the  vortex  is  related  to 
the  circulation,  the  strength  of  the  sink  to  the  entrainment  of  the  rotational  core.  Based  on  the  solution 
of  ref.  2 for  the  case  of  inviscid  flow  inaida  a slender  axiaymmetric  conical  core,  it  is  assumed  that  the 
sink  strength  is  eg  times  tha  absolute  value  of  the  circulation.  It  is  shown  in  ref.  1 that  Eg,  and  so  tha 
entrainment,  has  a significant  influence  on  the  load  distribution  of  a slandar  delta  wing.  The  magnitude 
of  tha  sink  strength  and  of  tha  circulation  itself  and  hence  the  exact  value  of  eq  ere  unknown.  However, 
it  is  possible  to  determine  these  magnitudes  experimentally.  To  provide  the  data  for  this  determination 
an  experimental  investigation  was  carried  .out  in  a low-speed  windtunnel  on  a sharp-edged  delta  wing  model 
having  an  aspect  ratio  of  one. 

This  paper  presents  some  of  the  experimental  results  and  gives  preliminary  values  for  e^. 


3.  Apparatus  and  Tests. 

3.1.  Wind  tunnel. 

The  investigation  was  carried  out  in  the  low-speed  wind  tunnal  of  the  Department  of  Aerospace  Engineering 
at  the  Delft  University  of  Technology  (tha  Netherlands).  The  wind  tunnel  has  an  octagonal  test  section 
1.25  m high  x 1.80  m wide. 


3.2.  Model. 

The  delta  wing  model  (fig.  1)  is  made  for  the  most  part  of  wood  which  was  glued  on  a metal  core  inside  the 
model.  The  sharp  edges  are  made  of  aluminium.  The  model  was  suspended  through  a strut  to  tha  balance  system 
of  the  wind  tunnel. 


3.3.  Traversing  mechanism  and  probe. 

A traversing  mechanism  was  ussd  which  is  undsr  development  at  ths  Department  of  Aarospaca  Engineering.  It 
ia  installed  in  tha  diffusor  of  tha  wind  tunnal  and  consists  of  s horizontal  bar  abovs  which  a small 
carriage  ia  mounted  (fig.  2).  The  ends  of  the  bar  are  supported  by  jacks  just  outside  the  diffusor.  These 
jacks  are  remotely  operated  and  move  the  bar  in  a vertical  direction,  perpendicular  to  tha  tunnel  axis. 

Tha  carriage  ia  also  remotely  operated  end  can  be  moved  along  tha  bar,  that  ia  horisontally  in  a direction 
perpendicular  to  the  tunnel  axis.  A (ting  with  & probe  wai  mounted  on  tha  carriage.  In  order  to  measure 
tha  flow  field  on  tha  auction  aide  of  tha  modal  a f ixad-attituda  five-hole  probe  vaa  uaad  which  was 
calibrated  extensively  for  angles  up  to  ± 45  dag.  (ref.  3).  The  model  was  given  an  angla  of  attack  of  20 
dag. , this  sngla  was  taken  positive  downwards  in  order  to  avoid  interference  between  strut  and  tha  flow  on 
the  suction  side.  To  align  tha  probe  more  or  less  with  the  axes  of  ths  lesding-sdge  vortices,  the  forward 
pert  of  the  sting  was  bent  in  such  a way  that  tha  axis  of  ths  probs  mads  an  angle  of  15  deg.  with  the 
tunnel  oxia,  or  5 deg.  with  tha  modal.  At  tha  moment  of  the  investigation  the  diaplacement  of  the  ating 
plus  proba  parallel  to  the  tunnel  axis  Was  not  yet  motorized  and  could  only  be  carried  out  manually  at 
zero  free-stream  velocity.  This  relatively  complicated  and  time  consuming  opsratiou  was  avoided  as  much  as 
possible.  For  this  reason,  the  measurements  were  performed  in  planaa  perpendicular  to  the  tunnel  axis. 


3.4.  Grid. 

In  total  three  planes  perpendicular  to  tha  tunnel  axis  wars  explored,  viz.  at  50,  62.5  and  75X  c . 

In  order  to  chack  if  the  vortex  flow  could  be  assumed  to  be  conical,  the  following  data  were  obtained  in 
the  three  planaa: 

- tha  positions  of  minimum  pt 

- tha  contours  of  p./p,.  » .99. 

t t0 


The  results  are  shown  in  fig.  3.  As  can  be  seen,  the  differences  are  relatively  small.  This  means  that  the 
assumption  of  a more  or  less  conical  vortex  flow  is  justified.  The  measuring  points  in  each  plane  form  a 
rectangular  grid.  At  50Z  most  of.  the  grid  consists  of  cells  of  5 x 5 mm.  The  grids  in  the  planes  at  62. SZ 
and  at  75Z  e0  arise  by  extending  tha  grid  of SOZ  c0  along  rays  passing  through  the  apex  (fig.  6).  Measuring 
points  in  the  three  planes  that  have  similar  y/s  and  z/s  coordinates  thus  lay  on  one  ray.  For  an  exactly 
conical  flow  this  would  imply  that  the  flow  characteristics  in  such  points  are  identical. 

4 .  Experimental  results. 

4.1.  General. 

All  measurements  were  carried  out  at  a free-stream  velocity  of  45  m/sec  which  corresponds  to  a Reynolds 
number  of  ?.5  x 10^,  based  on  c0.  The  fact  that  the  points  of  the  three  measuring  planes  lay  on  rays 
passing,  through  the  apex  made  it  possible  to  determine  the  pressures  and  velocities  in  points  belonging  to 
planes  which  are  not  perpendicular  to  the  tunnel  axis  by  means  of  interpolation  or  extrapolation.  This  way 
was  used  to  obtain  the  pressure  and  velocity  distributions  in  the  planes  at  50,  62.5  and  75Z  cQ  perpendicu 
lar  lo  the  leading-edge  vortex  axis.  Below,  the  distributions  at  62. 5Z  c0  are  given,  plotted  versus  the 
coordinates  y/s  and  z/s.  The  distributions  of  the  two  other  planes  are  not  shown  here  because  they  are, 
expecially  at  50Z  cQ,  almost  identical  to  those  at  62. 5Z  c0. 

4.2.  Velocity  distributions  in  a plane  at  62. 5Z  c„  perpendicular  to  the  leading-edge  vortex  axis . 

Fig.  5 shows  the  well-known  distribution  of  the  (v+w/Uq)  vectors,  which  belongs  to  the  flow  field  of  a 
leading-edge  vortex.  Near  the  laadiug-edge  the  influence  of  the  secondary  vortex  is  visible. 

Fig.  6 illustrates  the  distribution  of  the  velocity  component  parallel  to  the  vortex  axis  u/U0,  As  known, 
this  axial  velocity  increases  towards  the  vortex  axis.  A maximum  was  measured  there  of  u/U0  - 2.2. 

4.3.  Total  pressure  distribution  in  a plane  at  62 .5%  c0  perpendicular  to  the  leading-edge  vortex  axis. 

Fig.  7 shows  the  contours  of  (pt-Po)/4o>  Thu  position  of  the  vortex  center  corrasponds  with  the  position 
of  the  absolute  total-pressure  minimum  ((pt'PoJ/qo'-0^) , while  the  position  of  the  free  shear  layer  is 
determined  by  relative  total-pressure  minima.  The  shear  layer  could  be  traced  over  about  3/4  turn. 


5.  Determination  of  eg. 

The  rotational  core  is  defined  as  the  region  where  no  longer  a distinct  shear  layer  can  be  observed.  The 
choice  of  its  cross-eectionnl  dimansions  is  still  relatively  free,  conditions  are  that  the  cross-section 
must  be  kept  at  reasonable  distance  from  tha  shear  layer,  the  wing  and  the  secondary  vortex,  In  order  to 
obtain  some  insight  in  the  affect  of  the  core  dimensions  on  the  entrainment, four  coutrol  volumes  of 
different  cross-sections  enclosing  the  core  were  chosen  (fig.  8).  The  core  cross-sections  are  composed  of 
calls  which  belong  to. the  grid  of  the  plane  perpendicular  to  tha  vortex  axis.  For  each  of  the  cells  the 
vorticity  and  tha  axial  massflow  were  calculated  from  tha  velocity  distribution  in  the  plane  of  SOZ  c0. 

As  mentioned  before,  tha  vortex  flow  is  conical  there.  Since  the  experimental  rasulti  as  presented  in  4. 
came  available  only  recently,  the  following  simplification  was  used  in  order  to  have  the  calculations  of 
eq  finished  in  time  for  this  paper:  tha  velocity  components  are  assumed  to  vary  linearly  from  grid  point 
to  grid  point.  The  circulation  and  tha  axial  massflow  of  tha  core  cross-section  are  obtained  by  summing 
the  contributions  of  the  cells  inside  the  cross-section.  For  the  case  of  a slender  axisymmetric  conical 
vortex  core  ref.  2 derives  that  thara  exists  a relation  between  tha  entrainment  into  tha  core  and  the 
circulation  about  it.  In  the  computational  modal  of  ref.  1 the  rotational  core  is  approximated  by  a line 
vortex/sink  combination.  Based  on  raf.  2,  ref.  1 derives  for  tha  ratio  Eq  of  the  sink  strength  to  the 
absolute  value  of  the  circulation,  that  Eq- R/CVTl)  (I) 

In  this  equation  K is  the  radius  of  the  core  crosa-section  and  L the  distance  to  the  apex.  Since  the  core 
cross-sections  considered  here  (fig.  8)  do  not  have  a circular  cross-section,  for  R the  radius  is  taken 
of  an  imaginary  circular  core  having  tha  same  crosa-sectional  area.  The  values  for  Eq  calculated  with 
eq.  (1)  are  presented  in  table  I. 

Another  way  to  determine  c0  is  to  put  the  sink  strength  proportional  to  tha  massf lux  dM^/dx.  This  means 
that:  Eq  - (dMjj/dx)/ (p  rx)  (2) 

In  tha  conical  part  of  tha  vertex  the  velocity  distribution  at  xZ  c0  is  identical  to  the  one  at  50Z  c0. 
From  this  follows  that  Mx  - M5Q  (x/xJ0)^  (3) 

and  rx  - r5Q  (x/x5Q)  (4) 

(3)  and  (4)  substituted  in  (2)  give*:  Eg  ■ 2 M5Q/(p  xJQ)  (5) 

The  calculated  values  of  Mjq/Pi  r50  and  eq  are  given  alao  in  table  I. 

6.  Concluding  remarks. 

- The  values  of  Eq  determined  by  eq.(l)  differ  from  those  determined  by  eq.  (2).  It  should  be  mentioned 
that  eq.  (I)  is  based  on  ref.  2 which  assumes  a vortex  velocity  distribution  which,  especially  near  tha 
vortex  center,  deviates  from  the  experimental  distribution. 

- The  entrainment  factor  increases  with  increasing  vortex-cors  crosB-sectional  dimensions. 

- Inaccuraciao  in  tha  determination  of  Eq  performed  hare  may  be  a consequence  of  the  relative  large  cell 
dimensions  (about  5x5  mm),  and  the  fact  that  tha  velocity  components  were  assumed  to  vary  linearly 
from  grid  point  to  grid  point.  This  investigation  will  however  be  proceeded  by  more  exact  calculations. 
Via  interpolation,  a non-linaar  variation  of  the  velocity  components  will  be  introduced.  Through  this, 
it  is  possible  that  new  values  of  Cq  will  be  calculated  which  may  differ  by  10  to  20  per  cent  from  the 
values  presented  in  table  I. 
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SUMMARY 


This  caper  illustrates  the  present  status  of  investigation  at  Aeritalia  on  wind  tunnel  testing  techniques 
at  hi(ih  angles  of  attaok  and  on  stall/ post  stall  oharaoteristioB  of  configurations  typioal  of  modern  com- 
bat aircraft* 

1 . INTRODUCTION 


The  aerodynamic  oharaoteristioB  of  a given  aircraft  configuration  are  currently  obtained  by  wind  tunnel 
tests,  but  at  high  angles  of  attaok  both  the  model  mounting  and  the  wall  corrections  require  particular 
attention.  For  this  reason,  a model  of  a study  development  of  the  091Y  fighter  has  been  tested,  with  the 
same  support,  up  to  high  angles  of  attaok  in  the  Aeritalia  2.1m  x 2.1m  low  speed  wind  tunnel  and  in  that 
one  5m  x 7m  of  the  Eidgenosaisohes  FlugzeugWerke  (Qnmen,  Switzerland),  for  which  the  wall  interference  ef- 
feot  may  be  regarded  as  negligible.  Besides,  some  seleoted  test  results  on  an  advanced  fighter  model  in 
the  Aeritalia  2.1m  x 2.1m  wind  tunnel  are  presented,  which  indioate  the  strong  effect,  on  the  high  ot  aero- 
dynamic characteristics,  of  some  configuration  variants  like  wing  strokes,  manoeuvre  devices,  vertical  po- 
sition of  the  horizontal  tail  and  longitudinal  position  of  the  vertioal  tail. 

2.  TEST  VALIDATION  IN  THE  AIT  WIND  TUNNEL 


The  method  of  wall  corrections  so  far  used  at  AIT  for  the  wake  blookage  affeot  was  baaed  on  the  standard 
formula  (ref.  l) 


2 G»o 


S 

C 


(1) 


whi  .1  however  holds  only  for  streamline  flow  and  is  no  longer  valid  after  the  stall.  To  cover  also  the 
stalled  wing  conditions,  the  formula  has  been  oompleted,  following  Haskell  (ref.  2),  into 

- “r  % ir ♦ k <cd  - °d0  - ki  °l2)  t:  m 

Haskell  correction 

d Crs 

where  k is  an  empirioal  factor  (0<k<1)  to  be  determined  experimentally,  and  k^  « ~ q2  *n  <Pu*^1‘a“ 
tic  range  of  the  drag  polar.  Tho  other  oorreotions  are  the  oloesioal  ones  ( rjsf.  3),  L 

In  order  to  ohook  the  validity  of  the  test  results  in  the  AIT  wind  tunnel  as  high  OC  , and  to  determine  the 

k value,  an  l/IOth  scale  model  of  a former  G91Y  development  study  has  been  tested,  with  approximately  the 
same  mounting  (purposely  designed  for  low  interference  at  high  inoidenoes),  in  the  5m  x 7m  low  speed  wind 
tunnel  of  the  Eidgenossieohee  FlugzeugWerke  (Emmen,  Switzerland)  vhere  the  wall  oorreotions  for  that  model 
can  be  considered  negligible.  Fig.  1 gives  a view  of  the  model  in  tho  AIT  wind  tunnel.  The  interference 
effects  of  the  model  suspension  have  been  meaeured  with  the  dummy  sting  technique  and  subtracted  from  the 
results.  Typioal  examples  of  test  result  comparison  in  the  AIT  and  EFW  wind  tunnels  are  shown  in  figs  2 ♦ 4, 
where  the  following  considerations  oan  be  madet 

a)  Tho  "fitting  ooeffioient"  k of  the  Haskell  wake  blookage  terra  is  approximately  0.5  (for  the  tested  mo- 

del-tunnel configuration,  having  -^-~0.05,  Jl-vO.5).  This  oan  be  justified  by  the  Haskell  theory  being 
valid  for  a bluff  body  or  a completely  stalled  wing,  whilst  in  the  oa<e  of  an  airoraft  configuration  at 

the  stall  some  components  like  wing  root,  fuselage,  tailplane  and,  at  high  lift,  slats  and  flapa  are 

not  completely  stalled.  Besides,  the  application  of  the  Haskell  theory  to  a developing  separation  accord 
ing  to  equation  (2)  is  an  arbitrary  assumption. 

b)  In  the  olean  configuration,  the  EFV  results  Bhow  a slightly  higher  (0.02)  CIjruyt.,  lower  and  less  pro~ 
nounoed  pitoh-up  loop  at  the  stall!  these  differences,  which  oannot  be  attributed  neither  to  Reynolds 
effects  (same  model,  same  stream  velocity)  nor  to  wall  oorreotions  or  model  suspension  interfarenoe, 
are  probably  caused  by  the  different  turbulence  grain  size  of  the  streams  in  the  two  tunnels,  smaller  in 
the  FSV  one.  This  is  confirmed  by  the  effeot  of  a net  in  front  of  the  contraction  oone  (figs.  2-3), 
bringing  the  AIT  results  oloser  .1  the  EFV  oneB.  The  lateral-directional  oharaoteristioB  agree  olooely 
in  tho  two  tunnels  as  shown  in  l'i,'.  4 for  ths  rolling  moment  ooeffioient, 

o)  In  the  high  lift  configuration  tho  comparison  of  the  test  results  in  the  two  tunnels  shows  that  the  lift 
ourvas  have  a larger  C;J1||1T  difference  (~  0.05)  than  in  olean,  whilst  the  pitoh-up  loops  at  the  stall, 
JcJ.ng  into  account  the  different  are  praotioally  the  same.  Aa  in  the  olean  configuration,  the 

lateral-direotional  coefficients  are  in  good  agreement  in  the  two  tunnels, 
d)  These  results  emphasize  the  validity  for  highatestg  of  the  AIT  wind  tunnel,  whose  test  seotion  was  de- 
signed square  instead  of  rectangular  having  in  mind  suoh  kind  of  tests  (ref.  4)* 


s 
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3.  TESTS  AT  HIGH  ANGLES  OF  ATTACX  ON  AN  ADVANCED  FIGHTER  CONFIGURATION  (AIT  320) 

Within  researches  at  AIT  for  the  evaluation  of  typioal  new  combat  aircraft  configurations,  a model  has 
been  finalised  and  wind-tunnel-tested  for  basic  research  and  development  up  to  high  ot  and  jb  values. 

Several  basio  variants  have  been  tested,  like  manoeuvre  and  high  lift  devices  at  wing  leading  (droop  nose) 
and  trailing  edge  (flap),  wing  root  strokes,  vertioal  position  and  anhedral  angle  of  the  horizontal  tail, 
longitudinal  position  of  the  vertioal  tail,  eto.  Some  seleoted  results  of  test  analysis  are  presented  in 
figs.  6 ♦ 18.  The  following  remarks  oan  be  done  about  the  given  results! 

a)  Longitudinal  oharooteristios 

The  most  innovative  among  the  variants  tested  are  two  kindB  of  wing  root  uncam  bo red,  sharp  loading-edge 
strokes  differing  in  planform:  stroke  3 has  triangular  shape  (straight  leading-edge  contour)  whilst 
stroke  5 is  ogee-shaped  with  ousped  leading-edge  oontour.  The  relevant  geometry  oharooteristios  are 
sketohed  in  fig,  5,  The  large  lift  gain  obtained  at  high  angle  of  attaok  through  the  stabilizing  effeot 
of  the  vortex  flow  developed  by  the  strokes  on  the  wing  flow  is  evidenced  by  the  comparison  of  the 
tail-off  lift  curves  shown  in  fig.  6,  The  lift  improvements  appear  to  be  much  higher  in  the  oloan 
( . 0®)  configuration  than  at  high  lift  ( 6 fi  * 40°)  due  to  the  detrimental  effeot  of  the  vortex 

flow  from  the  strakos  on  the  potential  lift  inorement  developed  by  the  flaps.  Tho  implications  on  the 
pitching  moments  (figs.  7 4 8)  appear  from  tne  comparison  of  the  strake-off  and  strake-on  characteri- 
stics to  oause  large  reduction  of  stability  and  sudden  kinks  at  both  flap  settings  for  the  basic  confi- 
guration. The  figures  show  that  the  stability  problems  associated  with  strokes  in  the  high-  oi  range 
oan  be  oured  by  loading  edge  drooping  ( S ^ ■ 30*)  and  by  lowering  the  horizontal  tail  with  respeot  to 
the  wing.  The  forward  shift  of  tail-off  oenter-of-preSEure  position  with  strokes  due  to  the  steadily  in 
o reasing  importance  of  the  forward-looated  vortex  lift  with  the  angle  of  inoidenoe  is  evident  from 

fi«.  9. 

b)  Zero  sideslip  lateral-direotional  data 

Presence  of  non-zero  rolling  and  yawing  moments  in  the  wing  stall  incidence  region  is  evident  (fig.  10), 
the  rolling  moment  being  affeotod  mainly  by  the  wing,  whilst  tho  yawing  moment  ia  influenced  also  by 
the  front  fuselage  (whose  vortex  system  at  high  inoidenoe  may  bo  arymmetrio).  A oertain  improvement  in 
the  zero  sideslip  characteristics  at  the  stall  may  be  obtained  by  the  strokes  whioh  stabilize  the  wing 
flow, 

o)  Directional  stability 

The  bosio  model  configuration  exhibits  an  aooeptable  level  of  dirootional  stability  up  to  and  immedia- 
tely beyond  the  wing  stall  region,  (fig.  11).  At  an  inoidenoe  of  15°  a progressive  deorease  in  stability 
appears  and  at  approximately  40®  the  configuration  becomes  direotionally  unstable)  at  higher  angles  of 
attaok  there  is  a region  in  whioh  the  stability  is  restored.  Prom  the  breakdown  of  the  directional 
stability,  it  is  evident  that  the  loos  of  stability  in  the  post-stall  range  1b  duo  to  the  deorease  of 
the  vertioal  tail  contribution  associated  with  the  low  energy  wake  shedding  from  tho  wing  and  fuselage 
at  high  angles  of  attaok  (this  phenomenon  is  evidenced  also  by  tho  rudder  effectiveness  at  zero  sideslip, 
as  shown  in  fig.  1l).  A clear  ploture  of  the  progressive  immersion  of  tho  vertioal  tail  in  tho  wing/ fuse- 
lage wake  when  angle  of  attaok  is  increased  is  given  by  the  tuft  visualizations  ahowrn  in  figs.  12  - 13. 

As  the  restoration  of  stability  is  exhibited  by  tho  fin-off  contribution  too,  it  is  supposed  that  the 
component  responsible  for  this  unexpected  oharooteristios  is  the  fuselage  forebody.  A similar  phenomenon 
but  at  lower  inoidenoe  was  discovered  by  NASA  uerodynamioists  during  wind  tunnel  tests  on  an  P-5  model 
(ref.  5). 

Wing  strakes  influence  on  the  dirootional  stability  (figs,  14-15)  may  to  summarized  as  follows! 

- Clean  configuration 

At  angles  approaching  the  stall  inoidenoe,  the  strakes  improve  appreciably  tho  dirootional  stability, 
for  their  vortex  system  delays  the  flow  breakdown  in  the  outer  wing. 

Beyond  the  wing  stall,  there  is  a sudden  loss  of  stability  for  the  stroked  configuration  and  tho  stabi 
lity  level  ia  markedly  influenced  by  the  stroke  planform!  their  effeot  may  be  correlated  with  the  burst 
of  the  vortex  system  on  tho  strake,  Tho  stroke  5 (gothio)  shows  a greater  influenoe  than  stroke  3 (tri 
angular)ifor  this  stroke,  the  loss  of  stability  ooours  at  a higher  inoidenoe  but  the  deorease  is  steeg 
er  so  that  the  configuration  becomes  unstable  at  a lower  angle  of  attaok.  This  phenomenon  is  supposed 
to  be  oaused  by  u more  violent  bursting  of  the  strake  vortex  (a.g.  see  the  analogous  effeot  on  the  Ion 
gitudinal  oharaoteristios,  i.e.  the  centre  of  pressure  movement  reported  in  fig.  9)«  A comparison  of 
tho  flow  visualization  between  basio  and  basio  + strake  3 configurations  (fig. 16)  substantiates  the  a- 
bove  interpretation.  Sbousing  attention  on  rudder  tufts,  it  may  be  seen  that  for  the  straked  configura 
tion  the  flow  is  more  regular  than  for  the  basio  one  at  the  same  angle  of  attaok. 

- High  lift  configuration 

With  flaps  down,  strakes  have  less  offoot  on  directional  stability  (fig.15)  for  the  same  reason  axplai 
ned  when  dealing  with  longitudinal  oharaoteristios. 

The  effeot  of  longitudinal  position  of  the  vertioal  tail  is  shown  in  the  same  figure  where,  apart  from 
the  obviously  reduced  basio  level,  the  sudden  drop  of  stability  is  eliminated  due  to  the  reduced  inter 
feronoo  of  the  fin  with  the  wing  and  tail  wakes. 

To  be  noted  that  the  results  presented  (especially  the  body  contribution  to  the  direotional  stability) 
are  strongly  influenced  by  the  test  conditions  (Reynolds  number  referred  to  the  mean  aero dyn ami o ohord 
Re  » 870.000,  and  transition  fixed  on  body  nose  and  % 0 of  wing  and  tailplanes). 
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d)  Departure  oharaotoris^ioB 

A positive  value  of  the  directional  departure  parameter  C,^  « Cn-  ooscA  - C]^  sinot  ia  exhibited 

by  the  basio  configuration  (both  clean  and  high  lift)  in  the  Whole^cA  range  tested  (fig,17).  It  increases 
with  inoidenoe  up  to  the  stall  after  whioh  it  drops  but  remains  positive  even  where  0n^  becomes  negati- 
ve. It  is  worth  noting  the  effoot  of  moving  forward  the  vertioal  tail,  whioh  delays  appreciably  the 
°nft  byw  <ir0P  ■'iho  stall.  Both  strakes  3 and  5>  whereas  increase  Cn.  before  the  stall,  antioipa 

to  the  following  drop.  P 

No  significant  variations  due  to  the  strakes  appear  in  the  lateral  oontrol  departure  parameter 
LCDP  - Cn£,-  f°r  both  olean  and  high  lift  configurations.  In  the  first  case  the  LCDP  parameter 

remains  positive  up  to  and  beyond  the  stall,  whilst  at  high  lift  it  beoomeB  negative  at  a m 18*20* , in- 
dicating a possible  ooourrenoe  of  mild  lateral  departure.  This  is  mainly  oaused  by  the  inverse  yaw,  in 
this  configuration,  of  the  lateral  oontrol  devioe  (ailerons)  involved  in  the  calculation  of  LCDP,  An  im 
provement  (especially  at  high  lift)  is  given  by  the  additional  use  of  the  stabilizer  as  taileron  which 
exhibits  proverse  yaw.  It  is  worth  noting  that  the  above  mentioned  Reynolds  effects  on  the  directional 
stability  and  in  general  on  tho  overall  aerodynamic  data  affoot  direotly  the  departure  oliaraoteristioa, 

CONCLUDING  REMARKS 


Validation  tests  in  the  AERITAUA  low  speed  wind  tunnel  have  shown  a good  aci  uracy  in  testing  at  high  in- 
oidenoos,  with  email  adjustment  of  the  wall  interference  oorreotion  and  proper  design  of  tho  model  mount- 
ing. A preliminary  investigation  of  an  advanoed  oombat  aircraft  configuration  has  shown  the  strong  influ- 
ence, on  the  high  inoidenoe  characteristics,  of  configuration  variants  like  wing  strokes,  wing  leading  od 
ge  and  trailing  edge  devices,  vertioal  position  of  the  stabilizer  and  longitudinal  position  of  the  vorti- 
oal  tail. 
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Fig.1-  Wind  tunnel  model  of  the 
G91Y  development  study 
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Pig, 4-  Rolling  moment  oharaot, 
at  AIT  and  Bmmen  W.T, 


Pig. 2-  Lift  an  1 drag  oharaoteri- 
Btios  at  AIT  and  Bnmen 
wind  tunnels 


Pig. 5-  Model  layout  of  AIT  320 
configuration  with 
strakea  detail 


Pig. 3-  Pitching  moment  oharaot. 
at  AIT  and  Sbimen  H.T. 
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Pig.  6-  Lift  oharaoteriatios 
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Pig.  7“  Pitching  moment  charaot. 
Plops  up 
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Pig.  8-  Pitching  moment  oh/iraot. 
Flaps  down 
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Pig. 11-  Directional  otability 
and  control 
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C/,-200.  Plapo  up. 
Straiten  off 


IIK.lt  I II  I 
Hull'  nxi  r. 


. no  r.iimm 


„l>«l  ')  a si  unlit  :) 

>’  , it....  " ft 


V,l.  inforn  portion 


■ -?v 


> 


I 


1 


Pig. 13-  Plow  visualisation 
C/\  «32°.  Plapo  up. 


Pig.  14-  Wing  otrokes  influenoo 

on  directional  stability. 
Plapo  up. 


Pig.15-  Wing  strokes  influenoo 

on  dirootional  atabili ty. 
Plapo  down. 
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Fig.l6~  Plow  visualisation  Pig,17-  Direotional  departure  Pig.16-  Lateral  Control 

0(*32*.  Plapo  up.  oharactorietiOB,  Departure  Puroroeter 

Strokes  on 


KTLJ-l 


ROUND  TABLE  DISCUSSION 


Chairman.  Dr.  McCroskev 

The  purpose  of  this  Round  Table  Discussion  Is,  In  my  view,  three-fold.  One  is  to  review  and  In  some 
sense  synthesise  the  new  Ideas  and  perhaps  the  new  results  that  have  come  out  during  the  course  of  the 
Symposium.  Secondly,  I think  It  Is  Important  to  assess  the  subject  matter  and  the  results  of  the  Symposium, 
to  assess  what  benefit':  this  new  knowledge  will  provide  to  NATO.  Thirdly,  if  at  all  possible,  we  should 
make  some  kinds  of  recommendations  for  future  activities.  Before  we  start,  I want  to  remind  you  that  the 
Round  Table  Discussion  is  being  recorded,  the  first  such  session  of  this  Symposium,  and  it  will  be  trans- 
cribed into  the  proceedings.  Therefore,  when  we  do  come  to  the  point  of  discussion  from  the  floor,  it  is 
very  important  that  you  identify  yourself  to  the  microphone.  The  principals  for  the  RTD  this  afternoon 
are:  Professor  van  Ingen,  Professor  of  Aerodynamics,  Department  of  Aerospace  Engineering  at  Delft  Techni- 
cal University  in  the  Netherlands;  Dr,  C.  K.  Richey,  Chief  of  Internal  aerodynamics,  U.S.  Air  Force 
Flight  Dynamics  Laboratory;  Professor  S.  M.  Bogdonoff,  Chairman  of  the  Department  of  Aerospace  and  Mechan- 
ical Sciences  at  Princeton  University;  Mr.  G.  F.  Moss,  Head  of  the  Design  Methods  Division,  Royal  Aircraft 
Establishment , Farnborough;  Mr.  Andrew  Skow,  Manager  of  Aerodynamic  Research  of  the  Aircraft  Division  of 
Northrop  Corporation;  and  Dr.  H.  H.  John,  Deputy  Project  Manager  of  the  Technical  Fighter  Development 
Program  at  MBB.  I have  less  to  say  than  the  gentlemen  on  my  right,  so  I shall  ask  Prof,  van  Ingen  to 
begin  these  remarks  with  his  observations  about  the  meeting. 

Professor  van  Ingen 

1 think  that  1 can  start  by  saying  that  everyone  of  us  has  his  bias,  and  I have,  of  course,  mine. 

So  X should  mention  that  I was  educated  as  an  aeronautical  engineer  and  have  now  the  responsibility  for 
the  low  speed  lab  at  Delft.  I am  one  of  those  old-fashioned  people  who  thought  that  high  angles  of  attack 
should  be  avoided,  but  1 learned  during  this  Symposium  that  they  are  becoming  fashionable,  and  even  that 
people  want  to  fly  in  a controlled  manner  In  that  region.  It  la  quite  obvious  that  the  aerodynamics 
needed  for  that  is  not  yet  in  our  books.  1 think  that  this  was  reflected  to  quite  an  extent  in  some  papers 
in  the  first  session  because  you  found  there  key  words  like  "design  guidelines",  "engineering  judgement", 
"large  data  banks  derived  from  extensive  wind  tunnel  testing  and  previous  flight  tests".  If  you  check 
the  references  in  these  papers  you  will  not  find  many  references  to  the  speakers  in  the  second  session. 

1 think  that  this  is  typical  of  the  situation.  1 could  advise  everyone  of  you  to  reed  the  letters  and 
further  notes  by  the  Wright  brothers.  What  is  being  done  right  now  in  the  high  angle  of  attack  buslnesa 
has  also  been  done  by  them:  they  provided  themselves  with  an  excellent  data  bank,  doing  wind  tunnel 
experiments  and  flight  experiments . Their  letters  and  notes  are  very  instructive. 

My  conclusion  from  Session  1 is  that  people  apparently  know  how  to  design  a flight  vehicle  that  can 
perform  a satisfactory  flight,  but  that  much  basic  understanding  is  missing,  1 think  predicting  theoe 
flows  theoretically  is  still  far  off.  Of  course,  the  question  is  how  can  the  fluid  dynamlciat  help  the 
designer,  One  of  the  possibilities  is  holding  Symposia  like  this  one.  One  of  the  problems  that  came  up 
is  the  problem  of  asymmetric  vortex  shedding;  it  came  up  in  Session  1 and  again  this  morning,  especially 
in  the  paper  by  Mr.  Jorgensen.  Apparently,  asymmetric  vortex  Bhedding  arises  from  small  asymmetries 
maybe  located  in  the  nose  region.  Therefore,  sticking  out  a boom  in  front  of  an  aircraft  may  change 
things  considerably. 

This  morning  when  1 waa  taking  my  bath,  I was  thinking  about  this  problem.  (Of  course,  you  remember 
from  history  that  there  have  been  scientists  before  who  did  their  work  while  sitting  in  a bath.)  If  you 
assume  a bathtub  with  a circular  planform  with  the  drain  In  the  middle,  and  ask  a fluid  dynamiclst,  who 
never  before  saw  u bath  being  drained,  to  calculate  how  the  flow  will  leave  that  bath,  of  couree,  he  will 
Jump  to  the  concluaion  that  alnce  there  is  symmetry,  he  can  strike  out  certain  terms  in  his  Navier-Stokes 
equations  Thus  he  will  come  up  with  a perfect  solution  for  radial  flow.  Now,  if  you  call  in  the  man  In 
the  street  and  aok  him  how  that  bath  is  going  to  be  drained,  he  will  say  It  will  go  spiralling  one  way  or 
the  other  depending  on  the  hemisphere  ho  is  coming  from.  So,  I think  that  this  should  warn  us  that  we 
should  not  assume  that  given  a symmetric  geometry,  the  solution  to  the  Navier-Stokes  equations  should  be 
symmetric.  It  might  even  be  that  if  you  take  a body  of  revolution  at  aero  angle  of  attack,  and  you  would 
do  very  careful  measurements  inside  the  boundary  layar,  it  might  quite  well  be  that  you  would  find  non- 
symmetric  flows.  Than  when  you  take  these  bodies  up  to  high  angles  of  attack,  there  is  a symmetry  plana 
in  the  geometry,  but  it  doesn't  necessarily  mean  that  the  flow  will  be  symmetric  as  well.  I think  that 
there  is  a piece  of  homework  for  the  experimental  and  theoretical  aerodyr.amiclsts  to  atudy  thia  problem 
in  some  more  detail. 

This  brings  me  to  Session  2.  1 think  wo  had  some  fine  examples  of  experimental  investigations  to 

support  theoretical  modelling.  In  my  opinion,  we  cannot  emphasize  strongly  enough  th«  need  for  well- 
designed,  wall-executed  and  well-documented  experiments.  They  will  be  most  effective  if  designed  in 
cooperation  between  theoreticians  end  experimental!* t* . Moreover,  we  should  not  be  afraid  to  repeat  each 
others'  measurements  using  the  same  configuration,  maybe  even  the  same  physical  model,  because  we  have 
seen  that  using  .t.he  same  model  in  two  different  wind  tunnels  can  give  widely  different  results.  In  doing 
this  we  will  be  prevented  from  accepting  our  own  reaulte  to  be  the  truth  and  nothing  but  the  truth.  Of 
course,  the  same  applies  to  numerical  simulations.  1 think  it  will  bo  wise  to  select  e few  configurations 
on  which  people  would  concentrate  their  efforts  much  more  than  giving  relatively  sauill  efforts  to  quite 
e number  of  different  configurations. 

Another  point  on  my  list  was  flow  visualization  in  water  tunnels  at  low  Reynolds  numbers.  We  should 
be  very  careful  with  these  beautiful  pictures,  but  Mr,  Werl*.  himself  has  already  elaborated  upon  this 
during  the  session,  so  I will  skip  that  right  now. 

If  1 may  make  some  remarks  about  today'*  session,  I think  that  it  has  been  shown  that  including  the 
entrainment  effect  in  vortex  modelling  is  important.  Session  3 this  morning  gave  me  soma  additional 
confidence  that  fundamentalists  may  be  of  some  assistance  to  the  designers.  If  this  meeting  gave  some 
support  to  such  a development,  1 think  it  was  a success. 

Dr,  Richey 

I would  like  to  begin  by  commenting  briefly  on  the  application  of  high  angle  of  attack  for  military 
aircraft  and  miasiles.  High  angle  of  attack  or  high  lift  coefficient  is  generally  used  to  provide  « quick 
turn  or  rapidly  change  position  in  velocity  and  space.  It  Is  therefore  s very  dynamic  and  time-dependant 
phenomena.  Some  concepts  were  discussed  in  this  symposium  which  even  go  beyond  maximum  lift  coefficient 
into  what  is  described  as  the  post-stall  regime.  Therefore,  in  order  to  have  a useful  application  of  high 
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angle  of  attack  aerodynamics,  It  will  be  required  for  the  aircraft  to  be  stable  and  controllable  under 
those  conditions.  A high  lift  coefficient  by  itself  will  be  useless  unless  it  is  accompanied  by  stable 
and  controllable  flight.  In  this  symposium  we  saw  progress  in  the  definition  of  the  longitudinal  stability 
and  control  characteristics,  but  we  need  to  also  consider  the  lateral-directional  characteristics  and 
other  stability  parameters  discussed  on  the  first  day  by  Dr.  Orlik-Ruckemann. 

The  vortex  analysis  methods  described  are  making  very  good  progress,  but  as  was  observed  by  several 
authors  they  do  not  predict  the  level  of  maximum  CL  very  accurately,  nor  do  they  accurately  predict  the 
angle  of  attack  at  which  maximum  occurs.  This  appears  to  be  primarily  due  to  a modelling  problem  with 
respect  to  vortex  bursting.  The  symposium  papers  indicated  that  wing-body  interference  design  methods  are 
emerging,  but  again,  at  subsonic  flow,  they  appear  to  be  limited  by  our  understanding  of  vortex  develop- 
ment, especially  when  the  vortices  become  asymmetric  near  the  body.  This  is  an  area  where  further  research 
is  needed.  — 

The  experimental  data  base  that  was  described  in  several  papers  indicates  that  wlng-forebody  strakes 
improve  lift,  but  they  also  give  very  sharp  Cj,  breaks  and  rapid  pitch-up  near  maximum  Cj  , This  must  be 
addressed  further  and  understood  to  develop  improved  design  methods  and  design  criteria.  A rapid  Cl  break 
could  inhibit  the  useful  application  of  high-lift  devices.  Again,  there  should  be  at  lesBt  a preliminary 
understanding  of  some  of  the  stability  parameters  along  with  the  design  methods  which  analyze  the  high 
alpha  lift  components.  For  example,  a fundamental  design  choice  is  not  very  clear.  That  is,  whether  one 
should  use  a canard  or  a strake  to  generate  high  lift.  Some  of  the  data  in  the  paper  by  Dr.  Lamar,  read 
by  Mr.  Pohlhamus,  indicated  that  a canard  can  produce  a somewhat  less  rapid  Cl  break  and  pitch-up  at  high 
than  a strake,  A canard  could  be  an  active  means  to  control  the  flight  near  Cl  max,  but  a strake,  if 
it  was  fixed  in  position,  would  be  more  locked-in  with  respect  to  high  angle  of  attack. 

With  regard  to  the  inlet  or  air  Intake,  it  is  clear  that  useful  applications  of  high  angle  of  attack, 
again  in  a controllable  manner,  will  require  a compatibility  between  the  inlet  and  the  engine  at  extreme 
maneuvers,  i.e.,  the  engine  has  to  romain  free  of  compressor  stall  or  surge  under  those  conditions.  High 
angle  of  attack/high  lift  maneuvers  will  not  be  useful  if  the  engine  flames  out.  This  is  particularly 
critical  if  thrust  .vector ing  is  used  to  augment  stability  and  control  at  high  angle  of  attack  because,  in 
that  case,  the  lack  of  a powerful  control  power  source  from  the  exhaust  nozzle  could  be  catastrophic. 

Some  very  interesting  concepts  to  help  Insure  inlet-engine  compatibility  were  shown  at  the  meeting,  and  1 
reviewed  some  data  from  AIAA  Paper  76-701  by  Cawthon  of  the  U.S. 

Also,  the  exhaust  nozzle  flow  can  have  an  important  influence  on  high  angle  of  attack  aerodynamics, 
particularly  if  the  jet  is  placed  near  regions  where  the  forebody  or  wing  vortex  flow  is  affected.  As 
we  get  further  into  design  criteria  and  design  methods  for  high  angle  of  attack  which  involve  vortex  lift, 
we  need  to  examine  the  effects  of  propulsion  both  from  the  air  Intake  and  the  exhaust  nozzle  of  the  engines 
on  the  aircraft  or  missile.  We  should  not  forget  that  air  breathing  mlssllas,  although  they  were  not 
addressed  In  this  conference,  could  also  be  an  application  for  some  of  the  high  angle  of  attack  character- 
istics that  we  have  eeen. 

in  summary,  the  application  of  high  angle  of  attack  aerodynamics  to  enhance  agility  in  controllable 
flight  is  the  key  issue  to  keep  in  mind.  Design  techniques  are  being  davelopud  and  supported  by  funda- 
mental descriptions  of  the  phenomena.  It  appears  that  there  is  good  progress  for  future  useful  appli- 
cations of  high  angle  of  attack  flight. 

Professor  Bodgonoff 

1 have  been  asked  to  make  some  comuents  from  the  point  of  view  of  the  fundamental  fluid  raechaniclst 
in  a meeting  which  has  been  primarily  aerodynamics.  There  are  several  observatlona  which  might  be  helpful 
In  trying  to  make  progress  in  this  area.  A primary  one  is  the  question  of  the  use  of  terms.  Two  terms 
which  are  particularly  Important  to  clarify  if  we  are  going  to  make  progress  in  the  description  of  the 
physical  Clows  eru i whet  do  we  mean  by  a vortex,  and  what  do  we  mean  by  separation.  These  terms  wore  used 
rather  loosely  during  these  three  days.  Not  only  this  group,  but  many  groups,  have  had  a tendency  to  use 
these  terms,  without  defining  them,  as  we  have  gone  back  and  forth  between  two-dlmansional  and  three- 
dimensional  flows. 

A vortex  is  pretty  well-defined  in  most  text  books.  To  have  a vortex,  one  must  have  at  least  several 
revolutions  of  a particle  in  a flow  field  and  thare  is  a specific  pressure  and  rotational  velocity  field 
that  goes  with  it.  In  many  of  the  flows  that  were  described  in  the  last  few  dsys,  vortices  which  were 
reasonably  well-aligned  with  the  flow,  in  many  cases  met  the  definition  of  a vortex.  The  strong  vortices 
that  ware  discussed  were  generally  aligned  with  or  were  close  to  the  flow  direction.  For  the  flow  over 
wings,  for  example,  the  term  vortex  has  been  used  to  describe  the  flow  generated  by  a nose  strake  (which 
is  essentially  In  the  direction  of  the  free  stream  flow)  and  some  flows  on  the  wing,  which  arc  almost 
normal  to  the  frea  stream  flow.  1 think  that  these  flows  sre  not  vortex  flows  in  the  same  sense  of  the 
word,  as  has  been  discussed  in  some  detail  in  this  maeting. 

Separation  is  the  second  term  which  We  are  using  vary  loosaly.  Re-attachment  is  also  not  well- 
defined,  but  let  me  concentrate  on  separation.  In  two-dimansional  flows , thare  is  a reasonable  under- 
standing of  the  physics,  and  a relatively  simple  definition  of  separation:  there  is  a reverse  flow  region; 
there  is  a strong  component  of  velocity  normal  to  the  surface;  there  is  a shear  layer  which  separates,  the 
skin  friction  goes  to  zero.  The  flow  field  which  is  associated  with  two-dimensional  separation  is  also 
understood  and  well-defined.  Three-dimensional  flows  are  quits  diffarant,  and  thraa-dimens ional  separation 
is  a very  complex  phenomena.  We  have  used  the  description  of  "separated  flow"  in  many  of  the  papers  during 
this  conference  which  I don't  think  la  correct.  1 believe  that  many  of  the  flows  arc  being  misinterpreted 
because,  In  moat  cases,  thera  is  only  aurfacs  data:  prassure  distributions,  oil  streaks,  tufts.  The  oil 
streaks  and  tufta  tall  you  somathing  about  a vary  thin  layer  close  to  the  wall.  The  pressure  distribution 
tells  you  about  the  integrated  effect  of  the  exterior  flow  field.  Unless  you  have  the  flow  field  model 
and  the  surface  information,  some  of  the  descriptions  of  the  flow  can  be  incorrect.  I would  like  to  point 
out  that  there  are  many  cases  where  what  looks  like  strong  indicstions  on  the  surface  - oil  flows  tnd  tufts 
- have  little  or  nothing  to  do  with  the  main  flow-field  which  is  generating  the  lift  and  drag  of  the  bodies 
that  we  were  examining.  Many  of  these  flows  are  complex  three-dimensional  flows.  They  have  strong 
"secondary  flows"  (if  you  use  the  terminology  of  turbo-machinery)  but  they  are  not  separated  tn  the  same 
sense  as  two  dimensions  of  flows.  A few  three-dimensional  flows  may  be  separated,  but  many  of  them  are 
not.  If  we  are  going  to  try  to  get  some  help  from  fundamental  fluid  mechanics,  we  must  look  closer  at 
these  complicated  flows. 

I flot  a grant  daal  out  of  this  maeting.  It  is  very  important  that  the  fluid  mechanicist  and  the 
aerodynamlcist  try  to  work  a little  bit  more  closely  together  because,  while  some  of  the  phenomena  may 
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be  viscous  dominated,  many  of  the  phenomena  are  clearly  not  vlacoua  dominated.  Perhaps  we  might  make 
better  progress  if  we  could  separate  out  many  of  the  phenomena  where  computational  techniques  (inviscid 
rotational)  may  be  able  to  give  practical  solutions.  Some  phenomena  are  triggered  by  small  viscous 
effects.  Separation,  in  particular,  needs  some  viscous  inputs  (unless  we  are  talking  about  separation 
from  sharp  leading  edges).  1 believe  a major  contribution  can  be  made  in  our  underatandirig  of  such  flows, 

If  we  can  better  describe  the  phenomena  in  language  which  is  precise.  The  meeting  has  helped  me  a great." 
deal . 

Mr,  Moss 

At  this  fairly  late  stage  in  the  lineup,  one  never  knows  what  has  been  said  before,  but  1 tlYink  since 
1 am  in  this  position,  speaking  just  before  those  from  industry  on  my  right,  l think  perhaps  the  thing  for 
me  to  do  is  to  look  at  the  application  to  aircraft  design  methods.  I will  make  one  or  two  points  that  I 
hope  will  not  steal  anyone  else's  thunder,  First,  X would  like  to  support  strongly  the  more  fundamental 
work  we  have  heard  about  this  week  which  can  be  seen  either  to  be  building  a data  bank  for  checking  raathe- 
mathlcal  models  or  actually  building  the  models  themselves.  Such  models  are  the  backbone  of  the  engineering 
design  methods  which  are  so  important  to  industry.  We  need  to  remember  that  the  main  task  of  industry  is 
to  make  good  airplanes  and  not  to  be  clever  in  any  other  way;  what  matters  is  that  an  airplane  flies  and 
flies  well.  Powerful  computers  are  now  becoming  increasingly  available  to  us,  and  I think  that  the  days 
of  trlul-and- error  wind  tunnelling  are  fast  coming  to  an  end.  The  effort,  money,  and  above  all,  the  time 
thut  has  to  be  spent  to  design  an  aircraft  this  way  (by  cut-and-try  in  the  wind  tunnel)  is  simply  pro- 
hibitive. In  this  respect  I am  going  away  from  this  symposium  with  one  figure  in  my  mind,  that  regarding 
the  number  of  hours  spent  on  the  USA  space  shuttle  wind-tunnel  program,  and  it  iu  going  to  give  me  night- 
mares. Surely,  It  Is  Important  to  keep  up  the  development  of  the  new  generation  of  design  tools  which 
will  soon  unable  us  to  run  rings  around  such  expensive  'ad  hoc'  design  procedures.  This  week  we  have 
taken  that  development  process  one  step  further  and  some  of  the  presentations  we  have  heard  have  been 
exceptionally  welcome  in  this  class.  However,  quite  a few,  If  X may  make  a slightly  provocative  remark, 
have  perhaps  looked  backwards  too  much.  They  have  been  referring  to  the  state-of-the-art  as  it  has  been 
and  not  as  it  Is  or  will  be.  Of  course,  in  some  ways  this  is  not  too  bad  a thing  since  at  least  it  reminds 
us  of  what  has  gone  on  before,  and,  as  X said  earlier  this  week,  there  is  always  a danger  of  repeating 
ourselves  in  research  work. 

My  aecond  point  is  that  high-incidence  aerodynamic  design  is  particularly  concerned  with  the  careful 
tailoring  of  non-linear  aerodynamic  effects  by  various  means.  The  basic  choice  of  configuration  is  of 
course  a major  one  of  these,  but  X am  really  referring  to  the  use  of  added  devices  such  as  strskes,  the 
use  of  variable  geometry  and  the  adoption  of  special  control  techniques.  X think  that  we  have  to  face 
up  to  the  need  for  compromise  in  the  design  process  of  such  features,  that  is,  if  the  overall  aircraft 
performance  is  to  be  satisfactory  in  all  respects.  Xf  X have  another  misgiving  about  our  discussions 
this  week,  it  would  be  that  this  rather  important  fact  hasn't  been  stressed  enough.  In  the  range  of  mis- 
sions for  any  aircraft  or  missile,  the  time  spent  performing  high  incidence  flight  is  probably  a vary 
small  part  of  the  whole.  Unfortunately,  we  can  pay  a heavy  price  in  performance  all  down  the  line  some- 
where for  this,  and  in  cost  as  well.  So  let's  get  this  special  requirement  for  high  incidence  flight  into 
perspective . 

My  third  point  follows  on  from  this  and  concerns  the  high  angles  of  incidence  which  ariso  In  oper- 
ational requirements.  Intriguing  as  the  solutions  to  non-linear  uerodynamic  problems  at  high  Incidence 
are  us  topics  foi  research,  we  need  to  be  quite  sure  that  we  are  solving  the  right  ones.  There  is  little 
or  no  effort  to  spare  these  days.  The  concept  of  an  aircraft  which,  for  instance,  has  what  has  been  called 
a "carafreo  manoeuvring"  capability  is  very  attractive  operationally,  but  we  do  need  to  have  the  likely 
limits  firmly  in  mind  that  the  aircraft  will  have  to  fit.  The  ways  an  aircraft  of  the  future  will  actually 
need  to  he  used,  have  to  be  taken  very  good  note  of  at  the  research  level  as  well  as  at  the  final  develop- 
ment stage.  In  aerial  combat,  for  example,  it  has  been  argued  that  to  use  the  whole  aircraft  as  a "brake" 
(us  someone  said  this  week)  to  reduce  the  spaed  drastically  in  order  to  turn  quickly  and  attempt  to  gain  a 
firing  opportunity,  could  be  a fairly  suicidal,  thing  to  do  in  s modern  battle  arena.  The  loas  of  spued, 
the  long  delay  before  regaining  energy  and  the  increased  infra-red  signal  emitted  as  speed  is  regained 
(with  reheat)  all  increase  vulnerability  tremendously.  It  is  very  questionable  to  my  mind  therefore 
whether  in  fact  these  very  high  incidences  at  very  low  speeds  are  rsally  going  to  happen.  Again,  it  could 
be  that  the  present  balance  between  the  agility  of.  the  aircraft  and  the  homing-agility  capability  of  the 
weapon  could  change.  This  alone  would  completely  alter  the  requirements  for  high  incidences.  More  simply, 
we  need  to  keep  reminding  ourselves  of  those  fundamental  limitations  which  arise  from  pilot  tolerance,  high 
g,  vibration  and  structural  stress  that  have  been  mentioned  this  week,  end  from  engine  characteristics 
that  have  certainly  bean  emphasised  strongly  this  afternoon,  But  all  the  same,  as  X have  been  looking  at 
this  screen  this  week,  X have  seen  incidences  as  much  as  90*  referred  to  more  than  once:  X have  even  seen 
180*  Incidence  mentioned  on  one  occasion!  What  on  earth  can  such  extreme  conditions  mean? 

Fourthly,  I think  that  we  must  carefully  distinguish  in  our  minds  the  high-incidence  conditions 
which  arise,  as  it  were,  by  mistake.  These  are  very  Important  and  many  references  to  the  spin  and  other 
departure  phenomena  have  been  made  this  week:  X am  sure  we  remember  these.  Xf  X may  be  provocative  just 
once  more,  please  let  us  remember  that  the  aircraft  of  the  future  is  going  to  have  a very  good  fly-by-wire 
system  Installed  In  it  and  thus  it  will  be  possible  to  protect,  with  complete  reliability  X believe,  the 
pilot  from  inadvertently  getting  out  of  control  at  high  incidence.  What  I get  out  of  this  particular  line 
of  thought,  is  the  need  for  rather  more  attention  than  has  been  evident  this  week  to  control  serodynsmics 
at  high  incidences.  No  Incidence- limiter  or  spin-prevention  system  can  work  unless  the  aerodynamic  moti- 
vators remain  effective,  however  non-linear  their  characteristics.  We  can  probably  cope  with  any  non- 
linearity short  of  reversal,  but  we  have  gut  to  have  the  force  there.  This  is  something  else  that  I think 
has  had  rather  cursory  treatment  this  week. 

These  four  points  are  all  X wanted  to  say.  X hope  they  give  a direct  lead  to  the  following  speakers. 
Mr.  Skow 

Following  Dr.  Moss'  very  provocative  commants,  I am  tempted  to  digress  into  a discussion  of  air 
combat  tactics  and  the  usefulness  of  fighter  eircraft  operating  at  high  angles  of  attack,  although  this 
was  not  my  intention.  Perhaps  Dr.  Moss  and  myself  could  enter  into  that  discussion  later  on  this  evening 
over  a couple  of  beers.  X think  thet  most  people  will  admit  however,  that  there  will  always  be  a need 
to  operate  fighter  aircraft  near  the  limits  of  their  controllability,  wherever  those  limits  may  be.  Cer- 
tainly 180*  angle  of  attack  is  too  high,  but  90*  may  not  be  in  the  possibly  upcoming  era  of  V-STOL  aircraft. 
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1 also  fully  agree  with  Dr.  Moaa  that  you  have  to  have  effective  aerodynamic  control  concepts  at  these 
angles  of  attack  for  any  sophisticated  control  system  to  be  able  to  prevent  loss  of  control. 

My  overall  Impression  from  this  meeting  is  that  I came  in  with  a fairly  good  appreciation  of  the 
sensitivity  of  certain  parameters  to  the  high-angle-of-attack  characteristics  of  airplanes,  but,  unfor- 
tunately, because  of  this  conference  my  level  of  confidence  in  our  understanding  of  the  mechanisms  which 
are  responsible  for  this  sensitivity  has  not  been  elevated,  and  I had  hoped  that  It  would  be.  Dr,  Hunt, 
for  Instance,  in  his  excellent  paper,  did  very  little  to  make  me  stop  worrying  about  our  inability  to 
measure,  repeatably,  forebody  side  forces  at  high  angles  of  attack.  But  as  has  been  said  before,  the 
designers  have  been  able  to  come  up  with  "engineering"  methods  to  deal  with  these  experimental  difficulties 
that  we  run  into.  The  extreme  sensitivity  of  the  stability  of  vortices  to  small  geometry  variations  causes 
one  to  be  concerned  that  the  manufacturing  tolerances  that  are  required  to  prevent  asymmetric  vortex 
bursting  from  a atrake  or  a wing  leading-edge  extension  (LEX)  may  be  unattainable.  Ue  have  some  personal 
experience,  by  the  way,  c-n  the  F-5  aircraft  in  which  an  indentation  on  one  side  of  the  aircraft  near  the 
apex  of  the  leading-edge  extension  (LEX)  with  a depth  of  less  than  0.10  inch  could  cause  the  aircraft  to 
have  very  violent  departure  tendencies  at  high  incidences  whereas,  when  the  left  and  right  leadlng-adge 
extensions  were  made  symmetric,  thereby  generating  vortices  which  burst  synmetrlcally,  the  airplane  la 
quite  resistant  to  loss  of  control.  A tenth  of  an  inch  at  airplane  scale  is  rather  minute  at  wind  tunnel 
model  scale,  so  It  really  makes  you  wonder  whether  we  can  produce  reliable,  repeatable  wind  tunnel  data 
at  high  angles  of  attack  at  all. 

The  experimental  difficulties  in  measuring  forebody  side  forces  are  well  known,  and  I wish  we  under- 
stood the  effect  of  roll  angle  on  the  observed  magnitude.  In  the  past,  aarodynamicists  ignored  the  exist- 
ence of  asymmetries  growing  from  an  asymmetric  vortex  pattern  on  forebody,  claiming  that  these  Were  wind 
tunnel  and  water  tunnel  phenomena  and  not  full-scale  aircraft  phenomena.  We  really  could  not  be  blamed 
for  Ignoring  it  because  of  the  terrible  repeatability  which  the  wind  tunnel  data  showed.  Now  we  do  know 
that  the  asymmetric  forces  and  moments  exist,  and  we  have  developed  a correlation  with  a few  flight-test 
extracted  numbers.  What  we  need  la  an  experimental  technique  which  is  reliable  and  repeatable. 

One  thing  that  hasn't  been  talked  about  is  the  range  of  compromises  that  we  aerodynamlclsts  are 
asked  to  make  by  our  engineering  colleagues  in  other  disciplines,  such  as  the  radar  people.  Unfortunately, 
even  though  we  may  think  that  wn  fluid  mechanicists  are  in  a very  sad  state  of  affairs  as  regards  our 
ability  to  predict  some  of  these  high  incidence  aerodynamic  effects,  compared  to  the  electromagnetic  people 
we  are  in  tremendous  shape.  They  cannot  predict,  by  analysis,  radar  performance  effects  due  to  radome 
geometry  variations  that  are  required.  They  can  only  do  it  by  experiment  and  those  experiments  tend  to 
be  quite  expensive.  Some  of  the  attenuation  methods  that  Dr.  Jorgensen  presented  are  Interesting,  but 
some  are  perhaps  not  practical  from  the  airplane  standpoint.  Take  forebody  blunting,  as  an  example.  We 
found  that  the  amount  of  blunting  that  is  required  to  attenuate  the  asymmetries  on  the  F-5F  represents 
too  large  a penalty  in  terms  of  drag,  and  also  radar  performance  is  adversely  affected  by  a blunted  tip, 
l’erhaps  blunting,  when  we  view  the  planform  of  the  forebody  only,  will  produce  the  same  net  effect.  For 
strakes  on  a forebody,  we  have  seen  answers  that  were  both  positive  and  negative  as  regards  directional 
stability,  but  generally  always  positive  as  regards  the  asymmetries.  But  here  again,  if  you  want  to  sea 
a radar  guy  get  upsat,  start  talking  about  putting  strakes  on  a radome. 

Several  people  mentioned  concepts  for  controlling  of  the  forebody  vortices,  and  I get  quite  excited 
about  this  idea  for  departure  recovery,  because  I believe  that  there  is  a tremendous  amount  of  power  in 
the  forebody  vortex  system.  If  we  can  develop  a method  of  controlling  it  reliably,  we  could  prevent  a 
lot  of  loss  of  equipment  and  life. 

As  regards  the  strake  or  the  leading-edge-extension  vortex  system,  I think  it  would  be  good  to 
review  the  design  requirements  for  a good  LEX/wing  configuration.  At  low  angles  of  attack  but  large  side- 
slip angles,  designers  require  a knowledge  of  the  path  of  the  vortex  to  be  able  to  calculate  effects  when 
vortices  come  near  to  aerodynamic  surfaces  such  as  twin  vertical  tails.  The  departure  from  controlled 
flight  that  can  be  generated  when  a vortex  awitches  from  one  side  to  the  other  of  a vertical  tall  can  be 
quite  violent,  At  higher  angles  of  attack  the  bursting  characteristics  of  the  vortex  are  the  things  that 
designers  are  the  most  interested  in.  A LEX  geometry  with  a slow  progression  of  the  vortex  burst  point 
forward  with  angle  of  attack  is  desirable,  Trying  to  tailor  geometries  to  producs  the  most  symmetric 
vortex  bursting  that  w<*  can  have  requires  analytical  methods  that  can  adequately  predict  the  bursting 
phenomena.  As  another  bit  of  experience  that  indicates  how  important  a knowledge  of  burst  characteristics 
Is,  moving  the  vertical  tail  forward  during  the  development  of  the  YF-17  into  a region  of  more  favorable 
vortex  flow  represented  quite  an  increase  in  directional  stability  even  though  the  tail  volume  coefficient, 
of  course,  went  down. 

As  a final  comment,  as  designers,  we  have  developed  engineering  methods  that  allow  us  to  design 
configurations  that  operate  fairly  well  at  high  angles  of  attack,  even  though  we  are  dealing  with  quite 
complex  aerodynamic  problems.  But  in  many  ways  we  are  working  w.th  blindfolds  on,  unless  we  esn  develop 
a really  good  understanding  of  the  fundamental  fluid  mechanics  of  these  problems.  People  are  always 
asking  us  to  make  this  smaller  or  that  smaller  or  do  with  less  stability  margin.  In  order  to  be  able  to 
design  controllable  airplanes  in  the  future,  we  are  going  to  have  to  have  a better  understanding  of  the 
fluid  mechanic*  at  work.  I would,  therefore,  encourage  the  fundamental  fluid  mechanicists  to  continue 
their  work  in  order  to  develop  this  understanding  further. 

Dr,  John 

1 am  in  rather  a difficult  situation  because  1 am  the  last  speaker,  and  most  of  what  is  on  my  list 
has  been  said  already.  1 would,  therefore,  try  to  be  brief  in  my  explanationa . I find  myself  very  such 
In  line  with  Dr.  Richey  about  what  he  has  said  of  high  angles  of  attack.  Of  course,  I am  not  in  the  same 
line  as  Mr.  Moss,  because  1 have  been  presenting  a paper  about  high  angles  of  attack,  but  on  the  other 
side,  1 don't  want  to  go  into  a big  discussion  about  tactics  with  Mr.  Mots.  That  is  something  I will 
leave  to  military  people.  1 also  have  the  same  position  as  Dr.  Skow  about  forebody  shapes,  forebody 
strakes,  and  it  is  indeed  a question  of  compromise  with  radar  people.  1 am  very  happy  that  I have  seen 
such  a lot  of  work  in  this  area  going  on,  that  there  are  shapes  which  we  think  we  can  live  with,  1 
think  that  I have  to  mention  something  which  hasn't  been  mentioned  yet,  that  is  something  which  wc  have 
seen  here,  i.e.,  the  possibility  to  stabilize  vortices  by  spsnwiss  blowing  that  is  the  upcoming  nev  tech- 
nique, It  is  very  Interesting,  but  there  has  to  be  much  more  work  done  in  that  area,  especially  on  the 
engine  side  to  provide  those  amounts  of  mass  flow  which  are  necessary  to  stabilize  vortices.  More  or  leas, 
it  is  all  going  in  th«  same  direction  that  the  controllability  of  aircraft  in  an  area  where,  on  the  winge 
there  is  a very  difficult  kind  of  flow  situation.  On  one  side  you  have  still  a properly  ordered  vortex 
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flow  and  on  the  other  side  you  might  have  completely  stalled  flow.  That  is  the  biggest  problem  in  that 
area,  and  we  had  no  direct  contribution  to  this  other  than  the  people  who  tried  to  explain  the  new  tech- 
niques about  spanwise  blowing,  1 am  not  denying  here  the  need  for  theoretical  work,  I am  very  much  in 
favor  of  this,  because  it  provides  the  designer  the  possibility  to  make  trade  studies  and  to  optimise 
configuration,  but  t would  like  to  express  here  on  this  podium,  that  we  have  to  be  careful  that  we  are 
not  deviating  in  the  direction  where  we  are  doing  too  much  academic  work,  since  I would  like  to  remind 
you  all  that  for  the  industry  there  is  a product.  We  often  have  to  make  compromises,  and  we  have  to  come 
up  with  a relatively  quick  solution. 

Dr.  McCroskey 

Well,  we  have  drawn  a number  of  points  out  from  these  panelists,  1 think  you  will  agree.  We  now 
open  the  RTD  to  comments  from  the  floor.  I repeat  that  it  is  vory  important  that  you  identify  yourself 
into  the  microphone  so  that  we  knew  to  whom  to  send  the  remarks  for  the  editing.  The  recording  system 
is  a very  democratic  process:  it  doesn't  care  how  important  you  are  or  how  much  you  have  been  visible 
during  the  meeting,  it  still  has  to  have  some  identification  through  the  microphone,  so  that  we  know  who 
made  the  comments. 

Dr,  Jorgensen 

It  seems  to  me  that  there  must  be  a continual  balance  between  experimental  and  theoretical  research, 

1 think  that  there  are  many  advances  that  we  could  point  to  that  have  been  discovered  first  from  experi- 
mental research,  and  then  analytical  theories  have  been  formulated  in  order  to  fit  tne  experimental  dis- 
coveries or  observations.  1 am  somewhat  concerned  that  some  researchers  may  be  placing  too  much  hope  on 
future  computers  to  aid  them  in  the  discovery  of  aerodynamic  phenomena.  Let's  not  forget  our  wind  tunnels 
and  flight-test  techniques. 

1 agree  with  Prof.  Bogdonoff  that  we  should  make  an  attempt  to  understand  the  fundamental  fluid 
mechanics  of  some  of  these  high  angle-of-attack  problems.  We  should  continue  to  try  to  correlate  our 
knowledge  of  two-dimensional  crossflow  with  observations  in  three-dimensional  flow.  I also  strongly  agree 
with  what  Mr.  Skow  has  said  concerning  the  need  for  aircraft  design  methodology,  and  1 might  add,  even  if 
it  is  based  initially  on  experimental  empiricism, 

I think  there  was  a real  need  for  this  symposium  on  high  angle-of-attack  aerodynamics,  and  1 think 
this  symposium  has  been  outstanding  in  presenting  a balance  between  experimental  and  theoretical  research. 

Dr.  D.  J.  Peake 

1 believe  it  was  in  the  late  1940' s that  investigations  into  three-dimensional  boundary- layer  flows 
and  three-dimensional  separated  viscous  flows  in  general  started  to  be  published.  I recommend  that  one 
renew  one's  acquaintance  with  the  'classical  texts'  of  some  years  ago  on  the  value  of  topology  of  the 
surface  shear  stress  trajectories  (the  orthogonals  of  which  are  lines  of  constant  vortlclty)  and  the 
synthesis  of  the  external  flow  fields  from  an  examination  of  these  topology  patterns.  Terminology  is 
explained  adequately  in  Maskell  1955,  Cooke  and  Hall  1962  and  Lighthill  1963x.  In  fact  a recent  paper  in 
the  Journal  of  Fluid  Mechanics  by  J.C.R.  Hunt,  et  alx  is  very  illustrative  in  this  respect.  Perhaps,  I 
might  also  add  that,  to  this  end  an  AGARDograph  is  in  publication  on  three-dimensional  separations  and 
vortical  flows  at  both  low  end  high  speeds,  that  lists  many  other  pertinent  and  helpful  references. 

Dr.'  Hunt 

One  reaction  of  mine  to  the  comments  of  the  Panel  is  that  thay  have  been  phrased  almost  entirely  in 
terms  of  aircraft  design.  X do  wonder  if  there  is  anybody  here  who  is  able  to  give  us  a reaction  to  the 
Symposium  on  behalf  of  the  missile  designer, 

Mr,  Washington 

1 was  just  counting  through  the  number  of  papers.  Out  of  32  papers,  there  were  only  8 that  X can 
see  which  were  directly  related  to  missile  design.  High  angle  of  attack  is  something  that  we  are  getting 
more  and  more  into  with  missiles,  and  I would  like  to  have  seen  more  papers  on  this  subject.  However,  the 
ones  that  we  did  see  were  very  useful  to  us,  in  particular  the  flow  visualization  studies  and  design  papers. 
Probsbly,  missiles  will  be  seeing  higher  maneuvres  and  higher  angles  of  attack  than  aircraft,  X agree 
with  you  that  the  missiles  may  have  been  somewhat  in  the  secondary  in  this  conference.  Maybe  this  is 
something  that  ought  to  be  talked  about  in  future  conferences. 

Dr.  Richey 

Xt  might  be  of  note  to  the  audience  that  the  Flight  Mechanics  Panel  has  s Symposium  on  Missile 
Aerodynamics  coming  up  in  the  Spring. 

Dr,  McCroskey 

Yes,  and  a lecture  series  on  that  subject,  too.  Perhaps  Prof.  Young  can  elaborate  on  the  details 
of  that  lecture  aeries. 

Prof.  Young 

On  this  question  of  the  lecture  series,  X can  only  confirm  that  there  will  be  such  a series  or.  the 
Aerodynamics  of  Missiles,  I believe  that  it  is  planned  for  early  next  year. 

Dr.  McCroskey 

The  Missile  Aerodynamics  course  is  to  be  given  in  Ankara,  Turkey,  5-6  March;  in  Rome,  Italy, 

8-9  March;  and  at  the  von  Karman  Institute  in  Belgium,  12-16  March  1979. 


*1.  Maskell,  E.C.,  "Flow  Separation  in  Three-Dimansions",  RAE  Aero.  Kept.  2565,  Nov,  1955. 
x2.  Cooke,  J,  C.,  Hall,  M,  G.,  "Boundary  layers  in  Three  Dimensions",  Frog,  ’In  Aero.  Sci.,  Vol.  2.  1962, 
pp.  222-282. 

*3.  Lighthill,  M,  J.,  "Attachment  and  Separation  in  Three-Dimensional  Flow",  Section  II  2-6  of  'Laminar 
Boundary  Layers',  Ed.  by  L.  Roeenhaad,  Oxford  ilnlv.  Frees,  1963,  pp.  72-82. 
x4.  Hunt,  J,  C,  R.  et  al,  "Kinemetlcal  Studies  of  the  Flows  Around  Free  or  Surface-Mounted  Obstacles; 

Applying  Topology  to  Flow  Visualization",  Jour.  Fluid  Mech.,  Vol.  86,  Part  1,  1978,  pp,  179-200, 
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Prof.  Young 

1 found  Che  comments  of  Che  pane!,  stimulated  my  reminiscences.  I was  particularly  stimulated  by 
what  Prof.  Bogdonoff  had  to  say  about  the  readiness  with  which  one  can  misinterpret  what  the  flows  are 
doing  in  depth  from  looking  solely  at  surface  flows.  1 remember  that  when  we  first  constructed  a delta- 
shaped aircraft  for  research  purposes,  1 think  that  was  the  AVRO  707,  after  it  had  been  flying  about  a 
year  some  surface  tufts  were  put  on  it  and  the  pilot  who  flew  it  came  down  looking  very  ashen  and  white. 

He  said,  "My  God,  if  1 had  known  what  the  flow  was  doing  on  that  wing,  1 would  never  have  flown  it!". 

Turning  to  some  of  the  other  points  that  have  been  made,  1 find  myself  generally  in  agreement  with 
most  of  them.  I would  particularly  support  the  point  that  one  can  oversimplify  some  of  ihe  terms  that  we 
use.  We  talked  about  vortices  and  tended  in  the  process  to  see  them  as  the  nice  simple  potential  flow 
vortices  described  in  text  books,  whereas  in  fact,  they  are  regions  of  fairly  complicated  vortlcity  with 
marked  axial  flows.  One  has  to  bear  that  in  mind.  The  question  of  separation,  too,  is  often  oversimpli- 
fied, mainly  because  of  our  two-dimensional  experience,  but  again  if  1 may  reminisce,  I remember  when  we 
first  studied  the  flow  over  slender  delta  wings  and  noticed  the  hlcely-ordered  separation  that  developed 
from  the  leading  edges  that  Dr,  Ktichemann  said  that  we  must  now  learn  to  live  with  separation.  In  a sense, 
what  this  meeting  has  been  about  is  that  process  of  cohabitation  that  we  have  experienced  in  the  last  few 
years.  On  the  whole  it  seems  that  this  process  is  moderately  successful,  but  there  are  still  a lot  of 
problems  left. 

A number  of  the  panelists  have  very  briefly  mentioned  the  question  of  controllability  of  the  air- 
craft; this,  in  my  mind  needs  a little  more  emphasis  than  it  was  given  during  the  course  of  this  Symposium, 
Perhaps  controllability  is  more  important  than  stability.  If  you  haven't  got  the  ability  to  control  the 
aircraft,  then  there  is  very  little  you  can  do  with  it.  If  little  has  been  said  during  the  course  of  this 
Symposium  about  controllability,  nevertheless,  1 can  say  that  we  plan  that  the  next  Symposium  will  deal 
with  the  aerodynamics  of  control  and  that  should  help  to  fill  an  important  gap.  At  present,  I have  the 
impression  that  we  are  learning  to  live  with  separations,  particularly  in  the  form  of  vortical  flows,  in 
a rather  interesting,  exciting  way.  I think  this  process  will  improve  as  both  the  fluid  mechanics  and 
the  flight  dynamics  people  learn  to  understand  each  other  more  and  more. 

Monsieur  Perrier 

Just  two  remarks.  The  first  is  that  in  industry,  we  have  many  constraints  to  take  into  account, 
the  shape  of  radar  for  example.  When  wa  speak  of  the  problem  of  the  effect  of  unsteady  separation  on  Cy, 
we  speak  of  an  old  problem;  in  the  past  we  have  coped  with  problems  like  that  at  the  stall,  and  it  was  a 
long  time  in  the  design  development  of  aircraft  without  slats  to  cope  with  unsymmetrical  separation  at 
the  stall,  1 hope  that  we  found  solutions  for  that.  The  other  comment  that  1 wish  to  make  is  that  it 
seems  to  me  that  a lot  of  work  is  tr  be  done  by  fundamental  fluid  mechanics  people.  For  example,  we  have 
not  at  all  seen  anything  on  what  sort  of  Reynolds  stress  tensor  wa  can  put  in  order  to  make  a modelization 
of  turbulence  inside  the  vortex.  There  is  nothing  st  all,  and  it  is  surprising  because  we  can  do  compu- 
tations to  verify  them.  There  are  a certain  number  of  problems  like  that,  so  the  question  is:  how  long 
the  people  in  industry  can  continue  to  make  wind  tunnel  tests  end  wind  tunnel  tests  without  a guide  by 
fundamental  fluid  mechanics  people. 

Prof.  Bodgonoff 

I would  like  to  point  out  that  AGAKD  is  again  one  step  ahead.  Next  fall,  there  is  going  to  be  a 
meeting  at  Den  Hague,  by  this  Panel,  on  turbulence,  turbulent  structures,  and  shear  layers.  It  is  our 
attempt  to  bring  some  of  the  new  ideas  in  this  area  together.  This  is  clearly  needed  if  we  are  going  to 
make  rapid  progress,  for  example,  in  using  the  full  Navier-Stokes  equations  and  'some  turbulence  model  in 
the  solutions  to  real  problems.  Hopefully,  the  meeting  will  be  of  some  help  to  thu  designers  who  are  try- 
ing to  put  together  computational  techniques. 

Dr,  McCroakev 

I must  now  exercise  the  unpleasant  task  of  the  panel  moderator  to  close  this  off  because  of  the  late 
hour,  I am  hardly  in  any  position  to  add  to  what  has  been  said  this  afternoon.  I would  Just  like  to  note 
that,  as  you  know,  aircraft  and  missiles  are  flying  at  high  angle  of  attack,  and  sometimes  they  fly  there 
In  a controlled  manner.  Furthermore,  the  designers  of  the  vehicles  on  the  drawing  boards  today,  do  in 
fact  have  better  tools  to  work  with  than  those  who  designed  the  aircraft  that  you  saw  the  first  day;  but 
it  is  clear  that  we  need  to  understand  better  the  primary  fluid  dynamic  phenomena.  It  is  necesssry  to 
develop  different  and  certainly  more  reliable  design  methods.  The  Program  Committee  sincerely  hopes  that 
what  we  have  put  together  for  this  Symposium  will  make  a contribution  to  the  high  nlpha  technology.  We 
also  hope  that  all  of  you  as  participants  will  share  with  your  colleagues,  and  also  with  your  management, 
what  you  have  learned  here.  On  the  other  hand,  we  would  prefer  that  you  direct  your  criticisms  to  the 
Panel,  In  fact,  we  want  your  criticisms  so  thst  we  can  plan  future  meetings  to  serve  the  aeronautical 
community  better.  The  llnal  announcement  Is  that  there  will  be  a conference  proceedings  as  I have  said. 

The  authors  are  requested  to  have  their  manuscripts  to  Mr.  Rollins  st  AGARD  headquarters  by  the  first  of 
November.  Now  Mr.  Lloyd  Jones,  who  is  Chairman  of  the  Fluid  Dynamics  Panel,  will  make  his  closing  remarks. 

Mr.  Jones 

Ladles  and  Gentlemen.  We  have  come  to  the  end  of  three  rather  long  days  of  discussion  in  this  room, 
and  I promise  to  extend  that  time  as  little  as  possible.  I said  at  the  outset,  three  days  ago,  that  it 
was  reassuring  to  the  Fluid  Dynamics  Panel  to  see  so  many  people  here  for  this  meeting.  It  seems  to  me 
doubly  reassuring,  that  at  the  end  of  the  third  day,  we  have  nearly  as  many  as  when  we  began.  I recognize 
that  the  location,  with  not  too  many  external  distractions,  probably  had  an  influence  on  that,  but  I do 
believe  also  because  of  the  very  high  quality  of  the  papers  given  here  on  this  topic  of  extreme  current 
Interest,  and  because  of  the  interesting  summary  activities  that  these  factors  have  had  an  even  larger 
Influence  on  people  staying  to  the  very  end,  I would  like  to  thank  Dr.  McCroskey  and  the  Program  Committee 
for  the  excellent  Job  that  they  did  in  putting  this  meeting  together,  I would  like  to  thank  those  contri- 
buting to  the  open  discussion  and  the  participants  in  this  RTD,  because  I think  it  is  extremely  important 
that  we  examine  the  views  that  are  presented. 

The  active  participation  by  the  attendees  during  the  meeting  is,  of  course,  what  makes  these 
meetings  most  useful,  and  for  that  1 thank  you  all.  I would  like  also  at  this  time  to  thank  the  Flight 
Mechanics  Panel  for  their  participation  in  this  meeting,  for  their  participation  on  the  Planning  Commlttae 
and  for  the  attendance  of  M.  Poisson-Quinton,  representing  that  Panel,  Once  again,  we  owe  thanks  to  our 
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hosts  for  their  considerable  efforts  in  the  arrangements  for  this  meeting;  to  -the  Norwegian  Defense 
Research  Establishment  for  providing  that  and  particularly  to  Hr.  Fred  Kheuman,  who  acted  as  the  coor- 
dinator for  this  meeting,  and  to  members  working  with  him  at  the  Defense  Research  Establishment,  Mr. 

Terje  Kvister^y  and  Mr.  BJrfrn  Thorvaldsen,  who  have  been  exceedingly  helpful  with  this  meeting.  I thank 
also  Mrs.  Liv  Hovden  from  that  organization  and  Melle  Rivault  from  the  AGARD  staff,  who  so  successfully 
managed  the  desk  outside.  1 would  like  particularly  to  thank  the  interpreters,  because  I understand  that 
trying  to  interpret  and  to  keep  up  with  enthusiastic  experimenters  and  theoreticians  when  they  are  talk- 
ing about  their  most  recent  work  sometimes  becomes  quite  a difficult  task. 

One  other  matter,  I would  like  at  this  time  to' thank  Mr,  Chlasslou  and  Mr.  Treff  from  SHAFE,  who 
have  been  running  the  audio  system  here,  1 think  we  owe  them  double  thanks  for  the  extremely  smooth  and 
timely  recovery  when  we  exceeded  the  Cl  max  of  their  audio  system. 

Ladies  and  Gentlemen,  I hope  that  you  find  that  your  attendance  at  this  meeting  will  be  useful  to 
you  in  the  future  as  you  reflect  back  on  the  proceedings  and  as  you  receive  the  printed  results.  With 
that  I declare  the  meeting  adjourned. 
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